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FOREWORD 


The  current  volume  entitled  “USAF  Stability  and  Control  Datcom”  has  been 
prepared  by  the  Douglas  Aircraft  Division  of  the  McDonnell  Douglas  Corporation 
under^  Contracts  AF33(616)-6460,  AF33(615)-1605,  F33615-67-C-1  156, 

F33615-68-C-1 260,  F33615-70-C-1087,  F3361 5-7 1-C-l 298,  F33615-72-C-1348, 
F336 15-73-C-3057,  F33615-74-C-3021,  F3361 5-75-C-3067,  and  F33615-76-C- 
3061.  (The  term  Datcom  is  a shorthand  notation  for  data  compendium.)  This  effort 
is  sponsored  by  the  Control  Criteria  Branch  of  the  Flight  Control  Division,  Air  Force 
Flight  Dynamics  Laboratory,  Wright-Patterson  Air  Force  Base,  Dayton,  Ohio.  The 
Air  Force  project  engineers  for  this  project  were  J.  W.  Carlson  and  D.  E.  Hoak.  The 
present  volume  has  been  published  in  order  to  replace  the  original  work  and  tc 
provide  timely  stability  and  flight  control  data  and  methods  for  the  des;gi.  of 
manned  aircraft,  missiles,  and  space  vehicles.  It  is  anticipated  that  this  volume  will 
be  continuously  revised  and  expanded  to  maintain  its  cuirency  and  utility. 
Comments  concerning  this  effort  ar6  invited;  these  should  be  addressed  to  the 
procuring  agency, 
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GUIDE  TO  DATCOM 

Fundamentally,  the  purpose  of  the  Datcom  (Data  Compendium)  is  to  provide  a systematic 
summary  of  methods  for  estimating  basic  stability  and  control  derivatives.  The  Datcom  is  organized 
in  such  a way  that  it  is  self-sufficient.  For  any  given  flight  condition  and  configuration  the  complete 
set  of  derivatives  can  be  determined  without  resort  to  outside  information.  The  book  is  intended  to 
be  used  for  preliminary  design  purposes  before  the  acquisition  of  test  data.  The  use  of  reliable  test 
data  in  lieu  of  the  Datcom  is  always  recommended.  However,  there  are  many  cases  where  the 
Datcom  can  be  used  to  advantage  in  conjunction  with  test  data.  For  instance,  if  the  lift-curve  slope 
of  a wing-body  combination  is  desired,  the  Datcom  recommends  that  the  lift-curve  slopes  of  the 
isolated  wing  and  body,  respectively,  be  estimated  by  methods  presented  and  that  appropriate 
wing-body  interference  factors  (also  presented)  be  applied.  If  wing-alone  test  data  are  available,  it  is 
obvious  that  these  test  data  should  be  substituted  in  place  of  the  estimated  wing-alone 
characteristics  in  determining  the  lift-curve  slope  of  the  combination.  Also,  if  test  data  are  available 
on  a configuration  similar  to  a given  configuration,  the  characteristics  of  the  similar  configuration 
can  be  corrected  to  those  for  the  given  configuration  by  judiciously  using  the  Datcom  material. 

The  various  sections  of  the  Datcom  have  been  numbered  with  a decimal  system,  which  provides  the 
maximum  degree  of  flexibility.  A “section”  as  referred  to  in  the  Datcom  contains  information  on  a 
single  specific  item,  e.g.,  wing  lift-curve  slope.  Sections  can,  in  general,  be  deleted,  added,  or  revised 
with  a minimum  disturbance  to  the  remainder  of  the  volume.  The  numbering  system  used 
throughout  the  Datcom  follows  the  scheme  outlined  below: 

Section:  An  orderly  decimal  system  is  used,  consisting  of  numbers  having  no  more  than 

four  digits  (see  Table  of  Contents).  All  sections  are  listed  in  the  Table  of  Contents 
although  some  consist  merely  of  titles.  All  sections  begin  at  the  top  of  a 
right-hand  page. 

Page:  The  page  number  consists  of  the  section  number  followed  by  a dash  number. 

Example:  Page  4. 1.3. 2-4  is  the  4th  page  of  Section  4. 1.3. 2. 

Figures:  Figure  numbers  are  the  same  as  the  page  number.  This  is  a convenient  system  for 

referencing  purposes.  For  pages  with  more  than  one  figure,  a lower  case  letter 
follows  the  figure  number.  Example:  Figure  4.1.3.2-50b  is  the  second  figure  on 
Page  4.1.3.2-50.  Where  a related  series  of  figures  appears  on  more  than  one  page, 
the  figure 'number  is  the  same  as  the  first  page  on  which  the  series  begins. 
Example:  Figure  4.1.3.2-56d  may  be  found  on  Page  4.1.3.2-57  and  is  the  4th  in  a 
series  of  charts.  Figures  are  frequently  referred  to  as  “charts”  in  the  text. 

Tables:  Table  numbers  consist  of  the  section  number  followed  by  an  upper  case  dashed 

letter.  Example:  Table  4.1.3.2-A  is  the  first  table  to  appear  in  Section  4. 1.3. 2. 

Equations:  Equation  numbers  consist  of  the  section  number  followed  by  a lower  case  dashed 
letter.  Example:  4.1.3.2-b  is  the  second  equation  (of  importance)  appearing  in 
Section  4. 1. 3. 2.  Repeated  equations  are  numbered  the  same  as  for  the  first 
appearance  of  the  equation  but  are  called  out  as  follows:  (Equation  4.1.3.2-b). 
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The  major  classification  of  sections  in  the  Datcom  is  according  to  type  of  stability  and  control 
parameter.  This  classification  is  summarized  below: 


Section  1.  Guide  to  Da,;om  and  Methods  Summary  (present  discussion  including  the 
Methods  Summary) 

Section  2.  General  information 

Section  3.  Reserved  for  future  use 

Section  4.  Characteristics  at  angle  of  attack  ; 
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Section  5.  Characteristics  in  sideslip 

Section  6.  Characteristics  of  high-lift  and  control  devices 

Section  7.  Dynamic  derivatives 

Section  8.  Mass  and  inertia 

Section  9.  Characteristics  of  VTOL-STOL  aircraft 

The  information  in  Section  2 consists  of  a complete  listing  of  notation  and  definitions  used  in  the 
Datcom,  including  the  sections  in  which  each  symbol  is  used.  It  should  be  noted  that  definitions  are 
also  frequently  given  in  each  section  where  they  appear.  Insofar  as  possible,  NASA  notation  has 
been  used.  Thus  the  notation  from  original  source  material  has  frequently  been  modified  for 
purposes  of  consistency.  Also  included  in  Section  2 is  general  information  used  repeatedly  by  the 
engineer,  such  as  geometric  parameters,  airfoil  notation,  wetted-area  charts,  etc. 


Sections  4 and  5 are  for  configurations  with  flaps  and  control  surfaces  neutral.  Flap  and  control 
characteristics  are  given  in  Section  6 for  both  symmetric  and  asymmetric  deflections.  Section  4 
includes  effects  of  engine  power  and  ground  plane  on  the  angle-of-attack  parameters. 

The  Datcom  presents  less  information  on  the  dynamic  derivatives  (Section  7)  than  on  the  static 
derivatives,  primarily  because  of  the  relative  scarcity  c 'data,  but  partly  because  of  the  complexities 
of  the  theories.  Furthermore,  the  dynamic  derivatives  are  frequently  less  important  than  the  static 
derivatives  and  need  not  be  determined  to  as  great  a degree  of  accuracy.  However,  the  Datcom  does 
present  test  data,  from  over  a hundred  sources,  for  a great  variety  of  configurations  (Table  7-A). 

If  more  than  preliminary-design  information  on  mass  and  inertia  (Section  8)  is  needed,  a 
weights-and-balance  engineer  should  be  consulted. 

Section  9 is  a unified  section  covering  aerodynamic  characteristics  of  VTOL-STOL  aircraft,  with  the 
exception  of  ground-effect  machines  and  helicopters.  The  Datcom  presents  less  information  in  this 
area  than  that  presented  for  conventional  configurations  because  of  the  scarcity  of  data,  the 
complexities  of  the  theories,  and  the  large  number  of  variables  involved.  In  most  cases  the  Datcom 
methods  of  this  section  are  based  on  theory  and/or  experimental  data  such  that  their  use  is 
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restricted  to  first  approximations  of  the  aerodynamic  characteristics  of  individual  components  or 
simple  component  combinations.  However,  the  Datcom  does  present  a literature  summary  from 
over  six  hundred  sources  for  a great  variety  of  VTOL-STOL  configurations  (Table  9-A). 

It  should  be  noted  that  the  characteristics  predicted  by  this  volume  are  for  rigid  airframes  only.  The 
effects  of  aeroelasticity  and  aerothermoelasticity  are  considered  outside  the  scope  of  the  Datcom. 

The  basic  approach  taken  to  the  estimation  of  the  drag  parameters  in  Section  4 has  been  found  to 
be  satisfactory  for  preliminary-design  stability  studies.  No  attempt  is  made  to  provide  drag 
estimation  methods  suitable  for  performance  estimates. 

Each  of  the  mq'or  divisions  discussed  above,  notably  Sections  4,  S,  6,  and  7,  is  subdivided  according 
to  vehicle  components.  That  is,  the  information  is  presented  as  wing,  body,  wing-body,  wing-wing, 
and  wing-body-tail  sections.  The  latter  three  categories  generally  utilize  component  information  as 
presented  in  the  first  two  categories  and  add  the  appropriate  aerodynamic  interference  terms.  In 
some  cases,  however,  estimation  methods  for  combined  components  as  a unit  are  presented.  Each 
section  of  the  Datcom  is  organized  in  a specific  manner  such  that  the  engineer,  once  familiar  with 
the  system,  can  easily  orient  himself  in  a given  section.  A typical  section  is  diagramed  below: 

Section  Number  and  Title 

General  Introductory  Material 

A.  Subsonic  Paragraph 
Introductory  Material 
Specific  Methods 
Sample  Problems 

B.  Transonic  Paragraph 
Introductory  Material 
Specific  Methods 
Sample  Problems 

C.  Supersonic  Paragraph 
Introductory  Material 
Specific  Methods 
Sample  Problems 

D.  Hypersonic  Paragraph 
Introductory  Material 
Specific  Methods 
Sample  Problems 

References 

Tables 

Working  Charts 
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In  general,  each  section  is  organised  according  to  speed  regimes.  However,  Sections  6.3.1  and  6,3.2 
are  restricted  to  the  hypersonic  speed  regime  and  Section  9 to  the  low-speed  transition-flight 
regime.  In  a few  sections,  where  applicable,  material  is  included  for  the  rarefied-gas  regime  as 
paragraph  E.  The  material  for  each  speed  regime  is  further  subdivided  into  an  introductory 
discussic..  of  the  fundamentals  of  the  problem  at  hand,  a detailed  outline  of  specific  methods,  and 
sample  problems  illustrating  the  use  of  the  methods  presented.  In  the  selection  of  specific  methods, 
an  attempt  has  been  made  to  survey  all  knov/n  existing  generalized  methods.  All  methods  that  give 
reasonably  accurate  results  and  yet  do  not  require  undue  labor  or  automatic  computing 
equipment  have  been  included  (at  least  this  is  the  ultimate  goal).  Where  feasible,  the  configurations 
chosen  for  the  sample  problems  are  actual  test  configurations,  and  thus  some  substantiation  of  the 
methods  is  afforded  by  comparison  with  the  test  results. 

To  facilitate  the  engineer’s  orientation  to  those  Datcom  sections  that  use  a build-up  of  wing, 
v/ing-body,  and  wing-body-tail  components,  a Methods  Summary  has  been  included  at  the  end  of 
this  section.  In  addition,  the  methods  of  Sections  6.1  and  6.2  are  also  included  in  the  Methods 
Summary.  The  contents  of  the  Methods  Summary  present  the  following:  (1)  the  wing,  wing-body, 
and  wing-body-tail  equations  available  in  each  speed  regime,  (2)  the  sections  where  the  equation 
components  are  obtained,  (3)  the  limitations  associated  with  the  equations  and  their  respective 
components  (limitations  from  design  charts  are  not  included),  and  (4)  identification  of  the 
parameters  that  are  bai-ed  on  exposed  planform  geometry  that  are  not  specified  by  the  subscript  e. 

Sometimes  the  same  limitations,  suck  as  “linear-lift  range,”  may  occur  for  more  than  one 
component  in  an  equation.  To  avoid  repetition,  the  same  limitation  is  not  repeated  for  each 
component.  The  list  of  limitations  should  not  be  construed  as  effectively  replacing  the  discussion 
preceding  each  Datcom  method.  It  remains  essential  to  read  the  discussion  accompanying  each 
derivative  to  ensure  an  effective  application  of  each  method. 

Proper  use  of  the  Methods  Summary  will  enable  the  engineer  to  organize  and  plan  his  approach  to 
minimize  the  interruptions  and  the  time  needed  to  locate  and  calculate  the  independent  parameters 
used  in  the  equation  under  consideration. 

The  Datcom  methods  provide  derivatives  in  a stability-axis  system  unless  otherwise  noted. 
Transformations  of  stability  derivatives  from  one  axis  system  to  another  are  developed  in  many 
standard  mathematics  and  engineering  texts.  In  FDL-TDR-64-70,  several  coordinate  systems  are 
defined  and  illustrated,  and  coordinate  transformation  relations  are  given. 

All  material  presented  in  the  Datcom  has  been  referenced;  plagiarizing  has  been  specifically  avoided. 
In  general,  material  that  has  not  been  referenced  has  been  contributed  by  the  authors. 

In  many  of  the  sections,  substantiation  tables  are  presented  that  show  a comparison  of  test  results 
with  results  calculated  by  the  methods  recommended.  Geometric  and  test  variables  are  also 
tabulated  for  convenience  in  comparing  these  results.  Wherever  possible,  the  limits  of  applicability 
for  a given  method  have  been  determined  and  are  stated  in  the  text. 

The  working  charts  are  presented  on  open  grid,  which  in  general  constitute  an  inconvenience  to  the 
user.  However,  with  a few  exceptions,  the  grids  used  are  of  two  sizes  only:  centimeter  and  half-inch 
grid  sizes.  This  enables  the  engineer  to  use  transparent  grid  paper  to  read  the  charts  accurately. 

Another  set  of  documents  similar  in  intent  to  the  Datcom  is  the  “Royal  Aeronautical  Society  Data 
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Sheets,”  available  from  the  Royal  Aeronautical  Society  of  Great  Britain.  These  documents  are 
particularly  useful  from  the  standpoint  that  foreign  source  material  is  strongly  represented  in  them; 
whereas  the  Datcom  emphasizes  American  information. 

As  stated  in  the  introduction,  the  work  on  the  Datcom  will  be  expanded  and  revised  over  the  years 
to  maintain  an  up-to-date  and  useful  document.  In  order  to  help  achieve  this  goal,  comments 
concerning  this  work  are  invited  and  should  be  directed  to  the  USAF  Procuring  Agency  so  that  the 
effort  may  be  properly  oriented. 
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DERIVATIVE  CONFIG. 


SPEED 

REGIME 


LyUATIOlj 
( Datconr 


TRANSONIC  I Faired  curve  between 


(C.  \ and 

\ a/tubionic 


SUPERSONIC  Figures 4.l.3.2-56a  through -60 


CN.  - K 


1 (C”.)b.  Sy 


4. 1.3.2  4. 1.3.2  4. 1.3.2  - 


■ [Gr)  fr)]*i^ 


4. 1.3.2 


HYPERSONIC  Figures  4. 1.3. 2*  56a  through  '60 


SUBSONIC  (a)  = [kn  + ^W(B)  + ^B(W)  J ^ctj 


4.3. 1.2 


r 


THOOS  SUMMARY 


)R  DERIVATIVE  ESTIMATION 
ion  for  components  indicated) 

"" 

METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 

' Fig.  4.1.3.2-49 

Method  1 

1 No  curved  planforms 

2.  M < 0.8.  t/c  < 0. 1 . if  cranked  planforms  with 
round  LE 

Eq.  4.1.3.2-b 

Method  2 

1 . Constant-section,  delta  or  clipped-delta 
configurations  (ATt  = 0) 

2.  0.58  < A < 2 55 

3.  0<X<0.3 

4.  63°  < Au  < 80° 

5.  0.10  < t/c  <0.30 

6.  M = 0.2 

x>ak 

1.  Symmetric  airfoils  of  conventional  thickness 
distribution 

2 A < 3 if  composite  wings 

3 a ■ 0 

1.  Straight-tapered  wings 

2.  M > 1.4 

3.  Linear-lift  range  s 

*■*••“* 

4.13.2  4.13.2 

1 . Double-delta  and  cranked  wings 

2.  Breaks  in  LE  and  TE  at  same  spanwise  station 

3.  1.2  < M < 3.0 

4.  Linear-lift  range 

Eq.  4.1.3.2-R 

1 . Curved  planforms 

2.  1.0  <M  <3.0 

3.  Linear-lift  range 

1 . Straight-tapered  wings 

2.  Conventional  wings  of  zercfthickness 

3.  Two-dimensional  slender-airfoil  theory 

4.  o = 0 

Fig.  4.1.3.2-65 

1.  Straight-tapered  planforms 

2.  Wedge  airfoils 

3.  Two-dimensional  slender-airfoil  theory 

4.  o*0 

* 

— Fig.  4.3.1 .2-a 

Method  1 (body  diametcr)/(wmg  semispan)  < 0.8 
(see  Sketch  (d),  4.3.1 .2) 

(a)  Zero  wing  incidence;  wing-body  angle  of  attack 
varied 

Kn  (based  on  exposed  wing  geometry) 

1.  Bodies  of  revolution 

2.  Slender-body  theory 

3.  Linear-lift  range 

N. 

4.  No  curved  planforms 

5.  M < 0.8,  t/c  < 0.1 , if  cranked  wings  with 
round  LE 

0 


METHODS 


DERIVATIVE  CONFIG. 


(Contd.) 


(Contd.) 


SPEED 

REGIME 


SUBSONIC 

(Contd.) 


TRANSONIC  I (Same  as  subsonic  equations) 


SUPERSONIC  j (Same  as  subsonic  equations) 


1-8 


llARY 


ATION 

ted) 

METHOD  LIMITATIONS  ASSOCIATED  WITH 

EQU  ATION  COMPONENTS 

Eq.  4.3.1.2-b 

(b)  Body  angle  of  attack  fixed  at  zero;  wing  incidence 
varied  (same  limitations  as  (a)  above) 

Eq.  4.3.1.2-c 

Method  2 (body  diameter)/(wing  span)  is  large  with  delta 
wing  extending  entire  length  of  body 
(see  Sketch  (c),  4.3. 1.2) 

(ca 

1.  No  curved  planforms 

2.  M < 0.8,  t/c  < 0. 1,  if  cranked  wings  with 
round  LE 

Method'  1 (body  diameter)/(wing  span)  is  small 
(see  Sketch  (d),  4.3. 1.2) 

Kn  (based  on  exposed  wing  geometry) 

1.  Bodies  of  revolution 

2.  Slender-body  theory 

3.  Linear-lift  range 

KB(W>  and  kW(B)  (based  on  exposed  wing  geometry)  ' 

(cO. 

4.  Symmetric  airfoils  of  conventional  thickness 
distribution 

5.  A < 3 if  composite  wings 

6.  a = 0 

Method  2 (body  diameter)/(wing  span)  is  large  with  delta 
wing  extending  the  entire  length  of  the  body 
(see  Sketch  (c),  4.3. 1.2) 

(Cl«)w 

1.  Symmetric  airfoils  of  conventional  thickness 
distribution 

2.  A < 3 if  composite  wings 

3.  a = 0 

Method  1 (body  diameter)/(wing  span)  is  small 
(see  Sketch  (d),  4.3. 1.2) 

KN  (based  on  exposed  wing  geometry) 

1 . Bodies  of  revolution 

2.  Slcnder-body  theory 

3.  Linear-lift  range 

KB(W)  and  kW(B)  (based  on  exposed  wing  geometry) 

(C"J. 

4.  Breaks  in  LE  and  TE  at  same  spanwise  station 

5.  M > 1.4  for  straight-tapered  wings 

6.  1.2  < M < 3 for  composite  wings 

7.  1.0  < M < 3 for  curved  planforms 

DERIVATIVE 


(Contd.) 


CONFIG. 


SPEFI) 

REGIME 


WB  SUPERSONIC 

(Contd.)  (Contd.) 


WBT  SUBSONIC 


METHODS  SUMMARY 


or 


EQUATIONS  FOR  DERIVATIVE  ESTIMATION 
(Datcom  section  for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIA1 I I)  WITH 
EQUATION  COMPONENTS 


Method  2 (body  Jiameter)/(wing  span)  is  large  with  de 
w.ng  extending  entire  length  of  body 
(see  Sketch  <c).  4. 3. 1.2) 

K)* 

Breags  in  LE  and  IE  at  same  spanwise  sta 


M > 1.4  for  straight -tapered  wings 
1.2  < M < 3 for  composite  wings 
i.O  < M < 3 for  curved  planforms 
Linear-lift  range 


S'  + (Cl-)«  |KW(B,  * kb,w,|"  Y 


4.1. 3.2 


4.3. 1.2 


4.4.1 


4.4.1 


Eq.  4.5. 1.1 -a 


Method  1 bw /bH  > 1.5 

1.  (Body  diameter)/(wing  seimspan)  < 0.8 
(see  Sketch  (d),  4.3. 1.2) 

2.  a < o^tiU  if  high  aspect  ratio  and  unswepl 

3.  a « orlUl|  if  low  aspect  ratio  or  swept  w) 

(co;  “d  w ' 

4.  No  curved  planforms 

5.  M < 0.8,  t/c  < 0.1,  if  cranked  planforms 
round  LE 

Kn  (based  on  exposed  wing  geometry) 

6.  Bodies  of  revolution 

7.  Slender-body  theory 

8.  Linear-lift  range 


Be 

da 


(depends  upon  method) 

9.  Straight-tapered  wing 


3e 


10.  Other  limitations  depend  upon  predic 
method  ** 


9 


1 1.  Valid  only  on  the  plane  of  symmetry 


H'  s' + W lKw<®- + L s’  s"  +(ClJw- 


(v) 


4. 1.3.2 


4.3.1. 2 


4.4.1 


4.5. 1.1 


Method  2 bw/b„  < 1.5 

(same  limitations  as  Method  I above  omitting  thost 
of  de'da) 

K,.  anil  (C.  ) (based  on  exposed  wing  genmeti 

\ j/W|»l 


Eq.  4.5.  i . i-b 


METHODS  SUMMi 


i 


derivative 

CON  MG. 

SPEED 

REGIME 

EQUATIONS  IOR  DERIVATIVE  1 SUM  VI 
(Datcoin  section  for  components  indicate! 

WBT 

TRANSONIC 

(Same  as  subsonic  equations) 

(Contd.) 

(Contd.) 

\ 

S 

SUPERSONIC 

(Same  as  subsonic  equations) 

110 


METHOD  LIMITATIONS  ASSOCIATED  MTH 
EQU  ATION  COMPONENTS 


Method  I bw  ,'I'H  >1.5 

(c0;  (c0; 

1.  Symmetric  airfoils  of  conventional  thickness 
distribution 

2.  A < 3 if  composite  planlorins 

3.  a = 0 

KR(Wt  (based  on  exposed  wing  geometry) 

Kn  (based  on  exposed  wing  geometry) 

4.  Bodies  of  revolution 

5.  Slender-body  theory 

6.  Linear-lilt  range 
de 

— (depends  upon  method! 
dor 

7.  Straight-tapered  wings 

8.  Proportional  to  C. 

La 

q" 


q» 


9.  Conventional  trapezoidal  planlorms 

10.  Valid  only  on  the  plane  of  symmetry 

Method  2 bw/bH  < 1.5 

(same  limitations  as  Method  I above  omitting  those  ol 

de/da) 

Kn.  KB(W),  and  ^CL  (based  on  exposed  wing 


geometry) 

Method  I bw/bH  > 1.5 

M; 

1.  Breaks  in  LE  and  TH  at  same  spanwise  station 

2.  M > 1 .4  for  straight-tapered  planforms 

3.  1.2  < M < 3 for  composite  planforms 

4.  1.0  < M < 3 for  curved  planforms 

5.  Linear-lift  range 

Kn  (based  on  exposed  wing  geometry) 


6.  Bodies  of  revolution 

7.  Slender-body  theory 

^B(W)  H'ased  on  exposed  wing  geometry) 

dor 

K.  Straight-tapered  wings 

4.  Other  liimghl ions  depend  upon — - prediction 
method 


METHODS 


?■ 


DERIVATIVE 

CONFIG. 

SPEED 

REGIME 

1 or  A I IONS  KIR  DEKIVAI 

(l)atiDin  .^i  compi 

Cl 

Ct 

(Contd.) 

WBT 

(Contd.) 

SUPERSONIC 

(Contd.) 

c-„ 

W 

SUBSONIC 

/ Xa.c.  \ Cr  „ 

Crn  ~ n — C. 

“ \ cr  ) c . L« 

4.1. 4.2  4. 1.3.2 

V 

i 

1 

TRANSONIC 

(Same  as  subsonic  equation) 

SUPERSONIC 

(Same  as  subsonic  equation) 

HYPERSONIC 

(Same  as  subsonic  equation) 

[- 

[Methods  summary 


• FOR  derivative  estimation 

• - oclioii  lor  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


Eq.  4.1.4.2-d 


ID  if  nonviseous  How  field,  limited  to  unswept  \| 
II.  If  viscous  flow  Held,  valid  only  on  the  plant-  j 
symmetry 

Method  2 bw/bH  < 1.5 

(same  limitations  as  Method  1 above  omitting  those  of 
3e  /3a) 

Kn,  KB(W),  and  |Cj  (based  on  exposed  wing 

geometry) 


1. 

CL 

a 

3. 

4. 

M < 0.6;  however,  for  swept  wings  with 
t/c  < 0.04,  application  to  higher  Mach  numbe 
is  acceptable 

Linear-lift  range 

N 

No  curved  planforms 

M < 0.8,  t/c  < 0.1,  if  cranked  planforms  witl 
round  LE 

1. 

Straight-tapered  wings 

2. 

Symmetric  airfoil  sections 

3. 

Linear-lift  range 

CL. 

4. 

Conventional  thickness  distribution 

5. 

a = 0 

1. 

Linear-lift  range 

a 

2. 

Breaks  in  LE  and  TF.  at  same  spanwise  statioi 

3. 

M > 1.4  for  straight-tapered  wings 

4. 

1.2  < M < 3 for  composite  wings 

5. 

1.0  < M < 3 for  curved  planforms 



1. 

a - 0 

<N 

a 

2. 

Straight-tapered  wings 

3. 

Conventional  wings  of  zero  thickness  and  wed 

airfoils 

4. 

Two-dimensional  slender-airfoil  theory 

t 


METHODS S 


T 


' ATI  YE  ESTIMATION 
■ . mponents  indicated) 


Ml  THOD  LIMITA'l  IONS  ASSCK  I A I ID  W|1  H 
EOLATION  ( OMFONEM  S 


i calculations  based  on  exposed  wing  geometry ) 

!.  Single  wing  with  body  (i.e.,  no  cruciform  or 
other  multipanel  arrangements) 

2.  M ^ 0 . ( * . however,  it  swept  wing  with  t/c  0.04, 
application  to  higher  Mach  numbers  is  acceptable 

3.  Linear-lift  range 


4.  (Body  diameter)/(wmg  span;  0.8 

5.  No  curved  planfornts 

6.  Bod'  . of  revolution 

7.  Slen^r-body  theory 

8.  M 0.8,  t/c  < 0.1,  if  swept  wing  with  round  LE 


a .c . 

(calculations  based  on  exposed  wing  geometry) 

c, 

1.  Straight-tapered  wings 

2.  Single  wing  with  body  (i.e.,  no  «.*uciform  or 
other  multipanel  arrangements) 

3.  Symmetric  airfoils  of  conventional  thickness 
distribution 

4.  Linear-lift  range 


5.  Bodies  of  revolution 

6.  Slender-body  theory 

7.  a - 0 


•c.  • 

— (calculations  based  on  exposed  wing  geometry) 

C 

1.  Single  wing  with  body  (i.e.,  no  cruciform  or 
other  niultipanel  arrangements) 

2.  Linear-lift  range 


3.  Breaks  in  LE  and  Tfc  at  same  span  wise  station 

4.  Bodies  of  revolution 

5.  Slender-body  theory 

6.  M > 1.4  for  straight-tapered  wings 

7.  1.2  < M < 3 for  composite  wings 

8.  1.0  < M < 3 for  curved  planforms 


J 


METHODS  SU 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


KH'ATIONS  for  derivative  es 

■ Datcom  section  for  components  ii 


c’  ' [Kn  + Kb«sv,  * Kw(H)  (Cl-Jc  Sr 


4.3, 1.2 


4. 1.3.2 


’Drag  and  z terms  have  been  omitted,  and  small-angle  assumptions  r 
to  angle  of  attack;  equation  as  given  is  valid  for  most  configurations 


TRANSONIC 


(Same  as  subsonic  equations) 


METHODS  SUMMARY 


m 


tv 

k';;-?ATIONS  fok  derivative  estimation 

.-.’Datcom  section  for  components  indicated) 


VW(B) 


W.7 


4.1. 3. 2 


<1  >\ti  o'*  — if 

3e\  q Sr  S c 


e'l  v ( M 1 !L  _ _ 

\c,4v  s"  s'  «' 


Eq.  4.5.2.1-d' 


Jd,  and  small-angle  assumptions  made  with  respect 
nau  is  valid  for  most  configurations 


4 1.3.2  4.4.1  4.4.1 


► 


I 


■S  K }(;  V fl 

(-'■  wtB)J  yiaJ'  s' 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQU A T I ON  COM  PON E NTS 


Method  I hw/b„  1.5 

1.  (Body  diameter)/! wing  semispan)  O S 

psee  Sketch  (d),  4.3. 1.2) 

2.  Linear-lift  range 

X - v‘ 


(calculations  based  on  exposed  planform  geometr; 

3.  Single  wing  with  body  (i.e.,  no  cruciform  or  other 
multipanel  arrangements) 

4.  M < 0.6,  however,  for  swept  wings  with  t/c  < 0 0j 
application  to  higher  Mach  numbers  is  acceptable 

Kn  (based  on  exposed  wing  geometry) 

5.  Bodies  of  revolution 

6.  Slender-body  theory 

7.  No  curved  pianforms 

8.  M < 0.8,  Dc  <0.1  if  cranked  pianforms  with 
round  LE 


3e 

da 


9.  Straight-tapered  wing  ,J 

3c  | 

10.  Other  limitations  depend  upon prediction  g 

method  A 


q 


J . Valid  only  on  the  plane  of  symmetry 


' 

4. 1.3.2 


(Method  2 /b(1  <1.5  | 

(same  limitations  as  Method  1 above,  omitting  those  for 
3e/9 a) 


x - x 


(caIculations*based  on  exposed  planforin  geometri 


F.q.  4.5.2.  l-f 


Ku  and /('.  ) (based  on  exposed  wing  geometry ) 

N \ Lc/W(v) 


4.1. 3. 2 


4.4.1  4 5.1.1 


| Method  i bw/b„ 


I 5 


- ( calenlations  based  on  exposed  planform  geometrj 

Single  wing  with  body  (i  e..  no  cruciform  or  other, 
multipanel  arrangements) 

Straight-tapered  wings 

Symmeti.c  airfoils  of  conventional  thickness 

distribution 

Linear-lilt  range 

t 


I 


METHODS  SUMMA 


DDS  SUMMARY 


rRIVATIVL  ESTIMATION 
components  indicated) 


ML  I HOI)  L.IM1  I A I IONS  \SSlX  I \ 1 1 I)  \M  I II 
EQUATION  COM  PON  L-  NTS 


KH(NS)  (based  on  exposed  wing  geometry) 
Ks  (based  on  exposed  wing  geometry  ) 

S.  bodies  of  revolution 
(i.  Slendcr-body  theory 


(CL  ) and(CL  \ 

\ a ’ c \ a /c 


7.  a = 0 


8.  Proportional  to  C. 


9.  Conventional  trapezoidal  planforms 

10.  Valid  only  on  the  plane  of  symmetry 

Method  2 bw/bH  <1.5  v 

(same  limitations  as  Method  1 above,  omitting  that  for 
be  / dot) 
x,„  - x' 

— (calculations  based  on  exposed  planform  geometry) 

c 

KN  , KB(W),  and  ^C'(  J ( based  on  exposed  wing  geometry ) 


Method  l bw/bH  > 1.5 


z;  (calculations  based  on  exposed  planform  geometry) 
c 

1.  Single  wing  with  body  (i.e.,  no  cruciform  or  other 
multipanel  arrangements) 

2.  Linear-lift  range 

Kn  (based  on  exposed  wing  geometry) 

3.  Bodies  of  revolution 

4.  Slender-body  theory 

Kg(w ) (based  on  exposed  wing  geometry) 

(C'N.)/nd(r»„),' 

5.  Breaks  in  LK  and  IT.  at  same  spanwise  station 
MS*  1.4  for  straight-tapered  planforms 

7.  1.2  < M ^ 3 lor  composite  planforms 

8.  1.0  < M % 3 tor  curved  planforms 


9.  Straight-tapered  wings 

10.  Other  limitations  depend  upon  — prediction 
method  ua 


METHODS  SUM 


METHODS  SUMMARY 


; .LyUAllONS  FOR  DFRIVAFIVF  FSTIMATION 
(l)ntcom  section  for  components  indicated) 


Ml- I IIOl)  LIMITATIONS  ASSOCI  ATl  l)  Willi 
LOCATION  < OMI’ONtNIS 


I ! li  nonvisa'us  tlow  Held,  limited  In  tmswcpl  w 

i 2.  If  \ iscons  llovv  tield,  valid  only  on  pi, me  ot 

symmetry 


Method  2 hw/b|l  <-  1.5 

(same  limitations  as  Method  I,  omitting  those  ol  dt.-OrC 

\.g  *' 

(calculation  based  on  exposed  pUinlomi  gemn 

c 

Kk.  , K„  and  /('.  1 (based  on  exposed  wine 
geometry) 


x 

c 

1.  M < O.b;  however,  fur  swept  wings  with 

He  < 0.04,  application  to  higher  Mach  nutnho 
is  acceptable  I 

2 Linear-lift  range 

ct. 

O 

3.  No  curved  planforms 
4 M < O K,  t/c  ^ 0 I . if  cranked  wings  with 
round  Li-. 


X 

c 

1. 

T 

Straignt-tapered  wings 

No  camber  ♦ 

a 

3. 

Conventional  tnickness  distribution 

4. 

* 

it 

o 

c ' 

1. 

Straight-tapered  wings 

('.l 

(a) 

Subsonic  LI:  tp  cut  A,  , < 1 ) 

A 

M -ten  lines  Horn  II  vettex  may  not  intersect 

Wing-tip  Mach  lines  may  imt  intersect  on 

wiij 

(bl 

nor  intersect  opposite  wing  tips 
Supersonic  LL  (p  cot  At > 1 ) 

1 

Valid  only  il  Mach  hues  Iroin  1 I-  wiles 
intersect  TF, 

5 

1 oremost  Mcicli  line  Irorn  either  wing  tip 
not  intersect  remote  hall  ol  wing 

nuj 

X 

c 

t>. 

Linear  lilt  i.ntgc 

METHODS  SUMMA 




DERIVATIVE 



CONFIG. 

SPEED 

REGIME 

EQUATIONS  BOR  DERIVATIVE  ESTIMATK 
iD.ikom  section  for  components  indicated) 

S 

(Contd.) 

w 

(Contd.) 



SUPERSON  1C 
(Contd.) 

WB 

SUBSONIC 

(C  Lql» 

mmmm 

4.3.'!. 2 

7. 1.1.1  7,21.1 

(CL  ) = 

\ q/wo 

K(WB)  (CLq)w 

V 

4.3.1. 2 7.1.1. 1 

7.2. 1.1 

TRANSONIC 

(Same  as  subsonic  equations) 

, 

SUPERSONIC 

— 

(Same  as  subsonic  equations) 

Ms  / 


t 


SUMMARY 


V E ESTIMATION 
,:ienls  indicated) 


Eq.  7. 3.1. 1 


MU  MOD  LIMITA'l  IONS  ASSOUAN  I)  \\||}| 
EQUATION  COMPOS  I MS 


Method  I (body  diameter )/(wing  span)  is  small 
(see  4.3. 1.2  Sketch  (d)) 

(l',l 

I No  curved  planlouu.s 

2.  Lmear-lift  range 

3.  M 0 (>.  however,  lor  swept  wings  with 

t/c  0.04,  application  to  higher  Mach  numbers 
is  acceptable 

4.  M*;  O.b,  t/c  ^ 0.1,  if  cranked  wing  with 
round  LE 


K). 


Bodies  of  revolution 


Method  2 (body  diameter)/( wing  span)  is  large,  with  delta 
Eq.  7.3.1.1-b  wi,1S  extending  entire  length  of  body 
(see  4.3  1 .2  Sketch  (c)) 

(same  limitations  as  Method  ! above) 


Method  I (body  uiameler)/( wing  span)  is  small 
(see  4.3. 1.2  Sketch  (d» 

KB(W)  (based  on  exposed  wing  geometry) 

(%l 

1.  Straight-tapered  wings 

2.  No  camber 

3 Conventional  thicki  jistribulion 
4 . a ~ 0 

(c0. 

S Bodies  ol  revolution 


Method  2 (body  diameter)/(wmg  span)  is  large, 
with  delta  wing  extending  entire  length  of  body 
(see  4 3 1.2  Sketch  ( c)) 

(same  limitations  as  Method  I above) 


Method  I (body  diameter)/! wing  span ) is  small 
(see  4 3 I 2 Sketch  Id)) 

E,)(W)  (based  on  exposed  wing  geometry) 

(‘U 

1.  Straight  tapered  wings 

2.  M > 14 

3.  Lincar-ltlt  range 
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METHOD  LIMITATIONS  ASSOC  1 ATT  l)  WITH 
EOLATION  COMPOS l NTS 

f 

tai  Subsonic  LE  t)3  cot  A..  1) 

4.  Macli  lines  from  TE  vertex  may  not 
intersect  LL 

5.  Wing  tip  Mach  lines  may  not  intersect 

on  wing  nor  intersect  opposite  wmg  tips 
(b)  Supersonic  LE  t|f  cot  A!  i;  > 1) 

6.  Valid  only  it  Macli  lines  trom  L.E  vertex 
intersect  T1-. 

7.  Foremost  Mach  line  from  dither  wing  up 
may  not  intersect  remote  hall'  of  wing 

(%)b 

8 Bodies  of  revolution 


Eq.  7.4.1 ,1-a 


Eq.  7.4.1, l b 


Method  2 (body  diameter)/(v.  ing  span)  is  large, 
with  delta  wing  extending  entire  length  ofvbody 
(see  4.3. 1 .2  Sketch  (c)) 

(same  limitations  as  Method  1 above) 


Method  1 bw/bH  > 1.5 

I Linear-lift  range 
\ (based  on  exposed  wing  geometry) 

v q/w  B 

2.  No  curved  ptanlorms 

3.  Bodies  of  revolution 

4.  M < 0.6,  however,  for  swept  wings  with 

t/c  < 0.04,  application  to  higher  Mach  numbers 
is  acceptable 

5 M < 0.8,  t/c  < 0. 1 , if  cranked  wings  with 
round  LE 


(c0 


6.  Valid  only  on  the  plane  cd  symmetry 


Additional  tail  limitations  are  identical  to 
Items  2 and  5 immediately  above 


Method  3 hw/ti(i  < |.5 


(same  limitations  as  Method  1 above) 

{^lq)v.b  an^  I (based  on  exposed  Wing  gcometiy) 


Method  1 t>^/bH  **  I S 

) 
i 


/*■  l 'based  em  exposed  wing  geomeliy) 
\ q /w  H 


Straight-tapered  wing-. 

No  Cainhei 

Conventional  thickness  distribution 
Bod  lex  ol  rex  oliition 
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(Same  as  subsonic  equations) 
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I -.QUA  111  \ COM  POM- MS 
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.»  o o 

K|(|U(  i based  .'ii  exposed  wing  geometiy  1 

M 

Moo 

(y 

Conventional  tiape/oidal  pl.mlorms 

7 

(c  p 

Valid  only  on  the  plane  ot  symmetry 

\ a/  e 

8. 

Additional  tail  limitations  are  identical  to 

Items  2,  3,  and  5 immediately  above 

Method  2 

bw/b„  <-  1.5 

(same  limitations  as  Method  1 above) 

(Cl<i)*b 

, and  / C,  \ (based  on  exposed 

1 \ L*J  W'lv) 

wing  geometry ) 

Method  1 

bw/bH  > 1.5 

1. 

Lineai -lift  range 

(based  on  exposed  wing  geometry) 

*> 

3. 

4. 

Straight-tapered  wings 

Bodies  of  revolution 

M > 1.4 

KB(Wi  {based  on  exposed  wing  geometry  » 

(a)  Subsonic  Lb  (p  cot  Au.  < 1) 

>. 

Macli  line  from  Th  vertex  may  not  intersect  Lh 

6. 

Wing-tip  Mach  lines  may  not  intersect  on 
nor  intersect  opposite  wing  tips 

wing 

(b)  Supersonic  Lh  (P  cot  A;  j,  > 1 ) 

7. 

Valid  only  if  Mach  lines  from  l b vertex 
intersect  Th 

S. 

Foremost  Mach  line  trom  either  wing  tip 

may  not 

i\ 

intersect  remote  hail  of  wmg 

"do.. 

It  nonvivcous  (low  he'd,  limited  to  unsvve 

pt  wings 

10. 

It  vi-v.ous  flow  held,  valid  only  on  plane  • 

>1 

((  l 1 

symmetiy 

l 1 ..  A- 
1 1 . 

Additional  (all  limitations  are  identical  to 
and  4 immediately  above 

Items  1 

Melh-id  2 

bw'hH  < I S 

I'-jtne  limitations  as  Method  1 above) 

• KltlVk.  . .ind  /(  , \ (htJScd  on  exposed 

11,1  \ a 'rm 

V,  1 fl 

geometry ) 
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;}U ATIONS  l OR  DERIVATIVE  ESTIMATION 
• (Datcoin  section  for  components  indicated) 


7.1.11  Tl.l! 


[2  c \J 
A + 2 cos  A,. 


(t|nq)« 


, / A3  tan2  At/4 
24  \ A + 6 cos  A ,, 


+ M- 


7. 1.1. 2 


Eq.  7 1.1.2-a 


Eq.  7.1.1.2-b 


Eq.  7.1 ,1.2-c 


METHOD  LIMITATIONS  ASSOCIATED  Wi  t II 
EQUATION  COMPONENTS 


M < 0.6;  however  lor  swept  wings  with 
t,'c  <,  0.04,  application  to  higher  Mach  numbers 
is  acceptable 
Linear-lift  range 


(X)». 


Symmetric  airfoils  of  conventional  thickness 

distribution 

or  = 0 


3.  Stra'ght-tapered  wings 

(a)  Subsonii  LE  (p  cot  AL(,  < I ) 

4.  Mach  line  from  TE  vertex  may  not  intersect  LI 

5.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
intersect  opposite  wing  tips 

(b)  Supersonic  LE  (P  cot  A^E.>  I) 

6.  Valid  only  if  Mach  lines  from  LE  vertex  interst 
TE 

7.  Foremost  Mach  line  from  either  wing  tip  may  : 
intersect  remote  half  of  wing 


Eq.  7.1.1.2-d  (a)  Subsonic  LE  iP  cot  A(  r < I ) 

I Mach  line  from  TE  vertex  may  not  intersect  LI 
7.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
intersect  opposite  wing  tips 
(hi  Supersonic  LE  ((3  cot  A,  , >1) 

3.  Valid  only  if  Mach  lines  from  LE  vertex  inters^ 

TE  1 

4.  Foremost  Mach  line  from  either  wing  tip  may 
intersect  remote  half  of  wing 


Straight-tapered  wings 
M > 1.4 
Linear-lift  range 
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METHOD  LIMITATIONS  ASSOflAI  LI)  HIIH 
EQUATION  ( OMI'ONLN  IS 


Method  I (body  diameter)/!  wing  span)  is  small 
(see  4.3. 1 .2  Sketch  (el)) 

1.  Linear-lilt  range 


M < 0.6;  however,  tor  swept  wings  with 

t/c  < 0.04, application  to  higher  Mach  numbers 


is  acceptable 

(S)» 

3.  Bodies  ot  revolution 


Method  2 (body  diameter)/! wing  span)  is  large  with 
delta  wing  extending  entire  length  ot  body 
(see  4.3. 1.2  Sketch  ( c) ) 

(same  limitations  as  Method  1 above) 


Method  1 (body  diameter)/! wing  span)  is  small 
(see  4.3.1 .2  Sketch  (d)) 

1.  Linear-lift  range 

KH(W)  (based  on  exposed  wing  geometry) 
(C'rto)c 


2.  Straight-tapered  wings 

3.  Symmetric  airfoils  of  conventional  thickness 
distribution 

4.  « = 0 

(a)  Subsonic  LE  (0  cot  ALR  < I) 


5.  Mach  line  from  TE  vertex  may  not  intersect 
LE 

6.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
nor  intersect  opposite  wing  tips 

(b)  Supersonic  LE  (/)  cot  An.-  > I) 


7. 

8. 


9 


Valid  only  if  Mach  lines  from  LE  vertex 
intersect  I E 

foremost  Mach  line  from  cither  wmg  lip 
may  not  interesect  remote  halt  of  wing 


Bodies  of  revolution 


Method  2 (body  diameter)/! wing  span)  is  laigc.  with 
delta  wmg  extending  entire  length  of  body 
(see  4.3.1 .2  Sketch  ( c) ) 

(same  limitations  as  Method  I above) 
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CONFIG. 


WBT 

(Contd.) 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVATIVE  ESTIMATION 
(Datcom  section  for  components  indicated, 


TRANSONIC  j (Same  as  subsonic  equations) 


SUPERSONIC 


(Same  as  subsonic  equations) 


METHOD  LIMITATIONS  \SS(X'I  A 1 1 D HUH 
EQUATION  TOM  TONE  N I S 


Method  I \ bH  > 1.5 

Dm  \ t based  on  exposed  wing  geometi v) 

1.  Straight-tapered  wings 

2.  Symmetrie  airfoils  of  conventional  thickness 
distribution 

3.  Bodies  of  revolution 

4.  cv  = 0 

(a)  Subsonic  1.E  (ti  cot  A,  ,,  < I) 

5.  Mach  line  from  I E vertex  may  not  intersect  EH 

6.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
nor  intersect  opposite  wing  lips 

(b)  Supersonic  LE  (0  cot  A,.  >1) 

7.  Valid  only  if  Mach  lines  from  I.E  vertex 
intersect  TE 

8.  Foremost  Mach  line  from  cither  wing  tip  may  not 
intersect  remote  half  of  wing 

^B(W)  (based  on  exposed  wing  geometry) 

tt 

q 

qZ 

9.  Conventional  trapezoidal  plan  forms 

10.  Valid  only  on  the  plane  of  symmetry 

M 

II  Additional  tail  limitations  are  identical  to  Items  2 
and  4 immediately  above 

Method  2 bw/bH  < 1.5 

(same  limitations  as  Method  I above) 

(Cm  q)  w b ’ KB(W)'  and  (CtJ  (based  0,1  exposed  wing 

geometry) 


Method  1 bw  /b(i  > 1 .5 
(C,%)wh  ^based  on  exposed  wing  geometry) 

!.  Straight-tapered  wings 

2.  Bodies  of  revolution 

3.  M > 1.4 

4.  Linear-lift  range 

KH(w)  (based  on  exposed  wing  geometry) 

(a)  Subsonic  LE  (0  cot  Al(,  < I ) 

5.  Mach  line  from  TH  vertex  may  not  intersect  LE 

6.  Wing-tip  Mach  lines  may  not  intersect  on  wings  nor 
intersect  opposite  wing  tips 

(b)  Supersonic  LE  <0  cot  ALK  > I) 

7.  Valid  only  it  Mach  lines  from  l.E  vertex  intersect 
TF 
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EQUATIONS  FOR  DERIVATIVE  ESTIMA.K 
iDatcom  section  fur  components  indicated) 

c", 

(Contd.) 

WBT 

(Contd.) 

SUPERSONIC 

(Contd.) 

V 

W 

SUBSONIC 

Ct- " (v) Ci.  +3C,'8) 

4TTT  4J.3.2  TlTl 

TRANSONIC 

(Same  as  subsonic  equation) 

SUPERSONIC 

. 

ttAM2  f , 1 

l - “ - 30(00  F,(N)  + 2E"t(in  F\(N')  + L;"(/3C)  F.tl 

n ?-lj  L . M 2 
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METHODS  SUMMARY 


J)NS  FOR  DERIVATIVE  ESTIMATION 
. tm  section  for  components  indicated) 


METHOD  l.I.M  11  A I IONS  ASSOCIATED  WITH  j 

EQUATION  COMPONENTS 

iy 

Foremost  Mach  line  from  citlrer  wing  tip  may  not 
intersect  remote  halt  ot  wing 

q" 

SOC 

9. 

li  nonviscous  How  field,  limited  to  unswept  v. > n gt'. 

10. 

11  viscous  flow  field,  valid  only  on  the  plane  ot 
symmetry 

W 

11. 

Additional  tail  limitations  are  identical  to  Items  3 
and  4 immediately  above 

Method  2 

bw/bH  < 1.5  . 

(same  limitations  as  Method  1 above) 

/C  \ , Kj-.u,.,  and  (C.  \ (based  on  exposed  wing 

\ mq/WB  B('v)  \ Uq/W(v) 

geometry) 

1. 

Triangular  planforms 

2. 

Linear-lift  range 

X,.c. 

Cr 

3. 

M < 0.6;  however,  if  swept,  wing  with  t/c  <0.04, 
application  to  higher  Mach  numbers  is  acceptable 

CL(g) 

4. 

0 < pA  < 4 

1. 

* 1 

Triangular  planforms  * 

M < M < 1 .0 

3. 

Xa.c. 

Linear-lift  uinge 

cr 

4. 

C| 

No  camber 

'X 

s. 

Symmetric  airfoils  ol  conventional  thickness 
distribution 

It. 

u 0 

CLU:> 

7 . 

0 < ij.A  < 4 

Method  1 

1 

Straight-tapei ed  wings 

T 

\ = 0 

3 

Subsonic  I F.  (p  cot  Aj  1 ) 

4. 

Mach  line  trom  FE  vertex  may  not  intersect  LF 
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S Wmc  tip  Mac  It  lines  may  not  intersect  on  wing-,  nor 
intctM\t  opposite  wing  tips 
6.  l in  car-1 1 I t range 


I rp  7.1.4.1-v 


bq.  7 3.4.1 -a 


Ilf  I 7.3.4  1-b 


Method  1 

I Str  nght-tapered  wings 

2 . I mcar-li  ft  range 

(a!  Subsume  l.L  (jJ  cot  A(  , < 1) 

3.  0.25  U I 1) 

4 Mach  line  from  1 1 vertex  may  not  intersect  Lb 
5.  Wing-lip  Mach  lines  may  not  intersect  on  wings  nor 
intersect  opposite  wing  tips 
<h)  Supersonic  LL  t/3  cot  A(|  >1) 

ft.  Valid  only  if  Mach  lines  from  Lb  vertex  intersect 
Th 

7.  Foremost  Much  line  from  either  wing  tip  may  not 
intersect  the  remote  hall-wing 


Method  I (body  di  imeter)/!  wing  span)  is  small 
(see  sketch  (d ) 4.3. 1 .2 ) 


1.  Linear-hit  range 


3 

4 


XX 


t riangular  planforms 
0 < 0A  < 4 

M < 0.6;  however,  if  swept  wing  with  t/c  < 0.04, 
application  to  higher  Mach  numbers  is  acceptable 

Bodies  of  revolution 


Method  2 (body  diameter)/! wing  span)  is  large  with  delta  wing 
extending  entire  length  of  body 
(see  Sketch  (>  1 4 .3.1  .2) 

(sjmc  limitations  ,is  Method  I above) 


Method  I (hods  di.nm  l-.  i )■(  wing  span)  is  small 
(see  Sketch  (d)  4 3.1  2) 

I . I meal-lilt  range 

kM(W)  (based  on  exposed  wing  gcometiy  > 

(‘U 

2 1 riangul.ir  planforms 

V Ssinmetric  airfoils  with  conventional  thickness 

distribi.t'on 

4 0 v s 4 

s.  M < M 1 t) 
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ATIONS  FOR  DERIVATIVE  KS TIM  4TION 
L-  ])atcom  section  for  components  indict  ted) 


METHOD  LLMl  i A 1 IONS  ASSCK  IA  I LI)  WIT  H 
EQUATION  COM  PON  EIN  1 S 


6 Bodies  ot  resolution 


4 S 2 1 4.4  I 4.4.1  4 1.3.: 


Method  : (body  diameter)/ ( sv i n span)  is  large  with  delta  wing 
extending  entire  length  ol  body 
(see  Sketch  (c)  4.3.1 .2) 

(same  limitations  as  Method  I above) 


Method  I (body  diameter)/! wing  span)  is  small 
(see  Sketch  (d)  4.3. 1.2) 

1 Straight-tapered  wing 

2.  Linear-lift  range 

KB(W)  (based  on  exposed  wing  geometry) 

(%). 

(a)  Subsonic  LE  (0  cot  A, < lk 

3.  Mach  line  from  TE  vertex  may  not  intersect  LE 

4.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
nor  intersect  opposite  wing  tips 

(b)  Supersonic  LE  (0  cot  ALl  > 1) 

5.  Valid  only  if  Mach  lines  from  LF.  vertex 
intersect  TE 

6.  Foremost  Mach  line  from  either  wing  tip  may 
not  intersect  remote  half-wing 

(C‘J. 

7.  Bodies  of  revolution 

Method  2 (body  diameter )/(wingrspan)  is  large  with  delta 
wing  extending  entire  iength  of  body 
(see  Sketch  (c)  4.3.1 ,2)( limitations  nf  Method  I ) 


Kq  7.4.4  l-a  Method  I bw /b[(  > I 5 

1 . Linear-lift  range 

/CL  I (based  on  exposed  wing  geometry) 

\ <t  / W H 

2.  ! narmilai  pl.mtorms 

3.  O-'0\<4 
4 Bodies  o!  (evolution 

5.  M < ')  o.  however,  if  swept  wing  with  t e < U U4j 
application  to  higher  Mach  num'ners  is  .inept, ml 


(>  V.did  only  on  the  plane  ol  symmetry 


7.  I.imit.itmns  lU'ivrul  upon  * prcilk  linn  im’lht 

da 
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METHOD  LIMITATIONS  AS  SOU  A I El)  Ml  1 H 

LOC  ATION  COMPONLN  1 s 

Method  J l 

Vv  hH  1 5 

(same  limitations  as  Items  I through  5 immediately  above) 

(V.  \ 

and  ft ' 1 (based  on  exposed  wing  geometry) 

V a/wH 

\ a/W  (O 

Method  1 b 

IV  'bH  > LS 

1. 

Linear-lift  range 

<CL.\  r 

(based  on  exposed  wing  geometry) 

\ a/WB 

■) 

Triangular  planforms 

3. 

Symmetric  airfoils  with  conventional  thickness 

distribution 

4 

0 < |3A  < 4 

5. 

Bodies  of  revolution 

6. 

M < M =5  1 .0 

KB(W)  (based  on  exposed  wing  geometry) 

It 

q 

q« 

7. 

Conventional  trapezoidal  planforms 

8. 

Valid  only  on  the  plane  of  symmetry 

be 

da 

9. 

(c.  )" 

Proportional  to  C( 

\ Lo/c 

10. 

a - 0 

II. 

Additional  tail  limitation  is  identical  to  Item  3 

immediately  above 

Method  2 b 

w/bH  < 1.5 

(same  limitations  as  Items  1 through  b immediately  above) 

cL) 

and  1C.  ) (based  on  exposed  wing  geometry; 

\ a/WB 

\ La/W(v) 

Method  1 b 

w/hH  > 1.5 

1. 

Straight-tapered  wing 

1 

Linear-hit  range 

KBtW)  (baseu  un  exposed  wing  geometry) 

<VL 

(based  on  exposed  wing  geometry) 

' j'WB 

3. 

Bodies  til  revolution 

(a)  Subsonic  LE  <p  cot  A,,.  < 1 ) 

4. 

Mach  line  from  lh  vrtex  may  not  intersect  L P 

5. 

Wmg-'ip  Mach  lines  may  not  intersect  on  wings 

nor  intersect  opposite  wing  tips 
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’-jatcom  section  for  components  indicated) 


METHOD  LIMIT  A IIONS  ASStXT  A TED  WITH 
EQUATION  COMPONENTS 


(b)  Supersonic  LE  (p  cot  Aji-  1) 

6.  Valid  only  if  Mach  hues  trom  LE  vertex 
intersect  I'E 

7.  Foremost  Mach  line  from  either  wing  tip  may  not 
intersect  remote  hail-wing 

K|llW)  (based  on  exposed  wing  geometry) 


8.  If  n on  viscous  How  field,  limited  to  (inswept  wings 

9.  If  viscous  flow  field,  valid  only  on  the  plane  of 
symmetry 


10.  Straight-tapered  wings 

v 3e 

1 1.  Other  limitations  depend  upon  -- — prediction 
method 


f C,  )" 

i 'a/t 

12.  M > 1.4 


Method  2 bw/b„  < I 5 


(same  limitations  as  Items  1 through  7 immediately  above) 
(<-’[ . .)wb  and  (based  on  exposed  wing  geometry) 


1.  Triangular  planforms 

2.  0 < 0A  < 4 

3.  M *5  0.6:  however,  if  sv/ept  wing  with  Uc  < 0.04, 
application  to  higher  Mach  numbers  is  acceptable 

4.  Linear-lift  range 


Triangular  planforms 

Symmetric  airfoils  of  conventional  thickness 
distribution 
0 < fiA  < 4 
M,r  v-  M I 0 

Linear-iift  range 


(a)  Subsonic  l.F  (0  cot  A[r  < 1 ) 

1.  Mach  line  Irom  Tl.  vertex  may  not  intersect  1 1. 

2.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
nor  intersect  opposite  wing  tips 
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EQUATIONS  I OR  DERIVATIVE  ESTIMATE 
(Datcom  section  for  components  indicated) 


(Contd.) 


W 

(Contd.) 


SUPERSONIC 

(Contd.) 


TIMATION 
idica  ted) 


Kq.  7.3.4.2-a 


Ml  TIIOI)  1 IMITAIIONS  ASSOC  I \ I hi)  \M  1 H 
EQUATION  C OM  PON  EM  S 


(b)  Supersonic  l.r  <p  cot  A,,  >1) 

3.  Valid  only  if  Mach  linos  from  LI:  veitex  infersocf  II 

4.  Foremost  Mach  line  from  cither  wing  tip  may  not 
intersect  remote  half-wing 

C4 

5.  Straight-tapered  wings 

6.  Linear-lift  range 


Method  I (body  diameter)/! wing  span)  is  small 
(see  4.X  1.2  Sketch  (d)l 

1.  l inear-lift  range 

((  ma)e 

2.  Triangu'ar  planforms  £due  to  |('L  j J 

3.  0 < (3  A < 4 

4.  M < 0.6;  however,  if  swept  wing  with  t/c  < 0 04, 
application  to  higher  Mach  numbers  is  acceptable 

((%)b 

5.  Bodies  of  revolution 


Method  2 (body  diameter)/(wing  span)  is  large,  with  delta 
Lq.  7.3.4.2-b  wing  extending  over  entire  length  of  body 
(see  4.3.1 .2  Sketch  (e)) 

(same  limitations  as  Method  I above) 


METHODS  SUMMARY 


METHODS  SUMMARY 


-'TIONS  for  derivative  estimation 

L4com  section  for  components  indicated) 


4.5.2. 1 SXT  4.4.1  4.1. 3. 2 


Eq.  7.4.4.2-a 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


KB(W)  (based  on  exposed  wing  geometry) 

(C%)< 

(a)  Subsonic  LE  (P  cot  ALE  < 1) 

3.  Mach  line  from  TE  vertex  may  not  intersect  LE 

4.  Wing-tip  Mach  lines  may  not  intersect  on  wings 
nor  intersect  opposite  wing  tips 

(b)  Supersonic  LE  (fi  cot  ALE  > 1) 

5.  Valid  only  if  Mach  lines  from  LE  vertex 
intersect  TE 

6.  Foremost  Mach  line  from  either  wing  tip  may  not 
intersect  remote  half-wing 

(C|»a)b 

7.  Bodies  of  revolution 


Method  2 (body  diameter)/(wing  span)  is  large,  with  delta  wing 
extending  entire  length  of  body 
(see  4.3. 1.2  Sketch  (c)) 

(same  limitations  as  Method  1 above) 


Method  1 bw/bH  > 1.5 

1.  Linear  lift  range 

/C  ) (based  on  exposed  wing  geometry) 

2.  Triangular  planforms  jdue  to  |CE  j j 

3.  0 < 0A  < 4 

4.  Bodies  of  revolution 

5.  M < 0.6;  however,  if  swept  wing  with  t/c  < 0.04, 
application  to  higher  Mach  numbers  is  acceptable 


6.  Valid  only  on  the  plane  of  symmetry 


7.  Limitations  depend  upon  — prediction  method 

da 


(^Lu)w"n> 


Lq.  7.4.4.2-b 


Method  2 bw/bH  < 1.5 

(same  limitations  as  Items  I through  5 immediately  above) 

/C  \ and  /('  \ (based  on  exposed  wing  geometr) 

\ ,ni)v.  [1  \ l'a/W'  (vl 

Method  I bw  /bH  > 1 .5 

I.  Linear-lift  range 


METHODS  SUMMAR 


j/'-'JVi  A1  ION 
kVicated) 


r~ 

Ml 

1 HOI)  I.IMI  1 A I IONS  ASSOC  1 WL  I)  U 1 1 H 

!.(}  I ATION  COM  PON  INI  S 

C"’ 

. ; ) v,  a 

(based  <>n  exposed  wing  geometry) 

Triartgul.it  plant'ursiis  I due  tu/t  ( \ i 

)( 

Symmetric  airtoih  ot  c mventional  tluehness 
d'stributiou 

4 

0 < ,JA  x 1 .0 

s. 

Bodies  o|  revolution 

0 

M % M S 1 (I 

cr 

K|i(NV)  (based  on  exposed  wing  geometry) 

4 

7 

Conventional  trapezoidal  planlorms 

X. 

Valid  only  on  the  plane  ot  symmetry 

dt: 

da 

<■), 

Proportional  to  C, 

vci 

(c‘ 

Or  j e 

10. 

or  = 0 

II. 

Additional  tail  limitation  is  identical  to  Item  3 
immediately  above 

J Method  2 h 

w/bn  < 15 

(same  limitations  as  Items  I through  n immediately  above) 

(c> 

a)w» 

and  /(.'.  \ (based  on  exposed  wing  geometry) 

\ Lo/W"(v) 

1 Method  I b 

W /bn  **  1 

1. 

Straight-tapered  wings 

2. 

l.mear-litt  range 

r- 

ct)wB 

(based  on  exposed  wing  geometry) 

3. 

Bodies  ot  revolution 

(a) 

Subsonic  Lb.  t jl  cot  ALJ.  < 1 I 

4. 

Mach  Ime  from  TK  vertex  may  not  intersect  l.b 

5. 

Wing  tip  Mach  lines  may  not  inters-,  t on  wings  nor 
interse.  t opposite  wing  tips 

(b) 

Supersonic  1 b.  (p  -ot  A(  > 1 ) 

6. 

Valid  only  it  Mach  lines  from  1 b u-itc.  interse.. t 

1 1 

> ■ 

1 oicinost  M..  Ii  line  from  either  wing,  tip  may  not 
i ii  tc  in*.  . 1 the  icniole  hall  wing 

w , '* 

;sed  on  exposed  wing  geometry  ) 

<1.>. 

It  nomiscous  llow  In-Id,  limited  to  unswept  wings 

0 

11  viscous  llow  Mold,  valid  only  on  the  plane  oi 

symmetry 

METHODS  SUMMAI 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


t gi'  ATlONS  FOR  DERIVATIVE  ESTIMATIO 
iDauoiv  section  tor  components  indicated) 


WBT 

(Contd.) 


SUPERSONIC 

(Coiltd.) 


(Subcritical)  1/  e 


TRANSONIC  (No  method) 


(6  tan  A Jt  sin  A 1 

— — ~ —lH.  _] 
ffA  (A  + 4 cos  Ac/4)  57.3 


o.oooi  in 

V 


A + 4 cos  Ac/4  / CYjJ 


AB  + 4 cos  A„. , \ C, 


cos  Ac/4  \ 1 1.  / ‘o* 


0.0001  |P 


irA/52  a2 


SUBSONIC 


<7 

Yu  7T  i o.oooi  in 

= - AM2  Q(PC)  — ; 

a2  4 57J  a2 

5. 1.1. 1 


. . , /Bod;.  Re  fete  net*  Are;r\  ’ .•  _ . 

(S)wn  = K'  (Sjn  ( Si  ) + ( S)r 


5.2  1.1  4.2.1 


5.1. 1.1 


TRANSONIC  (Same  as  subsonic  equation) 
SUPERSONIC  (Same  as  subsonic  equation) 


METHODS  SUMMARY 


a 


HONS  TOR  DERIVATIVE  T.STIM A1  ION 

Icom  section  for  components  indicated) 

— — 

Ml  1 HOI)  LIMI1  A HONS  ASStM  ! \ J H)  "1 1 It 
EQUATION  COMPOM  MS 

a 

« 

dt 

da 

), 

!U.  L .mi  Millions  Jc  pc  ml  upon  — prediction  method 

no 

II.  M 1 .4 

Method  2 bw  bH  *>.  1 .5 

(same  limitations  3s  Items  1 through  7 immediately  above) 

1 C \ audit  , \ (based  on  exposed  wine  geometry  I 

( mi/WH  { '„/*  (*l 

T 

— 0.0001  in  I.q.  5.1.1  1-a 

H Tq.  5.1  1.1 -c 

.A 

1.  Cons! ant-chord  swept  wings 

s 

2 Linear-lift  range 

i 

Tq.  5.1  l.l-d,  -b 

« 

1 Rectangular  planforms 

2 Mach  number  and  aspect  ratio  greater  than  that 
lor  which  the  Mach  line  from  l.T  of  tip  section 
intersects  It  of  opposite  tip  section 

( A 1 > 1 1 

^oooi  *ri  . s . . . . 

1 ^ 1.1  l-v.  *b 

QJ 

i 

1 Sweptb.ick  pUntnrms 

J A - 0 

d "mg  is  contained  within  Mach  cones  springing 

1 rom  apes  and  II  at  tenter  ol  wing 

1 tot  \j  , v 1 Ol) 

.clercni  >:  Aic,r\  , . . - , . , 

)+  (*0, 

• 

(•',). 

1 Kodii-s  ol  levolution 

1 meat  -lit  t range 

(same  limilati  a>s  is  subsonic  above! 

< ''jmr  li ii » ildtions  i-,  •.ulison’v  ;ibo\o) 

■ 

T^rrr 


METHODS  SUMMAR' 

■ 

DERIVATIVE 

CONFIG. 

SPEED 

REGIME 

' " ' 

EOU  AT  IONS  FOR  DI  RIVAUVE  ESTIMATION 
tDaiioni  section  for  components  indicated  I 

r 

i- 

c>, 

(Contd.) 

TB 

SUBSONIC'  * 

ro,,.,,,,,-  k(c‘.)«('*l)^  £ 

SJ  l.i  4.I..U  ST4.I 

...p? ..... 

/<iC  \ ( Y p)v  < »H > . “S’ 

Y(l)v  (WBH)  (C,  \ ( \r/V.f|  S* 

5 .3.1  1 5. VI  1 i 

hi 

S 

(*'».),  " - K (V„)p  sV 

5.3. 1.1  4U.3.2 

* 

SB 

<b)  M<  Y ) = KH(„.  /(•  \ ~~ 

\ V/H(H)  H,1<1  \ ViJ  / B Sw 

5.3.1. 1 4.2X7 

* 

TRANSONIC 

(No  method) 

SUPERSONIC 

• 

K),  r 

5 3 1.1  4.13.2 

• 

(•“  0.®  * V 

5.3  11  4 2.11 

• 

HYPERSONIC 

<i 

4? 

'7 


hq.  5 3 


Ml  I H(M>  1 I M 1 IV  I IONS  VSSOCI  V III)  V\|  111 
I (ft  V1IOM  OMPOM  MS 


-b  Method  I (vertical  panels  on  plane  ol  >. v n i 1 1 u- 1 1 y ) 

c ;)v 

I Sir.ughMapered  plamorms 


-t  I Method  3 ( 1 v\ i n vertu  il  panels) 


Method  3 (hon/ontal  tail  mounted  on  body  or  no  horizontal 
tail ) 

(a)  Contribution  of  vertiea!  panel 

/('  ^ (based  on  exposed  vertical-tail  geometry) 

V <i/p 

1.  No  curved  pi  informs 

2.  M '***  OS.  t.'e  <01.  if  cranked  planforms  with 
round  L.K 

< h ) Contribution  of  horizontal  tail 

(Cy  ) 

\ a/n 

3.  Bodies  of  revolution 

4.  Line* ar-li  ft  range 


1.  Horizontal  tail  mounted  on  body*  or  no  horizontal 
tail 

2.  Linear-lift  range 

(a)  Vertical-tail  contribution 

K'  (based  on  exposed  vei  tical-tail  geometry  I 

(l  \ J (based  on  exposed  ve  i deal-tail  geometiy) 

3 Breaks  in  I I and  II  at  same  spunwtst*  station 

4 M 1.4  tm  st  ought -tapered  pl.mtomis 

3.  I 2 < M < I tor  composite  plantoims 

n 1.0  M < t l<u  elirved  planiorms 

(h)  lloii/ontal-t,ii!  emit nbut a hi 


(‘  v..)h 


BoiJies  i >1  rev i iliilii m 


Method  I 

I 1 1 1 ’ii/iit  r.il  l, id  mount'd  ou  a body 
J.  Not  subsUmti.il  , d above  M '■) 

3 I me  it  Id  t i mge 


METHODS  SUMMA 


METHODS  SUMMARY 


,ONS  FOR  DERIVATIVE  ESTIMATION 
’ >m  section  for  components  indicated) 


METHOD  LIMITATIONS  \SSOUATED  WITH 
EQUATION  COMPONENTS 


<M2-  1)0?  ± S)2 


(a)  Vertical-tail  contribution 

l() . 5 .3. 1 . i-f  K'  (based  on  exposed  vertical-tail  geometry) 
4.  M > 3 


(b)  Horizon ta!-taii  contribution 
Kq.  5.3.1  i-g  (CyJa 

S.  Bodies  of  revolution 


Method  2 

Eq.  5.3.1. l-h  1.  Sharp-edged  sections 

2.  5 « 1 


Eq.  5 .6. 1 . 1-a  Method  1 (single  vertical  stabilizer,  and  horizontal  tail  at 
any  height  or  no  horizontal  tail) 

1.  Linear-lift  range 

/Cy  ) 

\ T(i/WB 

2.  Bodies  of  revolution 
/AC\  ) 

\ ,0/V(WBH> 

3.  Straight -tapered  planforms 


Method  2 (twin  vertical  panels) 

1.  L.inear-lift  range 

(^y(J)wb 

2.  Bodies  of  revolution 


Eq.  5.6.1 . 1 -b  Method  3 (horizontal  tail  mounted  on  body  or  no 
horizontal  tail) 

! . l.inear-lil t range 

( Y(j)wb 

2.  Bodies  of  revolution 

^ACy^  (bawd  on  exposed  vertical-tail  geometry) 

3.  No,  stir  veil  plantorms 

4.  M < (j.b.  tv  V 0.1 . if  cranked  planforms  with 
round  Eli 


METHODS  SUMMA 


METHOD  LIMITATIONS  ASSOCIATE!)  WITH 
LOT1  A t ION  COMPONENTS 


1. 

- 

Horizontal  tail  mounted  on  body  or  no  horizontal 

tail 

•) 

Linear-lilt  range 

(S)wB 

c 

Bodies  of  revolution 

N. 

(based  on  exposed  vertical-tail  geometry) 

4. 

Breaks  in  LT  and  CL.  at  same  spanwise  station 

5. 

M 3*  1 .4.  for  straight -tapered  plan  forms 

6. 

1.2  < M < 3 for  composite  planforms 

7. 

1 .0  < M < 3 for  tuned  planforms 

1. 

Straight-tapered  wings 

2. 

A?  1.0 

3. 

Uniform  dihedral  (alternate  form  is  available  to 
account  for  dihedral) 

4. 

M < 0.6 

S. 

• 5°  < (3  < +5° 

6. 

Linear-lift  range 

1. 

Straight-tapered  wings 

2. 

A < 1.0 

3. 

Uniform  dihedral 

4. 

M < 0.6 

5. 

-5°  *5° 

6. 

Linear-lift  range 

1. 

Double-delta  and  cranked  wings 

2. 

A and  A ’ > 1.0 

1 O 

3. 

No  twist 

4. 

No  dihedral 

5. 

M < 0.6 

6. 

-5°  < 0 < +5° 

7. 

Linear-lift  range. 

1 /C,  ) and  /C.  1 ' 

\ u/l 

\ ot/o 

8. 

t/c  < 0.10  if  cranked  wings  with  round  LI: 

METHODS  SUMf 


METHODS  SUMMARY 


- Rations  for  derivative  estimation 

."'.'iDatcom  section  for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


5. 1.2.1 


jt~->0.6  / M - 0.6  \ \£l  /m  = 0.6  , , 2, 

‘ 0.8  r / c 2 \ l V 

['1=0.6  J \ a J M = 0.6  \ 


4.1. 3. 2 4.1. 3. 2 


$ ',.)]( -;V) 


Eq.  5. 1.2.1 -c 


tan  A,  e |m2  cos2  Ai  e 


Straight-tapered  wings 
-S°  < p s;  +5° 
Linear-lif  t range 


Wing  tips  parallel  to  free  stream 
No  twist 

Uniform  dihedral 

Foremost  Mach  line  from  wing  tip  may  not 
intersect  remote  half-wing 


Straight-tapeied  wmgs 
No  twist 

Uniform  dihedral 
Linear-lift  range  . 


Eq.  5.1.2.1-e 


M > 1.4 


Wing  tips  parallel  to  free  stream 
Foremost  Mach  line  from  wing  tip  may  not 
intersect  remote  half-wing 


■f  A.,.  \/tan  A,-  \ Fm2  cos2  A.,.  /tan  A,c  \ 4/'3 


‘LEg  \rM'  '*LEg 


, H aam  a 

\ 4 / J bw 


(‘ 


M2  cos2  A,c  /tan  A. 


Eq.  5. 1.2.1-f 


(A), 


Double-delta  and  cranked  wings 
No  twist 

No  dihedral  * 

Straight  trailing  edge 
Low  angles  of  sideslip 
Linear-lilt  range 

and(CN  ). 

\ a/bv. 

1.2  < M e;  3 
M > 1 .4,  if  An  > Aj 

A < <30* , if  A > A 

R o 1 


A+~F  +[M\ 


+ 0 tan  A 


A1  5.1  2.1 


5. 1.2.1,  5. 1.2. 15. 2. 2.1 


0 tan  A 

TTT.T 


Iv < 1 . 5.2.2.1-a 


1.  Straight-tapered  wings 

2.  Uniform  dihedral 

3.  M < VI  fb 

4.  5°  d < +5" 

S 1 inear-lilt  range 


ty 


05- 


■;S 


METHOD  LIMITATIONS  ASSOUAItl)  VM  III 
EOLATION  COMPONENT  S 


b.  M < 0.6 


1.  Straight-tapered  wings 

2.  Mfb  < M < 1.4 

3.  -5°  < p<  +5° 


' N / M = 1.4 

4.  Wing  tips  parallel  to  free  stream 

5.  Foremost  Mach  line  from  wing  tip  may  not 
intersect  remote  half-wing 


L /M 


fb 


6.  Uniform  dihedral 

7.  Linear-lift  range 

K)«,  ”"a(cOM 


1 fb 

8.  Symmetric  airfoils  of  conventional  thickness 
distribution 

9.  a;  - 0 


C, 


1 . Straight-tapered  wings 

2.  M > 1.4 

3.  Linear-lift  range 


4.  Wing  tips  parallel  to  free  stream 

5.  Foremost  Mach  line  from  wing  tip  may  not 
intersect  remote  half-wing 

6.  Supersonic  TE 


/ACy  \ (based  on  exposed  vertical-tail  geometry  for 
' e'p  j Method  3) 


I.  Limitations  depend  upon  (ACy  1 prediction 
method  **  p 


1.  Horizontal  tail  mounted  on  body  or  no  horizontal 
tail 

/ACV  \ (based  on  exposed  vertical-tail  geometry) 

\ '»)  P 

2.  Breaks  in  I F and  IE  must  be  at  same  spanwise 
station 


METHODS  SUMMAF 


DERIVATIVE 

CONFIG. 

SPUD 

REGIME 

EQUATIONS  FOR  DERIVATIVE  ESTIMATION 
iD.itcnm  section  for  components  indicated ) 

s 

(Contd.) 

TB 

(Contd.) 

SUPERSONIC 

(Contd.) 

HYPERSONIC 

/.  cos  a H sin  a 

(ACd  ~ (AS)P  bw  “ 

5.3. 1.1 

i 

i 

I 

V 

V/BT 

1— 

SUBSONIC 

f cos  a 6 sin  all 

(,  = (C,  \ +£  1 (ACy  ) ~ ■ 

P \ P3/V.B  p|'  Y«/p  L bw  JJ 

5.1  2.1  5 3.1.1 



TRANSONIC 

(No  method) 

METHODS  SUMMARY 


tlABHMl 

■y  ;ONS  FOR  DERIVATIVE  ESTIMATION 

METHOD  LIMI  TATIONS  ASSORT  \ 1 I D WITH 

)ni  section  for  components  indicated) 

' 

EOUATION  ('OM  PON  ENTS 

i 

:/ 

3.  Bodies  of  revolution 

n 

4.  M > 1.4  for  straight-tapoied  planfotms 

5.  1 .2  M 3 for  composite  planforms 

6.  1 .0  < M «*,  3 for  curved  plunturms 

b 

r * ••  . 

7.  l.inear-Iift  range 

r. 

Method  1 

p 

Eq.  5.3.2. 1 -a 

1.  Horizontal  tail  mounted  on  hotly  or  no  horizontal 
tail 

2.  M < 7 

/A('y  \ (based  on  exposed  vertical -panel  geometry) 

s 

3.  M > 1.4  for  straight-tapered  planforms 

4.  1.2  < M < 3- for  composite  planforms 

5.  1 .0  <;  M «S  3 for  curved  planforms 

6.  Linear-lift  range 

l**,  - 

zp  and  fip  (based  on  exposed  vertical-Ranel  geometry) 

!•- 

V 

Method  2 

1.  Horizontal  tail  mounted  on  body  or  no  horizontal 
tail 

/ACy  j (based  on  exposed  vertical-panel  geometry) 

■ 

2.  Sharp-edge  sections 

3.  6 « I 

, 

zp  and  8p  (based  on  exposed  vertical-panel  geometry) 

9 

Method  3 

1.  Horizontal  tail  mountedAyn  body  or  no  horizontal 

tail 

2.  Upper  range  of  hypersonic  Mach  numbers 
(ACY#)p  (based  on  exposed  vertical-panel  geometry) 

9 

zp  and  6p  (based  on  exposed  vertical-panel  geometry) 

1 . Linear-lift  range 

■ t - £p  sin  c» 

f Eq.  5. 6. 2.! -a 

\ 

\ P/WB 

bw  J 

J 

2.  Straight-tapered  wings 

4 

3.  Uniform  dihedral 

4.  M«Mfb 

5.  M < 0.6 

6.  5°  **  (<  +5° 

/ACY  \ (based  on  exposed  vertical-tail  geometry  for 

' ii/p  / A('v  \ Method  3) 

4 

l a/p 

-37 


METHODS  SUMMi 


DERIVATIVE 


C 


(Contd.) 


CONFIG. 


WBT 

(Contd.) 


W 


WB 


TB 


SPEED 

REGIME 


SUPERSONIC 


SUBSONIC 
(Low  Speed) 


(Subcritica!) 


/ C"fl\  / A + 4 cos  Ac/4  \ /A2  B2  + 
\ /m  \AB  + 4 cos  \l*)\  A2  + 


TRANSONIC 


SUPERSONIC 


ALL  SPEEDS 


SUBSONIC 


EQUATIONS  FOR  DERIVATIVE  t.STl.V.A'1 
tDatcom  section  for  components  indicate< 


(Same  as  subsonic  equation) 


1 I 1 


tan  A 


'c/4 


c2 

'"L 


57,3  |4trA  trA(A  + 4 cos  A( 


c/4>  ( 


cos  A...  - — - 

c/4  2 8 cos  A 


c/4 


4AB  cos  Acy4  - 8 cos2  A 


4A  cos  Ac/4  - 8 cos2  Ai/4 


c/4\  / "fl 


C2l 


5.i. : 


(No  method) 


4M2  „ , x 

+8M2  - -ir 

I 3 c 


A(  1 — P2 ) 3+P2  | I 
P 301  157.3 


= j [e  V^C)  F,(N)  + FU(N)  + |)m2  QQ3C)  | 1 


7.1. I. I 5. 1.3.1 


7.1. 1.2 


5. 1.1.1 


{C"fl)wB 


= - K. 


\ «B 


: s S„ 


5.2.3. I 5.2.3. 1 


K), 


(icv  ) r 

\ 1 g/p  bw 

5TTT 


METHOD  LIMITATIONS  ASSOC  I ATE  I)  WITH 
EQU  \TION  ( OMPONI.M  S 


l 

l hum!  !ift  range 


2.  Straight-tapered  wings 

3.  Wing  tips  parallel  to  tree  stream 

4 Foremost  Math  line  from  wing  tip  may  not 
intersect  remote  lull-wing 

5 M > 1 .4 

f(.\.  \ (based  on  exposed  vertical-tail  geometry! 
i a'r 

6.  Additional  tail  limitation  is  identical  to  Item  S 
immediately  above 


I.  Linear-lift  range 


I Rectangular  planform 

2.  A v^M2  - 1 > 1 .0  (Mach  number  and  aspeci 
ratio  greater  than  those  for  which  Mach  line 
from  LE  of  t;p  section  intersects  TF.  of  opposite 
tip  section) 


1.  X = 0 

2.  y/s\:  i (.ot  A,  h <-  10  (Mach  number  and  aspect 

ratio  for  which  wing  lies  withm  Mach  cones 
springing  from  apes  and  1H  at  center  of  wing) 

1.  Linear-lift  range 


Method  I 

^ACy  j (based  on  exposed  vertical-tail  geometry  lor 

' r l“v  v l 
'p 


|AC'y  | Method  3) 

I Limitations  depend  upon  /A C y \ predic 
method  ' • 


lion 


METHODS  SU 


DERIVATIVE 


(Con  Id.) 


CONFIG. 


SPEED 

REGIME 


O'  a ! IONS  FOR  DERIVATIVE  E 
Datcom  section  for  components 


SUBSONIC 
(Contd .) 


V'p  bw 

sXTT 


TRANSONIC  (No  method) 


SUPERSONIC  I (Same  as  subsonic  equations) 


SUBSONIC  C„(  - (C,Jw>  • Z,  |-  b~] 


5.2.3. 1 


C%  (C  %)»•»* 


(*'4^)1 


5.2.3. 1 


5 3 i I 


IETHODS  SUMMARY 


. I OR  derivative  estimation 

ection  for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


Method  2 


/ACy  \ (based  on  exposed  vertical-tail  geometry  tor 
' 9'p  /ACV  \ Method  3) 


rv* 


I.  Limitations  depend  upon /ACY  \ prediction 
method  \ p 

<\c.>p 

2.  M < 0.6;  however,  if  swept  planforms  with 

t/c  < 0.04, application  to  higher  Mach  numbers 
is  acceptable 

3.  Linear-lift  range 


Method  I ^ 

1 . Horizontal  tail  mounted  on  body,  or  no  horizontal 
tail 

^ACy  j (based  on  exposed  vertical-tail  geometry) 

2.  Breaks  in  LE  and  TE  at  same  spanwise  station 

3.  Bodies  of  revolution 

4.  M > 1 4 for  straight-tapered  planforms 
5 1.2  < M < 3 for  composite  planforms 

6.  1 .0  < M < 3 for  curved  planforms 

7.  Linear-lift  range 


Method  2 

(same  limitations  as  Method  I above) 

(*S)P  (bwd  on  exposed  vertical-tail  geometry) 


Eq.  5.6.3. 1 -a  Method  l 

I . Linear-lift  range 


(ACY  \ (based  on  exposed  vertical-tail  geometry  for/ACv  \ 

1 Method  3)  ' W 

2.  Limitations  depend  upon /ACy  \ prediction 
method  ' •? 


Eq.  5.6.3. 1 -b  Method  2 
(Cna)wB 

I.  Linear-lift  range 


f AC..  \ (based  on  exposed  vertical-tail  geometry  for /AC,  \ 

' Vp  Method  31  ' J'p 

2.  Limitations  depend  upon/ACY  \ prediction 
method  ' 99 


METHODS  SUMMAR 


DERIVATIVE 

CONFIG. 

SPEED 

REGIME 

EQUATIONS  FOR  DERIVATIVE  ESTIMATION 
(L)atcom  section  for  components  indicated) 

c-. 

(Contd.) 

WBT 

(Contd.) 

SUBSONIC 

(Contd.) 

TRANSONIC 

(No  method) 

SUPERSONIC 

— 

(Same  as  subsonic  equations) 

S 

S 

W 

SUBSONIC 

S’  'IfeLv 

M 

MNr  ■' 

7. 1.2.1  7.L2.1 

7.1. 2.1 

TRANSONIC 

(No  method) 

SUPERSONIC 

Figure  7.1.2.1-10 

WB 

SUBSONIC 

s ■ K l (' i k-. 

M 

* (iC«,)r 

7.1. 2.1  7.12.1 

7.1. 2.1 

1-40 


/ 


METHOD  LIMITATIONS  ASSOCIATED  VMTH 
EQUATION  COMPONENTS 


3.  M < 0.6;  however,  if  swept  planforins  with 

t/c  < 0 04,  application  to  higher  Mach  numbers 
is  acceptable 

4.  Linear-lift  range 


Eq.  7.I.2.U 


Eq.  7.1.2.1-a 


Method  I 

1.  Horizontal  tail  mounted  on  body  or  no 
horizontal  tail 

(C"#)wb 

2.  Linear-lift  range 

^ACy  j ( basei/Tnfex posed  vertical-tail  geometry) 

3.  Breaks  in  LE  and  TF.  at  same  spanwise  station 

4.  Bodies  of  revolution 

5.  M > 1.4  for  straight-tapered  planforms 
br** 1.2  < M < 3 for  composite  planforms 

7.  1.0  < M < 3 for  curved  planforms 

8.  Linear-lift  range 


Method  2 

(same  limitations  as  Method  I above) 

/ACV  \ (based  on  vertical-tail  geometry) 

■■  l 


1.  a<  a 


stall 


(-) 

' CL/cL. 


Test  data  for  lift  and  drag 


M < 


1.  Thin,  sweptback.  tapered  wings  with 
streamwise  tips 

2.  Low  lift  coefficients 


I.  (Body  diametei  )/(wing  span)  < 0.3 


a < a. 


suo 


3.  Test  data  for  lift  and  drag 


METHODS  SUMN 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVATIVE  ESTIM/l 
Datcom  section  for  components  indical 


WB 

(Contd.) 


SUBSONIC  Cv 


SUBSONIC 

(Contd.) 


TRANSONIC  I (No  method) 


SUPERSONIC  Figure  7.1.2.1-50 


°[  b. ’]("*.) 


V(WBH)^ 


CY  = (Cy  ) + \ - 

YP  \ yp/wb  bw  J \ rp/V(WBH) 


7.3.2. 1 


5.3. 1.1 


TRANSONIC  (No  method) 


SUPERSONIC  (No  method) 


TRANSONIC  (No  method) 


METHODS  SUMMARY 


equations  for  derivative  estimation 

iDatcom  section  for  components  indicated) 

METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 

(-) 

\ CL  /cL"0 

M 

4.  M < Mfr 

j 

1.  Thin,  sweptback,  tapered  wings  with  streamwj 

tips  j 

2.  (Body  diameter)/(wing  span)  < 0.3 

3.  Low  lift  coefficients 

Cv  \ Eq.  7.4.2. !-a 

Yffl  VtWBH) 

5.7.1. 1 

i 

C ) Eq.  7.4.2.1-c 

Y#/V(WBH> 

5.3. 1.1 

1 

Method  1 (conventionally  located  vertical  tails) 

(C\)wB 

1 . (body  diameter)/(wing  span)  < 0.3 

2-  “ < 

3.  Test  data  for  lift  and  drag 

4.  M < Mcr 

mcy  \ 

\ Y Bf  VtWBH) 

5.  Additional  or  identical  tail  limitations  depend 

on  (AC..,  \ prediction  method 

\ 'of  VtWBH) 

Method  2 (vertical  tail  directly  above,  or  above  and  slightly 
behind  wing) 

(same  limitations  as  Method  1 above) 

J_3 

L L)r  *K)„,  e"7u:- 

cl*°  1 Wr  = o P/ 

■3.2  7.1  2.2  7. 1.2.2 

1 . M < M 
(C',)ct 

2.  Symmetric  airfoils 

3-  1 x 106  < Rf  < 15  x I06  based  on  MAC 

(C|-0)  cL  = t) 

4.  Straight-tanered  wings 

METHODS  SUMM 


I 

I 




— i 

METHOD  LIMITATIONS  ASSOCI  ATED  WITH 
EQUATION  COMPONENTS 

1.  Straight-tapered  wings 

2.  Wing  tips  parallel  to  free  stream 

3.  Foremost  Mach  line  from  tip  may  not 
intersect  remote  half-wing 

4.  Supersonic  TE 

1 

Eq.  7.1.2.1-a 

1 

v - - 

1.  (Body  diameter)/(wing  span)  < 0.3 

2.  M < M„r 

cr 

(°OcL 

3.  Symmetric  airfoils 

4.  1 x 106  < Rs  < 15  x !06  based  on  MAC 

: (COcL-0 

5.  Straight-tapered  wings 

7 

Eq.  7.3.2.2-a 

R 

4 

1.  Straight-tapered  wings.  If  (body  diameter)/(wing 
span)  > 0.3,  valid  only  for  triangular  wings) 

2.  Cylindrical  or  nearly  cylindrical  bodies 

(C-J. 

3.  Wing  tips  parallel  to  tree  stream 

4.  Foremost  Mach  line  from  tip  may  not 
intersect  remote  half-wing 

5.  Supersonic  TE 

' \ Eq.  7.4.2.2-a 

?/  ViWHH  ) 

?T'' 

4 

Method  1 (conventionally  located  vertical  tails) 

(S)w„  ”d(CV)H 

1 Straig.'it-tapeied  planforms 

2.  Symmetric  dirfoiU 

3.  (Body  diameter)/! wmg  span)  «£  0.3 

4.  M < M 

cr 

5.  ! x 1 06  < fL  < 15  x 1 06  based  on  MAC 
/AC  \ 

\ * a/  V(WBH  ) 

6.  Additional  or  identical  tail  limitations  depend 

on  /A(.’v  \ prediction  method 

\ ' o]  VIWBH  ) 

n 


o 


METHODS  SUMI\ 


DERIVATIVE  CONFIG. 


WBT 

(Contd. 


(C'ontd.) 


SPEED 
RFC.  IMF 


SUBSONIC  - 'v‘  x 

(Contd.) 

I 7. 


I 01  Cl  IONS  I OR  DERIVATIVE  ESTIM, 
(l)n(coin  '.fciion  for  compononls  indica 


METHODS  SUMMARY 


RATIONS  FOR  DERIVATIVE  ESTIMATION 
(l)atcom  section  for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


Method  2 (verticil  tail  located  directly  above,  or  above  and 
slightly  behind  wing) 

(same  limitations  as  Method  I above) 


CL  /Cl/° 

M 

7. 1.2. 3 


(a!)/- 


(-)  8, 
\3  5/f  1 


7 1.2.3 


7. 1.2.3  6. 1.1. 1 

F.q.  7.1.2.3-a 


1.  M ^ M 

*_  r 

2.  Lift  coefficients  up  to  stall  (if  reliable  lift  and 
drag  data  are  available) 


3.  Straight-tapered  wings 

4.  Symmetric  airfoils  N 

5.  1 x 104 5 6  < Rt  < 15  x 10h  based  on  MAC 


cv  " 

Eq.  7.1.2.3-e 

1.2.2 

7. 1.3.3 

S 

a 

■ rv 

— - 

Eq.  7 1.2  3-g 

7.1  2 1 

7.1. 2. 2 

1 . Straight-tapered  wings 

2.  Stream  wise  wing  tips 

3.  l ow  lift  coefficients 


4.  Foremost  Mach  line  from  tip  may  not 
intersect  remote  half-wing 

5.  Supersonic  TE 


Method  2 Supersonic  leading  edgesfp  cot  A[);  > 1) 
(same  limitations  as  Method  1 above) 


i.  t body  diameter )/( wing  span ) 0.3 

? M • M 

• I 

•v  l lit  coelfiv icnts  up  to  stall  (it  reliable  litt 
and  drag  data  are  available) 


4 Straight-t.ipeicd  wings 

5 Symmetric  airfoils 

b.  I \ I 0h  s;  K,  c;  15  x I if*,  based  on  MAC 


•'  "I 


METHODS  SUMMA 


DERIVATIVE 


CONFIG. 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVATIVE  ESTIMATM 
(Datcom  section  for  components  indicated) 


(Contd.) 


WB 

(Contd.) 


WBT 


TRANSONIC 


(No  method) 


SUPERSONIC 


-c) 

a \ a / body  A(I  + X)  \ o / \ 'p  nr  / 


7. 1.2.3 


7. 1.2.1 


p 

7. 1.7. 2 


7. 1.3.3 


■(- 


a /body 
nil 

7. 1.2.3 


2x, 


'*■  1 A 
tan  A 


A( I + X)  2 


LF. 


a 


- C, 


7. 1.2.1  7. 1.2.2 


SUBSONIC 


= (cn  \ - — (g  cos  « + z sin  ar\[ — - /ACV  \ 

l "p/wb  bw  V p p )[  bw  J { Yd; 


V (WBH) 


7.3. 2.3 


5.3.1. 1 


■ (S)«  * 2 fcr]  («■.), 


7.3. 2.3 


'(C"p)wb  ~ 


Sp  cos  a + zp  sin  a)  f2z  - z 


I R3=]  K) 


V (WBH ) 


7.3. 2.3 


5.3. 1.1 


S -(S)»  * [^]K): 


7.3. 2.3 


1-44 


/ 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EOL  ATION  COMPONENTS 


Method  1 

Subsonic  leading  edges  (|3  cot  Alt  < 1) 

: i- 

Straight -tape red  wings 

2. 

Streamwise  wing  tips 

3. 

(Body  diameter)/(wing  span)  < 0.3 

4. 

Lift  coefficients  where  Cn  varies  linearly 
with  CL  p 

S 

5. 

Foremost  Mach  line  from  tip  may  not 
intersect  remote  half-wing 

6. 

Supersonic  TE 

Method  2 Supersonic  leading  edges  (»3  cot  AL£  > 1 ) 

(same  limitations  as  Method  1 above) 

— 1 

Eq.  7.4.2.3-a  Method  1 (conventionally  located  vertical  tails) 

(C"r)  wb 

1.  Straight-tapered  wings 

2.  Symmetric  airfoils 

3.  (Body  diameter)/(wing  span)  < 0.3 

4.  M < MCf 

5.  I x 106  < Rc  < 15  x I06  based  on  MAC 

6.  Lift  coefficients  up  to  stall  (if  reliable  lift 
and  drag  data  are  available) 

(ACy  ) 

\ 0/  VfWBIt) 

7.  Additional  or  identical  tail  limitations  depend 


Eq.  7.4.2.3-b 


on  /A Cv  \ prediction  method 

___  \ 1 0 I V(WBH  I 

(same  limitations  as  for  Eq.  7.4.2.3-a  above) 

(4C"-)r 

I.  Test  data 


Eq.  7.4.2.3-c  Method  2 (vertical  tails  located  directly  above,  or  above 
and  slightly  behind  wing) 

(same  limitations  as  for  Eq.  7.4.2.3-a  above) 


Eq.  7.4. 2. 3-d 


(same  limitations  as  Method  I above) 


METHODS  SUMIV 


DERIVATIVE  CONUG. 


SPEED 

REGIME 


UR  VI  IONS  IOR  DERIVATIVE  ES1IM4 
I |);iti  mi  section  for  components  mdicat 


(Contd.) 


WBT 

(Contd.) 


TRANSONIC 


SUPERSONIC  (No  method) 


SUBSONIC  (No  method) 


TRANSONIC  (No  method) 


SUPERSONIC  (No  method) 


(No  method) 


(No  method) 


(No  method) 


h eosa  + Zp  sin 


sin  a ^ ^ACy  ^ 


V(WM!) 


5. 3. 1.1 


r-,  ' 4 2(4C0, 


TRANSONIC  (No  method) 


SUPERSONIC  (No  method) 


SUPERSONIC  (No  me  I hod) 


METHODS  SUMMARY 


t-'-'TIONS  FOR  DERIVATIVE  ESTIM  ATION 

lC?-dcom  section  for  components  indicated) 
C\-. 

r.\~.  1 1 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


1.  Aperiodic  mode  only 

(Cy,)wb 

2.  Test  data 

/ACy  ) 

\ Y(J/V(WBH) 

j 

3.  Additional  tail  limitations  depend  on 

/A Cv  \ prediction  method 

\ * 0 / V (WBH) 

(Cy,  )wB  “<1  (4C%)  , . ■ 

1 . Test  data 

i 

1. 

1 

M < M i 

c r 1 

KX-, 

T 

N'o  curved  planforms  j 

3. 

No  twist  cii  dihedral,  if  non-stiaight-tapered  i 

4. 

5 , 

j 

t 'c  s'-  U.  1 it  cranked  wing  with  round  l.E  i 

M N O.n 

6. 

Linear-lift  range  i 

7. 

5°  j!  < r S°  i 

DERIVATIVE  CONFIG. 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVATIVE  ESTIMATION 
(Datcom  section  for  components  indicated! 


(Contd.) 


SUBSONIC  L 


♦ r * 


7.1. 3.2 


TRANSONIC  | (No  method) 


SUPERSONIC  (No  method) 


SUBSONIC  C.  * (c,  \ 

‘r  \‘,)s 


7.3.3. 2 


7. 1.3.2 


— ( 8 cos  a + 7 sin 
.2  \ p p 


aj  ^zp  cos  a - Cp  sin  a j ^ACY  j 


S.3.1.1 


C,  = I c.  j --  • ( fi  cos  a + 7,  sin 

'r  \ r / WB  bw  V P p 

'TTUT 


‘na)K 


/ AC  \ 

' = (c.  \ + 2 /AC,  \ 

' l WSVB  ACv,Ubh,  l W 


7.3 .3.2 


<i  / V'AVBH) 

HU" 


UMMARY 


ESTIMATION 
Is  indicated) 


Eq.  7. 1 ,3.2-a 


.3.2  6.1. l.l 


METHOD  I.  IM  IT  AT  IONS  ASSOC  I A I I I)  \M  I H 
EQUATION  COMPONLM  S 


1.  (Body  diarneter)/(wing  span)  < 0.3 

2.  M<M„ 


(AU 


3.  No  curved  plantorms 

4.  No  twist  or  dihedral,  if  non-straight-tapered 
wing 

5.  t/c  < 0.1  if  cranked  wing  with  round  LK 

'6.  M « 0.6 

7.  Linear-lift  range 

8.  -5°  « 0 < +5° 


1.  No  curved  planforms 

2.  No  twist  or  dihedral,  if  non-straight-tapered 
wing 

3.  t/c  < 0. 1 if  cranked  wing  with  round  Lb 

4.  (Body  diameter)/(wing  span)  < 0.3 

5.  M « 0.6 

6.  M < M 

cl 

7.  Linear-lift  range 

8.  -5°«/3«+5° 

/acy  \ 

\ 1 S/  V(WBH) 

9.  Additional  or  identical  tail  limitations  depend  on 


prediction  method 


(CC», 

(same  limitations  as  for  Eq.  7.4.3. 2-u) 

(ACJ:, 


1,  Test  data 


Eq.  7.4.3.2-c 


(same  limitations  as  for  Eq.  7.4.3. 2-a) 
/AC  \ . /A(\.  ) .and /AC.  ) 

\ a / l>  \ * a / V (WBH  ) V o)  P 


I.  lest  data 


METHODS  SUMMA 


DERIVATIVE  CONFIG. 


Contd. 


WKT 

(Contd.) 


SPEED 

REGIME 


SUPERSONIC  I (No  method) 


EQUATIONS  FOR  DERIVATIVE  ESTIMATE 
(Dateom  section  for  components  indicated] 


subsonk:  c-r=  “ c^+Ut  Cdo 


7.1. 3. 3 


7. 1.3:3 


TRANSONIC  I (No  method) 


SUPERSONIC  I (No  method) 


SUBSONIC  C. 


TRANSONIC  j (No  method) 


SUPERSONIC  I (No  method) 


SUBSONIC  C„  - (C„^WB  + coSa  + ZpSinaj^ACy^ 


V (WBH) 


7.3. 3. 3 


5.3. 1.1 


" r (^"ij  WB  1 I'AC 


(AS): 


7. 3. 3.3 


» I V (WBH ) 

TTu 


TRANSONIC  (No  method) 


SUPERSONIC  (No  method) 


ODS  SUMMARY 


y:  ..RIVATIVE  ESTIMATION 
'r  components  indicated) 


METHOD  LIMITATIONS  ASSOC  IATED  WITH 
EQUATION  COMPONENTS 


Eq.  7.1.3.3-s 


1.  No  twist  nor  dihedral 

2.  Lift-coefficient  range  for  which  CB  varies 

linearlv  with  C.  1 


Eq.  7.1.3.3-a 


1.  No  twist  nor  dihedral 

2.  Lift  coefficient  range  for  which  Cn  varies 

linearly  with  C,  r 


1 a / V(WBH) 


5.3. 1.1 


1.  Aperiodic  mode  only 

Eq.  7 .4.3.3**  /C  \ 

\ “r/W  8 

2.  No  twist  nor  dihedral 

3.  Lift-coefficieni  range  for  which  Cn  varies 

linearly  with  1 

/ACy  \ 

\ ‘ 0 / V (WBH ) 

4.  Additional  tail  limitations  depend  upon 


(“*.) 


V (WBH  1 


prediction  method 


Eq.  7.4.3.3-b 


(same  limitations  as  for  Eq.  7.4.3.3-a  above) 
1.  Test  data 


r-.- 


- V*  T*  TT,  ’ . -«*  i.  "*  d* 


' ' •* j "•, — *v-";;  •*•.  *«%  '. " 


methods  sun 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


EQUATIONS  For  DERIVATIVE  ESTI 
( Dotcom  section  for  components  md 


W SUBSONIC 

(two  dim) 


•[ltk'(?)l6'(s -cOtc“4ftf'+k'0l8'(c*i 

6.1  1.1  6.1. 1.1  6.1. 1.1  6.1. 11  6.1. 1.1  6.1.1 


riHODS  SUMMARY 


' derivative  estimation 

5 ‘ for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


1.  Linear-lift  range 

2.  Other  limitations  depend  upon  type  of  flap 
(see  Equations  -c  through  -j  below) 


1.  Linear-lift  range 

2,  Other  limitations  depend  upon  type  of  flap 
(see  Equations  -c  through  -j  below) 


1.  Plain  trailing-edge  flaps  with  sealed  gaps 

2.  No  beveled  trailing  edges 

3.  No  compressibility  effects 


(a)  Single-slotted  flaps 

(b)  Fowler  flaps 

1.  Near  fully  extended  position 

2.  Slot  properly  developed 


Eq.  6.1.1.1-e  I (a)  Single-slotted  flaps 
<b)  Fowler  flaps 


1 . Double-slotted  flaps 

2.  Ratio  of  forward-flap  chord  to  aft-flap  chord  < 0.60 


1 . Double-slotted  flaps 

2.  Ratio  of  forward-flap  chord  to  aft-flap  chord  — 1 .0 


1.  Jet  flaps  (first  approximation  for  multislotted  flaps) 

2.  Linearized  thm-airfoil  theory 

3.  No  trailing-edge  separation 

4.  No  augmentor-wing  concept 

5.  Not  valid  for  low  values  of  C 


f S SUMMARY 


ATIVE  ESTIMATION 

[]  Hpoiu-nts  indicated) 


Eq.  6.1.1.2-a 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


I ,ejding-edge  flaps 
1 hin-airfoil  theory 


1.  Thin-airfoil  theory 

(a)  Krueger  flaps 

(b)  Leading-edge  slats 


1.  Plug  or  flap  spoiler 

2.  Zero-lift  region 


1 . Fixed-hinge  trailing-  and  leading-edge  flaps 

2.  6f  < 20'J  for  plain  flaps 

3.  Sf  < 30°  for  single-slofled  and  Fowler  flaps 

4.  5f  < 60°  for  double-slotted  flaps 

5.  5f  ^ 45°  for  split  flaps 

6.  No  separated  flow 

______  __ V 

1 Translating  trailing-edge  flaps  and  leading-edge 
slats 


Jet  flaps  (first  approximation  for  multislotted  flaps) 
Linearized  thin-airfoil  theory 
No  trailing-edge  separation 
No  augmentoi-wing  concept 
Not  valid  for  low  values  of  C 


Spoilers 
. a > 0 

. ce  < 0 


Trailing-edge  flaps 


1.  Thin-airfoil  theory 

(a)  Leading-edge  flaps 

2.  No  Krueger  flaps 

3.  Sf  < 30° 

(b)  Leading-edge  slats 

4.  5S  < 20° 


*ODS  SUMMARY 


•;  RIVATIVL  ESTIMATION 
r components  indicated) 


Method 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  C OMPONENTS 


Plain,  split,  and  multislotted  trailing-edge  flaps 
Linear-lift  range 


Ace  (depends  upon  type  of  Hap) 


Method  2 

I.  Plain  trading-edge  flaps 
2 Subcritical  Mach  numbers 
3.  Linear-lift  range 


1.  Small  leading-edge  devices 

2.  Thin-airioil  theory 
Acg  (depends  upon  type  of  flap) 


1.  Jet  flaps  (first  approximation  formultislotted 
flaps) 

2.  Linearized  th  in-airfoil  theory 

3.  No  trailing-edge  separation 

4.  No  augmentor-wing  concept 

5.  Not  valid  for  low  values  of  C„ 


Leading-  and  trailing-edge  mechanical  flaps 
No  separated  flow 


1.  Jet  flaps  (first  approximation  for  multislotted  flaps) 

2.  Linearized  thin-airfoil  theory 

3.  No  trailing-edge  separation 

4.  No  augmentor-wing  concept 

5.  Not  valid  for  low  values  of  C 

u 


1.  Portion  of  c,_  curve  below  the  moment  break 
Acv,  (depends  upon  type  of  flap) 


« 


METHODS  SI 


SUMMARY 


1VE  ESTIMATION 
inents  indicated) 


MI'TIIOD  LIMITATIONS  ASSO(  I A 1 LI)  WITH 
FQUATION  COMPONL  NTS 


Radius-nose,  sealed,  trading-edge  Haps 
Tangent  of  half  the  trading-edge  angle  = t/c 
No  separated  How 
Low  speeds 


Radius-nose,  sealed,  trailing-edge  flaps 
Tangent  of  half  the  trailing-edge  angle  =£  t/c 
No  separated  flow 
Low  speeds 


Control  with  nose  balance 


Radius-nose,  sealed,  trailing-edge  flaps 
No  separated  flow 
Low  speeds 


Airfoils  with  sharp  'leading  and  trailing  edges 
Symmetric,  straight-sided  flaps 
c-/c  < 0.5 

Small  flap  deflections 
Small  angles  of  attack  - 

Flow  field  supersonic  and  inviscid 
No  separated  flow 


.Ajrfoils  with  sharp  leading  and  trailing  edges 
Symmetric,  circular-arc  airfoils 
cf/c  < 0.5 

Small  flap  deflections 

Small  angles  of  attack 

Flow  field  supersonic  and  inviscid 

No  separated  flow 


' HODS  SUMMARY 

:* 

p , * 

- ; )ERI  VAT1VE  ESTIMATION 
.■‘•.''or  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


bq.  0.1.3.2-a 


Eq.  6.1.3.2-b 


Eq.  6.1.3.2-d 


Eq.  6.1.3.2-e 


Eq.  6. 1 .3.3-a 


1.  Radius-nose,  sealed,  trailing-edge  flaps 

2.  Tangent  of  half  the  trailing-edge  angle  " t/c 

3.  No  separated  flow 

4.  Low  speeds 


Radius-nose,  sealed,  trailing-edge  flaps 
Tangent  of  half  the  trailing-edge  angle  ^ t/c 
No  separated  flow 
Low  speeds 


Eq.  6.1.3.2-c  | 1. 

tl 

ch. 


Control  with  nose  balance 

Radius-nose,  sealed,  trailing-edge  flaps 

No  separated  flow 

Low  speeds  ' 


Airfoils  with  sharp  leading  and  trailing  edges 

Symmetric,  straight-sided  flap 

cf/c<0.5 

Small  flap  deflections 
Small  angles  of  attack 
Flow  field  supersonic  and  inviscid 
No  separated  flow 


1. 

Airfoils  with  sharp  leading  and  trailing  edges 

2. 

Symmetric,  circular-arc  airfoil 

3. 

cf/c  < 0.5 

4. 

Small  flap  deflections  i 

5. 

Small  angles  of  attack 

6. 

Flow  field  supersonic  and  inviscid 

7. 

No  separated  flow 

1 

l . 

-18°  < 6t  < 18° 

2. 

Does  not  account  for  effects  of  airfoil  thickness, 
control-surtace  gaps,  control  nose  balance,  and 

TE  angle 

3. 

Low  speeds  j 

4. 

Linear  hinge-moment  range  j 

i 

DERIVATIVE 


CONFIG. 


SPEED 

REGIME 


jfriMATION 

L licated) 


r 


Eq.  6. 1.3.4  a 


ME!  HOI)  l IMITATIONS  ASSOC  1 All  .1)  WITH 

1 QH  A 1 ION  C OM  PON  ENTS 

1. 

18°  <6,  < 18° 

Does  not  account  for  effects  of  airfoil  thickness, 
control-surface  gaps,  control  nose  balance,  and 

TH  angle 

3. 

Low  speeds 

4. 

Linear  hinge-moment  range 

Acs  (depends  upon  type  of  flap) 

a 

l. 

Mechanical  flaps 

2. 

Straight-tapered  wings 

1. 

Jet  flap  1BF  configuration 

2. 

Small  angles  of  attack 

3. 

Linearized  thin-airfoil  theory 

4. 

No  trailing-edge  separation  ' 

5. 

No  augmentor-wing  concept 

6. 

Not  valid  for  low  values  of  C} 

1. 

Jet  flap  EBF  configuration 

2. 

Small  angles  of  attack 

3. 

Linearized  thin-airfoil  theory 

4. 

No  trailing-edge  separation 

5. 

No  augmentor-wing  concept 

6. 

Not  valid  for  low  values  of 

Eq.  6.1.4.1-b 


Eq.  6.1.4. 1 -c 


Eq.  6. 1 .4, 1-e  CL 


8 M = 0.6 

1.  Straight-tapered  wings 


8 M =0.6 


2.  Plain  trailing-edge  Haps 

3.  0A  >2 

4.  < 60° 

5.  No  beveled  trailing  edges 

6.  No  compressibility  effects 


7.  Symmetric  airfoils  of  conventional  thickness 
distribution 


‘*r'*r 


METHODS  SU 


t-i 


F;-: 

hi 


DERIVATIVE 

CONFIG. 

SPEED 

REGIME 

EQUATIONS  FOR  DERIVATIVE.  ES 
(Da (com  section  for  components  ii 

C, 

M 

(Contd.) 

W 

(Contd.) 

SUPERSONIC 

! 

<.Ta!  6.C4.1  ! 

! 

j 

i 

i 

N 

N). 

W 

SUBSONIC 

/C,  \ - (C,  \ (same  as  for  unflapped  wings) 

\ a/ 6 \ a ' s « O' 

4. 1.3.2 

( 

1 

(cg.  - [(!- ')  -f . 

fc'-X-o  +(fL-)s-0 

4T.X2  4A12 

6.1. 4.1 

fr  1 1 Cj(c°s  5j  .f  -I)  j 

= [[K(At>C;)  -!j  Kb  + l.oj+  57  3 

6. 1 .4.2  6. 1 .4.2  6.1. 4.1 

i 

L — 1 

r« 


ii  1 !■  t i’r  * " ^ ’ 


HODS  SUMMARY 


! 


| 


! 


DERIVATIVE  ESTIMATION 

METHOD  LIMITATIONS  ASSOCIATED  WITH 

for  components  indicated) 

EQUATION  COMPONENTS 

Eq.  6. ! .4.1-f 

1. 

Leading  and  trailing  edges  of  the  control  surface 
are  swept  ahead  of  Mach  lines  from  the  deflected 

controls 

*\ 

Control  root  and  tip  chords  are  parallel  to  the 

- 

3. 

plane  of  symmetry 

Controls  are  located  either  at  the  wing  tip  or  far 

enough  inboard  so  that  the  outermost  Mach  lines 
from  the  deflected  controls  do  not  cross  the 

wing  tip 

4. 

Innermost  Mach  lines  from  deflected  controls  do 
not  cross  the  wing  root  chord 

5. 

Wing  planform  has  leading  edges  swept  ahead  of 
Mach  lines  and  has  streamwise  tips 

6. 

Controls  are  not  influenced  by  tip  conical  flow  from 
the  opposite  wing  panel  or  by  the  interaction  of 
the  wing-root  Mach  cone  with  the  wing  tip 

7. 

Symmetric,  straight-sided  flapg 

1. 

Nontranslating  leading-  and  trailing-edge  flaps 

2. 

No  separated  flow  on  wings  and  flaps 

N... 

3. 

No  curved  planforms 

4. 

M < 0.80,  t/c<0.Uf  cranked  planform  with  round  L 

Eq.  6.1.4.2-t 

1. 

Translating  leading-  and  trailing-edge  flaps 

2. 

No  separated  flow  on  wings  and  flaps 

N.. 

0 

3. 

No  curved  planforms 

4. 

M < 0.80,  t/c  < 0.1, if  cranked  planform  with  round  L 

6. 1.4. 1 

Eq.  6.1.4.2*b 

1. 

Jet  flaps 

2. 

A > 5 

1) 

(Cl  ) 

'-a's 

57.3 

3. 

No  separated  flow  on  wings  and  flaps 

4. 

No  curved  planforms 

5. 

M < 0.80,  t/c  < 0. 1 , if  cranked  planform  with 
round  LE 

fHODS  SUMMARY 


R DERIVATIVE  ESTIMATION 
in  for  components  indicated) 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


Eq.  6.1.4.3-a 


1 . Mechanical  trailing-edge  flaps 


j 


Eq.  6.1.4.3-b 

1 . Slats  (first -order  approximation) 

1.  First-order  approximation  for  EBF  configuration 

Eq.  6.1.5.I-a 

1.  Linear-lift  range 
^ 2.  Ac„  < 45°  • 

ACl  (depends  upon  type  of  flap) 

3.  Mechanical  flaps  v 

4.  Straight-tapered  wings 

Eq.  6.1.5.1-k 

1.  Linear  aerodynamic  control  characteristic  region 
C,  (depends  upon  type  of  flap) 

A 

x/c 

2.  Linear-lift  range 

3.  Subcritical  Mach  numbers 

lot  teci  - . 

<t»t*  Eq.  6.1.5. 1-8 

1 . Mechanical  leading-edge  devices 

2.  Constant  flap-chord-to-wing-chord  ratio 

3.  Thin-airfoil  theory  „ • 

6.1.5.16.1.5.1 

°X  SK  1 Axk  | 

» 57.3  Sw  ~C*kJ  c J Eq.  6.1.5.1-u 

6.1.5. 1 6.1.5. 1 6.1.5. 1 

1 . Jet  flaps  (first  approximation  for  multislotted  flap 

2.  Linearized  thin-airfoil  theory 

3.  No  trailing-edge  separation 

4.  No  augmentor-wing  concept 

5.  Not  valid  for  low  values  of 

Eq.  6.1.5.1-w 

1 . Linear  aerodynamic  control  characteristic  region 

CL 

2.  Straight-tapered  wings 

3.  Plain  trailing-edge  flaps  with  sealed  gap 

4.  No  beveled  trailing  edges 

5.  0A  > 2 

6.  Afi  < 60° 

7.  Symmetric  airfoils  with  conventional  thickness 
distribution 

8.  No  compressibility  effects 

9.  a = 0 

^ METHODS  SUI) 


6.1  5.1  6. 1.5.1  6. 1.5.1  6.:. 1.1  (1.1.5. 1 


] 

i 

! 

! 

i 

V 

CH„ 

w 

SUBSONIC 

A cos  A 

C.  = '■ K \ + AC. 

na  A + 2 COS  Ac/4  \ “/  balance  "a 

6. 1.3.1  6. 1.6.1 

TRANSONIC 

(No  method) 

SUPERSONIC 

L 

;(C0,,.  -('  - ^ A.)*., 

6. 1.6.1  6. 1.6.1 

HODS  SUMMARY 


DERIVATIVE  ESTIMATION 
for  components  indicated) 

METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 

x(  St 

C’  - K,  - — C'L  Eq  6.1.5.1-q 

6 c Sw 

2.1.1  6. 1.5.1  6.1 .4.1 

1 . Linear  aerodynamic  control  characteristic  region 

2.  Symmetric  straight-sided  controls 

3.  Leading  and  trailing  edges  of  the  control  surface  are 
swept  ahead  of  Mach  lines  from  the  deflected 
controls. 

4.  Control  root  and  tip  chords  are  parallel  to  the 
plane  of  symmetry 

5.  Controls  are  located  either  at  the  wing  tip  or  far 
enough  inboard  so  that  outermost  Mach  lines  from 
the  deflected  controls  do  not  cross  the  wing  tip 

6.  Innermost  Mach  lines  from  deflected  controls  do 
not  cross  the  wing  root  chord 

7.  Wing  planform  has  leading  edges  swept  ahead  of 
Mach  lines  and  has  streamwise  tips 

8.  Controls  are  not  influenced  by  tip  conical  flow 
from  the  opposite  wing  panel  or  by  the  interaction 
of  the  wing-root  Mach  cone  with  the  wing  tip. 

C’  ' 

9.  Plain  trailing-edge  flaps 

10.  Thin  wings 

Eq.  6. 1.6.1 -a 

1.  High  aspect  ratios  (A  > 3) 

2.  Ends  of  control  surfaces  parallel  to  plane  of 
symmetry 

3.  Neglects  subcritical  Mach-number  effects 

4.  Sealed,  plain  trailing-edge  controls 

5.  No  separated  flow 

6.  Low  speeds 

Eq.  6. 1.6.1 -b 

1.  Symmetric,  straight-sided  controls 

2.  Control  root  and  tip  chords  are  parallel  to  the 
plane  of  symmetry 

3.  Wing  planform  has  leading  edges  swept  ahead  of 
Mach  lines  and  has  streamwise  tips 

4.  Controls  are  not  influenced  by  tip  conical  flow 
from  the  opposite  wing  panel  or  by  interaction  of 
the  wing-root  Mach  cone  with  the  wing  tip. 

METHODS 


6. 1.6.2 


h*  SUMMARY 


t-V'IVK  tSTIMA  I ION 
jv :>nen  Is  indicated) 


Hq.  ft.  1 ,6.2-b 


Ml  I MOD  ! IMI I A I IONS  ASSO<  I MID  \M  I II 
IOD  \ I ION  COM  PON  IMS 


Scmmetiic  biconvex  airfoil 

Otlioi  limitations  identical  to  Ikons  2 through  4 
immediately  above 


1.  High  aspect  ratios  (A  > 3) 

2.  Lnds  of  control  surfaces  parallel  to  plane  of 
symmetry 

3.  Neglects  subcritical  Mach-number  effects 

4.  Sealed,  plain  trailing-edge  flaps 

5.  No  separated  How 

ft.  Low  speeds  N 


Symmetric,  straight-sided  controls 

Leading  and  trailing  edges  of  the  control  surface 

are  swept  ahead  of  Mach  tines  from  the  deflected 

controls 

Control  root  and  tip  chords  are  parallel  to  the 
plane  of  symmetry 

Controls  are  located  either  at  the  wing  tip  or  far 
enough  inboard  so  that  outermost  Mach  lines  from 
deflected  controls  do  not  cross  the  wing  tip 
Innermost  Mach  lines  from  deflected  controls  do 
not  cross  the  wing  root  chord 
The  wing  planfonn  lias  leading  edges  swept  ahead 
of  Mach  lines  and  Inis  streamwise  tips 
Controls  arc  not  influenced  by  tip  conical  How 
from  the  opposite  wing  panel  or  by  interaction  of 
the  wing-root  Mach  cone  with  the  wing  tip 


Lq.  ft.  I .ft. . -I 
with  different 
correction  factor 


Symmetric  biconvex  airfoil 

Other  limitations  identical  to  Items  2 through  7 
immediately  above 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


SUBSONIC  C„ 


METHODS  SUn 


1 Ol' VI  IONS  KIR  UtRIVAl IVI;  I.S1 
iDiitcom  .section  t'vn  components  in< 


TRANSONIC  (No  method) 


SUPERSONIC  AC 


r A 

“l  [ Gk  {bkk  Gk  ^ 6J  Bkn  Gn} 


f>.1.7  0.1.7  6.1.7 


:1  {b 


G 

VV  V 


1 . 1.76.1.7  6.1.7 


(1-5  ) B G„  \ sir 

s 1 vn'  vn  n i 


6.1.7  6.1.76.1.7 


6.1.76.1.76.1.7 


6. 1.4.1 


(ACL  V 
/ 1 Lf/ 


Acd  Kv  + K'  v 

df  ^ . rrA 

6.1.7  6. 1.4.1  6.1.7 


D*  V, 


D Wftve/6  «0 


- 1 1 (CD 


wpvc/5  =0 


4.1.5. i 


SUBSONIC  C,  - !«6i  CJ 


6.1. 1.1  6.2.1. 1 


Art', 

0.2.1  I bTTl 


"7 \poiler-4lot-dc (lector  ^ | ^ ^ plain  spoiler 

62.1.1  0.2. 1.1 


i.  . 

- --  . m.^..  |.  _»■  j..  ......  — ,n>^  


HODS  SUMMARY 


i DERIVATIVE  ESTIMATION 
n for  components  indicated) 


6.2.1. 1 

/A\.S 

V2bw/  CL, 


6.1. 4.1 


F \1  SHe 

’h  J *i  ' 

61L2 


4. 1.3.2 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


(C,)M,0  6 (depends  upon  type  of  control) 


Eq.  6.2.1. 1-g 


1. 


I. 


Eq.  6.2.1.14) 


3. 


4. 

5. 

6. 


Eq.  6.2.1.2-a 


7. 

8. 

1. 


1. 

2. 

3. 


d£ 

da 

4. 

5. 


Symmetric  airfoils  of  conventional  thickness 
distribution 

A < 3 if  composite  wine 
a = 0 

»o.« 

No  curved  planform 

t/c  < 0.10,  if  cranked  planform  with  round  LE 


Plain  trailing-edge  flaps 

Leading  (hinge  line)  and  trailing  edges  of  control 
surfaces  are  supersonic  (swept  ahead  of  Mach  lines)! 
Control  surfaces  are  located  at  wing  tip  or  far 
enough  inboard  to  prevent  outermost  Mach  lines 
from  control  surfaces  from  crossing  wing  tip 
Innermost  Mach  lines  from  deflected  control 
surfaces  do  not  cross  root  chord 
Root  and  tip  chords  of  control  surfaces  are 
streamwise 

Controls  are  not  influenced  by  tip  conical  (low 
from  opposite  wing  panel  or  by  interaction  of 
wing-root  Mach  cone  with  the  wing  tip 

Thin  wings 


Symmetric,  straight-sided  controls 


Plug  or  flap-type  spoilers 


Differentially  deflected  horizontal  stabilizer 
Horizontal  tail  mounted  on  body 
No  separated  flow  on  horizontal  tail 


Straight-tapered  wing 


be 


Other  limitations  depend  upon  — - prediction 
method  da 


e 


6.  No  curved  planforms 

7.  M < 0.8,  t/c  < 0.10,  if  cranked  planform  with 
round  LE 


A 

\ 


1 


methods  sumi 


DERIVATIVE  CONFIG. 


K;  (Contd.) 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVATIVE  ESTIM 
i Da  (com  section  for  components  mdici 


SUPERSONIC  C,  = 0.35 


TRANSONIC  (Same  as  subsonic  equation) 


(Same  as  supersonic  equation) 


W SUBSONIC  C = K C.  C. 

n L 

6.2. 2.1  6.2. 1.1 


<*L  -4«> 


Figures  6.2.2.1-10,  6.2.2. 1-1 1 


^spoiler-slot-deflrctoi  ^ [ n V12*11  »poiter 

6.22.1  6.2.2. 1 


V 

y;~ 

h/-' 


^HODS  SUMMARY 


i-  '■ 
fV 

f - 

k 


R DERIVATIVE  ESTIMATION 
f on  for  components  indicated) 


1,1 

— 

1. 

Differentially  deflected  horizontal  stabilizer 

1 

M < 1 .0 

3. 

Body-mounted  horizontal  tail 

4. 

No  separated  flow  on  horizontal  tail 

de 

i 

- 

da 

c 

i 

Straight-tapered  wing 

6. 

Proportional  to  C, 

1 

CL 

“ttje 

j 

1 

7. 

Symmetric  airfoils  of  conventional  thickness 

8. 

distribution 

A < 3 if  composite  wing 

9. 

a = 0 i 

j 

l 

1. 

M > 1 .0  1 

(Same  limitations  as  for  M < 1.0  above  except  j 
those  of  del 9a)  v 

yH  sh 

1. 

Differentially  deflected  horizontal  stabilizer 

x 

\ 1 //->  \ e C„  C T 1 -o 

2 

Body-mounted  horizontal  tail 

No  separated  flow  on  horizontal  tail 

3. 

4.3. 1.2 

4.  r.3 .2 

(S 

“Je 

4. 

Breaks  in  LE  and  TE  at  same  spanwise  station  j 

5. 

M > 1 .4  for  straight-tapered  planforms 

6. 

1.2  < M < 3 for  double-delta  planforms 

7. 

1 .0  < M < 3 for  curved  planforms 

Eq.  6 2.2.l-a 

1. 

Aileron-type  controls  * 

2. 

No  separated  flow 

3. 

Neglects  contributions  due  to  profile  drag 

Cc 

4. 

0A  ^ 2 : 

5. 

Afl  < 60° 

6. 

No  beveled  TE  j 

7. 

No  compressibility  effect 

8. 

M < 0.6 

s 

Plug  and  flap-type  spoilers 

0.02  <6^0  <0.10 

■ 

a = 0 

Eq.  6.2.2. l b 

1. 

2. 

Spoiler-slot-deflector 
a = 0 

3. 

Vsd  - 1.0 

<Cn 

^plain  spoiler 

4. 

Plain,  flap-type  spoiler 

METHOD  LIMITATIONS  ASSOC  IATED  WITH 
EQUATION  COMPONENTS 


* 


£i 


k * - 
- 


i 


►-.* 


METHODS i 


DERIVATIVE  CONFIG. 


SPEED 

REGIME 


EQUATIONS  FOR  DERIVAllV 
(Datcom  section  for  com  pone 


TRANSONIC  C - (CB)M,0.4 


6.2.2.!  4. 1.3. 2 


SUPERSONIC  Figure  6.2.2.1-13 


Figure  6.2.2.1-14 


ALL  SPEEDS  (No  method) 


SUMMARY 


; i FOR  DERIVAT  1VE  ESTIMATION 
'■  action  for  components  indicated) 


Eq.  6.2.2. 1-c 


METHOD  LIMITATIONS  ASSOCIATED  WITH 
EQUATION  COMPONENTS 


(Cn>M 


= 0 6 


Aileron-type  controls 
(3A  > 2 
A„  < 60° 


No  beveled  TL 
No  separated  flow 
No  compressibility  effects 
Neglects  contributions  due  to  profile  drag 

( ^ a)  M =0.6 

8.  Straight-tapered  wings 

CL. 

9.  Symmetric  airfoils  of  conventional  thickness 
distribution 

10.  0=0 


1.  Aileron-type  controls 

2.  Neglects  contributionsvdue  to  profile  drag 


1 . Plug  and  flap-type  spoilers 
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2.1  GENERAL  NOTATION 

A complete  summary  and  definition  of  all  notation  used  in  the  Datcom  is  given  in  this  section.  The 
summary  is  divided  into  upper  and  lower  case  English,  upper  and  lower  case  Greek,  derivatives,  and 
abbreviations.  In  all  cases  a general  alphabetical  listing  is  used.  Throughout  the  Datcom  units  are  in 
pounds,  feet,  seconds,  and  degrees  unless  otherwise  specified. 


A.  ENGLISH  SYMBOLS 


SYMBOL 

A 

A',  A" 

A 

An 


DEFINITION 

b2 

aspect  ratio  of  surface,  based  on  total  planform,  — 
aspect  ratios  of  forward  and  aft  surfaces,  respectively 


transonic  aspect-ratio  similarity  parameter,  Al 
de 

duct  aspect  ratio,  — - 
c 


(i)"5 


SECTIONS 

Several 

4.5. 1.1 

7.4.1. 1 

7.4.4. 1 

4 1.4.2 


9.3 

9.3.1 

9.3.2 

9.3.3 


aspect  ratio  of  auxiliary  horizontal  surface,  aft  tail  or  canard, 


Several 


■^H  eH 


~Ue 

(A)v 

A,, 


aspect  ratio  of  exposed  horizontal  tail 

effective  aspect  ratio  of  horizontal  stabilizer 
inlet  duct  area  for  jet  engine 

aspect  ratio  of  exposed  lower  vertical  panel 


geometric  aspect  ratio  of  isolated  vertical  panel,  with  span  and  area  of  panel  measured 
to  body  center  line 

aspect  ratio  of  exposed  upper  vertical  pane) 


(A). 


V (B) 


aspect  ratio  of  vertical  panel  in  presence  of  body 


6. 2.1. 2 

4. 5. 3. 2 

4.6 

4.6.1 

4.6.3 

Several 

Several 

Several 

Seyeral 


2.1 


SYMBOL 

DEFINITION 

X 

> 

< 

vertical-panel  aspect  ratio  in  presence  of  horizontal  tail  and  body 

Aw 

aspect  ratio  of  wing 

Abw 

aspect  ratio  of  the  basic  wing 

Ae 

be2 

aspect  ratio  of  exposed  (panels  joined  together)  surface,  — — 

Se 

a;<a;' 

aspect  ratios  of  forward  and  aft  exposed  surfaces,  respectively 

A 


eff 


A;ff 

(Ae)i 


A0 

a; 

A, 

A, 


Al>  A2 

a 


1.  effective  aspect  ratio  of  surface  as  determined  by  tip  flow  separation 

2.  effective  aspect  ratio  of  the  vertical  panel 

effective  aspect  ratio  of  forward  surface  as  determined  by  tip  flow  separation 


aspect  ratio  of  exposed  inboard  panels  of  wing 


aspect  ratio  of  flap  or  control  surface,  — - 

sf 


aspect  ratio  of  glove  of  a double-delta  or  a cranked  wing 

b. 

1 

1 aspect  ratio  of  that  portion  of  main  surface  immersed  in  propeller  slipstream, — 

- ci 

2,  aspect  ratio  of  planform  formed  by  the  two  int  'd  panels  of  wing 
aspect  ratio  of  planform  formed  by  the  two  outboard  panels  of  wing 

aspect  ratio  of  planform  formed  by  the  two  constructed  outboard  panels  of  wing 


aspect  ratio  of  a particular  spanwise  wing  section 

1.  aspect  ratio  of  wing  based  on  total  wing  area,  including  flap  extension 

2.  aspect  ratio  of  total  wing  based  on  extended  wing  chord,  using  the  particular 
section  value  for  the  chord 

aspect  ratio  of  constructed  panels  of  non-straight-tapered  wings 

1.  difference  in  lift-curve  slope,  or  (Ci  atMfj,)  - (A’l  at  J 

tan  AHL 

2.  

a 


SECTIONS 

Several 


Several 


Several 


Several 


4.4.1 

4 5,1.1 
4. 5. 1.2 

7.4. 1.1 


4.4.1 

5.3  1.1 

5.6.1. 1 


Several 


4.5. 1.1 

4.3. 2.2 


6. 1.6.1 
6. 1.6.2 
6.2.1  1 

4. 1.3.2 
5. 1.2.1 


4.6 

4.6.1 

Several 

4 1.5.1 

4. 1.5.2 

4. 1.4.2 

4.3. 2. 2 

5. 1.2.1 

6.1.5. 1 


6.1.4. 1 

6.1. 4.2 

6.1.5. 1 


4.1.3  2 
4. 1.3.2 


6. 1.6.1 


2.1-2 


SYMBOL 


DEFINITION 


SECTIONS 


3.  distance  from  the  quarter-chord  point  of  the  MAC  of  the  horizontal  tail  to  the  4 4 1 

plane  of  tip  vortex  cores  4 5.1.1 

7.4.4. 1 

4.  major  axis  of  elliptical-body  cross  section  4. 2. 1.2 

4. 2. 2. 2 

4.2.3. 1 

4. 2. 3. 2 

5.  propeller  inflow  factor  4.6 

4.6.4 

6.  forward  diameter  of  a cone  frustum  4.2.2. 1 

7.  linear  acceleration  8.1 

8.  nose  diameter  of  forebody  or  base  diameter  of  afterbody  4.2.3. 1 

9.  speed  of  sound  6.3.2 

at  speed  of  sound  at  nozzle  throat  6.3.2 

blade  section  lift-curve  slope  9.1 

a j , , ...  diameter  at  forward  end  of  given  body  segment  Several 

a.C.  aerodynamic  center  of  wing  Several 

(a.C.)v  aerodynamic  center  of  the  vertical  panel  • 5.3.3. 1 

B 1.  s/l  M2  cos2  Ac/4  Several 

2.  parameter  accounting  for  changes  in  circulation  4.7 

4.7.1 

3.  number  of  propeller  blades  9.1 

9.1.1 
9.1.3 

Bkn  parameter  in  span-loading  calculation  6.1.7 

Byn  parameter  in  span-loading  calculation  6.1.7 

By  , Bj  , . . .Bjj  drag-due-to-lift  regression  coefficients  4. 3. 3. 2 

Bj  parameter  accounting  for  effect  of  control-surface  and  balance-chord  ratios  on  6.1 .6.1 

hinge-moment  derivative  6.16.2 

b 1.  difference  in  lift-curve  slope,  or  at  ^fb)  ~ ^b)  4. 1.3. 2 


2.  surface  span 


Several 


SYMBOL 

DEFINITION 

SECTIONS 

3.  minor  axis  of  elliptical-body  crow  section 

4. 2. 1.2 

4.2. 2.2 

4. 2. 3.1 

4. 2. 3.2 

4.  span  of  slot  nozzle  (normal  to  flow  direction) 

6.3.2 

b' 

propeller  blade  chord 

9.1 

9.1.1 

9.1.3 

b\  b" 

total  spans  of  forward  and  aft  surfaces,  respectively 

Several 

b' 

average  blade  chord 

9.1 

9.1.1 

°E 

span  of  trailing-edge  extension  of  double-delta  and  cranked  wings 

4. 1.3.2 

bH 

total  span  of  auxiliary  horizontal  surface,  aft  tail  or  canard 

Several 

bH« 

total  span  of  exposed  horizontal  tail 

6.2.1. 2 

bu 

span  of  vertical  panel  below  body  center  line 

Several 

span  of  exposed  lower  vertical  panel 

Several 

by 

1.  span  of  vertical  panel  extended  to  body  center  line 

Several 

2.  span  of  vertical  panel  for  twin  vertical  panels 

5. 3.1.1 

5.6. 1.1 

r 

5V 

partial  span  of  vertical  panel  for  twin  vertical  panels  (see  Figure  5.3.1.1-24b) 

4.5. 1.1 
45.1.2 

5. 3. 1.1 

5.6. 1.1 

5ve 

span  of  exposed  vertical  panel 

Several 

3Vi 

span  of  vertical  stabilizer  (tip  to  fuselage) 

Several 

\/ 

span  of  wing 

Several 

effective  span  for  unflapped  wing 

4.7 

4.7.1 

^bw 

span  of  basic  wing 

4. 1.3.2 

4. 1.5.1 

SYMBOL 


DEFINITION 


SECTIONS 


total  span  of  exposed  surface 


Several 


*>;.  k 

(be)i,(b)e 


b' 


eff 


kf 

bf 


b 


p 


b 


s 


Mat 


b 


V 


total  spans  of  exposed  forward  and  aft  surfaces,  respectively 
total  span  of  exposed  inboard  panels  of  wing 

effective  surface  span 

effective  forward-surface  span 

total  span  of  flaps  or  control  surfaces,  measured  normal  to  the  plane  of  symmetry 
effective  span  for  increment  in  load  due  to  flaps 

span  of  glove  of  double-delta  and  cranked  wings 

1.  span  of  planform  formed  by  .two  inboard  panels 

2.  total  span  of  a given  portion  of  main  surface  immersed  in  propeller  sl>>'  -tream, 

2Vr7^v^w)Z 

parameter  in  span-loading  calculation 
minor  semiaxis  of  body  cross  section 

span  of  planform  formed  by  joining  two  outboard  panels  of  wing 

span  of  planform  formed  by  joining  two  constructed  outboard  panels  of  wing 

propeller  blade  width  at  any  propeller  span  station 
span  of  spoiler,  on  one  wing  panel 
total  span  of  slats 

span  of  the  wing-tip  vortices  at  a given  longitudinal  station  behind  a lilting  surface 


7.4. 1.1 


4.3.2 .2 

4. 3. 3.1 

4.7 

4.7.1 

4.4.1 

4.5. 1.1 

7.4. 1.1 


Several 


4.7 

4.7.1 

4. 1.3.2 

5. 1.2.1 


2.2.2 

4. 1.4. 2 

4.1.5. 1 

5. 1.2.1 


4.6 

4.6.1 

4.6.3 


6.1.7 
4.2.3. 1 


Several 


4. 1.4.2 

4. 3.2. 2 

5. 1.2.1 

4.6 

4.6.1 

6. 2.1.1 
6.2.2. 1 

6. 1.4.3 


4.4.1 

4.5. 1.1 

7.4.4. 1 


2.1-5 


SYMBOL 


bv’  bv 


bVV 


'ru 

bl’  b2 

^1  * ^2  * ^3 


b.2S,  .50,  ... 


b/(2fi), 

C 


(C,E), 


LE-'bw 


<CLE)g 


DEL  INITiON 

vortex  spans  at  the  forward  and  aft  surfaces,  respectively 
parametei  in  span-loading  calculation 
parameter  in  span-loading  calculation 

span  of  completely  rolled  up  wing-tip  vortices  (at  distances  far  downstream  from 
lilting  surface) 

span  of  constructed  panels  of  non-straight-tapeied  wings 

vertical  span  of  a given  region  as  defined  in  Sketch  (b)  in  Section  5. 3. 1.1 

propeller  blade  chord  at  — - 0.25,0.50,... 

R 

wing  slenderness  parameter 

1.  thickness  correction  factor  for  supersonic  wing  lift 

2.  roll-moment-of  inertia  correction  factor  for  solid  component 
leading-edge  effect  of  basic  wing  on  normal-force-curve  slope 

leading-edge  effect  of  glove  on  notmai-force-curve  slope 

wing  parameters  measured  to  plane  of  symmetry  (see  Figure  8.1-22) 


CQ , C j , ...  Cjg  regression  coefficients  as  a function  of  Mach  number 

CVC2  1.  cmp;  ical  taper-ratio  constants 

2.  empirical  constants  th3t  determine  propeller  downwash  gradients 


3.  Mach  number  functions  that  determine  thickness  correction  factors  to  supersonic 
flat-plate  aerodynamic  derivatives, 


2 


C2 


(y+  1)  M4  - 4 (M2 
2 (M2  - l)2 


0 


1.  taper-ratio  correction  factor  for  wing  aerodynamic  centei 

2.  maximum  lift-correction  factor  at  transonic  speeds 


SECTIONS 

Several 

6.1.7 

6.1.7 

4.4.1 

7.4.4. 1 

4. 1.3. 2 

5.3. 1.1 

5.3. 1.2 

9.1 

9.1.1 

9.1.3 

Several 

4. 1.3. 3 

4. 1.3. 4 

8.2 

4. 1.3.2 

4. 1.3. 2 

4.1. 3.4 

8.1 

4.3. 2.1 

Several 

4.6 

4.6.1 

4.6.4 

Several 


4. 1.4. 3 


4. 1.3.4 


SYMBOL. 

DEFINITION 

SECTIONS 

c 

1 . transonic  wing  lift-curve  slope  at 

4, 1.3. 2 

2.  chord  of  airfoil  section 

Seveial 

3.  duct  chord 

9.3 

9.3.1 

9.3.2 

9.3.3 

4.  nozzle  discharge  coefficient 

6.3.2 

cf 

1.  effective  chord  of  airfoil  with  dellccted  extensible-type  flap 
(see  Figures  6.1.1.1-44,  -45,  46, 48,  -51,  and  6.l,5.1-6'0 

Several 

2.  airfoil  chord  measured  perpendicular  to  the  wing  quarter-chord  line 

6.16. 1 

6. 1.6.2 

c,  Cw 

wing  mean  aerodynamic  chord 

Several 

c 

mean  aerodym.mic  chord  of  the  wing  segment  affected  by  the  leading -edge  device 
(see  Sketch  (h),  Section  6. 1.5.1) 

6.1.5. 1 

— t ~ ft 

c , c 

mean  aerodynamic  chords  of  forward  and  aft  surfaces,  respectively 

Several 

CB 

chord  at  break  span  station 

n 

2.2.2 

4. 1.3. 2 

4. 1.3.3 

% 

mean  aerodynamic  chord  of  auxiliary  horizontal  surface,  aft  tail  or  canard 

4.4.] 

4.6 

4.6.1 

7.4. 2. 2 

CH 

Hc 

mean  aerodynamic  chord  of  exposed  horizontal  tail  panel 

4.5. 3.1 

CLE 

airfoil  chord  with  only  leading-edge  device  extended 

6.1. 2.1 

6. 1.5.1 

°V 

vertical  tail  chord  at  the  distance  z^j  above  body  center  line  (see  Figure  5.3. 1 . 1 -22b) 

Several 

mean  aerodynamic  chord  of  exposed  vertical-tail  pane! 

4.5.3. 1 

cwt 

mean  aerodynamic  chord  o!  exposed  wing 

4.5.3. 1 

Ca 

hypothetical  airfoil  chord  including  trailing-edee  flap  extension  and  subtracting 
leading-edge  flap  extension 

6.1. 2.1 

6. 1.5.1 

< 

extended  wing  chord  due  to  complete  forward-flap  extension 
(see  Figures  6.1.1 .145, 46) 

6. 1.1.1 

Carea  no! 
immersed 

mean  aerodynamic  chord  of  the  wing  area  not  immersed  in  the  slips  ream 

4.6 

4.6.3 

Cav 

average  chord  of  airfoil 

6. 1.5.1 

Cb 

s 

balance  chord  of  a control  or  flap  surface 

balance  chord  of  control  or  flap  surface  measured  perpendicular  to  the  wing 
quarter-chord  line 

6. 1.3.1 

6. 1.3.2 

6. 1.6.1 

6.1.6. 2 

6. 1.6.1 

2.1-7 


K; 


•w 

1 


k 


If} 


SYMBOL 
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s 

chord  of  tab  balance 

6. 1.3.1 

6. 1.3.2 

6. 1.3. 3 

6. 1.3.4 

Cbw 

chord  of  basic  wing 

4. 1.5.1 

4.3.3. 1 

'C"c 

mean  aerodynamic  chord  of  a particular  control  surface 

6.34 

Cc.p. 

wing  chord  at  spanwise  center-of-pressure  location 

6. 1.5.1 

s 

1.  mean  aerodynamic  chord  of  exposed  panel 

Several 

?'  7" 

S’  S 

2.  mean  aerodynamic  chord  of  elevator 

mean  aerodynamic  chords  of  exposed  forward  and  aft  surfaces,  respectively 

6.3.4 

7.4. 1.1 

74.1.2 

7.4.4. 1 

7.44.2 

S 

flap  or  control  chord  measured  parallel  to  plane  of  symmetry 

Several 

1 

Cf 

flap  or  control  chord  measured  perpendicular  to  the  wing  quarter-chord  line 

6. 1.6.1 

5f 

mean  flap  chord 

6.1.7 

°'i 

chord  of  a particular  segment  of  a flap  of  n segments 

6.1. 2.1 
6.1.5. 1 

cf 

*tnc 

incompressible  turbulent  flat-plate  skin-friction  coefficient 

4.2.3. 1 

C<LE 

chord  of  the  leading-edge  flap 

6 1.2.1 
6.1.5. 1 

Cf, 

root  chord  of  flap  or  control  surface  measured  parallel  to  plane  of  symmetry 

6. 1.6.1 

Cft 

tip  chord  of  flap  or  control  surface  measured  parallel  to  plane  of  symmetry 

6. 1.6.1 

Cfl  ’ %’  % 

effective  chords  of  combined  flap  segments  as  defined  by  the  principle  of 
superposition,  shown  in  Sketch  (g),  Section  6.1.2. 1 

6.1. 2.1 

Cf 

iLF. 

chord  of  leading-edge  flap  perpendicular  to  leading  edge  of  airfoil 

6.1.5. 1 

Ci 

average  chord  of  that  portion  of  wing  immersed  in  propeller  slipstream 

4.6 

4.6  1 

4.6.3 

S 

mean  aerodynamic  chord  of  inboard  panel  of  wing 

4. 1.5.1 

4. 1.5.2 

^e*  (c0)e 

mean  aerodynamic  chords  of  exposed  inboard  and  outboard  panels,  respectively,  of  wing 

4.3.3. 1 

% 

mean  aerodynamic  chord  of  that  portion  of  auxiliary  surface  immersed  in 
propeller  slipstream 

4.6.3 

S 

mean  aerodynamic  chord  of  outboard  panel  of  wing 

4. 1.5.1 

4. 1.5.2 
4.3.3  1 

CPe 

mean  aerodynamic  chord  of  exposed  tail  panel 

4.5.3. 1 

Cr 

surface  root  chord 

Several 

3 

* i 

H 
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root  chords  of  forward  and  aft  surfaces,  respectively 

4.5.2. 1 

7.4. 1.1 

CrB 

root  chord  of  basic  triangular  wing  (see  Sketch  (a),  Section  7. 1.1,1) 

5.1.3  1 

7. 1.1.1 

7. 1.4. 2 

%rw 

root  chord  of  basic  w<ng  of  double-delta  and  cranked  wings 

4.1.5.1 

4.3.3. 1 

5. 1.2.1 

CfE 

root  chord  of  trailing  edge  extension  of  double-delta  and  cranked  wings 

4. 1.3. 2 

% 

root  chord  of  exposed  surface 

Several 

c1  , c" 

rc  rc 

root  chords  of  exposed  forward  and  aft  surfaces,  respectively 

4.5. 1.2 
7.4.1. 1 

(C'c*H 

root  chord  of  exposed  horizontal  surface 

5. 3. 1.2 

<C‘e)i 

root  chord  of  exposed  inboard  panels  of  wing 

4. 3. 2. 2 

S 

root  chord  of  control  surface 

6. 1.5.1 

% 

root  chord  of  glove  of  double-delta  and  cranked  wings 

4. 1.3.2 

5. 1.2.1 

CfH 

root  chord  oi  horizontal  stabilizer 

8.1 

% 

root  chord  of  inboard  panel  of  wing 

4. 1.4.2 

4. 1.5.1 

4.3.2. 2 

(Cfi)e 

root  chord  of  inboard  panel  (exposed)  of  wing 

4.3.3. 1 

C<o 

root  chord  of  outboard  panel  of  wing 

4. 1.4.2 

4.1.5. 1 

4. 3.3.1 

t 

\ 

root  chord  of  constructed  outboard  panel  of  wing 

4. 1.4.2 

4.3.2 .2 

Cfv 

root  chord  of  vertical  stabilizer  (at  fuselage) 

8.1 

°rw 

root  chord  of  wing 

Several 

VS 

root  chords  of  constructed  panel  of  non-straight- tapered  wings 

4.1. 3.2 

<Y 

chord  of  spoiler 

6. 2. 1.1 
6.2.2. 1 

ct 

1.  tip  chord  of  surface 

Several 

2.  chord  of  tab,  aft  of  hinge  line 

6. 1.3.1 

6. 1.3.2 

6. 1.3.3 

6. 1.3.4 

mean  aerodynamic  chord  of  control  tab 

6.3.4 

(cte)i 


tip  chord  of  exposed  inboard  panels  of  wing 


4.3.2. 2 
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C<H 

tip  chord  of  horizontal  stabilizer 

8.1 

% 

tip  chord  of  inboard  panel  of  wing 

4. 1.4.2 
4.3.3. 1 

Cto 

tip  chord  of  outboard  panel  of  wing 

4. 1.4.2 

4. 3.2.2 

% 

tip  chord  of  vertical  stabilizer 

8.1 

C*w 

tip  chord  of  wing 

4. 1.3.2 

5. 1.2.1 

CS5 

extended  wing  chord  due  to  deflection  of  leading-edge  and  trailing-edge  flaps 
(see  Sketch  (f),  Section  6. 1.2.1) 

6.1. 2.1 
6.1.5. 1 

effective  chords  of  airfoil  with  deflected  extensible-type  flap,  at  the  inboard  and 
outboud  edge,  respectively,  of  the  flap 

6.1.5. 1 

C1  ’ C2 

chords  of  forward  and  aft  flaps,  respectively,  of  a double-slotted  flap 

6. 1.1.1 

Cl>  c2’  C3 

intersecting  flap  chord  segments  that  approximate  the  mean-camber-line 
distribution  of  the  flap  components  (see  Sketch  (e).  Section  6. 1.2.1) 

6. 1.2.1 
6.1.5. 1 

Ac1;  Ac2, 
Ac4,  Ac6 

terms  analogous  to  section  lift  coefficients  used  in  calculating  section  pitching 
moments 

6. 1.2.1 

6. 1.5.1 

Ac5j  > Ac5 2’ 

Ac, 

°i 

terms  analogous  to  section  lift  coefficients  for  the  first,  second,  and  ith  trailing- 
edge  flap  segments,  respectively 

6. 1.2.1 
6.1.5. 1 

c'l 

flap  chord  of  tlie  forward-flap  segment;  i.e.,  for  a broken  trailing  edge  the  forward- 
flap  segment  is  extended  to  form  a complete  airfoil  (see  Figure  6.1.1.1-46) 

6.1. 1.1 

(c/4)v 

the  quarter-chord  point  of  the  MAC  of  the  vertical  panel  extending  to  body  center  line 

Several 

(c/2)ye 

50-perccnt-chord  point  of  the  MAC  of  exposed  vertical  panel 

5.3.2. 1 

5.3. 3.1 

(c/4)w 

the  quarter-chord  point  of  the  MAC  of  the  total  wing 

Several 

D 

1 . total  drag 

2.1 

4.7 

2.  empirical  factor  used  in  calculating  wing  lift  at  high  angles  of  attack 

4. 1.3. 3 

3.  diameter  of  a hemisphere 

8.2 

4.  propeller  diameter 

Several 

5 . drag  force 

4.1.3 

D' 

base  diameter  of  spherical-segment  shell 

8.2 

Do 

body  diameter 

4.6.4 

D'i 

nozzle-exit  diameter 

4.6.4 

d 

1 . maximum  fuselage  diameter 

Several 

tan  Aq'£ 

2. 

3 

6, 1.6.1 
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3.  average  maximum  diameter  of  fuselage 

4.  outside  diameter  of  a hollow  cylindrical  element 

5.  equivalent-cylinder  diameter  for  a hemisphere 

6.  base  diameter  of  a spherical  nose  segment  or  given  frustum 


7.  average  body  diameter  at  the  exposed  wing  root 

8.  maximum  diameter  of  foreoody  or  afterbody 

9.  2/3  root  chord  of  basic  triangular  wing 

10-  maximum  body  height  at  wing-body  intersection 

d',  d"  body  diameters  at  the  midchord  points  of  the  MAC  of  the  forward  and  aft 

surfaces,  respectively 

dc  g duct  center-body  diameter  at  exit  plane 


(^b'equiv 


cyl 


d 

equiv 

(^equiv)  av 


d. 


average  fuselage  width  in  region  of  horizontal  tail 
diameter  of  leading  edge 

diameter  at  forward  end  of  missile  component 

1 . base  diameter  of  body 

2.  diameter  at  aft  end  of  missile  component 

3.  base  diameter  of  jet  nozzle 

equivalent  base  diameter  of  a non-body-of-revolution  configuration 
diameter  of  cylinder 

1.  average  maximum  diameter  of  engine 

2.  exit  diameter  of  duct  or  nqzzle 

equivalent  diameter  of  a non-body-of-revolution  configuration 
average  equivalent  diameter  of  non-body-of-revolution  configuration 
diameter  of  nozzle  exit 
maximum  diameter  of  body 


8.1 

8.2 

8.2 

4.2.2. 1 

4.2.3. 1 

7. 2.1.1 

7. 2.1. 2 

Several 


4.2.3. 1 

7. 1.1.1 

7. 1.1.2 

7. 1.4.2 

5.2. 1.1 

4.4.1 

4. 5. 1.1 

4.5. 1.2 

7.4.1. 1 

9.3 

9.3.1 

9.3.2 

9.3.3 


6.2. 1.2 

6.3.1 

6.3.2 

8.2 


Several 


8.2 

4.6.4 

4.2.3. 1 

4. 2.1.2 

4.2.2. 1 

8.1 


Several 


4.2. 1.2 

4.2. 3.1 

5. 2.2.1 

4.6.4 

4.3.3. 1 

4.5. 3.1 


2. 


SYMBOL 


DEFINITION 


SECTIONS 


base  diameter  of  one  of  n segments  of  a body 


I.  base  diameter  of  a spherically  blunted  body  nose 


2.  theoretical  effect  of  blowing  on  lift  derivative 
diameter  of  ducted  propeller 


diameter  of  sphere  for  spherically  blunted  body  noses 


width  of  noz7.le  throat 


inside  diameter  of  a hollow  cylindrical  element 


upstream  pressure  interaction  length 


downstream  interaction  length 

distance  from  reference  line  to  point  of  intersection  of  two  lines  tangent  to  pressure 
curve  (see  Sketch  (d).  Page  6. 3. 1-9) 


dp  d2,  d3 
d 


E"(0C) 


diameter  at  aft  end  of  given  body  segment 


ratio  of  maximum  body  width  to  wing  span 


empirical  constant  used  in  calculating  wing  lift  at  high  angles  of  attack 
elliptical  integral  factors  of  the  stability  derivative 


4. 1.3.3 

4. 1.3.4 
Several 


1.  Oswald  (span)  efficiency  factor  for  induced  drag 


2.  value  of  error 


induced  span  efficiency  factor  (inviscid) 

Oswald  (span)  efficiency  factor  for  induced  drag  of  horizontal  stabilizer 


1 . general  force 


2.  resultant  force 


1.  control  force 


2.  control-column  force  (pull  force  positive) 
vacuum  thrust 


rudder-pedal  force  (push  on  left  pedal  positive) 


elevator  stick  force  (pull  force  positive) 


1.  propeller-wing  combination  negative-drag  force 

2.  duct  negative-drag  force 


2.1-12 


SYMBOL 


DEFINITION 


SECTIONS 


Fw(lyi)0l), 


Fj  (N),  F2(N), 
F3(N),  F4(N), 
Fs(N),F6(N), 
F7(N),  F8(N), 
F9(N),  Fu(N) 

F/T 


f 


functions  used  to  determine  w 


F(N)  factors  of  tlie  stability  derivative 


tluust-recovery  factor 

1 . fineness  ratio  of  body 

2.  inflow  factor  of  propeller 


^Gequiv 
^f ’ ^Gforebody 


lfus 


fn>  <Gnose 


G_ 


Gk>  Gn>  Gv 
Gtc 

G(0C) 


fineness  ratio  of  body  minus  the  nose 
fineness  ratio  of  cylindrical  segment  of  body 

1.  fineness  ratio  of  body  nose 

2.  fineness  ratio  of  body  nose  and  forebody 

fineness  ratio  of  spherically  blunted  cone  extended  to  cone  apex 

fineness  ratio  of  boattail 

equivalent  fineness  ratio  (see  Equation  4.3.2.1-d) 

fineness  ratio  of  body  forebody  (see  Sketch  (a),  Section  4.3.2. 1) 

fineness  ratio  of  fuselage 

fineness  ratio  of  nose 
main-control-surface  stick  gearing 
maximum  control-surface  stick  gearing 

maximum  elevator  stick  gearing 

span-loading  coefficients  at  spanwise  stations  k,  n,  end  v,  respectively 
control-tab  stick  gearing 

elliptical  integral  factors  of  the  stability  derivative 


G 

6 


subsonic  spanwise  loading  coefficient 


increment  in  spanwise  loading  coefficient 


4.4.1 


Several 


9.2 

9.2.1 
9.2.3 

Several 

4.6 

4.6.1 

Several 

4.2. 3. 2 

Several 

4.3.2 .2 

4. 2.3.1 


4.2.2. 1 

4.3.2. 2 
4.3.2 .2 

4.3.3. 1 

4. 3. 2. 2 
6.3.4 

6.3.4 

6.3.4 


6.1.7 


6.3.4 

7. 1.1.1 

7. 1.1.2 

7. 1.4.1 

7. 1.4.2 


6.1.5. 1 
6.1.7 


6. 1.5.1 


2.1-13 


SYMBOL 


DEFINITION 


SECTIONS 


spanwise-loading  coefficient  at  spanwise  station  v 


spanwise  loading  coefficient  at  inboard  and  outboard  ends,  respectively,  of  a flap 


g 


tan  Ale 

e 


g.g 


distances  parallel  to  the  plane  of  symmetry  from  panel  apex  to  the  forward  end  of 
the  MAC  of  forward  and  aft  panels,  respectively 


H 


height  of  the  quarter-chord  point  of  the  MAC  of  the  wing  above  the  ground  plane 


Hc  hinge  moment  of  main  control  surface 

HH  height  of  the  quarter-chord  point  of  the  MAC  of  the  auxiliary  horizontal  surface 

above  the  ground  plane 

Htc  hinge  moment  of  control  tab 

h 1 . average  height  of  fuselage  at  the  wing  root  chord 


hH 

hcr/4 


2.  downward  displacement  of  trailing-vortex  sheet  from  z = 0 plane  (in  this  appli- 
cation z = 0 is  chosen  at  the  quarter-chord  point  of  the  MAC  of  the  forward  surface) 

3.  altitude 


4.  maximum  height  of  sonic  line  above  surface  (effective  jet  height) 

5.  average  height  above  the  ground  of  the  quarter-chord  point  of  wing  chord  of 
75-percent  semispan  and  the  three-quarter-chord  point  of  the  wing  root  chord  (see 
sketch  on  Figure  4.7.1  14) 

height  of  aft-surface  MAC  quarter-chord  point  above  or  below  the  forward-surface  root 
chord,  measured  in  plane  of  symmetry  normal  to  extended -forward-surface  root  chord, 
positive  for  the  aft-surface  MAC  above  the  plane  of  the  root  chord 

height  of  the  quarter-chord  point  of  the  wing  root  chord  above  the  ground 


hj  distance  of  deflector  lip  below  surface  of  wing,  perpendicular  to  wing  chord  plane 

hs  1.  distance  of  spoiler  lip  above  surface  of  wing,  measured  from  and  normal  to  the 

airfoil  mean  line 

2.  maximum  height  of  separated  boundary  layer  above  the  surface 

hy  distance  of  wing  vortex  above  horizontal  tail  at  tail  center  of  pressure,  measured 

normal  to  body  axis 


6.1.7 


6. 1.5.1 


6. 1.6.1 


4.5.2. 1 


4.7 

4.7.1 

4.7.4 

6.3.4 

4.7 

4.7.1 

6.3.4 


5. 2.2.1 

5.2.3. 1 

5.6.2. 1 

5.6.3. 1 

4.4.1 

7. 4 .4.1 

4.6 

4.6.1 

6.3.2 

4.7 
4.7.1 


Several 


4.7 

4.7.1 

6.2.1. 1 


6. 1.1.1 
6.2. 1.1 
6.2.2. 1 

6.3.2 

4.4.1 


SYMBOL 


DEFINITION 


SECTIONS 


hV  h2 


h 

7 

i 


^oy’  V ^oz 


Iv 

B(H) 

V(W) 

IvB(W')’  V(W") 


VW’(W  ") 


fuselage  depths  as  defined  in  Figure  5. 2. 3. 1-8 

ratio  of  maximum  canopy  height  measured  from  body  centerline  to  body  height  at 
the  point  of  maximum  canopy  height 

moment  of  inertia  (see  Figure  8.1-22) 
moment  of  inertia  about  centroidal  axis  of  section 

pitching,  rolling,  and  yawing  moments  of  inertia,  respectively,  about  the  centroidal 
axis  of  the  body 

jet  vacuum  specific  impulse 

vortex  interference  factor  for  a lifting  surface  mounted  on  the  body  center  line 
interference  factor  for  effect  of  body  vortex  on  horizontal  panel 
interference  factors  for  effects  of  body  vortex  on  fore  and  aft  panels,  respectively 
interference  factor  for  effect  of  forward  panel  vortex  on  aft  panel 


Ixx,  lyy.  Izz  moments  of  inertia  of  the  vehicle  about  x-x  axis,  y-y  axis,  and  z-z  axis,  respectively 

I lzz'  moments.of  inertia  of  body  component  about  x-x  axis,  y-y  axis,  and  z-z  axis, 
respectively 

I„,  I , I pitching,  rolling,  and  yawing  moments  of  inertia,  respectively,  about  a remote  axis 

y X l 

1 a particular  segment  of  a trading-edge  flap  of  n segments 


1 , 1 


angles  of  incidence  of  forward  and  aft  surfaces,  respectively 


incidence  of  auxiliary  horizontal  surface,  aft  tail  or  canard,  positive  nose  up 


incidence  of  thrust  axis,  positive  nose  up 


iw  incidence  of  main  surface,  positive  nose  up 

Aiy  total  body  vortices  interference  factor 


VS 


body  vortex  interference  factors 


5. 2.3.1 

5.6.3.1 


4. 3.2.1 


8.1 

8.1 


8.1 


6.3.2 


6. 2. 1.2 


4.3. 1.3 

4.3. 1.4 

4.5. 1.2 


4.4.1 

4.5.1. 1 

4. 5. 1.2 
7.4.1. 1 

8.2 


8.2 


8.1 


6. 1.2.1 

6.1 .5.1 


4 5.1.2 

4.6.1 

7.4.1. 1 

4.6 

4.6.1 

4.6.3 

4.7.1 

4.6 

4.6.1 

4.6.4 

Several 


5. 3. 1.2 

5.6. 1.2 

5. 3. 1.2 

5.6. 1.2 


2.1- 


SYMBOL 


DEFINITION 


SECTIONS 


J 


J' 

J0p 

S 

j 

K 


1.  empirical  factor  for  estimating  the  lift  of  wings  at  high  angles  of  attack 


4. 1.3.3 
4.5. 1.2 


2. 


ducted-propeller  advance  ratio 


3.  propeller  advance  ratio, - 


nD 


4.  jet  momentum  at  the  wing  trailing  edge,  mjVj 


9.3 

9.3.1 

9.3.2 

9.3.3 


9.1 

9.1.1 
9.1.3 
9.2 

6. 1.1.1 

6. 1.4.1 


modified  advance  ratio,  J cos  a 


9.1 

9.1.1 
9.1.3 


advance  ratio  at  zero  power 


9.1 

9.1.3 


advance  ratio  at  zero  thrust 


one  section  of  a wing  of  n sections  having  constant  sweep  angles  within  its 
boundary 

1.  factor  used  to  estimate  tho  maximum  lift  inc.ement  of  a surface  due  to 
propeller  power  effects 

2.  ratio  of  rolling-moment  coefficient  of  a spoiler-slot-deflector  to  that  of  a 
plain  spoiler 

3.  parameter  accounting  for  effective  wing  thickness 


4.  factor  accounting  for  the  lift  carry-over  due  to  flap  deflection  on  wing  sections 
adjacent  to  flaps  at  subsonic  speeds 

5.  factor  used  to  estimate  the  pitching  effectiveness  of  trailing-edge  flaps  at 
transonic  speeds 

6.  surface-element  pressure-coefficient  constant 


7.  apparent-mass  factor 

8.  upstream  amplification  factor  (control  force  normal  to  the  surface  normalized 
with  respect  to  vacuum  thrust  of  sonic  nozzle) 

9.  pitching-moment-of-inertia  correction  factor  for  solid  component 

10.  drag-due-to-lift  factor 

1 1 . ratio  of  extended  wing  chord,  including  extensions  of  both  leading- 
edge  and  trailing-edge  flaps,  to  retracted  wing  chord,  K = cg6/c 

12.  theoretical  correction  factor  for  finite  aspect-ratio  effects  on  cfi  , as 

defined  in  Equation  6.1 .5.1  -p  6f 


9.1 

9.1.1 
9.1.3 

4. 1.3. 2 

4.6 

4.6.2 

6.2.1. 1 

4.7 

4.7.1 

6. 1.5.1 

6. 1.5.1 

4.2. 1.2 

4. 2. 2.2 

Several 

6.3.2 

8.2 

4. 1.5. 2 

6.1.2.1 

6.1.5. 1 


SYMBOL 


DEFINITION 


SECTIONS 


13.  constant  factor  for  a given  sharp-nosed  airfoil  section  4. 1.5.1 

4.3.3.1 

14.  empirical  correlation  factor  corresponding  to  lift-interference  factor  4. 1.3. 2 

15.  empirical  correlation  factor  depending  upon  planform  geometry  6.2.2. 1 

16.  ratio  of  yawing-moment  coefficient  of  spoiler-slot-deflector  to  that  of  a plain  6.2.2. 1 

spoiler 

17.  dimensionless  correction  factor  used  to  extrapolate  the  potential-flow  values  7. 1.2.1 

to  high  lift  coefficients  7. 1.2. 3 

18.  number  of  propellers  9.2 

9.2.1 
9.2.3 


K ' 1.  effective  apparent-mass  factor 

2.  flap-span  factor 

3.  empirical  correction  fa,i.>.  io  section  lit:  increment  tor  nonlinear  ef..  ;ts  at 
high  flap  deflections 

KA  wing-aspect-ratio  factor 

y ratio  of  the  lift  of  the  body  in  the  presence  of  the  wing  to  that  of  the  wing  alone 

KD  propeller  drag  factor 

K«  1.  factor  accounting  for  relative  size  of  horizontal  and  vertical  tails 

2.  hoiisontal-t ail-location  factor 


Kjj  j apparent-mass  factor  >f  the  horizontal  tail  in  the  presence  of  the  body 

Kt  1.  lift-interference  factor  for  normal-force-curve  slope 


K 


M 


r 


2.  pitch-moment-of-inertia  correction  factor  for  liquid  mass 
compressibility  correction  to  the  dihedral  effect  used  in  estimating  C/^ 


K 


M 


A 


compressibility  correction  to  the  sweep  contribution  used  in  estimating 


.K 


M 


compressibility  correction  to  sweep  contribution  used  in  estimating  C/^  for 
constructed  inboard  and  outboard  panels,  respectively,  of  a composite  wing 


Several 

6.1.7 

Several 


4.4.1 

6. 2. 1.2 


Several 


4.6 

4.6.4 

Several 

4.4.1 

6.2.1.2 

Sevetal 


4. 1.3.2 
5. 1.2.1 

8.2 

5. 1.2.1 

5. 2.2.1 

5.6.2. 1 

5. 1.2.1 

5.22.1 

5.6.2.1 

5. 1.2.1 
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SYMBOL 

DEFINITION 

SECTIONS 

kn 

1.  ratio  of  body-nose  lilt  to  that  of  wing  alone 

4. 3. 1.2 

4. 3. 1.3 

4.3. 1.4 
4.5. 1.2 

2.  propeller  normal-force  factor 

4.6 

4.6,1 

3.  correlation  factor  for  pressure  drag  of  ogive  noses 

4.2.3. 1 

4.3.3. 1 

4.5. 3.1 

4.  empirical  factor  related  to  sideslip  derivative  Cn  for  body  and  wing-body 

5.2. 3.1 

interference  ^ 

5. 6.3.1 

Kr 

Ka 

empirical  Reynolds-number  factor 

5.2.3. 1 

^V(B) 

apparent-mass  factor  of  the  upper  vertical  panel  in  the  presence  of  the  body 

Several 

^•V(BHU) 

apparent-mass  factor  of  the  upper  vertical  panel  in  the  presence  of  the  body, 
horizontal  tail,  and  lower  veitical  panel 

Several 

^V(BU) 

apparent-mass  factor  of  the  upper  vertical  panel  in  the  presence  of  the  body  and 
lower  vertical  panel 

Several 

KV(BW) 

apparent-mass  factor  of  the  upper  vertical  panel  in  the  presence  of  the  body  and  wing 

5. 3. 1.1 

KV(BWH) 

apparent-mass  factor  of  the  upper  vertical  panel  in  the  presence  of  the  body,  wing, 
and  horizontal  tail 

Several 

KW(B) 

1.  ratio  of  the  lift  of  the  wing  in  the  presence  of  the  body  to  that  of  the  wing  alone 

Several 

2.  apparent-mass  factor  of  the  wing  in  the  presence  of  the  body 

Several 

K(WB) 

ratio  of  the  lift  of  the  wing-body  combination  to  that  of  the  wing  alone 

4. 3. 1.2 

7. 3. 1.1 

7.3.1.2 

7. 3.4.2 

K”  tf  ' 

^N>  *w  (B)  > 

appropriate  wing-body  interference  factors  for  the  forward  surface 

Several 

v ' 
^BfW) 


rr  It  y " 

>V(B)  > ^B(W) 

appropriate  wing-body  interference  factors  for  the  aft  surface 

Several 

Kb 

factor  used  in  estimating  the  lift  effectiveness  of  flaps  and  control  surfaces  at 

6.1.4. 1 

subsonic  speeds 

6. 1.4.2 

6. 1.5.1 

6.1.7 

Kh  ,Kh 

values  of  the  span  factor  for  outboard  and  inboard  ends,  respectively,  of  the 

6.1.5. 1 

V bk-i 

k1*1  wing  section 

(Kb)  .(Kb) 

value  of  K(,  due  to  a flap  extending  from  the  plane  of  symmetry  to  the  inboard 

6. 1.4.1 

ij  'n0 

and  outboard  span  stations,  respectively,  of  the  actual  flap 

6.1.4. 2 

Kf 

factor  used  in  estimating  the  body  contribution  to  wing-body  C[„ 

5. 2.2.1 

P 

5.6. 2.1 

Ki 

factor  used  to  estimate  the  body  contribution  to  wing-body  Cy 

5. 2.1.1 

0 

5.6. 1.1 

empirical  nonlinear  pilching-momcnt  factor 


4.1. 4. 3 


k< 


ffl 


B 


! ■'. 


m 


h 


* «.■* 

k"' ' 

l ' 

r - 

i:-'. 

I 

K“  • 

> »,- 


t/'. 

K-r- 

k'v- 


k 

^ -k— 


SYMBOL 

Kn 

*o 

KP 

(Kp),’(KP)n 

K* 

K* 

k 

k 

K# 

Ka 

K, 


K 


</>u 


K 


</>v 

Ki 

Kj.K2.K3 

Kj,  K2,  K3, ... 
Kj,  K2, ...  K12 

k(a(,c;) 

k 


DEFINITION 

1.  factor  used  to  estimate  the  body  contribution  to  wing-body  Cn^ 

2.  Knudsen  numoer 

upstream  amplification  factor  of  normal  sonic  nozzle 

1.  potential-flow  lift  parameter 

2.  conversion  factor  for  a partial-span  flap  on  a sweptback  wing 

value  of  Kp  due  to  a flap  extending  from  the  plane  of  symmetry  to  the  inboard 
and  outboard  span  stations,  respectively,  of  the  actual  flap 

hypersonic  similarity  parameter,  M — , for  a wing 

c 

viscous-flow  lift  parameter 

factor  accounting  for  the  effect  of  control-surface  span  in  the  estimation  of  the 

parameter  Ci. 

“a 

factor  accounting  for  the  effect  of  control-surface  span  in  the  estimation  of  the 
parameter 

pressure-surface  slope  integral 


1.  empirically  derived  correction  factor  accounting  for  the  effects  of  the  wing 
pianfonn 

2.  flap-span  factor 

value  of  Ka  due  to  a flap  extending  from  the  plane  of  symmetry  to  the  inboard 
and  outboard  span  stations,  respectively,  of  the  actual  flap 

wing-taper-ratio  factor 


cross-coupling  interference  factor  of  lower  vertical  surface 

cross-coupling  interference  factor  of  upper  vertical  surface 

factor  accounting  for  the  effect  of  nacelles  and  fuselage  on  wing  lift  due  to 
power  effects 

Mach-mimber  functions  used  in  determining  supersonic  flap  pitching  effectiveness 
empirical  factors  used  in  calculating  moments  of  inertia 

geometric  and  Mach-number  parameters  used  in  supersonic  hinge-moment-derivation 
calculations  (Page  6. 1.6. 1-7) 

correction  factor  for  blown  flaps  as  a function  of  jet  momentum  and  aspect  ratio 
1 ■ surface-roughness  height 

2.  factor  used  in  estimating  supersonic  parameter  Ch 

“or 

3.  the  number  of  the  wing  section,  numbered  from  fuselage  center  line  outboard 


SECTIONS 

5. 2. 3.1 

4.2.3. 1 

0.2. 

+J..1Z 

6. 1.5.1 

6. 1.5.1: 

4.1.5.1 

4.2. 1.2 

6. 1.6.1 

6.1. 6.2 


4.2.1.2 

4. 2.2. 2 

6. 1.4.3 


6.1.5. 1 

6.1.5. 1 

4.4.1 

6.2. 1.2 

5.3. 1.2 

5.6. 1.2 

5. 3. 1.2 

5.6. 1.2 

4.6 

4.6.1 

6. 1.5.1 

8.1 

6. 1.6.1 

6. 1.4.2 

Several 
6. 1.6.1 
6.1. 5.1 


2.1-19 


1 


SYMBOL 


I 

i;. 


k;:: 

1 


* ' 
r- 


if 


L'.  . 

I 

Li 


kB(H)’  kII(B) 


^B(W) 


w(B) 


DEFINITION 

4.  empirical  factor  used  in  estimating  sideslip  derivative  Cy^ 

m + 1 

5.  spanwise  station, — — 

6.  factor  used  in  determining  the  a.c.  location  of  wing-iifl  carryover  on  the  body,  d/b 

7.  tab  spring  effectiveness 
tail-body  interference  factors 

ratio  of  lift-curve  slope  of  body  in  presence  of  wing  to  that  of  wing  alone,  fuselage  at 
zero  angle  of  attack  and  wing  incidence  varying 


ratio  of  lift-curve  slope  of  wing  in  presence  of  body  to  that  of  wing  alone,  fuselage  at 
zero  angle  of  attack  and  wing  incidence  varying 


k\V  (B)’  k-B  (W)>  wing-body  interference  factors  for  the  forward  and  aft  panels,  respectively 


u » u " 
kW(B)  ’ kB(W) 


kp  k2,  k3 

~kj) 

k(a) 

L 


-'.75 


1 


airfoii-theory  thickness  factor 

empirical  factors  used  in  determining  the  maximum  lift  increment  due  to  flap 
deflection 

apparent  mass  factor  used  in  determining  the  subsonic  lift  and  moment  of  bodies 
angle-of-attack  correction  to  the  horizontal-tail-body  interference  coefficient 

1 . general  lift  force 

r 

2.  equivalent-cylinder  length  for  a hemisphere 

3.  duct  lift  force,  L = CLq^Sp) 

4.  airfoil-thickness-location  parameter 

5 . reference  length 

6.  distance  of  nozzle  from  plate  leading  edge 
left-blade  position  at  3/4-radius  point 

parameter  accounting  for  effect  of  image  bound  vortex  on  lift 


K 

(LER)j,  (LER)0  leading-edge  radius  of  the  inboard  and  outboard  panels,  respectively,  of  a wing 

LER 

— — — ratio  of  leading-edge  radius  to  mean  aerodynamic  chord  taken  at  the  mean 

C aerodynamic  chord 


SECTIONS 

Several 

6.1.7 

4.3.2 .2 

6.3.4 

6.2. 1.2 

4.2. 1.1 

4.3. 1.2 

4.3. 1.3 

4.3. 1.2 

4.3. 1.3 

4.5. 1.2 


6.1.1. 1 
6.1. 1.2 

6. 1.4.1 

6. 1.1. 3 

6. 1.4. 3 

Several 

5.2.1.2 

5.3. 1.2 

4.1.2 
4.7 

8.2 

9.3 

9.3.1 

9.3.2 

4. 1.5.1 

4. 3. 3.1 

4.5. 3.1 

7.4. 2. 2 

6.3.1 

6.3.2 

9.1 

9.1.3 

4.7 

4.7.1 

4. 1.5. 2 


4.3.2. 1 


I.- 
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SYMBOL 

DEFINITION 

SECTIONS 

t 

l.  reference  length 

Several 

2.  over-all  length  from  wing  apex  to  most  aft  point  on  the  trailing  edge 

2.2.2 

4. 1.3. 2 

4.1 .5 .2 

4. 3. 3. 2 

3.  control-surface  linkage  arm  (see  Sketch  (f).  Section  6.3.4) 

ft  3.4 

r 

distance  parallel  to  longitudinal  axis  between  quarter-chord  point  of  MAC  of  total 
forward  panel  and  quarter-chord  point  of  MAC  of  total  att  horizontal  panel 

Several 

8a 

1.  length  of  body  minus  nose 

Several 

2.  length  of  afterbody  (see  Sketch  (a),  Section  4. 3. 3. 2) 

4.3.2  1 

4. 3. 3.2 

3.  length  of  the  boattail  segment  of  a jet  nozzle 

4.6.4 

1.  total  length  of  body 

Several 

2.  total  length  of  body  used  as  reference  length  in  place  of  c 

7.2. 1.1 

7.2.1.2 

7.3.2. 1 

7. 2.2.2 

3.  length  of  ogive-cylinder  or  cone-cylinder  segment  of  body 

4.2.2.1 

ec 

length  of  cylindrical  segment  of  a body 

4.2.1.) 

4.2. 1.2 

4 2.3.1 

42.3.2 

fiE 

length  of  nozzle  put  afterbody 

4.6.4 

length  of  flare 

4.2. 3.2 

CH 

1.  longitudinal  distance  from  quarter-chord  point  of  the  MAC  of  main  surface  to 

Several 

quarter-chord  point  of  the  MAC  of  the  auxiliary  horizontal  sutfac,.,  positive  tor 
auxiliary  surface  behind  main  surface 

2.  distance  to  the  center  of  pressure  of  a horizontal  stabilizer,  measured  parallel 

5.6.3.1 

to  the  body  center  line,  from  the  moment  reference  center 

3.  distance  from  the  moment  reference  center  to  the  center  of  pressure  of  a 

5. 3. 3. 2 

horizontal-tail  interference  side  force,  measured  parallel  to  the  body  center  line 

5.6. 3.2 

1.  length  of  body  nose 

Several 

2.  length  of  body  nose  and  forebody 

4. 3-2.1 

4. 3.2.2 

4. 3.3.2 

length  of  spherically  blunted  cone  extended  to  cone  apex 

4.2. 3.1 

eu 

distance  to  the  center  of  pressure  of  the  lower  vertical  stabilizer  (ventral)  measured 
parallel  to  the  body  center  line,  from  the  moment  reference  center 

Several 

distance  to  the  center  of  pressure  of  the  upper  vertical  stabilizer,  measured  parallel 
to  the  body  center  line,  from  the  moment  reference  center 

Several 

£ 

XW(B) 

distance  to  center  of  pressure  of  the  wing-induced  body  side  force  measured  from  the 
body  nose,  defined  by  Equations  5.2.3.2-c,  -d 

5.2. 3.2 

Ca>  Sb 

longitudinal  distances  from  Z-axis  to  beginning  and  end  stations  of  body  component, 

8.2 

respectively 

8b 

length  of  boattail 

4.2. 2.1 

W 

longitudinal  distance  from  beginning  station  of  body  component  to  the  center  of 
gravity  of  the  component 

8.2 

2.1-21 

SYMBOL 


DEFINITION 


SECTIONS 


e 

K 

jr  ' 

fieff 

i-  - 

k’  ■ 
k.-'- 

e 

length  of  engine  including  propeller 

distance  measured  parallel  to  the  forward-surface  root  chord,  between  the  effective- 
forward-surfacc  tip  quartet  chord  point  and  the  aft-suiface  MAC  quarter-chord  point 


length  of  equivalent  body  nose,  fequjv  d 

1 .  longitudinal  distance  from  nose  of  body  to  midpoint  of  wing  tip 


2.1-22 


2.  length  of  body  forebody 

3.  length  of  control 
free  interaction  length 


distance  from  intersection  of  wing  trailing  edge  with  fuselage  and  the  quarter-chord 
point  of  the  MAC  of  the  horizontal  tail 

1.  longitudinal  distance  from  nose  of  body  to  exposed  root  chord  of  the  wing 


®1  ’ *7 
’ ^2’  ®3’ 


2.  length  of  body  nose 

1.  length  of  nacelle  structure 

2.  distance  to  the  center  of  pressure  of  a panel  in  the  empennage,  measured  parallel 
to  the  center  line,  from  the  moment  reference  center 

.eparation  length 

control-tab  linkage  arm  (see  Sketch  (0.  Section  6.3.4) 

distance  from  moment  center  to  a transverse  element,  positive  where  element  is 
forward  of  moment  center 

distance  from  apex  of  forward-body  theoretical  cone  to  face  of  forward-body 
segment  (see  sketch.  Page  7.2. 1,1-5) 

control-surface  linkage  arms  (see  Sketch  (f).  Section  6.3.4) 

length  of  a given  segment  of  a body 

distance  measured  parallel  to  the  forward-surface  root  chord,  between  the  forward- 
surface  root-chord  aft  end  and  the  aft-surface  MAC  quarter-chord  point 


4.3.2. 2 
8.1 

Several 


distance  measured  parallel  to  the  plane  of  symmetry,  between  the  forward-surface. 
MAC  forward  end  and  the  root-chord  aft  end 


1.  Mach  number 

2.  moment 

3.  length  of  molecular  mean  tree  path  for  rarefied  gas 

4.  duct  pitching  moment,  M "Cmq«,SDc 


SYMBOL 

AM 

(MAC)V 

v e 


DEFINITION 

Mach-number  increment 

mean  aerodynamic  chord  of  exposed  upper  vertical  panel 


Mq 


vpeakA 


c/4  ' 


Mach  number  for  maximum  wave-drag  increment  for  swept  wing  with  = n 


M 


AC  r 


-’peak 


= 0.10 
= const 


Mach  number  for  maximum  wave-drag  increment 


Mach  number  at  which  the  numerical  vame  of  the  slope  of  the  curve  of  Cp  vs  M 
is  0.10 


M 


D 


Mach  number  for  drag  divergence 


Mr 


J'\l  4 : 


M, 

mn 

Ma 


Mc 


Mach  number  for  drag  divergence  for  swept  wing  with  = n 

initial  drag-rise  Mach  number 

Mach  number  determining  if  leading  edge  of  wing  is  supersonic 

1.  Mach  number  used  in  estimating  transonic  lift-curve  slope  (see  Page  4.1 .3.2-13', 
Mfl,  • -07 

2.  moment-area  of  a control  surface  about  its  hinge  axis 

Mach  number  used  in  estimating  transonic  lift-curve  slope  (see  Page  4.1  3.2-13), 

Mfb  + T4 

1.  Mach  number  normal  to  a circular  cylinder  in  steady  cross-flow,  M„  sin  o 


2.  Mach  number  normal  to  a circular  cylinder  in  steady  cross-flow.  Mw  sin  a' 

3.  control-surface  moment 

Mct  critical  Mach  number 

M„  nozzle-exit  Mach  number 

e 

force-break  Mach  number 


(Mtb 


) 

A 


sweep  correction  for  transonic  force-break  Mach  number 


SECTIONS 

4. 1.3. 2 
S. 3.2.1 


4. 1.5.1 

4.3.3. 1 

4.5.3. 1 

4. 1.5.1 

4.3.3. 1 

4.5.3. 1 

4. 1.5.1 


4. 1.5.1 

4.2.3. 1 

4.3.3. 1 

4.5.3. 1 

4 1.5.1 

4.3.3. 1 

4.5. 3.1 

4.5.3. 1 


4. 1.5.1 


4. 1.3.2 


6. 1.6.1 

4. 1.3.2 


4. 2. 1.2 

4. 2. 2. 2 
4.2.32 

4. 3. 3. 2 
5.2.1  2 

5. 3.1. 2 

6.3.4 

7. 1.1.2 


6.3.2 


4. 1.3.2 
4 1.4.2 

5. 2.2.1 

7. 1.1. 2 

4.1 .3.2 

4.14.2 
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SYMBOL 


DEFINITION 


SECTIONS 


Mp 


Ml 

Ma 


m,  n 
m 


N 


N, 

n 


transonic  force-break  Mach  number  for  zero  sweep 

slope  of  leading  edge 
propeller  pitching  moment 
tab-surface  moment 

local  Mach  number  upstream  of  interaction 
local  Mach  number 
Mach  number  at  nozzle  exit 
free-stream  Mach  number 

upstream  Mach  number  normal  to  the  leading  edge  of  the  wing 

upstream  Mach  number  normal  to  the  leading  edge  of  wing  at  zero  angle  of  attack 

1.  number  of  spanwise  stations  on  fulJ-span  wing 

2.  mass 

3.  slope  of  lifting  line 

nondimensional  chordwise  stations  in  terms  of  c 
nozzle  mass-flow  rate 
duct  internal  mass  flow 

mass-  low  rate  of  gas  efflux  (per  section) 

1 . normal  force 

2.  propeller  normal  force 

3.  ducted-propeller  normal  force 

normal  force  acting  at  inlet  of  jet  engine  due  to  inclination  of  inlet  to  oncoming  flow 
propeller  normal  force 

1 . chordwise  distance  from  the  wing  apex  to  the  pitching-moment  reference  center 
measured  in  root  chords,  positive  for  reference  center  aft  of  apex 

2.  chordwise  distance  from  wing  apex  to  moment  reference  center  measured  in  wing 
mean  aerodynamic  chords,  positive  aft 


4.1 .3.2 

4. 1.4.2 

4.4.1 

9.3.1 

6.3.4 

6.3.1 

6.3.2 

4.6.4 

Several 

4. 1.3. 3 

4. 1.3.3 

6.1.7 

8.1 

4.4  1 

2.2.2 

6.3.2 

9.3 

9.3.1 

6.1. 1.1 

4.1.3 

9.1 

9.3 

9.3. 1 

4.6 

4.6 

9.3.1 

4.1.4 

4. 1.4.2 

4. 1.4.3 

4.7 

4.7.3 
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SYMBOL 


DEFINITION 


SECTIONS 


3.  number  of  engines 

4.6 

4.6.1 

4.  nondimensional  coordinate  used  in  integration  of  wing-root  and  wing-tip  conical 

6. 1.6.1 

pressures 

5.  value  of  sweep  angle 

4.1.5. 1 

6.  distance  from  the  face  of  a given  body  segment  to  the  desired  moment  reference 

4.2.2. 1 

axis  of  the  configuration 

7.2.1. 1 

7.2.1. 2 

7.  spanwise  station  along  wing 

6.1.7 

8.  propeller  rotational  speed,  r.p.s. 

9.1 

9.3 

9.3.1 

9.  number  of  segments  of  trailing-edge  flap 

6.1. 2.1 
6.1.5. 1 

t 

n 

load  factor 

4.6 

4.6.4 

6.3.4 

ni 

distance  of  the  desired  moment  reference  center  behind  the  forward  face  of  any 

4.2.2. 1 

given  body  segment,  positive  for  reference  center  aft  of  forward  face 

np  n2 

value  of  i at  left-  and  right-hand  wing  tips  of  a swept  wing,  left  and  right  as  viewed 
from  trailing  edge  to  leading  edge 

4.4.1 

P 

pressure 

6.3.1 

P' 

ratio  of  local  pressure  coefficient  to  two-dimensional  pressure  coefficient 

6. 1.6.1 

pr 

plateau  pressure 

6.3.1 

Pe 

nozzle-exit  pressure 

6.3.2 

K 

pressure  upstream  of  separation 

6.3.1 

p. 

separation  i<r«$sure 

6.3.1 

p« 

local  pressure  upstream  of  interaction 

6.3.1 

p0i 

jet  plenum  pressure 

6.3.2 

pl 

local  pressure 

6.3.2 

P2 

1 . pressure  peak  value 

6.3.1 

2.  plateau  pressure 

6.3.2 

P2' 

upstream  over-all  pressure 

6.3.2 

P3 

pressure  immediately  downstream  of  a transverse  jet 

6.3.2 

P4 

downstream  over-all  pressure 

6,3.2 

2.1- 


SYMBOL 


DEFINITION 


SECTIONS 


p 

free-stream  pressure 

6.3.1 

ao 

6.3.2 

P 

1.  static  pressure 

Several 

2.  cross-section  perimeter 

4.2.3. 1 

3.  planlorm-shape  parameter,  S/(b$) 

2.2.2 

4. 1.3. 2 

4. 1.5.2 

4. 3.3 .2 

4.  angular  velocity  in  roll 

Several 

5.  total  number  of  wing  sections 

6. 1.5.1 

Ap 

static-pressure  increment  from  ambient,  p - PM 

4.6 

4.6.1 

PT 

1 c 

total  pressure  at  jet  exit 

4.6.1 

Pb 

base  pressure 

4.6.4 

Pj 

jet  total  pressure 

4.6.4 

P'o 

internal  jet  pressure 

4.6.4 

P„ 

free-stream  ambient  pressure 

4.6.1 

4.6.4 

q 

1.  dynamic  pressure 

Several 

2.  angular  velocity  in  pitch 

Several 

n 

q 

slipstream  dynamic  pressure 

9.2 

average  dynamic  pressure  at  an  aft  horizontal  tail 

Several 

qv 

dynamic  pressure  at  a vertical  tail 

7.4.2. 1 

7.4. 2.2 

7.4.2. 3 
8.1.2 

% 

average  dynamic  pressure  acting  on  an  aft  panel 

4.5. 3.1 

dynamic  pressure  in  propeller  slipstream 

4.6 

*1 

local  dynamic  pressure 

6.3.2 

q» 

free  stream  dynamic  pressure 

Several 

q/pt,  (ci/pt)re. 

dynamic-pressure  ratio  for  Prandti-mcyer  expansion 

4.4.1 

a/o 

average  dynamic-pressure  ratio 

Several 

SYMBOL 


DEFINITION 


SECTIONS 


% 

q- 

q« 


R' 

R, 


R 


L.S. 


average  dynamic-pressure  ratio  acting  on  the  forward  surface 


average  dynamic-pressure  ratio  acting  on  the  aft  surface 


dynamic-pressure-loss  ratio  for  points  not  on  the  wake  center  line 


effective  dynamic-pressure  ratio  at  horizontal  tail 


ratio  of  the  change  in  dynamic  pressure  at  the  horizontal  tail 


ratio  of  the  change  from  free-stream  dynamic  pressure  to  slipstream  dynamic 
pressure  to  the  free-stream  dynamic  pressure 

dynamic-pressure-loss  ratio  at  the  wake  center 

1.  Reynolds  number 

2.  radial  distance  from  thrust  axis  to  centroid  of  incremental  tail  area 

3.  reference  radius  of  arbitrary  body  of  revolution 

4.  radius  of  hemisphere 

5.  propeller  radius 

6.  leading-edge-suction  parameter  defined  as  the  ratio  of  the  leading-edge  suction 
actually  attained  to  that  theoretically  possible 

leading-edge-suction  parameter  that  accounts  for  the  portion  of  the  inboard  panel 
submerged  in  the  body 

aerodynamic  boost  link  ratio 
lifting-surface  correlation  factor 


(\.s.)H 


lifting-surface  correlation  factor  of  the  horizontal-tail  panel 


(^L.S.)j-  (^L.S.)0 

(*L.S.)p 


lifting-surface  correlation  factor  of  the  inboard  panel  and  outboard  panel, 
respectively,  of  the  wing 

lifting-surface  correlation  factor  of  the  tail  panel 


4.5. 1.2 

Several 

4.4.1 

4.7 

4.7.3 

4.6.3 

4.6.1 

4.6.3 

4.4.1 

Several 

4.6.1 

4. 2. 1.2 

4.2.2. 2 

8.2 

Several 

4. 1.5.2 

4.3. 3. 2 

4. 1.5.2 

6.3.4 

4. 1.5.1 

4. 3. 3.1 

7.4. 2. 2 

4.5. 3.1 

4.3.3. 1 

4.5.3. 1 
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SYMBOL 

DEFINITION 

SECTIONS 

(rl.s.)v 

lifting-surface  correlation  tactor  of  the  vertical  panel 

4.5.3. 1 

(RL.S.)w 

lifting-surface  correlation  factor  of  the  wing 

4.5.3. 1 

rwb 

wing-body  interference  factor 

\ 

4. 3. 3.1 

4.5. 3.1 

Rb 

base  radius  of  body 

4.6.4 

Rfus 

maximum  fuselage  radius  forward  of  propeller  plane 

9.1 

9.1.3 

Ri-Ro 

leading-edge  suction  parameter  of  inboard  panel  and  outboard  panel,  respectively, 
of  the  wing 

4. 1.5.2 

R| 

radius  of  jet  exit 

4.6 

4.6.1 

R'i 

radius  of  equivalent  jet  exit 

4.6 

4.6.1 

Rs 

Reynolds  number 

Several 

\ 

Reynolds  number  based  on  length 

6.3.2 

^LER 

Reynolds  number  based  on  the  leading-edge  radius  of  the  MAC 

4. 1.5. 2 

4. 3. 3.2 

(\ekV 

Reynolds  numbers  based  on  the  leading-edge  radius  of  the  MAC  of  the  inboard  panel 
and  outboard  panel,  respectively,  of  the  wing 

4. 1.5. 2 

(R‘ler)0 

R8  ,Ro 

*mac  c 

Reynolds  number  based  on  the  length  of  the  mean  aerodynamic  chord 

Several 

RS 

ius 

fuselage  Reynolds  number 

4. 3. 3.1 

4.5.3. 1 

Rfi 

s 

Reynolds  number  based  on  distance  .0  the  separation  point 

6.3.2 

R8 

(X 

local  Reynolds  number  upstream  of  interaction 

6.3.1 

6.3.2 

R* 

AXC 

a 

reference  Reynolds  number  upstream  of  interaction 

6.3.1 

(R0 

V “'HL 

Reynolds  number  at  control  hinge  line,  referred  to  local  Reynolds  number  upstream 
of  interaction 

6.3.1 

2.1-28 


« - wy — k^v»— 


VT 

■ j 


SYMBOL 


DEFINITION 


Reynolds  number  at  the  point  of  the  beginning  of  interaction,  referred  to  local 
Reynolds  number  upstream  of  interaction 


Reynolds  number  at  transition  point,  referred  to  local  Reynolds  number  upstream 
of  interaction 


free-stream  Reynolds  number 


R„ 


body  radius 


propeller  radius 


R'i 


nozzle-exit  radius 


R 


.75 


right-blade  position  at  3/4-radius  point 


1.  radius  of  base  of  body  no:  r 

2.  body  radius  at  any  station 

3.  radius  of  spherical  nose  segment 

4.  body  radius 


6.  radius 

7.  radial  distance  to  propeller  blade  element 


%'• 


r 

"“hr 


8.  angular  velocity  in  yaw 

9,  average  radius  of  body  at  vertical-tail  exposed  root  chord 
10,  average  radius  of  body  in  the  region  of  the  horizontal  tail 

nondimensional  coordinate  used  in  integrating  wing-root  and  wing-tip  conical  pressures 

body  radii  at  the  midpoints  of  the  exposed  root  chords  of  the  forward  and  aft  panels 
respectively  ' 

distance  from  the  axis  to  the  centroid  of  the  total  mass 
leading-edge  radius  of  basic  wing 

average  radius  of  the  body  at  the  wing-body  juncture 
body  radius  at  point  where  flow  ceases  to  be  potential 


SECTIONS 

6.3.1 

6.3.1 

6.3.1 

6.3.2 

4.6.4 

Several 

4.6.4 

9.1 

9.1.3 

4.3. 1.3 
Several 

4.2.3.1 

4.3. 1.2 

4.7 

4.7.1 
4.7.4 

8.1 

9.1 

9.1.1 

9.1.2 

9.1.3 

Several 

5. 3.1.2 

6.2.1. 2 
6. 1.6.1 
4.1.5. 2 

8.1 

4.1.5. 1 

4.3. 3.1 

4.3.3. 1 

4.3. 3. 2 
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SYMBOL 


DEFINITION 


SECTIONS 


r 


I 


1 . radius  of  spherical  body  nose 


2.  average  body  half -depth  in  the  region  of  the  tail  pancl(s),  measured  from  center  line 
r2  average  body  half-width  in  the  region  of  the  tail  panel(s),  measured  from  center  line 


r 


ratio  of  body  radius  at  exposed-wing-root  quarter-chord  point  or  midchord  point  of 
forward  lifting  surface  to  span  of  forward  surface 


ratio  of  body  radius  at  root-quarter-chord  point  or  midchord  point  of  exposed  forward 
lifting  surface  to  span  of  forward  surface 


b" 


ratio  of  body  radius  at  exposed-wing-root  quarter-chord  point  at  midchord  point  of  aft 
lifting  surface  to  span  of  aft  surface 


(f,  /b)y  ratio  of  average  body  half-depth  in  the  region  of  the  lower  vertical  panel  to  span  of  lower 

vertical  panel  measured  to  body  center  line 


(rj  /b)y  ratio  of  average  body  half-depth  in  region  of  the  upper  vertical  panel  to  span  of  upper 

vertical  panel  measured  to  body  center  line 


ratio  of  average  body  half-width  in  region  of  horizontal  panel(s)  to  horizontal  panel 
semispan 


s 


1.  cross-sectional  reference  area  of  the  cylindrical  portion  of  body 


2.  cross-sectional  area  of  body  at  any  point  x 

3.  reference  area 


s,  sw 

S' 

S',  S" 

SB 


wing  area 

nose  area  of  forebody  or  base  area  of  afterbody 

gross  planform  areas  of  the  forward  and  aft  surfaces,  respectively 

frontal  area  of  body 

body  reference  area 
projected  side  area  of  body 


s 


D 


duct  planform  area,  Sp  = dec 


4.2. 1.1 

7.2.1. 1 

7.2. 1.2 

Several 

Several 


4. 3. 1.3 


4.5.1. 2 


4.5. 1.2 


Several 


Several 


Several 


4.2. 1.2 

4.2.2.2 

4.3.3. 1 

4.6 

4.6.4 

6.3.1 

Several 


4.2. 3.1 
Several 
Several 

4. 3. 3.2 

5.3. 1.1 

5.2. 1.2 

5. 2. 3.1 

5.6. 3.1 

9.3 

9.3.1 

9.3.2 
9.3.? 
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SYMBOL 


DEFINITION 


SECTIONS 


S, 


AS 


H 


H. 


Sj 

SL 


\ 


Sb 


area  of  trailing-edge  extension  of  double-delta  and  cranked  wings 
area  of  auxiliary  horizontal  surface,  aft  tail  or  canard 
incremental  segments  of  horizontal-tail  area 
area  of  exposed  horizontal-tail  panel 

area  of  portion  of  horizontal  tail  immersed  in  propeller  slii  n 
total  surface  area  immersed  in  slipstream 
streamwise  basic  wing  area  ahead  of  jet  flap 

area  of  a loaded  region  of  wing  in  pressure-moment-area  calculations 
2 

base  area  of  body  nose,  nt 

wetted  or  surface  area  of  body  excluding  base  area 

exposed  wetted  area  of  body  (isolated  body  minus  surface  area  covered  by  wing  at 
wing-body  juncture) 

area  of  exposed  lower  vertical  panel 

1.  area  of  single  vertical  panel  fo;  configuration  with  twin  vertical  panels 

2.  area  of  upper  vertical  panel  measured  to  body  center  line 
area  of  exposed  upper  vertical  panel 

wing  area 

area  of  exposed  wing 

1.  wing  planfcrm  area  including  end  directly  forward  of  flap  area  (flap  area 
not  included)  (see  Section  2.2.2) 

2.  flap-affected  wing  area,  including  increase  in  aiea  due  to  flap  extension 

wing  planform  area  including  and  directly  forward  of  flap  area  immersed  in  propeller 
slipstream 

body  base  area 
area  of  basic  wing 


4. 1.3. 2 
Several 

4.6.1 

4.5. 3.1 

6. 2.1. 2 

4.6.3 


4.6 

4.6.4 

6.1. 5.1 

6. 1.6.1 


Several 


Several 


4. 3.3.1 

4.5.3. 1 


Several 


5. 3. 1.1 

5.6. 1.1 

Several 

Several 


Several 


4.3.3. 1 

4.5. 3.1 


4.6 

4.6.4 

6.1. 4.2 

6. 1.4. 3 

6. 1.4. 1 

6. 1.4.2 
6.1.5. 1 

4.6.4 


Several 


4.1  3.2 

4.1.5. 1 

4.3. 3.1 

5. 1.2.1 
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SYMBOL 

DEFINITION 

SECTIONS 

(sbw)e 

area  of  exposed  basic  wing 

4. 3.3.1 

Sc 

main-control-surface  area 

6.3.4 

Se 

1 . axea  of  exposed  wing 

Several 

2.  area  of  elevator 

6.3.4 

-jr  /M21 

3.  flow  area  at  duct  exit  plane.  1 1 — | 1 1 

4 L J 

9.3.1 

S'  S" 
ae>  ae 

exposed  planform  areas  of  the  forward  and  aft  surfaces,  respectively 

Several 

<^i 

area  of  exposed  inboard  panel  of  wing 

4. 3.2. 2 

Sf 

area  of  flap  or  control  surface 

6. 1.4.1 

6.1.5.1 

6. 2.1.1 

s8 

area  of  glove  of  double-delta  and  cranked  wings 

4. 1.3. 2 

5. 1.2.1 

Si 

1 . total  area  of  inboard  panels  of  wing 

Several 

2.  area  of  portion  of  wing  immersed  in  propeller  slipstream,  bjCj 

Several 

3.  primary-surface  planform  area  forward  of  and  including  the  flap  area  inside  the 

6.1.7 

primary-surface  tip  Mach  cone  (Figure  6.1.7-28b) 

(S|)e>  (So)e 

areas  of  exposed  inboard  and  outboard  panels,  respectively,  of  wing 

4.3.3. 1 

si 

area  of  one  section  of  wing  of  n sections 

4. 1.3.2 

4. 1.3. 3 

s* 

area  of  wing  sevm*n * - ith  all  flaps  retracted 

6. 1.5.1 

Sni 

primary-surface  planform  area  forward  of  and  including  the  flap  area  outside  the 
primary-surface  tip  Mach  cone  (Figure  6.1.7-28b) 

6.1.7 

So 

1.  total  area  of  outboard  panels  of  wing 

Several 

2.  cross-sectional  area  at  body  station  xQ 

Several 

s; 

total  aiet  of  constructed  outboard  panels  of  wing 

4. 1.4. 2 

4. 3.2. 2 

5. 1.2.1 

Sp 

1.  body  planform  area 

4. 2.1.2 

4. 2.2. 2 

4. 2.3. 2 

4.3. 3. 2 

2.  propeller  disk  area,  irRp‘ 

Several 

Sref 

reference  area 

Several 

SYMBOL 


DEFINITION 


SECTIONS 


st 

total  wing  area,  including  increase  in  area  due  to  flap  extensions 

6.1.4. 1 

6.1 .4.2 

S* 

control-tab  area 

6.3.4 

^wet 

wetted  area 

4.1.5. 1 

4.3. 3.1 

7.4. 2. 2 

(Swet) 

wetted  area  of  exposed  wing 

4.3.3. 1 

wc 

4.5. 3.1 

[(Swet)H]e 

wetted  area  of  exposed  horizontal-tail  panel 

4.5 .3.1 

(Sw«),(Swct) 

wetted  areas  of  inboard  and  outboard  panels,  respectively,  of  wing 

4. 1.5.1 

1 0 

4.3.3. 1 

^ wetted  areas  of  exposed  inboard  and  outboard  panels,  respectively,  of  wing 
e 

4.3.3. 1 

[(Hl 

wetted  area  of  exposed  tail  panel 

4.5. 3.1 

M. 

wetted  area  of  exposed  vertical-tail  panel 

4.5. 3.1 

N, 

wetted  area  of  exposed  wing 

4.5.3. 1 

Sx,S(x) 

body  cross-sectional  area  at  any  body  station,  nP' 

Several 

Sj , s2 

area  of  constructed  wing  panels  used  to  obtain  wing  lift-curve  slope 

4. 1.3. 2 

5. 1.2.1 

Sj  > s2 , s3 , . . . 

areas  on  added  vertical  panel  affected  by  Mach  lines  emanating  from  the  intersection 

of  exposed  leading  and  trailing  edges  of  all  other  panels  with  the  body 

« 

Several 

S2>S3 

areas  of  constructed  wing  panels  affected  by  jet  flaps 

6.1.5. 1 

^act^ext 

ratio  of  actual  projected  side  area  of  fuselage  to  that  of  extended  fuselage  as 
determined  by  Mach  lines  emanating  from  leading  and  trailing  edges  of  exposed 
root  chord  of  the  horizontal  panel 

Several 

T 

1 . thrust  per  engine 

Several 

2.  temperature 

6.3.’ 

3.  factor  that  accounts  for  the  reduction  in  longitudinal  velocity  for  wings  of  infinite 

4.7 

span 

4.7.1 

4.7.4 

4.  product  of  force  and  radius 

8.1 

5.  thrust  per  propeller  or  total  thrust  when  used  in  thrust-recovery  factor 

9.1 

9.1.2 

9.2 
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SYMBOL 


DEFINITION 


SECTIONS 


T' 


'Tiff 

1 c 


T, 

r„( 

ro 

K 

rP 

rw 


c 


6.  ducted-propeller  thrust 


transition-strip  indicator 
adiabatic  wall  temperature 


1.  thrust  coefficient  based  on  free-stream  velocity  and  propeller  disk  area. 


On 


2.  propeller  thrust  coefficient  based  on  free-stream  velocity  and  wing  area,  • 


q S 


2T 

thrust  coefficient  per  engine,  

T 

propeller  thrust  coefficient  based  on  slipstream  velocity  and  propeller  disk  area, 

q"Sf 

total  internal  axial  thrust 

ducted-propeller  total  net  thrust,  (T,  - CD  q„SD) 

i L»e  u 

1 . free-stream  temperature 

2.  hovering  thrust 
internal  jet  temperature 

propeller  thrust 
wall  temperature 

local  temperature  upstream  of  interaction 
free-stream  temperature 

airfoil  maximum  thickness 
thickness  of  control  device  at  hinge  line 


/c,(t/c)^, 

t 

I 


nondimensionai  parameter  used  in  calculating  moment-arm  parameter 
average  streamwise  thickness  ratio  of  lifting  surface 

airfoil  thickness  ratio,  based  on  extended  wing  chord 

maximum  airfoil  thickness  ratio  measured  normal  to  control-surface  hinge  line 


9.3 

9.3.1 


4.3. 2.1 

4.3. 3.2 
6.3.1 


9.1 

9.1.2 

9.1.3 


9.2 

9.2.1 

9.2.3 


Several 


9.2 

9.2.1 

9.2.3 

9.3 

9.3.1 

9.3 

9.3.1 

4.6.4 

9.3.1 

4.6.4 


9.3.1 


6.3.1 


6.3.1 


6.3.1 


Several 

6. 1.3.1 

6. 1.3.2 

6. 1.6.1 

6. 1.6. 2 

6. 1.6.1 


Several 


6.1. 1.1 
6.1. 1.2 
6. 1.4.1 

6.1.6. 1 


SYMBOL 


DEFINITION 


SECTIONS 


wing  thickness  ratio  at  mean  aerodynamic  chord 


average  thickness  of  the  basic  wing 


^/Clff 


effective  thickness  ratio 


(t/c)p  (t/c)Q  average  streamwise  thickness  rati 
lifting  surface 


ratios  of  inboard  and  outboard  panels,  respectively,  oft 


max  maximum  thickness  ratio 


thickness  ratio  of  tail  panel 


free-stream  velocity 


transonic  velocity  similarity  parameter- 


total  body  volume 


volume  of  nose 


vertical-tail  indicator 


1.  duct  exit  velocity 


2.  nozzle  exit  velocity 

3.  equivalent  airspeed 

velocity  increment  of  internal  mass  Row  due  to  power 


internal  mass-flow  velocity  with  power  off 


1.  jet  exit  velocity 


2.  velocity  of  gas  efflux  leaving  the  trailing  edge  of  the  airfoil 
equivalent  jet-exit  velocity 


exit-velocity  ratio 


1.  any  spanwise  station  on  wing 

2.  induced-drag  factor 
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SYMBOL 


DEFINITION 


SECTIONS 


w 

weight 

4.6 

4.6.4 

6.3.4 
8.2 

WH 

weight  of  horizontal-stabilizer  section 

8.1 

WL 

wing-iocation  index 

4.3. 2.1 

wp 

weight  of  power-plant  section 

8.1 

Wv 

weight  of  vertical  stabilizer 

8.1 

Ww 

weight  of  wing  section  including  wing  carry-through  structure 

8.1 

w,. 

weight  of  engine  and  propeller 

8.1 

W , 

weight  of  fuselage  section 

8.1 

weight  of  fuselage  structure 

8.1 

w 

1 . average  body  width  at  the  exposed-wing  or  exposed-tail  root  chord 

5.2.2.1 

5.6. 2.1 

2,  maximum  body  width 

4.3. 1.4 

5.2.3. 1 

5.6. 3.1 

3,  factor  used  to  determine  the  tiownwash  gradient  at  a particular  point  in  the  flow  field 
not  close  to  the  trailing  edge  of  the  wing 

4.4.1 

4.  weight  per  unit  length  of  element 

8.2 

5.  induced  drag  factor 

4.1.5.2 

4.3. 3.2 

6.  loca<  vertical  disturbance  velocity 

7. 1.1.2 

Wa>  Wb 

weights  per  unit  length  at  beginning  and  end  stations  of  body  component,  respectively 

8.2 

X 

axial  force 

4.1.3 

X 

longitudinal  distance  of  vehicle  center  of  gravity  from  nose  apex 

8.2 

X 

1.  distance  along  aLfoil  chord,  origin  at  LE 

2.2.1 

2.2.2 

6. 1.2.1 
6.3.1 

2.  distance  between  the  moment  center  and  the  a.c.  of  the  lifting  surface  affected  by 
downwash,  positive  when  a.c.  is  ahead  of  moment  center 

4.5.1.) 

3.  parameter  accounting  for  effect  of  image  trailing  vortex  on  lift 

4.7 

SYMBOL 


DEFINITION 


SECTIONS 


4.  distance  of  centroid  of  the  area  affected  by  jet  power  effects  from  moment  4.6.3 

reference  center,  positive  for  area  forward  of  reference  cen.er 

5.  distance  of  the  local  center  of  pressure  aft  of  the  quarter-chord  of  the  MAC  6. 1.5.1 

(see  Equation  6. 1 .5 . 1 -j) 

6.  longitudinal  distance  from  the  nose  to  quarter-chord  point  of  the  MAC  of  the  4.3. 1.3 

exposed  wing  panel 

7.  any  station  along  body  Several 

8.  longitudinal  distance  measured  from  the  wing-root  trailing  edge  aft  4.4.1 

7.4. 1.1 

9.  longitudinal  coordinate  measured  forward  from  wing  leading  edge  9.1 

9.1.3 

10.  longitudinal  distance  from  the  body  nose  to  midchord  point  of  the  MAC  of  5.3. 1.2 

exposed  vertical  panel  5.6. 1.2 

11.  distance  of  origin  of  moments  from  the  2/3  cf  point  of  the  basic  triangular  wing,  5. 1.3.1 

B 7 111 

measured  along  the  longitudinal  axis,  positive  ahead  of  the  7/3  cy  point 

4 8 

12.  distance  of  origin  of  moments  from  the  wing  midchord  point,  measured  along  the  5. 1.3.1 

longitudinal  axis,  positive  ahead  of  midchord  point 

13.  distance  of  center  of  loading  of  a conical-flow  region  from  control  hinge  axis  6. 1.6.1 

measured  normal  to  the  hinge  axis 

14.  longitudinal  distance  measured  from  vertical-tail  leading  edge  to  projected  quarter-  5. 3. 1.1 

chord  of  horizontal-tail  MAC  on  to  root  chord  (see  sketch,  Figure  5.3.1  .l-22b)  7.4. 2.1 

7.4. 2. 2 

7.4. 2. 3 

15.  distance  from  body  nose  to  quarter-chord  point  of  the  MAC  of  exposed  horizontal  6. 2. 1.2 

tail  in  subsonic  flow 

16.  distance  from  body  nose  to  midchord  point  of  the  MAC  of  exposed  horizontal  6. 2. 1.2 

tail  in  supersonic  ilow 

17.  distance  from  nose  to  center  of  pressure  of  given  body  segment  4.2.2. 1 

Ax  1.  increment  between  successive  longitudinal  stations  4. 2. 3. 2 

4.3.3. 1 

6.1.7 

2.  the  chordwise  distance  from  the  quarter-chord  point  of  the  75-percent-semispan  chord  4.7 

to  the  three-quarter-chord  point  of  the  wing  root  chord,  positive  when  the  latter  is  aft  4.7.1 

of  the  former  (see  Figure  4.7.1-14) 

3.  distance  between  forward  and  aft  faces  of  given  body  segment  4.2.21 

x'  stations  measured  from  leading  to  trailing  edge  of  airfoil  surface  4.4.1 

X1,  x”  longitudinal  distances  used  in  estimating  wing  pitching  moment  4.5.2. 1 


2.1-37 


SYMBOL 


DEFINITION 


SECTIONS 


r* 


XLE 

XLE 

XMRP 

XR 

XW 


corresponding  point  on  the  airfoil  for  a point  x,  z in  the  flow  field 
location  of  quarter-chord  point  of  MAC  of  total  aft  horizontal  panel 


1.  distance  between  a.c.  and  c.g.,  positive  when  c.g.  is  ahead  of  a.c. 

2.  longitudinal  distance  from  axes  origin  to  c.g.  of  component 

3.  chordwise  distance  between  duct  moment  reference  center  and  installed  duct 
c'nter  of  pressure,  positive  for  center  of  pressure  ahead  of  moment  reference 
center 

distance  between  vehicle  center  of  gravity  and  quarter-chord  point  of  horizontal 
stabilizer  MAC  (see  Figure  4. 5. 3. 2-4) 

distance  from  jet  wake  origin  to  the  quarter-chord  point  of  the  MAC  of  the  horizontal 
tail,  parallel  to  the  thrust  axis 

distance  from  nose  of  configuration  to  control  hinge  line 

longitudinal  distance  between  jet  inlet  and  quarter-chord  point  of  wing  MAC 


longitudinal  distance  from  aircraft  reference-axis  origin  to  leading  edge  of  mean  aero- 
dynamic chord  of  wing  segment  affected  by  leading-edge  device 

chordwise  distance  from  apex  to  leading  edge  of  MAC 

distance  from  the  leading  edge  of  MAC  to  the  moment  reference  point,  positive  for 
the  moment  reference  point  aft  of  the  leading  edge  of  the  MAC 

point  of  reattachment  pressure  rise  (see  Sketch  (a).  Page  6. 3. 1-2) 


longitudinal  distance  from  aerodynamic  center  of  that  portion  of  wing  immersed  in 
propeller  slipstream  to  moment-reference-center  location,  positive  for  a.c.  forward  of 
moment  reference  center, 

center-of-lift  location  of  incremental  load  due  to  flap  deflection,  measured 
positive  aft  from  extended  airfoil  leading  edge  parallel  to  free  stream 

1.  distance  between  aerodynamic  center  and  wing  apex,  parallel  to  the  MAC, positive 
for  a.c.  aft  of  wing  apex 

2.  airfoil  section  a.c.  position 

3.  distance  between  aerodynamic  center  and  airfoil  leading  edge,  parallel  to  free  stream, 
positive  for  aerodynamic  center  aft  of  leading  edge 


Axac  shift  in  wing  aerodynamic  center  at  transonic  speeds  due  to  flow  separation 

t 

a.c  . aerodynamic  center  of  the  forward  panel,  referred  to  forward-panel  apex 

Xa  c aerodynamic  center  of  the  aft  panel,  referred  to  aft-panel  apex 


aerodynamic  center  of  (he  constructed  outboard  panel  of  the  wing 


(Xa  ) distance  between  quarter-chord  point  of  MAC  of  added  panel  and  aerodynamic 

P center  of  added  panel.  For  supersonic  case  the  distance  between  the  mid-chord 

point  of  MAC  and  aerodynamic  ccnicr 
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4.4.1 

7.4. 1.1. 
7.4. 1.2 

7.4.4. 1 

7.4.4. 2 


Several 

8.2 

9.3 

9.3.2 


4.5.3. 2 


4.6 

4.6.1 

6.3.1 

4.6 

4.6.1 
4.6.3 


6.1.5. 1 


2.2.2 

6.1.5. 1 


6.3.1 

6.3.2 

4.6 

4.6.3 


6. 1.2.1 


Several 


4.1. 2.2 

6. 1.2.1 


4.1 .4.2 


4, 3. 2. 2 
4.5.2. 1 
4.5. 2.1 


4. 3. 2.2 


5.3.3. 1 

5.6. 3.1 


-i 


-■I 

' ij 


i 


1 


\ 


.1 


i 


( 

i 

I 

1 

\ 


Jk V, 


j 


&B 

!&: 


(1 


w 


# • 
i? 


SYMBOL 


(Xa.c.)v 


max 


'centroid 


c.g. 


c.p. 


C.p.b 

(xc.PA 


(xc.p.) 


ACn 


cv 

^Xc/4^*V 


DEFINITION 

distance  between  quarter-chord  point  of  MAC  of  vertical  panel  and  aerodynamic 
center  of  vertical  panel 

1.  axial  distance  from  vertex  of  body  rose  to  centroid  of  body  plariform  area 

2.  location  of  hinge  line  (for  comer  flow) 

3.  fore  and  aft  displacement  of  control  column,  positive  forward 

maximum  displacement  of  control  column,  positive  forward 

distance  of  the  centroid  of  area  of  a wing  behind  the  wing  apex,  parallel  to  wing 
MAC  and  plane  of  symmetry 

1.  distance  between  center  of  gravity  and  quarter-chord  point  of  wing  MAC,  parallel 
to  MAC, positive  for  c.g.  aft  of  MAC 


2.  distance  from  wing  apex  to  center  of  gravity,  parallel  to  MAC,  positive  for  c.g. 
aft  of  wing  apex 

1.  distance  from  wing  apex  to  center  of  pressure,  parallel  to  wing  chord  and  plane  of 
symmetry,  positive  for  c.p.  aft  of  wing  apex 

2.  distance  from  body  nose  to  body  center-of-pressure  location,  positive  aft 

3.  distance  from  airfoil  leading  edge  lo  center  of  pressure  of  incremental  load  due  to 
flaps,  parallel  to  wing  cnord,  positive  for  center  of  pressure  aft  of  leading  edge 

4.  chordwise  center-of  pressure  location  aft  of  the  leading  edge  for  a flapped  wing 
section 

5.  centcr-of-pressure  location  measured  relative  to  the  leading  edge  (two  dimensional) 

6.  chordwise  distance  from  duct  leading  edge  to  center  of  pressure  of  unstallcd  duct, 
positive  aft  of  duct  leading  edge 

chordwise  center-of-pressure  location  aft  of  the  leading  edge  for  the  basic  loading  of 

a plain  flap 

center-of-pressure  location  of  boattail,  measured  aft  of  the  forward  face  of  the 

boattail 

distance  of  center  of  pressure  of  normal-force  increment  from  moment  reference  point, 
negawve  aft 

parameter  accounting  for  relative  positions  of  the  horizontal  and  vertical  tails 


longitudinal  distance  between  quarter-chord  point  of  MAC  of  vertical  panel  and 
the  forward  end  of  its  root  chord 

location  of  nozzle  exit  (see  Sketch  (a),  Page  6. 3.2-3) 


SECTIONS 

5.3  3.1 

Several 

6.3.1 
6.3.  4 
6.3.4 
2.2.2 


4.5.2. 1 
4.6 

5. 3.3.1 
7. 1.3.3 

Several 


4.1.4 

4 3.2.2 

4.2.2.) 
5. 2. 3. 2 

6.1. 2.1 


6.1.5. 1 


6.3.2 

9.3 

9.3.2 

6.1.5. 1 


4.2. 2.1 

6.3.1 

5.3. 1.1 

5. 3. 3.1 

6.3.2 


jq  - 


K 

f-. 


Wx'i 


distance  from  jet  exit  to  the  quarter-chord  point  of  the  MAC  of  the  horizontal 
tail,  parallel  to  the  thrust  axis 

1.  distance  from  airfoil  leading  edge,  parallel  to  free- stream,  where  total 
lift  increment  due  to  flaps  acts 

2.  distance  of  the  leading  edge  of  the  control  root  chord  behind  the  wing  axis  of  pitch 
longitudinal  centroidal  distance  of  fuselage  from  nose 

center-of-lift  location  of  incremental  load  due  to  deflection  of  first,  second,  and  F*1  flap 
segment,  respectively,  measured  aft  from  airfoil  leading  edge  parallel  to  free  stream 


4.6 

4.6.1 

6.1.2.1 

6. 1.5.1 
8.1 

6. 1.2.1 

6.1. 5.1 
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SYMBOL 


DEFINITION 


SECTIONS 


V) 

Xi(o  = 0) 


Xi 


Ax. 


x 


o 


X 


p 


distance  to  center  of  pressure  of  wing-induced  body  side  force  from  juncture  of  wing 
leading  edge  and  body  at  angle  of  attack 

distance  to  center  of  pressure  of  wing-induced  body  side  force  from  juncture  of  wing 
leading  edge  and  body  at  zero  angle  of  attack 

distance  from  airfoil  leading  edge,  parallel  to  free  stream,  where  total  lift  increment 
due  to  jet  efflux  acts 


longitudinal  distance  from  jet  wake  origin  to  jet  exit,  usually  considered  to  be 

4.6  times  the  orifice  exhaust  radius 

longitudinal  distance  from  moment  reference  center  to  chord  for  zero  sweep,  defined 

in  xm  definition  4 below,  for  the  k*h  wing  segment 

1.  longitudinal  distance  from  the  body  nose  to  the  chosen  moment  center,  positive  aft 

2.  chordwise  distance  from  duct  leading  edge  to  moment  reference  center,  positive  aft 
of  duct  leading  edge 

3.  desired  pitching-moment  reference  point  measured  positive  aft  from  basic  airfoil 
leading  edge  parallel  to  wing  chord 

4.  distance  from  wing  leading  edge  to  uniaue  unswept  reference  line  so  that  the  ratio 
ot  X,,,  to  local  cnord  is  constant  for  straight-tapered  wings  (see  Sketch  (X),  section 
6.1.5.11 

1.  body  station  where  flow  ceases  to  be  of  a potential  nature 


2.  function  of  the  slope  of  the  lifting  line  (m), — 

b/2 

3.  beginning  of  pressure  interaction 

1 . longitudinal  distance  from  intersection  of  propeller  plane  with  thrust  axis  and  the 
quarter-choid  point  of  the  MAC  of  the  wing 


2.  fore  and  aft  displacement  of  right  rudder  pedal,  positive  forward 

xr  distance  from  forward  end  of  root  chord  to  intersection  of  control  hinge  line  with 

root  chord,  parallel  to  wing  root  chord 

^xr  distance  from  wing  apex  to  desired  moment  reference  center,  measured  positive  aft 

xref  desired  pitching-moment  reference  point,  measured  positive  aft  from  basic  airfoil 

leading  edge  parallel  to  wing  chord 

Xs  L longitudinal  distance  from  model  vertex  to  point  of  vortex  separation 


2.  distance  from  nose  of  airfoil  to  spoiler  lip,  parallel  to  wing  chord  (Figure  6.1.1. l-52b) 


3.  point  of  separation  pressure  rise  (see  Sketch  (a),  Page  6. 3. 1-2) 


5. 2.3.2 


5. 2.3.2 


6.1 .2.1 

6.1.5. 1 

4.6 

4.6.1 


6.1.5. 1 


Several 


9.3 

9.3.2 


6.1.2.1 

6.1.5. 1 

6. 1.5.1 


Several 


4.4.1 


6.3.1 

4.6 

4.6.1 

4.6.3 

6.3.4 


6. 1.6.1 


6.1.5. 1 


6.1. 2.1 


4.3. 1.3 

5.3. 1.2 

5. 6. 1.2 

6.2. 1.2 

6.1. 1.1 
6. 2. 1.1 

5. 2.2.1 

6.3.1 

6.3.2 
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SYMBOL 


DEFINITION 


SECTIONS 


distance  from  wing  leading  edge  to  spoiler  hinge  line  (see  Sketch  (g),  Page  6, 2, 1.1-6) 


1.  chordwise  position  of  airfoil  maximum  thickness 


2.  distance  from  forward  end  of  tip  chord  to  intersection  of  control  hinge  line  with 
tip  chord,’ parallel  to  root  chord 

3.  transition  distance 

chordwise  position  of  maximum  camber  of  airfoil 


X,  1.  body  station  where  — — first  reaches  its  maximum  negative  value 

r dx 

2.  distance  from  intersection  of  wing  leading  edge  or  trailing  edge  with  fuselage  and 
the  center  of  pressure  of  given  body  segment  (see  Sketch  (a)) 

X , distance  from  intersection  of  wing  leading  edge  with  fuselage  to  forward  face  of  body 

segment  adjacent  to  the  intersection  (see  Sketch  (a)) 

Xj,  X2,  X3  distance  parameters  used  to  define  section  thickness-ratio  factor  for  hexagonal  airfoils 


X1 , Xj,  moment  arms  corresponding  to  section  lift  terms  Ac],  Ac2,  Acg,  respectively 


point  of  beginning  of  downstream  pressure  rise  (see  Sketch  (a),  Page  6. 3. 2-3) 


point  of  peak  downstream  pressure  rise  (see  Sketch  (a),  Page  6. 3. 2-3) 


Xj  , Xj  ,(XS)  moment  arms  corresponding  to  section  lift  terms  Acjj,  Acjj.  Ac5j>  respectively, 
* 2 ‘for  the  first,  second  and  i**1  flap  segments,  respectively 


parameter  accounting  for  relative  positions  of  horizontal  and  vc,  ccal  tails 


distance  of  aerodynamic  center  of  wing  aft  of  wing  apex,  measured  in  mean 
aerodynamic  chords,  positive  aft 


distance  of  aerodynamic  center  of  wing  aft  of  wing  apex  measured  in  root  chords, 
positive  aft 


4.1. 4.2 

4. 1.4. 3 
4.3.2. 2 
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Axa 

a.c. 

Cr 


incremental  a.c.  location  accounting  for  separation  effects 


value  of  parameter  for  body  in  presence  of  wing 


4. 1.4,2 


4.3. 2.2 


aerodynamic-center  location  at  zero  Lift 


4. 1.4.3 


distance  of  a.c.  location  of  inboard  panel  of  wing  aft  of  apex  of  inboard  panel 
measured  in  its  root  chords 


value  of  parameter  for  body  nose 


distance  of  a.c.  location  of  outboard  panel  of  wing  aft  .of  the  apex  of  outboard  panel, 
measured  in  its  root  chords 


distance  of  a.c.  location  of  constructed  outboard  panel  of  wing  aft  of  the  apex  of  the 
constructed  outboard  panel,  measured  in  its  root  chords 


value  of  parameter  for  wing  in  presence  of  body 


distance  of  aerodynamic  center  of  wing-body  configuration  from  apex  of  exposed 
wing,  measured  in  exposed-wing  root  chords 


distance  of  aerodynamic  center  of  body  in  presence  of  the  wing  from  apex  of  exposed 
wing,  measured  in  exposed-wing  root  chords 


distance  of  aerodynamic  center  of  inboard  panel  of  wing  from  apex  of  exposed  wing, 
measured  in  its  exposed-wing  root  chords 


distance  of  aerodynamic  center  of  body  nose  ahead  of  wing-body  juncture  from  apex 
of  exposed  wing,  measured  in  exposed-wing  root  chords 


4. 1.4. 2 

4. 3. 2.2 

4. 1.4. 2 

4. 1.4. 2 

4. 3. 2. 2 

4. 3. 2. 2 

4. 3. 2.2 

4. 3. 2.2 

4.3. 2.2 

4.3. 2.2 


SYMBOL 


DEFINITION 


SECTIONS 


value  of  parameter  for  wing 


distance  of  aerodynamic  center  of  exposed  wing  in  presence  of  the  body  from  apex 
of  exposed  wing,  measured  in  exposed-wing  root  chords 


empirically  derived  chordwise  center-of-pressure  location  of  the  incremental  load 
due  to  surface  deflection 


empirically  derived  factor  of 


xcp. 


c*p* 


distance  of  wing  center-of-pressure  location,  in  wing  root  chords,  measured 
positive  aft  of  wing  apex 


wing  center-of-pressure  location  at  zero  lift 


wing  center-of-pressure  location  at  maximum  lift 


wing  reference  center-of-pressure  location 


component  of  wing  center-of-pressure  location  at  maximum  lift  due  to 
leading-edge  sharpness 


increments  of  wing  center-of-pressure  location  due  to  planform  geometry 


4.3.2  .2 


4.3. 2.2 


6.1.5. 1 


6.1.5. 1 


4.1.4.3 


4. 1.4.3 


4.1.4.3  ; 

i 

i 


4.1. 4.3 


4.1. 4.3 


4. 1.4. 3 
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SYMBOL 


DEFINITION 
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ratio  of  center-of-lift  location  of  a finite-aspect-ratio  wing  to  center-of-lift 
location  of  an  infinite-aspect-ratio  wing  for  the  incremental  load  due  to 
deflection  of  the  i1*1  trailing-edge  flap  segment 


ratio  of  center-of-lift  location  of  a finite-aspect-ratio  wing  to  center-of-lift 
location  of  an  infinite-aspect-ratio  wing  for  the  incremental  load  due  to  jet 
momentum  acting  at  some  angle  to  trailing-edge  camber  line 


6.1.5. 1 


6.1.5. 1 


distance  of  the  hinge  axis  behind  wing  leading  edge  measured  in  plane  normal  to 
control  hinge  axis 


6. 1.6.1 
6.1.6. 2 


Y Y 

90’  99 

Y Y 

1 90  ’ MOO 


airfoil  ordinates  at  90-  and  99-percent  chord,  in  percent  chords 


upper-surface  ordinates  of  flap  in  retracted  position  at  90-  and  100-percent 
chord,  respectively,  in  fractions  of  the  chord 


4.1. 1.2 

6. 1.5.1 

7. 1.2.2 


6.1. 1.1 


y 1.  airfoil  ordinate  at  some  value  of  x 2.2.1 

2.  coordinate  with  origin  at  midspan  of  wing  leading  edge,  perpendicular  to  plane  4.4.1 

of  symmetry 

3.  lateral  coordinate  measured  positive  to  right  of  plane  of  symmetry  Several 

Ay  1.  difference  between  airfoil  ordinate  at  6%  chord  and  ordinate  at  0.15%  chord  Several 

2.  lateral  distance  from  thrust  axis  of  one  propeller  to  blade  element  of  another  9.1 

9.1.3 

3.  spanwise  distance  on  constructed  inboard  panel  = 1/2  bj  4. 1.4.2 

4.3. 2. 2 

y (x)  thickness  distribution  of  airfoil  2.2.1 

y lateral  distance  from  axes  origin  to  c.g.  of  component  8.2 

yB  spanwise  location  of  break  span  station  2.2.2 

yH  1.  lateral  center-of-pressure  coordinate  of  the  horizontal  tai',  measured  from  and  6. 2. 1.2 

normal  to  the  longitudinal  axis 

2.  lateral  centroidal  distance  of  half  horizontal  stabilizer  from  aircraft  plane  of  8.1 

symmetry 


2.1-44 


SYMBOL 


DEFINITION 


SECTIONS 


distance  of  the  wing  MAC  from  the  plane  of  symmetry  2.2.2 

Y-j-  spanwise  distance  from  thrust  axis  to  body  center  line  4.6 

4.6.1 

y^y  lateral  centroidal  distance  of  half-wing  from  aircraft  plane  of  symmetry  8 1 

y^  lateral  distance  to  wing  mean  aerodynamic  chord  from  fuselage  center  line  6.1 .4.2 

6.1.5. 1 

y~  lateral  distance  to  mean  aerodynamic  chord  of  wing  segment  affected  by  the  6. 1.5,1 

leading-edge  device  from  fuselage  center  line 

yc  (x)  camber-line  distribution  of  airfoil  22  1 

(yc)  max  maximum  ordinate  of  mean  line  of  airfoil  2 2 1 

43.2.1 

4.33.2 

ys  spanwise  distance  from  center  line  to  inboard  edge  of  flap  or  control  surface  6. 1.6.1 

6. 1.6. 2 
6. 2. 1.1 
6.2.2. 1 

y j)0  distance  of  inboard  corners  of  horseshoe  vortices  from  plane  of  symmetry  4.4. 1 

ymax  vertical  distance  from  airfoil  chord  line  to  airfoil  maximum  upper-surface  4.1. 4.3 

ordinate  (see  Sketch  (a),  Section  4. 1.4. 3) 

y0  1.  distance  of  theoretical  lateral  vortex  from  plane  of  symmetry  Several 

2.  spanwise  distance  from  center  line  to  outboard  edge  of  flap  or  control  surface  6. 1.6.1 

6. 1.6.2 
6. 2. 1.1 
6. 2. 2.1 

yo,Zo  'coordinate  axes  with  origin  at  c.g.  of  component  8.2 

body  vortex  lateral  position  at  the  vertical  tail  spans  (defined  by  Equation  5.3.1.2-f)  53.1.2 

bv  by  5.6.  i.  2 

Ayi 


value  of  Ay  for  chord  perpendicular  to  wing  leading  edge,  where  Ay  is  defined 
above  in  1. 


Several 


SYMBOL 


DEFINITION 


StCIRJNb 


Z parameter  used  in  determining  horizontal  stabilizer  lift  coefficient;  defined  by  4. 5. 3. 2 

Rquation  4.5.3.2-h 

Z 1.  vertical  distance  between  c.g.  anti  quarter-chord  point  of  wing  MAC  positive  for  7. 1 .3.2 

MAC  below  c.g. 

2.  vertical  distance  between  c.g.  and  quarter-chord  point  of  wing  root  chord,  positive  7. 1.2.1 

for  quarter-chord  point  of  root  chord  below  c.g.  7. 1.2.2 

7.3.2. 1 

7. 3. 2. 2 

3.  vertical  coordinate  with  origin  at  midspan  of  wing  leading  edge  4.4. 1 

4.5. 1.1 

4.5. 1.2 

4.  vertical  distance  from  the  vortex  sheet  to  the  point  of  interest  (usually  the  quarter-  4.4. 1 

chord  point  of  the  MAC  of  the  horizontal  tail)  7.4. 1,1 

7.4.4. 1 

5.  vertical  distance  of  vertical-tail  center-of-pressuie  location  above  or  below  7.4.2. 1 

moment-reference-center  location  7.4. 2.2 

7. 4.2.3 

Az  vertical  distance  between  desired  moment-reference-center-chord  location  6. 1.5.1 

and  quarter-chord  of  MAC,  positive  for  wing  below  desired  location 


z'  vertical  distance  of  the  horizontal  tail  below  the  body  center  line  6.2. 1.2 

t! , 7."  vertical  distance  between  c.g.  and  quarter-chord  point  of  forward  and  aft  panel  MAC'S,  4.5.2. 1 

respectively 

Z vertical  distance  from  axes  origin  to  c.g.  of  component  8.2 

Zjj  1.  vertical  distance  between  quarter-chord  point  of  horizontal  tail  and  X-axis,  Several 

positive  for  tail  below  X-axis 


2.  distance  measured  normal  to  the  longitudinal  axis  between  the  horizontal  tail  c.p.  Several 

and  the  moment  reference  center,  positive  for  c.p.  above  longitudinal  axis 

3.  distance  to  c.p.  of  horizontal-tail-interference  side  force,  measured  from  and  5. 3. 3.2 

normal  to  the  longitudinal  axis  5. 6. 3. 2 


ZHeff 


4.  distance  from  quarter-chord  point  of  wing  MAC  to  quarter-chord  point  of 
horizontal-tail  MAC,  measured  normal  to  longitudinal  axis,  positive  for  tail 
above  wing 

vertical  distance  of  center  line  of  propeller  slipstream  from  quarter-chord  point  of 
horizontal  tail  MAC  (see  Figure  4.6-13a),  positive  for  slipstream  above  horizontal  tail 


4.5. 1.3 


4.6 

4.6.3 


ZHI  distance  of  hinge  line  measured  from  and  normal  to  the  X-axis,  positive  down 


6.3.1 


vertical  distance  from  :;uarter-chord  point  of  horizontal  tail  to  propeller  thrust  axis; 
positive  for  quarter-chord  point  above  thrust  axis  (see  Figure  4.6-13a) 


4.6 

4.6.3 


Zj  vertical  distance  from  propeller  thrust  axis  to  coordinate  origin,  positive  for  thrust  4.6 

axis  below  origin  (see  Figure  4.6-13)  4.6.1 

4.6.3 


Zy  distance  normal  to  the  longitudinal  axis  between  the  lower-vertical-stabiliz  r (ventral) 

center  of  pressure  and  the  moment  reference  center  (normally  negative) 


5. 3.3. 2 

5.6.2. 1 

5.6. 3.2 
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SYMBOL 


DEFINITION 
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z 


V 


1.  distance  normal  to  the  longitudinal  axis  between  the  upper-vertical-stabilizer 
center  of  pressure  and  the  moment  reference  center  (always  positive) 


Several 


Z 


W 


vertical  centroidal  distance  of  vertical  stabilizer  from  root  cho  d (at  fuselage) 

1.  vertical  distance  from  the  quarter-chord  point  of  the  wing  M4C,  to  the  coordinate 
origin,  positive  for  wing  below  the  origin  (see  Figu.i.  1.6- 1 ?) 

2.  vertical  distance  front  body  center  line  to  quarter-chord  point  of  root  chord, 
positive  for  quarter-chord  point  below  center  line 

3.  half-width  of  the  wake  at  any  position  x 


z 


c.g. 


Az 


C.g. 


(Zc.p.) 


aCa 


Zj 


vertical  distance  between  c.g.  and  X-axis,  positive  for  c.g.  below  X-axis 


vertical  distance  between  c.g.  and  wing  MAC  quarter-chord,  positive  above 
quarter-chord 

distance  of  center  of  pressure  of  axial-force  increment  from  moment  reference 
point,  positive  down 

distance  from  jet  thrust  axis  to  quarter-chord  point  of  horizontal  tail  perpendicular 
to  thrust  axis,  positive  for  quarter-chord  point  above  thrust  axis 

vertical  distance  of  theoretical  vortex  above  reference  plane 

distance  normal  to  the  longitudinal  axis  between  the  center  of  pressure  of  a vertical 
panel  and  the  moment  reference  center,  positive  for  the  panel  above  the  body 

vertical  distance  from  X-axis  to  propeller-slipstream  center  one  at  the  quarter-chord 
of  the  wing  MAC,  positive  for  center  line  above  X-axis  (see  Figure  4.6-1  3a) 


effective  value  of  height  parameter  relative  to  the  displaced  vortex 


value  of  parameter  for  forward  panel 


ratio  of  height  of  horizontal  tail  to  average  half-depth  of  tody  in  region  ot  horizontal 
tail  (ratio  is  positive  for  tail  below  body  center  line) 


8.1 


Several 


Several 


4.4.1 

4.5. 1.1 

4.5. 1.2 

7.4. 1.1 

4.5.2. 1 
4.6 


6.1.5. 1 


6.3.1 


4.6 

4.6.1 


Several 
5. 6. 2.1 


4.6 

4.6.1 

4.6.3 


4.4.1 


7.4.4. 1 


5 3.1.1 
5. 6. 1.1 


body  vortex  vertical  positions  at  the  vertical  tail  spans;  defined  by  Fquation  5.3.1 .2-t 


5.3. 1.2 

5.6. 1.2 


B.  GREEK  SYMBOLS 


SYMBOL 

DEFINITION 

SECTIONS 

ct 

l . angle  of  att.  ck,  positive  nose  up 

Several 

2.  angular  acceleration 

8.1 

3.  flow  deflection  angle 

6.3.1 

Aa 

1.  angle-of-attack  increment  front  incipient  shock  detachment  to  full  detachment, 
a'  - a* 

4.1. 3.3 

— eP 

2.  change  in  wing  angle  of  attack  due  to  propeller  upwash  or  downwash,  

4.6.1 

3.  increment  in  angle  of  attack 

4.7 

4.7.1 

a' 

1 . angle  of  attack  at  end  of  shock-detachment  transition  region 

4. 1.3. 3 

2.  angle  of  attack  of  forward  panel 

Several 

3.  angle  of  inclination,  \J efi  + (?■ 

Several 

4.  an  incidence  angle  defined  as  a = a for  0 < « < 90°,  and  a'  = 180°  - a 

4.2.1. 2 

for  90°  < a < 180° 

4.2. 2.2 

4.2. 3. 2 

a" 

angle  of  attack  of  aft  panel,  a - e + i" 

4. 1.5. 2 
4.5.!. 2 
4.5.2. 1 

__ 

at 

4. 1.4. 2 

a 

transonic  similarity  parameter,  — 

t/c 

a* 

1 . angle  of  attack  at  which  section  lift  curve  begins  to  deviate  from  linear  variation 

Several 

2.  angle  of  attack  at  incipient  shock  detachment 

4. 1.3. 3 

acL 

^max 

wing  angle  of  attack  at  maximum  lift  coefficient 

Several 

Aar 

incremental  value  of  parameter  (see  Figures  4.1.3 ,4-2-lb,  -25b) 

4. 1.3.4 

^max 

wing  angle  of  attack  df  forward  panel  at  maximum  lift  coefficient 

7.4.4. I 

Lmax 

(ac,  ) 

base  value  of  parameter 

4. 1.3. 3 

\ ‘'max/ base 

4. 1.3.4 

\(acL  ) ‘ 

I " subsonic  angle  of  attack  for  Ci  of  exposed  aft  panel 

1 ..  ‘-max 

4. 5. 1.2 

J\  ‘'max/base 

Je 

-j\wr 


71%  -ymr- 


P* 


SYMBOL 

DEFINITION 
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T! 

NJP 

angles  of  attack  at  maximum  lift  coefficients  of  exposed  forv.xud  and  aft  panels, 
respectively 

4. 1.5,2 

a • '_■ 

K r 

\ ‘-max/e 

» "j  .» 

y 

\ ‘"max/e 

incremental  value  of  parameter  for  exposed  forward  panel 

4.5.1 .2 

S( 

l^Xntxjw 

value  of  parameter  for  wing 

4. 3.1.4 

;'N 

(VjwB 

value  of  parameter  for  wing-body  combination 

4.3.1 .4 
4.5.1.3 

« 

i.‘  1 

CV 

«D 

angle  of  attack  between  duct  axis  and  free-stream  direction 

9.3 

9.3.1 

9.3.2 

9.3.3 

l ' 

“frp 

angle  of  attack  for  fuselage  reference  plane 

4.3. 1.3 

-i, 

k « 

(A<*h 

increment  in  angle  of  attack  at  a constant  lift  coefflcier..  in  the  presence  of  the  ground 

4.7 

4.7.1 

§ 

i «n 

aH 

(A«h)g 

angle  of  attack  of  horizontal  tail  or  canard  surface 

increment  in  angle  of  attack  of  tho  horizontal  tail  In  the  presence  of  the  ground 

4.6.3 

4.7.1 

6.3.4 

4.7 

4.7.1 

«L 

local  angle  of  attack  fur  a particular  spanwise  wing  section 

6. 1.5.1 

V 

i 

°T 

angle  of  attack  of  thrust  axis 

4.6 

4 6.1 

4.6.3 

4.6.4 

fll 

k.\ 

«v 

angle  of  attack  of  vertical  tail 

6,3.4 

Jv 

“w 

angle  of  attack  of  wing 

Several 

K ‘v 
k.h 

R 

r ~~ 

A«w 

“\VB 

change  in  wing  angle  of  attack  ahead  or  behind  the  propellers 

wing-body  angle  of  attack 

4.6.1 

4.5.3 .2 

•; 

“break 

angle  of  attack  of  wing  at  which  the  lift-curve  slope  becomes  nonlinear 

4. 1.3. 3 

h 

«c 

ca 

max 

section  angle  of  attack  at  maximum  lift  coefficient 

4.1.1 

4. 1.3.4 

4. 1.4. 3 

6.1.1 

■■ 

“e 

equivalent  angle  of  attack  for  cambered  wing 

4.1 .3.3 

l l 

K)cl 

Lmax 

equivalent  angle  of  attack  for  cambered  wing  at  maximum  lift  coefficient 

4. 1.3.3 

«i 

angle  of  attack  for  section  design  lift  coefficient 

Several 

“in 

inflow  angle  at  ptopel.er  disk 

9.1 

9.1.3 

■. 
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SYMBOL 

DEFINITION 

SECTIONS 

«i 

angle  between  jet  thrust  axis  and  local  velocity  at  jet  intake,  aj  + eu 

4.6 

4.6.1 

4.6.3 

ttP 

angle  between  propel' ;r  thrust  axis  and  local  velocity  of  propeller  plant 

4.6 

4.6  1 

4.6.4 

angle  of  attack  of  surface  to  which  main  control  surface  is  attached 

6.3.4 

Aa' 

change  in  section  zero-lift  angle  of  attack  due  to  plug-type  spoiler 

6. 1.1.1. 

S 

6. 2.1.1 

av 

angle  of  attack  where  onset  of  vortex  lift  begins 

3 a 

4.2.1.2 

control-  or  flap-effectiveness  derivative, 

a « 

Several 

( as  ^C, 

value  of  orj  for  a wing 

6. 1.4.1 

6. 1.5.1 
6.1.7 

(<*«  )Cn 

value  of  c«5  for  an  airfoil  section 

6. 1.4.1 

6. 1.5.1 
6.1.7 

ao 

angle  of  attack  at  zero  lift 

Several 

Aa0 

change  in  wing  zero-lift  angle  of  attack  due  to  linear  wing  twist 

4. 1.3.1 

body  zero-lift  angle  of  attack 

4.3.2. 1 

(«0)w 

wing  zero-iift  angle  of  attack 

4.3.2. 1 

^oVb 

wing-body  zerc-lift  angle  of  attack 

4. 3. 2.1 

o 

II 

<C- 

o 

a 

angle  of  attack  for  zero  lift  of  untwisted,  constant-section  wing 

4. 1.3.1 

4. 1.4.3 

free-stream  angle  of  attack 

6.3.2 

X 1 

_ i tan  or 

effective  angle  of  attack  perpendicular  to  the  wing  leading  edge,  tan 

4. 1.3.1 

Kr 

cos  ALE 

4. 1.3. 3 

da 

propeller  inflow  angle  of  attack  gradie.nt 

9.1.3 

rate  of  change  of  angle  of  attack 

7.4.4. 1 

7.4  4.2 

1.  Mach  number  parameter,  i/m^  - 1 or  \/ 1 - 

Several 

2.  propeller  blade  angle  at  .75  R blade  station 

Several 

3.  angle  of  sideslip,  positive  nose  left 

Several 

4.  boattail  angle 

4.6.4 

5.  control-tab  gear  ratio 


6.3.4 


SYMBOL 


DEFINITION 


SECTIONS 


2ir  Vra 


(listed  under  C.  ) 

* n 


dihedral  angle,  positive  wing  tips  up 


dihedral  angles  of  forward  and  aft  surfaces,  respectively,  positive  for  wing  tips  up 


value  of  circulation  at  any  spanwise  station 


circulation  at  zero  spanwise  station 


nondimensional  vortex  strength 


2tr  a'Vr 

p_T 

[_2jr  Vra  J ’ 

[A-]" 

L2tr  Vraj 


nondimensional  vortex  strength  from  Figure  4.3.1.3-15  with  a replaced  by  a 


nondimensional  vortex  strengths  for  the  forward  and  aft  panels,  respectively 


FI  W1 


Va  b/2 

r ~r 

yi  + 1 yi  — 1 


circulation  strength  at  yj  0 


Va  b/2 


incremental  circulation  strength 


1.  ratio  of  specific  heats 

2.  angle  with  origin  at  wing  trailing  edge,  measured  between  the  zero-angle-of-altack 
line  and  the  point  under  consideration 

3.  dihedral  angle  of  tail 

4.  jet  spreading  angle  (see  Sketch  (i).  Section  6. 1.5.1) 
ratio  of  maximum  deflections  of  control  tab  to  main  control  surface 
1 . semiwedge  nose  angle  of  sharp  airfoils  or  cones 


2.  flap  or  control  deflection  angle  (also  6f),  elevators  and  flaps,  positive  trailing  edge 
down;  ailerons,  positive  such  as  lo  give  positive  rolling  moment;  rudder,  positive 
trailing  edge  left 

3.  local  slope  of  the  surface  of  the  vertical  panel 

4.  boundary-layer  thickness 

1.  slope  of  airfoil  surface  with  respect  to  free-stream  velocity 


2.  flap  deflection  in  plane  normal  to  constant-percent-chord  line  through  x 
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SYMBOL 


8 


L F. 


5R 


6 or 

aL 


8 

aR 


c 

max 

««. 

5C 


DEFINITION 

deflection  of  left-hand  control  surface 

slope  of  airfoil  surface  at  leading  edge 
deflection  of  right-hand  control  surface 

deflection  of  left  or  right  aileron 
deflection  of  main  control  surface 
maximum  deflection  of  main  control  surface 

distance  of  deflector  lip  below  lower  surface  of  airfoil 

1.  elevator  deflection 

2.  equivalent  flap  deflection  due  to  wing  camber  and  incidence 


eff 


eff. 


‘LE 


Sf  .5, 

fl  ‘2 

Sf  , 5f  , 5f 

*1  '2  ‘3 


LE 


maximum  elevator  deflection 

effective  nose  wedge  angle  for  sharp-nosed  airfoil  (see  Figure  4 . 1 .3.3-6 lb) 

effective  nose  semiwedge  angle  for  sharp-leading-edge  wing,  perpendicular  to  leading 
edge  (see  Figure  4. 1,3. 3-6 lb) 

1 . deflection  of  flap  or  control  surface  (see  6 ) 

2.  force  phase  angle 

deflection  of  the  segment  of  trading-edge  flap 
deflection  of  leading-edge  device 

deflections  of  forward  and  aft  flaps,  respectively,  (see  Figures  6.1.1.1-45,  -46) 

deflection  of  first,  second,  and  third  segments,  respectively,  of  trading-edge 
flaps  (see  Sketch  (f),  Section  6. 1.2.1) 

deflection  of  leading-edge  flap,  measured  perpendicular  to  airfoil  leading  edge 
net  turning  angle  of  internal  flow  including  power  effects 


8 turning  angle  of  internal  flow  with  power  off 

*o 


trailing-edge  jet  momentum  angle,  with  lespect  to  trading-edge  camber  line 


8.  effective  jet  deflection  angle  with  respect  to  airfoil  chord 

Jeff 


8fi  deflection  of  aft  flap  segment,  measured  between  trading  edge  of  lower  surface 

of  flap  segment  and  line  parallel  to  wing  chord 


8 maximum  plain-flap  deflection  for  linear  aerodynamic  characteristics 


SECTIONS 

6. 2. 1.1 
6. 2. 2.1 

4.4.1 

6. 2. 1.1 
6.2.2. 1 

6.2. 2.1 

6.3.4 

6.3.4 

6.2  1.1 
6. 2. 2.1 
6.3.4 

9.2 

9.2.1 

9.2.3 

6.3.4 
4. 1.3. 3 
4.1. 3.3 


Several 


9.1 

9.1.3 


6, 1.2.1 

6.1.5. 1 


6. 1.2.1 

Several 


6. 1.2.1 


6.1.5. 1 


9.3 

9.3.1 

9.3.2 

9.3.3 

9.3 
9.3.1 


Several 


Several 


6.1, 2.1 

6.1.4. 1 

6. 1.4.2 

6. 1.4.3 

6.1.3 
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SYMBOL 


DEFINITION 


SECTIONS 


slope  of  airfoil  surface  with  respect  to  chord  plane 

4.4.1 

*0 

boundary-layer  thickness  at  point  where  interaction  begins 

6.3.1 

6 

S 

height  of  spoiler  lip  above  upper  surface  of  airfoil 

6.2. 1.1 

6. 2. 2.1 

deflection  of  control  tab 

6.3.4 

5tc 

maximum  deflection  of  control  tab 

6.3.4 

lmax 

*« 

deflection  of  trim  tab 

6.3.4 

K 

deflection  of  primary  flap  segment,  measured  between  trailing  edge  of  upper 
surface  of  flap  segment  and  line  parallel  to  wing  chord 

6.1. 2.1 

6. 1.4.1 

6.1.4. 2 

6.1. 4.3 

*vn 

parameter  in  span-loading  calculation 

6,1.7 

*x 

semiwedge  angle  measured  perpendicular  to  wing  leading  edge 

Several 

8S 

control  deflection  measured  perpendicular  to  hinge  line 

6.1.5.) 

XHL 

6.2. 1.1 

e 

downwash  angle  in  plane  of  symmetry 

Several 

Ae 

1 . downwash  increment  due  to  flaps 

4.4.1 

2.  downwash  increment  due  to  subsonic  jet  in  a subsonic  stream 

4.6 

4.6.1 

e 

1 . average  downwash  over  aft  surface 

4.4.1 

6. 2. 1.2 

2.  effective  downwash  ovei  the  wing  span 

4.6 

4.6.4 

AT 

mean-effective-downwash  increment 

4.6 

4.6.1 

(Af)G 

increment  in  downwash  due  to  ground  effect  in  the  linear-lift  range 

4.7 

4.7.1 

eH 

average  downwash  angle  at  the  tail 

4.4.1 

4. 5. 3. 2 
4.6.3 

(Ae)H 

increment  in  downwash  at  the  tail 

4.6.3 

% 

downwash  due  to  propeller  power  effects 

4.6 

4.6.1 

4.6.3 

4.6.4 

e power 

power-off  downwash  angle 

4.6.3 

xff 

e.. 

upwash  angle  ahead  of  the  wing 

4.6 

U 

4.6.1 

4.6.3 

6v 

downwash  at  plane  of  symmetry  at  heigh)  of  vortex  core 

4.4  1 

upwash  induced  by  propeller  slipstream,  positive  down 

9.1 

^Sllp 

9.1.3 
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SYMBOL 

DEFINITION 

SECTIONS 

V 

y 

1.  dimensionless  span  station,  — 

b/2 

2.  ratio  of  the  drag  on  a finite  cylinder  to  the  drag  of  a cylinder  of  infinite  length 

3.  angle  of  sweep  of  the  line  intersecting  conical-flow  regions  of  wing  at  angle  of  attack 

4.  dimensionless  span  station,  cos  — _ cos 

m + 1 m + 1 

j.  control-surface  efficiency 

Several 

4, .2. 1.2 

4. 2.2.2 

4. 2.3.2 

4.3. 3.2 

6. 1.6.1 

6.1.7 

6.3.4 

At) 

Ay 

increment  in  dimensionless  latera'  direction,  — 

1,1 

6. 1.4.1 

6.1.5. 1 

V 

lateral  distance  of  wing  MAC  from  body  center  line  in  semispans 

6. 1.5.1 

% 

1.  dimensionless  distance  from  plane  of  symmetry  to  break  span  station 

2.  Mach-number  correction  to  the  interference  force 

Several 

5. 2.1.2 

5.3.1.2 

vw 

tail-effectiveness  parameter 

5.6. 1.2 

T?W(U) 

lower-vertica  -stabilizer  effectiveness  factor 

5.6. 1.2 

^VrfV) 

upper-vertical-stabilizer  effectiveness  factor 

5.6. 1.2 

dimensionless  span  station  of  mean  aerodynamic  chord  of  wing  segment 
affected  by  leading-edge  device 

6.1.5.I 

^C.p. 

spanwise  location  of  the  center  of  pressure  of  the  exposed  horizontal  tail 

6.2. 1.2 

*( 

y 

dimensk  less  distance  from  plane  of  symmetry  to  edge  of  flap  or  control  surface,  — 

b/2 

6.1.5. 1 

% 

dimensionless  distance  from  plane  of  symmetry  to  inboard  edge  of  flap  or  control 

n 

surface,  — 
b/2 

Several 

A-.Jj.AtJo 

effective  increments  in  spoiler  spanwise  inboard  and  outboard  locations,  respectively, 
due  to  spanwise  flow  of  spoiler  wake  for  partial-span  spoilers 

6.2.1. 1 

^'eff  ’^°eff 

effective  locations  of  inboard  and  outboard  ends,  respectively,  of  spoilers 

6.2.1.1 

dimensionless  span  stations  denoting  outboard  and  inboard  ends,  respectively, 
of  the  kth  wing  section 

6.1.5. 1 

^max 

empirical  factor  accounting  for  maximum  lifting  efficiency 

6.1. 1.3 

% 

dimensionless  distance  from  plane  of  symmetry  to  outboard  edge  of  flap  or  control 
yo 

surlace,  — 
b/2 

Several 

% 

1 . turning-efficiency  factor  of  the  aft  flap  segment 

2.  static  turning  efficiency  defined  as  resultant  force  divided  by  gross  thrust 

6. 1.1.1 

6.1 .4 .3 
6,1.5. 1 
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SYMBOL 
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1J  lumped  parameter  containing  the  effects  of  downwash,  dynamic-pressure  ratio,  and  4 5 I 2 

Mach  number 

empirical  factor  accounting  for  changes  in  flap  deflection  from  the  optimum  6.1 .1  .,4 

deflection 

T)q,  TJj  , TJj  > 1?3  dimensionless  span  stations,  from  center  line  outboard  on  wing  6.1 .5.1 

TJ  j empirical  lift-efficiency  factor  of  a single-slotted  flap,  a vane,  or  forward-flap  6. 1.1.1 

segment  of  double-slotted  flap 

772  empirical  lift-efficiency  factor  of  the  aft-flap  segment  of  a double-slotted  flap  6.1.1 . 1 


tail-effectiveness  factor  for  configurations  with  body-mounted  horizonta1  tails 

1.  slope  of  airfoil  mean  line  at  leading  edge 

2.  linear  angle  of  twist  of  wing  tip  with  respect  to  root,  negative  for  washout 

3.  ratio  of  ambient  static  temperature  to  jet-exit  static  temperature 

4.  surface  slope  of  cone  frustum 

5.  shock-wave  angle 

6.  leading-edge  shock  angle 

7.  angulat  pitching  velocity 

8.  slipstream  turning  angle  measured  from  thrust  axis 

9.  spoiler  deflection  angle 

10.  body  surface  slope 

11.  angle  of  conical  divergence 

12.  angle  of  secondary  shock 

Ad  increment  of  slipstream  turning  angle  due  to  wing  camber  and  incidence 

9 angle  between  airfoil  chord  line  and  line  connecting  airfoil  trailing  edge  with 

maximum  airfoil  upper-surface  ordinate  (see  Sketch  (a),  Section  4. 1.4. 3) 

surface  slope  of  flared  afterbody 

surface  slope  of  conical  body  section  having  a blunted  nose 
2.  surface  slope  of  nose 

6 cone  angle 


6. 2. 1. 2 


2.2.1 


Several 

4.6.1 


Several 


4.4.1 

63.1 

5. 3. 1.7 
5.6. 1.2 


7. 1.1.2 


9.2 

9.2.1 

9.2.3 

6. 2.1. 1 

4.2. 1.2 

4. 2.2.2 

4.6.4 

6.3.2 

9.2 
9.2.1 

4. 1.4.3 


4.2. 1 1 
4.2. 1 .2 
4 2.2.1 

4. 2. 1.2 

4.2.3. 1 

4. 3. 3.1 

5.3.3. 1 

4. 2. 2.1 
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SYMBOL 
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*f 

01 

> ®2>  ®3> 

K 

AHL 

Ahc/4 

ALE  ’ ALEw  ’ A 
ALE’  ale 


slipstream  turning  angle  adjusted  to  the  condition  of  zero  camber  and  zero  incidence 
trailing-edge  shock  angle 

local  surface  slope  of  body  segments 

ratio  of  two-dimensional  lift-curve  slope  at  appropriate  Mach  number  to  2tr/j3;  or, 
ratio  of  incompressible  two-dimensional  lift-curve  slope  to  2n 

sweepback  angle  of  hinge  line  of  flap  or  control  surface 
sweep  angle  of  horizontal-tail  quarter-chord 

sweepback  angle  of  wing  leading  edge 

sweepback  angles  of  leading  edges  of  forward  and  aft  surfaces,  respectively 


A 


LE, 


'bw 


AleJ 


sweepback  angle  of  leading  edge  of  basic  wing 

sweepback  angle  of  leading  edge  of  exposed  wing 

sweepback  angle  of  leading  edge  of  inboard  panel  of  exposed  wing 

sweepback  angle  of  loading  edge  of  glove  of  double-delta  and  cranked  wings 


ALEj  > ALE„ 


Au! 


LEU 


l-Ev 


AI.F,  ’ALE2 

Ne 

A 


TE, 


bw 


atee 


sweepback  angle  of  horizontal-stabilizer  leading  edge 

sweepback  angles  of  leading  edge  of  wing  inboard  and  outboard  panel*,  respectively 
sweepback  angle  of  leading  edge  of  constructed  outboard  panels  of  wing 
sweepback  angle  of  lower-vertical-stabilizer  leading  edge 
sweepback  angle  of  upper-vertical-stabilizer  leading  edge 

sweepback  angles  of  leading  edge  of  constructed  paneli  of  non-straight-tapered  wings 
sweepback  angle  of  wing  trailing  edge 
sweepback  angle  of  trailing  edge  of  basic  wing 

sweepback  angle  of  trailing  edge  of  extension  of  double-delta  and  cranked  wings 


9.2 

9.2.1 


5. 3. 1.2 

5.6. 1.2 


4.2.2. 1 


Several 


Several 


4.6 

4.6.3 


Several 


4.5. 1.1 

4.5. 1.2 

7.41.1 

4. 1.3.2 

4.1. 5.1 

4.3.3.1 

5. 1.2.1 

4.3. 2.2 


4.3.2. 2 


4. 1.3.2 

5. 1.2.1 

4.5. 3.1 

8.1 

Several 


4. 1.4.2 

43.2.2 

Several 


Several 


4, 1.3.2 


Several 

4. 1.3.2 

4. 1.5.1 

4.3.3. 1 

4. 1.3. 2 
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ATEi,ATEo 

sweepback  anglci  of  trailing  edge  of  wing  inboard  and  outboard  panels,  respectively 

4. 1.3.2 

4. 1.4.2 

4. 1.5.1 

\ 

sweepback  of  constant-percent-chord  line  through  center  of  pressure  or  basic  loading 
(see  Equation  6.1.5. l-g) 

6. 1.5.1 

Ac 

complement  of  leading-edge  sweep  angle;  Ac  **  90°  - ale 

4.1. 3,2 

4. 1.4.1 

Ac/(  ) 

iweepback  angle  of  a constant-percent-chord  line 

Several 

Ac/2>Ac/2w 

awcepback  angle  of  wing  50-percent-chord  line 

Several 

Ac/2>  Ac/2 

sweepback  angles  of  50-percent-chord  line  of  forward  and  aft  surfaces, 

4.5.1. 1 

respectively 

7.4.1. 1 

A3c/4 

sweepback  angle  of  the  three-quarter-chord  point  of  the  wing 

4.4.1 

Ac/2# 

sweepback  angle  of  midchord  line  of  exposed  wing 

4.3. 2.2 

Ac/2eff 

effective  sweepback  angle  of  midchord  line  of  exposed  wing 

4. 1.3.2 

4.1. 3.3 

Ac/2j>  Ac/2q 

sweepback  angles  of  midchord  line  of  wing  inboard  and  outboard  panels, 

4.1. 3.2 

respectively 

4. 1.3.3 

4. 1.4.2 

5. 1.2.1 

Ao/2j 

sweepback  angle  of  midchord  line  of  one  section  of  n sections 

4.1. 3.2 

4.1. 3.3 

Ac/20 

sweepback  angle  of  midchord  line  of  constructed  outboard  panel  of  wing 

5. 1.2.1 

AC/2y 

sweepback  angle  of  the  midchord  line  of  the  lower  vertical  stabilizer 

5.3. 1.1 

5.6. 1.1 

Ac/2v 

sweepback  angle  of  the  mid  chord  line  of  th~  upper  vertical  stabilizer 

5.3. 1.1 

Ac/4^’  Ac/4 

sweepback  angle  of  the  quarter-chord  line  of  the  wing 

Several 

A^M'AcM 

sweepback  angles  of  quarter-chord  line  of  forward  and  aft  surfaces,  respectively 

4.5. 1.1 

7.4.4. 1 

A„,  A. 

n 

sweepback  angles  of  arbitrary  chordwise  locations 

2.2.2 

A. 

sweepback  angle  of  spoiler  hinge  line 

6.2. 1.1 

A«/‘>max 

sweepback  angle  of  airfoil  maximum- thickness  line  of  wing 

4.1. 5.1 

4.3. 3.1 

4.5. 3.1 

sweepback  angles  of  airfoil  maximum-thickness  line  of  wing  inboard  and  outboard 

4.1, 5.1 

panels,  respectively 

4.3. 3.1 
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X 

X',  X" 

X«e 

\ 

Xv 

s 

^bw 


,/tan  Ac/4 

compressible  sweep  parameter,  tan1! 

\ 0 

tip  chord 

1,  taper  ratio, 

root  chord 

2.  mean  free  path  (average  distance  traveled  between  molecular  collisions) 
taper  ratios  of  forward  and  aft  surfaces,  respectively 


taper  ratio  of  horizontal  tail  or  canard  surface 
taper  ratio  of  exposed  horizontal  tail 

taper  ratio  of  lower  vertical  stabilizer,  measured  from  fuselage  center  line 
taper  ratio  of  exposed  lower  vertical  stabilizer 

taper  ratio  of  upper  vertical  stabilizer,  measured  from  fuselage  center  line 
taper  ratio  of  exposed  upper  vertical  stabilizer 

wing  taper  ratio 
taper  ratio  of  basic  wing 

taper  ratio  of  exposed  wing  panel 

taper  ratios  of  forward  and  aft  exposed  surfaces,  respectively 


taper  ratio  of  inboard  panel  of  exposed  wing 


taper  ratio  of  flap  or  control  surface 

taper  ratio  of  glove  of  doublvdelta  and  cranked  wings 


Vj,  X0  taper  ratios  of  wing  inboard  and  outboard  pane'  i,  respectively 

taper  ratio  of  constructed  outboard  panel  of  wing 


L,X7 


taper  ratios  of  constructed  panels  of  non-straight-tapered  wings 


Several 


Several 


6.3.2 

4.5. 1.1 

7.4. 1.1 

7.4.4. 1 


Several 


6.2. 1.2 


Several 

Several 


Several 

Several 


Several 


4. 1.3.2 

4. 1.5.1 

4. 3.3.1 

5. 1.2.1 


Several 


4.4.1 

4.5. 1.1 

7.4. 1.1 

4.3.2 .2 

4. 3.3.1 

6. 1.4.1 

6. 1.5.1 

4. 1.3.2 
5.1. 2.1 


Several 


4. 1.4.2 

4.3.2. 2 

5.1. 2.1 

4.1. 3.2 


SYMBOL 


DEFINITION 


SECTIONS 


M 

v 

&l>  Increment  in  flow  angle  between  two  point!  on  the  body  surface 

$ 1.  any  station  along  body 

2.  pressure  ratio  along  secondary  shock 

distance  required  for  complete  rollup  of  win,.;-tip  vortices,  measured  parallel 
to  the  wing  root  chord  from  the  tip  quarter-chord  point,  in  semispans 

fi  1.  ratio  of  weight  to  chord  for  wing 

2.  air  density 

pitch  radiusof  gyration 
roll  radius  of  gyration 

radii  of  gyration  at  the  c.g.  of  the  component 

A 

1.  geometric  planform  parameter,  — • i 1 + A)  tan  ALE 

2.  Prandtl  interference  coefficient 

3.  side  wash,  positive  out  the  left  wing 

4.  boundary-layer  separation  angle 

5.  air  density  ratio,  p/pQ 

6.  propeller  solidity,  ratio  of  blade  element  area  to  annular  area  at  0.7SR 

<7e  effective  propeller  solidity 

T 1.  one-half  the  thickness  ratio  of  the  forward-facing  surface  of  a wedge  airfoil 

2.  angle  denoting  an  arbitrary  position  of  the  ray  in  the  conical-flow  field 

T angle  of  a ray  in  the  conical-flow  field  which  passes  through  the  center  of 

pressure 

$ effective  turning  angle 


Pp 

P*. 


a 


_i  * 

Mach  angle,  jin  — 
M 

Prandtl-Meyer  angle 


Several 

4.4.1 

5.3. 1.2 

5.6. 1.2 

4.4.1 

4. 3.3.1 
6.3.2 

4.4.1 

7.4 .4.1 

8.1 

4.6 

6.3.2 

8.2 


8.2 


8.2 


2.2,2 

4.1. 3.2 

4.1.4.3 


4.7 

4.7.1 

4.7.4 


5.4.1 

6.3.2 
6.3.4 


9.1 

9.1.1 
9.1.3 

9.1 

9.1.1 
9.1.3 

4. 1.5.1 

6. 1.6.1 


6. 1.6.1 


6.1. 1.1 
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SYMBOL 


DEFINITION 


SECTIONS 


<p 

1.  angle  of  bank  of  elliptical-cross-section  body  about  its  longitudinal  axis, 
measured  from  the  major  axis 

4.2. 1.2 

4.2.2 .2 

4.2. 3.2 

2.  roll  angle 

4.3.3.1 

6.1.7 

_ i 0 

3.  angle  of  inclination  normal  to  body  center  line,  tan  — 

a 

5.3. 1.2 

5.6. 1.2 

4.  angle  associated  with  geometry  of  separation 

6.3.1 

5.  inclination  of  nozzle  center  line  relative  to  an  axis  normal  to  surface 

6.3.2 

TE 

1.  streamwlsc  trailing-edge  angle 

Several 

2,  trailing-edge  angle  measured  normal  to  control  hinge  line 

6. 1.4.1 

6. 1.5.1 

6. 1.6.1 
6.2. 1.1 

trailing-edge  angle  based  on  airfoil  ordinates  at  90-  and  99-percent  chord 

Several 

trailing-edge  angle  based  on  airfoil  ordinates  at  95-  and  99-percent  chord 

6. 1.3.1 

6.1. 3.2 
6.1, 6.1 

6. 1.6.2 

<t> 

TE 

* ‘'upper 

. Y90-Y100 
tan-1 

0.10 

6.1. 1.1 

K 

mr 

span-loading  angle  calculated  at  spanwise  station  n, 

m + 1 

6.1.7 

*v 

Vff 

span  loading  angle  calculated  at  spanwise  station  v, 

m + 1 

6.1.7 

lift-efficiency  factor  for  a geared  tab  system,  1 + (JCj/Cj 

6.3.4 

angle  used  in  determination  of  trim  drag  (see  Figure  4.5.3.24) 

4.5. 3.2 
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C.  CAPITAL-LETTER  COEFFICIENTS  AND  DERIVATIVES 


SYMBOL 

DEFINITION 

SECTIONS 

increment  in  axial-force  coefficient 

6.3. 1 

CD 

drag 

drag  coefficient,  

qS 

Several 

(CD)' 

total  drag  coefficient  of  the  forward  panel  and  body,  including  wing-body 
interference 

4.5. 2.1 

<CD)" 

total  drag  coefficient  of  the  aft  panel,  including  wing-body  interferences 

4.5. 2.1 

acd 

zero-lift  drag  coefficient  due  to  flap  deflection  based  on  free-stream  velocity 

9,2 

9.2.3 

CD(«) 

drag  due  to  angle  of  attack 

4.2. 3.2 

4. 3. 3.2 

ICD  (Ot)  | B 

body  drag  due  to  angle  of  attack 

4.3. 3.2 

fCD^)la/b 

drag  due  to  angle  of  attack  of  a body  having  an  elliptical  cross  section 

4. 2. 3. 2 

C°A 

wavo-drag  coefficient  based  on  maximum  frontal  area  of  afterbody 

Several 

ACda 

reduction  in  afterbody  wave-drag  coefficient  of  a body  of  revolution  with 
elliptic  cross  section 

4.2. 3.1 

CD 

UA(NC) 

coefficient  of  interference  drag  acting  on  the  afterbody  due  to  the  nose  and 
cylindrical  section 

4.2. 3.1 

4.2. 3.2 

4.3. 3.1 

4.5. 3.1 

C»b 

base  drag  coefficient 

Several 

M„ 

base-pressure  drag  coefficient  for  the  body 

4.3.3. 1 

C’n 
' e 

\ 

external  duct  drag  coefficien', 

q~SD 

9.3 

9.3.1 

CDf 

1.  skin-friction  drag  coefficient 

Several 

2.  power-off  zero-lift  drag  coefficient 

9.2 

9.2.3 

increment  cf  skin-friction  drag  due  to  control-surface  or  flap  deflection 

6.1.7 

ML 

body  skin-friction  drag  coefficient 

4.2. 3.1 

4.3.3. 1 
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SYMBOL 


DEFINITION 


SECTIONS 


N» 

(S)h 

(S), 

(CBf)w 
C»„ 
N L. 


zero-lift  drag  of  body  exclusive  of  the  base  drag,  based  on  body  base  area 


compressible  skin-friction  drag  coefficient  of  horizontal  stabilizer,  based  on 
total  horizontal  stabilizer  area 

compressible  skin-friction  drag  coefficient  of  vertical  stabilizer,  based  on 
vertical  stabilizer  area  to  body  center  line 

compressible  skin-friction  drag  coefficient  of  wing,  based  on  total  wing  area 


drag  coefficient  of  horizontal  stabilizer, 


horizontal-tail-body  drag  at  stall  angle  of  attack 


horizontal-tail  drag 


(ac4 

(Cdl)w 

(s) 

\ l7WB 


/CD  ) 

\ umin/flap 

or 

(CDmin)6  - 


induced-drag  coefficient 


drag  coefficient  due  to  lift 


increment  in  drag  due  to  lift  resulting  from  a breakdown  in  leading-edge 
suction  at  lift  coefficients  above  parabolic-drag-polar  region 

pressure-drag  coefficient  of  a swept,  cylindrical  leading  edge 


change  in  drag  due  to  lift  caused  by  ground  effect 


drag  due  to  lift  of  the  wing,  based  on  total  wing  area 


drag  due  to  lift  of  a wing-body  configuration 


flaps  up 


minimum  drag  coefficient 


increment  in  minimum  drag  coefficient  due  to  control-surface  or  flap  deflection 


minimum  drag  coefficient  for  undeflected  control  or  flap 


wave  drag  coefficient  of  spherically  blunted  noses 
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SYMBOL 

DEFINITION 

SECTIONS 

acd 

Dn, 

reduction  in  forebody  wave-drag  coefficient  of  a body  of  revolution  with  an 
elliptic  cross  section 

4.2.3, 1 

S 

wave-drag  coefficient  of  conical  or  ogive-profile  nose,  based  on  maximum 
frontal  area  of  nose 

4. 2. 3.1 

4.3.3. 1 

4.5.3. 1 

C°o 

power-off  drag  coefficient  based  on  tree-stream  velocity  and  wing  area, 
drag 
q S 

"oo 

9.2 

9.20 

CDp 

subsonic  pressure-drag  coefficient 

4.2. 3.1 

4.3.3. 1 

4.5.3.1 

C°P 

yn 

pressure-drag  coefficient  of  any  of  n segments  of  a body 

4.2.3, 1 

c c 

pressure-drag  coefficient  of  given  body  segments 

4.2  3.1 

AC°-rr„n 

incremental  drag  coefficient  of  horizontal  stabilizer  including  both 
zero-lift  and  induced  drag 

4.5, 3.2 

CDy 

viscous  drag  coefficient  due  to  lift 

4. 1.5.2 

Cdw 

supersonic  wave-drag  coefficient  of  the  body 

Several 

CD 

wave 

wave-drag  coefficient 

6.1./ 

A(Cd  ) 

\ wave  / 

increment  in  wave-dtag  coefficient  due  to  control  deflection 

6.1.7 

(cD  ) 

\ wave/6  = 0 

zero-lift  wave-drag  increment  at  transonic  speeds  tor  undeflected  control  or 

flap 

6.1.7 

or 

(4C-.),.« 

wave-dtag  coefficient  of  the  body 

4.3.3. 1 

CD 

UWB 

wing-body  drag  coefficient  in  absence  of  ground  plane 

4.7 

4.7.4 
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SYMBOL 


OI-.MNITK  J\' 


SLCTIONS 


M 


WB 


cr 


‘peak 


Ac/4  = n 


peak. 


'c/4 


drag  coelficient  of  a wing-body  combination  at  angle  oi  attack 
wing-body  drag  coefficient  in  the  presence  ol  the  ground 


supersonic  wave-drag  coefficient  of  the  horizontal-tail  panel 
maximum  svave-drag-coefficient  increment  for  swept  wing  with 


maximum  wave-drag-coetficient  increment  for  an  unswepr  wing 


n 


power  on 


supersonic  wave-drag  coefficient  of  the  vertical-tail  panel 
supersonic  wave-drag  coefficient  of  the  wing 

total  drag-curve  slope  of  the  forward  panel  and  body,  including  interferences 
total  drag-curve  slope  of  the  aft  panel  and  body,  including  interferences 
drag  coefficient  for  control  surface  or  flap  deflection 
drag  coefficient  for  zero  control  surface  or  (lap  deflection 

1.  zero-lifi  drag  coefficient 

2.  profile-drag  coefficient  of  the  wing  at  any  given  lift  coefficient 

increment  of  zero-lift  wave-drag  coefficient  at  transonic  speeds 

total  zero-lift  drag  coefficient  of  body 

increrncnl  of  zero-lift  drag  coefficient  due  to  flap  deflection 

increment  of  zero-lift  drag  coefficient  for  the  flap  extended  and  immersed  in 
the  propeller  slipstream 


4.J..U 

4 7 
4.7.4 

4.5.3. 1 

4. 1.5.1 

4. 3. 3.1 

4.1.5.1 


4.S.3.1 


4.3.3. 1 

4.5. 3. 1 

4.5. 2.1  v 


4.5. 2.1 


6.1.7 

6.1.7 


Several 


7.1. 3.2 

7.1. 3.3. 

7.372.2 

4.1.5. 1 

4.3.3. ) 

4.5. 3.1 


4.3.3. 1 

4.5. 3.1 

4,6.4 


4.6.4 


SYMBOL 


DEFINITION 


SECTIONS 


(C°o)„ 

zero-lift  drag  coefficient  of  horizontal  stabilizer,  based  on  total  horizontal- 
stabilizer  area 

4.5. 3.1 

4.5. 3.2 

(CDo),f“o)0 

zero-lift  drag  coefficients  of  wing  inboard  and  outboard  panels,  respectively 

4. 1.5.1 

4. 3.3.1 

Nm,* 

surface 

zero-lift  drag  coefficient  of  lifting  surface 

4.5. 3.1 

(Cd»Id 

zero-lift  drag  coefficient  at  drag-divergence  Mach  number 

4.5. 3.1 

(Cr'«)«, 

zero-lift  drag  coefficient  at  initial  drag-rise  Mach  number 

4.5. 3.1 

on 

increment  of  zero-lift  drag  for  propeller  power 

4.6.4 

increment  of  skin-friction  zero-lift  drag  coefficient  due  to  propeller  slipstream 

4.6.4 

(Cl>o)v 

zero-lift  drag  coefficient  of  vertical  stabilizer,  based  on  vertical-stabilizer  area 
to  body  center  line 

4.5. 3.1 

4.5. 3.2 

(Cd»)w 

zero-lift  drag  coefficient  of  wing,  based  on  total  wing  area 

4.3. 3.1 

4.5. 3.1 

N*b 

zero-lift  drag  coefficient  of  wing-body  combination 

4.3. 3.1 

4.3. 3.2 

4.5. 3.1 

4.5. 3.2 

c c 

%•••• 

drag  coefficients  of  various  components  of  body 

4.2. 3.1 

Crc 

control-force  coefficient 

6,3.2 

(S) 

corrected  control-force  coefficient 

6.3.2 

CI 


1.  rttgative-drag  coefficient  based  on  free-stream  velocity  and  wing  area,  

q S 

2.  duct  negative-drag  coefficient  based  on  free-stream  velocity  and  duct 


q°-SD 


9.2 


planform  area, 


9.3 

9.3.2 

9.3.3 


SYMBOL  DEFINITION  SECTIONS 


negative-drag  coefficient  based  on  slipstream  velocity  and 

Fx 

9.2 

9,2.3 

wing  area, 

q"S 

% 

external  duct  negative-drag  coefficient  based  on  free-stream  velocity  and  duct 
\ 

planform  area,  

fiooSD 

9.3 

9.3.1 

9.3.3 

C, 

three-dimensional  trailing-edge  jet  momentum  coefficient  for  jet-fiap  configurations 

6. 1.4.1 

6. 1.4.2 

6. 1.4. 3 
6.1.S.1 

C' 

J 

three-dimensional  trailing-edge  jet  momentum  coefficient,  based  on  blown-flap  affected  area 

6. 1.4.1 

6.1.4.2 

CL 

lift 

1,  lift  coefficient, 

qS 

Several 

lift 

2.  duct  lift  contribution, 

<1«»SD 

9.3 

9.3.1 

9.3.2 

acl 

1.  increment  in  lift  due  to  leading-edge  vortex  at  particular  angle  of  attack  (see 

Sketch  (b),  Section  4. 1.3. 2) 

4. 1.3.2 

4.1.4. 3 

2.  increment  in  lift  beyond  the  lift  coefficient  at  «{,real( 

4. 1.3.3 

3.  increment  of  wing  lift  coefficient  due  to  flap  or  control-surface  deflection 

6. 1.4.1 

6.1.5. 1 

(ClY 

total  lift  coefficient  of  the  forward  panel  and  body,  including  wing-body 
interference 

4.5. 2.1 

7.4. 1.1 

cl" 

lift 

lift  coefficient  based  on  slipstream  velocity,  

q"S 

9.2 

9.2.1 

(CL)" 

total  lift  coefficient  of  the  aft  panel,  including  wing-body  interferences 

4.5.2. 1 

(coa/b 

lift  coefficient  of  a body  with  elliptical  cross  section 

4.2. 1.2 

CL 

^basic 

basic  wi.ig  lift  coefficient  excluding  leading-edge  vortex-induced  effects 

4. 1.4. 3 

CI 

'break 

lift  coefficient  where  lift  curve  becomes  nonlinear 

4. 1.3.3 

c'. 

“critical’'  lift  coefficient,  where  drag-due-to-lift  factor  is  no  longer  a constant 

4. 1.5.2 

at^ 

lift  increment  due  to  control  surface 

6.3.4 

S 

conical-camber  design  lift  coefficient  for  a M = 1.0  design  with  the  designated  camber 
ray  line  intersecting  the  wing  trailing  edge  at  0.3  b/2 

4. 3. 2.1 

CLt 

lift  coefficient  resulting  from  external  mass  flow 

9.3 

9.3.1 

9.3.2 

(co; 

lift  coefficient  of  the  exposed  forward  panel 

4.5. 1.2 
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SYMBOL 


DEFINITION 


SECTIONS 


AC, 

increment  in  wing  lift  coefficient  due  to  symmetric  (lap  deflection 

4.7 

f 

in  absence  of  ground  plane 

4.7.1 

(s) 

6.1.7 

wing-bodv  lift  coefficient  including  flap  effects  in  absence  of  ground  plane 

4-7 ,1 

a(AC< 

empirical  factor  accounting  for  flap  effects  in  the  presence  of  the  ground 

4.7 

4 7. 1 

Cl(8) 

lift-coefficient  correction  term 

7.1. +.1 

7.3.4. 1 

(4CJr 

increment  in  wing  or  horizontal  tail  lift  due  to  the  presence  of  the  ground 

4.7 

' G 

plane 

horizontal-tail  lift 

Cj^ 

lift  coefficient  of  horizontal  tail, 

4.5. 3.2 

qSH 

4.6.3 

4.7.1 

(4CJ„ 

6.3.4 

increment  in  lift  coefficient  due  to  horizontal  tail 

4.6 

4.6.1 

(ACl«)o 

increment  in  horizontal-tail  lift  in  the  presence  of  the  ground 

4.7 

4.7.3 

ClH(WBV) 

horizontal-tail-body  lift  in  presence  of  the  wing,  body,  and  vertical  tail 

4.5. 1.3 

ch 

lift  coefficient  resulting  from  internal  mass  flow 

9.3 

9.3.1 

9.3.2 

(CL.) 

rate  of  change  of  lift  coefficient  with  wing  incidence  (fuselage 

4. 3.1.2 

1 WB 

angle  of  attack  held  constant) 

maximum  lift 

CL 

maximum  lift  coefficient, 

Several 

max 

qS 

acl 

1.  increment  in  wing  maximum  lift  coefficient  accounting  for  Mach-number 

4.1. 3.3 

Lmax 

effects 

4. 1.3.4 

2.  increment  in  wing  max, mum  lift  coefficient  due  to  propeller  power 

4.6 

4.6.2 

3.  increment  in  wing  ma  intum  lift  coefficient  due  to  flap  deflection 

6. 1.4.3 

Cl* 

maximum  lift  coefficient  wing  as  determined  by  the  low-aspect-ratio  method 

4. 1.3.3 

max 

(CL  ) 

V ma*  uase 

base  value  of  parameter 

4.1. 3.3 

4.1. 3.4 

RCl  ) 

] " subsonic  maximum  lift  coefficient  of  exposed  aft  panel 

4.5. 1.2 

L,TiaxVse 

■*  e 

(CL  \ 

maximum  lift  coefficient  for  exposed  wing 

4. 1.3.4 

\ max/e 
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SYMBOL 


DEFINITION 


SECTIONS 


maximum  lift  coefficients  of  exposed  forward  and  aft  panels,  respectively 


increments  in  wing  maximum  lift  coefficients  accounting  for  Mach  number 
effects  on  the  forward  and  aft  panels,  respectively 


4. 1.5. 2 


4. 1.5.2 


(Cl  ) 

' max/w 

value  of  parameter  for  wing 

4. 3.1.4 

(c,  ) 

maximum  lift  coefficient  for  wing-body 

4.3.).4 

\ Lmax/WB 

4.5. 1.3 

increment  in  lift  coefficient  acting  at  jet-engine  inlet  due  to  inclination 

4.6 

of  thrust  axis  io  oncoming  flow 

4.6.1 

4.6.4 

(4CL) 

increment  in  lift  coefficient  due  to  inclination  of  propeller  plane  to 

4.6 

Np 

oncoming  flow 

4.6.1 

4.6.3 

c. 

lift  coefficient  above  point  where  the  lift  curve  ceases  to  be  linear 

4.1. 3.3 

nonlinear 

CL 

power-off  lift  coefficient  based  on  free-stream  velocity  and  wing 

9.2 

Lo 

L 

9.2.1 

area, 

q»s 

9.2.3 

CL 

lift  coefficient  due  to  propeller  effects 

4.6 

P 

4.6.4 

(Cr) 

lift  coefficient  of  configuration,  power  off 

4.6.1 

power 

off 

(ACl) 

increment  in  lift  coefficient  due  to  propeller  power 

4.6.1 

' ' power 

4.6.2 

on 

c 

&c l 

Several 

% 

pitching  derivative,  — — — — 

•ft) 

(ACl) 

increment  in  lift  coefficient  due  to  change  in  dynamic  pressure  behind  propeller 

4.6 

q 

4.6.1 

4.6.3 

CL  ' value  of  pitching  derivative  refened  to  body  axes  with  origin  at  wing  7.1. 1.1 

<1  aerodynamic  center  7.1. 1.2 

7.3.1. 1 

CL  " value  of  pitching  derivative  referred  to  body  axes  with  origin  at  wing  7.1. 1.1 

9 leading-edge  vertex  7.1, 1.2 


contribution  of  the  body  to  pitching  derivative  C, 

Lq 


7.3.1. 1 

7.4. 1.1 
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SYMBOL 

(M 

N. 

(C|-,)wB 

(AC0SE 

K.)t 


ocL 

La 

(ACL  )ao w 
Cl«  = o 

W' 

W 


DEFINITION 

contribution  of  the  exposed  wing  to  the  pitching  derivative  C, 

q 

contributions  of  exposed  forward  and  aft  panels,  respectively,  to  the  pitclung 
derivative  Ci 

contribution  of  the  wing  to  the  pitching  derivative 

contribution  of  the  wing-body  combination  to  the  pitching  derivative  Cj^ 
lift  coefficient  of  surface  to  which  the  main  control  surface  is  attached 

increment  in  lift  coefficient,  accounting  for  the  direct  influence  of  the  wing  shock- 
expansion  field 

increment  in  lift  coefficient  due  to  angle  of  attack  of  thrust  axis 

lift  loss  due  to  tab 

incremental  lift  coefficient  required  for  trim 

vertical-tail  lift  coefficient 

1.  wing  lift  coefficient  with  power  effects 

2.  wing  lift  coefficient,  including  tab  and  control  deflections 
wing  body  lift  coefficient  in  absence  of  ground  plane 

increment  in  wing-body  lift  coefficient  in  the  presence  of  the  ground 

contribution  to  the  lift  coefficient  due  to  the  effect  of  the  forward-surface  vortices 
on  the  aft  surface 

dcL 

lift-curve  slope,  rate  cf  change  of  lift  coefficient  with  angle  of  attack, 

d or 

increment  in  lift-curve  slope 

increment  in  wing  lift  coefficient  due  to  change  in  angle  of  attack  induced  by  propeller 
flow  field 

lift  coefficient  where  a - 0 

1.  complete  lift-curve  slope  of  forward  panel  and  bod;  , including  interferences 

2.  lift-curve  slope  of  forward  pane! 

1.  lift-curve  slope  of  aft  panel,  including  wing-body  interference  effects 

2.  lift-curve  slope  of  aft  panel 


SECTIONS 

7.3.1. 1 

7. 3.1. 2 

7.4. 1.1 


7.3. 1.1 

7. 3.1.1 

7.4.1. 1 

6.3.4 

4.4.1 

4.6 

4.6.1 

4.6.4 

6.3.4 

4.5. 3.2 

6.3.4 

4.6 

4.6.4 

6.3.4 

4.5. 3.2 

4.7 
4.7.3 

4.7 

4.7.3 

4.5. 1.2 


Several 

4.3. 1.2 

4.6 

4.6.1 

4.6.3 

4.1. 3. 3 

4.5.2. 1 

4.5. 1.2 

7.4.4. 1 

4.5r2.1 

4.5.1.2 
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SYMBOL 

DEFINITION 

SECTIONS 

(COa 

value  of  the  derivative  at  Ma 

4. 1.3. 2 

(CJB 

lift-curve  slope  of  body 

7. 3. 1.1 

7. 3.4.1 

(CJb 

value  of  the  derivative  at 

4. 1.3. 2 

(C.  \ 

low-lift-rcgion  lift-curve  slope,  including  thickness  effects 

4. 1.3.2 

\ a/basic 

4.1.4. 3 

!C<.Jb(W,  or 

lift-curve  slope  of  body  in  presence  of  wing 

4. 3.2. 2 
4.5. 2,1 

CL 

4.5. 3. 2 

aB(W) 

(CL  l 

value  of  the  derivative  at  a given  lift  coefficient 

5. 1.2.2 

7.1. 2.2 

7.3. 2.2 

(ClJc 

lift-curve  slope  of  the  exposed  wing 

Several 

kxk): 

lift-curve  slopes  of  the  exposed  forward  and  aft  panels,  respectively 

Several 

(CLjfb 

value  of  derivative  at 

4. 1.3. 2 

CL 

lift-curve  slope  of  the  horizontal  surface 

Several 

qH 

(CL  \ 

lift-curve  slope  of  the  exposed  horizontal  surface 

6.2.1. 2 

\ «H/e 

(CL  \ 

lift-curve  slope  of  the  horizontal  tail  operating  at  the  local  Mach  number  of  the  flow  in 

4.5. 1.2 

1 “h,mh 

the  vicinity  of  the  horizontal  tail 

(CL  ) 

lift-curve  slope  of  the  isolated  horizontal  tail  at  the  free-stream  Mach  number 

4.5. 1.2 

(C,  ) 

lift-curve  slope  of  the  inboard  panel  of  wing 

4. 1.4. 2 

\ L«/j 

5. 1.2.1 

(Cl  ) 

limiting  value  of  lift-curve  slope 

4. 1.3.2 

\ oi/Umit 

(CL  ) or 

lift-curve  slope  at  low  speeds 

4.4.1 

' a/  low 

speed 

/dC  \ 

/ L 1 

\ d®  /low 

speed 

(C0m 

value  of  derivative  a!  a given  Mach  number 

Several 
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SYMBOL 


DEFINITION 


SECTIONS 


lift-curve  slope  at  high  subsonic  Mach  numbers 


(C,  I value  of  derivative  at  the  critical  Mach  number 

LJ  M..r 


(Cj  I value  of  derivative  for  nose  of  body 

Lq'N 


power-off  lift-curve  slope 

lift-curve  slope  of  the  constructed  outboard  panel  of  wing 

lift-curve  slope  of  isolated  vertical  panel  mounted  on  a reflection  plane 

lift-curve  slope  of  cranked  wing,  predicted  by  double-dclta-wing  method 


value  of  derivative  derived  from  theory 


lift-curve  slope  of  isolated  lower  vertical  panel  mounted  on  a reflection  plane  (the 
aspect  ratio  is  taken  as  twice  the  aspect  ratio  defined  by  the  average  exposed  span 
and  exposed  area) 

1 . lift-curve  slope  of  isolated  upper  vertical  panel  with  effective  aspect  ratio  defined 
by  Equation  5.3. 1 . 1-a 

2.  lift-curve  slope  of  isolated  upper  vertical  panel  mounted  on  a reflection  plane  (the 
aspect  ratio  is  taken  as  twice  the  aspect  ratio  defined  by  the  average  exposed  span 
and  exposed  area) 

lift-curve  slope  of  the  wing 


lift-curve  slope  of  the  wing-body  combination 


lift-curve  slope  of  wing  in  presence  of  body 
lift-curve  slope  of  the  exposed  wing  in  presence  of  body 

contribution  to  the  lift-curve  slope  due  to  the  effect  of  the  forward-surface  vortices 
on  the  aft  surface 

lift-curve  slope  of  flap-deflected  wing 


4,4.1 


7 1.1.2 

t 

Several 

9.2.1 

4. 1.4. 2 

5. 1.2.1 

5. 3. 1.1 

4. 1.3. 2 

4. 1.3. 2 


Several 


5. 3. 1.1 

5.6.1. 1 


Several 


4. 3. 1.2 

4.3.1 .3 
4. 3. 3.2 

4. 2. 2.1 

4. 3. 1.2 
4.7 

4.7.1 

4.3.2 .2 

4.5.2. 1 

4.3. 1 .2 


Several 


6. 1.4.2 
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I 


SYMBOL 

(C0«-o 


DEFINITION 


Uft-curve  slope  of  flap-retracted  win* 


(CL  ,(CL  1 total  lift-curve  slopes  between  CL  and  , and  beyond  , respectively,  (see 

«/.,  \ a/in  II  111  ‘'III 

n ,H  Sketch  (b),  Section  4. 1.3.2) 

5Cl  , 6Cl  incremental  increase  in  lift-curve  slopes  starting  at  and  , respectively,  (see 
“ll  “HI  Sketch  (b),  Section  4. 1.3.2)  **  *** 


(CL  ) 

' La  / test 

( ^alpred 


correction  factor  for  subsonic  lift-curve  slope  of  cranked  wings 


change  in  lift  coefficient  with  variation  in  rate  of  change  of  angle  of  attack. 


value  of  derivative  for  exposed  wing 


contribution  of  exposed  aft  pane)  to  acceleration  derivative 


(CT  ) value  of  derivative  for  body 

Ld/B 

| | value  of  derivative  for  exposed  wing 

|C[  , | contribution  of  exposed  aft  pane)  to  accelerati 

| C,  I value  of  derivative  for  wing 

(C,  \ value  of  derivative  for  wing-body  combination 

\ l4/WB 

components  of  the  wing  contribution  to  C'L , 


value  of  derivative  for  wing 


value  of  derivative  for  wing-body  combination 


rate  of  change  of  lift  coefficient  with  wing  flap  deflection  at  constant  angle  of 

dcl 
attack,  -T— 
d 6 

lift-effectiveness  of  one  symmetric,  straight-sided  flap,  based  on  flap  area 


SECTIONS 


KJ, 


increment  in  lift  due  to  inflow  velocity  of  the  flow  surrounding  the  jet 


C|  ,C,  breaks  in  lift-curve  slope  (see  Sketch  (b).  Section  4, 1.3.2) 

Ln  Lm 


1.  normal-force  coefficient, - 


2.  normal-force  coefficient, 
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SYMBOL 


DEFINITION 


SECTIONS 


4C 


N 


c 


N 


2. 

1. 


2. 


increment  in  normal-force  coefficient 

increment  in  coefficient  due  to  jet-pressure  interference  on  vehicle  surfaces 

, CL 

pseudonormal-force  coefficient  defined  by  the  equation  Cu  

1 cos  a 

normal-force  coefficient  based  on  free-stream  velocity  and  propeller  disk  area 


fCN@CL  I 
L w Lmax 

fCN@CL 

I " Lmax 


e 

n 

e 


pseudononnal-forcc  coefficients  at 
respectively 


C.  for  exposed  forward  end  aft  panels, 
Lmax 


ratio  of  normal-force  coefficient  for  body  of  nontircular  cross  section  to  that 
for  an  equivalent  body  of  circular  cross  section  (same  cross-sectional  area) 
as  determined  by  Newtonian  impact  t\eory 


ratio  of  normal-force  coefficient  for  body  of  noncircular  cross  section  to  that 
for  an  equivalent  body  of  circular  cross  section  (same  cross-sectional  area)  as 
determined  by  slender-body  theory 


^'N  ^cone  coefficient  for  cone-cylinder 

cyl 

(CN)e  coefficient  for  exposed  wing 


increment  in  coefficient  due  to  body  flare 


^N-*N 

(ACn)n 


(CN)W 

CNW"(V) 


coefficient  for  nose 


increment  in  coefficient  due  to  body  nose 


propeller  normal-force  coefficient 


* CN 

pitching  derivative,  — - — 

<k) 


value  of  derivative  for  forward  panel 


coefficient  for  wing 

contribution  to  the  normal-force  coefficient  due  to  the  effect  of  the  forward-s;  facc 
vortices  on  the  aft  surface 

dCN 

1.  rate  ot  change  of  normal-force  coefficient  with  angle  of  attack,  — — 


2.  value  of  derivative  for  forward  panel 

3.  value  of  derivative  for  propeller 


6.3.1 


4.6.1 


4.1.3 

4. 1.3.3 

4. 1.3.4 

7.4.1. 1 

9.1 


4.5. 1.2 


4.2. 1.2 

4.2.2 .2 


4. 2. 1.2 

4.2.2 .2 


4 2.1.2 
4.2.3, 2 


4.3. 1.3 

4.3. 1.4 

'.2.1.2 

4.2. 3.2 


4.3. 1.3 

4.3. 1.4 

4.2. 1.2 

4.6 

4.6.4 


7.2. 1.1 


7.2. 1.1 

7.2. 1.2 

4.3. 1.3 


4.5, 1.2 


Several 


Several 


9.1.3 
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SYMBOL 


DEFINITION 


SECTIONS 


acn 


Ot 


B 


increment  in  normal-force-curvc  slope  of  a boattail  following  a semi-infinite  cylinder 

1 . value  of  derivative  for  the  body 

2.  value  of  derivative  for  the  body  nose,  based  on  nose  frontal  area 
value  of  derivative  for  the  body  in  presence  of  the  wing 

normal-force-curve  slope  of  the  basic  wing 

value  of  derivative  for  trailing-edge  extension  of  double-delta  and  cranked  wings 
value  of  derivative  for  exposed  wing 

normal-foicc-curve  slopes  of  the  exposed  forward  and  aft  panels,  respectively 
normal-force-curve  slope  of  exposed  inboard  panel  of  wing 
theoretical  value  of  derivative  for  exposed  wing 

theoretical  value  of  rtonnai-force-curve  slope  of  exposed  inboard  panel  of  wing 


increment  in  normal-force-curve  slope  of  a flared  body  or  revolution  following  a 
semi-infinite  cylinder 

normal-force-curve  slope  of  glove  of  double-delta  and  cranked  wings 

normal-force-curve  slope  of  ihe  exposed  horizontal  surface 

no<-mal-force-curve  slope  of  inboard  panel  of  wing 

propeller  normal-force-curve  slope  with  respect  to  inflow  angle  of  attack  at  propeller 
disk 

normal-force-cuive  slope  of  nose  of  body  based  on  total  wing  area 
normal-force-curve  slope  of  constructed  outboard  panel  of  wing 
1.  propeller  normal-force  derivative 


4.2.2. 1 


5.2. 1.1 
7. .1.1. 1 

7. 3. 1.2 

7.3.4. 1 

4.3.2 .2 
4.3. 2. 2 


4. 1.3.2 

5. 1.2.1 

4. 1. 3.2 


4.3. 1.3 

4.3. 1.4 
4. 3. 2. 2 
7, 3. 1.1 
Several 


4.3. 2.2 


4. 3. 1.2 


4. 3. 7. 2 


4. 2.1. 1 

4.2.2. 1 

4. 1.3. 2 

5. 1.2. 1 

<i.2.1 .2 


4. 1.4. 2 


9.1.3 


4.3. 1.2 

4.3. 2. 2 

4. 1.4.2 


4.6 

4.6.1 

4.6.4 

S.’.I.l 


2.  normal-force-curve  slope  of  isolated  vertical  panel  mounted  on  a reflection  plane 


SYMBOL 


DEFINITION 


SECTIONS 


Kn=80.7 


propeller  normal-force  derivative  for  Kjj-80.7 


theory 


theoretical  val  f derivative 


theoretical  value  of  normal-force-curve  slope  of  exposed  wing 


theoretical  value  of  normal-force-curve  slope  of  inboard  pane)  of  wing 


theoretical  value  of  normal-force-curve  slope  of  constructed  outboard  panel  of 
wing 


normal-force-curve  slope  of  isolated  lower  vertical  panel  mounted  on  a reflection 
plane  (the  aspect  ratio  is  taken  as  twice  the  aspect  ratio  determined  by  the 
average  exposed  span  and  exposed  area) 


normal-force-curve  slope  of  isolated  upper  vertical  panel  mounted  on  a reflection 
plane  (the  aspect  ratio  is  taken  as  twice  the  aspect  ratio  detrnlined  by  the 
average  exposed  span  and  exposed  area) 


WlB) 


normat-force-curve  slope  of  exposed  wing  in  presence  of  the  body 


normal-force-curve  slopes  for  constructed  panels  of  non  straight-tapered  wings 


linear  normal-force-curve  slope  for  propeller 


nonlinear  increment  in  normal-force  coefficient 


AC 


c ' 

V'N 

aa 


c 

N. 


incremental  value  of  coefficient 

value  of  coefficient  at  end  of  shock-detachment  transition  region 
value  of  coefficient  at  incipient  shock  separation 


increments  in  coefficient  at  C ^ for  exposed  forward  and  aft  surface, 
respectively  n'ax 


incremental  values  of  coefficient  for  exposed  forwatd  and  aft  panels,  respectively 


4.6 

4.6.1 


Several 


4. 3.2. 2 

4. 1.4.2 

4. 1.4.2 

4.3. 2. 2 

Several 


Several 


4.3. 2.2 


4.1. 3.2 

5. 1.2.1 


9.1.3 


4. 1.3.3 

4. 1.3.4 

4.3. 1.3 

4. 1.3. 3 


4. 1. 3.3 


4. 1.3.3 


4.5. 1.2 


4.5. 1.2 
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SYMBOL 

DEFINITION 

SECTIONS 

(C'NJref 

increment  in  coefficient  at  C. 

rnax 

4. 1.3.3 

values  of  derivatives  at  C.  for  exposed  forward  and  aft  panels,  respectively 

max 

4.5. 1.2 

m: 

[(  N«a/rct']WH 

value  of  derivative  for  wing-body  combination 

4.3. 1.3 

^ ^theory 

theoretical  value  of  coefficient 

4.1. 3.3 

(ACN  ) 

\ "ora/WB 

value  of  increment  for  wing-body  combination 

4.3. 1.3 

(Cn~)»„ 

value  of  coefficient  or  = 90° 

4.1. 3.3 

C«* 

rate  of  change  of  normal- force  coefficient  with  rate  of  change  in  angle  of  attack 

7.2.2. 1 

(S)8 

value  of  derivative  for  body 

7. 3.4.1 

(S). 

value  of  derivative  for  exposed  wing 

7.3.4. 1 

[(CN.)1  . 

. “LJ5 

1c  \1 

value  of  derivative  for  wing-body  combination 

components  to  the  exposed-'.ving  contribution  C„ 

'a 

7.3.4. 1 

7.4.4. 1 

7.3.4. 1 

NJ, 

n;- 

pseudonormal-iorce  coefficients  of  the  exposed  forward  pane! 

4.5. 1.2 

k 

(S)/  ■ 

pseudo  normal-force  coefficients  of  the  exposed  aft  panrl 

4.5. 1.2 

m: 

cT 

T 

thrust  coefficient, 

pn2D4 

9.1 

9.1.1 

9.1.3 
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SYMBOL 


c. 


<cxL 


a = 0 


(Cx) 

a = 180° 


cv 


HVU(B) 


cY 

HVUOVB) 


DEFINITION 

axial-force  coefficient 

axial-force  coefficient  at  zero  angle  of  attack 
axial-force  coefficient  at  a = 180° 

total  side-force  coefficient 
side-force  coefficient  of  body 

side-force  coefficient  of  horizontal  tail  in  the  presence  of  the  body 


side-force  coefficient  of  empennage  on  tail-body  configuration 


side-torce  coefficient  of  empennage  on  wing-body-tail  configuration 


rotary  derivative, 


wing-body  contribution  to  the  derivative 
increment  in  derivative  due  to  geometric  dihedral 


SECTIONS 
4.2. 3.2 
4.2. 3.2 


4.2. 3.2 


Several 


5.2. 1.2 

5.2. 3.2 

5.3. 1.2 

5. 3. 3.2 

5.6. 1.2 

5.6. 3.2 

5.3. 1.2 


5.6. 1.2 


Several 


7.4.2. t 


7.1. 2.1 


rotary  derivative, 


wing-body  contribution  to  the  derivative 

side-force  coefficient  of  ventral  fin  on  tail-body  configuration 


side-force  coefficient  of  ventral  fin  due  to  interference  and  cross-coupling 
of  o and  (J 

side-force  coefficient  of  ventral  fin  on  wtng-body-tail  configuration 
side-force  coefficient  of  upper  vertical  tail  on  tail-body  configuration 


7.1. 3.1 

7.1. 3.2 

7.3. 3.1 

7.4.3. 1 

7.4. 3.1 


5.3. 1.2 

5. 3.3.2 

5.6. 1.2 


5. 3.1.2 

5.6. 1.2 


5.6.1.2 

5.6. 3.2 

5.3. 1.2 

5. 3. 3.2 
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SYMBOL 

DEFINITION 

SECTIONS 

cY 

V(K,  <f) 

side-force  coefficient  of  upper  vertical  tail  due  to  interference  and  cross-coupling 
of  a and  p 

5. 3. 1.2 

5.6. 1.2 

CY 

Yv<rB) 

side-force  coefficient  of  upper  vertical  tail  due  to  body  vortices 

5.3. 1.2 

5.6. 1.2 

CY 

YV(n) 

side-force  coefficient  of  upper  vertical  tail  on  wing-body-tail  configuration 

5.6. 1.2 

5.6. 3.2 

CY 

*WB 

side-force  coefficient  of  wing-body  configuration 

5.2. 1.2 

5.6. 1.2 

CY 

'W(B) 

side-force  coefficient  of  the  wing  in  the  presence  of  the  body 

5. 2. 1.2 

5. 2. 3.2 

CY 

ywbhvu 

side-force  coefficient  of  wing-body-tail  configuration 

5.6. 1.2 

s 

dCy 

rate  ot  change  of  side  force  with  sideslip  angle, 

dp 

Several 

(Mb 

value  of  derivative  for  body 

5.2.1. 1 

5.3. 1.1 

5.6. 1.1 

(ACy  ) 

\ VH(BW) 

increment  in  Cy  due  to  the  horizontal  tail  in  the  presence  of  the  wing  and 
body  P 

5.3. 1.1 

5.6.1. 1 

(ACy  ) 

\ VH(BWU) 

increment  in  Cv  due  to  the  horizontal  tail  in  the  presence  of  the  wing,  body, 

P 

and  lower  vertical  tail 

5.3. 1.1 

(^Cyp)hV<BWU) 

increment  in  Cv  due  to  the  horizontal  tail  and  upper  vertical  tail  in  the 

P 

presence  of  the  wing,  body,  and  lower  vertical  tail 

5. 3.1.1 

(AC0p 

incremenl  in  Cv  due  to  panel  in  empennage 

P 

Several 

(S)u 

value  of  derivative  for  lower  vertical  panel 

Several 

(ACy  ) 

\ */3/U(WBHV) 

increment  in  Cv  due  to  lower  vertical  stabilizer  in  presence  of  wing,  body, 

P 

horizontal  tail,  and  upper  vertical  stabilizer 

Several 

Mv 

value  of  derivative  for  upper  vertical  panel 

Several 

(ACyb)v(BWUH) 

increment  in  Cv  due  to  the  upper  vertical  rail  in  the  presence  of  the  wing, 

P 

body,  lower  vertical  tail,  and  horizontal  tail 

Several 

(Cy  ) 

V > X(( 

lift-curve  slope  of  equivalent  rectangular  vertical  panel 

5.3. 1.1 

5.6. 1.1 
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SYMBOL 

DEFINITION 

SECTIONS 

(ACy/j)v(WBH) 

increment  in  CY  due  to  upper  vertical  stabilizer  in  presence  of  wing,  body,  and 

0 

Several 

horizontal  tail 

(CY  ) 

\ VW 

value  of  derivative  for  wing 

5.2,  U 

(CY  ) 

\ 'd/WB 

value  of  derivative  for  wing-body  combination 

5.2.1. 1 

5.2.1.2 
5.6.1.! 

"IT 

n 

< 

-3 

increment  in  CY  due  to  geometric  dihedral 

P 

5.2.1. 1 
5.6.1.! 

c, 

skin-friction  coefficient  for  incompressible  flow 

Several 

<C'>B 

turbulent  flat-plate  skin-friction  coefficient  of  the  body  including  roughness 
effects 

4.3. 3.1 

4.5. 3.1 

skin-friction  coefficient  for  compressible  flow 

4. 2.3.1 

7.4. 1.1 

s 

u— 

turbulent  flat-plate  skin-friction  coefficient  of  the  horizontal-tail  panel 

415.3.1 

h'f),  ’ (Cf}0 

skin-friction  coefficients  for  incompressible  flow  of  wing  inboard  and  outboard 
panels,  respectively 

4. 1.5.1 

(c'Lc 

incompressible,  turbulent,  flat-plate  skin-friction  coefficient,  including  roughness 
effects,  as  a function  of  Reynolds  number  based  on  total  body  length 

4.2. 3.1 

(cf)p 

turbulent  flat-plate  skin-friction  coefficient  based  on  the  MAC  of  the  exposed 
tail  panel 

4.5. 3.1 

(ct)v 

turbulent  flat-plate  skin-friction  coefficient  of  the  vertical-tail  panel 

4.5. 3.1 

(cr)w 

turbulent  flat-plate  skin-friction  coefficient  of  the  wing  including  roughness 
effects 

4. 3.3.1 

4.5. 3.1 

(c'wV  (cgo 

turbulent  flat-plate  skin-friction  coefficients  of  the  wing  inboard  and  outboard 
panels,  respectively,  including  roughness  effects 

4. 3. 3.1 

ct 

'o 

vacuum-thrust  coefficient 

6.3.2 

cn 

hinge  moment 

hinge-moment  coefficient, 

qSfCf 

6. 1.3. 2 

hinge-moment  coefficient  of  control  surface 

6.3.4 

S, 

hinge-moment  coefficient  of  control  tab 

6.3.4 

rate  of  change  of  hinge  moment  with  angle  of  attack  at  constant  flap  or 
dch 

control  deflection, 

da 

6.1.6 

6.1.6. 1 
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SYMBOL 

DEFINITION 

SECTIONS 

ACh 

Qt 

increment  in  derivative  accounting  for  induced-camber  effects 

6. 1.6.1 

K) 

' %/c 

hinge-moment  derivative  for  a symmetric,  straight-sided  control,  based  on  twice 
the  area-moment  of  the  control  about  its  hinge  line 

6. 1.6.1 

(Ch) 

' “/t/c=0 

supersonic  flat-plate  hinge-moment  derivative 

6. 1.6.1 

Ch 

hs 

rate  of  change  of  hinge  moment  with  control-surface  deflection  at  constant  angle 
dCh 

of  attack, 

ds 

6.1.6 

6.1. 6. 2 

AC. 

hs 

increment  in  derivative  due  to  induced-camber  effects 

6. 1.6. 2 

C'h 

h6 

value,  of  derivative  for  zero-thickness  control  surface 

6. 1.6.2 

C/ 

rolling  moment 

rolling-moment  coefficient, 

qSb 

Several 

c'p 

dC, 

rotary  derivative 

•© 

Several 

(Sk 

value  of  derivative  at  a given  lift  coefficient 

7.1. 2.2 

7.3. 2.1 

7. 3. 2. 2 

7.4. 2. 2 

(AC;  ) 

\ p/drag 

increment  in  derivative  due  to  drag 

7.1. 2.2 

7.4. 2.2 

horizontal-tail  contribution  to  the  derivative 

7.4.2.2 

Nm 

wing-body  contribution  to  the  derivative 

7.4. 2.2 

(U 

contribution  to  derivative  due  to  geometric  dihedral 

7.1. 2.2 

7.3. 2.1 

7. 3. 2. 2 

7. 4. 2.2 

(S)r-o 

CL  = 0 

derivative  at  zero  lift  of  wing  without  dihedral 

7.1. 2.1 

7.1. 2.2 
TAXI 

ic‘K 

drag-due-to-lift  roll-damping  parameter 

TAXI 

7, 4. 2.2 
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SYMBOL 


DEFINITION 


SECTIONS 


(5) 

\ K /CL- 0 

roll- damping  parameter  it  zero  lift 

7.1. 2.2 

c', 

dC, 

rottry  derivative, 

7.1. 3.2 

7.3. 3. 2 

7.4. 3.2 

ACl[ 

Increment  in  derivative  due  to  geometric  dihedral 

7.1. 3.2 

K)cl 

aemiempirlcal  correction  factor  vied  to  extrapolite  potential-now  values  of  C, 
to  higher  lift  coefficients  r 

7.1. 3.2 

(AC,  ) 

\ r/side 

fore* 

Increment  bn  derivative  due  to  wing  side  force 

7.1. 3.2 

f c, ) 

\ 'r/WB 

wing-body  contribution  to  the  derivative 

7.4. 3.2 

AC, 

‘r 

increment  in  C , due  to  dihedral 
r 

7 nr 

r 

/.  J .Ji* 

AC, 

i 

6 

increment  in  C,  due  to  wing  twiet 
r 

7. 1.3.2 

C. 

'J 

dCf 

rate  of  change  of  rolling  moment  with  sideslip  angle, 

d3 

Several 

AC, 

v 

difference  between  calculated  and  test  values  of  the  derivative 

5.1.2, 1 

(AS)p 

increment  in  C.  due  to  panel  present  In  empennage 

7> 

5. 3.2.1 

7.4. 3.2 

(AC'.)„ 

increment  in  C,  for  lower  vertical  panel 
‘0 

5.3. 2.1 

(C'V)v 

value  of  derivative  for  upper  vertical  panel 

5.3.2.1 

(S)w5 

value  of  derivative  for  wing-body  combination 

5. 2.2.1 

5.6. 2.1 

increment  in  derivative  due  to  wing  height 

5.2.2.1 

5.6. 2.1 

SYMBOL 


DEFINITION 


SECTIONS 


AC, 

P 

e tan  \clA 


PC, 

A 

icr 


c 

m 


contribution  of  wing  aspect  ratio  to  C, 

P 


contribution  of  wing  sweep  to  C, 

0 


contribution  of  sweep  of  inboard  panel  of  wing  to  C, 


contribution  of  sweep  of  constructed  outboard  panel  of  wing  to  C. 

0 


dihedral  effect  on  C,  for  uniform  geometric  dihedral 

0 


value  of  parameter  at  a given  lift  coefficient 


wing-twist  correction  factor 


rolling-moment-due-to-sideslip  parameter  for  any  symmetric,  spanwise 
distribution  of  dihedral  angle 

dC, 

rate  of  change  of  rolling  moment  with  control  deflection, 

d« 


rolling-moment  effectiveness  of  one  symmetric,  straight-sided  control  about  its 
root-chord  line 

value  of  derivative  for  control  deflection  perpendicular  to  the  hinge  line 


1.  pitching-moment  coefficient, 


pitching  moment 
qSc 


M 

2.  duct  pitching-moment  coefficient, 


5. 1.2.1 

5.2.2.1 

5. 6.2.1 


5. 1.2.1 

5.2.2.1 


5. 1.2.1 


5. 1.2.1 


5. 1.2.1 

5.1. 2.2 

5.6. 1.2 


5. 1.2.1 


5. 1.2.1 


Several 


6.1.5. 1 

6.2. 1.1 

6.2. 1.1 


Several 


q°.SDc 


9.3 


SYMBOL 


DEFINITION 


SECTIONS 


AC 


m 


1.  increment  in  pitching-moment  coefficient  about  root-chord  midpoint  due  to  leading-edge 
vortex 


2.  increment  in  pitching-moment  coefficient 


C pitching-moment  coefficient  of  body  having  elliptical  cross  sections 

ma/b 


pitching-moment  derivative,  - 


'dcT 


ratio  of  pitching-moment  increment  to  lift  increment  for  a full-span  flap  on  a 
rectangular  wing 


\ ^L/lheory 


wing  pitching-moment-curve  slope  uncorrected  for  thickness  effects 


mj. 

(ac»)g 

(ACA 

(iC»„)c 


increment  in  coefficient  due  'o  flaps  at  constant  angle  of  attack 
increment  in  pitching-moment  coefficient  in  the  presence  of  the  ground 

tota<  change  in  pitching-moment  coefficient  of  horizontal  tail 
increment  in  horizontal-tail  pitching  moment  in  the  presence  of  the  ground 


increment  in  pitching  moment  about  the  hinge  line  due  to  axial-force  increment 


increment  in  pitching  moment  aboi>*  t.ie  hinge  line  due  to  normal-force  increment 


increment  in  coefficient  due  to  change  in  dynamic  pressure  at  horizontal  tail  due 
to  propeller-power  effects 


H(WBV) 


horizontal- tail  pitching  moment  at  stall  angle  of  attack 

‘'max 

increment  in  coefficient  due  to  change  in  downwash  at  horizontal  tail  due  io 
propeller-power  effects 

increment  in  coefficient  due  to  change  in  wing  lift  caused  by  propeller  power 
sum  of  wing  section  pitching-moment  increments 


4. 1.4.3 


6. 1.5.1 

6.3.1 

4.2.2.’ 


4.1.4 

4. 1.4.2 

4.3.2 .2 


6.1.5. 1 


4, 1.4,2 


6.1.5. 1 


4 7 

4.7.3 

4.7.4 

4.6 
4.6.1 

4.7 
4.7.3 


6.3.1 


6.3.1 


4.6 

4.6.1 

4.6.3 


4.5. 1.3 


4.6 

4.6.1 

4.6.3 


4.6 

4.6.3 


6.1.5. 1 


•- 

» ; 

SYMBOL 

DEFINITION 

SECTIONS 

1 

(AC 

V m MRP 

increment  in  pitching  moment  about  vehicle  moment  reference  point 

6.3.1 

| 

(4C«)n, 

increment  in  coefficient  due  to  normal  force  acting  at  jet  inlet  due  to  inclination 
of  oncoming  flow  to  thrust  axis 

4.6.3 

(iCm>Np 

increment  in  coefficient  due  to  propeller  normal  force 

4.6 

4.6.3 

\'.  *\ 
f.;. 

C%<8) 

pitching-moment  coefficient  correction  term 

7. 1.4.2 

7. 3.4.2 

I 

;« 

on 

total  increment  in  vehicle  pitching-moment  coefficient  at  a given  angle  of  attack 
due  to  propeller  power  effects 

4.6.3 

• 1 

i 

V-'; 

» . - 
l ^ . 

V It  • ; 

<ac.). 

increment  in  coefficient  due  to  change  in  propeller-slipstream  dynamic  pressure 

4.6 

4.6.3 

1 

i 

| 

- s' 

i , -•■*><* 

s 

*Cm 

rotary  derivative. 

Several 

i 

*ai 

s 

1.  value  of  derivative  referred  to  body  axis  with  origin  at  wing  aerodynamic  center 

2.  pitching  derivative  of  body  segment  based  on  base  area  and  base  diameter 
and  referred  to  moment  center  at  forward  face  of  segment 

7.1. 1.2 

7.2. 1.2 

t* 

ilBP 

c»; 

value  of  derivative  referred  to  body  axis  with  origin  at  wing  leading-edge  vertex 

7. 1.1.2 

• ; " 

NJb 

value  of  derivative  for  body 

7.3.1.2 

7.4. 1.2 

i 

(si. 

value  of  derivative  for  exposed  wing 

7. 3. 1.2 

v-;’. 

(s>: 

value  of  derivative  for  exposed  forward  panel 

7.3. 1.2 

7.4. 1.2 

>• 

(C%)m 

value  of  derivative  at  given  Mach  number 

7. 1.1.2 

7.3. 1.2 

' 0 

:*V 

value  of  derivative  at  the  critical  Mach  number 

7. 1.1.2 

• 

(S)w 

value  of  derivative  for  wing 

7.3. 1.2 

(Cmq)wB 

value  of  derivative  for  wing-body  combination 

7.3. 1.2 

7.4. 1.2 

(ACJt 

increment  in  coefficient  due  to  direct  thrust  force 

4.6 

4.6.3 

ACm 

m trim 

incremental  pitching-moment  coefficient  required  for  trim 

4.5. 3.2 

. 

Cm 

mWB 

pitching  moment 

wing-body  pitching-moment  coefficient, 

qSc 

4.5. 3.2 

• 
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SYMBOL 


DEFINITION 


SECTIONS 


increment  in  wing-body  pitching  moment  in  the  presence  of  the  ground 
wing-body  pitching  moment  at  stall  angle  of  attack 


rate  of  change  of  pitching-moment  coefficient  with  angle  of  attack  at  constant 

dCm 

m 

flap  deflection, 

d a 

pitching-moment-curve  slope  for  body  segment 
value  of  derivative  for  body 


rate  of  change  of  pitching-moment  coefficient  with  rate  of  change  of  angle 

dCm 

m 

of  attack," 


(k) 


value  of  pitching  derivative  referred  to  body  axis  with  origin  at  wing  leading-edge 
vertex 

contribution  of  body  to  acceleration  derivative  Cm< 

contribution  of  exposed  wing  to  acceleration  derivative  C 
contribution  of  exposed  forward  panel  to  the  acceleration  derivative  C 
contribution  of  exposed  aft  panel  to  the  acceleration  derivative  C 

m- 


contribution  of  wing  to  acceleration  derivative  C 


contribution  of  wing-body  combination  to  acceleration  derivative  C 


components  of  the  wing  contribution  to  Cm  _ 


components  of  the  exposed  wing  contribution  to  Cm 


rate  of  change  of  pitching-moment  coefficient  with  control  or  flap  deflection  at 


constant  angle  of  attack, 

d« 

pitching-moment  effectiveness  for  one  symmetric,  straight-sided  control,  based  on  twice 
its  moment-area  about  the  hinge  line 


4.7 

4.7.3 

4.5.1. 3. 


Several 


4.2.2. 1 

7.2. 1.2 

4. 3.2.1 

7.3.1.2 

7. 3. 4. 2 
Several 


7. 1.4.2 


7. 3. 4.2 

7. 4 .4. 2 

7. 3. 4.2 


7.4.4.2 


7. 3.4.2 


7. 3.4.2 


7. 3.4.2 

7.4. 4.2 

7. 1.4.7 

7. 3.4.2 

7. 3.4.2 


6.1.5. 1 


6.1.5. 1 


SYMBOL 


DEFINITION 


SECTIONS 


increment  in  coefficient  due  to  jit  interference  effects  at  the  horizontal  tail 


pitching-moment  coefficient  at  zero  lift 


AC 


n'o 


increment  in  pitching-moment  coefficient  at  zero  lift  due  to  linear  twist 


(g) 


pitching-moment-coefficient  correct-on  term 


/C  j pitching-moment  coefficient  at  zero  lift  for  portion  of  vehicle  not.immersed  in 

\ O/area  not  propeller  slipstream 
immersed 


body  zero-lift  pitching-mom  eiu  coefficient  wi  tit  out  Mach-number  effects 


pitching-moment  coefficient  at  zero  lift  of  portion  of  vehicle  immersed  in  propeller 
slipstream 


zero-lift  pitching-moment  coefficient  uncorrected  for  thickness  effects 


body 


(Cmo)ivi 

(^"ni  o)m  =0 


AC 


nHVU(B) 


c 


nHVU(WB) 


wing  zero-lift  pitching-moment  coefficient 


zero-lift  pitching-moment  coefficient  of  the  wing-body  combination 


pitching-moment  coefficient  at  zero  lift  of  untwisted,  constant-section  wing 


Mcch-numbcr  correction  factor 


N- 

yawing-moment  coefficient,  — — 

qSb 

yawing  moment  due  to  aileron  deflection 
yawing-moment  coefficient  of  body 

yawing-moment  coefficient  of  empennage  on  tail-body  configuration 
yawing-moment  coefficient  of  empennage  on  wing-body-tail  configuration 


rotary  derivative, 


dCn 


4.6.3 

4. 1.4.1 

4.1.4. 3 

4.6.3 

4 JL.4.1 

7.1.4.' 

7. 3.4.2 

4.6 

4.6.3 

4.3.2. 1 

4.6 

4.6.3 

4. 1.4.1 

4.3. 2.1 

Several 

4.1.4.1 

4.3 .2.1 

Several 

6.2.2. 1 

5. 2. 3.2 

5. 3.3.2 

5.6. 3.2 

7. 1.2.1 

7.3.2. 1 

7 .3.2.2 

7.4. 2. 3 
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SYMBOL 
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SECTIONS 

(S)m 

value  of  derivative  for  a given  Mach  number 

7, 3.2, 3 

(C"p)wB 

wing-body  contribution  to  the  derivative 

7.4.2. 3 

-Cn„ 

P 

Of 

supersonic  yawing  moment  due  to  rolling  referred  to  stability  axes  with  origin  at 
the  center  of  gravitv 

7. 1.2. 3 

(S) 

' a ^body 
axis 

supersonic  yawing  moment  due  to  rolling  referred  to  body  axes  with  origin  at  the 
wing  apex 

7. 1.2. 3 

(%\ 

' ° 4.2.3 

supersonic  yawing  moment  due  to  rolling  components  - body  axes 

dCn 

7. 1.2. 3 

fh 

rotary  derivative, 

7. 1,3.3. 

r 

‘(£) 

7. 3.3. 3 

7.4. 3.3 

(C"r)wB 

wing-body  contribution  to  the  derivative 

7.4.3. 3 

C-, 

S 

low-speed  profile-drag  yaw-damping  parameter 

7. 1.3.3 

c", 

c 2 

'“L 

low-speed  4rag-due-*o-lift  yaw-damping  parameter 

7. 1.3.3 

c 

nVU(6) 

yawing-moment  coefficient  of  vertical  tail  and  ventral  fin  on  tail-body  configuration 

S.3.3.2 

cr 

^WB 

yawing-moment  coefficient  of  wing-body  combination 

5.2. 3.2 

5.6. 3.2 

C 

"WBHVU 

yawing-moment  coefficient  of  wing-body-tail  configuration 

dCn 

5.6. 3.2 

s 

rate  of  change  of  yawing  moment  with  sideslip  angle, 

dP 

Several 

(AM 

increment  in  C due  to  panel  in  empennage 

Several 

(ic"»)v 

increment  in  C for  vertical  panel 
np 

5.3.3. 1 

(S)w 

value  of  derivative  for  wing  alone 

5.2. 3.1 

(c  ) 

V nj3/WB 

value  of  derivative  for  wing-body  combination 

5.2. 3.1 

5. 2. 3.2 
5.6.3. 1 

SYMBOL 

DEFINITION 

SECTIONS 

dCn 

c». 

rate  of  change  of  yawing  moment  with  control  deflection, 

dS 

6, 2.2.2 

C'P 

P P. 

pressure  coefficient 

Several 

ACP.ACP1  .. 

sums  of  the  pressure  coefficients  acting  on  the  (wo  sides  of  a given  surface 

5.3. 1.1 

CP6 

base  pressure  coefficient 

4.2.3. 1 

4.5. 3.1 
4.6.4 

Snc 

incipient  pressure-rise  coefficient 

6.3.1 

CP. 

two-dimensional  pressure  coefficient 

6. 1.6.1 

pstag 

stagnation-pressure  coefficient 

4.2. 1.2 

4.2. 2. 2 

(c4 

plateau-pressure  coefficient  referred  to  local  pressure  upstream  of  interaction 

6.3.1 

(cp ) 

incipient  pressure-rise  coefficient  referred  to  local  pressure  upstream  of  interaction 

6.3.1 

' a'inc 

H 

peak  value  of  pressure  coefficient  referred  to  local  oressure  upstream  of  interaction 

6.3.1 

c-. 

maximum  negative  upper-surface  section  pressure  coefficient 

4. 1.3.2 

c» 

plateau-pressure  coefficient 

6.3.2 

cp. 

free-stream  pressure  coefficient 

6.3.1 

(cp.) 

V /p 

plateau-pressure  coefficient  referred  to  frec-stream  pressure 

6.3.1 

(H 

local  pressure  coefficient  upstream  of  interaction  referred  to  free-stream  pressure 

6.3.1 

(c4 

peak  value  of  pressure  coefficient  referred  to  free-stream  pressure 

6.3.1 

C> 

drag  coefficient 

6.3.2 

c\ 

lift  contribution  to  wing  section  pitching-moment  coefficient 

6.1.5. 1 

c 

section  nondimensional  trailing -edge  jet  momentum  coefficient 

Several 

c; 

section  nondimensional  trailing -edge  jet  momentum  coefficient  bated  on  extended 
airfoil  chord 

Several 
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SYMBOL 

cd 

&CA 

dr 

ch 

\ 

(%)•, 

N«t 

\ 

(S)8f 

N*. 


Ac*. 


C\A. 


(luce 


M 


(\> 


M 


(cO, 


theory 


U.  LOWER-CASE  COEFFICIENTS  AND  DERIVATIVES 

DEFINITION 


dial 


low  tpeed 


aection  dr**  coefficient, 

qc 

crosafiow  dm*  coefficient  of  circular  cylinder  of  infinite  length  normal  to  flow 
direction 

alifoil-iection  drag  coefficient  with  flap  deflected 


aection  hinge  moment 


flap  section  hinge  moment  due  to  change  in  angle  of  attack 


flap  section  hinge  moment  due  to  flap  deflection 


aection  hinge-moment  derivative  of  control  surface  due  to  tab  deflection 


tab  aection  hinge  moment  due  to  change  in  angle  of  attack 


aection  hinge  moment  derivative  of  a tab  due  to  control-surface  deflection 


tab  aection  hinge  moment  due  to  tab  deflection 

rate  of  change  of  control  aection  hinge-moment  coefficient  with  angle  of  attack  at 
<lch 

control  deflection,—— 
do 

increment  in  derivative  accounting  for  finite  control  thickness  at  supersonic  speeds 


hlnge-momsnt  derivative  (see  Psge  6. 1 .1.1-3,  Step  1) 

hinge-moment  derivative  (see  Page  6. 1.3. 1-3,  Step  2) 

value  of  derivative  for  aerodyncmicaUy  balanced  control  surface 

value  of  derivative  uncorrected  Tor  compressibility 
value  of  derivative  corrected  for  compressibility 

theoretical  value  of  derivative 


SECTIONS 

Several 

Several 

6.1.7 
6.1. 3.2 

6. 1.3.1 

6. 1.3.2 

6.1. 3.3 

6. 1.3.1 

6. 1.3.4 

6a. 3. 2 

6. 1.3.1 

6.1.3.2 

6. 1.6.1 

6.1.6.2 

6. 1.3.1 

6.1. 3.1 

6.1.6.1 

6. 1.6.2 

6.1.3. 1 

6. 1.6.1 

6.1. 3.1 

6. 1.6.1 

6. 1.3.1 
6.1. 3.1 


6. 1.3.1 

6.1. 6.1 
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SYMBOL 

DEFINITION 

SECTIONS 

ii 

A\ 

thickness-correction  factor  for  symmetric,  circular-arc  airfoils 

6.1. 3.1 

t/c 

% 

dch 

rate  of  change  of  hinge-moment  coefficient  with  control  deflection, 

dd 

6. 1.3.2 

6.1. 6.2 

m 

A% 

increment  in  derivative  accounting  for  thickness  effects  at  supersonic  speeds 

6.1. 3.1 

6.1. 3.2 

hinge-moment  derivative  (see  Pagr  6. 1.3. 2-3,  Step  1) 

6.1. 3.2 

6. 1.6. 2 

1 

c! 

h6 

hinge-moment  derivative  (see  Page  6.1. 3.2-4,  Step  2) 

6. 1.3. 2 

6. 1.6. 2 

■*“  -< 

C ^^balance 

value  of  derivative  for  an  aerodynamically  balanced  control 

6. 1.3.2 

6. 1.6. 2 

(^d)  low  speed 

value  of  derivative  uncorrected  for  compressibility 

6.1  3.2 

value  of  derivative  corrected  for  compressibility 

6. 1.3. 2 

( 0 theory 

theoretical  value  of  derivative 

6. 1.3.2 

6. 1.6. 2 

■ 

• 

t/c 

thickness-correction  factor  for  symmetric,  circular-arc  airfoils 

6. 1.3.1 

S 

lift 

section  lilt  coefficient, 

qc 

Several 

V 

1 

increment  in  section  lift  coefficient  due  to  flap  or  control  deflection 

Several 

CS. 

T 

design  lift  coefficient 

Several 

« 

ct 

max 

section  maximum  lift  coefficient 

Several 

Ac„ 

max 

increment  in  section  maximum  lift  coefficient  due  to  flap  deflection 

6.1.1 

6.1. 1.3 

6. 1.4.3 

• 

A} 

L Xmax 

increment  in  coefficient  accounting  for  effect  of  camber  for  airfoils  with  maximum 
thickness  at  30%  chord 

4.1. 1.4 

4. 1.3. 3 

At  Cg 
*max 

increment  in  coefficient  accounting  for  effect  of  camber  for  airfoils  with  maximum 
thickness  at  positions  other  than  30%  chord 

4. 1.1.4 

4. 1.3. 3 

A^  cfi 

^ *max 

increment  in  coefficient  accounting  for  Reynolds-number  off  ..'ts 

4. 1.1.4 

4. 1.3. 3 

• 

A4  Cg 

, * *max 

increment  in  coefficient  accounting  for  airfoil-roughness  effects 

4. 1.1.4 

As  c<?. 

increment  in  coefficient  accounting  for  Mach-number  effects 

4.1. 1.4 

max 
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n 


i 


% 

i «r* 

» 


SYMBOL 

DEFINITION 

SECTIONS 

/C„  N 

base  or  inference  value  of  coefficient 

4.1.1 .4 

V miX'W 

4.1.3. 3 

(AC*mix)bgje 

base  or  reference  value  of  coefficient 

6.1.1. 3 

6. 1.4. 3 

(C|!max)e 

section  maximum  lift  coefficient  of  exposed  forward  panel 

4.1.5. 2 

cg 

I.  section  lift-curve  slope,  rate  of  change  of  section  lift  coefficient  with  angle  of 

Several 

Ot 

dcs 

attack  at  constant  flap  deflection, 

da 

2.  lift-curve  slope  for  wing  of  infinite  span 

Several 

3.  section  lift-curve  slope  for  propeller  blade 

9.1.3 

increment  in  section  lift-curve  slope  due  to  NACA  roughness 

4. 1.1. 2 

C‘* 

jet-flap  section  lift-curve  slope  uncorrected  for  thickness  effects 

Several 

(cOm 

lift-curve  slope  corrected  for  compressibility  effects 

Several 

(c« ) 

theoretical  value  of  derivative 

Several 

v a ■'theory 

(\) 

value  of  derivative  for  deflected  control  or  flap  conditions 

6.1. 1.1 

6.1. 1.2 
6.1.5. 1 

(S  ) 
v a's  = 0 

value  of  derivative  for  unflapped  airfoil,  including  compressibility  effects 

6.1. 1.2 

C8, 

rate  of  change  of  section  lift  with  flap  or  control  deflection  at  constant  angle  of  - 

Several 

t> 

deg 

attack,  - — 

d 6 

C8 

section  lift  effectiveness  due  to  deflection  of  1 hypothetical  flap 

6. 1.2.1 

\ 

6. 1.5.1 

C8 

rate  of  change  of  section  lift  coefficient  due  to  flap  deflection 

6.1. 1.1 

4f 

6. 1.2.1 
6.1.4.1 

^0  > t 

theoretical  lifting-efficiency  factors  for  first,  second,  and  itfl  segments,  respectively. 

6. 1.1.1 

«f  *f 

n h 

of  trai ling-edge,  flaps 

6. 1.2.1 

\ 

6fi 

C8 

rate  of  change  of  section  lift  coefficient  due  to  jet  deflection 

6.1.1. 1 

6.1. 2.1 

6. 1.4.1 

6.1.5. 1 

Cg. 

theoretical  maximum  lifting  effectiveness 

6.1. 1.3 

6 

max 


Atifhiw<t>niViwiww>ii 


Mite 
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SYMBOL 

DEFINITION 

SECTIONS 

(cO 

v * 'theory 

theoretical  value  of  derivative 

Several 

(\)a 

value  of  derivative  at  a given  angle  of  attack 

6. 1.1.1 

6. 1.5.1 

\ 

61 

value  of  derivative  for  control  or  flap  deflection  measured  perpendicular  to  hinge  line 

6. 1.6. 2 

C«A 

incremental  section  lift  coefficient  due  to  control  deflections 

6. 1.5.1 

C*A  = 0 

incremental  section  lift  coefficient  as  function  of  span  station,  referred  to  basic  load  line 

6. 1.5.1 

Cm 

section  pitching-moment  coefficient  with  flaps  retracted 

6.1. 2.1 

Ac 

nr 

increment  in  section  pitching-moment  coefficient  near  maximum  lift  due  to  flaps 
and  controls 

6.1.2- 1 

6.1. 2.2 

6.1. 2.3 

6. 1,5.1 

dcm/dcB 

wing  section  pitchingmornent-curve  slope 

6. 1.2.2 

c 

mc/4 

section  pitching-moment  coefficient  measured  about  the  quarter-chord  point 

4.1.1 

6.1. 2.2 

Acmf 

increment  in  section  pitching-moment  coefficient  at  low  angles  of  attack  due  to  flaps  and 
controls 

6.1.5. 1 

cm 

dcm 

rate  of  change  of  section  pitching-moment  coefficient  with  angle  of  attack, 

d a 

6.1. 2.1 

6. 1.2. 2 

Ac 

pitching-moment  increment  due  to  airfoil  angle  of  attack 

6.1. 2.1 

6. 1.5.1 

C'n« 

rate  of  change  of  section  pitching-moment  coefficient  with  flap  deflection  at  constant 
dc 

angle  of  attack, — 

d b 

6. 1.2.1 

c". 

theoretical  flap  pitching-moment  effectiveness  (about  the  leading  edge) 

6. 1.2.1 

S 

flap  pitching-moment  effectiveness  measured  about  the  leading  edge 

6. 1.2.1 

(Ac*K 

pitching-moment  increment  due  to  trailing-edge  flaps 

6. 1.2.1 
6.1.5. 1 

(Ac»>)«, 

' ‘le 

pitching-moment  Increment  due  to  deflection  of  a leading-edge  device 

6. 1.2.1 
6.1.5. 1 

Cm,. 

4j 

rate  of  change  of  pitching-moment  coefficient  measured  about  the  leading  edge  with 
respect  to  the  jet  deflection 

6. 1.2.1 

pitching-moment  increment  due  to  jet  sheet  acting  at  an  angle  to  trailing-edge  camber  line 

6.1. 2.1 
6.1.5. 1 

C ' 

theoretical  two-dimensional  flap  pitching-moment  effectiveness  about  the  leading  edge 

6.1.5. 1 
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r« 


B 


f ■■ 

n 

L 

u 

w . 
u'* 


I ^ 


SYMBOL 


DEFINITION 


;'o  ’ (Cmo)v 


’ ( wm  „ 1 section  pitching-moment  coefficient  for  zero  lift 


(Cmo) 

(Cmc) 

(Cmo) 


section  pitching-moment  coefficient  for  zero  lift  of  the  area  not  immersed  in 
area  not  propeller  slipstream 
immersed 


SYMBOL 

a<2 

3M 

da 

36 

9e 

da 

_3 £ 

da 


( 


— ) 

a®  Aow 

speed 


/de  \ 

\a«/M 

\da/v 


section  pitching-moment  coefficient  at  2ero  lift  of  root  section 
section  pitching-moment  coefficient  at  zero  lift  of  tip  section 


^C,n3’  ^Cm4  intermediate  terms  in  determining  pitching-moment  increments  due  to  leading-edge 
4 devices  and  angle  of  attack,  respectively 


E.  PARTIAL  DERIVATIVES 


DEFINITION 


slope  of  curve  of  Cq  vs  M 


rate  of  change  of  zero-lift  angle  of  attack  with  flap  deflection 


downwash  gradient  acting  on  the  aft  surface 


average  downwash  gradient  acting  on  the  aft  surface 


average  downwash  gradient  acting  on  the  tail  at  low  speeds 


downwash  gradient  acting  on  the  tail  at  high  subsonic  Mach  numbers 


downwash  gradient  in  the  plane  of  symmetry  at  the  height  of  the  vortex  core 


SECTIONS 

4.1.1 

4.1. 2.1 

4. 1.4.1 

4.3.2. 1 

4.6.3 


4. 1.4.1 

4. 1.4.1 


6. 1.2.1 

6.1.S.1 


SECTIONS 


4.3. 3.1 
4.J.3.1 


Several 


Several 


4.2. 2.1 

4.5. 1.1 

4.4.1 


4.4.1 


4.4.1 

4.5. 1.1 

7.4.4. 1 
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SYMBOL 


DEFINITION 


SECTIONS 


downwash  gradient  at  infinity 


4.4.1 

4.5. 1.1 

7.4.4. 1 


is 

dap 


downwash  parameter  due  to  propeller 


4.6 

4.6.1 

4.6.4 


K 

da 


da- 


upwash  gradient  in  the  plane  of  symmetry  of  an  unswept  wing 


induced  upwash  gradient  due  to  propeller  slipstream 


Several 


9.1.3 


do 

dp 


sidewash  parameter 


Several 


change  in  section  hinge-moment  coefficient  of  a control  surface  due  to  lift  variation, 
measured  at  constant  values  of  tab  and  flap  deflections 


6. 1.3.3 


change  in  section  hinge-moment  coefficient  of  a control  surface  due  to  tab  deflection, 
measured  at  constant  values  of  lift  and  flap  deflection 


change  in  section  hinge-moment  coefficient  of  a control  surface  due  to  tab  deflection, 
measured  at  constant  values  of  angle  of  attack  and  flap  deflection 


change  in  section  hinge-moment  coefficient  of  a tab  due  to  lift  variation,  measured 
at  constant  values  of  flap  and  tab  deflections 


change  in  section  hinge-moment  coefficient  of  a tab  due  to  control-surface  deflection, 
measured  at  constant  values  of  lift  and  tab  deflection 


change  in  section  hinge-moment  coefficient  of  a tab  due  to  control-surface  deflection, 
measured  at  constant  values  of  angle  of  attack  and  tab  deflection 


6. 1.3.3 


6. 1.3.3 


6. 1.3.4 


6. 1.3.4 


6. 1.3 .4 
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SYMBOL 


DEFINITION 


SECTIONS 


section  lift-curve  slope  of  a control  surface  at  constant  values  of  flap  and  tab 
deflections 


rate  of  change  of  angle  of  attack  due  to  change  in  flap  deflection  at  constant  values 
of  lift  and  tab  deflection 


6.1. 3. 3 

6. 1.3.4 


6. 1.3.4 


rate  of  change  of  angle  of  attack  due  to  change  in  tab  deflection  at  constant  values 
of  lift  and  flap  deflection 


6. 1.3.3 


F.  ABBREVIATIONS 


SYMBOL 

DEFINITION 

SECTIONS 

a.c. 

aerodynamic  center 

Several 

av 

average 

Several 

c.g. 

center  of  gravity 

Several 

C.p. 

center  of  pressure 

Several 

EBF 

externally  blown  flap 

Several 

FRP 

fuselage  reference  plane 

4.5. 2.1 

fus 

fuselage 

9.1 

9.1.3 

HL 

hinge  line 

Several 

HM 

hinge  moment 

6.3.1 

IBF 

internally  blown  flap 

Several 

inc 

incipient 

6.3.1 

LE 

leading  edge 

Several 

LER 

leading-edge  radius 

Several 

MAC 

mean  aerodynamic  chord 

Several 

max 

maximum 

Several 

MRP 

moment  reference  point 

6. 1.5.1 

6.3.1 

ref 

reference 

Several 

SF 

safety  factor 

6.3.2 

slip 

propeller  slipstream 

9.1 

9.1.3 

STOL 

short  takeoff  and  landing 

Several 

TE 

trailing  edge 

Several 

U 

lower  vertical  stabiliser 

Several 

V 

upper  vertical  stabilizer 

Several 

VTOL 

vertical  take-off  and  landing 

4.6 

9 

9.1 

9.2 
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2.2  WING  PARAMETERS 

2.2.1  SECTION  PARAMETERS 


Airfoil  section  parameters  that  are  useful  in  estimating  aerodynamic  data  are  presented  in  this  Section.  An  airfoil- 
designation  summary  that  has  general  utility  throughout  the  Handbook  is  given.  Figure  2.2. 1-6  gives  the  trailing-edge 
angle  for  standard  airfoils.  This  parameter  is  used  in  estimating  section  lift-curve  slopes  and  control  derivatives.  Figure 
2.2. 1-7  gives  the  leading-edge  radius  of  standard  airfoils.  This  parameter  is  not  used  in  this  Handbook  but  is  used 
extensively  as  a correlation  parameter  in  the  literature.  It  is  presented  for  convenience  only.  The  parameter  that  is  used 
in  place  of  leading-edge  radius  in  the  Handbook  is  the  Ay  parameter  (see  definition  on  figure  2.2.1- 8 ).  This  parameter 
has  been  found  to  be  highly  successful  in  correlating  data,  e.g.,  see  Section  4.1. 3.4.  It  is  presented  for  standard  airfoils 
in  figure  2.2.I-H  . 


BASIC  SYMMETRIC  AIRFOIL 


CAMBER  MEAN  LINE 


© - chord  of  airfoil  section 
x s distance  along  chord  measured  from  l.e. 
y * ordinate  at  some  value  of  x 

(measured  normal  to  and  from  the  chord 
line  for  symmetric  airfoils,  measured 
normal  to  and  from  the  mean  line  for 
oambered  airfoils) 

y(x)  s thickness  distribution  of  airfoil 

t s 2ymftx  - maximum  thickness  of  airfoil 

* position  of  maximum  thickness 

l.e.r.  = leading-edge  radius 

“trailing-edge  angle  (inoluded  angle 
between  the  tangents  to  the  upper 
and  lower  surfaces  at  the  trailing  edge) 


(y  ) x maximum  ordinate  of  moan  line 
© max 

yQ(x)  * shape  of  ui«to  line 

x * position  of  maximum  camber 

ryo  'max 

6 c slope  of  l.e.r,  through  l.e.  equals 

the  elope  of  the  mean  line  at  tl^  l.e. 

°j£  * section  lift  ooefflolent 

o*  m design  section  lift  ooefflolent 

*1 
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AIRFOIL  SECTION  DESIGNATION 


'•  CLARK  Y"  AIRFOIL 


- so*  CHORD  rOH 
ANY  THICKNESS 


‘'DHb"  iMblll  (••■bait  lollowlii  a d*«h  plaoad  aft«  tbi  ttaadard  notation)  ura  wpnaitd  only  whan  l.a.r.  and/or 
»,  ara  dlffrraal  I rota  normal. 


NACA  2-D101T  SERIES  AIRFOIL 


NACA  2 S 0 IS  -1  4 


<»-0)  (fy  % CHORD) 

MAX 

(OOtllOlly  20  ala.  ) 

t *1 

*(r  j (CHORD/20) 


Aft  portion  of  noon  lino 
(0  In  d I onto,  otr  night  lino) 

< 1 Indlontoo  Invortof  oubto). 


I.o. r. 


t (X  CHORD) 


fltno  no  for 
4-dlglt  oorloo 
(floo  Toblo) 


NACA  1-  SERIES  AIRFOILS 


NACA 


Indlontoo  I-  S.rloo- 


* for  min.  prooouro 
for  boalo  nyomotrlo 
olrfoil  ot  aoro  lift 
(In  tontbo) 

Doolgn  lift  oooffloUnt 
<<^  In  tontbo) 


12 


4»  0.4 


Moan  lino  to  glvo 
Ottlf  rm  loading  to 
«- A than  Honor 
d.oroaao  to  t.o. 

(If  uaapoclflod,  o»  1,0) 


«(*  CHORD) 


NACA  *•  SERIES  AIRFOILS 


NACA  I 4 


(In  tontbo) 


2 12  An  0.4 


In  tontbo) 


ai  bafora 


»«  bafora 


0|  rug*  for  low  drag 


ta  bafora 


(taniha  abova  and  balow  e*  ) 


To  incri'oti#  or  dacraaaa  lha  airfoil  thlcknaaa 


NACA  *4  <3 ia>  • 314  a*  0.4 


NACA  »4t  A 


»*  bafora  . 


7 


ob  before 


(linearly  incraasad  ordinaten) 


• • before 


typa  of  maau  lint.  Saotlona  daalgnatad  by 
Lattar  a ara  aubatantlall y atralght  oh  both 
• urfaoaa  from  about  .So  to  t.a.  Praaauraa  at 
tha  ooae  ara  aam*  aa  for  tb«  84|  -3  13  airfoil. 


NACA  T-  SBRIBS  AIRFOILS 


NACA  Til 


curUot  at  dasics  o, 
( i»  t«at£a) 


thloknaaa  dUtrlbatton  and 
maan  Una 


SUPERSONIC  AIRFOILS  (WEDGE  AND  CIRCULAR  Aft C) 


i s - (io)  <ai)  - («o)  <as> 


LEADING-  EDGE 
RADIUS 

(K  CHORD) 


FIGURE  a.J.  1-r  VARIATION  OF  LEADING-EDGE  RADIUS  WITH  THICKNESS  RATIO  OF  AtRrOlLS 


2.2.2  PLANFORM  PARAMETERS 


£Z!  —Tf  d“*  r * «* 

non-straight-tapered  wings.  elation  form  for  conventional,  straight-tapered  wings  and 


1.  GENERAL  PLANFORM  PARAMETERS 


Definitions 

A 

b 

b/(2£) 

c 

c 


c 


r 


aspect  r itio  = b2/S 
wing  span 

wing-slendemess  parameter 

chord  (parallel  to  axis  of  symmetry)  at  any  given  span  station  y 
mean  aerodynamic  chord  (MAC) 
b/2 

c2  dy 

root  '■hard 


£ 


over-all  length  from  wing  apex  to  most  aft 


point  on  trailing  edge 


planform-shape  parameter  S / ’?£) 


rb/2 
1 ( 


wing  area  *2  I c dy 
J0 

x chordwise  location  of  leading  edge  at  span  station  y 

xcentroid  chordwise  location  of  centroid  of  area  (chordwise  distance  from  apex  to  c /2) 

b/2 


xcentroid  = g J”  c(x  + 2)^ 


y general  span  station  measured  perpendicular  to  plane  of  symmetry 

y^MAC  spanwise  location  of  MAC  (equivalent  to  spanwise  location  of  centroid  of  area) 

2 r h 

yMAC  * s J cydy 
0 

2.  CONVENTIONAL,  STRAIGHT-TAPERED  PLANFORM  PARAMETERS 


b 

c 


wing  span 

chord  of  wing  (parallel  to  axis  of  symmetry)  at  any  given  span  station  y 


2.2.2-2 


I <r* 


wf 

VMAC 

V 

vvn0 

x 

ale 

ate 


Equations 


A = 


mean  aerodynamic  chord  (MAC) 
root  chord 

tip  chord 

nondimensional  chordwise  stations  in  terms  of  c 
wing  area  affected  by  trailing-edge  deflection 

spanwise  location  of  MAC 
nondimensional  span  station  = y/(b/2) 

nondimensional  span  stations  at  inboard  and  outboard  edges  of  control,  respectively, 
taper  ratio  = ct/cr 
sweep  angle  of  leading  edge 
sweep  angle  of  trailing  edge 


Am,  An  sweep  angles  of  arbitrary  chordwise  locations 

o ratio  of  chordwise  position  of  leading  edge  at  tip  to  root  chord  length 

= (b/2)  tan  ALE/cr 


2b 

cr(l  +A) 


2 1 + X + A^ 

c = ~ Cr  1 + X 

S = (b/2)cr(l +X) 

Swf  = “ 0?o  -r?j)cr  [2  - (1  -XXt?;  +t?0)] 


i 

yMAC 

1 

= cr 

•V-' 

b/2 

1 -X 

tan  An 

= tan  Ar 

xcentroid  1/  1 + Xa\ 

= “(X  + a + 

cr  3\  1 + A / 

1 -JL 

\£  _ cr  __  J_  / 1 +2X\ 

! 1 -X  3 ' 1 + X / 

4 \ 1 
% = tanAm'X  l(n'm)  T 
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tan  Ale  . A (X  =0) 

A 

A 

a = — ( 1 + X)  tan  AE£ 

3.  DOUBLE-DELTA  AND  CRANKED  WING  PLANFORM  PARAMETERS 


Definitions 

b wing  span 

bj  span  of  planform  formed  by  two  inboard  panels 

bQ  span  of  planform  formed  by  joining  two  outboard  panels  as  an  isolated  wing 

c mean  aerodynamic  chord  (MAC) 

Cg  chord  at  break  span  station 

* 

cr  root  chord 

ct  tip  chord 

Sj  total  rrea  of  inboard  panels 

SQ  total  area  cf  outboard  panels 
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% V* 


xcentroid  chord  wise  location  of  centroid  of  area  (chordwise  distance  from  apex  to  c/2) 

Xl£  chordwise  distance  from  apex  to  leading  edge  of  MAC 

yg  spanwise  location  of  break  span  station 

yM  AC  spanwise  location  of  MAC 
VB  = yg/(h/2) 

X = Ct/cr 

h = cB^cr 

\>  = Ct/CB 

Subscripts 

B refers  to  span  station  whep  leading  edges  and/or  trailing  edges  change  sweep  angles 


i,  o refer  to  inboard  and  outboard  panels,  respectively 


Equations 


A ~ S " cr  [(1 - XMg  + Xj  + x] 


CjS:  + C„S„ 


2 C 2 j i i ' vo‘Jo 

»1  c dy 


* =s>tso-T 


= <b/2)cr[(l  -X^g  + Xj  + x] 


xcentroid  XLE  + C^ 


(yMACj tan  ALEi)Si  + (yB  tan  ALEj  + yMAC0  tan  ALE0)  so 


Si  + So 


>MAC  « — 


2 rb/2  yMACisi  + (vB  + yMAC0)So 

= — / cy  dy  = — 

S 4,  S:  + S_ 


‘7*  rx 
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2.3  BODY  PARAMETERS 


Charts  for  estimating  body  volumes  and  aurface  areas  {or  various  families  of  profiles  are  presented  in  this  Section. 
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3.  EFFECTS  OF  EXTERNAL  STORES 

Methods  are  presented  in  this  section  for  estimating  the  effects  of  externally  mounted  stores  on 
aircraft  stability  characteristics.  The  methods  predict  the  incremental  effects  due  to  the  installed 
stores  on  the  aircraft  characteristics,  not  the  isolated-store  characteristics  or  the  effect  of  the 
aircraft  on  the  stores.  Section  3 is  subdivided  as  follows: 

3.1  Effect  of  External  Stores  on  Aircraft  Lift 

3.2  Effect  of  External  Stoies  on  Aircraft  Drag 

3.3  Effect  of  External  Stores  on  Aircraft  Neutral  Point 

3.4  Effect  of  External  Stores  on  Aircraft  Side  Force 

3.5  Effect  of  External  Stores  on  Aircraft  Yawing  Moment 

3.6  Effect  of  External  Stores  on  Aircraft  Rolling  Moment 

No  suitable  general  methods  have  been  developed  for  predicting  the  effect  of  stores  on  aircraft 
rolling  moment,  and  therefore  no  Datcom  methods  have  been  provided  in  Section  3.6. 

Methods  for  predicting  effects  of  external  stores  can  be  grouped  into  theoretical,  experimental,  and 
empirical,  or  combinations  thereof.  Numerous  attempts  have  been  made  to  develop  analytical 
methods  for  store  effects.  Reference  1 discusses  many  of  the  approaches  and  provides  an  extensive 
bibliography  of  theoretical  methods.  The  methods  tend  to  be  complex  and  often  require  elaborate 
computer  programs  and  extensive  computations.  Theoretical  methods  are  basically  in  an  early  stage 
of  development.  They  often  require  simplifications  and  assumptions  which  do  not  lend  their 
application  to  be  generalized  over  a wide  range  of  loading  configurations.  Experimental  methods 
include  those  which  utilize  increments  from  flight,  wind-tunnel,  ballistics  or  other  test  data.  Access 
to  data  and  time  required  for  its  interpretation  are  the  primary  limitations  of  experimental 
methods.  Reference  1 discusses  experimental  approaches  to  computing  store  effects  and  provides  a 
bibliography  of  methods  and  sources  of  data.  Empirical  methods  have  been  developed  and 
documented  (References  2 and  3)  which  seem  to  provide  the  best  general  approach  for  estimating 
external-store  effects.  Empirical  methods  make  use  of  test-data  correlation  and  theoretical  concepts 
to  arrive  at  prediction  equations.  The  Datcom  methods  are  empirical  in  nature. 

The  Datcom  methods  are  taken  from  Reference  3.  Reference  3 is  a very  comprehensive  effort  that 
collected,  reviewed,  and  correlated  methods  and  existing  test  data  to  develop  generalized  prediction 
equations.  Reference  3 also  documents  wind-tunnel  tests  which  were  designed  specifically  to 
provide  a data  base  for  empirical  equation  development.  A very  extensive  list  of  references  is  also 
provided. 

The  Datcom  methods  in  general  require  that  the  user  provide  only  aircraft,  store,  and  installation 
hardware  geometric  information  in  order  to  compute  tne  aerodynamic  effects  of  the  store-aircraft 
.combination.  In  some  instances,  the  user  is  required  to  provide  clean-aircraft  data  and  isolated-store 
data.  Because  the  methods  are  empirical  in  nature,  the  physical  significance  of  some  terms  is  not 
explained.  The  user  should  consult  References  2 and  3 for  additional  insight  into  the  method 
development. 

The  methods  are  applicable  for  wing-  and  fuselage-mounted  conventional  stores  which  are 
symmetrically  or  asymmetrically  loaded,  and  are  mounted  on  conventional-type  subsonic  or 
supersonic  aircraft.  This  comprises  nearly  all  conventional  store  configurations  encountered.  In 
most  instances  the  methods  also  account  for  multiple  carriage,  mixed  and  multiple  loading  cases, 
and  interference  effects  involving  adjacent  stores  and  the  fuselage.  The  methods  have  not  been 
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substantiated  for  tip-  or  tangent-mounted  wing  stores.  Specific  limitations  and  assumptions 
involving  configuration,  flight  envelope,  and  data  base  for  method  development  are  discussed  in 
each  of  the  individual  sections. 

Relatively  little  substantiation  data  is  provided  herein  since  the  method  substantiation  is  well 
documented  in  References  2 and  3.  Expected  accuracies  of  the  methods  are  discussed  in  each 
section. 


NOTATION 

For  the  purposes  of  this  section,  a store  installation  refers  to  all  armament-associated  hardware 
including  stores  at  one  armament  station  and  external  to  the  clean  aircraft.  Installation  hardware 
may  include  pylon,  pylon  rack,  store  rack,  special  adapters  and  launchers,  sway  braces,  and  stores 
Typical  installation  hardware  is  illustrated  in  Sketch  (a). 
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Stores  are  earned  in  either  a single  or  multiple  carriage  mode,  and  are  either  pylon-  or 
tangent-mounted.  In  a single  carriage  mode,  the  store  is  mounted  direetly  on  the  pylon  rack  or 
fuselage.  The  two  multiple  carnage  modes  considered  by  the  Datcom  methods  are: 


TER;  Stores  are  mounted  on  a tripie-ejector  rack  attached  to  the  pylon  rack  or  fuselage.  This 
rack  carries  a maximum  of  three  stores. 

MER;  Stores  are  mounted  on  a multiple-ejector  rack  attached  to  the  pylon  rack  or  fuselage. 
This  rack  carries  a maximum  of  six  stores. 

A general  notation  list  is  included  in  this  section  for  all  sections  included  iri  Section  3,  Since  this 
notation  list  is  quite  extensive  and  the  major  portion  of  it  includes  notation  peculiar  to  the  Datcom 
Methods  presented  in  Section  3,  it  is  not  integrated  into  the  notation  list  presented  as  Section  2.1. 

SYMBOL  DEFINITION 


Aw 


al  ,aj  ,aj 

B 


basc 

Be 

Bpsc 

Bn 

Bp 


'SB 


B 


SF 


B 


XX 


B 


Y 


wing  aspect  ratio,  based  on  total  trapezoidal  planfonn 
longitudinal-location  factor  (side  force) 
store-size  correlation  factor  (side  force) 
store-diameter  correlation  factors  (drag) 

basic-store-installation  equivalent-parasite-drag  area  (ft2)  computed  at 
M = 0.9 

aft-store-cluster  contribution  (yawing  moment) 
protrusion  of  store  fins  beyond  store  body 
forward-store-cluster  contribution  (yawing  moment) 
basic-store  contribution  term  (side  force) 
pylon  contribution  (side  force  and  yawing  moment) 
rack  contribution  (side  force) 
store-body  contribution  (yawing  moment) 
store-fin  contribution  (yawing  moment) 
pylon-longitudinal-location  contribution  (side  force) 
empty-pylon  factor  (drag) 

pylon  spanwise-location  contribution  (side  force) 
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SYMBOL 

bF 

bH 

bw 


c„ 


aC, 


iC 


L 


A C 


lfs 


DEFINITION 

maximum  vertical  store-cluster  span  (in.),  excluding  protruding  fins 

exposed  wing  span 

store-fin  span  (in.) 

span  of  the  aircraft  tail 

aircraft  wing  span 

store-row  Mach-correlation  factors  (drag) 
isolated-store  drag  coefficient  at  zero  lift 

clean-aircraft  zero-lift  drag  coefficient 
clean-aircraft  drag-rise  factor 

clean-aircraft  lift  coefficient 
store-body  lift-curve  slope 

store-fin  hit-curve  slope 

free-streain  lift-curve  slope  of  store  j on  installation  i 

wing-body,  clean-aircraft  lift-curve  slope 

rate  of  change  of  yawing-moment  coefficient  with  sideslip  angle 
rate  of  change  of  side-force  coefficient  with  sideslip  angle 

drag-coefficient  increment  due  to  external  stores 
lift-coefficient  increment  due  to  external  stores 
lift-coefficient  increment  due  to  fuselage-mounted  stores 
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SYMBOL 


aC, 


'WS 


aC 


A Cv 


c,  cit  c.. 


low 


to  p 


Dn 


D 


EM 


D 


ET 


D 


FLM 


D 


FLT 


D 


FR 


D, 


D, 


D 


ILF 


D 


IM 


D 


IMR 


D, 


IS 


DEFINITION 

lift-coefficient  increment  due  to  wing-mounted  stores 
incremental  change  in  C 

nP 

incremental  change  in  Cv 

1 P 

local  wing  chord  at  store  or  pylon  station  (in.) 

wing  mean  aerodynamic  chord 
pylon-bottom  chord  length  (in.) 

pylon-top  chord  length  (in.)  at  wing-pylon  juncture 

wing  root  chord  (in.) 

zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  basic  store  installa- 
tion 

empty-MER  equivalent-parasite-drag  area  (ft2) 

empty-TER  equivalent-parasite-drag  area  (ft2) 

fully  loaded  MER  equivalent-parasite-drag  area  (ft2) 

fully  loaded  TER  equivalent-parasite-drag  area  (ft2) 

fuselage-rack  equivalent-parasite-drag  area  (ft2) 

pylon-store-aircraft-interferer.ce  equivalent-parasite-drag  area  (ft2)  at 
M = 0.9 

cquivalent-parasite-drag  area  (ft2 ) at  zero  lift  due  to  the  mutual 
interference  of  store  installation  and  adjacent  fuselage 

installed-loaded-pylon  equivalent-parasite-drag  area  (ft2) 
store-MER-aircraft-interference  equivalent-parasite-drag  area  (ft2) 
instalied-MER  equivalent-parasite-drag  area  (ft2 ) 
isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.90 


3-5 


SYMBOL 


DEFINITION 


D, 


D 


IT 


D 


ITR 


D 


D 


LPF 


D 


M RF 


D 


MSB 


D 


PR 


D 


TSB 


D, 


^wing 


(FS) 


LE 


(FS) 


ref 


zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  mutual  inteference 
of  adjacent  store  installations  (per  pair  of  adjacent  installations) 

store-TER-aircraft-interference  equivalent-parasite-drag  area  (ft2) 
installed-TER  equivalent-parasite-drag  area  (ft2) 

equivalent-parasite-drag  area  (ft2)  due  to  lift 

equivalent-parasite-drag  area  (ft2)  due  to  the  empty  pylon  on  the  fuselage 

zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  a MER  on  the 
fuselage 

MER  sway-brace  equivalent-parasite-drag  area  (ft2) 
pylon-rack  equivalent-parasite-drag  area  (ft2) 

TER  sway-brace  equivalent-parasite-drag  area  (ft2) 
store-to-aircraft-interference  equivalent-parasite-drag  area  (ft2) 
minimum  clearance  between  adjacent  stores  (in.) 
maximum  store  diameter  (in.) 
maximum  width  (in.)  of  the  aft-store  installation 

maximum  width  (in.)  of  the  lead-  (most  forward)  store  installation 

defined  width  (in.)  of  the  store  installation  not  including  protruding  fins 

distance  (in.)  from  fuselage  lower  surface  at  store  midpoint  to  average 
wing  lower  surface  at  wing  root 

pylon-height  interference  factor  (drag) 

fuselage  station  (in.)  of  the  nose  of  the  most  forward  store  on  the 
installation  or  the  fuselage  station  of  the  leading  edge  of  the  pylon  for  the 
empty-pylon  case 

fuselage  station  (in.)  of  the  moment  reference  point 
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SYMBOL 

F„ 


Ft(M) 

F!  (x"sNij) 


Fi  Psn,>fr) 


F2(M) 


F2(Mj) 


F21  (XSN  jj) 

F2  2 (Zij) 

F2  3 (Fr) 


F2  3<M> 


DEFINITION 

ratio  of  store-fin  area  (projected  onto  a horizontal  plane)  to  store-body 
planform  area 

MER  Mach-effect  factor  for  fuselage-tangent-mounted  or  fuselage-pylon- 
mounted  installations  (pitching  moment) 

store  longitudinal-placement  parameter  for  TER  or  MER  carriage 
(pitching  moment) 

store  longitudinal-placement  and  fin-area-ratio  parameter  for  wing  pylon- 
mounted  stores  (pitching  moment) 

MER  Mach  and  store-station  factor  for  fuselage  tangent-mounted 
installations  (pitching  moment) 

Mach  and  store-station  effect  parameter  (pitching  moment) 

store  longitudinal-placement  factor  for  wing-pylon-mounted  single  stores 
or  MER  carriage  (pitching  moment) 

store  vertical-placement  factor  for  wing  pylon-mounted  single  stores  or 
MER  carriage  (pitching  moment) 

store-fin  area-ratio  factor  for  wing  pylon-mounted  single  stores  (pitching 
moment) 

Mach-effect  factor  for  MER  carriage  (pitching  moment) 


F3(M,j) 


MER  Mach  and  store-station-effect  parameter  (pitching  moment) 


sj 


K 


A WA 


K, 


CJK 


overall  fuselage  height  (in.) 
average  pylon  height  (in.) 

MER  installation  neutral-point  correlation  factor  (pitching  moment) 

longitudinal-location  factor  for  multiple  rack  (lift) 
pylon  Mach-number  correlation  parameter  (drag) 


K 


D 


1 


store  frontal-area  factor  (drag) 


K 


D 


2 


wing-sweep-and-location  factor  (drag) 
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SYMBOL 

K°3 

S 


Kr 


Kc 


K, 


K, 


HF 


“-IF 


K 


NB 


K 


N I 


Kr 


K 


PC 


K, 


FD 


K 


SD 


K, 


K 


SPAN 


% 


DEFINITION 

tandem-spacing  factor  (drag) 
lateral-spacing  factor  (drag) 
store-rows  factor  (drag) 
stores-per-row  factor  (drag) 
store  longitudinal-location  factor  (drag) 

fin  constant  (side  force) 

fuselage  proximity-effect  parameter  (lift) 

pylon-height  factor  (lift) 

lateral  store-to-fuselage  clearance  parameter  (lift) 

installation  factor  (drag) 

Mach-effect  factor  (side  force) 

nose-shape  parameter  (pitching  moment) 

planform  and  store-location  factor 

pylon-height-effect  parameter  (lift) 

pylon  constant  (side  force) 

pylon-depth  factor  (drag) 

store-depth  factor  (drag) 

Mach-effect  factor  for  Kn  (drag) 

u l 

store-installation  lateral-placement  parameter  (lift) 
loading-configuration  factor  (pitching  moment) 
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SYMBOL 
K 


VF 


K 


w 


K, 


WING 


ft 


K„ 


K„ 


K„ 


K„ 


K, 


K, 


K, 


K, 


"LE 


aFS 


"WS 


AFT 


"•ASC 


EM 


'■ET 


DEFINITION 

fuselage  vertical  clearance  parameter  (lift) 
store-installation-width  factor  (lift) 
wing-location  parameter  (lift) 
store-placement  factor  (lift) 
empty-pylon  correlation  ratio  (drag) 
store-installation-depth  factor  (side  force) 
horizontal-tail,  span-location  factor  (pitching  moment) 

horizontal-tail  vertical-location  factor  (pitching  moment) 

wing-sweep-effect  parameter  (lift) 
span-location  factor  (pitching  moment) 
longitudinal-correction  factor  (pitching  moment) 

Mach-number-correction  factor  (pitching  moment) 

incremental-lift  effect  of  the  longitudinal  location  of  multiple-mounted 
stores  along  the  local  wing  chord  (lift) 

incremental-lift  effect  due  to  carriage-rack  installation  (lift) 
fuselage-stores  incremental-lift  effect  due  to  angle  of  attack  (lift) 

wing-stores  incremental-lift  effect  due  to  aircraft  angle  of  attack  (lift) 

length  (in.)  of  aft-store  installation  (drag) 
aft-store-cluster  moment  arm  (in.)  (yawing  moment) 
length  of  empty  MER  (in.) 
length  of  empty  TER  (in.) 
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SYMBOL 


DEFINITION 


moment  arm  (in.)  from  the  moment  reference  point  to  the  effective  point 
of  application  of  the  side-force  increment  due  to  external  stores  (yawing 
moment) 

£ value  of  £ for  the  first  of  a pair  of  adjacent  store  installations  (in.) 

m 1 m 

1 (yawing  moment) 

£ value  of  £ for  the  second  of  a pair  of  adjacent  store  installations  (in.) 

m * m 

1 (yawing  moment) 

£n  longitudinal  distance  (in.)  from  the  store  nose  of  the  forward  cluster  to 

the  store  nose  of  the  aft  cluster 

£p  pylon  moment  arm  (in.)  (yawing  moment) 

£s  store-body  length  (in.) 

£s  store-body  moment  arm  (in.)  (yawing  moment) 

£sp  longitudinal  distance  (in.)  from  the  store  nose  to  the  intersection  of  the 

store-fin  quarter  chord  and  the  store-fin  50%  semispan 

£sp  maximum  store/pylon  installation  length  (in.) 

£x  longitudinal  distance  (in.)  from  (FS)LE  to  the  point  of  side-force 

application,  positive  aft 

£j  length  of  store  installation  1 . 

£2  length  oi  store  installation  2. 

M Mach  number 

MER  multiple-ejector  rack 

M,  MER  adjacent-store  separation  factor  (drag) 

M 

M,  store-MER-aircraft-interference  Mach-correlation  factor  (drag) 

‘s 

N.  total  number  of  asymmetrical  external-store  installations 

Ai 

NF  number  of  store  installations  adjacent  to  the  fuselage 
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SYMBOL 


DEFINITION 


N, 


Nr 


ND 


N„ 


' M 


N„ 


N, 


P 

R, 

Rr 

R, 

rf 

R: 


'M 


M 


R 


LC 


R 


NEG 


R, 


total  number  of  store  installations  on  the  aircraft 

total  number  of  fuselage-mounted  store  installations  on  the  aircraft 

total  number  of  pairs  of  adjacent  store  installations  carried 
total  number  of  stores  attached  to  the  MER 

total  number  of  stores  attached  to  the  TER 

total  number  of  pairs  of  symmetrical  external-store  installations 

number  of  pylons 

number  of  stores  per  row  (fuselage  mounting) 
total  number  of  : tore  station's  on  installation  i 

clean-aircraft  drag-rise  factor 

MER  aft-longitudinai-placement  term  (drag) 

TER  aft-longitudinal-placement  term  (drag) 

basic-stores-correlation  factor  (side  force)  > * ■■ 

MER  forward-longitudinal-placement  factor  (drag) 

TER  forward-longitudinal-placement  factor  (drag) 

normalized  incremental  drag  due  to  lift 
aft-store-cluster  lateral-clearance  factor  (yawing  moment) 
adjacent-store  interference  factor  (side  force) 
pylon-underside-roughness  factor 
maximum  fuselage  frontal  area  (ft2) 


SYMBOL 


DEFINITION 


SF 

Sp 

sp 

sw 

sw 


u_ 


V- 

X 


X, 


store-fin  area  (in.2)  projected  onto  horizontal  plane 
maximum  pylon  cross-sectional  (frontal)  area  (in.2) 
store-body  planform  area  (in.2) 
aircraft  wing  reference  area  (ft2) 

1)  affected  wing  area  (in.2)  of  both  wings  (for  wing-mounted 
installations); 2)  pseudo  store  installation  planform  area  (in.2)  for  both 
installations  (for  fuselage-mounted  installations) 

pseudo-store-body  vertically  projected  area  (in.2)  on  one  wing 

vertically  projected  area  (in.2)  on  the  wing  of  the  unobstructed, 
exposed-fin  areas  of  the  stores  at  the  given  store  station  for  one 
installation 

store  maximum  cross-sectional  area  (ft2) 
transonic-supersonic  correlation  factor  (drag) 

triple-ejector  rack 
tandem-stores  factor  (drag) 

TER  adjacent-store  separation  factor  (drag) 

store-TER-aircraft-interference  Mach-correlation  factor  (drag) 

distance  from  the  nose  of  the  aft-store  installation  to  the  tail  of  the 
lead-store  installation  (in.) 

maximum  pylon  thickness  (in.) 

lateral  interference  factor  (drag) 
longitudinal  interference  factor  (drag) 

absolute  longitudinal  distance  (in.)  from  the  trailing  edge  of  one  store 
installation  to  the  trailing  edge  of  the  adjacent  store  installation 
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SYMBOL 

X,, 


DEFINITION 

absolute  longitudinal  distance  (in.)  from  the  nose  of  one  store  installation 
to  the  nose  of  the  adjacent  installation 


ratio  of  longitudinal  spacing  between  tandem  stores  to  the  store  length 


xAFT  longitudinal  distance  from  the  local  wing  trailing  edge  to  the  trailing  edge 

of  the  store  installation  (in.)  (or  pylon  trailing  edge  for  the  empty  pylon 
case),  positive  in  the  aft  direction 

xa  c wing-body  aerodynamic-center  lo  n of  the  clean  aircraft  measured 

from  the  leading  edge  of  the  mean  a dynamic  chord  (in.) 


XF  WD 


x 


ML: 


“SN 


it 


*r 


longitudinal  distance  from  the  wing  leading  edge  at  the  store  location  to 
the  store/pylon  nose  (in.),  positive  for  store  nose  aft  of  the  wing  leading 
edge 

distance  (in.)  from  the  local  wing  leading  edge  to  the  point  midway 
between  the  pylon  mounting  lugs  on  installation  i,  positive  in  the  aft 
direction 

distance  (in.)  from  the  leading  edge  of  the  mean  aerodynamic  chord  c,  to 
the  point  midway  between  the  mounting  lugs  of  the  installed  store  for 
store  j on  installation  i,  positive  in  the  aft  direction 

distance  (in.)  from  the  local  wing  leading  edge  to  nose  of  store  j on 
installation  i,  positive  in  the  aft  direction 

ratio  of  the  distance  between  the  aircraft  nose  and  the  store  nose  of  the 
most  forward  store  to  the  aircraft  fuselage  length 


Axn  p total  aircraft  neutral-point  shift  due  to  external-store  installations,  positive 

for  aft  shift  (in.) 


Ax 


n.p 


1 


shift  in  neutral  point  due  to  lift  transfer  from  the  stores  to  the  clean 
aircraft,  positive  for  aft  shift  (in.) 


Ax 


n.p. 


2 


shift  in  neutral  point  due  to  the  interference  effects  on  the  wing  flow 
field,  positive  for  aft  shift  (in.) 


Ax 


n.p. 


3 


shift  in  neutral  point  due  to  the  change  in  tail  effectiveness  caused  by 
external  stores,  positive  for  aft  shift  (in.) 

neutral-point  basic-interference-effect  term 


Ax' 


n.p. 3 


neutral-point  horizontal-tail  term 
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SYMBOL 


DEFINITION 


side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  interference 
effects  from  a pair  of  adjacent  external-store  installations 

basic  side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  a 
symmetrical  pair  of  external-store  installations 

value  of  YH  for  the  first  of  a pair  of  adjacent  installations 
P 

value  of  Yn  for  the  second  of  a pair  of  adjacent  installations 
P 

ratio  of  minimum  lateral  distance  between  stores  (excluding  fins)  to 
maximum  store  diameter 

minimum  lateral  clearance  (in.)  between  adjacent  store  installations 

spanwise  distance  from  the  fuselage  centerline  to  the  location  of 
installation  i 

spanwise  distance  from  the  outboard  edge  of  the  fuselage  to  the  location 
of  installation  i 

spanwise  distance  from  fuselage  centerline  to  centerline  of  store  j on 
installation  i 

fraction  of  wing  semispan  location  of  store  station  measured  from  aircraft 
centerline 

minimum  clearance  (in.)  between  store  installation  and  the  fuselage 

maximum  depth  of  the  store  installation  (in.)  measured  from  the  bottom 
surface  of  the  wing 

ratio  of  vertical  distance  between  average  wing  lower  surface  and  store 
centerline  to  local  wing  chord 

vertically  projected  length  (in.)  of  the  store  installation  on  the  aircraft 
wing 

distance  (in.)  from  the  wing  lower  surface  to  the  centerline  of  store  j on 
installation  i,  positive  in  the  downward  direction 

vertical  distance  from  wing  lower  surface  at  installation  i to  mid -line  of 
the  horizontal  tail 


SYMBOL 


a 

5 


8 


S; 


e 


n 


DEFINITION 

distance  from  the  top  of  the  fuselage  to  the  midpoint  of  the  wing 
intersection  with  the  fuselage  (in.) 

aircraft  angle  of  attack 

equivalent-parasite-drag  area  (ft2 ) 

configuration-related  interference  parameter  (pitching  moment) 
store  nose-cone  half-angle  (deg) 
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3. 1 EFFECT  OF  EXTERNAL  STORES  ON  AIRCRAFT  LIFT 

Methods  are  presented  in  this  section  for  estimating  the  change  in  aircraft  lift  due  to  external-store 
installations.  The  methods  predict  an  incremental  change  in  lift  coefficient,  based  on  wing  reference 
area,  which  can  be  added  to  the  clean-aircraft  lift  coefficient  to  obtain  the  aircraft-with -stores  lift 
coefficient.  These  methods  are  taken  from  Reference  1 and  are  empirical  in  nature. 

Section  3. 1 is  subdivided  as  follows: 

Section  3.1.1  Lift  Increment  Due  to  Wing-Mounted  Store  Installations 
Section  3.1.2  Lift  Increment  Due  to  Fuselage-Mounted  Store  Installations 
Section  3.1.3  Total  Lift  Increment  Due  to  External  Stores 
Section  3.1.3  presents  the  method  for  computing  the  total  incremental  lift  coefficient  due  to 
symmetric  and/or  asymmetric  loading  configurations.  That  section  will  then  refer  the  user  to 
Section  3.1.1  and/or  Section  3.1.2  as  appropriate  for  the  loading  configuration  being  analyzed.  Due 
to  the  nature  of  the  method,  the  lift  increments  for  wing  and  fuselage  stores  are  computed 
separately  for  pairs  of  symmetrically-mounted  store  installations  by  the  methods  of  Sections  3. 1 . 1 
and  3.1.2. 

The  Datcom  methods  are  applicable  to  aircraft  of  conventional  design  and  essentially  symmetrical 
store  shapes  with  no  major  shape  protuberances.  The  methods  are  limited  to  the  store-loading 
configurations  and  Mach-number  ranges  presented  in  Table  3,1-A.  The  methods  are  applicable  to 
mixed  loading  configurations  obtained  by  combining  two  or  more  loadings  specified  in  Table  3.1-A. 
Additional  limitations  are  specifically  noted  in  each  of  the  sections. 


TABLE  3.1-A 

LOADING  AND  MACH-NUMBER  LIMITATIONS 


Mounting 

Location 

Carriage 

Made 

' - - • - 1 

Mount/Loading  Type 

Marh- 

Number 

Range 

Wing 

Single 

Pylon  - Empty 

0 -*•  2.0 

Pylon  - Store 

Multiple 

Pylon  — Empty  MER 

0 -*  1.6 

Pylon  - Full/Partial  MLR 

Pylon  - Empty  TER 

Pylon  - Full/Partisl  TER 

Fuwlage 

Single 

Tangent 

0 -+  2.0 

Pylon  - Empty 

Pylon  - Store 

Multiple 

Tangent  - Empty  MER 

0 -*  1.6 

Tangent  — Full/Partial  MER 

Tangent  - Empty  TER 

Tangent  - Full/Pertia!  TFR 

Pylon  - Empty  MER 

Pylon  — Full/Partial  MER 

Pylon  - Empty  TER 

Pylon  - Full/Partial  TER 

3.1-1 


For  most  configurations  the  addition  of  wing-mounted  stores  results  in  a loss  of  aircraft  lift  in  the 
subsonic-flight  regime.  The  lift  loss  generally  increases  substantially  through  the  transonic  speed 
range,  and  often  reverses  to  provide  positive-lift  increments  at  the  higher  supersonic  speeds 
(M  > 1.6). 
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3.1.1  LIFT  INCREMENT  DUE  TO  WING-MOUNTED  STORE  INSTALLATIONS 

A method  is  presented  in  this  section  tor  estimating  the  aircraft  lift-coefficient  increment  due  to 
wing-mounted  store  installations.  The  method  as  presented  is  for  estimating  the  increment  due  to  a 
pair  of  symmetric  wing-mounted  installations.  The  increment  due  to  a single  installation  may  also 
be  obtained  by  simply  using  half  the  increment  due  to  the  pair  of  symmetric  installations 


For  most  configurations  the  addition  of  wing-mounted  stores  results  in  a loss  of  aircraft  lift  in  the 
subsonic  speed  range.  The  lift  loss  generally  inereases  substantially  through  the  transonic  speed 
range,  and  often  reverses  to  provide  positive  lift  increments  at  the  higher  supersonic  speeds. 


The  Datcorn  method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in  Table 
3.1 -A  of  the  preceding  section.  Additional  limitations  and  assumptions  pertaining  to  the  method  are 
listed  below: 


1 . The  method  is  not  applicable  to  wing-tip  or  wing-tangent-mounted  stores. 

2.  The  method  has  been  verified  fer  a Mach-number  range  between  M = 0.6  and  M = 2.0 
with  a few  exceptions.  Caution  should  be  used  in  extrapolating  the  empirical  curves 
beyond  the  given  Mach-number  range. 

3.  The  method  has  not  been  verified  for  configurations  in  which  Haps,  slats  or  other  flow 
disrupting  devices  are  deployed. 

4.  The  method  gives  the  best  results  for  an  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  for  higher  angles  of  attack. 

5.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

6 No  method  is  provided  to  estimate  fuselage  and  adjacent-store  interference  effects.  These 
effects  may  be  significant  if  the  separation  distances  are  less  than  3 store  diameters. 
Proximity  to  engine  inlets  may  also  be  significant. 

7.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 


The  loading  configuration  capabilities  of  the  method  are  given  in  Table  3.1.1-A.  Each  configuration 
is  assigned  a number  which  is  referred  to  throughout  the  method.  The  method  is  applied  separately 
to  each  single  store  installation  or  symmetrical  pair  of  store  installations. 
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TABLE  3.1.1-A 


STORE  CONFIGURATION  SUMMARY 


Configuration 

Configuration 

Number 

Mounting 

Carriage 

Loading 

Pylon 

None 

Empty 

1 

Single 

Single 

1 

Pylon 

MER 

Empty 

2 

Pa.  tially  Loaded 

2 

Full 

2 

Pylon 

TER 

Empty 

3 

Partially  Loaded 

3 

Full 

3 

A.  SUBSONIC 


DATCOM  METHOD 


The  incremental  lift  coefficient,  based  on  wing  reference  area,  due  to  a pair  of  symmetric 
wing-mounted  external-store  installations  is  given  by  Equation  3.1.1  -a.  (For  a single  installation,  this 
value  should  be  divided  by  two.) 


AC, 


w s 


3W 


[«-, 


+ L,  P K4W  . )(K.  K +Kf)  + L 

LE  AWA”  A p {'  a 


W S 


(a  - 4 


•0)1 


3. 1.1 -a 


where 

Sw  is  the  wing  reference  area  (ft2 ). 

Lr  is  an  incremental-lift  effect  due  to  carriage-rack  installation. 

For  an  empty  pylon  or  a pylon-mounted,  singie-store  installation  (Configuration  1)  LR  is 
presented  over  the  Mach-number  range  from  0.6  through  2.0  in  Figure  3.1.1-12. 

For  MER  store  loading  (Configuration  2)  or  TER  store  loading  (Configuration  3)  LR  is 
presented  at  M = 0.6,  0.8,  and  1.6  in  Figures  3.1.1-13  and  3.1.1-14.  The  value  of  LR 
between  M = 0.6  and  0.8  may  be  obtained  by  linear  interpolation.  LR  at  M = 1.6  is  a 
single-point  value.  Over  the  Mach-number  range  from  M>  0.8  to  M < 1.6,  LR  = 0 for 
Configurations  2 and  3. 

The  term  LR  is  presented  on  Figures  3.1.1-  12through  3.1.1-  14as  a function  of  Sw 


3. 1.1-2 


where 


Sw  is  the  affected  wing  area  (in.2 ) of  both  wings  and  is  given  by 


where 


3.1.1-b 


Sw  is  the  vertically  projected  area  (in.2)  on  one  wing  of  the 
*F  unobstructed,  exposed-fin  areas  of  the  stores  at  the  given  store 
station  for  one  installation  (See  Sketch  (a).). 


Sw  is  the  pseudo-store-body  or  pylon  vertically  projected  area  (in.2) 
aB  on  one  wing  given  by  the  following  geometrical  relationships: 

1.  For  xFWD  > 0 and  c>  (Csp  + xpWD): 

= ^SPdw  3.1.1-c 

3 B 

2.  For  xFWD>0  and  c<(£sp  + xpWD): 

Sw  - (c  ~ XFWD^dw  3.1.1-d 

3 B 

3.  For  xFWD  < 0 and  c < (Ssp  + xpWD): 

Sw  = cdw  3.1.1-e 

a8 

4.  For  xpw  D < 0 and  c >(i!sp  + xp  WD): 

Sw  “ ^sp  +xfwdK  3.1.1-f 

aB 


3. 1.1-3 


where 


xF  w D is  the  longitudinal  distance  (in.)  from  the  local 
wing  leading  edge  to  the  store/pylon  nose, 
positive  for  store/pylon  nose  aft  of  the  leading 
edge.  (See  Sketch  (b).) 

c is  the  local-wing  chord  (in.)  at  the  store  or 
pylon  station.  (See  Sketch  (b).) 

fisp  is  the  maximum  store/pylon  installation  length 
(in.).  (See  Sketch  (b).) 

d is  the  defined  width  (in.)  of  the  store  installa- 

W 

tion,  not  including  protruding  fins,  given  by 

1.  For  an  empty  pylon: 

d =1.5  (maximum  pylon  width) 
w 3.1.1-g 

2.  For  a single  store: 

dw  = ds  3A.  Mi 

(ds  is  the  maximum  store  diameter) 


SKETCH  (b) 


is  an  incremental-lift  effect  of  the  longitudinal  location  of  multiple-mounted  stores 
along  the  local  wing  chord.  For  Configuration  1,  Lle  = 0.  For  Configurations  2 and  3 
Lle  =0  at  M < 0.8  and  at  M = 1.6.  Over  the  Mach-number  range  from  M > 0.8  to 
M < 1.6  Lle  is  obtained  from  Figures  3.1.1-15  and  3.1.1-16  as  a function  of  xAFT/c. 
The  value  of  xAFT  is  the  longitudinal  distance  (in.)  from  the  local  wing  trailing  edge 
to  the  trailing  edge  of  the  store  installation  (or  pylon  trailing  edge  for  the  empty 
pylon  case),  positive  in  the  aft  direction.  (See  Sketch  (b).) 


is  the  longitudinal-location  factor  for  multiple-rack  carriage  (Configurations  2 and  3) 
obtained  from  Figure  3.1.1-17.  (KAWA  = 0 at  M < 0.8  and  at  M = 1.6.) 

is  the  wing-sweep-effect  parameter  obtained  from  Figure  3.1.1-18a.(This  parameter  is 
a function  of  the  wing  leading-edge  sweep  angle  ALE .) 

is  the  pylon-height-effect  parameter  given  by 


Kp  = 1+KhKxKw 


3.1.1-i 


where 


1 « 


Kh  is  a pylon-height  factor  obtained  from  Figure  3. 1 . 1 - 1 8b  as  a function  of 
the  average  pylon  height,  hp  (in.).  (See  Sketch  (b).) 

Kx  is  a store-placement  factor  obtained  from  Figure  3. 1 . 1-1 9a  as  a function  of 
xa  ft/0- 


Kw  is  a store-installation-width  factor  obtained  from  Figure  3. 1.1 -19b  as  a 
function  of  h /d  . 

p W 

is  the  fuselage  proximity-effect  parameter  where 


k"  -■  K K 

p IVy  p 


3.1.1-j 


K[iF  is  a lateral  store-to-fuselage  clearance  parameter  obtained  from  Figure 

3. 1.1 -20b. 

KVp  is  a vertical  clearance  parameter  obtained  from  Figure  3. 1 . l-20a- 

Note  that  for  a low-wing  configuration  KHF  = KyF  =0. 

is  an  effect  due  to  aircraft  angle  of  attack  obtained  from  Figures  3.1.1  -'21a  through 
-2 1 h as  a function  of  store-installation  type,  Mach  number,  and  xAFT/c. 


is  the  aircraft  angle  of  attack  (deg). 


3.1. 1-5 


Sample  Problem 

Given:  A swept-wing  subsonic  fighter  aircraft  from  Reference  2,  symmetrically  loaded  as  follows: 


FRONT  VIEW 


Spanwise 

Rack 

Store 

Station 

Type 

Mounting 

Type 

Inboard  Wing 

TER 

Pylon 

500-lb  Bomb 

Outboard  Wing 

i 

Single 

Pylon 

500-lb  Bomb 

Aircraft  Data: 

Sw  = 260  ft2 

c = 121.5  in.  (at  inboard  sta.) 

Ale  * 4?° 

c = 37.8  in.  (at  outboard  sta.) 

Stores  Data: 

ds  = 1 2 in. 

2sp  = 91.2  in. 

Installation  Data: 

Location 


Inboard  Wing 


Outboard  Wing 


-0.400 


-0.210 


-0.158 


-0.264 


Configuration 
Number 
(Table  3. 1.1 -A) 


-6 


Additional  Data: 


M = 0.8 


= eo 


a = 8 


Geometry  of  unobstructed,  exposed-fin  areas  required  for  calculation  of  Sw  is  shown  below. 

F 

Compute  AC.  for  the  inboard  wing  station  (Configuration  3): 

Lws 


FWD 

®SP  + XFWD  CSP  + c C 

= 91.2  + (—0.158X121.5) 

= 72.0  in. 

Since  xFWD  < 0 and  c > S2sp  + xpWD 

SW  ~ ({sp  +xFWD^dw  (Equation  3.1.1  -f) 
aB 

= f72.0)(25.6) 

= 1843  in.2 

To  compute  Sw  , refer  to  the  planform  sketch  below  of  the  inboard  wing  installation: 


Sw  is  the  shaded  area  of  the  fins  not  included  in  the  Sw  computation. 
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/ 8.0  + 4.8\ 

S - (2) 


= 41  in.2 
= 2 / sw  + S. 


w . 


w , 


(Equation  3.1.1-b) 


\ B “Fy 

= 2 (1843  + 41) 

= 3768  in.2 


L„ 


"LE 


K 


AW  A 


K. 


Kt 


Kv 


K, 


w 


Kc 


= -4.7 
= 0 (M  < 0.8) 
= 0 (M  < 0.8) 
= 1.0 
= -0.124 
* 0.30 

- ill 

~ 25.6 
“ 0.438 

= 1.145 


(Figure  3. 1 .1-14,  Configuration  3) 


(Figure  3. 1.1-1 8a) 
(Figure  3. 1.1-1 8b) 
(Figure  3. 1.1-1 9a) 


(Figure  3.1. 1-1 9b) 


= 1+KhKxKw  (Equation  3.1.1  -i) 

= 1 +(-0.124)(0.30)(!.145) 

= 0.957 


kHF 


0, 


KyF  = 0 (low-wing  configuration) 


Kf  - KhfKyf  = 0 (Equation  3.1.1 -j) 


‘ws 


= 0.43 


(Figure  3 . 1 . 1 - 2 1 b) 


Solution: 


AC, 


'WS 


3W 


|(L„  + L,  B Ka  w a )(Ka  Kn  + Kf)  + L (a  - 4.0) 

W o 


(Equation  3. 1.1 -a) 


1 

260 


{[-4.7  + (0)(0)]  [(1.0X0.957)  + 0]  + (0.43)(8.0  - 4.0)J- 


= -0.0107  (inboard  wing  station) 

Compute  AC,  for  the  outboard  wing  station  (Configuration  1): 
Lws 


c + x = e + c 

XSP  twd  xsp  c 

= 91.2 + (-0.264)(87.8) 

= 68.0  in. 

Since  xFWD  <0  and  Ssp  + xFWD 

Sw  = (Ssp  + xFWD)dw  (Equation  3. 1.1-0 

aB 

= (68.0)(12.0) 

= 816  in.2 

As  in  the  case  of  the  inboard  installation,  trapezoidal  areas  of  2 fins  extend  beyond  the 
projected  store  body  area,  Sw,D.  Since  the  stores  are  identical, 

4 D 


Sw  =41  in.2  (previously  calculated) 
aF 

(Equation  3.1.1-b) 

= 2 (816  + 41) 

= 1714  in.2 

Ld  = -0.8  (Figure  3.1.1-12,  Configuration  1) 

Lle  =0  (Configuration  1) 

Kawa  = 0 (Applicable  for  multiple-rack  carriage  only) 


w. 


= 2i 


+ S 


1.0 


(Figure  3. 1.1- 18a) 


Kh  » -0.124  (Figure  3. 1.1 -18b) 

Kx  = 0,68  (Figure  3.1. 1 -1 9a) 

hP  11.2 

— — = = 0.93 

dw  12.0 

Kw  = 0.175  (Figure  3. 1.1- 19b) 

Kp  = 1 +KhKxKw  (Equation  3.1.1 -i) 

= 1 +(-0.124)(0.68)(0.175) 

= 0.985 

Kjj  p = Ky  F = 0 (low-wing  configuration) 

Kf  = KHFKyF  = 0 (Equation  3.1.1 -j) 


L«ws  " °'40 


(Figure  3.1. 1-21  b) 


Solution: 

AC, 


■ws  S 


h 


+ LLEKAWAKKAKp+Kf)  + Laws(«-4 


(Equation  3. 1.1 -a) 


260 

i 

= 0.00312 


[-0.8  + (0)(0)]  [(1.0X0.985)  + 0]  + 0.40(8.0  - 4.0) 


The  calculated  values  of  AClws  at  each  wing  station  are  combined  with  fuselage-store  increments 
in  the  sample  problem  of  Section  3.1.3  to  illustrate  a complex  loading  configuration.  Comparison  of 
the  calculated  results  with  test  data  is  provided  in  that  section. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
user  is  cautioned  that  the  accuracy  of  the  method  is  less  than  that  expected  in  the  subsonic  speed 
range,  and  test  data  should  be  used  whenever  possible. 


3.1.1-10 


C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range.  The 
expected  accuracy  of  the  method  is  comparable  to  that  in  the  subsonic  range.  The  maximum  Mach 
number  provided  in  the  design  figures  indicates  the  level  to  which  the  method  is  substantiated. 
Caution  should  be  used  when  extrapolating  the  data  beyond  jthe  Mach  range  provided  in  the 
figures. 
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FIGURE  3.1  .i- 12  INCREMENTAL-LIFT  EFFECT  DUE  TO  CARRIAGE  RACK  INSTALLATION 

EMPTY  PYLON  AND  PYLON-MOUNTED  SINGLF  STORE  (CONFIGURATION  1.) 


FIGURE  3.1.1-13  INCREMENTAL-LIFT  EFFECT  DUE  TO  CARRIAGE-RACK  INSTALLATION 
MER  STORE  LOADINGS  (CONFIGURATION  2) 


FICURE  3.1 .1-14  INCREMENTAL-LIFT  EFFECT  DUE  TO  CARRIAGE-RACK  INSTALLATION 
TER  STORE  LOADINGS  (CONFIGURATION  3) 


FIGURE  3.1.  i- 1 5 INCREMENTAL-LIFT  EFFECT  DUE  TO  LONGITUDINAL  LOCATION 
MER  STORE  LOADINGS  (CONFIGURATION  2) 


FSGURE  3.1.1-17  EFFECT  OF  MULTIPLE-RACK  TYPE  ON  LONGITUDINAL-LOCATION  FACTOR 


STORE  HEIGHT  (in.) 


4 8 12  16  20  24 


LATERAL  STORE-TO-FUSELAGE  CLEARANCE,  AY  (in.) 
FIGURE  3. 1.1 -20b  LATERAL  STORE-TO-FUSELAGE  CLEARANCE  PARAMETER 


3.1.1-20 


FIGURE  3. 1. 1 -21  (CONTD) 


April  1978 


3.1.2  LIFT  INCREMENT  DUE  TO  FUSELAGE-MOUNTED  STORE  INSTALLATIONS 


A method  is  presented  in  this  section  for  estimating  the  aircraft  lift-coefficient  increment  due  to 
fuselage-mounted  store  installations.  The  method  as  presented  is  for  estimating  the  increment  due 
to  a pair  of  symmetric  fuselage-mounted  installations.  The  increment  due  to  a single  installation 
may  also  be  obtained  by  using  half  the  increment  due  to  the  pair  of  symmetric  installations. 


The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberance.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3. 1-A.  Additional  limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 


1.  The  method  has  not  been  validated  for  pylon  heights  greater  than  10  inches. 

2.  The  method  is  limited  to  store  installations  which  are  not  mounted  beyond  90  percent  of 
the  fuselage  sernispan  from  the  fuselage  centerline. 

3.  The  method  has  been  verified  for  a Mach-number  range  between  M = 0.6  and  M = 2.0 
with  a few  exceptions.  Caution  should  be  used  in  extrapolating  the  empirical  curves 
beyond  the  given  Mach-number  range. 

4.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats  or  other 
flow-disrupting  devices  are  deployed. 

5.  The  method  gives  the  best  results  for  an  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  for  higher  angles  of  attack. 

6.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

7.  No  method  is  provided  to  estimate  fuselage  and  adjacent-store  interference  effects.  These 
effects  may  be  significant  if  the  separation  distances  are  less  than  3 store  diameters. 
Proximity  to  engine  inlets  may  also  be  significant. 

8.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 


The  loading  configuration  capabilities  of  the  method  are  given  in  Table  3.1.2-A.  Each  configuration 
is  assigned  a number  which  is  referred  to  throughout  the  method.  The  method  is  applied 
separately  to  each  single  store  installation  or  symmetrical  pair  of  store  installations. 


3. 1.2-1 


TABLE  3.1.2-A 


STORE  CONFIGURATION  SUMMARY 


Store  Configuration 

— 

Configuration 

Number 

Mounting 

Carriage 

Loading 

Pylon 

None 

Empty 

1 

Single 

Single 

1 

Tangent 

Single 

Single 

1 

Pylon 

MER 

c.mpty 

2 

Partially  Loaded 

2 

Full 

2 

Tangent 

Empty 

2 

Partially  Loaded 

2 

Full 

2 

Pylon 

TER 

Empty 

3 

Partially  Loaded 

3 

Full 

3 

Tangent 

Empty 

3 

Partially  Loaded 

3 

Full 

3 

A.  SUBSONIC 


DATCOM  METHOD 


The  incremental  lift  coefficient,  based  on  wing  reference  area,  due  to  a pair  of  symmetric 
fuselage-mounted  external-store  installations  is  given  by  Equation  3.1.2-a.  (For  a single  installation, 
this  value  should  be  divided  by  two.) 


AC, 


FS 


^WING^SFAN  + ^ai;s  ^-0) 


3.1.2-a 


where 

Sw  is  the  wing  reference  area  (ft2 ). 


lr 


is  an  incremental-lift  effect  due  to  carriage-rack  installation  obtained  from 
Figures  3.1.1- 12  through  3.1.1-14  of  Section  3.1.1  as  a function  of  Mach  number 
and  Swa-  (Refer  to  the  discussion  presented  in  Section  3.1.1  in  relation  to  the 
Mach-number  range  and  configuration  applicability  of  this  parameter.) 

where,  for  fuselage -mounted  installations 

Sw  is  the  pseudo  store  installation  planform  area  (in.2)  for  both  installa 
a tions,  and  is  given  by 


Jw 


^ 2*SPdw 


3.1.2-b 


3. 1.2-2 


where 


£sp  is  the  maximum  store/pylon  installation  length  (in.).  (See 
Sketch  (a).) 


dw  is  the  maximum  width  (in.)  of  the  store  installation  not 
including  protruding  fins  and  is  given  by 

1.  For  an  empty  pylon: 

dw  = 1.5  x (maximum  pylon  width)  3.1.2-c 

2.  For  a single  store: 

dw=ds  3.1.2-d 

(ds  is  the  maximum  store  diameter) 

is  a parameter  to  account  for  the  effect  of  wing  location  on  the  fuselage.  This 
parameter  is  obtained  from  Figure  3.1.2-6as  a function  of  zw/hf  where 

zw  is  the  distance  from  the  top  of  the  fuselage  to  the  midpoint  of  the  wing 
intersection  with  the  fuselage  (including  canopy  protuberances)  (See 
Figure  3. 1.2-6). 

hf  is  the  overall  height  of  the  fuselage  (including  canopy  protuberances)  (See 
Figure  3. 1.2-6). 

is  a parameter  to  account  for  the  effect  of  lateral  placement  of  the  store  installation. 
The  parameter  is  obtained  from  Figure  3. 1 .2- 7 and  is  available  for  store 
installations  mounted  within  90%  of  the  fuselage  semispan  from  the  fuselage 
centerline. 

is  an  effect  due  to  aircraft  angle  of  attack  obtained  from  Figure  3.1.2-  8 as  a 
function  of  aircraft  wing  location  and  Mach  number. 

is  the  aircraft  angle  of  attack  (deg). 


Sample  Problem 


Given:  A swept-wing  subsonic  fighter  aircraft  (Reference  2)  loaded  with  a pylon-mounted  MER 
containing  five  500-lb.  bombs  (two  of  the  bombs  are  hidden  in  the  front  view)  located 
below  the  fuselage  centerline. 


Aircraft  Data: 

Sw  = 260  ft2  z /h,  - 0.88 

W W I 

Stores  Data: 

ds  = 12  in. 

Installation  Data: 

d = 33.6  in.  h = 11.2  in.  = 185.6  in. 

w p SP 

Additional  Data: 

M = 0.8  a = C° 

It  is  noted  from  Table  3.1.2-A  that  this  is  Configuration  Number  2.  Since  the  loading  is  not  a 
symmetrical  pair  of  installations,  the  final  result  will  be  divided  by  2 to  obtain  the  increment 
for  a single  installation. 

Compute: 

Sw  = 2fi$pdw  (Equation  3.1. 2-b) 

a 

= (2)(1S5.6)(33.6) 


3.1. 2-4 


= 12,472  in.2 


lr 

= -17.0 

(Figure  3. 1.1-13,  Configuration  2) 

zw/hf 

= 0.88 

(Given) 

kwing 

= 0.93 

(Figure  3. 1.2-6) 

^SPAN 

= 1.0 

(Figure  3.1.2-  7) 

L"fs 

= 0.15 

(Figure  3.1.2-  8 ) 

Solution: 

AC, 


'FS 


‘ 4 b 


K. 


K«n4W  + L (a 


WING  SPAN  <* 


FS 


- 4.0)1 


(Equation  3.1.2-a) 


260 


[(-  17.0)(0.93)(1.0)  + (0. 15)(8.0  - 4.0)] 


= -0.0585  (symmetrical  pair) 


For  a single  installation, 


AC 


L 


-0.0585 


-0.02925 


The  calculated  value  of  ACi,fs  is  combined  with  wing-store  increments  in  the  Sample  Problem  of 
Section  3.1.3  to  illustrate  a complex  loading  configuration.  Comparison  of  the  calculated  results 
with  test  data  is  provided  in  that  section. 

B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  transonic  speeds.  The  user  is 
cautioned  that  the  accuracy  of  the  method  is  less  than  that  expected  in  the  subsonic  speed  range; 
and  test  data  should  be  used  whenever  possible. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  supersonic  speeds.  The 
expected  accuracy  of  the  method  is  comparable  to  that  in  the  subsonic  range.  The  maximum  Mach 
number  provided  in  the  design  figures  indicates  the  level  to  which  the  method  is  substantiated. 
Caution  should  be  used  when  extrapolating  the  data  beyond  the  Mach  range  provided  in  the 
figures. 
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FIGURE  3. 1 .2-  6 WING-LOCATION  PARAMETER 


L“fs 
(ft2 /deg) 


FIGURE  3. 1 .2-  8 FUSELAGE-STORES  INCREMENTAL-LIFT  EFFECT  DUE  TO 
ANGLE  OF  ATTACK 


3. 1.2-8 


■ a.  : a 


3.1.3  TOTAL  AIRCRAFT  LIFT  INCREMENT  DUE  TO  EXTERNAL  STORES 


A method  is  presented  in  this  section  for  estimating  the  total  aircraft  lift-coefficient  increment  due 
to  external-store  installations.  The  method  predicts  the  increments  for  symmetric,  asymmetric,  and 
multiple-installation  loading  configurations. 

The  Datcom  method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.1-A.  Additional  limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 

1.  The  method  is  not  applicable  to  wing-tip  or  wing-tangent-mounted  stores. 

2.  The  method  has  not  been  validated  for  fuselage  installations  with  pylon  heights  greater 
than  1 0 inches. 

3.  The  method  for  fuselage-mounted  stores  is  limited  to  installations  which  are  not  mounted 
beyond  90  percent  of  the  fuselage  semispan  from  the  fuselage  centerline. 

4.  The  method  has  been  verified  for  a Mach-number  range  between  M = 0.6  and  M = 2.0 
with  a few  exceptions.  Caution  should  be  used  in  extrapolating  the  empirical  curves 
beyond  the  given  Mach-number  range. 

5.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats  or  other 
flow-disrupting  devices  are  deployed. 

6.  The  method  gives  the  best  results  for  an  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  for  higher  angles  of  attack. 

7.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

8.  No  method  is  provided  to  estimate  fuselage  and  adjacent-store  interference  effects.  These 
effects  may  be  significant  if  the  separation  distances  are  less  than  3 store  diameters. 
Proximity  to  engine  inlets  may  also  be  significant. 

9.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 

The  procedure  for  computing  the  total  lift-coefficient  increment  requires  calculation  of  the 
increments  for  wing  and  fuselage  installations  separately  by  the  methods  of  Sections  3.1.1  and 
3.1.2,  respectively.  The  increments  for  each  installation  are  then  summed  to  obtain  the  total 
increment. 


A.  SUBSONIC 


DATCOM  METHOD 

The  total  aircraft  'ift-coefficient  increment  due  to  external-store  installations  and  based  on  wing 
reference  area,  Sw  , is  given  by 


N„  is  the  total  number  of  pairs  of  symmetrical  external-store  installations. 

(ACL)j  is  the  incremental  lift  coefficient  due  to  a pair  of  symmetrical  store  installations 
where: 

For  wing-mounted  installations 

(AC,).  - AC  3.1.3-b 

L 1 Lws 

and  AC,  is  calculated  in  Section  3.1.1. 

Lws 

For  fuselage-mounted  installations 

(A<Vi  ■ AClra  3.1.3-c 

and  AC,  is  calculated  in  Section  3.1.2. 

LI-'S 

Na  is  the  total  number  of  asymmetrical  external-store  installations. 

(AC,  ).  is  the  incremental  lift  coefficient  due  to  an  asymmetric  store  installation  where: 

C*  J 

For  wing-mounted  installations, 

(AC,  ).  = - AC.  3.1. 3-d 

L J 2 Lws 

and  AC,  is  calculated  in  Section  3 . 1 . 1 . 

Lws 

For  fuselage-mounted  installations 

(ACL),  =2acLfs  3,i.3< 

and  AC,  is  calculated  in  Section  3.1.2. 
lfs 

Reference  1 states  that  prediction  errors  for  incremental  lift  are  nominally  20  percent.  This 
generally  i .-suits  in  an  overall  accuracy  within  2 percent  of  total  aircraft  lift.  Comparisons  of  test 
and  calculated  results  are  presented  in  Reference  1. 


Sample  Problem 


Given:  A swept-wing  subsonic  fighter  aircraft  from  Reference  2,  loaded  as  follows:  (This  is  a 
combination  of  the  configuration  of  the  Sample  Problems  from  Sections  3.1.1  and  3.1.2.) 


SpanwiM 

Rack 

Store 

No.  of 

Configuration 

Station 

Type 

Mounting 

Type 

Storei 

Number 

Canterline 

MER 

Pylon 

500-lb  Bomb 

5 

2 

Inboard  Wing 

TER 

Pylon 

500-lb  Bomb 

2 

3 

Outboard  Wing 

Single 

Pylon 

500-lb  Bomb 

1 

i 

Additional  Characteristics: 

M - 0.8  a = 8° 

(Additional  geometric  data  are  provided  in  the  Sample  Problems  of  Sections  3.1.1  and  3.1.2.) 
Compute: 

Nc  = 2 (inboard-  and  outboard-wing  installations) 

Na  = 1 (centerline  installation) 

(ACl \ fori  = 1,2: 

(ACL)t  = ACl  (Equation  3. 1 .3-b) 


3. 1.3-3 


where  AC,  is  evaluated  at  the  outboard-wing  station  and  computed  in  the  Sample  Problem 

Lws 

of  Section  3.1.1. 

(AC,  ) = AC,  ' = 0.00312 

(AC,),  - AC,  (Equation  3.1. 3-b) 

where  ACL  is  evaluated  at  the  inboard-wing  station  and  computed  in  the  Sample  Problem 

ws 

of  Section  3.1.1. 

(AC.),  =AC,  =-0.0107 

L i Lws 

(ACl)j  for  j = 1 : 

(ACl)j  = ~ACL  (Equation  3.1. 3-e) 

where  AC,  is  evaluated  at  the  fuselage-centerline  station  and  computed  in  the  Sample 
Problem  of  Section  3.1.2. 


<aCl>i 

- A%s  ’ 

-0.02925 

Solution: 

N», 

na. 

ai 

AC,  = 

Z <Ac'-, 

z 

<ACL>j 

(Equation  3.1.3-a) 

i=0 

j=0 

2 

1 

ACl  = 

2>o. 

♦ z 

<ACL>j 

i=0 

j=0 

= 0.00312  - 0.0107  - 0.02925 
= -0.0368 


Calculated  results  at  additional  Mach  numbers  are  shown  in  comparison  to  test  data  from 
Reference  2 in  Sketch  (a). 


MACH  NUMBER,  M 
SKETCH  (a) 

B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  transonic  speeds.  The  user  is 
cautioned  that  the  accuracy  of  the  method  is  less  than  that  expected  in  the  subsonic  speed  range. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  the  supersonic  speed  range. 
The  maximum  Mach  number  provided  in  the  design  figures  indicates  the  level  to  which  the  method 
is  substantiated. 
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3. 1.3-5 


3.2  EFFECT  OF  EXTERNAL  STORES  ON  AIRCRAFT  DRAG 


Methods  are  presented  in  this  section  t'oi  estimating  the  change  in  aircraft  drag  due  to  external-store 
installations.  The  methods  predict  an  incremental  change  in  drag  coefficient,  based  on  wing 
reference  area,  which  can  be  «■’  'ed  to  the  clean-aircraft  drag  coefficient  to  obtain  the 
aircraft-with-stores  drag  coefficient,  aese  methods  are  taken  from  Reference  1 and  are  empirical  in 
nature. 


Section  3.2  is  subdivided  as  follows: 

Section  3.2. 1 Drag  at  Zero  Lift 

Section  3.2. 1 . 1 Basic  Drag  Due  to  Store  Installations 
Section  3.2. 1.2  Drag  Due  to  Adjacent  Store  Interference 
Section  3, 2. 1.3  Drag  Due  to  Fuselage  Interference 
Section  3.2.2  Drag  Due  to  Lift 

Section  3.2.3  Total  Drag  Increment  Due  to  External  Stores 


The  total  drag  increment  is  the  sum  of  the  incremental,  drag  at  zero  lift  and  the  incremental  drag 
due  to  lift.  These  components  are  computed  in  terms  of  equivalent-parasite-drag  area  for  each 
installation  by  the  methods  of  Sections  3.2.1  and  3.2.2  and  are  combined  to  obtain  the 
total-drag-eoefficient  increment  by  the  method  of  Section  3.2.3. 


The  Datcom  methods  are  applicable  to  aircraft  of  conventional  design  and  essentially  symmetrical 
store  shapes  with  no  major  shape  protuberances.  The  methods  are  limited  to  the  store-loading 
configurations  and  Mach-number  ranges  presented  in  Table  3.2-A.  The  methods  are  applicable  to 
mixed  loading  configurations  obtained  by  combining  two  or  more  loadings  specified  in  Table  3,2-A. 
Additional  limitations  are  specifically  noted  in  each  of  the  sections  that  follow. 


3.2.1  DRAG  AT  ZERO  LIFT 


3.2.1. 1 BASIC  DRAG  DUE  TO  STORE  INSTALLATIONS 

Methods  are  presented  in  this  section  for  estimating  the  zero-lift  equivalent-parasite-drag  area  due  to 
a store  installation.  This  drag  component  does  not  include  adjacent-store  and  fuselage  interference 
effects  (see  Sections  3.2. 1 .2  and  3.2. 1 .3).  The  Datcom  methods  are  presented  for  a particular  store 
installation  type  and  loading  configuration,  and  are  applied  separately  to  each  installation 
(armament  station). 

The  methods  are  taken  from  Reference  1 and  are  empirical  in  nature.  The  methods  are  applicable  to 
aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in  Table 
3.2-A.  Additional  limitations  and  assumptions  pertaining  to  the  methods  are  listed  below;  however, 
some  additional  limitations  pertaining  to  a specific  method  are  given  in  the  method  descriptions. 

1.  The  empirical  design  curves  used  in  the  methods  generally  do  not  provide  data  below 
M = 0.6,  although  the  methods  have  been  verified  for  some  cases  below  this  speed. 
Caution  should  be  used  when  extrapolating  the  curves  beyond  the  given  Mach  range. 

2.  The  methods  are  not  applicable  to  wing-tip  and  wing-tangent-mounted  stores. 

3.  The  methods  have  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

4.  The  angle-of-attack  range  is  from  zero  to  cruise  angle  of  attack. 

5.  The  data  base  used  in  deriving  the  methods  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

6.  The  methods  are  applicable  for  sideslip  angles  less  than  4°. 

Methods  are  presented  for  the  following  particular  store  installation  type  and  loading  configura- 
tions: 

Wing-Mounted  Empty  Pylon 
Wing-Pylon-Mounted  Single  Store 
Wing-Pylon-Mounted  Empty  MER 
Wing-Pylon-Mounted  Fully  Loaded  MER 
Wing-Pylon-Mounted  Partially  Loaded  MER 
Wing-Pylon-Mounted  Empty  TER 
Wing-Pylon-Mounted  Fully  Loaded  TER 
Wing-Pylon-Mounted  Partially  Loaded  TER 
Fuselage-Tangent-Mounted  Stores  (Two  or  More  Single  Scores) 

Fuselage-Mounted  Empty  Pylon 

Fuselage-Pylon-Mounted  Stores  (Two  or  More  Single  Stores) 

Fuselage-Tangent-Mounted  Single  Store  (One  Installation) 

Fuselage-Tangent-Mounted  MER  (One  Installation) 

Fuselage-Pylon-Mounted  Single  Store  (One  Installation) 

Fuselage-Pylon-Mounted  MER  (One  Installation) 


A.  SUBSONIC 


DATCOM  METHODS 


The  Datcom  user  should  proceed  directly  to  the  method  appropriate  to  the  particular  store 
installation  type  and  loading  configuration  of  interest. 

Wing-Mounted  Empty  Pylon 

The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 


Db  - KCJk-^(- (0.35  + 0.2 167R„)  + °PR  M.l.l-a 

' ^top  Plow' 


where 


is  an  ernpty-pylon  drag  factor  obtained  from  Figure.  3.2.1.1-2,0asa  function  of  Mach 
number  and  Sp,  the  pylon  frontal  area  obtained  by  measuring  the  maximum 
cross-sectional  area  of  the  isolated  pylon. 

is  an  empty-pylon  correlation  ratio  obtained  from  Figure  3.2. 1 . 1 -2 la  as  a function  of 
Mach  number  and  xAFX/c.  The  value  of  xAFT  is  the  longitudinal  distance  (in.)  from 
the  local  wing  trailing  edge  to  the  trailing  edge  of  the  store  installation  (or  pylon 
trailing  edge  for  the  empty-pylon  case),  positive  in  the  aft  direction.  (See  Sketch  (a).) 
The  value  of  c is  the  local  wing  chord  (in.)  at  the  particular  store  or  pylon  station. 
(See  Sketch  (a).) 


SKETCH  (a) 


Kcjk  is  a pylon  Mach-number  correlation  parameter  obtained  from  Figure  3.2.1.1-21b  as  a 
function  of  Mach  number. 

t is  the  maximum  pylon  thickness  (in.). 

*max 


3.2.1. 1-2 


is  the  pylon-top-chord  length  (in.)  at  the  wing-pylon  juncture.  (See  Sketch  (a).) 


CPtop 

c is  the  pylon-bottom  chord  length  (in.).  (See  Sketch  (a).) 

Plow 


Ry  is  a pylon-underside-roughness  factor  given  by 

= 3,  for  the  pylon-underside  case  (typical  of  wind-tunnel  model) 
or  for  loaded  pylons. 

Ru  = 4,  for  a rough-pylon-underside  case  (typical  of  full-scale  hardware). 

Ru  =5,  for  an  extremely  rough-pylon-underside  case,  i.e., 
containing  large  cavities. 

UPR  is  the  pylon-rack  equivalent-or.rasite-drag  area  (ftz)  given  by  Figure  3.2. 
function  of  Mach  number. 

Wing-Pylon-Mounted  Single  Store 

The  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  basic  installation  is  given  by  separate 
equations  at  discrete  Mach  numbers.  To  obtain  values  at  intermediate  Mach  numbers,  interpolation 
must  be  used. 


3.2.1. 1-b 


1.1. -22a  as  a 


For  M = 0.6: 

Dfi  = B + 5 3.2.1. l-c 

where 

B is  the  equivalent-parasite-drag  area  (ft2 ) computed  at  M = 0.90  and  given  by 

B = DjLP  + DjS  + Dj  3.2. 1 . 1-d 

where 

^ILP  is  the  equivalent-parasite-drag  area  (ft2)  of  the  installed  loaded  pylon  given  by 
Db  in  Equation  3. 2. 1.1 -a  evaluated  at  M = 0.90  and  Rt,  = 3. 

Dis  is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.90,  given  by 

Dk=S  Cn  3.2.1.1-e 

\o  IT  D 


where 

is  the  store  maximum  cross-sectional  area  (ft2 ). 


3.2.1. 1-3 


CD  is  the  isolated-store  drag  coefficient  at  zero  lift  based  on  store 
* maximum  cross-sectional  area.  This  term  can  be  provided  by  the 
user,  or  can  be  estimated  by  using  Section  4.2.3. 1 . 

D,  is  the  equivalent-parasite-drag  area  (ft2)  due  to  pylon-store-aircraft  interference 
at  M = 0.90,  given  by 

D,  =DX  + U-V-  +Eu(22.6-hp)  3.2.1.1-f 

where 

Dx  is  the  equivalent-parasite-drag  area  (ft2)  due  to  store-to-aircraft 
interference  given  by  Figuie  3.2. 1.1 -22b  as  a function  of  xAFT/c, 
where  \A  FT  and  c were  previously  defined  for  the  wing-mounted 
empty-pylc;''  case. 

U-  is  a lateral  drag  interference  factor  (ft)  obtained  from  Figure 
y 3.2. 1.1- 23a  as  a function  of  y,  the  fraction  of  wing  semispan 
location  of  the  store  station  measured  from  the  aircraft  centerline. 

V-  is  a longitudinal  drag  interference  factor  (ft)  obtained  from  Figure 

3.2.1.1- 23bas  a function  of  xAFT/c. 

Eu  is  a pylon-height  interference  factor  (ft2 /in.)  obtained  from  Figure 

3.2. 1.1-  23c  as  a function  of  xAfT/c. 

hp  is  the  average  pylon  height  (in.).  (See  Sketch  (a).) 

5 is  the  equivalent-parasite-drag  area  (ft2)  obtained  from  Figure  3.2.1.1-24  as  a function 

of  B. 


For  M = 0.8: 


Db  - B + 0.86 


where  B and  6 were  defined  previously. 
For  M = 0.9; 


Db  = B 

where  B is  given  by  Equation  3.2.1.1-d. 

For  M > 0.9,  see  Paragraphs  B and  C of  this  section. 

Wing-Pylon-Mounted  Empty  MER 

The  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  basic  installation  is  given  by 

Db  = Dilp  + Dmsb  + Djmr 


3.2.1. 1-g 


3.2.1.1-h 


3.2.1.1-i 


^1LP  is  defined  in  the  Wing-Pylon-Mounted  Single-Store  Case. 

Dmsb  *s  MER  sway-brace  equivalent-parasite-drag  area  (ft2)  obtained  from  Figure 

3.2.1.1-25  as  a function  of  Mach  number. 


D[MR  is  the  installed-MER  equivalent-parasite-drag  area  (ft2 ) given  by 


D 


1MR 


= rf  + r» 


M 


3.2.1.1-j 


where 

Rp  is  a MER  forward-longitudinal-placement  term  (ft2)  obtained  from  Figure 
M 3.2. 1.1-26  as  a function  of  xFWD/c  and  Mach  number,  where  xFWD  is  the 
distance  from  the  local  wing  leading  edge  to  the  store/pylon  nose  (in.), 
positive  for  store  nose  aft  of  the  local  wing  leading  edge.  (See  Sketch  (a).) 
The  value  of  c is  the  local  wing  chord  (in.)  at  the  particular  store  or 
pylon  station.  (See  Sketch  (a).) 

Ra  is  a MER  aft-longitudinal-placement  term  (ft2)  obtained  from  Figure 
M 3.2.1.1-27  as  a function  of  xAFT/c  and  Mach  number,  where  xAFT  was 
previously  defined  for  a Wing-Mounted  Empty-Pylon  Case.  (See 
Sketch  (a).) 


Wing-Pylon-Mounted  Fully  Loaded  MER 


The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 


^em  + 6D,S  + Dim 


3.2.1.1-k 


where 

dem  is  the  empty-MER  equivalent-parasite-drag  area  (ft2)  given  by  DB  from  Equation 

3.2.1. 1- i. 

D,s  is  the  isolated-store  equivalent-parasite-drag  area  at  M = 0.9.  (See  Equation 

3.2.1. 1- e.) 

dim  is  the  equivalent-parasite-drag  area  (ft2)  due  to  store-MER-aircraft  interference,  given 
by 


where 

M,  is  a store-MER-aircraft-interference  Mach-correlation  factor  obtained  from 
Figure  3.2.1.1-28  as  a function  of  Mach  number. 
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ze  is  the  vertically  projected  length  of  the  store  installation  on  the  aircraft 
wing  (in.).  (See  Sketch  (b).) 

dw  is  the  maximum  width  of  the  store  installation  (in.)  not  including 
protruding  fins.  (See  Sketch  (b).) 

c is  the  local  wing  chord  (in.)  at  the  particular  store  or  pylon  station.  (See 
Sketch  (a).) 


M,  is  a MER  adjacent-store  separation  factor  (ft2)  obtained  from  Figure 
1 3.2.1.1-29  as  a function  of  Mach  number  and  dc/ds , where 

dc  is  the  minimum  clearance  between  adjacent  stores.  (See  Figure 
3,2.1.1-29.) 


ds  is  the  maximum  store  diameter. 
Wing-Pylon-Mounted  Partially  Loaded  MER 
The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 


Nc 


Dem 


’M 


+ D 


FLM 


3.2.1.1-m 
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where 


r- 

k- 

f.  •. 


Hi 


A 


- »”  v 


DO 


S *» 


li- 


ft 

* 


f.-' 


M 


b- 


EM 


Ne 


5M 


was  defined  in  the  Wing-Pylon-Mounted  Fully  Loaded  MER  Case. 

is  the  total  number  of  stores  attached  to  the  MER. 

TF  is  the  tandem-stores  factor  given  by 

TP  = 1 .00  for  No  = 1 , 5 or  6 stores 
F SM 

= 1.00  for  No  =4  stores  total  with  one  store  in  tandem 

= 0.90  for  N,,  =4  stores  total  with  two  stores  in  tandem 

- 1.0  for  No  = 3 stores  total  with  one  store  in  tandem  \ 3.2.1.1-n 

= 1.10  for  No  = 3 stores  total  with  none  in  tandem 

= 0.90  for  No  =2  stores  total  with  one  store  in  tandem 

= 1.10  for  Nc  =2  stores  total  with  none  in  tandem 

‘’M 

Dflm  is  the  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  a fully  loaded  MER  given  by 
Db  in  Equation  3. 2.1.1 -k. 


Wing-Pylon-Mounted  Empty  TER 

The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 

~ ^ILP  + ^TSB  + ^ITR  3.2. 1.1-0 


where 

D 

D. 


ILP 


TSB 


D 


ITR 


is  defined  in  the  Wing-Pylon-Mounted  Single-Store  Case. 

is  the  TER  sway-brace  equivalent-parasite-drag  area  (ft2)  obtained  from  Figure 
3. 2. 1.1 -30  as  a function  of  Mach  number. 

is  the  installed-TER  equivalent-parasite-drag  area  (ft2 ) given  by 


D 


ITR 


* R.  +R. 


3.2.1 . 1 -p 


where 
R r 


is  a TER  forward-longitudinal-placement  term  (ft2)  obtained  from  Figure 
3.2.1.1-31  as  a function  of  xFWD/c  and  Mach  number,  where  xpWDand 
c was  previously  defined  for  a Wing-Pylon-Mounted  Empty-MER  Case. 
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M .f 


. J 


is  a TER  aft-longitudinal-placement  term  (ft2)  obtained  from  Figure 
T 3.2.1.1-32  (ft2)  as  a function  of  xAFT/c  and  Mach  number,  where  xAFr 
was  previously  defined  for  a Wing-Mounted  Empty-Pylon  Case. 


Wing-Pylon-Mounted  Fully  Loaded  TER 

The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 


DET  + 3D.S  + ^IT 


3.2.1.1-q 


where 

Det  is  the  empty-TER  equivalent-parasite-drag  area  (ft2)  given  by  DR  from  Equation 
3.2.1. l-o. 


DIS  is  the  isolated -store  equivalent-parasite-drag  area  (ft2)  at  M = 0.9,  given  by  Equation 
3.2.1.1-e. 


Dit  is  the  equivalent-parasite-drag  area  (ft2 ) due  to  store-TER-aircraft  interference  given 
by 


where: 


(/.  2d 

D = T f 

,T  ls\144c 


- 10  + T, 


3.2.1 . 1 -r 


T 


i 


s 


is  a store-TER-aircraft-interference  Mach-correlation  factor  obtained  from 
Figure  3.2.1.1-33  as  a function  of  Mach  number. 


ze,  dw  and  c were  previously  defined  in  the  Wing-Pylon-Mounted  Fully- 
Loaded-MER  Case. 

Tj  is  a TER  adjacent-store  separation  factor  (ft2)  obtained  from  Figure 
1 3.2.1.1-34  as  a function  of  Mach  number  and  dc/d§  where  dc  and  dg  are 

defined  in  the  Wing-Pylon-Mounted  Fully-Loaded-MER  Case. 


Wing-Pylon-Mounted  Partially  Loaded  TER 
The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by: 


where 

D£T  is  the  empty-TER  equivalent-parasite-drag  area  (ft2)  given  by  D„  from  Equation 
3.2.1. l-o.  ' ‘ 
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is  the  number  of  stores  attached  to  the  TER. 


DpLT  is  the  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  a fully  loaded  TER  given  by 
Dr  in  Equation  3. 2.1.1  -q. 

Fuselage-Tangent-Mounted  Stores 
(Two  or  More  Single  Stores) 

The  Datcom  Method  for  this  configuration  is  applicable  only  for  2 or  3 store-row  installations 
mounted  on  the  fuselage  bottom  surface,  and  for  a Mach-numbcr  range  of  from  0.6  to  0.9.  The 
following  additional  limitations  apply: 

1 . Same  number  of  stores  per  row  for  two-  or  three-row  configurations. 

2.  Constant  fuselage-station  location  for  all  stores  on  a given  row. 

3.  Constant  longitudinal  space  between  all  stores  in  tandem,  for  two-  or  three-row 
configurations. 

4.  Constant  lateral  space  between  all  stores. 

5.  Coincident  store  centerlines  for  stores  in  tandem  (maximum  number  of  stores  in 
tandem  = 3;  maximum  number  of  stores/row  = 5;  staggered  store  arrangements  not 
included). 

6.  Effective  store -diameter  range:  8.0  to  1 1 .5  inches. 

7.  All  stores  in  one  installation  must  be  identical. 

Due  to  the  nature  of  this  method,  the  zero-lift  equivalent-parasite-drag  area,  Dfi  , is  computed  for  all 
stores  taken  together.  In  order  to  be  consistent  with  the  values  of  DB  computed  by  other  methods 
in  this  section,  the  entire  group  of  stores  is  considered  to  be  one  installation. 

The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by: 

DB  = nrDFR  +DISKNt  3.2.1.1-t 

where 

nr  is  the  number  of  stores  per  row. 

D.,d  is  the  fuselage-rack  equivalent-parasite-drag  area  and  is  a function  of  the  number  of 

rR 

rows  of  stores  mounted  on  the  fuselage: 


Dfr  = ajbj  (1  row) 

3.2.1. 1-u 

W = aibi  +a2b2  (2  rows) 

3.2.1.1-v 

= Uj  bj  + a,  b2  + a3  b3  (3  rows) 

3.2.1.1-w 

3.2. 1.1-9 


at  a2>  and  a3  are  store-diameter  correlation  factors  obtained  from  Figure 

3.2.1.1- 35  as  a function  of  the  maximum  store  diameter  ds. 

bj , b^ , and  b3  are  store-row  Mach-correlation  factors  obtained  from  Figure 

3. 2. 1.1 - 36  as  a function  of  Mach  number. 


D.c  is  the  isolated-store  equivalent-parasite-drag  area  (ft2 ) at  M = 0.9,  given  by  Equation 
18  3.2.1. 1-e. 


KN  t is  a planform  and  store-location  factor  given  by 

KNI  “ lrD1KD2KD3KD4KD5KD6K"D7 


3.2.1.1-x 


where 


where 

Kc  is  a Mach-effect  factor  for  Kn  obtained  from  Figure  3.2.1. l-37aas 
a function  of  Mach  number. 

is  the  store  maximum  cross-sectional  area  (ft2 ). 

SB  is  the  maximum-fuselage  frontal  area  (ft2 ). 

Kd  is  the  wing-sweep-and-location  factor  obtained  from  Figure  3.2.1.1-37b  as 

2 a function  of  wing  leading-edge  sweep,  wing  location,  and  Mach  number. 

Kd  is  a tandem-spacing  factor  obtained  from  Figure  3. 2. 1.1 -38a  as  a function 

3 of  Mach  number  and  XQL,  'he  ratio  of  longitudinal  spacing  between 
tandem  stores  to  the  store  length. 

K„  is  a lateral-spacing  factor  obtained  from  Figure  3.2 . 1 . 1 - 38b  as  a function  of 

L)  A 

Yqd  , the  ratio  of  the  minimum  lateral  distance  (excluding  fins)  between 
stores  to  the  maximum  store  diameter. 

Kd5  and  KDfi  are  store-rows  and  stores-per-row  correlation  factors  respectively, 
obtained  by  using  Table  3. 2. 1.1 -A. 


is  a store  frontal-area  factor  given  by 


K„ 


- K„  1 + 


3.2.1 . 1 -y 
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TABLE  3.2. 1.1 -A 


Kn  AND  K-  COMPUTATION 
°6 


Correlation 

Factor 

No.  of 

Stora  Row*  or 

Storai  Par  Row 

Figure  No.  or  Valua 

K°5 

1 

Figure  3.2.1. l-  39a 

2 

Figure  3.2.1.1-39b 

3 

1.0 

Kn 

dr 

1_J 

1 

Figure  3.2.1.1-40 

2 

Figure  3.2.1  1-41a 

3 

Figure  3.2. 1.1-41b 

It  should  be  noted  that  KD  for  the  case  of  3 store  .ows  is  only  substantiated 
for  0.6  <M  <0.9.  5 

Kd  is  a store  longitudinal-location  factor  obtained  from  Figure  3. 2. 1.1  -42a  as  a 
7 function  of  Mach  number  and  xr>  the  ratio  of  the  distance  between  the 
aircraft  nose  and  the  store  nose  of  the  most  forward  store  to  the 
aircraft-fuselage  length 

Fuselage-Mounted  Empty  Pylon 

The  Datcom  Method  for  this  configuration  is  applicable  for  a pylon-frontal-area  range  of  from  20  to 
170  square  inches,  and  only  for  pylons  mounted  on  the  bottom  surface  of  the  fuselage.  The  zero-lift 
equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 


where  all  of  the  above  terms*are  defined  in  the  Wing-Mounted-Empty-Pylon  Case. 

Fuselage-Pylon-Mounted  Stores 
(Two  or  More  Single  Stores) 

The  Datcom  Method  for  this  configuration  is  subject  to  the  same  limitations  given  for  the 
Fuselage-Tangent-Mounted  Stores  Case.  Due  to  the  nature  of  the  method,  the  zero-lift  equivalent- 
parasite-drag  area,  , is  computed  for  all  stores  taken  together.  In  order  to  be  consistent  with  the 
values  of  DB  computed  by  other  methods  in  this  section,  the  entire  group  of  stores  is  considered  to 
be  one  installation.  The  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  basic  installation  is- 
given  by 


CJK 


0.04 


c_  + c 

ptop  pJow' 


(0.35  + 0.2167^) 


3.2.1.1-z 


nP^LPF  +nr^FR  + ^SD  ^PD  I ^IS 


3.2.1 . 1 -aa 


where 


n 


p 


is  the  number  of  pylons. 


is  the  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  fuselage-mounted  empty 
pylon  given  by  DB  in  Equation  3.2.1.1-z  with  Ry  = 3.0. 

is  the  number  of  stores  per  row. 

is  the  fuselage-rack  equivalent-parasite  drag-area  (ft2 ) contribution  given  by  Equations 

3.2.1.1-u,  v,  w. 

is  a store-depth  factor  obtained  from  Figure  3.2. 1.1 -42b  as  a function  of  Mach  number 
and  XQL,  the  ratio  of  longitudinal  spacing  between  tandem  stores  to  the  store  length. 

is  a pylon-depth  factor  obtained  from  Figures  3. 2. 1.1  -43a  through  -43o  as  a function 
of  Mach  number,  number  of  rows,  number  of  stores  per  row,  and  HQD  where 


h + 1.5 

p 


3.2.1.1-bb 


where 


hp  is  the  average  pylon  height  (in.). 
ds  is  the  maximum  store  diameter  (in.). 


is  a planform  and  store-location  factor  defined  by  Equation  3.2.1 .1-x. 

is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M " 0.9,  given  by  Equation 

3.2.1. 1-e. 


Fuselage-Tangent-Mounted  Single  Store 
(One  Installation) 

The  zero-lift  equivalent-parasite-drag  area  (ft2  ) due  to  the  basic  installatioft  is  given  by 

= ( 1 + K,F  ) (DpR  + DJS ) 


3.2.1 .1 -cc 


where 


is  an  installation  factor  obtained  from  Figures  3.2. 1.1 -5  la  through  -51g  for  single 
stores,  as  a function  of  Mach  number,  fuselage  bottom  surface  shape  (bottom  surface 
either  curved  or  straight),  the  maximum  depth  of  the  store  installation  measured  from 
the  bottom  surface  of  wing  z (in.),  and  the  average  pylon  height  (in.)  hp. 

is  the  pylon-rack  equivalent-parasite-drag  area  (ft2)  given  by  Figure  3 .2 . 1 . 1 -22a  as  a 
function  of  Mach  number. 

is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.9,  given  by  Equation 

3.2.1. 1-e. 
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Fuselage -Tangent-Mounted  MER 
(One  Installation) 

The  Datcom  Method  for  this  configuration  is  limited  to  a single  MER  installation  tangent  mounted 
on  the  bottom  of  the  fuselage.  The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  basic 
installation  is  given  by 

L)b  = ( 1 + K„. ) ( Dp R + 6D(S  + Dmsb  +Dmr,)  3.2. 1.  Md 

where 

K,f  is  an  installation  factor  for  tangent-mounted  stores  obtained  from  Figures  3. 2. 1.1  -64a 
through  -'54gfor  MER  installations. 

D?R  is  the  pylon-rack  equivalent-parasite-drag  area  (ft2)  given  by  Figure  3.2. 1 . 1 -22a  as  a 
function  of  Mach  number. 

DJS  is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.9,  given  by  Equation 

3.2.1.1- e. 

Dmsr  is  the  MER-sway-brace  equivalent-parasite-drag  area  (ft2)  obtained  from  Figure 

3.2.1.1- 25  as  a function  of  Mach  number. 

DMRF  is  the  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  MERrack-to-fuselage 
interference  obtained  from  Figm  ’ 3.2.1 .1-57  as  a function  of  Mach  number. 


Fuselage-Pylon-Mounted  Single  Store 
(One  Installation) 

The  Datcom  Method  for  this  configuration  is  applicable  for  a pylon-frontal-area  range  of  from  20  to 
170  square  inches,  and  only  for  pylons  mounted  on  the  bottom  surface  of  the  fuselage.  The  zero-lift 
equivalent-parasite-drag  area  (ft2 ) due  to  the  basic  installation  is  given  by 

Db  = (1  + K1F)(DPR+DIS+D1LP)  3.2.1.1-ee 


where 

KjF  is  an  installation  factor  as  defined  for  the  Fuselage-Tangent-Mounted  Single-Store 
Case,  obtained  from  Figures  3. 2. 1, 1-5 la  through  -51g. 

DpR  is  the  pylon-rack  equivalent-paiasite-drag  area  (ft2)  given  by  Figure  3.2. 1 . 1 - 22a  as  a 
function  of  Mach  number. 

DIS  is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.9,  given  by  Equation 

3.2.1.1-e. 

Dilp  is  the  equivalent-parasite-drag  area  (ft2)  of  the  installed  loaded  pylon  given  by  DB 
from  Equation  3.2. ! . 1 -z  with  R^  = 3.0. 
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Fuselage-Pylon-Mounted  MER 
(One  Installation) 

Ihe  Datcom  Method  for  this  configuration  has  the  same  limitations  as  the  previous  case.  The 
zero-lift  equivalent-parasite-drag  area  v.  .* ) due  to  the  basic  store  installation  is  given  by 

DB  ^ + KIF  ^DPR  + 6DIS  + DILP  + DMRF  + DMSB')  3.2.1.1-ff 


where 

Kjp  is  an  installation  factor  as  defined  for  the  Fuselage-Tangent-Mounted  MER  Case, 
obtained  from  Figures  3 .2. 1 . 1 -54a  through  3.2.1. 1 -54g. 

dpr  is  the  pylon-rack  equivalent-parasite-drag  area  (ft2)  given  by  Figure  3.2.1.1-22a  as  a 
function  of  Mach  number. 

DIS  is  the  isolated-store  equivalent-parasite-drag  area  (ft2)  at  M = 0.9,  given  by  Equation 

3.2. 1.1 - e. 

Dilp  is  the  installed-loaded-pylon  equivalent-parasite-drag  area  (ft2)  given  by  DB  from 
Equation  3.2. 1 . 1 -z  with  R^,  = 3.0. 

Dmrf  is  the  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  MER-rack-to-fuselage 
interference  obtained  from  Figure  3.2.1.1-57  as  a function  of  Mach  number. 

Dmsb  is  the  MER-sway-brace  equivalent-parasite-drag  area  (ft2)  obtained  from  Figure 

3.2.1.1- 25  as  a function  of  Mach  number. 

Sample  Problem 

Given:  A swept-wing  subsonic  fighter  aircraft  (Reference  2)  symmetrically  loaded  at  the  inboard 
wing  stations  with  pylon-mounted  TER’s,  each  containing  two  500-lb  bombs. 


3.2.1.1-14 


* “v  ;-v  -»  • -*■ 


Aircraft  Data:  c = 121.5  in. 
Store  Data: 


Sff  = 0.785  ft2  CD  =0.11  d. 

n * 


Installation  Data: 


Sp  » 51,3  in.2  t = 4.7  in.  c 

r pmax  P 


= 66.9  in. 


^aft  49,6  in.  Xp^o  = -10.4  in.  dc  — 3.2  in. 


ze  = 70.4  in. 


c = 66.9  in. 

plow 


dw  = 25.6  in. 


Additional  Data: 

M = 0.6 

Compute:  (Method  - Wing-Pylon -Mounted  Partially  Loaded  TER) 

Since  the  installation  is  symmetrical,  only  one  side  need  be  computed. 

/ N*r\ 

Db  ~ Det  l1 3~J  + Dflt  (Equation  3.2.1. 1-s) 

Expand  the  above  equation  to  identify  the  terms  which  need  to  be  computed: 
Det  = Dilp  + Dtsb  + Ditr  (Equation  3.2.1.  l-o) 

DFLT  = Det  + 3D,S  + Dit  (Equation  3.2.1. 1-q) 


r.-; 

Find  D1U, 

j 

XAFT 

-49.6  _ 

j 

A A A Q j 

C 

1 2 iTs  “ 

— U.4Uo  | 

j 

j 

r 5 

B*x 

= 0.106 

(Figure  3.2.1.1-20) 

1 - 

K*x 

= 0.16 

] 

(Figure  3,2.1. 1 -2 1 a ) ! 

j 

'■  i 
► * 

^CJK 

= 0.25 

(Figure  3.2.1. 1-2 1 b)  j 

dpr 

= 0.088  ft2 

(Figure  3.2.1.  l-22a)  1 

3.2.1.1-15 


-^]  Kcjk  ^1— T — J(0.35  + 0. 

' ' L ' Ptop  mow ' 


2167^) 


(Equation  3.2.1 . 1-a) 


= 0.106  + (0.16)(^|)J  j(0.25) 


(4.7)  (2)[0.35  + (0.2167)3] 
(0.04)  (66.9  + 66.9) 


+ 0.088 


= 0.160  ft2 


Find  D- 


D~cg  = 0.180  ft2  (Figure  3.2.1. 1-30) 


Find  D, 


4fwd  -10.4 


= -0.0856 


RP  = 0 (Figure  3.2.1.1-31) 


R.  = 0.300  (Figure  3.2.1.1-32) 


Ditr  = RFt  + RAt  = 0+0.300  = 0.300  ft2  (Equation  3.2.1. 1-p) 


Find  Det: 


Det  dilp  + Dtsb  + ditr 


(Equation  3.2.1.1-o) 


= 0.160  + 0.180+0.300 


= 0.640  ft2 


Find  DIg: 


DjS  - SnCD  = (0.785 )(0. 1 1 ) (Equation  3.2.1. 1-e) 


= 0.0864  ft2 


Find  Dit: 


T.c  = 0.005  (Figure  3.2.1.1-33) 


3.2.1.1-16 


t.  n 

— = 0.267 
12 


T,  = 0.40  (Figure  3.2. 1.1-34) 

‘l 


D 


= T,  [e . S _ ip)  +t  (Equation  3.2.1. 1-r) 
T s \ 144c  / li 


= 0.005 


(70.4)2(25.6) 


( 1 44)(  1 2 1 .5) 
- 0.386  ft2 


- 10 


+ 0.40 


Find  D. 


FLT  ' 


Dflt  = D£T  + 3D)S  + Djt  (Equation  3. 2.1.1 -q) 

= 0.640  + (3)  (0.0864)  + 0.386 
= 1.285  ft2 


Solution: 


N, 


Db  det  l1 


(Equation  3.2.1.1-s) 


= 0.640  H - -)+  1.285  = 1.498  ft2  (one  side) 


This  result  is  used  in  the  Sample  Problem  of  Paragraph  A of  Section  3.2.3  as  part  of  the 
total-drag-increment  computation. 

B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  transonic  speeds  with  the 
exception  of  the  following  fuselage-mounted  configurations  which  are  limited  to  M < 0.9: 

1 . Two  or  more  stores  tangent-mounted  in  single-carriage  modes. 

2.  Two  or  more  stores  pylon-mounted  in  single-carriage  modes. 

The  method  presented  in  Paragraph  A for  the  Wing-Pylon-Mounted  Single-Store  Case  requires 
additional  equations  in  the  transonic  speed  range.  Separate  equations  for  DB  are  required  at  discrete 
Mach  numbers  as  in  the  subsonic  case.  To  obtain  values  at  intermediate  Mach  numbers, 
interpolation  must  be  used. 


3.2.1.1-17 


where  B,  TA,  Sn,and  P are  defined  above. 


For  M = 1.20: 


Db=B  + TaS>  3.2.1. 1-ii 

where  B,  T.  , and  S are  defined  above. 

’A  * 7T 

The  user  is  cautioned  that  the  accuracy  of  the  method  is  less  than  that  of  the  subsonic  speed  range, 
and  test  data  should  be  used  whenever  possible. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  for  supersonic  speeds  within  the 
Mach-number  limits  specified  in  Table  3.2-A.  The  method  presented  in  Paragraph  A for  the 
Wing-Pylon-Mounted  Single-Store  Case  requires  the  following  modification  in  the  supersonic  speed 
range. 


Wing-Pylon-Mounted  Single  Store 


For  M = 1.60  to  M = 2.00: 

db  is  obtained  from  Figures  3.2. 1.1 -59a  and  -59b  as  a function  of  B + TA  S^. 

The  user  should  exercise  caution  in  extrapolating  the  method  beyond  the  specified 
Mach-number  range. 
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MACH  NUMBER,  M 


FIGURE  3.2. 1.1- 22a  PYLON-RACK  EQUIVALENT-PARASITE-DRAG  AREA 


FIGURE  3.2.1,l-22b  EQUIVALENT-PARASITE-DRAG  AREA  DUE  TO 
STORE-TO-AIRCRAFT  INTERFERENCE 


3.2.1.1-22 


FIGURE  3.2.1.1-29  MER  ADJACENT-STORE  SEPARATION  FACTOR 


3.2.1.1-30 


3.2.1.1-33 


FIGURE  3.2.1.1-34  TER  ADJACENT-STORE  SEPARATION  FACTOR 
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FIGURE  3.2.1.1-35  STORE-DIAMETER  CORRELATION  FACTORS 
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MACH  NUMBER,  M 


FIGURE  3.2. 1.1 -37b  WING-SWEEP-AND-LOCATION  FACTOR 
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FIGURE  3.2.1. 1- 39a  STORE-ROWS  FACTOR  FOR  ONE  ROW 


MACH  NUMBER,  M 


FIGURE  3.2, 1 . 1- 39b  STORE-ROWS  FACTOR  FOR  TWO  ROWS 


3.2.1.1-39 


1.4 
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MACH  NUMBER,  M 


FIGURE  3.2.1. 1-41  a STORES-PER-ROW  FACTOR  FOR  TWO  STORES  PER  ROW 


n 

f 


MACH  NUMBER,  M 


FIGURE  3.2. 1 . 1 - 41  b STORES-PER-ROW  FACTOR  FOR  THREE  STORES  PER  ROW 


2 ROWS 
4 STORES/ROW 


M = .€>-*  .8 


FIGURE  3.2.1.1-51  SINGLE-STORE  INSTALLATION  FACTOR 
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FIGURE  3.2.1.1-54  (CONTD) 


3.2.1.1-55 


FIGURE  3.2.1.1-54  (CONTD) 


3.2.1.1-56 
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3.2. 1.2  DRAG  DUE  TO  ADJACENT  STORE  INTERFERENCE 

A method  is  presented  in  this  section  for  estimating  the  zero-lift  equivalent-parasite-drag  area  due  to 
the  interference  effects  of  a pair  of  adjacent  store  installations.  When  separate  installations  are 
mounted  sufficiently  close  to  each  other,  an  interference  effect  on  drag  is  produced  which  should 
be  accounted  for  in  the  total  drag  estimate.  This  effect  may  be  either  positive  or  negative, 
depending  upon  the  relative  positions  of  the  store  installations.  The  effect  is  computed  for  each  pair 
of  adjacent  installations  on  the  aircraft.  For  example,  the  aircraft  pictured  in  Sketch  (a)  would 
require  three  computations. 


The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.2-A.  Caution  should  be  used  when  extrapolating  the  curves  beyond  the  given  Mach-number 
range.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 


A.  SUBSONIC 


DATCOM  METHOD 


The  zero-lift  equivalent-parasite-drag  area  (ft2)  due  to  the  mutual  interference  of  adjacent  store 
installations  per  pair  of  adjacent  store  installations  is  given  by  D^  where 


D.  is  obtained  from  Figures  3.2. 1.2-4a  through  -4c  as  a function  of  Mach  number,  Ys  , dw 


Tn  , and  fi 


AFT- 


where  these  terms  are  illustrated  in  Sketch  (b)  and  defined  as 


Y 


s 


is  the  minimum  lateral  clearance  (in.)  between  adjacent-store  installations 
(store  surface  to  store  surface). 


3.2. 1.2 


is  the  maximum  width  (in.)  of  the  lead-  (most  forward)  store  installation. 


du  is  the  maximum  width  (in,)  of  the  aft-store  installation. 

Tn  is  the  distance  from  the  nose  of  the  aft-store  installation  to  the  tail  of  the 

lead-store  installation  (in.) 

£aft  is  the  length  (in.)  of  the  aft-store  installation. 

It  is  necessary  to  use  interpolation  for  Mach  numbers  not  presented  in  the  figures. 


SKETCH  (b) 

Sample  Problem 


Given:  A swept-wing  aircraft  symmetrically  loaded  as  shown  in  Sketch  (b). 

Stores  Data: 

Y§  = 10  in.  dWL  = 42  in.  dw  = 40  in.  TN  = 135  in.  kAFT  = 205  in. 

Additional  Data: 

M - 0.7 


3.2. 1.2-2 


Compute:  Referring  to  Figures  3.2.1.2-4a  through  -4c,  it  can  be  seen  that  data  are  presented  for 
M = 0.6,  0.9,  and  1.2.  It  will,  therefore,  be  necessary  to  obtain  D(  at  each  of  the  three 
Mach  numbers  and  interpolate  to  obtain  the  value  at  M = 0.7. 


Compute  the  independent  variables  for  Figures  3.2.1.2-4a  througli  -4c: 


Yc 


10 


+ d. 


42  + 40 


= 0.122 


135 


fi 


Solution: 


aft  205 

At  M = 0.6 
AtM  = 0.9 
AtM  = 1.2 


= 0.659 


D,  = 0.075  ft2 
*s 

D,  - 0.460  ft2 
‘s 

D,  - 0.265  ft2 
's 


Interpolating  the  above  three  points  at  M = 


(Figure  3.2. 1 .2-4a) 
(Figure  3.2.1.2-4b) 
(Figure  3.2.1.2-4c) 


0.7  yields  D.  = 0.230  ft2 
s 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  applicable  in  the  transonic  speed  range. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  applicable  in  the  supersonic  speed 
range.  Although  no  design  curves  are  presented  beyond  M = 1.2,  the  existing  curves  can  be  cross 
plotted  and  extrapolated  to  M = 1 .6  with  reasonable  success. 
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3.2. 1.3  DRAG  DUE  TO  FUSELAGE  INTERFERENCE 

A method  is  presented  in  this  section  for  estimating  the  zero-lift  equivalent-parasite-drag  area  due  to 
the  mutual  interference  effect  of  a store  installation  and  the  adjacent  fuselage.  This  effect  is  present 
for  wing-mounted  stores  on  high-wing  aircraft  which  are  mounted  sufficiently  close  to  the  fuselage. 
The  interference  effect  on  low-wing  aircraft  is  negligible. 


The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.2-A,  with  the  following  exception:  The  method  is  valid  to  a maximum  Mach  number  of 
0.95.  The  design  curves  should  not  be  extrapolated  to  higher  Mach  numbers  due  to  the  uncertain 
nature  of  the  interference  effects.  Caution  should  be  used  in  extrapolating  the  curves  below 
M = 0.6.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

A.  SUBSONIC 


DATCOM  METHOD 

The  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  mutual  interference  of  store  installation 
and  adjacent  fuselage  is  given  by  Dif  where  DIf  is  obtained  from  Figure  3. 2. 1.3-3  as  a function  of 
Mach  number  and  the  minimum  clearance  between  the  store  installation  and  the  fuselage,  AY  (in.). 
(See  Sketch  (a).) 

Note  that  D.  = 0 for  low-wing  aircraft. 


SKETCH  (a) 


Sample  Problem 

Given:  A high-wing  aircraft  with  a pylon-mounted  single  store  as  shown  in  Sketch  (a). 
M = 0.75  AY  = 12  in. 

Solution: 

D,  « 0.290  ft2  (Figure  3.2. 1.3-3) 
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3.2. 1 .3-1 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  can  be  applied  in  the  transonic  speed  range  up 
to  a Mach  number  of  0.95.  Extrapolation  of  the  data  beyond  this  Mach  number  is  not 
recommended  due  to  the  uncertain  nature  of  the  interference  effects. 

C.  SUPERSONIC 

No  method  is  presented  to  estimate  the  fuselage-interference  effect  on  drag  in  the  supersonic  speed 
range. 


REFERENCE 

1 . Gallagher,  R.  D.,  Jimenez,  G„  Light,  L.  E.,  and  Thames,  F.  C.:  Technique  for  Predicting  Aircraft  Aerodynamic  Effects  Due  to 
External  Stores  Carriage.  AFFDL-TR-75-95,  Volumes  I and  II,  1975.  (U) 
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3.2.2  DRAGDUL  10  LIFT 

A method  is  presented  in  this  section  for  estimating  the  lift-induced  equivalent-parasite-drag  area 
due  to  an  external-store  installation.  The  method  is  applied  separately  to  each  installation 
(armament  station).  For  all  fuselage-mounted  store  installations,  the  equivalent-parasite-drag  area 
due  to  lift  is  considered  to  be  negligible. 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.2-A.  Additional  limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 

1.  The  empirical  design  curves  used  in  the  method  do  not  provide  data  below  M = 0.6, 
although  the  method  has  been  verified  for  some  cases  below  this  speed.  Caution  should  be 
used  when  extrapolating  the  curves  below  the  given  Mach-number  range. 

2.  The  method  is  not  applicable  to  wing-tip  and  wing-tangent-mounted  stores. 

3.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats  or  other 
flow-disrupting  devices  are  deployed. 

4.  The  angle-of-attack  is  from  zero  to  cruise  angle  of  attack. 

5.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data, 

6.  Tire  method  is  applicable  for  sideslip  angles  less  than  4° . 

A.  SUBSONIC 


DATCOM  METHOD 


The  store-installation  drag  due  to  lift  is  a function  of  aircraft  lift  coefficient,  wing  aspect  ratio,  and 
an  empirical  factor.  This  drag  contribution  is  negative  for  all  configurations  for  which  the  method  is 
applicable.  For  wing-pylon-mounted-store  installations,  the  equivalent-parasite-drag  area  (ft2)  due 
to  lift  is  given  by 


D = 46.875  C,  Aw  R. 

l L W i 


3.2.2-a 


where 

CL  is  the  aircraft  lift  coefficient  with  store  effects  based  on  Sw  . This  term  should  be 
obtained  from  test  data  or  can  be  estimated  using  Sections  3.1.3  and  4. 5. 1.1. 

Aw  is  the  wing  aspect  ratio,  based  on  the  total  trapezoidal  planform. 

R/  is  the  normalized,  incremental  drag  due  to  lift  obtained  from  Figure  3. 2. 2-3  as  a function 
of  z,  dw  , and  Mach  number  where 


3.2.2-1 


z is  the  maximum  depth  of  the  store  installation  (in.).  (See  Sketch  (a).) 
dw  is  the  maximum  width  of  the  store  installation  (in.).  (See  Sketch  (a).) 

It  is  necessary  to  use  interpolation  for  Mach  numbers  not  presented  in  the  figures. 


SKETCH  (a) 

Sample  Problem 

Given:  A swept-wing  subsonic  fighter  aircraft  (Reference  2)  symmetrically  loaded  at  the 
inboard-wing  stations  with  pylon-mounted  TER’s,  each  containing  two  500-lb  bombs.  This 
is  the  same  configuration  analyzed  in  the  Sample  Problem  of  Paragraph  A of 
Section  3.2.1.1 . 

Additional  Data: 


M = 0.6  a - 8°  CL  = 0.185 


A^  = 2,91  z = 38.1  in.  dw 


25.6  in. 


Compute: 


zdw  (25.6X38.1)  , 

= 1 d L = 6,77  ft2 

144  144 

R(  = -0.0025  (Figure  3. 2. 2-3) 


Solution: 


Dj  = 46.875  C,  Avy  R.  (Equation  3.2. 2 -a) 
= (46.875X0. 1 85)(2.9 1 X-0.0025 ) 

- -0.063  ft2 


This  result  is  used  in  the  Sample  Problem  of  Paragraph  A of  Section  3.2.3  as  part  of  the 
total-drag- increment  computation. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  applicable,  in  the  transonic  speed  range. 

C.  SUPERSONIC 
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The  method  presented  in  Paragraph  A of  this  section  is  applicable  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1.6.  The  user  should  use  caution  in  extrapolating  the  method  beyond  this 
speed. 
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3.2.3  TOTAL  DRAG  INCREMENT  DUE  TO  EXTERNAL  STORES 

A method  is  presented  in  this  section  for  estimating  the  total  incremental  change  in  aircraft  drag 
coefficient  due  to  external-store  installations.  The  method  predicts  the  increments  for  symmetric, 
asymmetric,  and  multiple-installation  loading  configurations.  The  total  drag  increment  is  the  sum  of 
the  incremental  drag  at  zero  lift  and  the  incremental  drag  due  to  lift.  These  components  are 
computed  in  terms  of  equivalent-parasite-drag  area  for  each  installation  by  the  methods  of 
Sections  3.2.1  and  3.2.2,  and  combined  to  obtain  the  total-drag-coefficient  increment  by  the 
method  of  this  section. 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  witu  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.2-A.  Additional  limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 

1.  The  method  has  been  verified  for  the  Mach-number  range  given  in  Table  3.2-A.  The  user 
should  use  caution  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
range. 

2.  The  method  is  not  applicable  to  wing-tip  and  wing-tangent-mounted  stores. 

3.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

4.  The  angle-of-attack  range  is  from  zero  to  cruise  angle  of  attack. 

5.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

6.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 

The  procedure  for  computing  the  total-drag-coefficient  increment  is  a summation  process  in  which 
equivalent-parasitc-drag  areas  for  each  store  installation  (armament  station)  are  added  together  and 
divided  by  the  wing  reference  area.  Zero-lift-drag  contributions  are  computed  by  the  methods  of 
Section  3.2.1.  These  include  contributions  of  the  basic  installation  (computed  in  Section  3. 2. 1.1), 
adjacent-store  interference  (computed  in  Section  3. 2. 1.2),  and  fuselage  interference  (computed  in 
Section  3. 2. 1.3).  Drag-due-to-lift  contributions  are  computed  in  Section  3.2.2. 

A.  SUBSONIC 


DATCOM  METHOD 


The  total-aircraft  drag-coefficient  increment  due  to  external-store  installations  and  based  on  wing 
reference  area,  Sw  , is  given  by 


AC,  - J 


'w 


E (D»>.+  ENc  E K),+  E (D‘! 

j=l  k=0  2=0  m=l 


n 


3.2.3-a 


3. 2. 3-1 


where 


Sw  is  the  aircraft  wing  reference  area  (ft2 ). 

Nj  is  the  total  number  of  store  installations  on  the  aircraft. 

(DB)j  is  the  zero-lift  equivalent-parasite-drag  area  (ft2)  at  installation  j,  computed  in 
Section  3.2. 1.1. 

Np  is  the  total  number  of  pairs  of  adjacent-store  installations  carried.  (See  Sketch  (a).) 


/Dj  \ is  the  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  mutual  interference  of 
' S'K  adjacent-store  installations  for  pair  k,  computed  in  Section  3. 2. 1.2. 

Np  is  the  number  of  store  installations  adjacent  to  the  fuselage. 

(Dj  \ is  the  zero-lift  equivalent-parasite-drag  area  (ft2 ) due  to  the  mutual  interference  of 
store  installation  8 and  adjacent  fuselage,  computed  in  Section  3.2.1 .3. 

(Dj)m  is  the  drag-due-to-lift  equivalent-parasite-drag  area  (ft2)  at  installation  m,  computed 
in  Section  3.2.2. 

Reference  1 states  that  prediction  errors  for  store  incremental-drag  are  nominally  10  to  15  percent, 
resulting  in  an  overall  accuracy  within  5 percent  of  the  total-aircraft-drag  coefficient.  A comparison 
of  test  data  with  results  calculated  by  this  method  is  provided  in  Table  3-2.3-A.  Additional 
comparisons  of  test  and  calculated  results  are  found  in  Reference  1 . 


3. 2. 3-2 


Sample  Problem 


Given:  A swept-wing  subsonic  fighter  aircraft  (Reference  2)  symmetrically  loaded  at  the 
inboard-wing  stations  with  pylon-mounted  TER’s,  each  containing  two  500-lb  bombs.  This 
is  the  same  low-wing  configuration  presented  in  the  Sample  Problems  of  Paragraph  A of 
Section  3.2.1 . 1 and  Paragraph  A of  Section  3.2.2. 

Additional  Characteristics: 


M = 0.6  Sw  = 260  ft2 

(Additional  geometric  data  are  provided  in  the  Sample  Problems  of  Sections  3. 2. 1.1  and 
3.2.2.) 

DB  = 1.498  ft2  (1  side)  (Sample  Problem,  Paragraph  A,  Section  3. 2.1.1 ) 

D;  = -0.063  ft2  (1  side)  (Sample  Problem,  Paragraph  A,  Section  3.2.2) 

D,  =0  (low-wing  configuration) 

f 

Compute: 


Nj  =2  (two  store  installations) 

Np  = 0 (No  pairs  of  adjacent  store  installations) 
NF  = 2 


Solution: 


*c„  - -r  i 


I _ p ’ t-  i 

X (Dfi)i+  X(D‘s)k+  X (D,f)E+  X (Di>m  (Equation  3.2.3-a) 

j=l  k~l  8=1  m=l  1 


Expanding  and  noting  that  Np  - 0 and  = 0, 


ACr 


[(DB\  +(Db)2  +(D,)j  + (Dj )2  ) 


Jw 


— [2D3  +20^  (symmetrical  installations) 

sw 


= r— r [(2)(1 .498)  + (2)(— 0.063)] 
260 

= 0.0110 


3. 2.3-3 


Values  of  ACD  at  other  Mach  numbers  are  shown  in  comparison  to  test  data  from  Reference  2 in 
Sketch  (b). 


SKETCH  (b) 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
user  is  cautioned  that  due  to  the  difficulties  of  predicting  drag  in  the  transonic  region  (especially 
interference  effects),  the  method  is  generally  less  accurate  than  in  the  subsonic  and  supersonic  speed 
ranges. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  the  Mach-number  limits  indicated  in  Table  3.2-A.  Caution  should  be  used  when  extrapolating 
data  fiom  the  figures  beyond  the  given  Mach-number  range  since  the  method  has  not  been 
substantiated  beyond  these  limits. 
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TABLE  3.2.3-A 


SUBSONIC  EXTERNAL-STORE  DRAG 
DATA  SUMMARY  AND  SUBSTANTIATION 
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3.3  EFFECT  OF  EXTERNAL  STORES  ON  AIRCRAFT  NEUTRAL  POINT 

Methods  are  presented  in  this  section  for  estimating  the  incremental  shift  in  aircraft  neutral  point 
d'..e  to  external-store  installations.  By  computing  a neutral-point  shift  due  to  external  stores,  the 
methods  are  actually  indicating  a stability  change  in  terms  of  a change  in  slope  of  the  CM  - CL 
curve.  For  most  configurations  the  effect  of  store  loadings  is  to  destabilize  the  basic  aircraft, 
although  some  loadings  can  result  in  a stabilizing  tendency.  The  methods  are  taken  from 
Reference  1 and  are  empirical  in  nature. 

Section  3.3  is  subdivided  as  follows: 

Section  3.3.1  Neutral-Point  Shift  Due  to  Lift  Transfer  from  Clean  Aircraft. 

Section  3.3.2  Neutral-Point  Shift  Due  to  Interference  Effects  on  Wing  Flow  Field. 

Section  3.3,3  Neutral-Point  Shift  Due  to  Change  in  Tail  Effectiveness. 

Section  3.3.4  Total  Neutral-Point  Shift  Due  to  External  Stores. 

The  total  neutral-point  shift  is  the  sum  of  the  shifts  computed  by  the  methods  of  Sections  3.3.1, 
3.3.2,  and  3.3.3. 

The  Datcom  Methods  are  applicable  to  aircraft  of  conventional  design  and  essentially  symmetrical 
store  shapes  with  no  major  shape  protuberances.  The  methods  are  limited  to  the  store-loading 
configurations  and  Mach-number  range  presented  in  Table  3.3-a.  The  methods  are  applicable  to 
mixed  loading  configurations  obtained  by  combining  two  or  more  loadings  specified  in  Table  3.3-A. 
The  methods  are  subject  to  additional  limitations  specifically  noted  in  each  of  the  sections  that 
follow. 


TABLE  3.3-A 


LOADING  AND  FLIGHT  CONDITION  LIMITATIONS 


Mounting 

Carriage 

— 

Mach 

Number 

CL 

Location 

Mode 

Carriage  Reck 

Range 

Range 

Single 

Pylon 

0.6  -*  2.0 

MER  - Fully  Loaded 

Wing 

Multiple 

MER  - Partially  Loaded 

TER  - Fully  Loa  sd 

TER  - Partially  Loaded 

0.6 -r  1.6 

CN 

6 

t 

o 

Single 

Pylon 

Fuselage 

(Centerline) 

Tangent  Mounted 

Multiple 

Pylon  + MER 

Tangent  MER 
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3.3,1  NEUTRAL-POINT  SHIFT  DUE  TO  LIFT  TRANSFER  FROM  STORE 
TNSTALLATION  TO  CLEAN  AIRCRAFT 

A method  is  presented  in  this  section  for  estimating  the  neutral-point  shift  due  to  the  transfer  of  the 
lifting  characteristics  from  the  external-store  installations  to  the  clean  aircraft.  The  metho,d  predicts 
a neutral-point  shift  due  to  all  installations  (armament  stations)  on  the  aircraft.  Wing-flow-field 
interference  and  horizontal-tail  effects  are  not  included  in  this  section  (see  Sections  3.3.2  and 
3.3.3). 

The  Datcom  Method  is  taken  from  Reference  1 and  is  basically  theoretical  in  concept  with 
empirically-determined  factors  and  coefficients.  The  method  is  applicable  to  aircraft  of  conven- 
tional design  and  essentially  symmetrical  store  shapes  with  no  major  shape  protuberances.  The 
limitations  on  configuration  and  Mach-number  range  are  summarized  in  Table  3.3-A,  Additional 
limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 

1 . The  method  is  not  applicable  to  wing-tip  or  wing-tangent-mounted  stores. 

2.  The  method  has  been  verified  for  the  Mach-number  range  given  in  Table  3.3-A.  Caution 
should  be  used  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
range. 

3.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats  or  other 
flow-disrupting  devices  are  deployed. 

4.  The  method  gives  the  best  results  for  an  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  for  higher  angles  of  attack. 

5.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

6.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 

7.  Fuselage-mounted  installations  must  be  located  on  the  fuselage  centerline. 

8.  The  method  is  not  applicable  to  empty  multiple  racks. 

9.  The  effect  of  empty  pylons  on  neutral  point  is  considered  to  be  negligible. 

The  effect  due  to  a pair  of  symmetrical  installations  can  be  computed  by  doubling  the  effect  of  one 
side. 

A.  SUBSONIC 


DATCOM  METHOD 


2 1 The  neutral-point  shift  in  inches,  positive  for  aft  shift,  due  to  the  transfer  of  lift  from  the  store 

C-;  . . . installations  to  the  clean  aircraft  is  given  by 

i„  ' ’ 

I .’ 

r 1 


N,  1 


L E S VN'H 


i=i  j=i 


3.3. l-a 


Cl<.wb  * 22  22  \ \s 

W8  i=1  j=i  bij 


where 


is  the  total  numbei  of  store  installations. 


is  the  store-installation  number. 

is  the  number  of  store  stations  on  installation  i (including  empty  stations). 


is  the  store  number  on  installation  i. 


is  the  free-stream  lift-curve  slope  of  store  j on  installation  i given  by 


V = it  [(cOJkn»HcOJ 


3.3.1-b 


where 


Sy  is  the  aircraft  wing  reference  area  (ft2 ). 

/CL  \ is  the  store-body  lift-curve  slope  (per  deg)  obtained  from  Figure 
\ a/SB  3,3,1-16  as  a function  of  store-body  planform  area,  Sp  (in.2). 


is  a nose-shape  parameter  given  by 


Knb  = 1.0  for  0n  <22° 


3.3. 1-c 


(0  - 22) 

Knb  = 1.0  + 0.65  for  22°  < #n  < 90°  3.3.l-d 


where 


d is  the  store-nose  half-cone  angle  (deg). 


is  the  store-fin  lift-curve  slope  (per  deg)  given  by 


= (0.191)(10-6)(Be)2 


3.3.1-e 


3.3. 1-2 


where 


Bc  = 0 for  bF  <ds  3.3.1-f 

Be  = bF  — dc  for  bp  > ds  3.3. 1 -g 

where  bp  and  ds  are  the  store-fin  span  and  maximum  store  diameter 
(in.),  respectively. 

is  the  distance  (in.)  from  the  leading  edge  of  the  mean  aerodynamic  chord  c,  to  the 
point  midway  between  the  mounting  lugs  of  the  installed  store  for  store  j on 
installation  i,  positive  in  the  aft  direction.  (See  Sketch  (a).) 


is  the  wing-body  aerodynamic-center  location  of  the  clean  aircraft  measured  from 
the  leading  edge  of  the  wing  mean  aerodynamic  chord  (in.).  (See  Sketch  (a).)  This 
value  should  be  obtained  from  test  data  or  estimated  by  using  Section  43.2.2. 


CL  is  the  wing-body  clean-aircraft  lift-curve  slope  (per  deg)  obtained  from  test  data  or 

“wb  estimated  by  using  Section  4. 3. 1.2. 

Ks  is  an  empirical  factor  related  to  installation  type,  mounting  position,  and  Mach 

1J  number  and  is  specified  as  follows: 


1 . Wing-Pylon-Mounted  Single  Store: 

In  this  case  n « =1  and  hence  j = 1 . 
si 

^S>j  Fl  (*SNii’  Fr)  + F2(^SNjj’  Z'j’  Fk)  ' = l’  ‘ * ^1 


3.3.1-h 


where  F^xSN  FRj  is  a parameter  based  on  store  longitudinal  placement  and 

fin-area  ratio  obtained  from  Figure  3.3.1-17. 

where 


XsNu 

*sN.  = for  j = 1 3.3.1-i 

■J  C;. 


where 

xsn.  ‘s  the  di^ance  from  the  local  wing  leading  edge  to  nose  of 

1J  store  j on  installation  i,  positive  in  the  aft  direction 
(in.).  (See  Sketch  (b).) 


Cy  is  the  local  wing  chord  at  the  semispan  location  of  store 

j on  store  installation  i,  (in.).  (See  Sketch  (b).) 


3.3. 1-4 


Fr  is  given  by 


s,. 

fr  "i 

Op 

3.3.  H 

where 

sK 

is  the  store-fin  area  projected  onto  a 
(in.2). 

horizontal  plane 

sP 

is  the  store-body  planform  area  (in.2  ). 

;SNU’  Zij>  Fr) 

1 is  given  by 

SN  jj  ’ Zij>  Fr) 

1 = F21  (XSNjJ  F22^ij^  F23^FR  ^ 

3.3. 1-k 

where 

is  a store  longitudinal-placement  factor  obtained  from  Figure 

3.3.1- 18a  where  XSN  is  given  by  Equation  3.3.1-i. 

0 

F22(Zj.)  is  a store  vertical-placement  factor  obtained  from  Figure 

3.3. 1- 1 8b  where  z(j  is  obtained  from 

Z-. 

zij  = — for  j = 1 3.3. 1-8 

where 

is  the  vertical  distance  from  the  average  wing  lower 
surface  location  to  the  centerline  of  store  j on 
installation  i,  positive  in  downward  direction  (in.). 
(See  Sketch  (b).) 

c^  is  the  local  wing  chord  at  the  semispan  location  of 
store  j on  store  installation  i (in.).  (See 
Sketch  (b).) 

F23(Fr)  is  a store-fin  area-ratio  factor  obtained  from  Figure  3.3.1-19a 
where  FR  is  given  by  Equation  3.3. 1 -j. 

2.  Wing-Pylon-Mounted  TER  (For  TER  installations  it  is  essential  that  the  store 
stations  be  identified  in  the  same  manner  as  indicated  in  Sketch  (c).) 


21 


rsNij) 


Ks-  = Fi(*SN..)  + F2<M>i>  J=  1,2,3 


3.3. 1-m 


where 


F'i^sn  j is  a store  longitudinai-placement  parameter  for  TER  carriage 
' obtained  from  Figure  3.3. 1-1 9b  where  xSN  is  given  by  Equation 

3.3. 1-i.  ‘J 

F2(M,j)  is  the  TER  Mach  and  store-station  effect  parameter  obtained  from 
Figures  3.3.1-20a  through  -20c  as  a function  of  Mach  number  and 
TER  store-station  number,  j,  where  j refers  to  the  TER  station 
number  defined  in  Sketch  (c). 


3.  Wing-Pylon-Mounted  MER  (For  MER  installations  it  is  essential  that  the  store 
stations  be  identified  in  the  same  manner  as  indicated  in  Sketch  (d).) 


. Zjj.  M)  +F3(M,j) 


3.3.1-n 


where 

Fj  /xSN  \ is  a store  longitudinal-placement  parameter  for  MER  carriage 
' ij'  obtained  from  Figure  3.3.1-21  where  xSN  is  given  by  Equation 
3.3. 1-i.  ij 


f2(xsn..»  zij> M) is  siven  by 

^2^^SNjj’  ^ij’  ^ ” ^21  .J  ^22  **23 


where  z-  is  defined  by  Equation  3.3.1-C,  and 


3.3.1 -o 


3.3, 1-6 


F^i  (*sn  ) *s  a MER  store  longitudinal- placement  factor 
\ obtained  from  Figures  3.3.1-22a  and  -22b. 

F22(Zij)  is  a MER  store  vertical-placement  factor  obtained 
from  Figures  3.3.1-23aand  -23b. 

F23  (M)  is  a MER  Mach-effect  factor  obtained  from  Figures 
3.3.1-24a  and  -24b. 


F3(M,j)  is  the  MER  Mach  and  store-station  effect  parameter  obtained  from 
Figures  3.3.1-25a  through  -25 f as  a function  of  Mach  number  and 
MER  store-station  number,  j,  where  j refers  to  the  MER 
store-station  number  defined  in  Sketch  (d). 


TOP  VIEW 
SKETCH  (d) 


4.  Fuselage-Centerline-Mounted  Single  Carriage 


In  this  case  n,j  = 1 and  hence  j = 1 


3.3.1 


5.  Fuselage-Centerline-Tangent-Mounted  MER  (For  fuselage  MER  installations, 
use  the  right  wing  numbering  scheme  of  Sketch  (d)  for  numbering  the  store 
station  locations.) 

Ks  = Is  [F1(M)  + F2(M,j)]  (j  = 1,2,  3,  4,  5,  6)  3.3. 1-q 

where  j coincides  with  the  MER  station  number  defined  by  Sketch  (d). 

For  j =1,2 

Is  = 1.0  3.3.1-r 


For j = 3, 4, 5, 6 

Is  is  a neutral-point  correlation  factor  for  stores  on  a MER  installation 

j obtained  from  Figure  3.3.  l-27a  as  a function  of  dwing/cr  where  dwjn 

is  the  distance  (in.)  from  the  fuselage  lower  surface  at  the  store 
midpoint  to  the  average  wing  lower  surface  at  the  wing  root  and  cr  is 
the  wing  root  chord  (in.). 

Fj  (M)  is  a MER  Mach-effect  factor  for  fuselage-tangent-mounted  installa- 
tions obtained  from  Figure  3. 3.1 -27b  as  a function  of  Mach  number. 

F2(M,j)  is  a MER  Mach  and  store-station  effect  parameter  for  fuselage- 
tangent-mounted  installations  obtained  from  Figures  3. 3.1 -28a 
through  -28d  as  a function  of  Mach  number  and  MER  station,  j. 

6.  Fuselage-Centerline-Pylon-Mounted  MER  (For  fuselage  MER  installations,  use 
the  right  wing  numbering  scheme  of  Sketch  (d)  for  numbering  the  store  station 
locations.) 

For  j = 1,3,5  where  j arc  the  MER  stations  defined  in  Sketch  (d), 

= L F.  (M)  3.3.1-s 

•j  ^ 1 


where 

ls  is  defined  for  Configuration  5. 

Fj  (M)  is  a MER  Mach-effect  factor  for  fuselage-pylon-mounted  installations 
obtained  from  Figure  3.3.1-30a  as  a function  of  Mach  number  and 
MER  station,  j. 


For  j = 2 


K-  = F,(M)  3.3.1-t 

!>(]  I 

where 

Fj  (M)  is  obtained  from  Figure  3.3. 1 -45b 
For  j = 4,  6 


KSjj  = JSj  lFt  (M)  -H  F2(M,  j))  3.3. 1-u 


where 

L is  defined  for  Configuration  5. 

sj 

Fj  (M)  is  a MER  Mach-effect  factor  for  fuselage-pylon-mounted  installations 
obtained  from  Figure  3.3,l-30bas  a function  of  Mach  number  and 
MER  station,  j. 

F2(M,  j)  is  a MER  Mach  and  store-station  effect  parameter  for  fuselage-pylon- 
mounted  installations  obtained  from  Figure  3.3.1-31  as  a function  of 
configuration  and  Mach  number. 

Sample  Problem 

Given:  A swcpt-wing  subsonic  fighter  aircraft  from  Reference  2,  symmetrically  loaded  as  follows: 


INSTALLATION 
NO.  i 


2 3 4 5 

FRONT  VIEW 


3. 3.1-9 


SpanwiM 

Station 


Cantarlina 


Inboard  Wing 


Outboard  Wing 


Mounting 


Pylon 


Pylon 


500-lb  Bomb 


500-lb  Bomb 


500-lb  Bomb 


Aircraft  Data: 

S*  = 260  ft2 


d . =0 

wing 


C = 129,6  in* 

v.  = 33-05  in- 


cf  - 186  in. 


CL  = 0.060  per  deg 


Wing  Semiipan 

Cii 

i 

i 

Station,  y..  (in.) 

1 

(in.) 

i— 

1,6 

1 

113,75 

87.8 

2,4 

2 

87.00 

111.0 

2,4 

1 

78.80 

119.0 

Isolated-Store  Data: 


ds  = 12.0  in. 


bF  = 14.7  in. 


Store  Installation  Data: 


Installation 
Number,  i 


Store  No 

i 


Sp  = 700  in. 


K - 17° 


SF  = 94  in  2 


Additional  Data: 

M = 0.6 


a = 8° 


3.3.1-10 


Compute: 


To  identify  the  terms  that  need  to  be  computed,  expand  Equation  3.3.1 -a  for  the  N,  store 
installations  and  nSi  stores  on  each  installation.  Since  the  aircraft  is  symmetrically  loaded  with 
respect  to  the  fuselage  centerline,  installations  1 and  5 are  identical,  as  are  2 and  4.  Therefore, 
it  is  only  necessary  to  compute  the  terms  (in  Equation  3.3. 1-a)  for  installations  1 and  2,  and 
then  double  their  values.  The  results  are  then  added  to  the  terms  for  installation  3.  The  indices 
for  the  summation  process  are  summarized  in  the  table  below: 


1 

"*i 

Actual  Store  Stations 

Loaded  on  Installation  i 

1 

1 

i - 1 

2 

3 

i - 1,  2 

3 

6 

j = 2,  3,  4,  5,  6 

Note  that  for  i = 2,  station  3 is  not  loaded  and  for  i = 3,  station  1 is  not  loaded.  Therefore, 
terms  for  these  locations  are  set  equal  to  zero. 

Axn  p ^ numerator  (from  Equation  3.3. 1-a): 

N,  "si 

H H \ \ (\  ■ x“  ) = 

i=i  j=i  1J 

2 [K$> ' S„  K " Vc) + Ks”  Cl%1  N - v,) 

+ Sz  Cl«s  (Xs22  _ + ^32  Cl«s  (Xs32  “ X*-c) 

b22  b32 

+ KS  C,  /xq  -x.  Ul  C,  (x-  - x.  \ 

S33  L«q  \ S33  a,<7  S34  La<,  \ S34  a,c7 

b33  s34 

+ Ks35  CL«,  (XS35  “ Xa'c)  + Ks36  CLac  (**36  “ ***•) 


Ax  denominator  (from  Equation  3.3. 1-a): 

n.p.j 


NI  si 


:L  + ks  cL 

aUIC  * AmmJ  ij 


i=l  j-t 


3.3.1-11 


For  Installation  1 (Wing-Pylon-Mounted  Single  Store) 

XsNll  -23.2 

*SNU  - — 87  8~  = _0,264  (Equation  3.3. 1-i) 


„ SK 

94 

FR  ~ s ~ 

TOO  * a'34 

(Equation  3.3. 1-j) 

zn 

17.6 

zn  “ 
cn 

—s  - a20° 

(Equation  3.3.  l-£) 

Fi(Xsnu’FR 

) = -0.035 

(Figure  3.3.1-17) 

F2l(SSNH)  = 

1.70 

(Figure  3.3. 1-1 8a) 

F22(zn)  = 0 v (Figure  3.3. 1-1 8b) 

F23(Fr)  = -0.53  (Figure  3.3. 1-1 9a) 

F2  (*snh  >zn >Fr)  = F2i  (^SNn)^22^n  (Equation  3.3.1  -k) 

= (1 ,70)(0)(— 0.53)  = 0 

Ksn  * Fi(Xsnu’Fr)  +F2(Xsnu>  zn>  fr)  (Equation  3.3. 1-h) 

= -0.035  + 0 = -0.035 

(CL  ) = 0.161  x 10“ 3 per  deg  (Figure  3.3.1-16) 

' “'SB 

Kj^b  = EO  (Equation  3.3. 1-c,  dn  < 22°) 

Be  = bF  - ds  = 2.70  (Equation  3.3.1 -g,  bF  > ds) 

(CL  ) = (0.19l)(10-6)(Be2)  (Equation  3.3. 1-e) 

\ a/SF 


3.3.1-12 


P V 

t.--: 


P 


M 


s 

p ■- 

IV-: 

i 

i.- 

t: 


!:S 

irx . 

ti 

fi 

F“T 


PI 


v ; 

■ 


ft 


N 

>— « 

L‘- 

[/•\  ■ 


c. 


“s 


1 1 


= (0.191  x 10_6)(2.7)2 
= 1 .392  x 1 0-6  per  deg 
37  S r 

= ?-  (c>  ) knb  + (cl  ) 
bW  v a/SB  ' “4k 


(Equation  3.3.1  -b) 


375 


260  f(0-161  x 10~  )d)  + 1.392  xlO-®J 
= 0.000233  per  deg 

Noting  that  all  stores  are  identical  in  this  problem, 

CL  = 0.000233  per  deg  for  all  i,  j. 

“Sii 

For  Installation  2 (Wing-Pylon-Mounted  TER) 


\sn 


21  -21.7 


'SN 


21 


21 


119.0 


= 0. 182 


(Equation  3.3. 1-i) 


'SN 


22  -30.0 


'SN 


22 


= -0.270 


111.0 

^1(^SN2l)  = °-280  (centerline  sta.,i  = 1) 
Fi(*sn22)  = 0.7 10  (shoulder  sta.J  = 2) 

F2 (M, j)  = 0forj=l  (Figure  3.3. l-20a) 

F2(M,j)  = 0 for  j = 2 

\ ’ fi(5esnu)+fi(M.J) 


(Figure  3.3. 1-1 9b) 


(Figure  3.3.1 -20b) 

(Equation  3.3. 1-m) 


Ks2[  = 0.280  + 0 = 0.280 


Ks22  = °-7l0  + 0 = 0.710 


For  Installation  3 (Fuselage-Centerline-Pylon-Mounted  MER) 

There  are  five  stores  on  this  installation,  therefore  determine  Ks  = Ks  where  j = 2,  3,  4,  5,  6 


s'i  J's3j 


3.3. M3 


. ^ \ l Xxl 


For  j = 2 

Fj(M)  = 0.45  (Figure  3.3.1 -30b) 

Ks  = F.  (M)  (Equation  3.3. 1-t) 

ij 

K«  = 0.45 

*32 

For  j = 3,  5 

^wing  0 

y i?6 _ 

Is  = 0 for  j = 3,  5 (Figure  3.3.1 -27a) 

Fj(M)  = 0.042  (Figure  3.3. l-30a) 

K = Is  F.(M)  (Equation  3.3.1 -s) 

•j  j 

K-  * 1C  = (0X0.042)  = 0 

S33  *35 

For  j ~ 4, 6 

Is  = 0 for  j - 4,  6 (Figure  3.3.1-27a) 

Fj(M)  = 0.45  for  j = 4,  6 (Figure  3.3.1-30b) 

F2(M,j)  = 0 for  j = 4,  6 (Figure  3.3.1-31) 

Ks  = L [F,  (M)  + F2(M,  j)]  (Equation  3.3.1 -u) 

•j  j 

Ks34  = Ks36  = (0>l0-45  + 01  = 0 

Substituting  into  the  Axn  p ^ numerator: 

Ni  "’i 

y:  Ksr  cl  (’‘Sjj-^.c.)  = 2 [ (-0.035)(0.000233)(61.2  - 33.C 

° r (0.280)(0.000233)(3 1.7  - 33.05) 

+ (0.7 1 0)(0.000233)(3 1 .7  - 33.05) 


3.3.1-14 


+ (0.45)(0.000233)(-22.4-  33.05) 


= -0.006896 


Substituting  into  the 


denominator: 


0.060  + 2 [(-0.035X0.000233)  + (0.28)(0.000233) 
+ (0.710)(0.000233)1  + (0.45)(0.000233) 


= 0.06055 


Solution: 


a - Numerator  -0,006896 
Xn.p.j  Denominator  0.06055 


-0.1 14  in. 


The  calculated  values  of  Ax  „ are  summed  with  Axn  _ and  Axn  „ (computed  in  Sections 

it.p.j  n»P‘2  n*P*3 

3.3.2  and  3.3.3,  respectively)  in  the  Sample  Problem  of  Section  3.3.4  to  obtain  the  total  shift  in 
neutral  point. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
expected  accuracy  of  the  method  is  less  than  that  in  the  subsonic  speed  range. 


C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1.6  to  2.0  as  indicated  in  Table  3.3-A.  The  maximum  Mach  number  provided 
in  the  figures  should  indicate  the  level  to  which  the  method  is  substantiated.  Caution  should  be  used 
when  extrapolating  the  data  beyond  the  Mach  range  provided  in  the  figures. 
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FIGURE  3.3.1-16  STORE-BODY  LIFT -CURVE  SLOPE 


FIGURE  3.3. 1- 18a  STORE  LONGITUDINAL-PLACEMENT  FACTOR  FOR 
WING-PYLON-MOUNTED  SINGLE  STORES 
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FIGURE  3. 1.1-1 8b  STORE  VERTICAL-PLACEMENT  FACTOR  FOR 
WING-PYLON  MOUNTED  SINGLE  STORES 


3.3.1-18 
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FIGURE  3.3.1-19a  STORE-FIN  AREA- RATIO  FACTOR  FOR  WING-PL YON-MOUNTED 
SINGLE  STORES 


FIGURE  3.3. 1-1 9b  STORE  LONGITUDINAL-PLACEMENT  PARAMETER  FOR  TER  CARRIAGE 


3.3.1-19 


FIGURE  3.3.1-21  STORE  LONGITUDINAL-PLACEMENT  PARAMETER  FOR  MER  CARRIAGE 


FIGURE  3.3.1-22  STORE  LONGITUDINAL-PLACEMENT  FACTOR  FOR 
MER  CARRIAGE 
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F3(M,j) 


F3(M,  j) 


MACH  NUMBER,  M 
(e) 


MACH  NUMBER,  M 


Fj(M,  j) 


MACH  NUMBER,  M 


FIGURE  3.3.1-25  (CONTD) 


3.3.1-26 
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FIGURE  3.3.1-27a  MER  INSTALLATION  NEUTRAL-POINT  CORRELATION 
FACTOR 
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MACH  NUMBER,  M 


FIGURE  3.3.1-28  MER  MACH  AND  STORE-STATION  EFFECT  PARAMETER  FOR 
FUSELAGE-TANGENT-MOUNTED  INSTALLATIONS 


3.3.1-28 


MACH  NUMBER,  M 


FIGURE  3.3,1-30  MER  MACH  EFFECT  FACTOR  FOR  FUSELAGE 
PYLON-MOUNTED  INSTALLATIONS 


3.3.1-30 
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3.3.2  NEUTRAL-POINT  SHIFT  DUE  TO  INTERFERENCE  EFFECTS  ON  WING  FLOW  FIELD 

A met huit  is  presented  in  this  section  for  estimating  the  neutral-point  shift  due  to  interference 
effects  on  the  wing  tlow  field  from  external-store  installations.  The  method  predicts  a neutrai-point 
shift  due  to  all  installations  (armament  stations)  on  the  aircraft. 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3,3-A.  Additional  imitations  and  assumptions  pertaining  to  the  method  are  listed  below; 

1.  The  method  is  not  applicable  to  wing-tip  or  wing-tangent-mounted  stores. 

2.  The  method  has  been  verified  for  the  Mach-number  range  given  in  Table  3.3-A.  Caution 
should  be  used  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
range. 

3.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats  or  other 
flow-disrupting  devices  are  deployed. 

4.  T he  method  gives  the  best  results  for  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  fur  higher  angles  of  attack. 

5.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tacticul- 
combat-uircruft  wind-tunnel  data. 

6.  The  method  is  applicable  for  sideslip  angles  less  than  4°, 

7.  Fuselage-mounted  installations  must  be  located  on  the  fuselage  centerline. 

8.  The  method  is  not  applicable  to  empty  multiple  racks. 

9.  The  effect  of  empty  pylons  on  neutral  point  is  considered  to  be  negligible. 

The  effect  due  to  a pair  of  symmetrical  installations  can  be  computed  by  doubling  the  effect  of  one 
side. 


A.  SUBSONIC 


DATCOM  METHOD 

The  neutral-point  shift  in  inches,  positive  foi  att  shift,  due  to  wing  flow-field  interference  effects  is 
given  by 


Ax 


n.p., 


3.3.2-a 


3.3. 2-1 


where 


V'  - 


I 


K'!- 


N ' ■ 

>4 

* v* 


N 


sw 


N 


I 


is  tl  ..  ng  reference  area  (ft2 ). 

is  the  total  number  of  store  installations  on  the  aircraft. 

is  the  number  of  store  stations  on  installation  i (including  empty  stations). 

is  the  free-stream  lift-curve  slope  of  store  j on  installation  i (per  deg)  given  by 
Equation  3.3. 1-b. 


is  a parameter  related  to  configuration: 


1 . For  Wing-Pylon  Single  Carriage : 


= 20 


s. 


3.3.2-b 


2.  For  Wing-Pylon  M R and  TER  Carriage,  and  Centerline  Single  Carriage: 


«S.  = 10 


3.3.2-c 


3.  For  Fuselage-Centerline  MER  Carriage: 


«s.  = 17-4 


3.3.2-d 


Ax'n  „ is  a neutral-point  basic-interference-effect  term  obtained  from  Figures  3.3. 2-6a 
through  -6d  as  a function  of  configuration  and  Mach  number. 


n.p.2 


Kj  is  a span-location-correction  factor  obtained  from  Figures  3.3.2-  8a  through  - 8c  as 

Vi 

a function  of  configuration  and  where  y.  is  the  wing  semispan  location  of 

bw/2 

installation  i and  bw  is  the  wing  span. 


Note:  For  fuselage-mounted  installations,  K(  = 1. 


K2  is  a longitudinal-correction  factor  obtained  from  Figure  3.3.2- 9a  through -9d  as  a 

function  of  XMLj/Cj,  where  xmlj  *s  the  distance  (in.)  from  the  local  wing  leading 
edge  to  the  point  midway  between  the  pylon  mounting  lugs  on  installation  i 
(positive  for  the  pylon  mid-lug  point  aft  of  the  local  wing  leading  edge),  and  c(  is  the 
local  wing  chord  (in.)  at  the  semispan  location  of  store  installation  i.  (See  Sketch 
(a).) 


3. 3. 2-2 


."l 

•'i 


! 


SKETCH  (a) 

is  a Mach-number-correction  factor  obtained  from  Figures  3.3.2- 1 la  through  -1  Id  as 
a function  of  configuration  and  Mach  number. 


Sample  Problem 

Given:  A swept-wing  subsonic-fighter  aircraft  from  Reference  2 described  in  the  Sample  Problem  of 
Paragraph  A of  Section  3.3.1. 

Additional  Data: 

C,  = 0.000233  per  deg  (Sample  Problem,  Paragraph  A,  Section  3.3.1) 

M = 0.6 
bw  /2  = 1 65  in. 


Installation  No.,  i 

1,5 

2,4 

3 

XML/Ci 

0.204 

0.180 

0.445 

Vj 

113.75 

78.8 

0 

Compute: 

Sw  260 


= 52.0 


(first  term  of  Equation  3.3.2-a) 


Since  all  stores  are  identical  and  there  are  a total  of  1 1 stores, 

Ni  nsi 

7 C.  = 1 1 C.  (second  term  of  Equation  3.3.2-a) 

Z—r  L-j  La  l 


L-.  cs  - 1 1 cs 

i=l  j=l  bij  “hi 

= (10(0.000233) 

= 0.00256  per  deg 


3.3. 2-3 


ha 


Since  the  wing  installations  1 and  2 are  symmetrical,  only  one  side  is  calculated  and  the  result 
multiplied  by  2. 

5S  = 20  (Equation  3.3. 2-b) 

5S^  = 10  (Equation  3.3. 2-c) 

= 17.4  (Equation  3.3. 2-d) 

For  Installation  1 (Wing-Pylon-Mounted  Single  Store) 

Ax'np^  = -0.03  (Figure  3.3. 2-6a) 

Vi/(bw/2)=  0.689 

Kx  =0  (Figure  3.3.2- 8a) 

K2  =0  (Figure  3.3.2- 9a) 

K3  = -0.39  (Figure  3.3.2- 11a) 

For  Installation  2 (Wing-Pylon-Mounted  TER) 

Ax'np^  - -0.02  (Figure  3. 3. 2- 6b) 

yt/(bw/2)-  0.478 

Kj  =0  (Figure  3.3.2- 8b) 

K2  = 0.37  (Figure  3.3.2- 9b) 

K3  = -0.25  (Figure  3.3.2- 1 lb) 

For  Installation  3 (Fuselage-Centerline-Py Ion-Mounted  MER) 

Ax'n  p = 0.125  (Figure  3.3. 2-6d) 

Kj  =1.0  (Fuselage-mounted  installation) 

K2  =1.0  (Figure  3.3.2- 9 d) 

K3  =0  (Figure  3.3.2- 1 Id) 


1 

E <kK,  + KiK2Kj),  ' \ (A»'n,.,  + K,K2K3)  (third  term  of 

“~T  ‘ 7 ‘X  7 Equation  3. 3.2-a) 

+ 2\Kp,  + WS)M 

+ «S,  + K1K2Kj)[,3 


Solution: 


Ax 


n.p.2  \^N| 


W 


NI  Si 

EE 

r-\  j=l 


C, 


= (2)(20)  [-0.03  + (0)(0)( — 0.39)] 

+ (2)(  10)[-0.02  + (0)(0.37)(-0.25)] 
+ ( 1 7.4)[  0.125  + (1.0)(1.0)(0)] 

= 0.575 


IX  K,,  * W,), 


S-, 


i=l. 


(Equation  3. 3.2-a) 


= (52.0)(0.00256)(0.575)  = 0.077  in. 


The  calculated  value  of  Axn.p. 2 is  summed  with  Axn.p,j  and  Axn.p.3  (computed  in  Sections  3.3. 1 
and  3.3.3, respectively)  in  the  Sample  Problem  of  Section  3.3.4  to  obtain  the  total  shift  in  neutral 
point. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
expected  accuracy  of  the  method  is  less  than  that  in  the  subsonic  speed  range. 


C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1.6  to  2.0  as  indicated  in  Table  3.3-A.  The  maximum  Mach  number  provided 
in  the  figures  should  indicate  the  level  to  which  the  method  is  substantiated.  Caution  should  be  used 
when  extrapolating  the  data  beyond  the  Mach-number  range  provided  in  the  figures. 
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FIGURE  3.3.2-11  NEUTRAL-POINT  MACH-NUMBER-CORRECTION  FACTOR 
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3.3.3  NEUTRAL-POINT  SHIFT  DUE  TO  CHANGE  IN  TAIL  EFFECTIVENESS 

A method  is  presented  in  this  section  tor  estimating  the  neutral-point  shift  due  to  the  change  in 
horizontal-tail  effectiveness  caused  by  wing-mounted  external-store  installations.  The  method 
predicts  a neutral-point  shift  due  to  all  installations  (armament  stations)  on  the  aircraft. 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Maeh-nurnber  range  are  summarized  in 
Table  3.3-A,  The  user  is  cautioned  that  the  neutral-point  shift  predicted  by  this  method  should  be 
considered  as  only  a first  approximation  because  of  the  limited  data  base  used  in  deriving  the 
method.  Since  the  method  was  developed  from  F-4  and  A-7  aircraft  wind-tunnel  data,  special  care 
should  be  taken  when  applying  the  method  to  aircraft  with  horizontal-tail  spans  and  vertical 
locations  substantially  different  from  these  aircraft.  Additional  limitations  pertaining  to  the  method 
are  listed  below: 

1.  The  method  has  been  verified  for  the  Mach-number  range  indicated  in  the  figures 
associated  with  the  method.  Caution  should  be  used  in  extrapolating  tile  empirical  curves 
beyond  the  given  Mach-number  range. 

2.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

3.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 

The  effect  due  to  a pair  of  symmetrical  installations  can  be  computed  by  doubling  the  effect  of  one 
side. 


A.  SUBSONIC 


DATCOM  METHOD 


The  neutral-point  shift  in  inches,  positive  for  aft  shift,  due  to  the  change  in  tail  effectiveness  from 
store  installations  is  given  by 


Ax. 


n.p. 


Z 

i-1  1 


KyA, 


3.3.3-a 


where 

N(  is  the  total  number  of  store  installations  on  the  aircraft. 

Ax'n  is  the  neutral-point  horizontal-tail  term  obtained  from  Figures  3.3.3- 5a  and -5b  as  a 

function  of  configuration  and  Mach  number.  For  fuselage  mounted  store  installa- 
tions Ax'  „ =0. 

n.p. 3 


3. 3. 3-1 


is  the  horizontal-tail  span-location  factor  obtained  from  Figure  3,3,3-6a  as  a function 

of  - — — where 
bH/2 

Yi  is  the  spanwise  distance  from  the  fuselage  centerline  to  the  location  of 
installation  i (illustrated  in  Sketch  (a)). 

bH  is  the  horizontal-tail  span  (illustrated  in  Sketch  (a)). 

K is  the  horizontal-tail  vertical-location  factor  obtained  from  Figure  3.3.3-6bas 

a function  of — where 

bH/2 

Zj,  is  the  vertical  distance  from  the  wing  lower  surface  at  installation  i to  the 
! horizontal-tail  mid-line  plane  (illustrated  in  Sketch  (a)). 

Sample  Problem 

Given:  A swept-wing  subsonic-fighter  aircraft  from  Reference  2 described  in  the  Sample  Problem  of 
Paragraph  A of  Section  3.3.1.  (See  Pages  3.3. 1-9  and  3.3.1-10  for  identification  of  store 
installations.) 

Additional  Data: 


113.75  in.. 
= -59.8  in. 


y2  = y4  = 78.8  in.  bH/2  = 68  in.  M = 0.6 


-59.8  in. 


3. 3. 3-2 


Compute: 


Expand  Equation  3.3.3-a  to  identify  the  terms  that  need  to  he  computed,  recalling  that  the 
wing  installations  are  symmetrically  loaded.  Installation  3 is  a fuselage  mounted  installation 
and  the  contribution  of  that  installation  is  zero. 


S 

2 (Ax' 

‘P-3 

\ ,pM 

■ ) 

= 0.48 

n.p.j/ 

i 

' \ 

= 0.80 

«*•}} 

2 

z,  \ n'P,3/2  z2 

(Figure  3.3.3-5a.  single  carriage) 

(Figure  3.3.3-56,  multiple  carriage) 


y« 

1 13.75 

bH  12  " 

68 

Zti 

bH/2  = 

- 59.8 

68 

78.8 

bH/: 

68 

-59.8 

bn/2  ~ 

68 

= 1 .07 


= -0.88 


- 1.16 


- -0.88 


Kyi  = 0.57 


(Figure  3.3.3-6a) 


Referring  to  Figure  3.3.1-Oa  it  is  seen  that  y^/ib^/2)  is  beyond  the  range  of  tne  design  chart. 
This  suggests  that  if  the  store  installation  is  far  enough  outboard  of  the  tip  of  the  horizontal 
tail,  the  increment  in  neutral-point  shift  due  to  ihat  particular  installation  is  negligible.  There- 
fore, for  this  configuration  it  is  assumed  that  Ky^  - 0. 

Referring  to  Figure  3.3.3 -6b  it  is  seen  that  zTi/(bH/3)  for  both  Installations  1 and  2 are  well 
beyond  the  range  of  the  design  chart.  It  seems  reasonable  to  assume  that  the  value  of  will 
asymptotically  approach  zero  as  the  vertical  distance  between  the  store  installation  and  the 
horizontal  tail  is  increased.  Therefore,  for  this  configuration  is  is  assumed  that 
K,,  - K*2  = 0. 

Solution: 


Ax  _ = / (Ax'  \ K K (Equation  3.3.3-a) 

n'P'3  Z—  l "P -ih  y. 

i=l 


V3  3-3 


= 2(0.48)(0)(0)  + 2(0.80)(0.57)(0) 
= 0 


Th?  calculated  value  of  Axnp.3  is  summed  with  Axnpil  and  Axn.p-2  (computed  in  Sections  3.3.1 
and  3.3.2  respectively)  in  the  Sample  Problem  of  Section  3.3.4  to  obtain  the  total  shift  in  neutral 
point. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1.6  to  2.0  as  indicated  in  Table  3.3-A.  The  maximum  Mach  number  provided 
in  the  figures  should  indicate  the  level  to  which  the  method  is  substantiated.  Caution  should  be  used 
when  extrapolating  the  data  beyond  the  Mach-number  range  provided  in  the  figures. 

REFERENCES 

1,  Gallagher,  R.  D.,  Jimenez,  G.,  Light,  L.  £.,  and  Thames  F.  C.:  Technique  for  Predicting  Aircraft  Aerodynamic  Effects  Due  to 
External  Stores  Carriage.  AFFDL-TR-75-95,  Volumes  I and  II,  1975.  (U) 

2.  WatzKe,  R.  E.:  Aerodynamic  Data  for  Model  TA-4F  Operational  Flight  Trainer,  McDonnell  Douglas  Corporation  Rept. 
DAC-67425,  1968.  <U) 
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3.3.4  TOTAL  NEUTRAL-POINT  SHIFT  DUE  TO  EXTERNAL  STORES 

A method  is  presented  in  this  section  for  estimating  the  total  shift  in  aircraft  neutral  point  due  to 
external-store  installations.  The  method  predicts  the  neutral-point  shift  for  symmetric,  asymmetric, 
and  multiple-installation  loading  configurations. 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  applicable 
to  aircraft  of  conventional  design  and  essentially  symmetrical  store  shapes  with  no  major  shape 
protuberances.  The  limitations  on  configuration  and  Mach-number  range  are  summarized  in 
Table  3.3-A.  Additional  limitations  and  assumptions  pertaining  to  the  method  are  listed  below: 

1.  The  method  is  not  applicable  to  wing-tip  or  wing-tangent-mounted  stores. 

2.  Fuselage-mounted  installations  must  be  located  on  the  fuselage  centerline. 

3.  The  method  is  not  applicable  to  empty  multiple  racks. 

4.  The  effect  of  empty  pylons  on  neutral  point  is  considered  to  be  negligible. 

5.  The  method  has  been  verified  for  the  Mach-number  range  given  in  Table  3.3-A.  Caution 
should  be  used  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
range. 

6.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

7.  The  method  gives  the  best  results  for  an  angle-of-attack  range  from  0 to  8°,  although  the 
method  can  be  used  for  higher  angles  of  attack. 

8.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

9.  The  method  is  applicable  for  sideslip  angles  less  than  4°. 

The  procedure  for  computing  the  total  neutral-point  shift  requires  calculation  of  increments  due  to 
lift  transfer  from  stores  to  aircraft,  interference  effects  on  the  wing  flow  field,  and  change  in  tail 
effectiveness.  These  increments  are  computed  by  the  methods  of  Sections  3.3.1,  3.3.2,  and  3.3.3, 
respectively.  The  increments  are  computed  for  the  entire  loading  configuration  and  then  summed 
by  the  method  of  this  section  to  obtain  the  total  increment. 


A.  SUBSONIC 


DATCOM  METHOD 

The  total  neutral-point  shift  in  inches,  positive  for  aft  shift,  due  to  external-store  installations  is 
given  by 


Ax 


n.p. 


= Ax. 


n.p. 


+ Ax. 


n.p.. 


+ Ax. 


n.p. 


3.3.4-a 


3.3.4-1 


where 


is  the  shift  in  neutral  point  due  to  lift  transfer  from  the  stores  to  the  clean  aircraft 
(in.),  obtained  from  Section  3.3.1. 


Ax. 


n.p. 


Ax 


n -p 


is  the  shift  in  neutral  point  due  to  the  interference  effects  on  the  wing  flow  field 
(in.),  obtained  from  Section  3.3.2. 


Ax 


n.p.. 


is  the  shift  in  neutral  point  due  to  the  change  in  tail  effectiveness  caused  by  external 
stores  (in.),  obtained  from  Section  3.3.3. 


Reference  1 states  that  the  prediction  accuracies  are  such  that  the  predicted  values  of  neutral-point 
shift  are  nominally  within  about  1 inch  of  the  test  values  60  percent  of  the  time,  and  within  4 
inches  92  percent  of  the  time. 


Sample  Problem 

Given:  A swept-wing  subsonic-fighter  aircraft  from  Reference  2 loaded  with  external-store  instal- 
lations described  in  the  Sample  Problem  of  Paragraph  A of  Section  3.3.1. 

Compute: 

^n-p.j  = -0.114  in.  (Sample  Problem,  Paragraph  A,  Section  3.3.1) 


Ax. 


A 

Ax, 


"•P-3 


n.p. 


0.077  in.  (Sample  Problem,  Paragraph  A,  Section  3.3.2) 

» 

0 (Sample  Problem,  Paragraph  A,  Section  3.3.3) 

Ax  + Ax„„  +Ax„„  (Equation  3.3. 4-a) 

n-p.j  n.p. j np.j 

-0.114  + 0.077  + 0 = -0.037  in. 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
expected  accuracy  of  the  method  is  less  than  that  in  the  subsonic  speed  range. 


C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range.  The 
expected  accuracy  of  the  method  is  less  than  that  in  the  subsonic  speed  range. 


REFERENCES 
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External  Stores  Carriage.  AFFDL-TR-75-95,  Volumes  I and  II,  1975.  (U) 

2.  Watzke,  R.  E.:  Aerodynamic  Data  for  Model  TA4F  Operational  Flight  Trainer.  McDonnell  Douglas  Corporation  Rept. 
DAC-67425,  1968.  IU) 
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3.4  EFFECTS  OF  EXTERNAL  STORES  ON  AIRCRAFT  SIDE  FORCE 

A method  is  presented  in  this  section  for  estimating  the  increment  in  aircraft  side  force  due  to 
external-store  installations.  The  method  predicts  an  incremental  change  in  the  side-force- 
due-to-sideslip  derivative,  ACy  , which  can  be  added  to  the  clean  aircraft  Cy  to  obtain  the 
aircraft-with-stores  CY  . p 13 

p 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  is  limited  to 
the  store-loading  configurations  and  Much-number  range  presented  in  Table  3.4-A. 

TABLE  3.4-A 

LOADING  AND  MACH-NUMBER  LIMITATIONS 


Mounting 

Location 

Carriage 

Mode 

Mount/Loading  Type 

Mach- 

Number 

Range 

Wing 

Single 

Pylon  — Empty 

0.6  - 2.0 

Pylon  — Store 

Multiple 

Pylon  - Empty  MER 

0.6  - 1 .6 

Pylon  — Fully  Loaded  MER 

Pylon  - Empty  TER 

Pv'on  - Fully  Loaded  TER 

Fuselage 

Single 

Tangent 

0.6  - 2.0 

Pylon  - Empty 

Pylon  - Store 

Multiple 

Tangent  — Empty  MER 

0.6  1.6 

Tangent  — Fully  Loaded  MER 

Tangent  — Empty  TER 

Tangent  — Fully  Loaded  TER 

Pylon  - Empty  MER 

Pylon  - Fully  Loaded  MER 

Pylon  - Empty  TER 

Pylon  - Fully  Loaded  TER 

The  Datcom  Method  is  applicable  to  mixed-loading  configurations  obtained  by  combining  two  or 
more  loadings  specified  in  Table  3.4-A.  The  method  was  developed  from  symmetrically-loaded- 
stores  data  and  is  therefore  limited  primarily  to  symmetrically-loaded  configurations.  However, 
certain  asymmetric  configurations  may  be  treated  by  the  method.  It  should  be  noted  that  one-half 
of  the  incremental  side  force  due  to  a symmetrical-store  loading  is  not  necessarily  equivalent  to  the 
side  force  produced  by  half  of  that  loading  carried  asymmetrically.  Where  there  are  aircraft 
components  near  the  stores,  or  if  strong  lateral  flow  fields  exist  due  to  angle  of  attack,  part  of  the 
aerodynamic  side  force  induced  by  an  installation  on  one  side  of  the  aircraft  is  cancelled  by  an 
opposite  force  on  the  other  side.  The  Datcom  Method  is  considered  applicable  to  asymmetric 
configurations  for  which  the  sidewash  change  due  to  angle  of  attack  is  zero  and  fuselage  effects  are 
negligible. 


3.4-1 


k-/.- 


& 

i 


The  prediction  method  was  developed  from  data  based  on  an  angle  of  attack  of  5°.  No  method  is 
provided  to  account  for  the  effect  of  angle-of-attack  charge  on  side  force,  but  the  method  is 
considered  to  be  valid  throughout  the  normal  cruise  angle-of-attack  range. 

The  method  is  subject  to  the  following  additional  limitations  and  assumptions: 

1.  The  method  has  been  verified  for  the  Mach-number  ranges  given  in  Table  3.4-A.  Caution 
should  be  used  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
ranges. 

2.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed . 

3.  The  store  shape  is  essentially  symmetrical  with  no  major  shape  protuberances. 

4.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

5.  No  tail  effects  are  included. 

6.  The  method  is  applicable  for  sideslip  angles  less  than  8°. 

The  side-force-derivative  increment  is  composed  of  a basic  contribution  due  to  the  store  installa- 
tions and  a contribution  due  to  interference  between  adjacent  installations  (when  separation 
distance  is  sufficiently  small). 

A.  SUBSONIC 


DATCOM  METHOD 


The  increment  in  CY  , based  on  wing  reference  area,  due  to  external-store  installations  is  given  by 

e 


Sw 


Z EW, 

,i=l  1 j=l  J 


where 

Sw  is  the  wing  reference  area  (ft2 ). 


3.4-a 


N,  is  the  total  number  of  store  installations. 

Np  is  the  total  number  of  pairs  of  adjacent-store  installations  carried. 

(See  Sketch  (a).) 

YB  is  the  basic  side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  a symmetrical  pair 
**  of  external-store  installations,  calculated  in  Step  1 below.  Since  the  empirical  equations 
and  figures  for  Y„  are  based  on  a pair  of  symmetrical-store  installations,  YB  must  be 

divided  by  2 before  summing  over  the  total  number  of  installations,  thus  allowing  for  the 
inclusion  of  asymmetrical  loading  cases. 


,'w’ 
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Ya  ' is  the  side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  interference  effects  from 
0 a pair  of  adjacent  external-store  installations,  calculated  in  Step  2 below. 

ACV  is  computed 1 by  using  the  following  steps: 

1.  Compute  YB  for  each  installation. 

/3 

2.  Compute  Y for  each  pair  of  adjacent  installations. 

A/J 

3.  Compute  ACV  . 

x0 

Step  1.  Compute  YB  for  each  installation: 

The  various  loading  configurations  are  assigned  reference  numbers  in  Table  3.4-B. 

TABLE  3.4-B 

CONFIGURATION  SUMMARY 


^"-^Carriage 

Mounting"'--^^^ 

Empty 

Single 

Empty 

MER 

Full 

MER 

Empty 

TER 

Full 

TER 

Wing-Pylon 

1 

2 

3 

4 

5 

6 

Fuselage- 

Tangent 

- 

7 

8 

9 

10 

11 

Fuselage- 

Pylon 

12 

13 

14 

15 

16 

17 

+ + + + By)  3.4-b 


where 

Bp  is  the  pylon  contribution  given  by 


B„ 


«pc  hP2 
144 


3.4-c 
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is  a pylon  constant  obtained  from  Table  3.4-C. 

TABLE  3.4-C 
PYLON  CONSTANT 


Configuration 

1 

2 

3 

KPC 

.10 

.15 

.14 

12 

13 

14 

15 

16 

17 

.10 

.15 

.14 

.14 

.12 

.12 

is  the  average  pylon  height  (in.).  (See  Sketch  (b).) 


hp 


SKETCH  (b) 


is  the  rack  contribution. 


For  Configurations  2,  7,  and  13  the  store  contribution  is  included  and 

h 2 rr>  not  a 2 


br-  (0.09)  d? 

Bn  = KP + - 

R F 144  144 


where 


KF  is  a fin  constant  given  by 

Kf  = 0.082  for  + and  X fins 
KF  = 0.i07  for  V fins 

bF  is  the  store-fin  span  (in.).  (Total  span  measured  tip-to-tip.  For  V fins,  the  total 
span  of  the  actual  fin  and  its  mirror  image.) 

ds  is  the  store  maximum  diameter  (in.). 

For  other  configurations,  BR  is  given  by  Table  3.4-D. 

TABLE  3.4-D 
RACK  CONTRIBUTION 


Configuration  1 3 


8n 


5 

6 

8 

9 

.183 

.183 

.325 

.325 

12 

14 

15 

16 

17 

0 

.325 

.325 

.183 

.183 

Bn  is  the  store  contribution 


For  Configurations  1, 3,  5 8,  10,  12  ,14,  and  16  BN  =0. 

For  single-store  installations  (Configurations  2,  7,  and  13),  BN  is  included  in  the  BR 
computation. 

For  Configurations  4,6,9,11,1 5,  1 7 

/bc  \>F  V 

Bn  - 0.0666  ^ / [TJ  +1)  3.4-e 

where 

bc  is  the  maximum  vertical  span  (in.)  of  the  side  projection  of  the  store  cluster  in 
a vcrueal  plane,  xi. lading  protruding  fins.  (See  Sketch  (b).) 

Rp  is  a correlation  factor  given  by  Figure  3.4-12  for  Configurations  4,  9,  and  15. 
Ru  - 0 for  Configurations  6,  11,  and  17.  All  other  terms  in  Equation  3. 4-e 
have  been  previously  defined. 

Bx  is  the  contribution  due  to  pylon  longitudinal  location. 

For  fuselage  mounted  configurations  (Configurations  7-1 7)  Bx  = 0. 

For  wing-pylon-mounted  configurations  (Configurations  1-6),  Bx  is  given  by 

Bx  = (Bp +BR  +BN)(Kxp  - 1)  3.4-f 

where  Bp  BR , BN  were  previously  defined  and 

KXP  = (1 +A2)(A1)/Kxp  has  a maximum)  3.4-g 

\ value  of  1.0  / 


where 

A2  is  a store-size  correlation  factor  obtained  from  Figure  3.4-13  as  a function  of 
the  maximum  store  diameter,  d&.  For  Configurations  1,  3,  and  5,  the  value  of 
A2  is  zero. 

Aj  is  a longitudinal-location  correlation  factor  obtained  from  Figure  3.4- 1 4 as  a 
function  of  xAr,T/c  where 

xART  is  the  longitudinal  distance  (in.)  from  the  local  wing  trailing  edge  to 
the  trailing  edge  of  pylon,  rack,  or  store  as  appropriate  (i.e. , the  most 
aft  component),  positive  in  the  aft  direction.  (See  Sketch  (c).) 

c is  the  local  wing  chord  at  the  store  installation  (in.).  (See  Sketch  (c).) 


3.4-5 


MULTIPLE  STORES 


SINGLE  STORE 


SKETCH,  (c) 

By  is  the  contribution  due  to  spanwise  location  of  the  pylon  installation. 

For  fuselage-mounted  configurations  (Configurations  7-17), 

By  = 0 3.4-h 

For  wihg-pylon-mounted  configurations  (Configurations  1-6)  on  low-wing  aircraft, 


BY  = Ky 


fe-H 


For  wing-pylon-mountcd  configurations  on  high-wing  aircraft, 


3.4-i 


(i^-°-350)  34'j 

where 

Ky  is  a store-installation-depth  factor  obtained  from  Figure  3.4-15  as  a function  of 
z,  the  maximum  depth  (in.)  of  the  store  installation. 

y;  is  the  spanwise  distance  from  the  fuselage  centerline  to  the  location  of  installa- 
tion i (illustrated  in  Sketch  (d)). 

bw  is  the  wing  span. 

y-  is  the  spanwise  distance  from  the  outboard  edge  of  the  fuselage  to  the  location 
of  installation  i (illustrated  in  Sketch  (d)). 

bg  is  the  exposed  wing  span  (illustrated  in  Sketch  (d)). 

Km  is  a side-force  Mach-effect  factor  obtained  from  Figure  3.4-16  as  a function  of  Mach 
yi 

number  and  where  b = bw  for  low-wing  aircraft,  b = bg  for  high-wing  aircraft,  and  yi( 
bw , and  be  were  previously  defined. 
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Step  2.  Compute  YA  for  each  pair  of  adjacent  installations. 

Determine  the  number  of  pairs  of  adjacent  installations  (see  Sketch  (a)). 

Compute  Ya  for  each  adjacent  pair: 

\ * - [K), + 

is  obtained  from  Equation  3.4-b  for  the  first  of  the  pair  of  installations. 

is  obtained  from  Equation  3.4-b  for  the  second  of  the  pair  of  installations. 

is  an  adjacent-store  interference  factor  obtained  from  Figure  3.4-17  as  a function  of 
(XF  + XA  )/(£,  + 82 ) and  Mach  number  where 

Xp  is  the  absolute  longitudinal  distance  from  the  nose  of  one  store  installation  to 
the  nose  of  the  adjacent  installation.  (See  Sketch  (e).) 


i .WJ.'*. 
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XA  is  the  absolute  longitudinal  distance  from  the  trailing  edge  of  one  store 
installation  to  the  trailing  edge  of  the  adjacent  installation.  (See  Sketch  (e).) 

fij  and  fi2  are  the  lengths  of  the  two  store  installations.  (See  Sketch  e).) 

For  no  adjacent  store  installations, 

Y.  = 0 3.4-8 

p 


SKETCH  (e) 


Step  3.  Compute  ACV 
xt> 

ACV  is  computed  from  Equation  3.4-a  by  summing  the  Y„  values  obtained  in  Step  1 for 

each  installation  and  the  Y.  values  obtained  from  Step  2 for  each  pair  of  adjacent 

' 9 

installations. 

Reference  1 states  that  the  method  nominally  results  in  prediction  errors  of  10  to  15  percent.  A 
comparison  of  test  data  with  results  calculated  by  this  method  is  provided  in  Table  3.4E.  Additional 
comparisons  of  test  and  calculated  results  are  found  in  Reference  1 . 

Sample  Problem 


Given:  A swept-wing  subsonic-fighter  aircraft  from  Reference  2 with  one  300-gal  tank,  pylon 
mounted  on  each  wing. 


Aircraft  Data: 


Sw  = 2 60  ft2 


Low-wing  configuration 


Store  Data: 


ds  = 26.5  in. 


Installation  Data: 


hp  = 1 1.2  in. 


bp  = 35.06  m. 


+ type  fins 


y, 

bv,/2 


= 0,320 


'All 


= 0.288 


/.  --  37.3  in. 


Additional  Data: 

M = 0.6 

Compute: 

Step  1.  Compute  V'  for  each  installation.  (Since  the  installations  are  symmetrical,  only  one  side- 
'll 

need  be  computed).  This  is  Configuration  2 (Table  3.4-B) 

(Table  3.4-C) 


Kpt.  - 0.1  5 


K,, 


Bn 


- Kpc  hp2  -.  (0-15)(11.2)2 

144  144 

- 0.082  (+  type  fins) 

bF2  (0.09)ds2 


= 0.1307 


(Equation  3.4-c) 


"9  FT 


144 


(Equation  3.4-d) 


_ (0.082X35. 06)2  (0.09X26. 5)2 
144  + 144 

- 1.1389 

Bn  is  included  in  the  BR  computation  (Configuration  2) 

(Figure  3,4- 1 3) 

(Figure  3.4- 1 4,  single  store) 

KXP  = (1  + A2)(A1  ) (maximum  value  of  1.0)  (Equation  3.4-g) 


A2  - 0.365 


A,  = 0.77 
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(1  +0.365X0.77)  - 1.05;  use  KXP  = 1.0 


Bx  = (Bp  + Br  +BN)(Kxp  1) 


(Equation  3.4-0 


= (0.1307  + 1.1389  + 0X1  0 - 1) 


Ky  = 1.95 


(Figure  3.4-1 5) 


Bv  =Kv  Eft  -°'35° 


(Equation  3.4-i) 


= •1.95  (0.320  -0.350)  = -0.0585 


km  - 1-0 


(Figure  3.4-16) 


\ '-<BP  +br  +bn  +bx  + by>k» 


(Equation  3.4-b) 


= -(0.137  + 1.1389  + 0 - 0 -0.0585X1.0) 


= -1.211 


Step  2.  Compute  Y.  for  each  pair  of  adjacent  installations.  In  this  case  then*  are  no  adjacent 
installations,  and  Y.  =0. 


Step  3.  Compute  ACY  : 

0 


1 j=t 


(Equation  3.4-a) 


E i(\). 


= —0.0047  per  deg 

Values  of  ACv„  at  other  Mach  numbers  have  been  calculated  and  are  shown  in  comparison  to  test 

1 P 

data  from  Reference  2 in  Sketch  (c). 
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SKETCH  (c) 


B.  TRANSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
user  is  cautioned  that  the  expected  accuracy  of  the  method  is  less  than  that  expected  in  the 
subsonic  speed  range.  A comparison  of  test  data  with  results  calculated  by  this  method  at  transonic 
speed  is  presented  in  Table  3.4-E. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1.6  to  2.0  as  indicated  in  Table  3.4-A.  The  maximum  Mach  number  provided 
in  the  figures  should  indicate  the  level  to  which  the  method  is  substantiated  by  Reference  1. 
Caution  should  be  used  when  extrapolating  the  data  beyond  the  Mach-number  range  provided  in  the 
figures.  A comparison  of  test  data  with  results  calculated  by  this  method  at  supersonic  speeds  is 
presented  in  Table  3.4-E. 
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TABLE  3.4-E 

SUBSONIC  AND  SUPERSONiC  EXTERNAL-STORE  SIDE  FORCE 
DATA  SUMMARY  AND  SUBSTANTIATION 


Loading  Description 


Wing  Station  Mounting 

Loft  Inboard  Pylon-Mounted  Single;  300-gal  tank 
Right  Inboard  Pylon-Mounted  Single:  300-gal  tank 


Wing  Station  Mounting 

Left  Inboard  Pylon-Mounted  Single:  Missile 
Right  Inboard  Pylon-Mounted  Single;  Missile 


*CY„ 

ACYg 

calc 

test 

calc-test 

(per  deg) 

(per  deg) 

(per  deg) 

-0.0047 

-0.0040 

-0.0007 

-0.0044 

-0.0046 

0.0002 

-0,0046 

-0.0050 

0.0004 

-0.0048 

-0.0051 

0.0003 

-0.0035 

-0.0015 

-0.0020 

-0.0039 

-0,0020 

-0.0019 

-0.0042 

-0.0028 

-0.0014 

-0.0043 

-0.0020 

-0.0023 

-0.0022 

-0.0020 

-0.0002 

■an 


FIGURE  3.4-12  BASIC-STORES-CORRELATION  FACTOR 
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FIGURE  3.4-13  STORE-SIZE  CORRELATION  FACTOR 
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3.5  EFFECT  OF  EXTERNAL  STORES  ON  AIRCRAFT  YAWING  MOMENT 

A method  is  presented  in  this  section  for  estimating  the  increment  in  aircraft  yawing  moment  due 
to  external-store  installations.  For  symmetrically-loaded  configurations,  the  increment  is  primarily 
due  to  sideslip.  The  incremental  yawing  moment  due  to  asymmetrical  loading  is  composed  of  a 
moment  due  to  sideslip  and  a moment  due  to  drag  differential.  The  moment  due  to  drag  differential 
can  be  estimated  by  multiplying  the  incremental  drag  coefficient  due  to  the  store  installation 
(which  may  be  computed  from  Section  3.2)  by  the  moment  arm  from  the  c.g.  to  the  spanwise 
location  of  the  installation.  The  method  presented  in  this  section  predicts  an  incremental  change  in 
the  yawing-moment-due-to-sideslip  derivative,  AC  , which  can  be  added  to  the  ciean  aircraft  C 

to  obtain  the  aircraft-with-stores  Cn  . 

P 

The  Datcom  Method  is  taken  from  Reference  1 and  is  empirical  in  nature.  The  method  requires  that 
the  incremental  side-force  data  be  provided  by  the  user  or  computed  by  the  method  of  Section  3.4. 
The  method  is  limited  to  the  store-loading  configurations  and  Mach-number  ranges  presented  in 
Table  3.5-A. 


The  Datcom  Method  is  applicable  to  mixed  loading  configurations  obtained  by  combining  two  or 
more  loadings  specified  in  Table  3.5-A.  The  method  was  developed  from  symmetrically- 
loaded-stores  data  and  is  therefore  limited  primarily  to  symmetrically-loaded  configurations. 
However,  certain  asymmetric  configurations  can  be  treated  by  the  method. 

The  prediction  method  was  developed  from  data  based  on  an  angle  of  attack  of  5°.  No  method  is 
provided  to  account  for  the  effect  of  angle-of-attack  change  on  yawing  moment,  but  the  method  is 
rt  considered  to  be  valid  throughout  the  normal  cruise  angle-of-attack  range. 

TABLE  3.5-A 

LOADING  AND  MACH-NUMBER  LIMITATIONS 


Mounting 

Location 

Carriage 

Mode 

Mount/  Loading 

Mach- 

Number 

Range 

Single 

Pylon  - Empty 

Wing 

Pylon  - Store 

Multiple 

Pylon  — Fully-Loaded  MER 

Pylon  — Fully-Loaded  TER 

Single 

Tangent 

0.6  -i-  2.0 

Fuselage 

Pylon  — Store 

Multiple 

Pylon  — Fully-Loaded  MER 

0.6  -»  1.6 

The  method  is  subject  to  the  following  additional  general  limitations  and  assumptions: 

1.  The  method  has  been  verified  for  the  Mach-number  ranges  given  in  Table  3.5-A.  Caution 
should  be  used  in  extrapolating  the  empirical  curves  beyond  the  given  Mach-number 
ranges. 
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2.  The  method  has  not  been  verified  for  configurations  in  which  flaps,  slats,  or  other 
flow-disrupting  devices  are  deployed. 

3.  The  store  shape  is  essentially  symmetrical  with  no  major  shape  protuberances. 

4.  The  data  base  used  in  deriving  the  method  relied  heavily  on  swept-wing  tactical-combat- 
aircraft  wind-tunnel  data. 

5.  No  tail  effects  are  included. 

6.  The  method  is  applicable  for  sideslip  angles  less  than  8°. 


The  method  is  based  on  the  premise  that  yawing  moment  is  the  product  of  the  side  force  and  a 
moment  arm  from  the  point  of  force  application  to  a reference  point.  Lift  and  drag  effects  are 
neglected.  The  method  is  applicable  to  asymmetric  configurations  for  which  the  sidewash  change 
due  to  angle  of  attack  is  zero  and  fuselage  effects  are  negligible. 


The  yawing-moment-derivative  increment  is  composed  of  a basic  contribution  due  to  the  store 
installations  and  a contribution  due  to  interference  between  adjacent  installations  (when  separation 
distance  is  small). 

A.  SUBSONIC 

DATCOM  METHOD 

The  increment  in  Cn  (based  on  wing  reference  area  and  span)  due  to  external  stores  is  given  by 
0 


where 

Sw  is  the  wing  reference  area  (ft2). 
bw  is  the  wing  span  (ft). 

Nj  is  the  total  number  of  store  installations  on  the  aircraft. 

Yg  is  the  basic  side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  a symmetrical 

0 pair  of  external-store  installations,  obtained  from  Section  3.4. 

Np 


is  the  total  number  of  pairs  of  adjacent-store  installations  carried.  (See  Sketch  (a).) 


Ya  is  the  side-force  contribution  (ft2 /deg)  per  degree  sideslip  due  to  interference  effects 
e from  a pair  of  adjacent-external  store  installations,  obtained  from  Section  3.4.  This 
term  should  only  be  used  for  single-store  installations  placed  at  approximately  equal 
distances  below  the  wing,  with  minimum  lateral  separation  of  25  to  60  inches 
between  store  surfaces  of  adjacent  installations. 


are  moment  arms  (in.)  from  the  moment  reference  point  to  the  effective  point  of 
application  of  the  side-force  increment  due  to  external  stores,  positive  in  the  aft 
direction.  The  moment  arm  for  the  first  of  the  pair  of  adjacent  installations  is  Cm  , 
the  second  of  the  pair  is  . The  value  of  fim  is  given  by  1 


«m  = <FS>ref  " + 1 


3.5-b 


where 

( FS )ref  is  the  fuselage  station  (in.)  of  the  moment  reference  point. 

(FS)LE  is  the  fuselage  station  (in.)  of  <:i  o nose  of  the  most  forward  store  on  the 
installation  or  the  leading  edge  of  the  pylon  for  the  empty  pylon  case. 

fix  is  the  longitudinal  distance  (in.)  from  (FS)LE  to  the  point  of  side-force 
application,  positive  aft.  This  term  is  a function  of  installation  type, 
and  is  calculated  below  for  various  configurations. 

Case  1 : Wing-Mounted  Empty  Pylon 
*■ ■ °-25  <>_ 


where 


c is  the  bottom-pylon-chord  length  (in.).  (See  Sketch  (b).) 

now 


3.5- 


is  the  pylon  moment  arm  (in.)  given  by 

SL  - 0.25  cn  3.5-e 

F plow 

where  c„  is  defined  above  for  Case  1 . 

plow 

is  the  pylon  contribution  given  by 


where 

h is  the  average  pylon  height  (in.)  shown  in  Sketch 
P (b). 

is  the  store-body  moment  arm  (in.)  given  by 

fiSB=0.15fis  3.5-g 

where 

is  the  store-body  length  (in.), 
is  the  store-body  contribution  given  by 


• V w; 


r:' 
r • 


k\; 
k*  ! 

I 


* !'• 

iv. 

s'. 

i'-- 

(■;- 


b--r‘ 

% . 

y . ■ 


where 


ds  is  the  maximum  store  diameter  (in.). 

Ksk  is  the  longitudinal  distance  (in.)  from  the  store  nose  to  the 
intersection  of  the  store-fin  quarter  chord  and  the  store-fin 
50-percent  semispan.  (See  Sketch  (c).) 


Bsk  is  the  store-fin  contribution  given  by 


/ b \2 

, / °F  \ 

Bgr  = 0.082  I—  I for  + or  x type  fins 


or 


-'SF 


0.107 


for  V type  fins 


where 


3.5-i 


r. 

k-i- 


bK  is  the  store-fin  span  (ft)  shown  in  Sketch  (c).  (For 
V fins,  the  total  span  of  the  actual  fin  and  its 
mirror  image.) 

Case  3:  Wing-  or  Fuselage-Pylon-Mounted  Fully-Loaded  MER 

(0.933)  Cp Bp  + 0.5  fiKM  (0.0325)  + 0.5  8SBIW  + CascBa5c 
Bp  + 0.325  + B|,sc  + Basc 

3.5-k 


. i 
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is  given  by  Equation  3.5-e. 
is  given  by  Equation  3.5  f. 


is  the  length  of  the  empty  MER  (in.). 

is  the  store-body  length  (in.). 

is  the  forward-store-cluster  contribution  given  by 


0.0666 
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where 

/ 

bc  is  the  maximum  vertical  span  (in.)  of  the  side 
projection  of  the  store  cluster  in  a vertical  plane, 
excluding  protruding  fins.  (See  Sketch  (b).) 

bF  and  ds  are  defined  above  in  Case  2. 

is  the  aft-store-cluster  moment  arm  given  by 

^asc  = 0.5  Es  + £n  3.5-rn 


where 

En  is  the  longitudinal  distance  (in.)  from  the  store 
nose  of  the  forward  cluster  to  the  store  nose  of  the 
aft  cluster.  (See  Sketch  (b).) 

is  the  aft-store-cluster  contribution  given  by 

®ASC  = RLCBFSC  3,5_n 

where 

BpSC  is  given  by  Equation  3.5-E. 

Rlc  is  an  aft-store-cluster  lateral-clearance  factor 
obtained  from  Figure  3.5-12  as  a function  of  ds 
the  maximum  store  diameter. 


Case  4:  Wing-Pylon-Mounted  Fully-Loaded  TER 


(0.80)  fipBp  + 0.5  CKT  (0.182)  + 0.5  KsBrat. 
5;  + 0.182 + Bfsc 


where 


Cj,  is  given  by  Equation  3.5-e. 
Bp  is  given  by  Equation  3.5-f. 


2tT  is  the  length  of  the  empty  TER  (in.). 


Bpsc  and  ?s  are  defined  above  in  Case  3. 


Case  5;  Fuselage-Tangent-Mounted  Single  Store 

or  + o R 
n XSB  dSB  xSF  °SF 

Xx  = 3.5-p 

BSB  + bsf 

where 

£sb  is  given  by  Equation  3.5-g. 

Bsb  is  given  by  Equation  3.5-h. 

£Sp.  is  defined  previously  in  Case  2. 

Bsp  is  given  by  Equations  3.5-i  and  3.5-j. 

Reference  1 indicates  that  the  method  nominally  results  in  average  prediction  errors  of  20  percent 
from  the  actual  yawing-moment  increment.  The  percent  error  is  highly  dependent  upon  the  distance 
from  the  aircraft  center  of  gravity  to  the  point  of  side-force  application.  When  the  side  force  acts 
thiough  a point  near  the  center  of  gravity,  the  percent  error  may  be  large  even  though  the  moment 
error  is  small.  A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  in 
Table  3.5-B.  Additional  comparisons  of  test  and  calculated  results  are  found  it.  Reference  1. 

Sample  Problem 

Given:  A swept-wing  fighter  aircraft  from  Reference  3 with  single  pylon-mounted  air-to-air  missiles 
mounted  on  each  wing. 

Aircraft  Data. 


Sw  = 530  ft2 


bw  = 38.07  ft 


(FS)ref  = 3 17.0  in. 
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Store  Data: 

ds  = 8 in. 

bF  (AFT)  = 31.7  in. 

Installation  Data: 

c„  = 1 13.8  in. 
Plow 

Additional  Data: 

M = 0.6 


2S  = 145  in. 

figP  (FWD)  = 69.2  in. 

hp  = 18  in. 

a = 5° 


bF  (FWD)  = 39.9  in. 

£SF  (AFT)  = 135.5  in. 

(FS)le  = 182.0  in. 

ACy  = —0,0015  per  deg 
P 


Compute: 


Find  2X  for  each  installation.  (Only  one  side  need  be  computed  since  the  installations  are 
symmetrical.)  For  a wing-pylon-mounted  single  store: 


Cp  = 0.25  c = (0.25)013.8)  = 28.45  in. 

plow 


(Equation  3.5-e) 


(Equation  3.5-f) 


2sb  = 0.15  £s  = (0. 1 5)(  1 45)  = 21.75  in.  (Equation  3-5-g). 


(Equation  3,5-h) 


Since  there  are  two  sets  of  fins  on  this  store,  both  sets  are  accounted  for  in  the  computation. 


r ■ ■ • 

t-: 


n 


yi.yhyMIW.Uyf.^  IHH  fliyi^  1^' 


■ r r>  «■  j ""J  ■ 


Eri  « 


k"„ 

Mi 


For  the  forward  set  of  fins, 


CSF  = 69.2  in. 


b ' 2 

r 


Bsf  = (0.082)  j — ] * (0.082) 


(f )'  - 


0.907  ft2 


(Equation  3.5-i) 


For  the  aft  set  of  fins. 


£s;.  = 135.5  in. 


m'- 


0.572 


(Equation  3.5-i) 


(Equation  3.5-d). 

- (28,45)(0,338)  + (2 1 .75)(0.0400)  + (69.2)(0.907)  + ( 1 35.5)(0,572) 

0.338  + 0.0400  t 0.907  + 0.572 

= 81.2  in. 

Find  fiH| : 

= (FS)rcf  - ((FS)Lfc.  + EJ  (Equation  3.5-b) 

= 317.0  - [182.0  + 81.2] 

= 53.8  in. 

Since  there  are  no  pairs  of  adjacent  store  installations,  and  are  not  computed. 

Find  Yh  and  Y.  : 

% A0 

Yr  and  Y.  are  estimated  by  the  method  of  Section  3,4. 
p 0 

Y,  =0  (no  adjacent  store  installations) 


Since  ACy  is  given,  Y..  can  be  computed  from  Equation  3.4-a. 
p P 


ACy  = ~ 
0 


tH\);  EW, 

>=i  1 j=i  J 


(Equation  3.4-a) 
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Recalling  that  Y.  = 0 and  that  there  are  two  installations  symmetrically  placed, 

- £ <2)fX 

\ ’ SW  Acr, 

- (-0.0015K530) 

= -0.795  ft2/deg 


Find  AC„ 


AC  = 


Sw  bw 


L i=l  \ / i j=t 


~ YA„ 


12 


+ 


12 


(Equation  3.5-a) 


Since  Y,  = 0,  the  second  term  in  the  above  equation  drops  out.  Since  the  store  installations 


are  symmetrical,  the  above  equation  reduces  to 


e 


(2) 


Sw  bw 


2 

(530)(38.67) 


- (-0.795) 


= —0.0001 74  per  deg 

Additional  values  of  ACn  at  other  Mach  numbers  are  shown  in  comparison  to  test  data  from 
Reference  1 in  Sketch  (d). 
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B.  TRANSONIC 


The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  transonic  speed  range.  The 
user  is  cautioned  that  the  expected  accuracy  of  the  method  is  less  than  that  expected  in  the 
subsonic  speed  range.  A comparison  of  test  data  with  results  calculated  by  this  method  at  transonic 
speeds  is  presented  in  Table  3.5-B. 

C.  SUPERSONIC 

The  method  presented  in  Paragraph  A of  this  section  is  also  valid  in  the  supersonic  speed  range  up 
to  a Mach  number  of  1 .6  to  2.0  as  indicated  in  Table  3.5-A.  The  maximum  Mach  numbers  provided 
in  the  figures  of  Section  3.4  should  indicate  the  levels  to  which  the  method  is  substantiated  by 
Reference  1.  Caution  should  be  used  when  extrapolating  the  data  beyond  the  Mach-number  range 
provided  in  the  figures.  A comparison  of  test  data  with  results  calculated  by  this  method  at 
supersonic  speeds  is  presented  in  Table  3.5-B. 
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TABLE  3.5-B 

SUBSONIC  AND  SUPERSONIC  EXTERNAL-STORE  YAWING  MOMENT 
DATA  SUMMARY  AND  SUBSTANTIATION 


Ref 

Loading  Description 

Ct 

(deg) 

M 

calc 

(per  deg) 

ACb0 

test 

(per  deg) 

r~ 

calc-test 
(per  deg) 

2 

Wing  Station  Mounting 

6 

0.6 

0.00048 

-0.00015 

0.0C063 

Left  Inboard  Pylon-Mounted  Single:  300-gal  tank 

0.8 

0.00049 

-0.00015 

0.00064 

Right  Inboard  Pylon-Mounted  Single:  300gal  tank 

0.9 

0,00053 

-0 .00C 15 

0.00068 

0.95 

0.00064 

-0.00035 

0.00089 

Wing  Station  Mounting 

5 

0.6 

-0.00017 

— 0.00020 

0.00003 

Left  Inboard  Pylon-Mounted  Single:  Missile 

0,8 

-0,00019 

-0,00020 

0.00001 

Right  Inboard  Pylon-Mounted  Single:  Missile 

0.9 

-0.00023 

-0.00023 

'J 

0.95 

-0.00028 

-0,00025 

-0.00003 

1.2 

-0,00032 

-0.00045 

0.00013 

1.6 

-0.00023 

-0.00023 

0 

2.0 

-0.00023 

-0.00023 

0 
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3.6  EFFECT  OF  EXTERNAL  STORES  ON  AIRCRAFT  ROLLING  MOMENT 

No  Datcom  Method  is  provided  to  estimate  the  effect  of  external  stores  on  aircraft  rolling  moment. 
No  suitable  general  methods  have  been  developed  which  provide  satisfactory  results  for  a wide  range 
of  loading  configurations.  The  user  may  consult  the  references  cited  in  Section  3 for  available 
information  on  prediction  of  rolling  moments. 


4. 1 WINGS  AT  ANGLE  OF  ATTACK 


i * 


A greal  deal  of  theoretical  and  experimental  work  has  been  done  toward  the  development  of  airfoil  sections. 
Theoretical  airfoil  design  is  hampered  by  the  existence  of  viscous  effects  in  the  form  of  a “boundary 
layer”  of  low-energy  air  between  the  airfoil  surface  and  the  free  stream.  This  boundary  layer  affects 
chiefly  the  section  drag  and  maximum  lift  characteristics  but  also  has  minor  effects  on  lift-curve  slope, 
angle  of  attack  for  zero  lift,  and  section  pitching-moment  coefficient. 

Since  the  boundary  layer  is  influenced  by  surface  roughness,  surface  curvature,  pressure  gradient,  heat 
transfer  between  the  surface  and  the  boundary  layer,  and  viscous  interaction  with  the  free  stream,  it  is 
apparent  that  no  simple  theoretical  considerations  can  accurately  predict  all  the  airfoil  characteristics. 

For  these  reasons,  experimental  data  are  always  preferable  to  theoretical  calculations. 

Airfoils  have  been  optimized  for  many  specific  characteristics,  including:  high  maximum  lift,  low  drag 
at  low  lift  coefficients,  low  drag  at  high  lift  coefficients,  low  pitching  moments,  low  drag  in  the  transonic 
region,  and  favorable  lift  characteristics  beyond  the  critical  Mach  number.  Optimization  of  an  airfoil  in 
one  direction  usually  compromises  it  in  another.  Thus,  low-drag  airfoils  have  poor  high-lift  characteristics, 
and  high-lift  airfoils  have  low  critical  Mach  numbers. 

It  is  apparent  from  the  above  that  any  generalized  charts  for  airfoil  section  characteristics,  including  the 
ones  in  this  handbook,  must  be  used  with  caution. 

Included  in  this  Section  are  tabulated  NACA  experimental  and  theoretical  data  that  are  used  and  discussed 
in  detail  in  Sections  4. 1.1. 1,  4. 1.1. 2,  4. 1.1. 3,  4. 1.1. 4,  4. 1.2.1, and  4. 1.2.2. 

Table  4 .1.1-A  summarizes  experimental  data  for  the  NACA  four-  and  five-digit  airfoils.  Table  4.1.1-B 
gives  corresponding  data  for  the  NACA  6-series  airfoils.  The  data,  from  reference  1,  are  for  smooth-leading- 
edge  conditions  and  9 x If)**  Reynolds  number. 

Information  is  presented  on  the  following  airfoil  characteristics: 

1.  angle  of  attack  at  zero  lift,  a0 

2.  lift-curve  olope,  c« 

3.  angle  of  attack  at  which  the  lift  curve  deviates  from  linear  variation,  of 

4.  maximum  lift  coefficient,  cj^ 

5.  angle  of  attack  for  maximum  lift  coefficient,  a 


6.  design  lift  coefficient  c, 

i 

7.  angle  of  attack  at  design  lift  coefficient,  a. 

From  these  first  five  quantities  the  approximate  section  lift-curve  shape  can  be  synthesized,  as  illustrated 
in  the  following  figure: 


4. 1.1-1 


> 

<1 
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Experiematal  data  for  « large  number  of  additional  airfoila  are  eveilable  in  the  literature.  Theae  air- 
bile  may  be  located  with  the  aid  of  table  4.1.1-C. 

Table  4.1.1»D  preeeata  theoretical  aerodynamic  charaeterietics  of  varioua  airfoil  mean  linea.  Thia 
theoretical  information  ia  naed  to  approximate  chnracterintice  of  NACA-type  airfoila  for  which  experi- 
mental data  are  not  available. 
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TABLE  4.  1.  I-C 

BIBLIOGRAPHY  OF  SUBSONIC  AIRFOIL  DATA 
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4.1. 1.1  SECTION  ZKMM.IFT  ANGl.F,  OF  ATTACK 


Reynolds  number  and  roughness  have  a small  effect  on  section  zero-lift  angle  of  attack.  Reference  1 shows 
that  variations  due  to  these  onuses  are  usually  restricted  to  less  than  1°. 

Up  to  the  critical  Mach  number  the  effect  of  compressibility  on  the  zero-lift  angle  of  attack  is  negligible. 
Above  the  critioal  Mach  number,  however,  compressibility  effects  can  cause  large  changes  in  this  parameter. 
Reference  2 presents  Mach  number  effects  on  some  cambered  sections. 

For  supersonic  Mach  numbers  it  is  advisable  to  use  the  method  of  characteristics  or  the  generalized  shock- 
expansion  method  (reference  3).  The  charts  and  tables  of  this  Section,  however,  are  restricted  to  low 
speeds. 


HANDBOOK  METHOD 


Experimental  data  from  reference  4 on  the  2ero-lift  angle  of  attack  for  NACA  four-  and  five-digit  and  6-seriee 
airfoils  are  presented  in  tables  4. 1.1-A  and  4.1.1-11,  respectively.  Data  on  many  additional  airfoils  may  be 
located  in  the  literature  with  the  help  of  table  4.1.1-C. 

For  airfoil  seriea  not  included  io  this  summary,  the  theoretical  characteristics  tabulated  is  uMe  4.1.1-D  may 
be  used  in  conjunction  with  the  aforementioned  experimental  data  to  derive  the  zero-lift  angle  of  attack 
according  to  the  following  method.  The  zero-lift  angle  of  attack  is  given  by  the  equation  (assuming  a lift- 
curve  slope  of  2tj) 


ao  = M aj  - 5£1  C|.) 


4.1.1.1-a 


= h(  aj  - 9.12  c.  ) 

‘i 

where  c|j  and  aj  are  the  design  lift  coefficient  ami  angle  of  attack  for  the  design  lift  coefficient,  respec- 
tively. The  factor  K is  empirical  (reference  4)  and  depends  upon  the  airfoil  series,  l or  NACA  airfoil  sec- 
tions the  values  are: 


K = 0.93  NACA  Four-Digit  Series 
1.08  NACA  Five-Digit  Series 
0.74  NACA  6-Series 


Theoretical  section  design  lift  coefficients  and  corresponding  angles  o!  attack  for  NACA  four*  arid  five- 
digit and  6-series  airfoils  art  given  in  table  4.1.1-D.  For  airfoils  other  than  those  included  in  table 
4.1.1-D,  the  tabulate!  velues  of  a;  and  c/j  may  be  linearly  scaled,  as  indicated  in  the  sample  problems 
below  and  in  table  4.'.1-|D.  The  zero-lift  angle  of  attack  so  obtained  may  be  adjusted  by  judicious  use  and 
comparison  with  the  experimental  data  of  related  airfoils.  Wherever  possible,  however,  experimental  data 
should  he  uaed.  The  accuracy  of  this  method  as  compared  to  experimental  data  is  shown  in  table  4.1.1.1-A. 


SAMPLE  PROBLEM 

Example  Is  Find  the  theoretical  ae  for  (the  NACA  2415  section.  The  calculation  of  the  theoretical  a9  for 
this  sectioi:  should  be  based  on  tbe  NACA  64  men  line,  for  which 
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aj  • 0.74*  sad  . .76  (Table  4.1.1-D) 
aj  -(.74)2/6 
■ 0.25* 


-(.76)  2/6 


57.3  x .25 


2rr 


- -1.91* 

This  result  compares  to  a.  . .2.0*  experimeatally. 

Exempt e 2:  Find  tbe  theoretical  a.  for  tie  NACA  65,  - 415.  s - 0.5  airfoil.  ( « ■ .4) 


Tbe  NACA  a - 0.5  mu  lias  serves  as  a base  ia  this  case,  for  wbicb  tbs  tab  slated  data  of  table  4.1.1-D  iadicate 
that  a.  m 3.04*  wbea  ■ j.Q,  Tke  da  aired  valae  of  a.  for  ibe  gives  airfoil  is  tbsa 

.4 


a-  - 3.04  x 


1.0 


•1.22* 

Substitution  isto  sqsatioe  4.1.1.1-a  yields 


a#  - .74  |l.22-  — .K-  j 


■-1.S0* 


TABLE  4.1. 1.  I A 

SUBSONIC  STBO-LIFT  ANGLE  OF  ATTACK 
SUBSTANTIATION  DATA 
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-1.0  to  -O.T 
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-8.T 
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0 * - 0 XX 
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Ixr  * OxX  * ■ .0 

-s.r 

•4.0 

♦ t.i 

«**  • »ji*  ‘i  <*  .t 

-1.0 

-1.4 

40.4 
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-n 

-*.9 

♦0.1 

Ox  • Oxx 

•1.4 

-0.0 

-0.4 

•Trf®  rmThkhT^I  bIrIimum  vijmc  for  Ut  •xpcrlMoatal  Aft  4««  primarily  to  tki okas  a*- ratio  variations 
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Av-ree-  Error  * 


« 0.4 
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4. 1.1. 2 SECTION  LIFT-CURVE  SLOPE 


The  theoretical  incompressible  lift-curve  slope  (based  on  the  Kutta-Joukowski  hypothesis  of  finite  velocity 
at  the  trailing  edge)  may  be  approximated  by  the  equation  (for  angles  of  attack  below  a*  as  given  in 
Section  4.1.1). 

eg  - 6.28  + 4.7  i/c  j 1 + .00375  J tper  rad) 


where  is  the  total  trailing-edge  angle  in  degrees.  However,  boundary-layer  effects  cause  the  actual 
lift-curve  slopes  to  fall  considerably  below  the  theoretical  values. 


On  thin  wings  the  loss  in  lift-curve  slope  due  to  Reynolds-number  effects  is  approximately  I 5 percent  at 
Rg  ~ 10^.  For  thicker  wings  the  losses  are  further  aggravated  by  the  adverse  pressure  gradient  over  the 
rear  oection  due  to  thickness  distribution.  To  a certain  extent  this  can  be  correlated  with  trailing-edge  angle. 
Very  thin  wings  with  leading-edge  bubble-type  separation  also  suffer  additional  lift-curve-slope  losses. 
Reference  1 discusses  viscous  effects  on  the  aerodynamic  characteristics  of  wing  sections. 


The  effects  of  leading-edge  roughness  on  lift-curve  slope  can  be  very  severe  in  some  cases.  Losses  as  large  as 
30  percent,  due  to  the  effects  of  the  standard  NACA  leading-edge  roughness,  are  showii  in  refe»ence  7. 


Up  to  the  critical  Mach  number  of  the  airfoil  section,  lift-curve  slope  follows  the  Prandtl-Clauert  compres-  j 

tibility  rule.  Beyond  the  critical  Mach  number,  thick  conventional  sections  suffer  large  lift-slope  changes  due  to  j 
local  shock  formation  on  first  the  upper  and  then  the  lower  airfoil  surfaces.  References  2,  3,  and  4 show  i 

these  effects  for  a series  of  thick  airfoils.  An  example  of  Mach-number  effects  on  the  lift-curve  slope  of  a j 

thin  airfoil  is  contained  in  reference  5.  Certain  airfoils,  notably  the  NACA  8-series  (reference  6),  are  specif- 
ically designed  to  avoid  these  transonic  effects.  j 

Two  methods  are  presented  in  this  section  for  estimating  the  airfoil  section  lift-curve  slope  at  speeds  up  to  | 

the  critical  Mach  number.  One  uses  the  large  body  of  available  experimental  section  data,  while  the  other  is 
based  on  the  semiempirical  method  of  reference  8.  j 

No  specific  methods  are  presented  in  the  transonic  and  supersonic  speed  regimes.  Transonic  airfoil  section 
characteristics  are  highly  variable  with  airfoil  section,  and  it  is  suggested  that  reference  be  made  to  experi- 
mental data  on  the  particular  airfoil  in  question.  At  supersonic  speeds  theoretical  pressure  distribution  about 
an  arbitrary  section  can  be  calculated  by  generalized  shock -expansion  theory,  second-order  theory,  or  the 
method  of  characteristics  (see  reference  3 of  Section  4. 1 . 1 . 1 ). 

A.  SUBSONIC 

DATCCM  METHODS 

1.  Method  1 

Experimental  lift-curve-slope  data  from  reference  7 are  presented  in  table  4.1.1  -A  for  the  NACA  four-  and 
five-digit  airfoils  and  in  table  4.1. 1-B  for  the  NACA  6-series  airfoils.  The  effect  of  the  NACA  standard  rough- 
ness on  these  data  is  indicated  in  figure  4.1. 1.2-7.  The  NACA  standard  roughness  is  obtained  by  the  use  of 
0.01  1-inch  carborundum  grains  applied  over  the  first  8 percent  of  the  24-inch-chord  test  models.  Experi- 
mental lift-curve  slopes  for  many  other  airfoils  may  be  found  in  the  literature  with  the  aid  of  table  4. 1 . 1-C. 

Low-speed  values  of  cp  obtained  from  Section  4.1.1  may  be  corrected  for  compressibility  effects  up  to 

the  critical  Mach  number  by  application  of  the  Prandtl-Clauert  compressibility  correction;  i.e., 

eg  IP- 

*■ a 


4.!. 1.2-1 


2.  Method  2 


This  method  is  basically  the  semiempirical  method  of  reference  8.  The  method  accounts  for  the  development 
of  the  boundary  layer  for  airfoils  with  transition  fixed  at  the  leading  edge  and  with  maximum  thickness  less 
than  approximately  20  percent.  The  airfoil  section  lift-curve  slope  at  Mach  numbers  up  to  the  critical  Mach 
number  is  given  by 


ce 


a 


1.0S 

P 


CJ2 


a 


N 


theory 


(%) 


theory 


4.1.1.2-a 


where 


~c  (%) 

theory 


is  an  empirical  correction  factor  obtained  from  figure  4.1.1 .2-8a.  This  factor 
accounts  for  the  development  of  the  boundary  layer  towards  the  airfoil  trailing  edge. 
It  is  related  to  the  Reynolds  number  with  transition  fixed  at  the  airfoil  leading  edge, 
and  the  trailing-edge  angle  defined  as  the  angle  between  straight  lines  passing  through 
points  at  90  and  99  percent  of  the  chord  on  the  upper  and  lower  airfoil  surfaces. 


theory 


P 


is  the  theoretical  airfoil  section  lift-curve  slope  obtained  from  figure  4. 1 . 1 . 2- 8 b . The 

values  of  /cn  \ have  been  determined  using  the  Kutta  Joukowi  ki  hypothesis. 

\ theory 

Since  / Cp  \ is  relatively  insensitive  to  the  exact  value  of  the  trailing-edge 

\ xa /theory 

angle,  a value  of  = 20°,  representing  the  upper  limit  of  the  method,  has  been 

chosen  as  a constant  m evaluating  this  parameter.  Consequently,  /cp  \ is 

\ Ka/ theory 


presented  as  a function  only  of  airfoil  thickness  ratio. 


is  the  Prandtl-Glsuert  compressibility  correction  factor  \J  1 - M*\ 


The  constant  1 .05  of  equation  4.1.1 ,2-a  is  an  empirical  correlation  factor  based  on  a large  body  of  test 
data. 


The  method  is  limited  to  attached  flow  conditions  and  must  therefore  be  applied  with  caution  to  airfoils  with 
maximum  thickness  exceeding  approximately  0.20c,  airfoils  with  trailing-edge  angles  great  r than  approxi- 
mately 20°,  and  airfoils  at  high  angles  of  attack. 

Although  the  position  of  transition  is  important  in  determining  the  boundary-layer  thickness  at  the  trailing 
edge,  no  attempt  has  been  made  to  estimate  the  effect  of  variation  of  transition  position.  The  available 
experimental  data  do  not  clearly  define  the  behavior  of  the  transition-position  movement;  consequently, 
development  of  general  design  charts  to  predict  the  variation  in  section  lift-curve  slope  with  transition- 
position  movement  does  not  appear  feasible.  The  transition  will  occur  at  or  near  the  leading  edge  on  both 
the  upper  and  lower  surfaces  of  the  airfoil  for  most  full-scale  practical  cases. 

A comparison  of  test  data  with  cp  calculated  by  this  method  is  presented  as  table  4.1.1 ,2-A. 

Ko. 


Sample  Problem 


Method  2 

Given:  Airfoil  tested  in  reference  9. 

NACA  0006  airfoil  M = 0. 1 5;  0 = 0.99  Rc  =4.5xI06  t/c  =0.06 
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(Y  in  percent  chord) 


Y90 

2 


= 0.720 


Y99 

2 


0.130 


Compute: 

1 , 

tan  - 0TE 


Y90  Y99 
2 ' 2 

= 0.066 


■ = 0.880  (figure  4. 1 . 1 .2  -8a) 

C^a ) theory 

cp  ) = 6.58  per  rad  (figure  4. 1.1. 2 -8b) 

k *a/  theory 


Solution: 


cfi. 


a 


1.05 

P 


theory 


theory 


(equation  4.1.1.2-a) 


1.05 

“0^9  <0-88°)<6^8> 

= 6. 1 4 per  rad 
= 0.107  per  deg 

This  compares  with  a test  value  of  0. 103  per  degree  obtained  from  reference  9. 
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TABLE  4.1.1.2-A 

SUBSONIC  AIRFOIL  SECTION  LIFT-CURVE  SLOPE 
DATA  SUMMARY  AND  SUBSTANTIATION 
METHOD  2 
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Section 
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2 
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%c 
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Calc, 
(par  dag) 
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Tttt 

<P#rd«g) 
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Porctnt 

Error 

0006 

0.15 

0.99 

4.5 

0.720 

0.130 

— 

0.107 

0.103 

3.9 

- 

1.00 

9.0 

1 

l 

0.108 

0.108 

0 

0009 

- 

1.090 

0.200 

0.108 

0.109 

-0.9 

- 

2.76 

i 

* 

0.101 

0.097 

4.1 

0012 

<0.15 

0.99 

3.0 

1.448 

0.280 

0.101 

0.103 

-1.9 

0015 

— 

1.00 

2.76 

1.810 

0.330 

0.097 

0.097 

0 

0004-1.1 

0.30 

0.966 

1.0 

0.622 

0.110 

0.104 

0.106 

-1.9 

0010-1.1 

* 

* 

1.556 

0.260 

0.097 

0.095 

2.1 

1408 

- 

i.oo 

9.0 

0.965 

0.175 

0.108 

0.109 

-0.9 

1410 

- 

I 

1.207 

0.220 

0.107 

0.108 

-0.9 

1412 

- 

i 

1.447 

0,270 

0.106 

0.108 

-1.9 

1410 

<.18 

0.96 

8.0 

1.207 

0.225 

0.107 

0.106 

0.9 

2408 

- 

1.00 

0.956 

0.356 

0.107 

0.106 

0.9 

2412 

- 

9.0 

1.450 

0.260 

0.106 

0.105 

1.0 

2416 

- 

i 

1.810 

0.340 

0.105 

0.106 

-0.9 

2418 

- 

2.170 

0.400 

0.102 

0.103 

• 1.0 

4412 

<0.15 

0.99 

9.0 

1.465 

0.270 

0.107 

0.108 

-0.9 

4416 

i 

1 

6.0 

1.825 

0.335 

0.102 

0.105 

-2.9 

23012 

0.105 

0.99 

3.5 

1.455 

0.265 

0.102 

0.107 

-4.7 

1 

I 

0.102 

0.1  Ob 

-2.9 

1 

* 

0.102 

0.107 

-4.7 

< 0.1  5 

1.0 

0.096 

0.096 

0 

1 

3.0 

0.101 

0.102 

-1.0 

\ 

9.0 

0.107 

0.107 

0 

1.00 

1 

0.106 

0.107 

-0.9 

23015 

- 

1.815 

0.335 

0.106 

0.107 

•1.9 

,<0.16 

0.99 

8.9 

0.106 

0.104 

1.9 

1 * 

6.0 

0.103 

0.105 

-1.9 

23021 

0.505 

■ 

3.5 

2.760 

0.500 

0.097 

0.097 

0 

63-006 

- 

1.00 

9.0 

0.383 

0.050 

0.111 

0.112 

•0.9 

63-009 

_ 

1.00 

0.550 

0,080 

0.112 

0.111 

0.9 

63-206 

0.30 

0.9&6 

1.0 

0.496 

0.020 

0.108 

0.106 

1.9 

63-206 

1 

1 

1 

0.363 

0.026 

0.108 

0.110 

•1.8 

i 

1.00 

9.0 

A 

* 

0.111 

0.112 

-0.9 

63-206 

- 

1 

0.550 

0.036 

0.112 

0.110 

1 8 

63-210 

— 

0.604 

0.030 

0.112 

0.113 

-V.9 

<0.18 

0,98 

* 

0.114 

0.110 

3.6 

63-212 

0.30 

0.956 

1.0 

0.707 

0.030 

0.108 

0.108 

0 

+ 

1 

i 

* 

* 

0.108 

0.107 

0.9 

63210 

1 

\ 

0.604 

0.030 

0.108 

0.105 

2.9 

63j -01 2 

1.00 

9.0 

0.707 

0.020 

0.112 

0.116 

•3.4 

63,-212 

- 

1 

0.707 

0.030 

0.112 

0.114 

-1.8 

63,  -41 2 

_ 

f 

0.700 

0.015 

0.112 

0.117 

-4.3 

639-416 

<0.16 

0.99 

3.0 

0.855 

0.037 

0.108 

0.116 

-6,9 

1 

6.0 

1 

0,112 

0.114 

1.8 

1 

9.0 

0.1 14 

0.114 

0 

633-018 

1.00 

1.60 

0.985 

0.025 

0.115 

0.116 

-0.9 

64-006 

- 

9.0 

0.423 

0.030 

0.110 

0.109 

0.9 

64-009 

_ 

0.611 

0.040 

0.111 

0.110 

0.9 

64-010 

0.3 

0.955 

3.85 

0.671 

0.030 

0.112 

0.120 

-6.7 

84-206 

<0.18 

0.98 

6.0 

0.550 

0.030 

0.111 

0.114 

-2.6 

64-206 

— 

1.00 

8.0 

0.423 

0.020 

0.110 

0.110 

0 

64-210 

— 

t 

0.671 

0.036 

0.111 

0.110 

0.9 

64-406 

<0.16 

0.96 

6.0 

0.610 

0.025 

0.109 

0.106 

2.8 

64-212 

0.30 

0.956 

1.0 

0.786 

0.035 

0.107 

0.105 

1.9 
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* 
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• •.6 

66.3- 110 
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♦ 

68,3410 

664- 421 

4 
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♦ 
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66-210 
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66-213 
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664216H213 

0X2161-216 
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662416 

aa<216»-*14 

63A010 

63A210 

(MA010 


64A210 

64A410 


aoo 

ao 

1.00 

0.0 

\ 

0.09 

6.0 

1.00 

aoo 

4 

1.00 

0.0 

i.w  v.u 

I I' 

aoo  i.o 

4 60 

1.00  60 
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%e 
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2 

% e 

e'a 
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a 

Ptrcant 

Error 

0.{ 

>55 

1.0 

1.065 

0.110 

0.103 

0.102 

1.0 

1.070 

0.125 

0.103 

0.107 

1.035 

0.110 

0.103 

0.103 

■9 

1.00 

6.0 

1.260 

0.150 

0.104 

0.104 

mm 

9.0 

1.550 

0.170 

0.108 

0.101 

5.9 

1.126 

0.165 

0.106 

0.106 

-0.9 

9.0 

1.030 

0.130 

0.108 

0.106 

2.9 

1.030 

0.170 

0.108 

0.103 

4.9 

1.060 

0.120 

0.106 

0.106 

2.9 

1.062 

0.125 

0.108 

0.100 

8.0 

1.260 

0.150 

0.107 

0.100 

7.0 

1.550 

0.170 

0.106 

0.095 

11.8 
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4. 1 . 1 .2-7  EFFECT  OF  NACA  ROUGHNESS  ON  SECTION 
LIFT-CURVE  SLOPE 
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4. 1. 1.3  SECTION  LIFT  VARIATION  WITH  ANCLE  OF  ATTACK  NEAR  MAXIMUM  LIFT 


Flow-separation  patterns,  which  determine  the  stall  characteristics  of  airfoil  sections,  are  due  to  the  effects 
of  viscosity.  These  flow  separation  patterns  can  be  classified  into  three  types: 

1.  Separation  near  the  trailing  edge. 

2.  Separation  of  the  short-bubble  type  near  the  leading  edge. 

3.  Separation  of  the  long-bubble  type  near  the  leading  edge. 

A complete  discussion  of  these  types  of  flow  separation,  as  they  affect  airfoil  stall  characteristics,  is  con- 
tained in  reference  1.  They  are  also  discussed  in  Section  4.1. 1.4  with  respect  to  their  effect  on  section  maxi- 
mum lift.  Some  of  the  more  pertinent  factors  affecting  these  stall  types  are  discussed  below. 

Trailing-Edge  Stall 

Trailing-edge  stall  occurs  on  wings  of  thickneaa-tu-chord  ratios  of  approximately  12  percent  and  greater.  It 
is  characterized  by  a gradual  separation  starting  at  the  section  trailing  edge  and  progressing  forward  with 
increasing  angle  of  attack.  When  t1’**  separation  has  moved  forward  to  about  the  section  midchord,  maximum 
lift  is  reached.  The  stall  for  these  sections  is  mild,  with  a gradual  rounding  of  the  lift  and  moment  curves 

nw  CW 

Leading-Edge  Stall 


As  the  thickness  ratio  of  airfoils  decreases,  the  nose  shape  becomes  progressively  sharper.  At  some  point 
the  increasingly  severe  adverse  pressure  gradients  behind  the  nose  pressure  peak  cause  the  lift  of  the  air- 
foil to  be  limited  by  aeparation  starting  at  the  airfoil  nose. 

Local  leading-edge  separation  on  the  airfoil  upper  surface  may  occur  at  angles  of  attack  well  below  those 
for  maximum  Tift,  At  taeae  lower  angles,  the  separated  laminar  boundary  layer  changes  to  turbulent  and 
reattaches  to  the  airfoil,  leaving  a bubble  of  trapped  low-energy  air  between  the  separated  boundary  layer 
and  the  airfoil  surface.  The  mechanism  of  the  reattachment  is  discussed  in  references  2 and  3.  Transition 
of  the  boundary  layer  must  precede  realtachment,  and  for  this  reason  the  relative  stability  of  the  boundary 
layer  at  separation  is  very  important.  If  the  boundary-layer  Reynolds  number  baaed  on  the  displacement 
thickness  is  greater  than  about  450,  then  transition  and  reattacbment  take  place  in  a very  abort  distance, 
giving  rise  to  a .‘‘short  bubble".  If,  on  the  other  hand,  the  boundary-layer  Reynolds  number  is  less  than 
450,  transition  and  reattachment  are  considerably  delayed,  with  a resulting  "long  bubble".  The  different 
characteristics  of  these  two  bubbles  and  their  effects  on  stall  are  discussed  below. 

. . . . Short-Bubble  Leading-Edge  Stall 

The  short  bubble  is  characteristically  one  percent  of  the  airfoil  chord  in  length  and  decreases  in  size  with 
increasing  angle  of  attack.  Because  of  its  small  size,  the  bubble  has  little  effect  on  the  section  pressure 
distribution  until  at  some  angle  of  attack  the  flow  abruptly  ceases  to  reattach,  thereby  separating  the  flow 
over  the  entire  upper  surface  of  the  airfoil.  For  this  airfoil  the  lift  and  pitching-moment  curves  are  quite 
linear  right  up  to  stall.  The  stall  itself  is  violent,  with  large  changes  in  lift  and  pitching  moment. 

. . . . Long-Babble  Loading-Edge  Stall 

The  long  bubble,  like  the  short  bubble,  consists  of  a laminar  separation  followed  by  e turbulent  reattachment. 
However,  as  the  angle  of  attack  increases,  the  size  of  the  long  bubble  also  increases  until,  at  maximum  lift, 
the  bubble  covers  the  entire  upper  surface  of  the  airfoil. 


For  the  long-bubble  type  of  separation,  the  maximum  lift  achieved  ia,  in  genera),  lower  than  that  for  either 
the  short-bubble  type  or  the  trailing-edge  type.  The  stall  for  the  long  bubble  is  mild,  with  gradual  rounding 
of  the  lift  and  moment  curvea. 


4.1.1 


Reynolds  Number  Effects 


Since  tbe  type  of  babble  formed  depends  on  tbe  Reynolds  number  of  tbe  boundary  layer  at  tbe  point'  of  separ- 
ation, it  ie  apparent  that  changes  in  free-stream  Reynolds  number,  can  cause  the  stall  of  nn  airfoil  t,»  change 
from  one  type  to  another.  If  the  Reynolds  number  in  high  enough,  boundary-layer  transition  may  take  place 
before  tbe  point  where  laminar  separation  would  occur,  and  no  bubble  will  be  formed  nt  all-  The  tables  and 
charts  pertaining  to  thin  section  nre  based  primarily  on  a Reynolds  number  of  9 x 10°.  For  other  Reynolds 
number*,  reference  4 may  be  need,  which  contains  u summary  of  the  types  of  stell  to  be  expected  ee  a 
function  of  Reynolda  number. 


HANDBOOK.  METHOD 

The  sbspe  of  tbe  section  lift  curve  just  below  tbe  stall  angle  of  attack  can  be  approximated  from  a knowledge 
of  tbe  angle  of  attack  at  which  the  lift  carve  begina  to  deviate  from  tbe  linear  alope,  tbe  maximum  lift,  angle 
of  attack  .or  maximum  lift,  and  the  lift-curve  alope.  Tbe  lift  curve  juat  before  tbe  stall  can  then  b constructed 
with  acceptable  accuracy,  nn  illustrated  schematically  in  Section  4.1.1. 


The  parameter*  c. 


, and  a ore  discussed  in  Sections  4. 1.1.4  end  4.1. 1.1.  The  angle  of  attack 


^max*  ^itiax”  ° 

a*  at  which  the  lift  curve  deviates  from  the  linear  is  tabulated  for  the  NACA  four-end  five-digit  and  6-series 
nirfoile  in  tables  4.1.1-A  and  4.1. 1-B,  respectively.  The  data,  from  reference  5,  ere  for  smooth  surfaces, 

9 x 106  Reynolds  number,  and  low  apeedn. 
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4,1. 1,3-2 


4.1. 1.4  SECTION  MAXIMUM  LIFT 

I 

I 

Subsonic  section  maximum  lift  is  sensitive  to  many  parameters,  including  airfoil  thickness,  location  of 

maximum  thickness,  camber,  position  of  maximum  camber,  Mach  number,  Reynolds  number,  Cree-stream  ! 

turbulence,  and  airfoil  surface  condition  (roughness).  These  parameters  influence  section  maximum  lift 

by  determining  the  type  of  How  aeparation  that  limits  the  lift.  Broadly  apeaking,  the  separation  patterns 

may  be  classified  into  three  types:  j 

1.  Trailiog-edgc  separation. 

2.  Leading-edge  separation  of  the  ahort-hubble  type. 

3.  Leading-edge  separation  of  the  long-bubble  type. 

i 

The  distinctive  features  of  each  of  these  types  of  separation  are  discussed  in  section  4. 1.1.3.  j 

For  airfoils  that  stall  aa  a result  of  flow  separation  from  the  leading  edge  (thin  airfoils),  the  section  max- 
imum lift  may  be  correlated  with  airfoil-lcading-edge  geometry.  The  leading-edge  parameter  that  heat  cor- 
relates the  section  maximum  lift  in  the  Ay-parameter,  the  difference  between  the  upper-surface  ordinates 
at  the  6-percent-chord  and  O.lS-perceat-chord  stations,  respectively.  This  parameter  is  presented  aa  a 
function  of  airfoil  thickness  for  several  standard  airfoila  in  Section  2.2.1. 

i 

For  thicker  symmetrical  airfoils,  i.e.,  those  that  stall  as  a result  of  separation  from  the  trailing  edge,  a 
relatively  local  leading-edge  parameter  is  no  longer  sufficient.  The  maximum  lift  of  these  sections  is  cor- 
related by  using  the  position  of  maximum  thickness  in  addition  to  the  Ay-parameter. 

Reference  1 indicates  that  for  thin  airfoila  there  ie  a maximum  lift  increment  due  to  camber  when  the  pres- 
sure distribution  near  the  noae  is  identical  to  that  of  the  corresponding  uncambered  airfoil.  The  procedure 
used  in  the  Handbook  in  to  add  an  increment  of  lift,  accounting  for  the  effect  of  camber,  to  the  symmetrical- 
airfoil  maximum  lift.  Empirically,  the  increment  is  a function  of  maximum-thickness  position  as  well  aa 
position  and  magnitude  of  maximum  camber. 

Reynolds  number  and  free-stream  turbulence  are  analogous  is  their  effects  on  section  iroiinram  Lft.  For 
thin  airfoils  an  increase  ju  Reynolds  number  or  turbulence  causes  Vcuudary-lsyer  transition  earlier,  chang- 
ing a long-bubble  to  a short-bubble  separation.  This  increases  lift.  Roughness,  if  it  causes  transition 
early  enough,  baa  the  same  effect.  For  thicker  airfoils  roughness  merely  decreases  the  euergy  of  the  bound- 
ary layer,  thus  lowering  maximum  lift. 

Mach  number  effects  are  very  severe  on  thick  airfoils.  Maximum  lift  coefficient  begins  to  drop,  starting  at 
M~0.2,  aa  illustrated  typically  in  figure  4.1.L4-8b. 

For  supersonic  speeds,  maximum  lift  can  he  calculated  by  the  method  of  reference  2,  which  makes  the 
assumptions  that  the  upper-surface  limit  pressure  is  70  percent  of  vncuurn  and  the  lower-surface  pressure 
is  a function  of  the  total  pressure  behind  a normal  shock  wave  at  the  free-atream  Mach  number  and  the  pro- 
jected area  of  the  lower  surface  perpendicular  to  the  free-atream  direction.  Section  maximum-lift  values 
obtained  by  thia  procedure  appear  to  be  slightly  low. 


Vi 
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HANDBOOK  METHOD 

la  thia  Section  two-dimensional-airfoil  maximum-lift  information  is  presented  .a  two  forms:  tabulated  date 
for  specific  NACA  airfoils  end  generalized  design  charts  from  which  the  maximum  lift  of  nonstandard  air- 
foila may  be  approximated.  Actual  test  data  should  be  used  whenever  possible,  however. 


4.1. 1.4-1 


Section  data  for  maximum  lift  and  angle  of  attack  for  maximum  lift  for  the  NACA  four-  and  five-digit  air- 
foila  are  preaented  in  table  4.1.1-A  for  emooth-leading-edge  condition*,  a Reynolds  number  of  9 x 10®, 
and  low  speeds.  Corresponding  information  for  tbe  NACA  6-aeriea  airfoils  is  preaented  in  table  4.1.1-B. 
Additional  airfoils  may  be  located  in  tbe  literature  with  tbe  aid  of  table  4.1.1-C. 


Tbe  generalised  design  charts  of  this  Section  are  empirically  derived  from  experimental  data  of  references 
3,  4,  5, and  6.  The  section  maximum  lift  coefficient  in  determined  by  the  equation 

e*«nax  " ^max^baae*  ^icfm«x  4 efm*x 

4.1.1, Va 


♦A*cimnx  *VCW  4A»cJn«x 


where  the  various  contributions  are  obtained  ae  follows: 

1.  (cf  (lJU)  base  '*  from  figure  4.1. 1.4-5  aa  a function  of  Ay  and  position  of  maximum 

thickness.  The  Ay-parameter  for  a cambered  airfoil  in  tbe  aame  ns  that  of  tbe  corresponding 
uncamhered  airfoil,  that  is,  tbe  uncambc.ed  airfoil  having  the  same  thickness  distribution. 

This  reference  value  is  for  uncambered  airfoils  with  smooth  leading  edgea,  at  9 x 106  Reynolds 
number  and  low  speed. 

2.  A,cj  accounts  for  the  effect  of  camber  for  airfoils  having  the  maximum  thickneae  at  30- 
percenf  chord.  Figure  4.1. 1.4-6  gives  A •»  a function  of  percent  camber  and  maximum- 
camber  location.  The  percent  camber  and  position  of  maximum  camber  for  standard  NACA  air- 
foils  are  discussed  in  Section  2.2,1. 

3.  ^ac|1imx  amounts  to  an  increment  by  which  ^ic|ma«>  the  ' ‘camber”  term  for  airfoils  having 
their  maximum  thickness  at  30-percent  chord,  must  be  modified  for  airfoils  having  their  maximum 
thickness  at  some  other  poaition.  This  increment  is  obtained  from  figure  4.1.1.4-7a.  (If  the 

maximum  thickness  is  at  30-percent  chord,  A«ci  is  zero). 

* 4 max 

4.  Atc|  , presented  in  figure  4.1.1.4-7b  , gives  the  lift  increment  due  to  Reynolds  number  for 
Reynolds  numbers  other  than  9 x 10®. 

5.  shown  in  figure  4.1.1.4-8e  , gives  the  lift  increment  due  to  roughness.  The  rough- 
ness in  this  case  is  the  standard  NACA  roughness  and  is  represented  by  0.011-inch  grit 
applied  over  the  first  8-percent  chord.  This  curve  in  given  only  ns  an  indication  of  roughness 
effects.  Actual  airplane  roughnesses  vary  considerably  and  their  effects  may  be  quite  different 
from  those  shown  in  figure  4.1.1.4-8a. 

6.  ^s$clmaK  >*  a correction  for  Mach  numbers  greater  than  approximately  0.2.  No  generalized  charts 
are  pre  -nted  for  Mach  number  effects.  The  lift  increment  due  to  Mach  number  should  be  ob- 
tained trom  test  data  of  similar  airfoila  when  available.  Figure  4.1.1.4-8b  shows  representative 
effects  on  particular  airfoils. 


Table  4.1.1.4-A  compares  experimental  data  with  reaulta  obtained  by  the  use  of  this  method. 


4.1. 1.4-2 


SAMPLE  PROBLEM 


Given: 

66  -415  Airfoil  section 
i 

R - 6 x 106 
M - .10 

Airfoil  surface  in  smooth 
condition 


•See  Section  2. 2.1  for  airfoil  description 
Solution: 

^max  b**e  +^tclmax  + Cfmax 

-1.56 

c/max  “ 1-60  from  test  data  of  reference  4. 


Compute: 

t/c  - 15*percent  chord* 

Position  of  maximum  thickness;  45-percent  chord* 
Position  of  maximum  camber:  SO'percent  chord* 
Amount  of  camber  2. 2-percent  chord* 

Ay  » 2.75  (from  Section  2.2.1) 

(cf  max  )base"  134  (from  fi«ure  4lUl4-5' 


A,  c, 

1 *max 

- .16  (from  figure  4. 1.1. 4-6) 

^jcfmax 

■ .06  (from  figure  4.1.1.4-7a) 

Ascf max 

- -.02  (from  figure  4.1.1.4-7b) 

A4  cimax 

-0 

\ cfmax 

-0 

^»cfmax 

+ ^*cfmax  + cf max 

4.1. 1.4-3 
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FIGURE  4.  1.  t. 4-4  AIRFOIL  SECTION  MAXIMUM  LIFT  COEFFICIENT 

OF  UN  CAM  H BRED  AIRFOILS 
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4.1.2  SECTION  PITCHING  MOMENT 

4.  1.2.1  SECTION  ZERO-LIFT  PITCHING  MOMENT 


The  xero-lift  pitching-moment  coefficient  is  included  tar  various  NACA  four-  and  five-digit  and  NACA 
6-series  airfoil  sections  in  tables  4. 1.1-A  and  4.1. 1-B.  These  data  should  be  used  wherever  possible 
iu  preference  to  theoretical  data  in  stability  and  control  calculations. 

These  tables  are  applicable  to  Mach  numbers  below  the  critical.  Above  the  critical  Much  number, 
appreciable  changes  in  xero-lift  pitching  moment  may  be  present  because  of  compressibility  effects. 

Additional  section  data  may  be  located  in  the  literature  with  the  aid  of  table  4.1. 1-C. 

The  theoretical  pitching-moment  coefficients  of  the  various  airfoil  mean  linos  at  the  design  lift  coef- 
ficients are  proportional  to  the  section  design  lift  coefficient  or  mean-line  ordinate  (camber)  and  may  be 
scaled  up  or  down  as  shown  in  the  sample  problems  below  or  in  table  4.1. 1-D.  Since  the  theoretical  thin- 
airfoil  aerodynamic  center  is  at  the  quarter-chord  point,  the  theoretical  zero-lift  pitching  moment  is  iden- 
tical to  the  theoretical  pitching  „ xnent  about  the  quarter-chord  point  at  the  design  lift  coefficient,  shown 
ia  table  4.1. 1-D. 


Sample  ProWsmv 

Example  1:  Find  the  theoretical  Cr^  about  the  quarter-chord  point  for  the  2415  airfoil.  Using  the  64 
mean  line  as  a base,  for  which  c^”  -0.157(tnble  4.1. 1-D),  the  required  pitching-moment 
coefficient  is 

^ny,-  -.157  a 2/6 
« -.05  .J 

The  experimental  value  for  this  section  is  -.049  (table  4. 1.1-A). 

Example  2:  Find  the  cmo  about  the  quarter-chord  point  for  the  NACA  65j"215,  a * 0.5  airfoil.  The 
design  lift  coefficient  for  this  airfoil  is  0.2.  Using  the  6-series  mean  line  for  a ■ 0.5, 
for  which  c^  • -.139  (table  4.1. 1-D) , gives  the  desired  pitchinpmoment  coefficient: 

coiq  * -.139  x .2 
-.028 


4. 1.2. 1-1 


4. 1.2.2  SECTION  PITCHING-MOMENT  VARIATION  WITH  LIFT 


A.  SUBSONIC 

The  aerodynamic  center  of  thin  airfoil  aectiona  ia  theoretically  located  at  the  quarter-chord  point.  Experi- 
mentally, the  aerodynamic-center  location  ia  a function  of  aection  thickness  ratio  and  trailing-edge  angle. 
Experimental  data  ahould  always  be  uaed  in  preference  to  the  theory. 

The  summary  of  experimental  aerodynamic  characteristics  of  various  NACA  four-  and  five-digit  and  6-series 
airfoil  sections  given  in  tables  4.1.1-A  and  4.1.1-B  includes  aerodynamic-center  location. 

Figure  4.1. 2.2-3  presents  the  generalized  aerodynamic  center  for  the  useful  range  of  airfoil  thickness  ratios 
and  trailing-edge  angles.  Trailing-edge  angles,  as  defined  on  figure  4.1. 2.2-3  are  given  for  standard 
NACA  airfoils  in  Section  2.2.1.  A comparison  of  experimental  data  with  results  based  on  these  charts  is 
shown  in  table  4.1.2.2-A. 

B.  SUPERSONIC 

Section  pitching-moment  variation  with  lift  at  supersonic  speeds  is  primarily  a function  of  section  thickness, 
thickness  distribution,  and  camber.  For  conditions  where  there  is  no  flow  separation,  shock-expansion 
theory  gives  results  that  are  in  good  agreement  with  experimental  data. 

At  the  higher  angles  of  attack,  especially  for  the  thicker  sections,  flow  separation  taken  place  on  the  upper 
rear  portion  of  the  airfoil.  Under  these  circumstances  the  experimental  center  of  pressure  is  farther  forward 
than  that  predicted  by  theory. 

At  very  high  angles  of  attack,  the  shock  detaches  from  the  section  leadiug  edge.  The  center  of  pressure 
then  tends  toward  the  50-perccnt-chord  point  as  the  angle  of  attack  increases  toward  90° 

Figure 4.1. 2.2-4  gives  the  position  of  the  center  of  pressure  for  three  airfoil  sections  as  a function  of  Mach 
number,  angle  of  attack,  and  thickness  ratio.  These  results  are  calculated  from  shock- expansion  theory 
(reference  1)  and  are  strictly  applicable  only  when  the  (low  is  everywhere  attached. 
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TABU  4.1JU-A 

AIRFOIL-SECTION  AERODYNAMIGCENTER  POSITION 
DATA  SUMMARY  AND  SUBSTANTIATION 


Aiif*U  SmDm 
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Twt 

Calc. 

AXm 

(Cale.-Te«*' 

Mil 

279 

241 

237 

-606 

MM 

91.6 

291 

292 

+.001 

MIS 

196 

J65 

265 

0 

MIS 

296 

Ml 

243 

0 

Mil 

276 

298 

237 

-601 

MM 

91.4 

299 

232 

-607 

&V61S 

66 

266 

268 

+.002 

69r018 

i.7 

271 

271 

0 

6V41I 

5.7 

272 

271 

-601 

69.-011 

66 

279 

274 

+601 

69.-221 

66 

269 

274 

+605 

64A010 

106 

259 

259 

0 

64.A11S 

156 

251 

252 

0 

66.A212 

196 

251 

251 

-601 

64-906 

26 

258 

2S7 

-601 

66009 

96 

260 

262 

+608 

64.-012 

46 

2S9 

265 

+606 

64r015 

56 

260 

267 

-601 

64L018 

6.6 

268 

266 

+601 

66,-011 

9.1 

279 

272 

-601 

65-006 

2.9 

256 

266 

0 

65r0IS 

72 

2S9 

265 

+.006 

65,-Wl 

10.1 

270 

269 

-.001 

66006 

56 

258 

259 

-60S 

66rOIS 

9.9 

255 

262 

-.009 

66,-011 

19.0 

.275 

265 

-.010 

19026 

91.4 

291 

292 

+601 

0006 

7.9 

250 

249 

-.001 

1611 

15.7 

250 

248 

-.002 

29011 

15.7 

261 

248 

+.007 

29018 

296 

261 

.242 

+601 

29011 

27  6 

294 

237 

+.009 

29024 

91.5 

239 

.391 

+ .008 

Aw*t*  Error 

• 

= 0.009 
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4.1.3  WING  LIFT 


In  (hr  following  group  of  Sections,  (4. 1.3.1  through  4.1. 3.4),  methods  are  presented  for  calculating  the  lift  and  normal 
force  on  Kings  at  any  angle  cf  attack  and  any  speed.  An  accurate  determination  of  wing  lift  characteristics  is  important, 
since  many  other  calculations  are  based  on  the  wing-alone  properties,  e g.,  all  wing  body  lift  estimates  and  wing  and 
wing-body  rolling-moment  calculations. 


For  this  reason  the  approximations  that  are  made  in  calculating  wing  lift  in  certain  of  the  following  Sections  must  be 
clearly  understood  in  terms  of  their  effect  on  the  accuracy  of  the  resulting  numerical  values. 


The  aerodynamic  forces  acting  on  a wing  may  be  represented  by  a single  force  vector.  This  vector  is  conventionally 
resolved  into  two  orthogonal  components.  The  directions  of  the  components  are  defined  by  the  axis  system  selected. 
The  two  axis  systems  used  most  often  are  illustrated  in  the  sketch  below. 

l r f 


In  the  lift  axis  system,  the  force  vector  F is  resolved  into  components  perpendicular  and  parallel  to  the  free  stream. 
These  components  are  called  lid  and  drag,  respectively.  In  the  normal-force  axis  system,  the  force  vector  is  resolved 
into  components  perpendicular  to  and  parallel  to  the  wing  chord,  called  the  normal  force  and  the  chord  force,  respectively. 


The  equations  relating  the  lift,  drag,  normal  force,  and  chord-force  coefficients  are 


Cs  = CL  cos  a -f-  CD  sin  or  4.1.3-a 

C.x  ■=  - Cd  cos  a -f-  Cl  sin  a 4.1.3-b 

CL  — CN  cos  a C*  sin  a 4.1. 3-c 

CD  — C\  sin  a -•  C*  cos  a 4.1.3-d 


II  the  resultant  force  vector  is  nearly  normal  to  the  wing  surface,  tns  rhoidwise  force  component  can  be  neglected  and 

F=N  XsO 

Cl  ~ C\  cos  a 4.1. 3-e 

Co  ~ C\-  sin  a 4.1. 3-f 

The  resultant  force  vector  is  nearly  normal  to  the  wing  surface  for  all  low  aspecl-ratio  wings  and  for  high-aspect-ratio 
wings  at  angles  of  attack  beyond  'he  stall  at  subsonic  speeds.  It  is  also  nearly  normal  to  the  wing  surface  for  all  .rings 

at  supersonic  speeds.  However,  lor  high-aspect-ratio  wings  at  angles  of  attack  below  the  stall,  the  resultant  force  vector 

is  more  nearly  perpendicular  to  the  free-sireatn  direction  than  normal  to  the  wing  surface. 

For  purposes  of  continuity  through  the  complete  speed  and  angle-of-attaok  envelope  it  is  convenient  to  introduce  a 
pseudonormal  force  Cx',  defined  by  the  equation 


4.1.  H 


CO*  or 


As  indicated  by  the  discussion  above,  this  CN'  is  essentially  the  true  normal  force  for  all  situations  except  that  of  High- 
aspect-ratio  wings  at  angles  of  attack  below  the  stall. 


In  the  following  Sections  CN-'  is  used  for  C.s-  throughout.  Sample  problems  in  Section  4.1.3.3  show  comparisons 
between  experimental  C*  values  and  calculated  C.\'  values,  and  between  experimental  and  calculated  CL  values  for 
several  configurations. 
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4. 1.3.1  WING  ZERO-LIFT  ANGLE  OF  ATTACK 


The  method  presented  in  this  section  is  restricted  to  subsonic  speeds.  In  the  transonic  and  supersonic  speed 
regimes  it  is  suggested  that  reference  be  made  to  experimental  data. 

A.  SUBSONIC 

The  effect  of  planform  geometry  on  the  zero-lift  angle  of  attack  of  untwisted,  constant-section  wings  is 
relatively  small.  Therefore,  the  method  applied  to  such  planforms  is  based  on  airfoil  section  properties. 

For  untwisted,  constant-section  wings  the  zero-lift  angle  of  attack,  taken  from  reference  1 , is 


8=0 


= Oil  — 


(degrees) 


4.1.3.1-a 


where  Cjj  jt  ait  and  c^  are  the  section  design  lift  coefficient,  angle  of  attack  for  design  lift  coefficient,  and 
section  lift-curve  slope,  respectively.  These  data  may  be  obtained  from  Section  4.1.1. 

Equation  4.1 ,3.1-a  is  applicable  to  swept  wings  if  the  airfoils  are  defined  parallel  to  the  free  stream. 

If  definition  of  the  airfoil  section  parallel  to  the  free  stream  is  not  available  for  a particular  swept  wing, 
then  O!o  may  be  approximated  by 


(aa)  = tan 


8=0 

A 


t 1 tan  <a0)  — - 1 (degrees) 

L e =0  cos  A J 

A*0 


4.1.3.1-b 


where 


A is  the  sweepback  of  some  constant-percent  chord  line. 

(q0)  is  the  zero-lift  angle  of  attack  of  an  untwisted,  constant-section  wing  of  zero-degree 
sweepback  obtained  by  using  equation  4.1.3.1-a.  Values  of  and  caused  in  equation 

4.1 .3.1 -a  are  based  on  the  airfoil  section  in  a plane  normal  to  the  particular  constant-percent 
chord  line. 

For  wings  with  constant  airfoil  sections  and  linear  twist,  lifting-line  theory  may  be  used  as  in  reference  2 to 
obtain  ao  as  a function  of  planform  geometry.  This  method  uses  the  equation 


(?) 


6 (degrees) 


4.1.3.1-c 


4.1.3. 1-1 


where 


(tv  ) is  the  zero-lift  angle  of  attack  of  the  untwisted,  constant-section  wing,  given  by  equation 
4*,°  4.1.3.1-a, 

Aol 

is  the  change  in  wing  zero-lift  angle  of  attack  due  to  a unit  change  in  linear  wing  twist.  This 

® parameter  is  obtained  from  figure  4.1 .3.1-14. 

$ is  the  twist  of  the  wing  tip  with  respect  to  the  root  section,  in  degrees  (negative  for  washout). 

A linear  spanwise  twist  distribution  is  assumed  (all  constant-percent  points  of  the  local 
chords  lie  in  straight  lines  along  the  span). 

Test  data  have  indicated  that  if  the  airfoil  is  cambered  the  zero-lift  angle  of  attack  varies  with  Mach 
number,  particularly  above  the  critical  Mach  number.  A Mach  number  correction  to  be  applied  to  cambered 
airfoils  is  presented  as  figure  4.1.3.145.  This  chart  gives  the  ratio  of  the  zero-lift  angle  of  attack  at  any 
subsonic  Mach  number  to  the  corresponding  value  at  M - 0.3.  This  chart  is  based  on  the  data  of  references 
3, 4,  and  5 and  is  to  be  considered  as  a first-order  approximation  only. 

Unfortunately,  there  are  not  enough  data  to  substantiate  the  theoretical  results  as  applied  to  either 
untwisted  or  twisted  wings.  Consequently,  experimental  data  should  be  used  whenever  possible. 


Sample  Problem 


Given:  An  untwisted,  constant-section  wing. 

A = 6.0  Ac/4  = 6.340  x = 0.50  6 = 0 


NACA  23012  airfoil  (streamwise) 


90 


1.455 


1 99 
2 


= 0.265 


Low  speed;  0 = 1.0  = 1 x 10®  (based  on  MAC) 

Compute: 


a,  = 1.65° 


• 0.30 


(table  4.1. 1 -D) 


Determine  c*  (Section  4.1. 1.2) 

ZCt 


y90  y99 

1 , ~2  T 

tan-*TE  


1.455  -0.265 


= 0.132 


4.1. 3.1-2 


= 0.760  (figure  4,1.1. 2-8a) 


% 


(%) 


theory 


(Ct  \ - 6.89  per  rad  (figure  4.1.1. 2-8b) 

1 "'theory 


Ci,  = 


1.05 
* & 

1.05 


(%) 


theory 


(c.  \ (equation  4.1.1. 2-a) 

' a>  theory 


1.0 

= 0.096  per  deg 


[0.760]  (6.89)  = 5.50  per  rad 


Solution: 


% 

(au)  = a.  (equation  4.1.3. 1-a) 

u 1 c* 


= 1.65  - 


0.30 


0.096 
1.48  deg 
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FIGURE  4.1.3. 1-4  EFFECT  OF  LINEAR  TWIST  ON  WING  ANGLE  OF  ATTACK  FOR 
ZERO  LIFT 
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L'-'i 

N 


N 


FIGURE  4. 1.3. 1-5  MACH  NUMBER  CORRECTION  FOR  ZERO-LIFT  ANGLE  OF  ATTACK  OF 
CAMBERED  AIRFOILS 
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4. 1.3.2  WING  LIFT -CURVE  SLOPE 


The  lift  on  a wing  at  angle  of  attack  results  from  the  distributed  pressures  over  the  surf  fee  of  the 
wing.  At  subsonic  speeds,  most  of  the  lift  on  a wing  is  derived  from  a region  of  low  pressure  on  the 
upper  surface  near  the  leading  edge.  The  magnitude  and  distribution  of  this  pressure  field  is  such 
that  its  integrated  value  over  the  wing  surface  results  in  a force  vector  that  is  very  nearly 
perpendicular  to  the  free-stream  direction.  This  is  the  well-known  iift-force  vector.  The  rate  of 
change  of  this  vector  with  angle  of  attack  is  the  lift-curve  slope  dCL/da,  usually  written  as  Q Q . 

At  supersonic  speeds  the  pressure  distribution  over  the  wing  is  quite  different.  The  pressure 
integration  results  in  a force  vector  that  is  more  nearly  perpendicular-  to  the  wing-chord  plane  rather 
than  to  the  free-stream  direction.  This  is  called  the  normal  force  and  its  variation  with  angle  of 
attack  in  coefficient  form  is  dCN/da,  orCNa- 

For  small  angles  of  attack,  Cia  is  interchangeable  with  Cn^.  At  higher  angles  of  attack  the 
distinction  is  important. 

For  finite,  three-dimensional  wings,  the  free-stream  direction  with  reference  to  the  wing  local-airfoil 
sections  is  determined  by  the  free-stream  angle  of  attack  decreased  by  the  local  induced  angle  of 
attack.  The  lift  vector  is  tilted  back  by  an  angle  equal  to  the  local  induced  angle.  This  force  vector 
can  be  resolved  into  two  components  --  one  perpendicular  to  and  one  parallel  to  the  free-stream 
direction. 

For  high-aspect-ratio  wings  there  is  a certain  justification  in  using  Cl*  as  Cn^  below  stall  angles, 
since  the  induced  angle  is  small.  For  angles  of  attack  beyond  the  stall,  the  total-force  vector  is 
essentially  normal  to  the  wing  chord.  For  very  low -aspect-ratio  wings  at  high  angles  of  attack,  the 
induced  effects  are  large  and  the  local-force  vector  is  tilted  back  through  a large  angle. 


A.  SUBSONIC 

Theories  for  calculating  the  subsonic  lift  on  three-dimensional  wings  fall  into  two  general  classes, 
lifting-surface  theories  and  lifting-line  theories.  Lifting-surface  theories,  such  as  those  of 
References  1 and  2,  give  highly  accurate  results  for  both  wing  lift  and  pitching  moment.  Since  they 
are  rather  difficult  to  apply,  however,  they  are  usually  reserved  for  detailed  analyses  of  specific 
wings,  particularly  low-aspect-ratio  wings,  where  the  induced-camber  and  induced-angle-of-attack 
effects  are  important. 

Lifting-line  theories  are  widely  used  for  calculating  the  lift-curve  slopes  of  high-aspect-ratio  wings, 
where  chord-loading  effects  are  less  important.  Certain  modified  lifting-line  theories  (References  3 
and  4)  give  lift-curve  slopes  (but  not  pitching  moments)  that  are  quite  accurate,  even  for  very  low 
aspect  ratios.  The  explanation  foi  this  unexpected  accuracy  is  given  in  Reference  5. 

At  subsonic  speeds  methods  are  presented  for  determining  the  lift-curve  slope  of  the  following  two 
classes  of  wing  planfomis: 

Straight-Tapered  Wings  (conventional,  fixed  trapezoidal  wings) 


Non-Straight-Tapered  Wings 


Double-delta  wings  (composite  wings  with  A « 3 or  less) 

Cranked  wings  (composite  wings  with  A « 3 or  greater) 

Curved  (Gothic  and  ogee)  wings 

These  three  genera!  categories  of  non-straight-tapered  wings  are  illustrated  in  Sketch  (a),  and  their 
wing-geometry  parameters  are  presented  in  Section  2.2.2. 


Double  delta 


Cranked 


Curved 


SKETCH  (a) 


Two  separate  methods  are  presented  for  straight-tapered  wings.  Method  1,  taken  from  Reference  3, 
is  applicable  to  the  majority  of  configurations.  In  this  method,  the  wing  taper  ratio  has  been 
eliminated  as  a parameter  by  the  use  of  the  midchord  sweep  angle  rather  than  the  conventional 
quarter-chord  or  leading-edge  sweep  angle.  This  permits  a considerable  simplification  in  the 
presentation  of  wing-lift-curve-slope  information.  Because  of  this  simplification,  the  method  of 
Reference  3 has  been  chosen  for  presentation  in  this  section  for  estimating  the  lift-curve  slope  of 
straight-tapered  wings.  It  gives  results  that  agree  with  slender-wing  theory  (Reference  6)  at  very  low 
aspect  ratios  and  with  two-dimensional  section  data  at  infinite  aspect  ratios. 


Method  2,  taken  from  Reference  7,  is  applicable  only  at  M = 0.2  for  highly  swept,  constant- 
section,  low  aspect-ratio,  delta  or  clipped-delta  configurations  with  large  thickness  ratios;  i.e., 
0. 10  < t/c  0.30.  The  unique  feature  of  this  method  is  its  consideration  of  the  vortex-induced  lift. 
In  contrast  to  the  conventional  constant  lift-curve  slope,  this  method  allows  for  one  or  two  breaks 
in  the  lift-curve  slope  to  account  more  accurately  for  the  vortex-induced  lift  contribution. 


The  lift-curve  slopes  of  non-straight-tapered  wings  are  treated  in  Reference  8.  The  planforms 
investigated  include  double  delta,  cranked,  and  curved  (Gothic  and  ogee).  Methods  for  predicting 
the  lift-curve  slope  near  zero  lift  for  these  planforms  are  based  on  the  work  of  Spencer  in 
Reference  9.  This  work  consists  of  an  extension  of  the  results  presented  for  conventional  wings  in 
Reference  3 to  include  wings  having  variation  in  sweep  along  the  span.  Since  lift  curves  of 
double-delta  and  curved  wings  are  considered  nonlinear  throughout  the  lift  range,  the  lift-curve 
slope  near  zero  lift  is  of  little  significance  by  itself.  On  the  other  hand,  experimental  results  show 
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that  the  lift  curves  for  cranked  wings  (defined  as  composite  wings  with  aspect  ratios  approximately 
three  or  greater)  exhibit  a linear  range  up  to  approximately  eight  degiees  angle  of  attack. 
Consequently,  the  method  of  Reference  9,  as  modified  by  an  empirical  correlation  factor,  is  used 
for  the  prediction  of  CLa  for  cranked  wings  with  round-nosed  airfoils. 

DATCOM  METHODS 

Straight-Tapered  Wings 
Method  1 

The  three-dimensional  lift-curve  slope  of  conventional  wings  is  presented  in  Figure  4. 1.3. 2-49  as  a 
function  of  wing  aspect  ratio,  midchord  sweep  angle,  Mach  number,  and  section  (defined  parallel  to 
the  free  stream)  lift-curve  slope.  The  factor  k of  Figure  4.1.3.2-49  is  the  ratio  of  the 
two-dimensional  lift-curve  slope  (per  radian)  at  the  appropriate  Mach  number  to  2rr/0;  i.e.,  (Cs0)M/ 
(2rr/(3).  Section  lift-curve  slope  (per  degree)  is  obtained  from  Section  4. 1.1. 2. 

A sweep-conversion  formula  is  given  in  Section  2.2.2,  from  which  the  midchord  sweep  for  any 
straight-tapered  wing  may  be  determined. 

Application  of  the  method  is  illustrated  in  the  sample  problem  following  the  non-straight-tapered- 
wing  methods  of  this  paragraph,  and  in  the  sample  problems  following  the  straight-tapered-wing 
methods  for  transonic  speeds  in  Paragraph  B. 

Method  2 

This  semiempirical  method  is  taken  from  Reference  7,  ignoring  the  small  wing-planform  nose-radius 
effects.  The  semiempirical  method  was  developed  by  using  the  test  results  of  Reference  7, 
correlated  with  the  theoretical  predictions  based  on  lifting-surface  theory.  Because  of  its 
semiempirical  nature,  the  method  should  be  restricted  to  M = 0.2  conditions  for  highly  swept, 
constant-section,  low-aspect-ratio,  delta  or  clipped-delta  configurations  with  the  following  geomet- 
ric characteristics: 


0.58CAC2.55 
OCX  <0.3 
63°  C Ale  C 80° 
0.10  <t/c  <0,30 
Ate  = ^ 


The  determination  of  the  breaks  in  the  lift-curve  slope  (Cl,,  and  Cl,,,  in  Sketch  (b)),  is  contingent 
upon  the  availability  of  section  upper-surface  pressure  data  for  the  particular  airfoil  section  being 
considered.  In  the  method  formulation  of  Reference  7,  the  pressure  data  were  derived  by  means  of 
a computer-program  solution  for  the  potential  flow  equations  for  two-dimensional  incompressible 
flow,  by  the  method  of  conformal  transformation  according  to  Imai  (Reference  10).  However,  test 
data  from  Reference  1 1 or  any  other  source  of  valid  experimental  data  will  satisfy  the  requirement. 
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ANGLE  OF  ATTACK,  « (deg) 


uo 


SKETCH  (b) 


For  round-nosed-planform  configurations,  the  reader  is  referred  to  Reference  7,  where  three 
different  planform  nose-radius  models  were  tested.  Although  a procedure  was  developed  to  account 
for  the  incremental  nose-radius  effects,  it  requires  a computer-program  lifting-surface  theory  as  a 
basis. 

The  lift-curve  slope  for  a low-aspect-ratio,  delta  or  clipped-delta  wing  may  be  approximated  by  the 
following  procedure: 

Step  1.  Determine  the  low-lift-region  lift-curve  slope  uncorrected  for  thickness  effects  by 


|Ci  ) . =8  tan  1 

\ «/  theory 


?rA  

1 6 + irA/(  1 + 2 X tan  ALE) 


4. 1.3.2-a 


where 
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A is  the  wing  aspect  ratio. 

X is  the  wing  taper  ratio. 

Ale  is  the  wing  leading-edge  sweep. 


Step  2. 


Step  3. 


Step  4. 


Step  5. 


Step  6. 


Determine  the  low-lift-region  lift-curve  slope,  based  on  the  wing  planform  area,  by 
correcting  the  theoretical  value  in  Step  1 for  thickness  effects. 


thcuiy 


theory 


4. 1.3.2-b 


where 

(C^)thcory  from  Step  1 above. 

/„  \ is  trom  Figure  4. 1.3.2-50a  as  a Junction  of  aspect  ratio,  taper 

\ L°/ theory  ratio,  and  thickness  ratio. 

Plot  the  maximum  negative  upper-surface  section  pressure  coefficient  CPu  and  its 
corresponding  section  lift  coefficient  ctf  on  Figure  4. 1 ,3.2-50b  for  three  or  four 
different  section  lift  coefficients.  These  pressure  data  are  supplied  by  the  user  and 
may  be  theoretical  or  taken  from  a source  of  experimental  data  such  as 
Reference  1 1.  When  a sufficient  number  of  points  have  been  plotted,  fair  a smooth 
line  through  the  points.  Now  determine  where  the  fairea  line  intersects  the  value  of 
/ C.  \ as  determined  above  in  Step  1 . The  point  of  intersection  determines 

\ “/theory 

the  value  of  , read  on  the  abscissa  scale  of  the  figure.  The  value  for  Q is  the 

lift  coefficient  where  the  vortex  lift  component  necessitates  the  first  change  in  the 
lift-curve  slope  (see  Sketch  (b)).  The  point  of  intersection  also  defines  the  maximum 
negative  upper-surface  section  pressure  coefficient  CPu  used  in  the  next  step. 

Plot  the  maximum  negative  upper-surface  section  pressure  coefficient  CPu  versus  its 
corresponding  nondimensional  chordwise  location  x/c.  (These  pressure  data  are 
supplied  by  the  user  as  above  in  Step  3.)  Read  the  chordwise  location  x/c 
corresponding  to  the  value  of  CPu  determined  in  Step  3. 

Determine  the  value  of  Ci.,,,  from  Figure  4.1.3.2-51  as  a function  of  taper  ratio, 
sweep,  thickness  ratio,  and  the  chordwise  location  of  CPu-  The  value  for  C[,1U  is  the 
lift  coefficient  where  the  vortex  lift  component  necessitates  a second  change  in  the  ! 
lift-curve  slope  (see  Sketch  (b)).  j 

Determine  the  value  of  (C ■ ),.  ..  from  the  following; 

\ <*/  limit 


(CT  ) = 0.0467  (sin  A,.)1 14  (per  deg) 

\ Wlimi!  1 


4.1 ,3.2-c 


where 

Ac  is  the  complement  of  the  loading-edge  sweep  angle  ALH;  i.e.,  Ac  = 90°  - A(  ,.. . 


4.1. 3.2-5 


Step  7. 


Step  8. 


Step  5. 


Step  10. 


Determine  the  incremental  increase  in  lift-curve  slope  5Cj,n  starting  at  Cl^ 
according  to  the  following  criteria: 


If 

Then 

(c.  V , - (c,  )u  • >0.0067; 

\ “/limit  \ “/bine 

6Ci.a]|[  “ 0.0067  per  deg 

5Cl«U  ~ (Cl*»)  limit  " (('l*“)b»»ic 

(Cl-)  limit  <(C>-ib..i.; 

scLa„  - o 

Determine  the  total  lift-curve  slope  in  the  region  between  CL!l  and  C^,,,  using 

(C>~)„  - (C^.)b.H.  + (S°U)  „ 

4.1.3.2-d 

where 

(CL-)b«.c  “from Step 2. 

(«CLa)u  is  from  Step  7. 

Determine  the  incremental  increase  in  lift-curve  slope  5Ci,q  starting  at  C|,H1 
according  to  the  following  criteria : 01,1 

If 

Then 

K)**,  -(Cw)b..,c>0-0>2; 

(fiCL“)llI  = 0 012  P*^** 

N-  ~(Ci-)’--“<00,2; 

(SCl“)lU  ' (CL“)umtt  ~ (CL“)b».ic 

(Ct-.)umU  < (<"L“)b.iic' 

(5Cl“)  111  = 0 

Determine  the  total  lift-curve  slope  in  the  region  beyond  Clu,  using 

(Cl«)iu  ~ (CL»)b».ic  + {5Cl«)iu  4.1.3.2-e 

where 


C,  \ is  from  Step  2. 
, S/bMic 


6C,  \ is  front  Step  9. 


4.1. 3.2-6 


1 


The  entire  lift-curve  slope  may  now  be  constructed  as  shown  in  Sketch  (b).  (Note  that  the  wing 
zero-lift  angle  of  attack  a0  is  determined  by  using  Section  4.1 .3. 1.) 

No  substantiation  of  this  method  is  possible  because  of  the  lack  of  low-aspect-ratio  test  data  having 
wing  thickness  ratios  of  0.10  ^ t/c  < 0.30.  Application  of  this  method  is  illustrated  in  the  sample 
problem  on  Page  4. 1 .3.2-8. 

Non-Straight-Tapered  Wings 

Double-Delta  Wings 

Although  the  lift-curve  slope  near  zero  lift  of  double-delta  wings  is  of  little  significance  by  itself, 
this  CLo  is  used  in  the  correlation  of  nonlinear  lift  of  double-delta  wings  at  subsonic  speeds  in 
Section  4. 1.3.3. 

This  method,  taken  from  Reference  9,  consists  of  an  extension  of  the  method  of  Reference  3 by  use 
of  an  effective  value  of  cos  Ac/2,  which  is  defined  as  the  area-weighted  average  of  the  local  value  of 
cos  A c/2. 

The  subsonic  lift-curve  slope  of  double-delta  wings  is  obtained  from  the  procedure  outlined  in  the 
following  steps: 

Step  1,  Divide  the  wing  into  n sections,  each  section  being  assumed  to  have  constant  sweep 
angles  within  its  boundary.  (See  Section  2.2.2  for  wing-geometry  parameters.) 

Step  2.  Using  the  wing  geometry  determined  in  Step  1 , obtain  (cos  A .- ) by 

^ • * C f f 


j-" 

^(cosA^Sj 


j=l 


4, 1.3,2- f 


where 

Sw  is  the  total  wing  area. 

j denotes  one  section  of  n sections  having  constant  sweep  angles 

within  its  boundary. 

S.  is  the  total  area  of  one  section  of  n sections. 


(cos  Ac / 2 >j 


is  the  cosine  of  the  sweep  angle  of  the  half-chord  line  of  one 
section  of  n sections 


Step  3.  Obtain  the  lift-curve  slope  by  application  of  the  method  used  to  determine  CLa  of 
straight-tape;  cd  wings,  but  with  (Ac/2)eff  used  in  place  of  A,2  in  the  design  chart 
(Figure  4.1.3.2-49), 

Application  of  this  technique  is  illustrated  in  the  sample  problem  on  Page  4.1 .3.2-10. 


4. 1.3. 2-7 


Cranked  Wings 


fP 


The  subsonic  lift-curve  slope  of  cranked  wings  with  round-no9ed  airfoils  is  obtained  by  applying  an 
empirical  correlation  to  the  method  of  Reference  S». 

The  equation  for  Cl^  of  cranked  wings,  taken  from  Reference  8,  is 


CL,  ' 


4. 1.3.2-g 


where 

is  the  lift-curve  slope  of  the  cranked  wing,  predicted  by  the  method  outlined 
above  for  the  double-delta  planform. 


is  the  empirical  correlation  factor  of  subsonic  lift-curve  slope  for  cranked 
wings.  It  is  presented  as  a function  of  wing  aspect  ratio  and  Mach  number  in 
Figure  4.1 .3.2-52.  (All  cranked  wings  analyz.  1 in  References  had  round 
leading  edges,  and  the  use  of  Figure  4. 1.3. 2-52  L restricted  accordingly.) 

A comparison  of  test  data  for  12  configurations  with  Clb  .of  cranked  wings  having  round-nosed 
airfoils  calculated  by  this  method  is  presented  as  Table  4.1.3.2-A  (taken  from  Reference  8).  The  test 
data  are  for  four  wing-alone  and  eight  wing-body  configurations.  Three  of  the  wing-alone 
configurations  have  two  breaks  in  the  leading  edge.  Although  no  attempt  has  been  made  to  define 
the  effects  of  wing  thickness  ratio,  poor  accuracy  generally  results  for  t/c  > 0.09.  It  should  also  be 
noted  that  the  calculated  accuracy  deteriorates  as  Mach  number  exceeds  0.80.  No  configuration  had 
a body-diameter-to-wing-span  ratio  greater  than  0.147  and,  consequently,  the  wing-body  interfer- 
ence is  considered  to  be  negligible.  It  is  suggested  that  this  method  be  restricted  to  values  of 
M < 0.80  and  t/c  <0.10. 

It  is  suggested  that  the  subsonic  lift-curve  slope  of  cranked  wings  with  sharp-nosed  airfoils  be 
obtained  by  direct  application  of  the  method  outlined  for  double-delta  planforms. 

Curved  Wings 

No  method  is  presented  for  estimating  the  subsonic  lift-curve  slope  of  curved  wings  because  of  their 
nonlinear  lift  characteristics. 


(c0 


pred 


N 

(CL  i 

\ '~af  p/e^l 


test 

p/ed 


Sample  Problams 


1.  Method  2 

Given:  The  following  straight-tapered,  constant-section,  low-aspect-ratio,  clipped-delta  configura- 
tion. 

A = 0.823  X = 0.18  Ale  = 73.5°  NACA  2412  airfoil 


M = 0.2 


4. 1.3. 2-8 


Compute: 


thco  ry 


ItA 

16  + 7rA/(l  + 2X  tan  ALE) 


(Equation  4. 1 .3.2-a) 


= 8 tan' 1 


0.823jt 


16  + 0.323  nil  1 + 2(0.18X3.376)] 
- 1.195  per  rad  = 0.0209  per  deg 


1 

M -x\2  _ i 

1-0.18 

3 + A 

U + 2X/  3 + 0.823 

1 + 2(0.18) 

= 0.98  (Figure  4.1. 3.2-5 0a) 


teoiy 


Hu. 

= (C^),h..,y  (Cw)thtot> 


Cl, 


(Equation  4. 1.3.2-b) 


= (0.0209X0.98) 


= 0.0205  per  deg  (valid  for  CL  < Cl u) 

The  following  pressure  data  for  a NACA  2412  airfoil  are  (Reference  1 1): 

C8  Cpu  X/C 

0 -0.37  0.30 

0.253  -0.56  0.19 

0.5  -0.95  0.05 

The  above  data  are  now  plotted  on  Figure  4.1.3.2-50b.  From  Figure  4.1.3.2-50b  we  now 
obtain  a value  of  0.222  forCLi,  at  a value  of  -0.53  forCPu . 


From  the  above  plot  x/c  = 0.204  for  Cpu  = -0.53. 


4.1. 3.2-9 


0.204 


= 0.0643 


— — — U.WtJ 

(1  + XXI  - x/c)  tan  Ale  (1  + 0. 1 8)(  1 - 0.204X3.376) 

Cl  in  = 0-467  (Figure  4.1.3.2-51) 

Ac  = 90°  - AtE  = 90° -73.5°  = 16.5° 

(cL  \ = 0.0467  (sin  AJ 1/4  (Equation  4.1. 3.2-c) 

\ ‘'“/limit  c 

= 0.0467  (sin  16.5°)1/4 
= 0.0342  per  deg 

/CL  ^ - /cL  'i  = 0.0342-0.0205  = 0.013? 

\ L*,/ limit  \ La/  baixc 

Since  0.0137  > 0.0067,  (8CL^n  = 0.0067  (Step  7) 

(cl.),,  - (c (Sc'-°)n  ®<*uation4-l-3:!'d) 

= 0.0205  + 0.0067 

= 0.0272  per  deg  (valid  for  0.222  < CL  < 0.467) 

Since  0.0137  > 0.012,  SCLam  = 0.012  per  deg  (Step  9) 

(M  + K)  m <B,uaUon  4- 1 3-2’t) 

= 0.0205  + 0.012 

= 0.0325  per  deg  (valid  for  CL  > 0.467) 

Solution: 

The  entire  Uft  curve  can  now  be  constricted  assuming  the  wing  zero-lift  angle  of  attack  «0  has 
been  determined  using  Section  4. 1.3.1. 

2.  Non-Straight-Tapered  Wings 

Given:  The  cranked-wing  planform  of  Reference  29.  (See  Section  2.2.2  for  wing-planform 
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T 

Aw 

= 4.0 

sw  ■ 

2.25  sq  ft 

b^jy/2 

= 18.0  in. 

ALE; 

r i 

w 

9B 

= 0.6 

Si  = 

1.641  sq  ft 

so 

= 0.609  sq  ft 

Vs 

■1 

Cfw 

= 13.85  in. 

CB  " 

8.03  in. 

Ctw 

* 4.15  in. 

t n 

. CB 

c‘w 

xw 

= 0.30 

*i  * 

0.58 

= 0.517 

l 9 ^*1 

T 

ALEj= 

48.6° 

aLEq 

= 7.7° 

„ « 

2 

\I2C 

40.9° 

Ac/20 

= -7.7°' 

NACA  65A006  ; 

airfoil 

M = 0.80 

; P = 

0.60 

Compute: 


1 j j 

(cos  Ac/2)eff  = s"  22,  (eosA^jSj  = — [(cos  S 

W j=  1 W 

“ “$[(0,756)  (1.641) + (0.991)  (0.609)]  = 
(Ac/2)eff  = 34‘9°  : ^ (Ac/2)eff  = 0.6976 


= 6.0C  per  rad  (Section  4.1.1) 


cfi„ 


ce 


6.00 


“M  0 

K = 


M 


0.6 

10.0  (0.6) 


= 10.0  per  rad 


(2*r/0) 


2* 


~[<j2  + tan2(Ac/2)effJ 


lA 


= 0.955 

4.0 
0.955 


0.36  + 0.4866] % = 3.85 


1 .00  per  rad  (Figure  4. 1 .3.2-49) 


KWd  * 4-°°  ai 


PA  = (0.6)  (4.0)  - 2.40 


1.081  (Figure  4. 1.3.2-52) 


Solution: 


(C  \ 

( L«)pred  (cg^ 
(4.00)  (1.081) 


(Equation  4.1.3.2-g) 


“ 4.324  per  rad 
= 0.0755  per  deg 

This  compares  with  a tf  it  value  of  0.075  per  degree  fromReference  29 


i + (cos  A c/2)0  S0] 

(Equation  4.1.3.2-f) 

0.820 
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B.  TRANSONIC 


The  transonic  characteristics  of  wings  are  very  difficult  to  predict.  The  current  status  of  the 
problem  is  summarized  in  Reference  1 2.  It  is  pointed  out  in  this  reference  that  although  transonic 
theory  gives  results  of  surprisingly  good  accuracy  in  many  cases,  the  mathematical  difficulties  in 
solving  nonlinear  partial  differential  equations  of  the  mixed  elliptic-hyperbolic  type  have  limited  its 
application  to  a few  simple  configurations. 

On  the  other  hand,  wind-tunnel  tests  cover  a wide  variety  of  configurations  but  are  of  questionable 
accuracy  because  of  wall-interference  effects.  These  interference  effects  re  both  difficult  to 
determine  analytically  and  difficult  to  eliminate.  Simply  testing  smaller  ...odels  is  not  always 
sufficient,  even  in  slotted-wall  tunnels  (Reference  1 2). 

In  spite  of  the  uncertainties  in  test  data,  the  straight-tapered-wing  design  charts  of  this  section  are 
based  largely  on  experimental  data  from  wind-tunnel  tests.  This  is  done  because  of  certain 
important  flow-separation  effects  not  accounted  for  by  theory  and  because  of  the  limited  scope  of 
existing  solutions  for  transonic  theory.  The  limited  experimental  data  for  non-straight-tapered  wings 
preclude  development  of  design  methods  for  those  planforms  at  transonic  speeds.  However,  a chart 
is  presented  that  indicates  the  trend  of  transonic  data  for  double-delta  wings  and  foi  cranked  wings 
with  an  aspect  ratio  of  approximately  three. 

Thick,  unswept,  straight-tapered  wings  show  increases  in  lift-curve  slope  with  Mach  number  up  to 
Mach  numbers  slightly  beyond  the  critical.  The  slope  then  drops  abruptly  to  a low  value  followed 
by  a rise  near  Mach =1.0  to  a value  almost  as  high  as  the  value  at  the  critical  Mach  number  (see 
Sketch  (c),  for  type  “A”  wings).  This  behavior  for  twodimensional  sections  is  illustrated  in 
References  13,  14,  and  15.  Reducing  either  the  aspect  ratio  or  the  wing-thickness  ratio  or  both 
reduces  the  magnitude  of  these  effects.  For  very  thin  wings  and  for  wings  of  very  low  aspect  ratio 
these  transonic  nonlinearities  do  not  exist  (see  Sketch  (c)  for  type  “B”  wings).  Increasing  the  sweep 
angle  raises  the  wing  critical  Mach  number.  However,  the  increase  is  never  as  large  as  that  predicted 
by  simple  sweep  theory.  Reference  16  shows  that  three-dimensional  effects  in  the  regions  of  the 
wing  root  and  tip  prevent  the  full  benefits  of  sweep  from  being  realized. 

The  transonic  nonlinearities  in  lift-curve  slope  are  related  to  the  appearance  of  local  shocks  located 
asymmetrically  on  the  upper  and  lower  surfaces  of  the  wing.  Prediction  of  the  exact  shock-wave 
location  is  somewhat  involved,  since  there  is  an  interaction  between  the  shocks  on  the  upper  and 
lower  surfaces  (Reference  17).  Camber,  thickness  ratio,  and  thickness  distribution  all  have 
pronounced  effects  on  section  transonic  lift  characteristics.  Proper  combination  of  the  above 
geometric  parameters  can  prevent  transonic  lift  losses  even  for  quite  thick  sections  (Reference  18). 
Wings  that  do  have  large  transonic  lift  losses  at  zero  angle  of  attack  show  marked  recovery  at  higher 
angles  of  attack  (Reference  19). 


DATCOM  METHODS 


Straight-Tapered  Wings 

The  procedure  for  constructing  the  transonic  lift-curve  slope  of  conventional  planforms  is  outlined 
in  the  following  steps.  In  following  this  procedure,  reference  should  be  made  to  the  schematic 
sketch  below.  The  method  is  based  on  data  for  the  untwisted  and  uncambered  wings  of 
References  19  and  47  through  51.  These  data  are  compared  in  Table  4.1 ,3.2-B  with  the  values 
calculated  from  the  charts. 


4.1.3.2-12 


The  charts  are  limited  to  wings  having  symmetrical  airfoils  of  conventional  thickness  distribution 
and  are  for  zero  angle  of  attack  only. 


AM 

Mfb  Ma  1 


MACH  NUMBER 
TYPE  “A”  WINGS 


L A .* 

S=qn  b 

~r 

c 

AM 

amJ 

Mf 

n M 

k -Mb. 

JL, 

MACH  NUMBER 
TYPE  “B”  WINGS 


SKETCH  (c) 


Step  1.  Calculate  the  force-break  Mach  number  Mft).  This  is  obtained  from  Figure 
4.1.3.2-53a  for  zero  wing  sweep.  A correction  for  sweep  effects  is  provided  by 
Figure  4.1.3.2-53b. 

Step  2.  Compute  the  theoretical  lilt-curve  slope  at  the  force-break  Mach  number  by  the 
method  of  paragraph  A. 

Step  3.  The  actual  lift-curve  slope  at  the  force-break  Mach  number  is  found  by  means  of  the 
ratio  ^Lajfb/^CL0  jtheory  obtained  from  Figure  4. 1 .3. 2-54a. 

Step  4.  The  abrupt  decrease  in  lift-curve  slope  above  the  force-break  Mach  number  is 
described  by  the  ratio  a/c  (see  Sketch  (c)).  This  ratio  is  given  in  Figure  4.1.3.2-54b. 
The  Mach  number  Ma  at  which  the  lift-curve  slope  reaches  its  minimum  value  is 


M,  = M,h  + 0.07 
a t o 


The  lift-curve  slope  at  Ma  is 


For  wings  that  do  not  exhibit  large  transonic  lift  losses  (Sketch  (c)),  the  lift-curve 
slope  at  Ma  may  still  be  obtained  from  the  ratio  a/c  as  given  in  Figure  4.1.3.2-54b. 
In  all  cases,  c is  the  lift-curve  slope  at  the  force-break  Mach  number  as  obtained  in 
Step  3. 

Step5.  The  subsequent  rise  in  Cj,Q  (Sketch  (b))  is  given  by  the  ratio  b/c  as  presented  in 
Figure  4.1.3.2-54c.  The  Mach  number  at  this  point  is 

M„  = Mfb  + 0. 14 
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The  lift-curve  slope  is 


(Cl-)*  ■ H)(csL 

An  identical  procedure  is  used  for  wings  of  type  “B.” 

Step  6.  The  lift-curve  slope  at  M = 0.6  is  calculated  by  the  straight-tapered-wing  method  of 
Paragraph  A of  this  section. 

Step  7.  The  lift-curve  slope  at  M = 1.4  is  calculated  by  the  straight-tapered-wing  method  of 
Paragraph  C of  this  section. 

Step  8.  The  complete  transonic  lift-curve  slope  between  Mach  numbers  0.6  and  1.4  can  now 
be  constructed  by  fairing  a curve  through  the  points  obtained  by  means  of  Steps  1 
through  7. 

Non-Straight-Tapered  Wings 

During  the  course  of  the  program  reported  in  Reference  8 an  empirical  correlation  of  the  lift-curve 
slope  of  double-delta  and  cranked  wings  at  M = 1.0  was  achieved.  This  correlation  is  presented 
herein  as  Figure  4.1.3.2-55.  It  is  suggested  that  it  be  used  as  a guide  for  fairing  between  subsonic 
and  supersonic  values  of  Ci,a  of  composite  wings  with  an  aspect  ratio  of  three  or  less. 

The  configurations  used  in  the  correlation  vary  in  aspect  ratio  from  1.33  to  3.0.  The  inboard-panel 
sweepback  is  78°  for  the  lower  correlation  points  and  60°  for  the  upper  correlation  points. 
Span  wise  positions  of  the  leading-edge  break  vary  from  approximately  0.30  to  0.70. 


Sample  Problems 

1 . Straight-Tapered  Wing  of  Type  “A.” 

Given:  Wing  tested  in  Reference  48. 

A *4.0  X - 1.0  Ale  *0  NACA  63A010  airfoil 
Compute: 

Mfj,  = 0.842  (Figure  4. 1.3.2-53a) 

(COtheory  ** 

cp  = 6.02  per  rad  (Section  4.1.1) 

*a 

cfi 

C£«m  0 

Cg«M  (%*> 

K ~ i2ir Ifi)  ~ (2ff/0) 


cfi 

a 

— = 0.958 
2ir 


- a5T8(0-M1>’4  °2'25 

( ^ajtlieory 


(cL  \ 

\ ^a/theory 


= 1.25  per  rad  (Figure  4.1.3.2-49) 


= 5.0  per  rad 


= 0.96  (Figure  4.1. 3.2-54a) 


(C  r \ 

\ *-a/theory 

(Ci  V = 4.80  per  rad 
\ Lcx/fb 


- = 0.35  (Figure  4. 1.3, 2- 54b) 


Ma  = Mfh  + 0.07  = 0.912 


(%),  ”('-f)(c0 n.  ‘3-12perrad 


— =0.15  (Figure  4.1.3, 2-54c) 
c 


Mb  = Mfb  + 0.14  = 0.982 
(Clh)i>  " (' ' c)(c<-Jn>  '4-08perra<1 

(C[-«)m=o.6  <Pa,agraph  A) 

o3i?  (0'64)',=  «4 

(^^«)m=0.6 


Af  o a ] 4.0  1/ 

— fr  + tan2  A_/t  

k c!l\  0.958 


= 1 .065  per  rad  (Figure  4. 1.3.2-49) 


(C*-«)m=0.6  =4-“P“ra<1 
(Cl«)m=1.40  ff^PhQ 

1/OJA)  = 0.255 
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pC^  = 3.50  per  rad  (Figure  4. 1 .3,2-563) 

(CN„)m-I.4  * 

Solution: 

The  complete  lift-curve  slope  as  a function  of  Mach  number  may  now  be  constructed  as  shown 
in  the  following  diagram. 

5 
4 

CL  3 
(per  rad) 

2 

1 

0 

.6  .8  1.0  1.2  1.4 

MACH  NUMBER 


2.  Straight-Tapered  Wing  of  Type  “B” 
Given:  Wing  tested  in  Reference  47. 


A = 2.67  X = 0.2  Ale  = 45°  NACA  63A004  airfoil 


Compute: 

(Mf5>A=:o  = 1.00  (Figure  4.1.3.2-53*1 


Ac/2 

(Mfb)A 

(Cka)theory 


= 26.6° 

= 1.00  (Figure  4. 1.3.2-53b) 
at  (M^Ia 

6.47  per  rad  (Section  4. 1 . 1 .2) 
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cfi 

0 


'jf|Vfb)A^  + tan'iAc/2r  = L03  (0,251),/2  = 1,30 

(^^a)theory 


= 1.435  per  rad  (Figure  4.1.3.2-49) 


N) 


theory 


= 3.83  per  rad 


(%)n, 

(^a)theory 

(CV)fb  =4'16P“rad 


= 1.085  (Figure  4. 1.3.2-54a) 


— = 0.005  (Figure  4.1. 3.2-54b) 
c 

Ma  = Mfb  + 0.07  = 1.07 
W,'(‘'3lCL»)tb  ' 4.14  per  rad 

— = 0.075  (Figure  4.1.3.2-54e) 
c 

Mb  = Mfb  + 0.14  = 1.14 


(c^-(‘-7)(%k  -3'85 

(CL„)m-0.6  <Pa^hA' 


— 0.64  + 0.25 1| 1/1  - 2.45 
1.03 


i 


= 1.22  per  rad  (Figure  4.1.3.2-49) 
= 3.26  per  rad 
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(C^a/M=  1 .4  ^aPhC> 

0/tan  = 0.98;  AtanA££  = 2.67 

tan  At  p /Ckt  \ - 3,55  per  rad  (Figure  4.1. 3.2-56b) 

LC  \ ^a/theory 

/Cxr  \ = 3.55  per  rad 

\ ^a/theory 

Ay  = 0.88  (Figure  2.2. 1-8) 


Aya. 


Ay 

cosALE 


1.245 


0.795  (Figure  4.1.3.2-60) 
2.82  per  rad 


Solution: 

The  complete  lift-curve  slope  as  a function  of  Mach  number  may  now  be  constructed  as  shown 
in  the  following  diagram. 
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C.  SUPERSONIC 


Methods  are  presented  for  determining  the  wing  normal-force-eurve  slope  of  the  following  two 
classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  fixed  trapezoidal  wings) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  three  general  categories  of  non-straight-tapered  wings  are  illustrated  in  Sketch  (a) 
(paragraph  A).  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

At  supersonic  speeds,  the  normal-force-eurve  slope  Cno  of  conventional,  double-delta,  and  cranked 
wings  is  adequately  predicted  by  theoretical  calculations  except  where  the  effects  of  thickness 
become  important. 

The  design  charts  pertaining  to  these  wing  planformsare  based  on  the  following  references: 
Reference  20  - in  the  region  of  supersonic  leading  and  trailing  edges 
Reference  21  - in  the  region  of  subsonic  leading  edges  and  supersonic  trailing  edges 
Reference  22  - in  the  regions  of  tip-root  interaction  and  tip-tip  interaction 
Reference  23  - in  the  region  of  subsonic  leading  and  trailing  edges 
Reference  6 - for  values  of  A/J  < 1/4  and  o < 1.0  where  a = 1/4[A(1  + X)  tan  ALE] 
References  24  and  25  — for  values  of  A/3  < 1/4  and  a > 1 .0 


In  addition,  an  empirically  determined  “lift-interference  factor”  from  Reference  8 is  applied  to 
correlate  the  results  for  double-delta  and  cranked  wings.  The  theoretical  results  arc  based  on  linear 
theory  with  the  exception  of  the  region  where  A/?  < 1/4,  which  is  based  on  slender-wing  theory. 
Thin  airfoils  have  been  assumed  in  these  theories.  Thickness  effects  are  not  important  except  for 
conditions  where  the  Mach  lines  lie  on  or  near  the  wing  leading  edge.  Under  these  conditions  the 
wing-leading-edge  shock  position  is  displaced  forward  from  its  theoretical  position  by  the  finite 
thickness  effects  of  the  leading  edge.  This  displacement  results  in  substantial  losses  in 
normal-force-curve  slope. 

For  straight-tapered  wings  with  sharp  leading  edges,  the  airfoil  nose  semiwedge  angle  (measured 
perpendicular  to  the  wing  leading  edge)  determines  the  shock  position  relative  to  the  wing  and 
hence  the  normal-force-eurve  slope.  Experimental  data  indicate  that  the  parameter  corresponding  to 
the  nose  semiwedge  angle  of  the  supersonic  airfoil  is  Ay/cos  ALE,  where  Ay  is  the  difference 
between  the  upper-surface  ordinates  expressed  in  percent  chord  at  the  6-percent-  and  0.!5-percent- 
chord  stations  (Figure  2.2. 1-8).  This  is  the  same  Ay  discussed  in  Section  4.1 .3.4  with  regard  to 
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airfoil  maximum  lift.  It  can  be  shown  that  for  double-wedge  and  biconvex  airfoils  there  is  a linear 
relationship  between  Ay  and  the  leading-edge  semiwedge  angle,  given  by 

Ayl  = 5.85  tan  5^ 


where 


* Ay 

Ayl  = 7“ 

cosALE 

and  is  the  semiwedge  angle  normal  to  the  leading  edge.  Either  5 1_  or  Ay^,  whichever  is  more 
convenient,  may  be  used  to  calculate  thickness  effects  for  straight-tapered  wings  with  sharp-nosed 
airfoils. 

Figure  4.1.3.2-60  presents  the  leading-edge-thickness  effect  on  the  normal-force-curve  slope  of 
straight-tapered  wings  in  the  form  of  a ratio  of  actual  normal-force-curve  slope  to  theoretical 
nonnal-force-curve  slope.  This  chart  is  empirically  derived  from  the  experimental  data  of 
Reference  26  of  this  section  and  References  1 1 through  17,  26,  and  45,  of  Section  4.I.3.3. 

For  double-delta  and  cranked  wings  empirical  correlation  factors  for  round-nosed  and  sharp-nosed 
airfoils  (from  Reference  8)  are  applied,  which  account  for  leading-edge  effects. 

The  method  presented  for  determining  the  normal-force-curve  slope  of  curved  (Gothic  and  ogee) 
wings  consists  of  a semiempirical  correlation  based  on  the  theoretical  results  of  Squire  in 
Reference  27. 

Because  of  the  nonlinear  nature  of  the  normal-force  curve  at  high  angles  of  attacK,  the  methods 
presented  for  estimating  Cn^  are  limited  to  low  angles  of  attack. 

Wings  with  inverse  taper  (X  > 1)  have  not  been  considered.  Wings  with  swept-forward  leading  edges 
are  included  through  the  use  of  the  reversibility  theorem  (Reference  28).  The  reversibility  theorem 
states  that  the  normal-force-curve  slope  of  the  wing  in  forward  flight  equals  the  normal-force-curve 
slope  of  the  same  wing  in  reverse  flight  at  the  same  Mach  number. 

DATCOM  METHODS 


Straight-Tapered  Wings 

The  supersonic  normal-force-curve  slope  of  conventional  wings  is  obtained  as  outlined  in  the 
following  steps: 

Step  1.  Obtain  the  theoretical  normal-force-curve  slope  from  Figures  4.1.3.2-56a  through 
4.1.3.2-56f,  except  for  rectangular  wings.  The  theoretical  normal-force-curve  slope 
for  rectangular  wings  must  be  obtained  from  Figure  4.1,3.2-56g.  These  charts  should 
be  used  for  M > 1.4.  For  Mach  numbers  less  than  1.4  the  transonic  method  of 
. Paragraph  B should  be  used. 

Step  2.  For  wings  approaching  the  sonic-leading-edge  condition,  the  theoretical  CNa  value 
obtained  from  Step  1 should  be  multiplied  by  the  empirical  thickness  correction 
factor  from  Figure  4. 1 .3.2-60. 
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Non-Straight-Tapered  Wings 

Double-Delta  Wings 

This  method,  taken  from  Reference  8,  uses  the  linear-theory  desigjn  charts  of  the  straight-tapered- 
wing method  with  appropriate  empirical  correction  factors.  Application  of  the  method  requires  that 
the  wing  planform  be  broken  down  as  follows  (see  Sketch  (d»: 

Basic  Wing  - the  outboard  leading  and  trailing  edges  extended  to  the  center  line. 

Glove  - a delta  wing  superimposed  over  the  basic  wing.  The  glove  leading  edge  is  that  of 

the  inboard  panel. 

Extension  - that  portion  of  the  wing  behind  the  trailing  edge  of  the  basic  wing  for  wings 
with  broken  trailing  edges. 


SKETCH  (d) 

The  method  is  applicable  to  double-delta  wings  having  breaks  in  the  leading-  and/or  trailing-edge 
sweep  at  only  one  spanwise  station. 

The  nornial-force-curve  slope  of  the  total  wing  is 


c».  - ((*.)*.  57  M„. + (*.),  £ M.+ (<*.), 


4. I .3.2-h 


where 

Kl  is  an  empirically  derived  ‘‘lift-interference  factor”  obtained  from  Fig- 

ure 4.1.3.2-61. 
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Sjj  ^ S,  Sg 

- — are  ratios  of  the  areas  of  the  basic  wing,  glo\e,  and  trailing-edge 
^ ^ Sw  extension,  respectively,  to  the  total  wing  area.  (See  Section  2.2.2  for 
wing-geometry  parameters.) 


IQ***  j , (CNa  j are  the  normal-force-curve  slopes  of  the  basic  wing  and  glove,  respectively. 

' / tW  \ /%  / C'  \ • i /■ r1: a t -i  ^ r /■  .1 , a * 4 -a  ear 


e the  norm 

'N«)bw  ‘s  stained  from  Figures  4.1.3. 2*56a  through  4,1.3.2-56f. 
~X’\  g is  obtained  from  either  Figure  4.1. 3.2-56a  or  Figure  4.1.3.2-63. 


^LE;bW»^LE^  are  en»pirically  derived  “leading-edge-effect  factors”  obtained  from 
* Figure  4,1.3.2-62  as  functions  of  Mach  number  and  the  respective 
planform  leading-edge  sweepback. 


is  the  normal-force-curve  slope  of  the  trailing-edge  extension,  shown 
schematically  ir  Sketch  (e),  and  is  given  by 
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where 


K). 

(Cn«)2 


is  the  normal-force-curve  slope  of  a zero-taper-ratio  wing  with  ALE  - ALEg 
ar.d  Aj.e  = ATE£,  obtained  from  Figure  4. 1.3.2-56a  or  Figure  4.1.3.2-63. 

is  the  normal-force-curve  slope  of  a zero-taper-ratio  wing  with  ALE  = AE£g 
and  Aj-p  - ATEbw,  obtained  from  Figure  4.1 .3.2-56a  or  Figure  4.1.3.2-63. 


S,  S2 

— , — are  the  ratios  of  the  areas  of  the  two  zero-taper  planforms  to  the  total  wing 
S»  sw  area. 
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qpi 


It  is  recommended  that  Figure  4.1.3.2-63  be  used  to  obtain  the  normal-force-curve  slopes 
of  the  zero-taper-ratio  wings  rather  than  Figure  4.  i .3 .2-5 6a  because  of  the  upper  limit  of 
the  parameter  A tan  ALE  of  Figure  4.1.3 .2-56a.  The  use  of  Figure  4.1 .3.2-63  is  very 
convenient  since  the  normal-force-curve  slope  is  presented  in  the  form  Cn„/A,  which 
eliminates  the  necessity  of  calculating  the  area  of  each  individual  panel.*  All  that  is 
required  to  solve  Equation  4.1 .3.2-i  is  the  total  wing  planform  area  and  the  span  b£ 
of  the  trailing-edge  extension.  Using  values  of  CsJ\  from  Figure  4.1.3.2-63,  Equa- 
tion 4. 1 ,3.2-i  becomes 
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Application  of  this  method  is  illustrated  in  Sample  Problem  1 on  Page  4.1.3.2-29. 


A comparison  or  test  data  for  26  configurations  with  Cn#  of  double-delta  wings  calculated  by  this 
method  is  presented  as  Table  4.1.3.2-C  (taken  from  Reference  8).  All  but  two  of  the  configurations 
listed  in  the  table  are  wing-body  combinations,  All  predictions  were  made  by  using  the  theoretical 
planform  (leading  and  trailing  edges  extended  to  the  center  line)  for  the  total  planform  area  and 
neglecting  body  effects.  No  configuration  had  a ratio  of  body  diameter  to  wing  span  greater  than 
0.15;  consequently,  the  wing-body  interference  is  considered  to  be  negligible.  The  wing-thickness- 
ratio  range  covered  (0.02  to  0.07)  is  consistent  with  current  practice  and  no  significant  effects  of 
wing  thickness  ratio  are  evident. 


It  should  be  noted  that  the  maximum  error  generally  occurs  on  wing-body  configurations  with  large 
inboard  sweep  angles  (ALEj  > 78°).  This  can  conceivably  result  from  two  sources.  Configurations 
with  large  inboard  sweep  have  a large  portion  of  the  theoretical  glove  planform  submerged  in  the 
body,  making  the  assumption  of  negligible  wing-body  interference  effects  less  valid;  and  the 
“leading-edge-efTect  factors”  presented  in  Figure  4.1.3.2-62  are  not  well  defined  for  sharp-nosed 
airfoils  at  low  values  of  PI  tan  ALF . 


It  is  recommended  that  this  method  be  restricted  to  the  Mach-number  range,  1.2  < M < 3.0  For 
M = 1.0  the  empirical  correlation  presented  in  Paragraph  B should  be  used. 

Another  class  of  double-delta  wings  of  practical  interest  are  those  with  the  outboard  wing  sweep 
greater  than  the  inboard  wing  sweep.  No  configuration  with  Ale0  > Alej  was  analyzed  during  the 
investigation  reported  in  Reference  8;  however,  a method  of  approach  for  treating  such 
configurations  is  suggested. 

Defining  the  basic-wing  breakdown  as  before  results  in  some  additional  basic-wing  area  created 
forward  of  the  wing  sweep  break  as  illustrated  in  Sketch  (f). 


'Figure  4. 1.3.2-63  may  alto  be  applied  with  equal  facility  to  obtain  normal-force-curve  tlope  of  tfieglo>e. 
Uting  (CNo/A)b  from  Figure  4.1.3.2-63 


4.1.3.2-23 


iT 


Basic  Wmg 


Extension 


SKETCH  (0 

For  this  class  of  double-delta  wings  the  normal-force-curve  slope  of  the  basic  wing  is  determined  by 
extending  the  basic-wing  leading  edge  to  the  configuration  center  line,  calculating  the  normal-force- 
curve  slope  of  the  extended  basic-wing  panel,  and  calculating  and  subtracting  the  normal-force-curve 
slope  of  the  section  of  the  basic-wing  panel  forward  of  the  wing  sweep  break.  This  is  shown 
schematically  in  Sketch  (g). 


\ na/bw  JW 


\ *\x/l  ' nctf 2 


SKETCH  (g) 


Based  on  this  definition  of  the  normal-force-curve  slope  of  the  basic  wing,  the  total  wing 
normal-force-curve  slope  is  given  by  Equation  4.1.3. 2-h  with  the  “lift-interference  factor”  KL 
replaced  by  K. 


SK  S SF 

bw  /„  \ 8 \ E 


= K M -if  ^E)bw  - (Cn.)  g sf  (CLE)g  + (Cn.)  e 
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where 


K is  an  empirical  correlation  factor  which  corresponds  to  the  “lift-interference  factor”  KL. 
Not  enough  force  data  are  available  to  allow  correlation  of  this  parameter;  however,  based 
on  a limited  amount  of  experimental  rolling-moment  data,  K appears  to  be  approximately 
one. 

The  remaining  parameters  are  defined  as  before. 

Although  not  enough  data  are  available  to  substantiate  application  of  the  foregoing  analysis  to 
double-delta  planforms  with  Ale0  > Ale;>  it  can  be  concluded  that  the  method  will  become  less 
valid  for  wings  employing  sharp-nosed  airfoils  and  large  outboard  sweep  angles,  since  the 
“leading-edge-effect  factors”  are  not  well  defined  for  wings  with  sharp-nosed  airfoils  at  low  values 
of /?/tan  ALE . 

Application  of  this  method  is  illustrated  in  Sample  Problem  2 on  Page  4.1.3.2-32. 

Cranked  Wings 

The  method  used  to  predict  the  normal-force-curve  slope  of  double-delta  wings  is  also  applicable  to 
cranked  wings.  However,  for  cranked  wings  with  broken  trailing  edges  the  inboard  trailing-edge 
sweep  angle  may  be  greater  than  the  outboard  trailing-edge  sweep  angle.  Since  the  basic  wing  is 
defined  as  in  the  double-delta  wing  breakdown,  this  results  in  some  additional  area  being  created 
behind  the  inboard  trailing  edge  as  illustrated  in  Sketch  (h). 


SKETCH  (h) 


This  additional  area  is  considered  to  be  the  trailing-edge  extension.  Defining  (Cn  * ) j and  (Cn  a)  2 
exactly  as  for  the  double-delta  wing  results  in  a negative  normal-force-curve  increment  for  the 
trailing-edge  extension. 

This  method  is  applicable  to  cranked  wings  having  breaks  in  the  leading-  and/or  trailing-edge  sweep 
at  only  one  spanwise  station. 

The  normal-force-curve  slope  of  the  total  wing  is  given  by  Equation  4.1.3.2-h;  i.e., 


Cn*  = Kl 


Sbw 


(CN“)  Sw  (CLE)bw  + (CN“)g  Sw  (CLE)*  + (CN“)  E Sw 


where  all  the  parameters  are  defined  under  Equation  4.1.3.2-h  of  the  double-delta-wing  method. 

The  normal-force-curve  slope  of  the  trailing-edge  extension  for  the  case  where  the  inboard 
trailing-edge  sweep  angle  is  greater  than  the  outboard  trailing-edge  sweep  angle  is  shown 
schematically  in  Sketch  (i). 


SKETCH  (i) 


Application  of  this  technique  is  illustrated  in  Sample  Problem  3 on  Page  4. 1 .3.2-34. 

A comparison  of  test  data  for  seven  configurations  with  Cn  a of  cranked  wings  calculated  by  this 
method  is  presented  as  Table  4.1.3.2-D  (taken  from  Reference  8).  The  configurations  listed  in  the 
table  are  either  wing-body  combinations  or  wing-body  combinations  with  nacelles  included  in  the 
body.  The  inboard  leading-edge  sweep  angles  are  generally  lower  than  those  on  the  double-delta 
wings,  which  would  tend  to  alleviate  the  body  effects  on  the  glove  discussed  under  the 
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double-delta-wing  method.  The  wing  thickness-ratio  range  covered  (0.02  to  0.08)  is  consistent  with 
current  practice  and  no  significant  effects  of  wing  thickness  ratio  are  evident. 

Five  of  the  configurations  had  small  ratios  of  body  diameter  to  wing  span  and  the  predictions  for 
those  configurations  were  based  on  the  theoretical  planform  extended  to  the  body  center  line.  The 
configurations  of  References  65  and  66  had  nacelles  included  in  the  body,  and  an  effective 
extension  was  included  as  part  of  the  planform  as  shown  in  Sketch  0).  Since  the  definition  of  the 
extension  was  somewhat  arbitrary,  this  technique  should  not  be  considered  as  a general  wing-body 
prediction  technique. 


SKETCH  (j) 


Although  all  the  configurations  investigated  had  round-nosed  airfoils,  the  application  of  the  method 
to  cranked  wings  with  sharp-nosed  airfoils  should  give  equally  good  results  except  in  the  low 
supersonic  Mach-number  range.  The  “leading-edge-effect  factors”  are  not  well  defined  for 
sharp-nosed  airfoils  at  low  values  of  0/tan  ALE  and  must  be  considered  as  a possible  source  of  error 
at  low  supersonic  Mach  numbers. 


It  is  recommended  that  this  method  be  restricted  to  the  Mach  number  range,  1.2  < M < 3.0.  For 
M = 1.0  the  empirical  correlation  presented  in  Paragraph  B can  be  used  for  cranked  wings  with 
aspect  ratios  of  approximately  three. 


Curved  Wings 


This  method,  taken  from  Reference  8,  is  based  on  the  theoretical  results  of  Squire  in  Reference  27. 

The  supersonic  normal-force-curve  slope  of  curved  (Gothic  and  ogee)  planforms  is  obtained  from 
the  procedure  outlined  in  the  following  steps: 
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Step  1.  Using  the  given  wing  geometry  calculate  the  aspect  ratio  A,  the  planform  shape 
parameter  p,  and  the  wing  slenderness  parameter  bw/(2C).  (See  Section  2.2.2  for 
wing-geometry  parameters.) 


Step  2. 


0bw 

At  the  desired  value  of  — — obtain 


from  Figure  4.1.3.2-64. 


Step  3.  Calculate  the  supersonic  normal-force-curve  slope  by 


CN 
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Application  of  this  method  is  illustrated  in  Sample  Problem  4 on  Page  4. 1 .3.2-36. 


A comparison  of  test  data  for  18  configurations  with  Cn4  of  curved  wings  calculated  by  this 
method  is  presented  as  Table  4.1.3.2-E  (taken  from  Reference  8).  Four  of  the  configurations  listed 
in  the  table  are  wing-body  combinations  with  small  ratios  of  body  diameter  to  wing  span.  The 
calculations  for  these  configurations  were  made  by  using  the  theoretical  planform  extended  to  the 
body  center  line  and  neglecting  body  effects.  All  models  employed  thin  wings  (0.008  < t/c  < 0.06) 
with  sharp  leading  edges. 

The  method  provides  satisfactory  results  for  low  supersonic  Mach  numbers  and  may  be  applied  over 
the  Mach  number  range,  1 .0  < M < 3.0. 

On  some  ogee-wing-body  configurations  the  leading-edge  sweep  becomes  very  large  near  the 
wing-body  juncture.  For  such  configurations,  unrealistic  values  of  p will  be  obtained  if  “good 
engineering  judgment”  is  not  exercised  in  extending  the  planform  to  the  center  line.  The  error  that 
could  result  is  illustrated  by  the  somewhat  analogous  cases  of  wings  Wj,  W4,  and  W?  of 
Reference  79  (see  Table  4.1.3.2-E).  These  configurations  are  ogee  wings  with  very  slender  apexes 
and,  consequently,  low  values  of  p.  It  is  believed  that  the  slender  apex  behaves  more  as  a body  than 
as  part  of  the  lifting  surface.  For  these  wings  the  method  underestimates  the  normal-force-curve 
slope  from  6.5  to  21.7  percent. 

The  calculated  results  for  the  configuration  of  Reference  81  are  as  much  as  22  percent  in  error. 
However,  the  model  is  a sonic-design,  blended  wing-body  configuration  with  unusual  bumps  in  the 
wing  surface  near  the  wing-body  juncture,  and  it  is  suspected  that  the  bumps  significantly  affect  the 
pressure  distribution  at  supersonic  speeds.  It  is  significant  that  at  subsonic  speeds,  test  data  for  this 
configuration  correlate  quite  well  with  the  predicted  lift  at  angle  of  attack  (see  results  for 
Reference  43  in  Table  4. 1.3. 3-D). 

The  authors  of  Reference  8 note  that  moderately  low-aspect-ratio  wings  (1 .5  < A < 3.0)  have  linear 
lift-curve  slopes  up  to  approximately  eight  degrees  angle  of  attack  at  supersonic  speeds.  However, 
the  low-aspect-ratio-wing  (A  < 1.3)  data  of  Reference  79  show  - a break  in  the  lift  curve  at 
approximately  two  degrees  angle  of  attack.  Unfortunately,  the  program  reported  in  Reference  8 did 
not  include  an  investigation  of  the  supersonic  wing-lift  variation  with  angle  of  attack  for 
inegular-shaped  wings. 
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Sample  Problems 


1.  Double-Delta  Wing 

Given:  Double-delta  wing  of  Reference  58. 


Total  Wing 


Aw 

= 2.42 

XW 

= 0.086 

b^y  = 24.0  in 

ALEj 

= 70.67° 

ale 

LCo 

= 51.63° 

sw 

= 238  sq  in. 

= 0.40 

ATEj 

= -47.37° 

ate 

- 26.62° 

Basic  Wing 

Abw 

= 3.50 

^bw 

= 0.20 

Sbw  = 164.6  sq  in. 

ALEbw  " AI-E0  51-63°  ATEbw  ' aTF.0  ~ 26-62° 
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Glove 


Ag  = 1.402 


= 0 


ALE„  = aLEj  = 70-67° 


Sg  = 65.7  sq  in. 


Extension 


DW 

„B  y = 4.8  in. 


ATEe  = aTEj  = -41 31° 


M = 2.01 ; 0 = 1.744 


Additional  Characteristics: 

Sharp-nosed  airfoil 

Compute: 

(^^a)bw 

tan  ALEbw/P  = 0.724;  (A  tan  ALE)bw  * 4.421 

fl/r  \ = 4.24  per  rad  (Figure  4. 1.3. 2- 56b) 

P\  *V  bw 

fN„)bw  2.43  i*r  rad 

Pltan  ALEbw  “ 138 
(^LE)bw  ~ 0.993  (Figure  4.1.3.2-62) 

(Since  A = 0,  either.Figure  4.1.3.2-56aor  4.1.3.2-63  can  be  used.)  (See  footnote  on  Page  4.1.3.2-23.) 

0/tan  ALE  * 0.612;  (A  tan  ALE)g  = 3.99 

tan  (^N  ) * 4,90  per  rad  4.1. 3.2-5 6a) 

8 \ 


1.72  per  rad 


(CLE)g  = 0-995  (Figure  4.1.3.2-62) 

Sg 

/Cm  \ - — (use  Figure  4. 1.3.2-63) 

\ iN«/E  Sw 

^/tanA^Ej  = 0/tan  AEE  = 0.612 
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= 158  (Figlire4t1-3-2'63) 
/3/tan  Al^2  ~ 0/tan  App  = 0.612 


tan  A 


TE- 


tan  A 


TE 


bw 


tan  Ale^ 

A / 2 


tan  A 


= 0.176 


LE„ 


1 .07  per  rad  (Figure  4. 1 .3.2-63) 


(Cno): 


E S 


W 


“ (Equation  4,1.3  2- j ) 


= (1.58-  1.07) 


= 0.197  per  rad 


(9.6)* 

238 


I/c  \ h - _1„ 

0\  N«/g  Sw  1.744 
Kl  = 0.830  (Figure  4.1.3.2-61) 


<'-72>(f?)  '°-272 


Solution: 


-N, 


a 


(CN«)bw  ~Sy  (CLE)ttw  + (CNa)g  «+E>g^NJ 
- 0.830  1(2,43)  (^‘) (0.993)  9 (].72j(-~^  ) (0.995)  + 0.197 


= 0.830  [1.670  + 0.472  + 0.197] 


= 1.941  per  rad 
= 0.0339  per  cleg 

This  compares  with  a test  value  of  0.035 1 per  degree  from  Reference  58. 


(Equation  4.1.3.2-h) 
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2.  Double-Delta  Wing  ^A^eo  > Ay?.^ 

Given:  The  double-delta  wing  of  Reference  75  .Configuration  has  no  trailing-edge  extension. 

Total  Wing 


Aw 

= 1.86 

Aw  = 0.130 

ALEi 

= 60° 

ale0  = 750 

SW 

= 275.9  sq  in. 

r?D  = 0.654 

ate 

= 47.5° 

Glove 

Sg  _ 
SW 

0.346  \g  = 

0 ALEg  = AL1 

Ag 

2.31 

Extended  Planforms 

sw 

= 1.405 

A,  = 0.0698 

ALEj 

- aleq  - 750 

A1 

= 1.327 

f2 

sw 

= 0.745 

a2  = 0 

ale2 

= aLEd  = 75° 

A2 

= 1.072 

Additional  Characteristics 

Sharp-nosed  airfoil  M 

= 3.71, P = 3.573 

Compute: 


tan  ALEg//J 


= 0.485;  (A  tan  Ay;)g 


4.0 


.Y 
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= 4.0  (Figure  4,  l.3.2-56a) 


) = 1 . 1 2 per  rad 

k 

= 2.06 
g 

= 1.03  (Figure  4.1.3.2-62) 

^bw 

sw 


xl 


0/ tanALE  = 0.957;  (A  tan  Aljj)j  = 4.94 


tan  A 


LEj  = 4.40  per  rad(Figures  4.1. 3.2-56a  through  -56c,  interpolated) 


(Cno)| 


= 1.179  per  rad 


a/2 


^/tan  AL£2  = 0.957;  (A  tan  ALE)2  = 4-° 
tan  ALE2  (CNa)2  = 4,08  (FiSure  4.1 .3.2-56a) 
(cNa)2  = »-093  per  rad 

Sbw  _/  v S1  / v S2 

t) bw  Sw  [ N«)i  Sw  \ Na/2 

= (1.179)  (1.405) -(1.093)  (0.745) 
= 0.842  per  rad 


Jbw 


= 0.957 

= 0.94  (Figure  4.1.3.2-62) 
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Solution: 


/ \ ^bw  „ . . 

s8  1 

CN  = K 

(CNa)bw  “%(  LE>bw+(  Na)g 

: (CLE>g 

= 1.0  [(0.842)  (0.94)  + (1.12)  (0.346)  (1.03)] 


(Equation  4.1.3.2-k) 


= 1.190  per  rad 
= 0.0208  per  deg 


This  compares  with  a test  value  of  0.024  per  degree  from  Reference  75. 

3.  Cranked  Wing  (A-j-e  ; > ATe0) 

Given:  Cranked  wing  of  Reference  32.  The  inboard  trailing-edge  sweep  angle  is  greater  than  the 
outboard  trailing-edge  sweep  angle.  (See  Sketches  (h)  and  (i>.) 


Basic  Wing 


Abw=  2.73 

11 

* 

•O 

Sbw  = 42  77  sq  in. 

bbw  = 

Total  Wing 


A W 

= 2.91 

xw 

ALEi 

= 53.13° 

ale„ 

sw 

= 40.04  sq  in. 

% 

aTEj 

= 37.3° 

aTE„ 

0.40 

AEEbw 

= ale0 

= 32.16° 

10.8  in. 

ATEbw 

= ate0 

= 0 

= 0.44 
= 32.16° 

» 0.60 
= 0 


Glove 


Ag  = 3.0  Ale  - AlE.  = 53.13° 


Sg  = 14.00  sq  in. 


Xg  = 0 


Extension 

2 


= rjg-j*  ~ *n‘ 


aTEe  = ^TEj  " 373° 


Additional  Characteristics 
Round-nosed  airfoil 
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M = 1.40;  (3  = 0.98 


Compute: 

(^a)bw 


ta"  ALEbw' 

'(}  = 0.642;  (AtanALE)bw  = 1.715 

^ (C^a)bw 

= 3.42  per  rad(Figurcs  4. 1 . 3. 2-56c  through  -56f,  interpolated) 

( N*)bw 

= 3.49  per  rad 

«la"ALEbw  ' 

1.560 

(cLE)bw  * 0.99  (Figure  4. 1.3.2-62) 

(Cn  \ (Since  \ = 0,  either  Figure  4. 1.3.2-56aor  4.1.3. 2-63can  be  used.) 

(See  footnote  on  Page  4. 1.3/2-23.) 

/i/tan  AjLg 

s 

= 0.735;  (AtanA1E)g  « 4.0 

tan  Air  /Cn  \ = 4.575  per  rad  (Figure  4.1.3. 2-56a) 

g \ <*/g 

(CNa)g  = 3'43  perrad 

(CLE)g-  0.93 

(Figure  4.1.3.2-62) 

sE 

(CN  W 7 — (use  Figure  4.1.3.2-63) 

\ °t/E- 

/3/tan  ALEj 

= /3/tan  Aj^g  — A. 735 

8 

tan  AyEj 
tan  ALEj 

tan  Ate 

« = 0.571 

tan  ALEg 

- 0.650  per  rad  (Figure  4.1 .3.2-63) 

^/tan  ALE2 

55  /3/tan  Aee  = 0.735 

tan  AT£2 
tan  ALE2 

tan  Axp 

1Ebw 

= = 0 

tan  ALEg 

/CN  \ 

( “ ) 
\~/2 

= 1.16  per  rati  (Figure  4.1.3.2-63) 
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(Equation  4. 1.3. 2- j ) 


= (0.650-  1.16) 


(6.48)2 

40.04 


= -0.535  per  rad 


« (Cn al 


g 

'gsw 


0M  (3M) 


(14.00) 

(40.04) 


1 .224 


Kl  = 0.74  (Figure  4.1.3.2-61) 
Solution: 

S 


:N«  ■ KL 


[(CN«)bw  % <CLE*bw+(CNJg  ^ <cU>«+(CNa)E 

- °-74[<3-49)<^S5  <0")+<3-43>  <a93)-°-S3S 


= 0.74  (3.691  + 1.115-0.535] 


= 3.160  per  rad 
= 0.0552  per  deg 

This  compares  with  a test  value  of  0.0563  per  degree  from  Reference  32. 
4.  Curved  Wing 

Given  : Ogee  wing  of  Reference  80. 


SW 


(Equation  4.i,3.2-h> 


“ 1 20  sq  in. 


4.1.3.2-36 


Compute: 


Planform  shape  parameter 

p = Sw/(bwC)  = (120)/[(12)  (20)1  =0.50 

Wing  slenderness  parameter 

bw/(2fi)  = (12.0)/[(2)  (20)]  = 0.30 

gbW  _ (1.52)  (12,0)  _ 

28  (2)  (20.0)  ” ' 

= 4.18  per  rad(Figure  4.1.3.2-64) 

Solution: 


(Equation  4.1 .3.2-8) 


= 1.672  per  rad 
= 0.0292  per  deg 

This  compares  with  a test  value  of  0.0285  per  degree  from  Reference  80. 


D.  HYPERSONIC 

The  theoretical  normal-force-curve  slope  of  a flat  plate  at  zero  angle  of  attack  approaches  zero  as 
the  Mach  number  becomes  large.  The  interrelated  effects  of  viscosity,  heat  transfer,  and  detached 
shock  waves  due  to  blunt  leading  edges  cause  considerable  deviations  of  the  normal-force-curve 
slope  from  the  theoretical  values.  These  effects  are  discussed  more  fully  in  Paragraph  D of 
Section  4. 1.3.3.  The  magnitude  of  these  effects  on  surface  pressures,  although  large  enough  to  be 
important  under  certain  conditions,  has  not  been  determined.  The  method  presented  herein  is  based 
on  linear  theory  and  is  intended  only  as  a first-order  approximation  of  the  normal-force-curve  slope 
of  straight-tapered  planforms  at  hypersonic  speeds. 

DATCOM  METHOD 

The  hypersonic  portions  of  Figures  4.1.3.2-56a  through  4.1.3.2-56g  may  be  used  to  obtain  a 
first-order  approximation  of  the  normal-force-curve  slope  at  zero  angle  of  attack  for  conventional 
wings  of  zero  thickness.  For  planforms  with  wedge  airfoils  an  approximation  of  the  normal-force- 
curve  slope  at  zero  angle  of  attack  may  be  obtained  by  applying  the  results  of  Figure  4.1 .3.2-65. 
This  figure,  based  on  two-dimensional  supersonic  slender-airfoil  theory,  presents  the  ratio  of  Cno  of 
wedge  airfoils  to  CNa  of  fiat-plate  airfoils. 
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TABLE  4. 1.3.2-B 

TRANSONIC  LIFT-CURVE  SLOPES  OF  STRAIGHT-TAPERED  WINGS 
DATA  SUMMARY  AND  SUBSTANTIATION 


. “c/2  - 

Section  A A (deal  Rj  x 1 


M I 

b.  I La  b I 


Theoretical  (T) 
Experimental  (E) 


63A006 

63A010 

63A0C6 

63A006 

63A010 

63A008 

63A006 

65A006 

6SA006 

63jA012 


4 1 0| 


4 .6  43.2 


4 .6  32.5 


4 .68  43.6 


6 .56  43.6 


8 .45  43.6 


EXTRAPOLATED  VALUES 


2.0 

.82 

6.1 

.89 

3.2 

.96 

6.2 

.82 

5.3 

.89 

4-1 

.95 

4.6 

2.0 

.84 

7.0 

.91 

5.0 

.98 

5.9 

.84 

6.5 

.90 

5.1 

.95 

5.5 

2.0 

.87 

7.9 

.94 

6.8 

1.01 

6.9 

.87 

8.0 

.94  1 

6.0 

1.01 

5.6 

2.0 

.84 

4.8 

.9!  j 

3.12 

.98 

4.08 

.84 

4.7 

.90 

3.0 

.98 

4.2 

2.0 

.87 

5.4 

.94 

4.5 

1.01 

4.5 

.86 

4.7  i 

.94 

4.1  j 

.98 

4.7 

2.0 

.91 

5.9 

.98 

5.5 

1.05 

5.1 

.94 

5.9 

.98 

5.4 

1.05 

4.9 

2.0 

.98 

2.9 

1.05 

2.9 

1.12 

2.5 

.98 

2.7 

1.05 

2.9 

2.0 

1.0 

3.1 

1.07 

3.3 

1.17 

2.7 

1.0 

3.4 

1.07 

3.5 

2.0 

1.0 

3.3 

1.07 

3.5 

1.14 

2.9 

1.0 

3.2 

1.07 

3.1 

2.0 

1.0 

1.4 

1.07 

1.6* 

1.14 

1.2 

1.0 

1.4 

1.07 

1.5 

1.14 

1.3* 

2.0 

1.0 

1.5 

1.07 

1.7 

1.14 

1.3 

1.0 

1.3 

1.07 

1.5 

1.14 

1.4 

2.0 

1.0 

1.6 

1.07 

1.8 

1.14 

1.4 

1.0 

1 1.3 

1.07 

1.6 

1.14 

1.0* 

.46 

.94 

4.0 

1.01 

3.8 

1.08 

3.5 

.94 

4.0 

1.01 

3.9 

1.08 

3.5 

.46 

.93 

4.8 

1.0 

4.4 

1.07 

4.2 

.93 

4.8 

1.0 

4.2 

1.07 

as 

.57 

.92 

3.6 

.99 

1,5 

1.06 

3.0 

1 

.875 

4.1 

1.0 

4 

0 

26,6 

2.4 

.92 

5.2 

.99 

.92 

4.3 

.99 

1 

.5 

33.4 

2.9 

1.0 

1.6 

1.07 

1.0 

1.8 

1.07 

1.08 

.3 

44.0 

2.6 

1.0 

1.7 

1.07 

1.0 

1,9 

1.07 

1.67 

.2 

38.7 

2.5 

1.0 

2.6 

1.07 

1,0 

2.8 

1.07 

1.71 

.4 

26.5 

2.7 

1.0 

2.8 

1.07 

1.0 

2,9 

1.07 

2.46 

.1 

33.6 

2.5 

1.0 

3.7 

1.07 

1.0 

3.7 

1.07 

2.67 

.2 

26.6 

2.5 

1.0 

4.2 

1.07 

1.0 

4.0 

1.07 
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TABLE  4.15.2-C 

SUPERSONIC  NORMAL-FORCE-CURVE  SLOPE  OF  DOUBLE-DELTA  WINGS 
DATA  SUMMARY  AND  SUBSTANTIATION 


"a  « Percent 

M C*lc,  T«tt  Error 


B 3.16  510  .295  .400  64.07  61.63  .125 

2.86  .407  I I 70.67  ! ! 


2.86  .407  64.07 

2.62  539  70.67 

2.62  539  64.07 

2.42  592  70.67 

, * * * * * ^ » 

WB  2.01  .416  502  513  78  63.3  .127 


<56  595  544  .405  78  |48.5  .127 


1 33  .180  .454  .498  78  33.1  .127 


1.30  .196  0 .414  82  60  .147 


153  502  .163  .403  82  60  .147 


1.55  501  0 .4001  82  59  .144 


1.72  588  0 .414  77.4  59  .127 

♦ Mil  I I 

255  59  0 AIR  78  60 

259  576  0 .126  825  60 


TABLE  4.1.3.2-D 

SUPERSONIC  NORMAL-FORCE-CURVE  SLOPE  OF  CRANKED  WINGS 
DATA  SUMMARY  AND  SUBSTANTIATION 


A*  KeJ  * 


JV  ITU  4.9  1 iOUU  iVW  .MW  W r I W>.f  ' ' w .VT  ,wy 

I ) II  I I i i I I I 2.01  .0401 

32  WB  2.91  .641  .626  .600  53.13  32.16  .147  .06-.03  Round  1.4  .0652 

1 j { \ \ } I 43.22  | I i .0568 

66  WBVN  3.59  .409  .660  .421  70  60  .186  ? Round  2.2  .0376 

67  WB  4.43  .389  .464  .404  65  45  .079  .06-02  Round  2.60  .0299 

i I I J I 1 I 1 1 i I SS5 

38  WB  4.43  .389  .464  .404  66  46  .079  .06-02  Round  1.20  .0660 

2.30  .0343 
2.60  .0317 
300  .0267 

ffttttt  IT  1 350  .0212 

66  WBVN  3.80  .374  .289  .297  74.17  60  .211  .08  Round  1.70  .0407 

I I I I I I I I I I I :: 


CN 

Na 

Test 

e 

Percant 

Error 

.0433 

5.3 

0365 
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TABLE  4.1.3.2-E 

SUPERSONIC  NORMAL-FORCE-CURVE  SLOPE  OF  CURVED  (GOTHIC  AND  OGEE)  WINGS 
DATA  SUMMARY  AND  SUBSTANTIATION 
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1.4 


SUBSONIC  SPEEDS 


FIGURE  4.1.3.2-52  CORRELATION  OF  SUBSONIC  LIFT-CURVE  SLOPE  FOR 

CRANKED  PLANFORMS  HAVING  ROUND-NOSED  AIRFOILS 
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TRANSONIC  SPEEDS 


theory 


FIGURE  4.1.3.2.54a  CORRECTION  TO  LIFTCURVE  SLOPE  AT  FORCE-BREAK  MACH  NUMBER 


FIGURE  4.1.3. 2-54b  CHAF'T  FOR  DETERMINING  LIFTCURVE  SLOPE  AT  M„ 

a 


FIGURE  4.1.3.2-54C  CHART  FOR  DETERMINING  LIFTCURVE  SLOPE  AT  Mb 
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TRANSONIC  SPEEDS 
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outboard 


FIGURE  4.1.3.2-55  EMPIRICAL  CORRELATION  OF  LIFT-CURVE  SLOPE  OF 
COMPOSITE  PLANFORMS  AT  MACH  1 
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FIGURE  4.1 ,3.2-56  (CONTD) 


4.1.3.2-57 
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FIGURE  4.1.3.2-60  SUPERSONIC  WING  LIFT-CURVE-SLOPE  CORRECTION  FACTOR  FOR 
SONIC-LEADING-EDGE  REGION 
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SUPERSONIC  SPEEDS 
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TAN  Ale 

FIGURE  4.1.3.2-62  LEADING-EDGE-EFFECT  FACTORS  (CLE)g  AND  (CLE)bw 

FOR  NORMAL-FORCE-CURVE  SLOPE  AT  SUPERSONIC  SPEEDS 
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SKF.TCH  (a) 

The  aspect-ratio-6  wing  with  the  64A010  airfoil  reaches  a maximum  lift  coefficient  at  a relatively  low  angle 
of  attack.  Following  this,  the  lift  drops  abruptly  and  then  stabilizes  at  nearly  constant  level  for  approxi- 
mately the  next  30°  of  angle  of  attack. 

For  the  same  wing  with  a sharp  leading  edge  (represented  by  the  wing  in  reverse  flow)  the  maximum  lift 
coefficient  is  not  nearly  as  large  as  in  the  previous  case,  but  the  drop  subsequent  to  the  maximum  lift  is  also 
much  less.  The  result  is  that  for  angles  of  attack  beyond  stall,  the  lift  on  the  blunt  wing  is  not  greatly  dif- 
ferent from  the  lift  on  the  sharp  wing. 

This  effect  is  accounted  for  in  this  section  by  making  the  drop  in  lift  following  maximum  lift  reflect  the 
difference  between  the  actual  maximum  lift  and  the  maximum  lift  determined  by  the  low-aspect-ratio 
method  of  Section  4. 1 .3.4.  (This  latter  method  gives  results  corresponding  to  those  for  a thin  airfoil.) 

For  very  low-aspect-ratio  rectangular  wings  experimental  data  (reference  2)  occasionally  show  a hysteresis 
in  the  normal-force  curve  near  maximum  lift,  with  different  lift-curve  shapes,  depending  on  whether  the 
angle  of  attack  is  increasing  or  decreasing.  For  these  wings  the  results  of  this  section  must  be  applied  with 
caution,  since  they  do  not  reflect  this  hysteresis. 

Reynolds  number  was  not  accounted  for  in  the  analysis  of  this  method.  There  is  a Reynolds-number  effect 
on  the  lift-curve  shape  for  the  thicker  wings,  but  within  the  Reynolds-number  limitations  listed  on  the  charts 
the  values  predicted  are  of  sufficient  accuracy  for  most  purposes. 

DATCOM  METHOD 

The  general  method  for  estimating  the  subsonic  normal  force  on  conventional,  straight-tapered  uncambered 
wings  for  angles  of  attack  from  0 to  90°  is  outlined  in  the  following  steps: 

Step  1 . Subsonic  Normal  Force  at  Angles  of  Attack  Below  the  Stall. 

The  basic  equation  is 

^ L . sin  2a  , , _ „ 

= C.,  - Cw  — - — + C.,  sin  a I sin  a I 4. 1 .3.3-2 

cosa  N Na  2 Naa 

The  normal-force-curve  slope  Cw  is  obtained  from  Section  4. 1.3.2. * For  high-aspect-ratio 

n 


is  used  for  C., 


wings,  the  lift  curve  is  based  on  the  appropriate  section  lift-curve  slope.  For  low-aspect  ratios 
and  borderline  aspect  ratios  (defined  in  Section  4. 1.3.4),  the  section  lift-curve  slope  is 
assumed  to  be  2ir  (k  - 1 in  figure  4.1.3.2-49). 


The  nonlinear  coefficient  Cw  is  calculated  as  the  sum  of  two  terms; 

Naa 


CN  = /CN  \ + ACn  4. 1.3.3-b 

Naa  [ NaaJ  rtf  Naa 

The  reference  nonlinear  coefficient  /CN  \ is  based  on  at  C (the  normal  force 

\ Naa/rei  ma* 


at  maximum  lift),  given  by 


C'  ® Cl  = ' 71 — 

N *-  rr»x  COS  <1  q 


4. 1.3.3-c 


where  C.  and  cl.  are  obtained  as  outlined  in  Section  4. 1.3.4  for  the  wing  in 

Lrn*x  cl_m 

max 

question.  Finally,  /CN  \ is  given  by 
\ aa> 

c'  @ C.  - CN  (~\  sin  2ac 
N Lm.x  Na  \ 2 / ^ L 

(q  \ = 

\ Naa/rrf  Isinac.  I 


4. 1.3. 3-d 


The  incremental  nonlinear  lift  coefficient  is  now  read  from  figure  4. 1 ,3.3-55a 

as  a function  of  the  parameter  J and  the  ratio  of  the  tangent  of  the  angle  of  attack  in 
question  to  the  tangent  of  the  angle  of  attack  at  C,  . The  wing-shape  parameter  J is 

u max 

defined  by  the  equation 


A |(C2  + OA  tan  A E 

J = 0.3  (C,  + 1 ) ~t~ cos  Aue  (C,  + 1)  (C2  + 1)-  


4. 1.3,3-e 


The  constants  C,  and  C2  are  the  empirical  taper-ratio  constants  of  Section  4. 1.3.4. 

The  wing  lift  coefficient  may  now  be  calculated  for  any  angle  of  attack  up  to  and  including 

the  stall  by  substituting  the  appropriate  values  of  Cw  and  Cw  in  equation  4.1.3. 3-a. 

Na  aa 

Step  2.  Subsonic  Normal  Force  at  Angles  of  Attack  Beyond  the  Stall. 


The  equation  for  the  nonlinear  coefficient  at  angles  of  attack  beyond  the  stall  is 


(c-4, 


+ /cw  \ 


(Cn“1 


tan  a 


C.  /C 


+ 02D 


3 \c*  > 

\ max/ 

4.1.3.3-f 


4.1. 3.3-4 


where 


P 


is  the  reference  nonlinear  coefficient  based  on  C!,  at  C,  , calculated 

L may 

as  outlined  in  step  1 . 

is  the  normal-force  coefficient  at  a = 90°.  At  90°,  CN  * C'  since  . 

sin  2o  ^ 

sin2  a = 1 and  — - — = 0.  The  quantity  C'  is  obtained  from 

figure  4. 1.3.3-55b  as  a function  of  aspect  ratio  (references  3 and  4). 
is  the  Mach  number  parameter,  -J 1 - M2. 


D 


is  an  empirical  nonlinear  term  read  from  the  right-hand  side  of 
figure  4.1.3.3-55a. 


is  the  maximum  lift  coefficient  obtained  as  outlined  in  Section  4. 1.3.4 
for  the  wing  in  question. 


C*  is  the  maximum  lift  coefficient  of  the  wing,  calculated  by  using  the  low- 

m>x  aspect-ratio  method  of  paragraph  B of  Section  4. 1.3.4.  If  the  wing  in 

question  has  a low  aspect  ratio  by  the  definition  of  Section  4. 1.3. 4,  then 
C*  - C,  and  the  last  term  in  equation  4.1.3,3-f  is 

max  L max 
CN 

a 

0D2  . If  the  wing  in  question  has  a high  aspect  ratio  by  the  defini- 
tion of  Section  4. 1 .3.4,  the  value  of  (C.  \ is  obtained  from 

\ L max  / base 

A 4 

figure  4. 1.3.4-23  at  (C,  + l)-jj*cos  ALE  = 


Substituting  values  of  CN  determined  by  equation  4.1.3.3-f,  together  with  the  value  of 
"aa  j 

CN  from  figure  4. 1 .3.2-49,,  into  equation  4. 1 ,3.3-a  gives  the  wing  normal-force  coefficient 
for  angles  of  attack  between  the  stall  angle  and  90°. 

For  cambered  wings  the  procedure  outlined  in  steps  1 and  2 must  be  altered  slightly.  Potential  theory  states 
that  the  lift-curve  slope  of  a wing  is  unaltered  by  camber.  Thus  the  lift  is  defined  by 

CL  = CL  (a  - a0) 

L La 


where  aQ  is  the  angle  of  attack  for  zero  lift.  For  angles  of  attack  below  the  stall  an  equivalent  angle  of 
attack  for  the  cambered  wing  is  defined  as  ae  = a — a0.  Then,  the  equations  for  lift  are 

CL  = CN'  cos  a 

sin  2q# 

Cw'  = CM  + C,  sin  a |sin  a | (equation  4, 1 ,3.3-a) 

im  "a  2 aa  * 6 

where  CN  is  given  by  equation  4.1.3. 3-b,  but  with  ac  replaced  by  (ae)c  in  determining 

'"max  *"max 


4.1. 3.3-5 


(c4 


and  AC. 


(Cncw.) 


CN  ® CL(„ax  CNa(2) 


sin  (a#)c 


sin  (a  )_ 


(equation  4. 1.3. 3-d) 


ACW  is  read  from  figure  4.1.3. 3-55a  as  a function  of  J and  the  ratio  - — — — ^ . 

Naa  tan  (a,)c 

*"m«x 

For  angles  of  attack  beyond  the  stall,  the  linear  term  vanishes  as  a approaches  90°,  and  the  equivalent 
angle  of  attack  for  the  cambered  wing  is  defined  as 


a = a 1 + 

* 90° 


90°  aQ 
90°  - a„ 


4.1.3.3-g 


where  a,  a0,  and  a. 


are  measured  in  degrees.  Then,  as  before. 


CL  cos  a 


sin  2a. 


C*  = c.  — - — 1 + Cw  sin  a.  |sin  a | (equation  4.1.3. 3-a) 

™ "a  2 "aa  * * 

where  CM  is  given  by  equation  4.1.3. 3-f  with  /Cw  \ calculated  as  outlined  above  for  the  cambered 
an.  \ Naa/ref 

wing  at  angles  of  attack  below  the  stall,  and  d = ae . 

In  applying  the  above  methods  to  a wing  which  is  on  the  borderline  between  a high  aspect  ratio  and  a low 

3 4 

aspect  ratio  as  defined  in  Section  4. 1.3.4,  i.e.,  — — < A < — , either  the 

(C,  + 1)  cos  Ale  (C,  + 1)  cos  Ale 

high-  or  the  low-aspect-ratio  procedure  of  Section  4. 1.3,4  may  be  applied  to  determine  the  wing  maximum- 
lift  characteristics.  It  is  suggested  that  the  low-aspect-ratio  procedure  be  applied  as  this  facilitates  application 
of  equation  4. 1.3. 3-f,  since  = C. 

u max  L max 

Three  sample  problems  are  included  on  pages  4. 1.3.3- 1 1 through  4.1.3.3-23  to  illustrate  the  calculation  pro- 
cedure for  estimating  wing  lift  in  the  nonlinear  angle-of-attack  range  of  conventional,  straight-tapered  wings. 
Comparison  with  experimental  data  is  presented  in  each  case. 

Sample  problems  1 and  2 emphasize  the  high-angle-of-attack  characteristics  of  a low-aspect-ratio  and  a high- 
aspect-ratio  wing,  respectively.  Comparison  is  made  between  the  calculated  and  experimental  values  for  both 
Lift  and  normal  force.  Agreement  between  the  calculated  and  experimental  values  near  stall  is  not  particularly 
good  for  the  high-aspect-ratio  wing.  However,  the  experimental  data  in  this  case  should  be  viewed  with 
caution,  since  it  indicates  a highly  nonlinear  lift  curve  prior  to  stall  for  a high-aspect-ratio  wing. 

Sample  problem  3 illustrates  the  special  case  of  a cambered  wing,  as  well  as  a more  representative  comparison 
of  lift  at  the  lower  angles  of  attack. 


4.1. 3.3-6 


Non-Straight-Tapered  Wings 


Semiempirical  methods,  taken  from  reference  1 , are  presented  for  estimating  the  nonlinear  lift  of  double- 
delta and  cranked  wings  at  subsonic  speeds.  The  nonlinear  lift  of  double-delta  wings  is  based  on  the  hypoth- 
esis that  an  expression  similar  to  that  developed  by  Ktlchemann  (reference  8)  for  the  nonlinear  lift  of  small- 
aspect-ratio  wings  with  leading-edge  separation  may  be  applied  to  double-delta  planforms.  By  using  such  an 
approach,  a correlation  proportional  to  the  linear  lift-curve  slope  was  developed  that  is  strongly  dependent 
on  the  inboard-panel  geometry.  The  characteristic  behavior  exhibited  by  the  experimental  data  of  cranked 
wings  led  the  authors  of  reference  1 to  conclude  that  the  flow  field  about  these  wings  is  similar  to  that  about 
a low-aspect-ratio  delta  wing  with  leading-edge  separation.  On  the  basis  of  these  observations,  the  nonlinear 
lift  of  cranked  wings  has  been  related  to  the  correlation  for  the  nonlinear  lift  of  double-delta  wings. 

The  nonlinear  lift  of  curved  (Gothic  and  ogee)  wings  has  been  correlated  in  reference  1 by  the  empirical 
method  developed  by  Peckham  in  reference  9. 

The  following  methods  for  estimating  the  nonlinear  lift  of  non-straight-tapered  wings  are  limited  to  angles  of 
attack  of  20°  or  less. 

DATCOM  METHODS 


Double-Delta  Wings 

The  nonlinear  1’ft  of  double-delta  wings  at  subsonic  speeds  is  obtained  from  the  procedure  outlined  in  the 
following  steps: 


Step  1. 


Calculate  the  subsonic  wing  lift-curve  slope  C.  by  the  method  presented  for  double-delta 
wings  in  paragraph  A of  Section  4. 1 .3.2. 


Step  2.  Obtain  values  of  the  parameter 


at  angles  of  attack  of  4°,  8°,  1 2°,  1 6°,  and  20° 


from  figure  4.  j. 3. 3-56,  This  parameter  is  correlated  as  a function  of  wing  aspect  ratio  A,  the 
leading-edge  sweepback  of  the  inboard  panel  AlE  , and  the  Mach  number  parameter 

P = y/T  - M2.  It  should  be  noted  that  for  angles  of  attack  up  to  8°,  an  aspect-ratio  depend- 
ence exists  at  Mach  numbers  above  0.7.  Not  enough  data  are  available  at  high  subsonic  Mach 
numbers  to  allow  investigation  of  the  aspect-ratio  dependence  above  8°  angle  of  attack. 


Step  3.  Calculate  CL  by 


4.1.3.3-h 


where 

r?B  is  the  spanwise  location  of  the  break  in  the  leading  edge  expressed  in  percent  of 
wing  sernispan. 

.A,  is  the  aspect  ratio  of  the  planform  formed  by  the  two  inboard  panels 


Step  4,  Plot  calculated  values  of  C.  versus  a and  fair  a curve  through  the  points  tangent  to  C. 

L '■a 

near  zero  lift. 


4.1. 3.3-7 


Application  of  this  technique  is  illustrated  by  sample  problem  4 at  the  conclusion  of  paragraph  A 
(page  4.1 3.3-23) . 

A comparison  of  test  data  for  21  configurations  with  the  nonlinear  lift  of  double-delta  wings  calculated  by 
this  method  is  presented  as  table  4.1 .3.3-B  (taken  from  reference  1 ).  The  largest  errors  generally  occur  at 
a ~ 4°  with  the  accuracy  improving  as  the  angle  of  attack  increases.  The  ratio  of  body  diameter  to  wing 
span  of  the  models  investigated  varied  from  0.077  to  0.149,  and  no  apparent  effects  of  relative  body  size  are 
evident.  No  significant  effects  of  thickness  ratio  on  lift  are  evident  over  the  limited  thickness-ratio  range 
covered  (0.02  to  0.04).  The  Reynolds  numbers  of  the  test  data  fall  into  two  ranges,  1 .04  x 10®  to  3.6  x 10® 
and  17.1  x 10®  to  20.3  x 10®.  Although  there  are  not  enough  data  to  allow  a quantitative  prediction  of 
Rcynoids-number  effect,  it  is  reasonable  to  expect  that  Reynolds  number  will  influence  the  lift. 

Although  no  attempt  was  made  to  define  the  effect  of  leading-edge  shape  on  lift,  even  with  round  leading 
edges  a highly-swept  wing  should  be  expected  to  have  leading-edge  separation  at  the  higher  angles  of  attack. 
With  separated  flow  over  the  entire  leading  edge,  the  resulting  vortex  pattern  should  be  equivalent  to  that 
for  a wing  with  a sharp  leading  edge.  Since  the  vortex  pattern  exerts  a strong  influence  on  the  flow  field,  at 
the  higher  angles  of  attack  the  aerodynamic  characteristics  of  wings  with  round  and  sharp  leading  edges 
should  be  similar. 

It  is  difficult  to  assess  quantitatively  the  validity  of  the  aspect-ratio  dependence,  shown  in  figure  4.1 .3.3-56, 
at  Mach  numbers  above  0.7.  This  dependence  is  based  on  only  nine  configurations,  and  no  data  are  available 
above  8°  angle  of  attack. 


Cranked  Wings 

The  nonlinear  lift  of  cranked  wings  at  subsonic  speeds  is  related  to  the  correlation  for  the  nonlinear  lift  of 
double-delta  wings  presented  as  figure  4.1.3.3-56.  The  prediction  method  consists  of  a construction  pro- 
cedure for  the  buildup  of  lift  above  the  angle  of  attack  at  which  the  lift  curve  breaks.  The  break  in  the  lift 
curve  is  defined  as  that  point  where  the  lift  drops  off  from  the  linear  value,  and  the  curve  itself  also  becomes 
nonlinear.  The  cranked  wings  examined  during  the  analysis  reported  in  reference  1 showed  a break  in  the 
lift  curve  at  angles  of  attack  between  6°  and  7°.  The  prediction  method  is  illustrated  schematically  in 
sketch  (b). 


SKETCH  (b) 

By  referring  to  sketch  (b),  the  nonlinear  lift  of  cranked  wings  at  subsonic  speeds  is  obtained  from  the 
procedure  outlined  in  the  following  steps: 

Step  1.  Calculate  the  subsonic  wing  lift-curve  slope  C.  by  the  method  presented  for  cranked  wings 

La 

in  paragraph  A of  Section  4. 1.3.2. 
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Step  2.  Obtain  abr(l|c  as  a function  of  the  leading-edge  sweepback  of  the  inboard  panel  from 
figure  4.1.3.3-57, 

Step  3.  Calculate  C.  by 

Lbr»»k 


= C. 


brtsk 


bre»k 
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CL  A, 

Step  4.  Obtain  values  of  the  parameter  -r — — - at  angles  of  attack  of  4°,  8°,  12°,  16°,  and  20° 

La 

from  figure  4.1 ,3.3-56,  and  calculate  C,  using  equation  4. 1.3.3-h.  (See  double-delta- 

unonllr\Mr 

wing  method  of  this  paragraph.) 


Step  5.  Obtain  J(CL  )a=a^ 
calculate  6CU  by 


by  plotting  C versus  a from  step  4,  and  then 

br»«k  nonllnwr  Lnonlln»*r 


6Cl  = CL  - (CL)  , 

br«»k 


nonllnwr 
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Step  6.  Add  the  6C.  values  obtained  in  step  5 to  the  C.  value  obtained  in  step  3 to  obtain 

L bfMk 

the  total  CL  for  each  a above  ab<„k;i  e., 

C,  » C.  + 6C.  4.1.3.3-k 

L Lbr«k  *- 


Application  of  this  technique  is  illustrated  by  sample  problem  5 on  page  4.1.3.3-25. 

A comparison  of  test  data  for  seven  configurations  with  the  nonlinear  lift  of  cranked  wings  calculated  by  this 
method  is  presented  as  table  4. 1 ,3.3-C  (taken  from  reference  1 ).  The  ratio  of  body  diameter  to  wing  span  of 
the  models  investigated  varied  from  0.062  to  0.147,  and  no  apparent  effects  of  relative  body  size  are  evident. 
No  significant  effects  of  thickness  ratio  on  lift  are  evident  over  the  limited  thickness-ratio  range  covered 
(0.02  to  0.06). 

Before  attempting  to  assess  the  validity  of  the  method  some  salient  features  should  be  pointed  out.  The 
accuracy  of  the  method  is  strongly  dependent  on  knowing  a^.  . Since  the  break  in  the  lift  curve  is  essen- 
tialy  a type  of  stall  phenomenon,  Reynolds  number  may  have  a significant  effect  on  . Unfortunately, 
a lack  of  data  prevented  a detailed  study  of  Reynolds  number  effects  during  the  correlation  reported  in 
reference  1.  The  method  also  assumes  a sharp  discontinuity  at  abfMk  ; however,  test  data  show  that  as  aspect 
ratio  is  reduced  the  break  in  the  lift  cutve  becomes  less  apparent,  and  for  the  lower-aspect-ratio  wings  the 
lift  curve  exhibits  a gradual  transition  from  the  linear  to  the  nonlinear  region.  Furthermore,  the  shape  of 
the  nonlinear  lift  curve  is  based  on  the  correlation  derived  for  double-delta  wings,  which  is  restricted  to 
wings  with  small  or  zero  trailing-edge  sweep  angles. 

From  the  foregoing  discussion  it  night  be  expected  that  the  method  would  give  acceptable  results  when 
applied  to  wings  with  moderate  to  high  aspect  ratios  and  small  or  zero  trailing-edge  sweep  angles.  Of  the 
seven  configurations  listed  in  table  4. 1.3.3-C,  these  conditions  are  met  only  by  the  configurations  of 
references  37,  38,  and  39.  The  average  error  for  the  nine  calculated  points  of  those  references  is  4.9  percent. 

It  is  difficult  to  assess  quantitatively  the  effect  of  Mach  number  on  the  accuracy  of  the  method.  However,  it 
should  be  pointed  out  that  the  curves  of  figure  4, 1 .3.3-56  have  been  extrapolated  to  account  for  low  values 
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of  0 tan  ALE|  for  the  configuration  of  reference  28  at  M =•  0.80,  0.8S,  and  0.90  and  for  the  configurations 
of  reference  36  at  M - 0.90. 

Since  the  configurations  of  references  38  and  39  had  twisted  and  cambered  wings,  their  lift  curves  were 
significantly  displaced  from  the  origin.  In  analyzing  the  test  data  for  these  configurations  the  lift  curves  were 
shifted  so  that  CL^_^  * 0.  The  calculated  results  for  these  configurations  compared  well  with  the  adjusted 

test  values,  indicating  that  twist  and  camber  have  a negligible  effect  on  the  shape  of  the  lift  curve  in  the 
nonlinear  region. 

Test  data  show  that  the  lift  curve  tends  to  fall  off  at  approximately  1 6°  angle  of  attack  at  M = 0.80  and 
0.85  for  the  configuration  of  reference  28,  and  at  approximately  12°  angle  of  attack  throughout  the  Mach 
range  tested  for  both  configurations  of  reference  36.  This  trend  indicates  that  the  inboard  panel  is  beginning 
to  stall;  consequently,  the  method  should  not  be  expected  to  give  reliable  results  for  these  configurations  at 
higher  angles  of  attack. 


Curved  Wings 

The  nonlinear  lift  of  curved  (Gothic  and  ogee)  wings  at  subsonic  speeds  was  correlated  in  reference  1 by 
Peckham’s  method  (reference  9)  where  the  ratio  of  lift  to  the  square  root  of  the  wing  slenderness  parameter 
plotted  versus  angle  of  attack  converges  on  a single  curve, 

The  nonlinear  lift  is  obtained  from  the  procedure  outlined  in  the  following  steps: 


Step  1. 

Step  2. 
Step  3. 


w 

Using  the  given  wing  geometry  calculate  the  wing  slenderness  parameter  (See 
Section  2.2.2  for  wing-geometry  parameters.) 


At  the  desired  values  of  angle  of  attack  obtain 
Calculate  CL  at  each  a by 


'bw 

~ from  figure  4.1.3.3-58. 


Application  of  this  technique  is  illustrated  by  the  sample  problem  on  page  4,1.3.3-28. 
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A comparison  of  test  data  for  1 1 configurations  with  the  nonlinear  lift  of  curved  wings  calculated  by  this 
method  is  presented  as  table  4. 1.3. 3-D  (taken  from  reference  1).  The  results  indicate  that  the  best  accuracy 
is  obtained  at  the  lower  Mach  numbers  and  for  configurations  with  aspect  ratios  near  1 .0.  Three  of  the  con- 
figurations analyzed  were  wing-bodies,  and  for  these  configurations  no  significant  wing-body  interference 
effects  were  evident  However,  it  should  be  noted  that  no  blended  wing-body  configurations  are  included  in 
the  correlation.  Suca  configurations  have  a very  thick  cross  section  near  the  apex  that  should  be  expected  to 
cause  a loss  in  lift.  The  two  blended  wing-body  configurations  of  references  43  and  44  were  analyzed  during 
the  investigation  reported  in  reference  1 , and  it  was  found  that  the  lift  predicted  using  figure  4. 1 .3.3-58  was 
about  10  percent  higher  than  test  data  throughout  the  angle-of-attack  range  of  both  configurations. 

Since  there  is  no  theoretical  basis  for  this  method,  it  should  be  used  with  caution  outside  the  planform 
parameter  ranges  covered  in  the  correlation.  The  correlation  of  figure  4. 1 .3.3-58  is  based  on  data  from  sharp- 
edged,  thin,  Gothic  and  ogee  wings  with  moderate  trailing-edge  sweep  angles  (±15°).  The  planform  param- 
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eter  ranges  of  the  data  are 


0.75  < A < 2.00 

S 

0.45  < 0.667 

V 

bw 

0.25  r <5  0.54 


Sample  Problems 

Conventional,  Straight-Tapered  Wings 
1.  High-Angle-of-Attack  Characteristics  of  a Low-Aspect-Ratio  Wing. 
Given:  Delta  wing  of  reference  25. 


A = 2.0  X = 0 Ale  = 63.5°  NACA  0005  airfoil  (free-stream  direction) 

M = 0.2;  0 = 0.98  Rj  = 1.2  to  2.2  x 106  (based  on  MAC) 

K = 1.0  (assumed)  Ac/2  = 45.2° 


Compute:  Angles  of  attack  below  the  stall 

Find  C and  ac  as  outlined  in  Section  4. 1.3. 4 and  CN  from  Section  4. 1.3. 2. 

‘"max  '■'L Cl 


A < — ; — ; therefore,  use  low-aspect-ratio  method. 

(C1  + 1 ) cos  ALE 

Ay  = 1.38  (figure  2.2. 1-8) 

C,  = 0,  C2  = 0 (figure  4. 1 ,3.4-24b) 

(C,  + 1)  ~cosAu  = (0.4462)  = 0.91 


(C,  = 1.29  (figure  4.1. 3.4-23a) 

\ max  / base 

(C2  + 1)  AtanALE  * 2(2.006)  = 4.01 
AC,  = 0 (figure  4. 1 ,3.4-24a) 

'“max 

C = (C.  ) + ACL  (equation  4.1.3. 4-g) 

Lmax  \ '“max /base  ntax 

= 1.29 
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\ SrwxM 


- 34.6°  (figure  4.1.3. 4-25a) 


A cos  Ale  [1  + (2X)2  ] = 2(0.4462)  [1  + 01  = 0.8924 
Aan  = -0.1°  (figure  4.1.3. 4-25b) 

CL 

max 

a = \ + Aac  (equation  4.1.3. 4-h) 

Lm«x  \ Lmax/  ba»e 


= 34.5° 


Find  C. 


[/32  + tan2  ACJ  2 = 2.81 

CL  /A  = 1.15  per  rad  (figure  4.1. 3.2-49) 


C,  = Cw  = ( — T" ) A * (1.15)  (2.0)  = 2.30  per  rad 
Lo  Na  \ A / 


(CfJaa) 


C'  © C = (equation  4.1.3. 3-c) 

Lm.x  cos  a 

Snax 


= 1.565 


(cO 


0.8241  " 

CN  @ C«-m.x  - CNq  (")  Sin  2°CLr 


sin  ar  sin  ac 

'“L  L. 

r 


(equation  4. 1.3. 3-d) 


1.565  - 2 


/p.9336\ 

.30  \ 2 l m , 


(0.5664)2 


Find  J 


J = 0.3  (C,  + Dj-cos  Ale  (C,  + D(C2  + 1) 


j^(C2  + 1)  A i 


(equation  4. 1.3. 3-c) 
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I 


M 


■ « <»•««< 

= 0.222 

Solution:  Angles  of  Attack  Below  the  Stall 
r 

i _ sin  2a 

cos  a " CN  * CNa  ~~Y~  + sina  |sinol  (equation  4.1. 3.3-a) 

C"aa  * (C"aa)r*  + AC*aa  Ration  4.1. 3.3-b) 

* 1.53  + AC. 


(D 

® 

© 

© 

A 

tan  Ot 

I 

■ CH 

1 Na<r  ! 

< 

CL 

(dae) 

™aC, 

Sna* 

1 

f tfr  4.1. 3.3*6® 

Cw  «in30 

V 

c siaiLg 

CN<T*- 

aq.  4.1.3.3« 
® + ® 

“ (CN  eo*  °) 

B 

0.126 

0.80 

2.33 

0.018 

0.200 

0.218 

0.22 

10 

0.266 

0.80 

2.33 

0.070 

0.393 

0.463 

0.46 

16 

0.300 

0.73 

2.26 

0.161 

0.576 

0.726 

0.70 

20 

0.630 

0.86 

2.18 

0.266 

0.739 

0.994 

0.93 

26 

0.980 

0.46 

1.96 

0.364 

0.881 

t 236 

1.12 

30 

0.840 

0.26 

1.78 

0.446 

0.996 

1.44 1 

1.26 

34.6 

1.000 

0 

1.63 

0.491 

1.070 

1.661 

1.29 

Compute:  Angles  of  Attack  Above  the  Stall 
C*  * C,  (low-aspect-ratio  wing) 

m»n  max 

(Cnm)9 Qo  * 1-20  (figure  4.1.3.3-55b) 

(CN  ) * 1.53  (calculated  on  page  4.1.3.3-12) 

\ aa./  rtf 

Solution:  Angles  of  Attack  Above  the  Stall 
, sin  2a 

™.  * cn  = cn  *7 — + CN  sino  isinal  (equation  4.1, 3.3-a) 

ft  u i OCl 
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(C"aaL  + [(^Naa) oo°  faaaLl  l*  Una  J +^D  2.3  lc* 

' ITttX. 

r t#nac  -j  (equation  4.1. 3.3*0 

1.53  + 0.20  - 1.53)  |l  - " '^n^raM|  +0.96D~-(1) 


2.30 

+ 0.96  D — (1) 


1.20  + 0.33 


+ 0.96D 


mw* 


tan  a 


♦I#.  4.1. 3. 3- 66a 


Cfiaa 
aq.  4.1.3.3-f 

1.2  + .33®+  .99® 

CM  »ln2ft 
Nea 

e' 

CN 

aq.  4.1. 3.3+1 
® + ® 

CL 

"(cn“*«) 

1 .308 

0.474 

1.11 

1.684 

1.26 

0.664 

0.270 

1.13 

1.400 

1.07 

0.064 

0.027 

1.16 

1.177 

0.83 

•0.088 

•0.062 

1.13 

1.078 

0.69 

0.112 

0.094 

0.986 

1.080 

0.64 

0.438 

0.387 

0.74 

1.127 

0.39 

1.200 

1.300 

0 

1.2^0 

0 

B 


oo 


2.  High-Angle-of-Attack  Characteristics  of  a High-Aspect-Ratio  Wing. 

Given:  Wing  7 of  reference  25. 

A = 6.0  X = 0.5  ALE  = 8.9°  NACA  64A010  airfoil  (free-stream  direction) 

M = 0.2;  p = 0.98  Ri  = 1.5  to  2.2  x 106  (based  on  MAC) 

K = 1.0  (assumed)  Ac/2  = 2.6° 

Compute:  Angles  of  Attack  Below  the  Stall 

Find  C.  and  a_  as  outlined  in  Section  4. 1.3.4  and  C.,  from  Section  4. 1.3. 2. 

Lmax  CL  Na 

max 


A > ,7T 


(C1  + 1)  cos  Ale 

Ay  = 2.10  (figure  2.2. 1-8) 

c. 


; therefore,  use  high-aspect-ratio  method 


= 1.23  at  R,  = 9 x 106  (table  4. 1.1-B) 

*max  * 

A3  c,  -0.14  for  R|  = 2.0  x 106  (figure  4.1.1. 4-7b,  extrapolated) 

* max 

c.  = 1.23  - 0.14  = 1 .09  (adjusted  for  test  R.) 

" max  ^ 


= 0.895  (figure  4. 1.3.4-21  a) 


AC  = 0 (figure  4. 1.3.4  -22) 

L max 

'C 


_ / — c + ACL  (equation  4.1. 3.4-d) 

Lmax  \ / *max  max 

' *max  ' 


= (0.895) (1.09)  « 0.975 


Find  C. 


-a 


— P 2 + tan*1  A 


c/2 


1/2 


= 5.89 


C.  /A  = 0.76  per  rad  (figure  4. 1 .3.2-49) 
La 
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c,  = c. 

a Na 


A = (0.76)  (6)  = 4.56  per  rad 


Aa„  = 1.0°  (figure  4. 1.3. 4-2  lb) 

Lmax 


a0  = a.  --~=  o - = 0 (equation  4. 1.3.1 -a) 


Cl 


ac  = -p m8~  + a0  + Aac  (equation  4.1 .3.4-e) 

Lmax  Lmax 

+ 0 + 1.0  = 13.3° 


max  »-q, 

0.975 


4.56/(57.3) 


Find  /C 


(CNOa)raf 


CN  @ CL, 


max  COS  Cl^ 


0.975 

0.9732 


- 1 .002  (equation  4. 1 .3.3-c) 


faoa). 


c~®cw 


ref  Sin  ac 


sin  a. 


(equation  4.1.3.3-d) 


max  I 


1.002  - 4.56 


0.4478 


(0.2300)2 

Find  J 

C,  = 0.3,  C2  = 1.06  (figure  4.1. 3.4-24b) 


= -0.359 


J = 0.3  (C,  + l)-j  cos  Ale 


0.3  (1.31)  — (0.988) 


= 6.36 


(C,  + 1)(C2  + 1)  - 


(C,  + 1)  A tan  A _ 


(equation  4.1.3.3-e) 


(1.31)  (2.06)  - 

(2.06) (6)  (0.1566)' 

3 

7 

L J 
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Solution:  Angles  of  Attack  Below  the  Stall 


= C..  - C..  — - — + Cw  sin  a [sin  a|  (equation  4. 1 .3.3- 
s a N Na  2 waa 

CM  = /c  ) + ACW  (equation  4. 1 .3. 3-b) 

Naa  \ Maa/ref  ™aa 


-0.359  + AC.. 


c 'a  a 

(deg)  hhTT— “ fig-  4.1.3.3-55« 


Compute:  Angles  of  Attack  Above  the  Stall 

Cf  (calculated  using  the  low-aspect-ratio  method  of  Section  4. 1.3.4) 

Lmax 

A 4 

/C,  \ = 0.79  (figure  4.1. 3.4-23b  at  (C1  + 1)  — cosAL£  = — , Ay 

\ Lmax/b»e  P P 

(C2  + 1)  AtanALE  = (2.06)  (6)  (0.1 566)  = 1.94 
AC,  = -0.08  (figure  4.1. 3.4-24a) 

L max 

C*  = /C  \ + AC.  (equation  4.1 .3.4-g) 

’"max  \ Lmax  / base  ‘‘max 

= 0.79  + (-0.08)  = 0.71 
(c..  \ = 1.30  (figure  4. 1.3. 3- 55b) 

\ Naa  /90° 

/Ck.  ) = - 0.359  (calculated  on  page  4. 1.3.3  16) 

\ Naa/ref 

Solution:  Angles  of  Attack  Above  the  Stall 
£ . 

coTia  = Cn  = CNa  + cNao  sin  a Isinal  (equation  4. i.3.3-a) 
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'(SiJref  + (CNaa)9o0  (CNaa)r 


max  ~ ^ a 

a + ^ D 2.3 


= -0.359  + (1.3  + 0.359)  ^ 1 
/ tan  a„  \ 


/4.56\  / 0.9 

096D  (mV  (a 


(equation  4.1 ,3.3-f) 

\2 


= 1.3  - 1.659 


\ 

max  I 

. + 

tan  a j 


3.588D 


© 

© 

© 

© 

© 

© 

a 

(deg) 

tan&« 

°L 

max 
tan  a 

D 

fig.  4.1.3.3-558 

CN 

'"Off 

eq.  4.1.3.3-f 

1.3  -1.66(2)+  3.58  (3) 

cu  sin2  a 

sin  2 a 
C»„  2 

< 

•q.  4.1.3.3-a 
©+© 

- (c'N  cos  aj 

16 

0.825 

-0.80 

-2.94 

-0.22 

1.21 

0.99 

0.95 

18 

0.728 

-1.32 

-4.64 

-0.44 

1.34 

0.90 

0.86 

20 

0.649 

-1.50 

-5.  IS 

-0.60 

1.47 

0.87 

0.82 

22 

0.585 

-1.54 

-6.20 

•0.73 

1.58 

0.85 

0.79 

30 

0.409 

•1.32 

-4.11 

-1.03 

1.97 

0.94 

0.81 

50 

0.198 

-0.70 

-1.54 

-0.90 

2.25 

1.35 

0.87 

70 

0.086 

-0.30 

0.08 

0.07 

1.47 

1.54 

0.53 

90 

0 

0 

1.30 

1.30 

0 

1.30 

0 

A comparison  of  the  calculated  values  and  the  experimental  data  of  reference  25  is  presented  as  sketch  (d). 


0 20  40  60  80  100 

fl(deg) 


/I 

, o < 

r 

O 

O TEST  DATA  (CN> 
CALCULATED  (C*  ) 

SKETCH  (d) 


40  60  80  1 

a (deg) 
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3.  Angle-of-Attack  C haracteristics  of  a Cambered  Wing 
Given:  The  wing  of  reference  26. 


A = 9.0  X = 0.4  A 


LE 


2.2°  NACA  63,  -210  airfoil  (free-stream  direction) 

Position  of  maximum  t/c  = 0.45c 
Position  of  maximum  camber  = 0.50c 
Amount  of  camber  = 0-01  lc 


M = 0.30;  P = 0.954  R*  = 2.5  x 106  (based  on  MAC) 
K = 1 .0  (assumed)  Ac/2  = 3.25° 


Compute:  Angles  of  Attack  Below  the  Stall 


Find  C. 


A > 


and  ar  as  outlined  in  Section  4. 1 .3.4  and  CM  from  Section  4. 1 .3.2. 
cc  a 

max 


; therefore,  use  high-aspect-ratio  method 


(C,  + 1 ) cos  Ale 
Ay  = 2.20  (figure  2.2. 1-8) 

/c.  ) = 1.28  (uncambered  wing  at  Rjj  = 9 x 106)  (figure  4. 1.1. 4-5) 

\ * max  ) base 

A c„  = 0.07  (figure  4.1.1. 4-6d) 

*max 

A,  c.  = 0.15  (figure  4.1.1. 4-7a) 

^“max 

A„  c*  =-0.13  (figure  4.1.1. 4-7b) 

J ‘max 

(c»  ) + A,  ce  + A c.  + A3  c.  (equation  4.1.1. 4-a) 

\ * max/  base  ' ‘max  ‘max  ■‘max 


^ max 


c, 


= 1.30  + 0.07  + 0.15  - 0.13  = 1.39 


= 0.90  (figure  4. 1 .3.4-2 1 a) 


X a 


ACl  = -0.105  (figure  4.1.3.4-22) 


-L  -(^=4 

\ *max  / 


+ AC. 


(equation  4. 1 ,3.4-d) 


- (0.90)  (1.39)  0.105  = 1.15 


= 0.5°  (figure  4.1 .3.4-2 lb) 


A a 


CLv 


Find  C. 


ua 


. 1/2 


T + t3n2  Ac/2 j = 8'60 

C.  /A  = 0.59  per  rad  (figure  4.1.3.2-49) 
a 


A = (0.59)  (9)  = 5.31 


C.  = C.  . A 
La  Na  \ A 


ao  = a) = 0 


l a 

C, 


0.2 

0.113 


= -1.77°  (equation  4.1.3. 1-a) 


— + a0  + Aac  (equation  4.1.3. 4-e) 

Snax 

+ (-1.77)  + 0.5  = 11.14° 


"a 

1.15 


Find 


(Ski) 
C'  @ C, 


5.31/(57.3) 

C, 


COS  <1^ 


1.15 

0.9815 


= 1.17  (equation  4.1.3. 3-c) 


(<\)c,  - V - <*o  = 12910 

Lm*x  Hnax 

cN®cws(i)si,,2(a-\„ 


r.f  sin  (a.)  sin  (a.) 


(equation  4. 1 .3.3-ti  with  a_  = (a_)~ 

• °L_ 


1.17  - (5.31) 


' 0.4355 


2 / 0.0137 

(0.2235)2  0.0500 

Find  J 

C,  = 0.43,  C2  = 1.09  (figure  4. 1.3.4-24b) 


J = 0.3  (C,  + 1 )"cos  Ale 


= 0.274 


(C,  + 1)(C2  + 1)  - 

(C2  + 1)  A tan  Ale 

3 

7 

(equation  4. 1.3.3-e) 


4.1.3.3-20 


t r~ s— w**' TT- 


9 (2.09  (9)  (0.0384) 

= 0.3(1.43)  — — (0.9993)  (1.43)  (2.09)  - ' ~ 

= 12.10 

ution:  Angles  of  Attack  Below  the  Stall 


C,  sin  2a 

= r'  » C 

cos  a N Na  2 


+ Cw  sin  a |sin  a | (equation  4. 1.3.3-a  with  a ~ a, ) 
Naa  * ' 


C = fcN  ) + AC  (equation  4.1.3. 3-b) 

Naa  \ NaaJ'«i  Naa 


C„,  = 0.274  + AC. 


CD  ® 


a 

0 

4 

8 

10 


<v 

U"  Qj, 
tan  (ft) 

CL 

max 

Acn 

fig.  4.1.3.3-.55a 

aq,  4.1 ,3. 3-b 
.274  +(4) 

CN  ,in2Qa 

™aa  * 

sin  20 
\ 2 

< 

aq.  4. 1.3.3-a 

CL 

* « «) 

1.77 

0.1349 

2.83 

3.10 

0.0030 

0.1639 

0.1669 

0.167 

5.77 

0.4409 

2.83 

3.10 

0.0313 

0.5313 

0.5626 

0.561 

9.77 

0.7513 

1.75 

2.02 

0.0582 

0.8881 

0.9463 

0937 

11.77 

0.9092 

0.65 

0.92 

0.0383 

1.0601 

1.0984 

1.082 

12.91 

1.00 

0 

0.27 

0.0130 

1.1563 

1.1693 

1.147 

Compute:  Angles  of  Attack  Above  the  Stall 

C*  (Calculated  using  the  low-aspect-ratio  method  of  Section  4. 1.3.4) 

ax 

A 4 

(C.  ) = 0.79  (figure  4.1.3. 4-23a  at  (C.  + 1)  — cos  A.  c =—  Ay 

V Snax/baaa  P P 

(C2  + 1)  AtanALE  = (2.09)  (9)  (0.0384)  = 0.723 
AC,  - -0.105  (figure  4.1. 3.4-24a) 

'“max 

Cf  =/c  ) + AC  (equation  4.1. 3.4-g) 

max  \ Lmax/base  'max 

= 0.79  + (-0.105)  = 0.685 


(C~J 


= 1.37  (figure  4. 1.3.3- 55b) 


4.1.3.3-21 


/CL  ) = 0.274  (calculated  on  page  4. 1.3.3-20) 

\ aa/r»f 

Solution:  Angles  of  Attack  Above  the  Stall 


CL  sin  2 at 

^7^  = = CNa  — 2 — + CNaa  *ina*  *sina«'  (cQuation  4.1.3.3-a  with  a --  a#) 


CNaa  (CNaa)r*f  + (Cn  00)90°  (Cnoo) 


f r«f 


tan  (a) 


tan  a. 


C. 


+ /32D 


2.3 


(equation  4. 1.3. 3 f with  a 


= 0.274  + (1.37  - 0.274) 


tan  (a) 


tan  a. 


+ 0.91D^-^ 
2.3  \ 0.685  / 


tan  (a„) 


= 1.37  - 1.096 


tan  a. 


+ 5.92  D 


a = a 


1 - 


90°  - a 


c. 


90  an 


90° 


ar 


(equation  4. 1.3.3-g) 


= a 


(-1.77) 


90  - 11.14 


90  (-1.77) 

90  - 11.14 


1.022  a + 2.020 


,4 


SKETCH  (e) 


Non-Straight-Tapered  Wings 


4.  Double-Delta  Wing 

Given;  The  double-delta  wing  of  reference  27. 


Aw 

= 1.49 

\ 

= 0.127 

Sw  = 9026  sq 

bw 

= 11 6 ft 

= 0.180 

Si  = 3437  sq 

so 

= 5589  sq  ft 

= 0.0454 

X(  - 0.483 

= 0.094 

ATE 

= -10° 

Ale  = 84.75° 

V 

= 62° 

Ao/2. 

1 

= 79.5° 

\rt  = 40.7° 

O 

Low  Speed;  (3  = 

1.0 

«=  1.0  (assumed) 

4.1.3.3-23 


Compute: 


r* 


r» 

* 


C.  (Section  4. 1 .3.2) 
La 


i*n 

(cos  A,,)  ~ ~ / ..  tcosA.JS,  (equation  4. 1.3. 2-0 

eti  Sw  ui  i 1 


W i-1 

~~  (cos  A.2)  S,  + (cosA^.j)  S0 

i o 


w 


1 


((0.1822)  (3437)  + (0.758 1)  (5589)) 


9026 

0.5388 


(A  ,,)  = 57.4°;  tan  (Ac/2)  = 1.5637 

cu  *ti  tu  tiff 


j-  |/?2  + tan2  (Ac/2)  J2  = 1.49  (1.0  + (1.5637)2]2  = 2.77 

C.  /A  = 1.16  per  rad  (figure  4.1.3.2-49) 

'■a 


C.  = 1.728  oer  rad 


P tan  A.  p = (1.0)  (10.884)  = (0.884 


Lei 

Ai  0.127 


Solution: 


0.180 


= 0.706 


CL  A. 


L \C<-a  / 'V^B 


(equation  4. 1.3.3-h) 


© 

<2> 

© 

© 

© 

© 

l* 

r _ * 

* '• 

O' 

(3  t«n  A.  _ 

Ltl 

fe*) 

fifl.  4.1.3.3-56 

CL 

UQ' 

ip*r r»d) 

A 

0 

B 

Ct 

«q.  4. 1.3.3-h 

@0/© 

■*- -~»r 

4 

10.1 

J84 

0.065 

1.7 

28 

0.7 

06 

0.1346 

8 

0.127 

0.3110 

12 

0.208 

0.5079 

16 

0.294 

0.7196 

20 

0.380 

0.9301 

4.1.3.3-24 


r" 


The  calculated  values  of  CL  are  plotted  versus  a and  a curve  laired  tlirough  the  calculated  points  tangent 
to  C L near  zero  lift,  (see  sketch  ( 0). 


warn 


a (deg) 
SKETCH (0 


5.  Cranked  Wing 


Given:  The  cranked  wing  of  reference  28.  This  is  the  configuration  of  the  sample  problem  of  paragraph  A 

of  Section  4. 1 .3. 2.  Some  of  the  characteristics  are  repeated. 

Aw  = 4.0  Sw  = 2.25  sq  ft  S,  = 1.641  sq  ft  bw  * 3.0  ft 
rj0  = 0.60  Aue  = 48.6°  A,  ■ 1.97  M - 0.80;  0 = 0.60 

Compute: 

C.  - 4.324  pet  rad  = 0.07S5  per  deg  (sample  problem,  paragraph  A,  Section  4. 1 .3.2) 
a 


tan  A. , 1.1343 


= 0.882 


<W  = 5.9°  (figure  4.1.3.3-57) 


4.1.3.3-25 


(equation  4.1.3.3-i) 

- (0.0755)  (5.9)  - 0.445 
0t>nAu  - (0.6) (i.  1343)  - 0.681 


K> 

t-.  - 

r: 


1 m 121 

im  K 0.60 


3.283 


K \\  <’La 


Stonllnaar  \Q  f?B J A(/t?b 


(equation  4.i.3,3-h) 


0 


0 


0 


G> 


a 

(d*B> 


4 

8 

12 

18 

20 


0 IM  A 


LC, 


0.681 


(til 

tit.  4.1.3.3-88 


0.188 

0.283 

0.415 

0.886 

0.686 


<-o 

(par  rad) 


4.324 


3.283 


r- ' 

Plot  C 

i,*" 

L .V 

S’  ■' 

(cl), 

i.'  -■ 

-• 

ft  ■'  ‘ 

Solution:  a 

versus  a and  read 


nonllnaar 


a * a. 


K>. 


at  a. 


a m abntk  J nonllnaar 
0.285  (constructed,  see  sketch  (g)) 


braak' 


lonllraar 


C,  * C.  + 6C.  (equation  4.1.3. 3-k) 


5C. 


CL  - (CL)  ^ j (equation  41.3. 3-j) 

® * ^braak  j nonHnaar 


(?) 


nonllnttr 
•Q.  4.1. 3.3  h 

@®  / ® 


0.208 

0.373 

0.647 

0.731 

0.802 


4.1.3.3-26 


M 


m 


a 

1 

CL 

(<^a.a 

break 

1 

6cl 

eq.  4.1. 3.3-J 

c. 

CL 

eq.  4.1.3.3  k 

(<*$) 

_ . . 

(nonlinear! 

(nonlinear) 

<D-(D 

Lbrtok 

® * © 

6,9 

0.28b 

0.285 

0 

0.445 

0.445 

a 

0.373 

0.088 

0.633 

12 

0.54  7 

0.262 

0.707 

16 

0.731 

0.446 

0.891 

20 

0.902 

0.617 

1.062 

2* 


t- 


, 'n 


These  calculated  results  are  compared  with  test  data  in  table  4.1 .3. 3-D  at  angles  of  attack  of  4°,  8°,  and  1 2°. 


B.  TRANSONIC 

No  specific  charts  are  presented  for  determining  the  transonic  lift  characteristics  of  wings  at  high  angles  of 
attack.  The  best  source  of  information  of  this  type  is  experimental  data  on  similar  configurations,  e.g., 
reference  10.  If  such  information  is  not  immediately  available,  the  method  of  the  following  paragraphs  may 
be  used  as  a guide  to  obtain  trends. 

For  thin,  low-aspect-ratio,  conventional  wings  an  indication  of  the  lift  characteristics  at  high  angles  ol  attack 
at  transonic  speeds  may  be  obtained  by  the  following  procedure: 

1.  Calculate  the  complete  lift  curves  for  M = 0.6  and  M = 1.4  by  the  methods  of  paragraphs  A 
and  C,  respectively,  of  this  section. 

2.  Obtain  the  wing  lift-curve  slope  at  low  angles  of  attack,  as  outlined  in  Section  4.1 .3.2,  for  inter- 
mediate Mach  numbers. 

3.  Obtain  the  wing  maximum-lift  variation  with  Mach  number  and  angle  of  attack  for  maximum  lift 
as  outlined  in  Section  4. 1 .3.4, 

4.  Using  as  a guide  the  information  determined  in  the  first  three  steps,  construct  the  approximate  lift 
curves  for  the  range  of  Mach  numbers  between  0.6  and  1 .4. 

For  thick,  high-aspect-ratio,  conventional  wings  the  same  procedure  may  be  used  except  that  the  transonic 
lift-curve  slopes  obtained  from  Section  4.1 .3.2  apply  only  to  the  first  few  degrees  of  angle  of  attack  and  may 
be  misleading  if  extrapolated  to  higher  angles.  Section  4. 1.3.2  gives  a more  detailed  discussion  of  this  problem. 
For  any  wing,  local  nonlinearities  at  high  angles  of  attack  are  likely  to  exist  at  Mach  numbers  between  0.8  and 
0.95.  Again,  it  is  best  to  use  experimental  data. 


C.  SUPERSONIC 

Conventional,  swept  wings  at  supersonic  speeds  may  be  conveniently  divided  into  two  major  categories: 

Wings  with  subsonic  leading  edges,  that  is,  wings  for  which  (3/ tan  Ale  < 1 
Wings  with  supersonic  leading  edges,  that  is,  wings  for  which  0/tan  A,_E  > 1 

The  supersonic-leading-edge  category  may  be  further  subdivided  according  to  whether  or  not  the  loading-edge 
shock  is  attached  or  detached. 

In  order  to  provide  continuity  between  these  various  supersonic  regimes,  as  well  as  with  the  subsonic  regime, 
the  normal-force  equation,  4.1.3.3-a,  has  again  been  used.  As  before,  the  first  term  is  based  on  linear  theory 
and  the  second  accounts  for  nonlinear  effects.  The  linear  term  is  taken  from  Section  4. 1.3.2  and  the  non- 
linear coefficient  Cw  is  given  in  the  charts  of  this  section.  The  charts  of  this  section  are  based  on  refer- 
Naa 

ences  1 1 through  19.  Table  4. 1.3.3-E  presents  substantiation  data  and  compares  the  results  obtained  with 
this  method  to  experimental  data  for  the  subsonic-leading-edge  case.  Tables  4. 1 3.3-F  and  4. 1.3.3-G  present 
corresponding  information  for  the  supersonic-leading-edge  cases.  Table  4.1. 3.3-F  is  for  wings  having  attached 
shocks  at  low  angles  and  detached  shocks  at  high  angles.  Table  4.1 .3.3-G  is  for  wings  having  detached  shocks 
throughout  the  angle-of-attack  range. 


4.1.3.3-29 


Supersonic  Normal-Force  Coefficient  of  Wings  with  Subsonic  Leading  Edges 

For  conventional,  swept  wings  with  subsonic  leading  edges  at  supersonic  free-stream  Mach  numbers,  the 
nonlinear  character  of  the  normal-force  curve  is  primarily  a function  of  /3/tan  ALE  and  to  a lesser  degree 

of  C.  . The  lift  characteristics  are  similar  to  the  subsonic  maximum-lift  characteristics  of  low-aspect-ratio 

Na 

wings,  in  that  the  maximum-lift  coefficient  first  increases,  then  decreases  with  increasing  aspect  ratio  (see 
Section  4. 1.3.4).  As  with  the  subsonic  wings,  the  critical  leading-edge  sweep  angle  at  which  reversal  occurs 

seems  to  lie  between  60°  and  65°.  Therefore,  the  influence  of  C..  has  been  separated  into  two  regimes. 

Na 

In  the  first  regime,  for  sweep  angles  less  than  62.5°,  CL  is  used  directly  as  derived  from  linear  theory.  In 

"a 

the  second  regime,  for  sweep  angles  greater  than  62.5°,  the  lift-curve  slope  is  modified  by  an  empirical 
correction  factor. 


DATCOM  METHOD 


The  procedure  for  finding  the  supersonic  pseudo  normal-force  coefficient  Cj^  of  a straight-tapered  wing 
with  subsonic  leading  edges  at  high  angles  of  attack  is  as  follows: 

Step  1.  The  normal-force-curve  slope  Cw  for  the  conventional  wing  is  found  from  Section  4. 1 .3.2, 

”a 

This  includes  the  modifying  effect  of  thickness  on  normal-force-curve  slope  as  given  in 
figure  4. 1.3.2-6Q.  In  this  figure,  thickness  is  represented  by  5j , the  semiwedge  angle  normal 

to  the  leading  edge  of  wings  having  sharp  leading  edges,  and  by  Ay^,  the  leading-edge  param- 
eter normal  to  the  leading  edge  of  wings  having  rounded  leading  edges. 


Step  2.  An  empirical  parameter  E is  found  from  one  of  the  two  following  equations: 


tan  A 


E = CN  for 


LE 


E = C. 


tan  A, 


LE 


a 1.92 
/tan  A, 


1.93 


+ C 


LE 


1.92 


- 1 


tan  A 


for 


LE 


1.92 


> 1 


where  C is  a thickness  term  from  figure  4.1.3.3-59a  and  6j_  in  this  figure  is  the  leading-edge 

Ay^ 

parameter  normal  to  the  leading  edge;  for  wings  having  rounded  leading  edges,  5^  - tan  1 ~ — 

J.3-59b  as  a function  of 

(cO, 


Step  3.  The  nonlinear  coefficient  Cw  is  found  from  figure  4.1. 3.3-59b  as  a function  of 

™aa 


\“"  ale/ 


and  the  angle-of-attack  parameter 


theory 


p tan  a or  its  reciprocal. 


Step  4.  The  total  lift  and  approximate  normal-force  coefficients  are  obtained  using 
equation  4. 1 .3.3-a;  i.e., 


cos  a 


C’ 

Kl 


,,  sin  2a  . 

= C N — - — + CN  sin  a I sin  a| 
"a  2 Naa 


4.1.3.3-30 


Application  of  this  technique  is  illustrated  by  the  sample  problem  on  pages  4. 1.3. 3-34  through  4.1.3.3-36. 

Supersonic  Normal-Force  Coefficient  of  Wings  With  Supersonic  Leading  Edges 

For  conventional  wings  with  supersonic  leading  edges,  the  wing  leading-edge  shock  may  or  may  not  be 
attached,  depending  on  the  angle  of  attack  and  the  wing  thickness. 

When  the  shock  is  attached,  shock-expansion  theory  (summarized  in  reference  20)  gives  accurate  results. 
Shock-expansion  theory  states  that  the  pressures  acting  on  a wing  are  a direct  function  of  the  airfoil  thick- 
ness and  profile  shape.  For  the  total  integrated  normal  forces,  however,  little  accuracy  is  lost  if  the  wing  is 
assumed  to  be  a flat  plate. 

Thickness  effects  may  not  be  neglected,  even  approximately,  in  determining  the  conditions  under  which 
an  attached  shock  will  detach.  A shock  will  start  to  detach  whenever  the  sum  of  the  angle  of  attack  and  the 
semiwedge  angle,  both  measured  normal  to  the  leading  edge,  exceeds  the  value  of  an  expression  given  in 
reference  20;  in  other  words, 


al  + '> 


(M] 


1) 


3/2 


3V3"  (7+1) 


M l 


where  is  the  Mach  number  normal  to  the  leading  edge  and  7 = 1 .4.  This  function  is  plotted  in 

figure  4. 1.3.3-61  b.  As  the  angle  of  attack  is  increased  beyond  this  value  for  incipient  shock  detachment,  an 
angie-of-attack  transition  region  occurs  (see  sketch  (h)),  wherein  the  normal-force  characteristics  of  a given 
wing  gradually  come  to  resemble  those  of  a similar  wing  of  somewhat  greater  thickness  at  a lower  angle  of 
attack.  When  the  angle  of  attack  reaches  the  upper  limit  of  the  transition  region,  the  shock  may  be  con- 
sidered to  be  fully  detached. 


a 

SKETCH  (h) 

For  wings  where  the  leading-edge  shock  is  detached,  no  theory  exists  for  the  prediction  of  normal  forces. 
However,  examination  of  experimental  data  shows  that  a nonlinear  force  coefficient  may  be  defined  and 
presented  in  much  the  same  way  as  was  done  for  supersonic  wings  with  subsonic  leading  edges.  This  is  to  be 
expected,  since  a local  subsonic  region  exists  near  the  leading  edge  when  the  shock  is  detached.  For  these 

wings,  the  nonlinear  coefficient  C*.  is  a function  of  Cw  only. 

aa  "a 


DATCQM  METHOD 


The  first  step  is  to  determine  whether  the  leading-edge  shock  is  attached  or  detached  at  zero  angle  of  attack. 
This  is  determined  by  using  figure  4. 1.3.3-61  b.  Set  5^  (see  figure  4, 1.3.3-61  b)  equal  to  the  semiwedge 

angle  of  the  wing  perpendicular  to  the  wing  leading  edge  5j_,  and  calculate  the  upstream  Mach  number  per- 
pendicular to  the  wing  leading  edge  at  zero  angle  of  attack  by 


(Mi)  = Moo  y 1 - Sin2  A, E 
x a-o 

The  leading-edge  shock  condition  is  then  determined  by  the  boundary  of  figure  4.1. 3.3-61  b.  If  the  shock  is 
detached,  follow  procedure  (1)  below;  if  the  shock  is  attached,  follow  procedure  (2). 

1.  Supersonic  Wings  With  Detached  Shock  at  Zero  Angle  of  Attack 

The  procedure  for  finding  the  supersonic  pseudo  normal-force  coefficient  at  high  angles  of  attack  of  a 
straight-tapered  wing  with  supersonic  leading  edges  and  with  a detached  shock  is  as  follows: 


Step  1. a.  The  derivative  Cw  is  calculated  from  Section  4. 1.3. 2.  Cw  is  the  theoretical  normal- 

No.  Na 

force-curve  slope  of  figures  4. 1.3.2-56a  through  4.1. 3. 2-56g  multiplied  by  the  empirical 
thickness  correction  of  figure  4. 1 .3.2-6Q. 

Step  l.b.  The  equivalent  lift-curve  slope  E is  calculated  from  the  appropriate  one  of  the  two  following 
equations: 

tan  Ale 

E * S,  f0T~r?r  < 10 


E = 

where  C is  determined  from  figure  4.1.3.3-59a  as  a function  of  the  semiwedge  angle  normal 
to  the  leading  edge. 

The  nonlinear  coefficient  Cw  is  determined  from  figure  4.1.3.3-63a  as  a function  of  E 

Naa 

and  the  angle-of-attack  parameter  used  as  the  abscissa. 


tan  A 


for 


LE 


1.92 


> 1 


Step  1 .c.  The  total  lift  and  approximate  normal-force  coefficients  are  obtained  using  equation  4. 1 .3.3-a 
i.e., 


cos  a 


_ sin  2a  . , . 

= C.,  — - — + Cw  sm  a |sm  a| 
"a  2 aa 


4.1.3.3-32 


2.  Supeisonic  Wings  With  Attached  Shock  at  Zero  Angle  of  Attack 


The  procedure  for  finding  the  supersonic  pseudo  normal-force  coefficient  at  high  angles  of  attack  of  a 
straight-tapered  wing  with  supersonic  leading  edges  and  with  an  attached  shock  is  as  follows: 

Step  2. a.  The  derivative  ^ is  calculated  from  Section  4. 1.3.2.  C.,  is  the  theoretical  normal-force 

slop’  of  figures  4.1.3. 2-56a  through  4. 1.3. 2-5 6g multiplied  by  the  empirical  thickness  cor- 
rection of  figure  4. 1 .3.2-60. 

Step  2.b.  Determine  the  angle  of  attack  a*  at  which  the  shock  will  start  to  detach.  This  is  obtained 
by  using  figure  4.1 .3.3-61  b.  For  unswept  wings,  the  value  of  8<ff  at  the  start  of  shock 

detachment  is  obtained  from  figure  4. 1.3. 3-61  b at  - M,^.  Then  the  angle  of  attack  at 
which  the  shock  will  start  to  detach  is  determined  by 


For  swept  wings  8^  must  be  determined  by  graphical  interpolation,  since  there  is  an  inter- 
dependence between  the  Mach  number  and  the  angle  of  attack  normal  to  the  leading  edge. 
These  relations  for  swept  wings  are 

Mj_  = v'n 
* tan-1 

where  Mw  is  the  free-stream  Mach  number,  M^  is  the  Mach  number  perpendicular  to  the 

leading  edge,  a is  the  wing  angle  of  attack,  and  is  the  angle  of  attack  normal  to  the 
leading  edge. 

For  a selected  range  of  a’s,  calculate  6^  and  using  the  above  equations  and  the 
relationship 

s-i  ■ “i + 8J. 

Then  plot  M_^  versus  8^  on  figure  4.1 .3.3-61  b.  The  intersection  of  this  curve  and  the 

boundary  curve  of  figure  4. 1.3, 3-6 lb  determines  the  value  of  5aft^  at  which  the  shock  will 

start  to  detach.  Then  the  angle  of  attack  at  which  the  shock  will  start  to  detach  is  determined 
by 


sin2  AlE  cos2  a 


tan  a 


cos  A 


LE  , 


a*  = tan  1 |tan(5eff^  - 6j)  cosALEj 

Step  2.c.  The  angle-of-attack-transition  increment  between  incipient  shock  detachment  and  full 

detachment  is  now  determined  from  figure  4. 1.3. 3-61  a.  To  enter  this  figure,  the  nonlinear 
normal-force  coefficient  at  incipient  shock  separation  C*  must  be  known.  This  is  read 


from  figure  4.1.3. 3-60b  by  entering  on  the  abscissa  (|3tana  or  — - — ■) 

\ p tan  a J 

attack  corresponding  to  incipient  shock  separation  as  already  calculated  in  step  2.b. 


at  the  angle  of 


^aa  ~ ^Naa  **  ^en  reac*  ^rom  r^e  appropriate  /3-curve. 

Step  2.d.  The  total  lift  and  approximate  normal-force  coefficients  may  now  be  calculated  for  the 
three  different  angle-of-attack  ranges  using  equation  4. 1 .3.3-a;  i.e., 


cos  a 


_ sin  2a 
CL  — - — + 

Na  2 Naa 


sin  a isin  a| 


where 

CM  is  from  step  2.a. 

Na 

Cw  for  the  attached-shock  range  is  read  from  figure  4.1 .3. 3-60b. 

Naa 

CN  for  the  fully-detached-shock  range  is  read  from  figure  4. 1 ,3.3-60a  in  the 
00  manner  outlined  in  step  l.b.  of  the  section  on  detached  shocks. 

CN  in  the  transition  range  is  interpolated  graphically  or  calculated  analytically 
00  from  the  linear-interpolation  formula 


In  the  above  formula  the  starred  quantities  are  measured  at  incipient-shock- 
separation  conditions,  and  prime*  quantities  are  measured  at  the  end  of  the 
transition  region,  where  the  shock  is  fully  detached. 

Application  of  this  technique  is  illustrated  by  sample  problem  2 on  pages  4. 1.3. 3- 36  through  4.1.3.3-39. 


Sample  Problems 

1.  Supersonic  Pseudo-Normal-Force  Coefficient  of  Wing  With  Subsonic  Leading  Edge. 

Given:  Wing  4a  of  reference  15. 

A = 0.562  X = 0 Ale  = 82°  M = 6.9;  0 = 6.83 

Airfoil:  5-percent-thick  (free-stream  direction)  double  wedge  with  maximum  thickness  at  50-percent 
chord 


4.1.3.3-34 


; V • * *. 


Compute: 


CM  (Section  4. 1 .3.2) 

Na 


6^,  semiwedge  angle  normal  to  wing  leading  edge 


. 51  = 


1/0.05 

seiniwedge  angle  2 \ 0. 5 
cosA.,-  0.1392 


(57.3)  = 20.55° 


= 0.960  (subsonic  leading  edge) 


A tan  Ale  = 4.00 


/CN  \ = 0.573  per  rad  (figure  4. 1.3. 2 -5 6a) 

^ ' Ihnnru 


N), 


= 0.750  (figure  4. 1.3.2-60) 


CN  = (0.750)  (0.573)  = 0.430  per  rad 


Empirical  Parameter  E 


= 3.71;  therefore,  use  second  equation  listed  under  step  1 .b,  of  Datcom  method. 


SxT^r  = J-595 


C = 1.30  (figure  4.1.3. 3-59a) 


tan  AlE  / tan  ALE 
E = Cwa  T.92  + C \ 1.92  " * 


= 0.43  [3.71  + (1.30)  (3.71  - 1)] 


= 3.11 


E . ' = 3.00 
tan  Ale 


Solution: 


C'  = C.  sin  a Isin  al  (equation  4.1.3. 3-a) 

N Na  2 "aa 
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.1 


a 

(d*g) 


tm 


s.  , 

i/.V 


8 

12 

16 

20 

24 

28 

32 

36 

40 


x CN*  1 

CN 

™ au 

tig-  4. 1.3.3*  69  b 

^ ouu 

Cw  (in  20 
™a  2 

CN 

•q.  4.1.3.3-* 

®+(D 

Wth^ry 

0.783 

0.12 

0.002 

0.069 

0.06 

0.617 

0.019 

0.087 

0.11 

0.384 

0.64 

0.048 

0.114 

0.16 

0.302 

0.78 

0.091 

0.138 

0.23 

0.247 

0.90 

0.149 

0.160 

0.31 

0.207 

1.00 

0.220 

0.178 

0.40 

0.176 

1.09 

0.306 

0.193 

0.60 

0.161 

1.16 

0.397 

0.204 

0.60 

0.131 

1.22 

0.604 

0.212 



0.72 

(CN~*0r) 


2.  Supersonic  Pseudo-Normai-Force  Coefficient  of  Wing  with  Supersonic  Leading  Edge 
Given:  Wings  1A  and  IB  of  reference  15 

A = 2.31  X - 0 Ale  « 60°  M = 6.91;  0 = 6.83 

Airfoil:  5-percent-thick  double  wedge  with  maximum  thickness  at  50-percent  chord 
Compute: 

Determine  whether  the  ieading-edge  shock  is  attached  or  detached  at  zero  angle  of  attack. 
5^  = semiwedge  angle  normal  to  wing  leading  edge 


semi  wedge  angle 


cos  A, 


LE 


1 / 0,05  j 

2 \ 0.5  / 
= 0.500 


(57.3)  = 5.7° 


J 


(*• 


<M,)  = Moo  Si  - sin2  A..  = 3.45 

x a-o 

For  the  conditions  (Mi)  - 3.45  and  = 5.7°,  the  leading-edge  shock  is  attached 
x a-o  *"1 

(see  figure  4. 1 .3.3-6 1 b);  therefore,  follow  procedure  (2)  of  the  Datcom  method. 


■ Ail  I irt  ,m\  r 


4.1.3.3-36 


t"  (Section  4. 1.3. 2) 
"a 


= 0.254 


A tan  Ale  = 4,00 


(CN  \ = 0.586  per  rad  (figure  4.1.3. 2-56a) 


W, 


= 1.0  (figure  4.1.3.2-60) 


CN  = 0.586  per  rad 
na 

Determine  the  angle  of  attack  for  which  the  shock  will  start  to  detach  (a*). 


tana 

t*na 

c°«ale 

0.0659 

0.1399 

0.1460 

0.2901 

0.2121 

0.4262 

0.2867 

0.6734 

0.3640 

0.7280 

0.4462 

0.8904 

6.,, 

*f,X 

I<51+ V 

(<M 

©of  a 

Mx 

= ' •i"2ALE«>*20' 

13.7 

0.9976 

3.48 

21.9 

0.9903 

3.56 

28,7 

0.9781 

3.87 

36.6 

0.9613 

3.82 

41.8 

0.9397 

4.01 

47.4 

0.9136 

4.22 

"lot  °«ff^  versus  on  figure  4.1. 3.3-6 lb.  At  the  intersection  of  this  curve  and  the  boundary 
curve  of  figure  4. 1.3. 3-6 lb,  read  5^  at  the  start  of  shock  detachment. 

«*fA  " 38-5° 

a*  = tan-1  | tan  (6^  - 5j_)  cosALE] 

- tan-1  [tan  (38.5  - 5.7)  cos  60°J 
= tan- 1 (0.3223)  = 17.9° 
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Solution:  Angles  of  Attack  for  Fully  Attached  Shock 


sin  2 a 


Cw  = Cw  + Cw  sin  a |sin  a|  (equation  4.1.3. 3-a) 

N "a  2 "aa 

Cw  is  obtained  from  Figure  4, 1 ,3.3-60b. 


fig.  4. 1 .3.340b 

C w «irt20! 

"aa 

dn  2Q 

C N 2 

a 

CN 

•q.  4.1. 3.3-« 

© + ® 

cL 

(cN«Jj 

0.32 

0.002 

0.041 

0.043 

0.043 

0.62 

0.012 

0.061 

0.003 

0.002 

Solution:  Angles  of  Attack  in  the  Transition  Range 


A a = 8.2°  (figure  4. 1.3. 3-6 la  at  C*  = 1.27) 

Noa 


a'  = angle  of  attack  for  fully  detached  shock  = a*  + Aa  = 26.1° 

r c*a  i i 

« 0.301  (at  a'  = 26.1°) 


Li  ■ Vi»/  V * I V*  JJV  • * / 

Empirical  Parameter  E 
tan  Ale 

= 0.902;  therefore,  E = CN  = 0.586  (first  equation  listed  under  step  l.b.  of 

1.92  "a 

Datcom  method  for  wings  with  detached  shock) 

C'  = 1.23  (figure  4.1. 3.3-60a  at  a ' = 26.1°) 


CN  = C*  - (A °4)  (cn  - Cn  ) 

Naa  Naa  \a  - a*/  \ Naa  Naa/ 
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sin  a jsinal  (equation  4.1.3. 3-a) 


r* 

V(U 


sin  2a 


+ C. 


™aa 


© 

© 

© 

© 

© 

© 

a 

(<*•#) 

Cn£W 

an  2 <( 

CN 

«g.  4.1.3.34 
©♦© 

' .C«-  \ 

30 

1.20 

0.147 

o.i  as 

0.330 

0.316 

24 

1.24 

0.206 

0.21  a 

0.423 

0.300 

Solution:  Angles  of  Attack  for  Fully  Detached  Shock 

cn  * CNa  ~2~~  + sina  (equation  4. 1.3.3-a) 

Cw  is  obtained  fiom  figure  4. 1 .3.3-60a. 

Naa 


© 

<D 

© 

© 

© 

© 

a 

Cn»  1 

CN 

Naa 

% 4.1, 3.3-60I 

CNaa 

CN 

«q.  4.1.3.3a 
©♦© 

(CN~  «) 

(SaLorv**® 

38 

0.27S 

1.31 

0.260 

0.243 

0.632 

0.470 

32 

0.234 

1.43 

0.402 

0.293 

0.606 

0.064 

36 

0.202 

1.46 

0.604 

0278 

0.7*1 

— . „ . 

0.033 

D.  HYPERSONIC  j 

At  hypersonic  speeds,  the  calculation  of  surface  pre jsures  on  wings  is  complicated  by  several  interrelated 
phenomena.  These  include  the  boundary  layer,  the  shock  wave,  heat  transfer  between  the  wing  and  the  gas, 
dissociation,  and  ionization.  The  relative  importance  of  each  of  these  phenomena  as  they  affect  the  aero- 
dynamic characteristics  of  wings  traveling  at  hypersonic  speeds  has  not  been  fully  assessed. 

I 

Boundary  layers  affect  the  surface  pressures  by  the  displacement  of  the  inviscid  flow.  This  displacement  of 
the  flow  also  affects  the  shock-wave  pattern  and  hence  the  surface  pressures.  At  very'  low  Reynolds  numbers  j 
the  inviscid  flow  between  the  boundary  layer  and  the  shock  wave  is  entirely  absorbed  by  the  boundary 
layer,  and  the  boundary  layer  interacts  directly  with  the  shock  wave.  In  general,  the  Reynolds  number 
decreases  with  increasing  Mach  number  along  the  flight  corridor  because  of  the  low  densities  at  the  altitudes 
associated  with  flight  at  high  hypersonic  speeds.  Thus  boundary-layer  effects  become  important  at  the  ] 

higher  hypersonic  speeds.  I 


i" 


[4 

l* 

»« 

k-~ 


Because  of  aerodynamic  heating  at  hypersonic  speeds,  lifting  surfaces  usually  use  blunt  leading  edges. 
Detached  shocks  arc  thus  present  ahead  of  the  wing  leading  edge.  Pressures  on  the  surface  near  the  leading 
edge  behind  the  detached  shock  are  large  compared  to  oblique-shock,  in  viscid,  flat-plate  values  at  the  same 
angle  of  attack.  This  “overpressure”  decays  with  distance  from  the  leading  edge  in  a manner  that  depends 
on  the  free-stream  Mach  number,  leading-edge  radius,  Reynolds  number,  and  heat-transfer  characteristics. 

An  empirical  method  presented  in  references  21  and  22  attempts  to  account  for  these  Reynolds-number  and 
dctached-shock  effects.  This  method  combines  inviscid-now  theory,  blast-wave  theory,  and  a viscous- 
interaction  parameter.  The  examples  presented  in  references  21  and  22  give  some  idea  of  the  magnitude  of 
these  effects  on  th»  surface  pressures.  Because  of  the  scarcity  of  test  data,  however,  the  range  of  applicability 
of  this  method  is  undetermined.  The  accuracy  claimed  in  the  references  is  ±1 5 percent. 

Heat  transfer  between  the  ga»  and  the  wing  surface  affects  the  boundary-layer  thickness  and  hence  the  sur^ 
face  pressures.  The  hotter  the  boundaiy  layer,  the  thicker  it  becomes,  and  vice  versa.  Gas  properties,  notably 
the  viscosity  and  ratio  of  specific  heats,  change  with  temperature,  increasing  temperature  increases  the 
viscosity  and  decreases  the  specific-heat  ratio.  An  indication  of  the  effect  of  surface  temperature  on  pressure 
distribution  is  shown  in  reference  22. 

At  high  speed  and/or  low  altitudes  the  extreme  temperate  es  behind  the  detached  shock  wave  cause  dissocia- 
tion of  the  atmospheric  molecules  into  their  atomic  cor  tituents.  Under  conditions  of  stili  higher  temperature 
the  atoms  ionize  and  the  gas  becomes  a conducting  medium.  These  phenomena  are  generally  restricted  to  the 
leading-edge  region.  Chapter  VIII  of  reference  23  treats  these  problems. 

Small-disturbance  theory  has  yielded  many  useful  hypersonic  similarity  forms  both  for  two-dimensional  sec- 
tions and  for  axisymmctric  bodies  (chapter  il  of  reference  23).  Hypersonic  similarity  is  basically  limited  to 
low  angles  of  attack  a,.d  slender  bodies,  although  successful  applications  have  been  made  that  do  not  meet 
these  conditions.  The  hypersonic-similarity  concept  is  discussed  and  used  in  Section  4. 2. 1.2. 

The  only  simple  closed-form  solution  available  for  the  estimation  of  the  normal  force  curve  of  blunt  wings 
at  hypersonic  speeds  is  obtained  from  Newtonian  or  impact  theory  (reference  23).  Newtonian  theory  assumes 
that  the  component  of  momentum  ncrmal  to  the  surface  is  canceled  (flow  remains  parallel  to  the  surface 
after  impact),  giving  rise  to  a normal  force.  Several  modifications  of  Newtonian  theory  that  have  been  devel- 
oped are  discussed  in  paragraph  D of  Section  4. 2. 1.1. 

Newtonian  theory  does  not  account  for  many  of  the  real  gas  interaction  effects  previously  diseased.  At  high 
angles  of  attack  or  at  high  Mach  numbers  the  surface  pressures  attributable  to  these  interactions  arc  small 
compared  to  the  impact  pressures.  At  low  angles  of  attack  or  low  Mach  numbers  they  arc  nc  longer  small 
compared  to  the  impact  pressures. 

Newtonian  theory  also  assumes  that  the  pressures  on  the  leeward  surfaces  (those  not  “seen”  from  the  free- 
stream  direction)  are  equal  to  the  ambient  pressure.  Again,  this  is  a good  approximation  at  high  angles  of 
attack  or  high  Mach  numbers,  because  the  actual  pressures  on  the  leeward  surfaces  compared  to  those  on  the 
forward-facing  areas  are  small.  At  low  Mach  numbers  or  angles  of  attack  the  leeward  pressures  are  no  longer 
small  compared  to  the  positive  pressures,  and  Newtonian  theory  gives  less  accurate  results. 

The  general  field  of  hypersonic  How  is  treated  in  references  23  and  24. 

DATCOM  METHOD 

The  curves  of  figures  4. 1.3. 3-59b  through  4. l.3.3-60b  are  based  on  test  data  for  the  high  supersonic  Mach 
numbers  and  converge  to  Newtonian-thcory  fiat-plate  values  for  high  hypersonic  Mach  numbers.  It  is  recom- 
mended that  these  charts  be  used  in  conjunction  with  the  normal-force-curve-slope  information  from  pa-a- 
giaph  C of  Section  4. 1.3.2  to  obtain  the  total  normal-force  curve  of  wings  in  hypersonic  flow. 
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FIGURE  4.1.3.3-551  SUBSONIC  LIFT  VARIATION  WITH  ANGLE  OF  ATTACK 
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FIGURE  4.1 ,3.3-SSb  SUBSONIC  LIFT  VARIATION  WITH  WING  ASPECT  RATIO  AT  90°  ANGLE  OF 
ATTACK 
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SUBSONIC  SPEEDS 


FIGURE  4.1.3.3-56  PREDICTION  OF  NONLINEAR  LIFT  OF  DOUBLE- DELTA  PLANFORMS  AT 
SUBSONIC  SPEEDS 
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FIGURE  4.1.3.3-57  CORRELATION  OF  a break  FOR  CRANKED  PLANFORMS  OF  ASPECT 
RATIOS  GREATER  THAN  3 AND  HAVING  ROUND-NOSED  AIRFOILS 
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FIGURE  4. 1.3.3- 59a  THICKNESS  CORRECTION  FACTOR  FOR  SUPERSONIC 
WING-LIFT  VARIATION  WITH  ANGLE  OF  ATTACK 
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FIGURE  4. 1.3.3- 59b  SUPERSONIC  LIFT  VARIATION  WITH  ANGLE  OF  ATTACK 
FOR  WINGS  WITH  SUBSONIC  LEADING  EDGE 
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FIGURE  4. 1 ,3.3-60b  SUPERSONIC  LIFT  VARIATION  WITH  ANGLE  OF  ATTACK  FOR  WINGS  WITH 
SUPERSONIC  LEADING  EDGE-ATTACHED  SHOCK 
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FIGURE  4.1.3.3-61a  ANGLE-OF- ATTACK  INCREMENT  FROM  INCIPIENT-SHOCK  DETACHMENT 
TO  FULLY  DETACHED  SHOCK  FOR  SUPERSONIC  WING-LIFT  VARIATION 
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FIGURE  4. 1.3.3-61  b ANGLE  FOR  SHOCK  DETACHMENT  FOR  WEDGE  AIRFOILS 
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4. 1.3.4  WING  MAXIMUM  LIFT 

Methods  are  presented  in  this  section  for  estimating  the  maximum  lift  of  wings  at  subsonic, 
transonic,  supersonic,  and  hypersonic  speeds. 

A.  SUBSONIC 

At  subsonic  speeds  the  wing  maximum  lift  of  high-aspect-ratio  wings  is  directly  related  to  the 
maximum  lift  of  the  wing  airfoil  section,  with  ptanform  geometry  of  secondary  importance. 
However,  as  the  wing  aspect  ratio  decreases,  the  wing  planform  shape  becomes  increasingly  more 
significant.  This  is  especially  true  for  low-aspect-ratio  delta-wing  or  non-straight-tapered  planforms 
where  leading-edge  vortex  effects  are  prevalent. 

The  complexity  of  modern  wing  designs  (twisted  wings  with  varying  airfoil  sections)  precludes  the 
application  of  empirical  methods  that  yield  consistently  good  results.  Thus,  the  use  of  more  exact 
theory  is  necessary  for  estimating  maximum  lift.  Method  1 presented  below  requires  the  user  to 
employ  the  most  accurate  wing  spanwise-loading  computer  program  available.  In  case  no  such 
program  is  available  to  the  user,  two  additional  empirical  methods  are  presented.  Method  2 is 
applicable  to  high-aspect-ratio  configurations  with  constant-section  untwisted  wings.  Method  3 is 
applicable  to  low-asp  ct-ratio  configurations  with  constant-section  untwisted  wings. 

Wing  lift  characteristics  do  not  change  discontinuously  from  one  aspect-ratio  regime  to  another. 
However,  because  of  the  different  approaches  used  in  Methods  2 and  3,  values  calculated  by 
Method  2 will  not  necessarily  match  exactly  the  values  of  Method  3 for  a border-line  aspect-ratio 
configuration. 

In  general,  however,  the  differences  in  values  obtained  by  the  two  methods  for  the  border-line 
aspect  ratios  should  be  small. 

Flow  Separation  and  Stalling  Characteristics 

For  high-aspect-ratio  wings,  the  three-dimensional  maximum  lift  and  stalling  characteristics  are,  as  a 
first  approximation,  determined  by  section  properties  (see  Sections  4. 1.1. 3 and  4. 1.1.4).  There  are, 
however,  certain  three-dimensional  effects  that  may  become  important.  These  include  the  spanwise 
variations  of  induced  camber  and  angle  of  attack,  and  the  effect  of  spanwise  pressure  gradient  on 
the  boundary  layer. 

Because  of  these  effects,  the  stall  of  three-dimensional  wings,  even  untwisted  wings  of  constant 
airfoil  section,  usually  starts  at  some  spanwise  station  and  rapidly  spreads  with  increasing  angle  of 
attack.  Highly  tapered  wings  tend  to  stall  at  the  tips,  while  untapered  wings  tend  to  stall  at  the  root. 

On  swept  wings  the  induced  effects  combine  to  promote  stall  at  the  tip.  The  induced  camber  at  the 
tip  is  negative  and  the  induced  angle  of  attack  is  high.  The  spanwise  pressure  gradient  tends  to  draw 
the  boundary  layer  from  the  wing  root  to  the  tip.  All  of  these  factors  promote  separation  at  the 
wing  tip  and  suppress  it  at  the  root.  It  is  therefore  very  difficult  to  prevent  tip  separation  at  high 
angles  of  attack  on  highly  swept  wings. 

Regardless  of  where  the  separation  first  appears,  it  is  the  type  of  separation  that  determines  the 
maximum  lift.  Trailing-edge  separation,  which  is  chaiacteristic  of  tldck  wings,  always  results  in  a 
loss  in  maximum  lift  compared  to  the  airfoil-section  maximum  lift.  Leading-edge  separation,  where 
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the  flow  rolls  up  into  a spanwise  vortex,  as  on  thin  swept  wings,  results  in  an  increase  in  normal 
force.  The  magnitude  of  the  increase  is  related  to  the  strength  of  the  leading-edge  vortex.  These 
effects  are  illustrated  by  the  variations  of  maximum  lift  with  wing  thickness  at  high  sweep  angles,  as 
shown  in  Figure  4. 1.3.4-21  a.  For  more  details  regarding  wing  flow  separation  and  stalling 
characteristics,  the  reader  is  referred  to  References  1 and  2. 

Reynolds-Number  Effects 

The  salient  aspects  of  the  Reynolds-number  discussion  presented  in  Reference  2 are  presented 
below.  From  the  available  test  data  results,  there  appear  to  be  essential  differences  between  the 
Reynolds-number  effects  of  thin  airfoils  (t/c  « 0.06),  of  moderately  thick  airfoils  (t/c  » 0.12),  and 
of  thick  airfoils  (t/c  0. 1 8). 

The  maximum  lift  of  thin  airfoils  is  relatively  constant  up  to  a Reynolds  number  of  10  x 106 ; but 
when  this  Reynolds  number  is  exceeded,  the  value  of  maximum  lift  begins  to  increase. 

With  moderately  thick  airfoils  a very  large  increase  of  the  maximum  lift  with  increasing  Reynolds 
number  is  found  at  low  Reynolds  numbers.  However,  at  Reynolds  numbers  above  4 to  6 x 1 0*  the 
maximum  lift  tends  to  remain  about  constant. 

The  maximum  lift  of  thick  airfoils  increases  gradually  up  to  high  Reynolds  numbers.  At  Reynolds 
numbers  above  15  x 106,  the  maximum  lift  tends  to  remain  constant. 

Mach-N umber  Effects 

Mach-number  effects  on  the  maximum  lift  of  unswept,  thick  wings  are  quite  severe,  starting  as  low 
as  M = 0.15.  This  is  to  be  expected  from  the  analogy  with  section  characteristics  (see  Section 
4. 1.1. 4).  For  swept  wings  the  losses  due  to  Mach  number  are  much  less  than  they  are  for  straight 
wings  of  a given  thickness. 

Mach-number  effects  are  due  in  part  to  the  larger  pressure  gradients  associated  with  compressible 
flow.  These  larger  pressure  gradients  can  cause  the  boundary  layer  to  separate  at  a lower  lift  value, 
thus  resulting  in  a lower  maximum  lift  with  increasing  Mach  number.  Large  decreases  in  maximum 
lift  can  be  related  to  the  problem  of  shock-induced  separation.  For  a complete  discussion  of  the 
compressibility  effects,  the  reader  is  referred  to  Reference  3. 

Interference  Effects 

It  must  be  recognized  that  the  maximum  lift  of  the  wing  alone,  as  given  in  this  section,  may  be 
substantially  altered  by  interference  effects.  The  addition  of  fuselages,  nacelles,  pylons,  and  other 
protuberances  can  markedly  change  the  aerodynamic  characteristics  of  a given  configuration  near 
the  stall.  Interference  effects  of  this  type  are  discussed  in  Section  4.3. 1.4. 
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Method  1 

The  following  method  requires  that  the  user  have  at  his  disposal  an  accurate  wing  spanwise-loading 
computer  program,  e.g.,  a lifting-surface  theory  computer  program.  If  no  such  computer  program  is 
available.  Methods  2 and  3 may  be  used  to  approximate  the  wing  maximum  lift. 
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Method  1 is  limited  to  moder.nely  swept  configurations  where  leading-edge  vortex  effects  are  not 
significant.  In  addition,  the  spanwise  location  where  stall  is  first  detected  should  be  limited  to  one 
local  chord-length  away  from  the  wing  root  and  tip  sections. 

Application  of  the  method  is  as  follows: 

Step  1.  Determine  the  section  cEmax  across  the  entire  span  of  the  wing,  based  on  the 
appropriate  Mach  number  and  local  Reynolds  number,  using  Section  4.1  j 1.4.  If 
section  test  data  are  available,  they  should  be  used  whenever  possible,  and  the 
appropriate  corrections  made  for  Mach  number,  Reynolds  number,  and  surface 
roughness  as  given  in  Section  4.1.1 .4. 

Step  2.  Plot  the  section  cEmax  from  Step  1 as  a function  of  spanwise  station  r?  (see  Sketch 
(a)). 


Step  3.  Apply  the  wing  spanwise-loading  method  over  a range  of  angle  of  attack  until  a value 
of  the  local  wing  loading  coincides  or  exceeds  the  local  wing  cEjnax  calculated  from 
Step  1 (see  Sketch  (a)).  The  angle  of  attack  at  which  the  spanwise  loading  coincides 
with  the  calculated  cEmax  value  determines  the  angle  of  attack  and  spanwise 
position  for  initial  stall.  An  approximate  spanwise  location  where  the  stall  will  first 
occur  can  be  calculated  for  an  untwisted,  tapered  wing  by 

4.1.3.4-a 

where  X is  the  wing  taper  ratio. 

Step  4.  Integrate  the  spanwise  loading  that  coincides  with  the  calculated  cEinax  value  to 
obtain  the  wing  CLmax  value. 

Although  no  substantiation  of  this  method  is  presented,  design  experience  has  shown  that  the 
accuracy  of  this  method  is  superior  to  that  of  both  Methods  2 and  3. 
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Method  2 


The  following  method  is  derived  empirically,  based  on  the  experimental  data  of  References  4 
through  10.  This  method  should  therefore  be  restricted  to  those  untwisted,  constant-section, 
straight-tapered,  high-aspec.t-ratio  configurations  that  satisfy  the  following  relationship: 
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where 

A is  the  wing  aspect  ratio. 

Cj  is  given  as  a function  of  taper  ratio  in  Figure  4. 1.3.4-24b. 

ALE  is  the  sweep  of  the  wing  leading  edge. 

Border-line  configurations  are  those  that  satisfy  the  following  relationship: 
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For  these  aspect  ratios  either  Method  2 or  Method  3 may  be  used. 

If  neither  Equation  4.1.3.4-b  nor-c  is  satisfied,  the  low-aspect-ratio  procedure  presented  in 
Method  3 may  be  used. 

The  subsonic  maximum  lift  and  angle  of  attack  for  maximum  lift  for  those  untwisted, 
constant-section,  high-aspect-ratio  configurations  that  satisfy  Equation  4.1.3.4-b  or-c  are  given  as 
follows: 
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The  first  term  on  the  right  side  of  Equation  4.1.3.4-d  is  the  maximum  lift  coefficient  at  M = 0.2, 
and  the  second  term  is  the  lift  increment  to  be  added  for  Mach  numbers  between  0.2  and  0.6. 

Cl  max 

is  obtained  from  Figure  4. 1.3.4-21a. 
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cg  is  the  section  maximum  lift  coefficient  at  M - 0.2  obtained  from  fables  4.1.1  -A, 

-B,  or  from  Section  4. 1 . 1.4. 

ACLmax  is  a Mach-number  correction  obtained  from  Figure  4.1 .3.4-22. 

CL(j  is  the  wing  lift-curve  slope  (per  degree)  for  the  Mach  number  under  consideration, 
obtained  from  test  data  or  Section  4. 1.3.2. 

is  the  wing  zero-lift  angle  for  the  appropriate  Mach  number,  obtained  from  test  data 
or  Section  4. 1 .3. 1 . 

Aoti  >s  obtained  from  Figure  4. 1.3 .4-2 lb.  Note  that  this  figure  is  valid  for  all  subsonic 

Lmax  ....  „ , 

Mach  numbers  up  to  0.6. 

The  leading-edge  parameter  Ay,  which  does  not  explicitly  appear  in  the  equations,  must  be  used  in 
reading  values  from  the  charts.  The  value  of  Ay  is  for  a stream  wise  airfoil  section  and  is  expressed 
in  percent  chord  and  obtained  or  approximated  from  Figure  2.2. 1-8. 

In  calculating  aCt^  the  value  of  C|.max  calculated  from  Equation  4.1.3.4-d  is  used  as  the 
numerator  of  the  first  term  of  Equation  4. 1.3.4-e. 

A comparison  of  test  values  of  Cj,max  and  «cLmax  (based  on  the  calculated  CLmax  value)  with 
the  corresponding  values  calculated  by  this  method  is  shown  in  Table  4. 1 .3.4-A. 

Method  3. 

The  following  is  an  empirically  derived  method  (Reference  1 I)  that  is  applicable  to  untwisted, 
symmetrical-section,  low-aspect-ratio  wings. 

Low-aspect-ratio  wings  at  subsonic  speeds  exhibit  extreme  nonlinearities  in  the  lift  curve  at  high 
angles  of  attack,  as  shown  in  the  accompanying  sketch.  Multiple  lift  peaks  exist  for  many 
configurations.  The  charts  of  this  section  are  for  the  first  peak,  as  shown  by  the  arrows  in 
Sketch  (b). 


SKETCH  (b) 
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For  thin,  low-aspect-ratio  wings,  Reynolds-numbcr  effects  are  small.  Within  the  Reynolds-number 
and  thickness  limitations  listed  on  Figures  4.1.3.4-23  through  -25,  Reynolds  number  is  considered 
to  have  no  effect. 

This  method  is  applicable  to  those  low-aspect-ratio  configurations  (without  considering  Mach- 
number  effects)  that  satisfy  the  following  relationship: 


_3 

1)  cos  Ale 


4.1.3.4-f 


where 

A is  the  wing  aspect  ratio. 

Cj  is  given  as  a function  of  taper  ratio  in  Figure  4. 1.3.4-24b. 

Ale  is  the  sweep  of  the  wing  leading  edge. 

Border-line  configurations  are  those  that  satisfy  the  following  relationship: 


3 

(Cj  + 1)  cos  Ale 


^ A <1 


4 

(Cj  + 1)  cos  Ale 
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For  these  aspect  ratios  either  Method  2 or  Method  3 may  be  used. 

If  neither  Equation  4.1.3.4-f  nor  4. 1.3.4-c  is  satisified,  the  high-aspect-ratio  procedure  presented  in 
Method  2 may  be  used. 

The  subsonic  maximum  lift  and  angle  of  attack  for  maximum  lift  for  those  untwisted, 
symmetrical-section,  low-aspect-ratio  configurations  that  satisfy  Equation  4.1.3.4-f  or-c  are  given  as 
follows: 

CLm.x  = <CLmax)b„e+ACLmax  4.1t3.4-g 


<*Ci  - ( aci  ) + Aar.  4.1.3.4-h 

J-max  v ^Lmax  base  ^Lmax 

where 

(CLmax)bllse  is  base  value  of  C’i,max  obtained  from  Figure  4.1 .3.4-23a  if  the  position  of 
maximum  airfoil-section  thickness  is  forward  of  the  35-percent-chord  point.  If 
the  maximum  thickness  is  aft  of  this  point,  Figure  4.1.3.4-23b  is  used.  For 
slab-sided  wings  the  maximum-thickness  point  is  considered  to  be  the  first 
chord-point  at  which  the  thickness  reaches  a maximum.  The  value  of  Ay,  the 
leading-edge  parameter  used  in  reading  these  two  charts,  is  obtained  or 
approximated  with  the  aid  of  Figure  2. 2. 1-8. 
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AC L,njFIK  is  the  change  in  the  base  maximum-lift  value.  It  is  obtained  from  Figure 

4.1.3.4-24a  as  a function  of  taper  ratio,  aspect  ratio,  leading-edge  sweep,  and 
Mach  number. 

( acLmax)baje  >s  the  base  value  of  orcLma  obtained  front  Figure  4. 1 .3.4-25a.  It  is  a function 
**  of  aspect  ratio,  taper  ratio*1cading-edge  sweep,  and  Mach  number. 


is  the  change  in  the  base  value  of  angle  of  attack  at  maximum  lift.  It  is  obtained 
’ ,4'  from  Figure  4.l.3.4-25b  as  a function  of  taper  ratio,  aspect  ratio,  leading-edge 
sweep,  and  Mach  number. 


A comparison  of  test  values  of  CLmtx  and  ac^ 

this  method  (where  ar. 

4.1.3.4-B.  ’ m" 


m»x  vi-mn 

is  based  on  the  calculated  C 


with  the  corresponding  values  calculated  by 
i ,v  value)  is  shown  in  Table 

mi  x 


Sample  Problems 


I.  Method  2 


Given:  The  following  high-aspect-ratio  configuration. 

A = 5.0  A,  E = 46.6°  \ = 0.565 

Rr  = 2 x 104 * 6  Airfoil:  NACA  64A0 10  (free-stream  direction) 

= 0.061  per  deg  aQ  = 0 M = 0.4 

Compute: 

Detetmine  if  the  above  configuration  satisfies  the  high-aspect-ratio  requirement  for  Method  2, 
as  stipulated  in  Equation  4. 1 .3.4-b;  i.e. , 


4 

A > 

(CL  + I)  cos  ALF 

Cj  = 0.24  (Figure  4. 1.3.4 -24b) 

4 4 4 

(CjTITcos  A~  ” (0.24+  1.0)  cos  46.6°  ~ ( 1 ,24)(0.687 1 ) 

A = 5.0  >4.69 


The  high-aspect-’atio  requirement  is  satisfied;  therefore,  Method  2 is  applicable  to  the  above 
configuration. 


Determine  the  maximum  lift  coefficient  at  M = 0.40 
Ay  = 2.12%  c (Figure  2.2. 1-8) 
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= 1.23  (Table  4. 1.1-B) 


= 0.83  (Figure  4. 1.3.4-21  a) 


ACLmix  = -0.053  (Figure  4.1.3.4-22,  interpolated) 


Am«\ 

' CW  ' 


^max  + ACLmax  (Equation  4. 1 -3.4-d) 


= (0.83)(1.23)  + (-0.053) 


= 1.02-  0.053 


= 0.97 


Determine  the  angle  of  attack  at  the  wing  maximum  lift 


Ante,  * 6.7°  (Figure  4.1. 3.4-2 lb) 

k'niux- 


mtX  A ^ A A , 

:i™«x  » -£T — + s + (Equation  4. 1 .3.4^) 


0.061 


+ 0+6.7 


= 15.9  + 6.7 


= 22.6° 


2.  Method  3 


Given:  The  following  low-aspect-ratio  configuration. 


A = 1.0 


alf.  “ 45° 


X = 0.3 


Airfoil:  NACA  0005  (free-stream  direction) 


Maximum  thickness  @ 30%  chord 


M = 0.6 


Compute: 


Determine  if  the  above  configuration  satisfies  the  low-aspect-ratio  requirement  for  Method  3 as 
stipulated  in  Equation  4.1 ,3.4-f,  i.e. , 

3 

A < 

(C,  + 1 ) cos  AL£ 
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3 


C,  = 0.5  (Figure  4.1. 3. 4-24b) 


____________  = = 2 83 

(Cj  + l)cos  Ale  (0.5  + 1.0)  cos  45°  (1.5)(0.7071 ) 

A = 1 <2.83 

The  low-aspect-ratio  requirement  is  satisfied;  therefore,  Method  3 is  applicable  to  the  above 
configuration. 

Determine  the  maximum-lift  coefficient  at  M = 0.6 
Ay  = 1.37%  c (Figure  2.2. 1-8) 
j3  = s/\  - M2  = = 0.80 

C2  = 0.91  (Figure  4. 1.3.4-24b) 

(C,  + 1)  jcosAL£  = (0.5+  1.0)~  cos  45°  = 1.326 
(CW>base  = L12  (Fi^re  4.1.3.4-23a) 

(C2  + 1)  AtanAL£  - (0.91  + 1.0)0)  tan  45°  =1.9! 

ACLmax  =-0.08  (Figure  4. 1.3. 4 -24a) 

CLmax  = (CLmax )baje  + ACLmax  (Equation  4. 1 .3.4-g) 

= 1.12  - 0.08 
= 1.04 

Determine  the  angle  of  attack  at  the  wing  maximum  lift 


(dr,  ) = 30.8° 

Lmax  base 

(Figure  4. ) .3.4-25a) 

A cos  Ale 

(1  +(2X)2| 

= 1.0  cos  45°  ! ) + (0.6)2  ] 

= 0.962 

Aac, 

Lmax 

= 3.5°  (Figure  4. 1 .3.4-25b) 

<*CL  v = 
*~max 

{etc.  ) 

'base 

+ A ar%  (Equation  4. 

Lma\ 

1.3.4-h) 

30.8  + 3.5 

= 

34.3° 
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B.  TRANSONIC 


No  method  for  high-aspect-ratio  wings  is  presented  herein  in  the  transonic  speed  regime.  However, 
for  low-aspect-ratio  wings  an  empirical  method  is  presented. 

For  low-aspecMatio  wings,  the  maximum  lift  at  transonic  speeds  was  found  to  be  basically  a 
function  of  the  same  variables  that  were  used  in  the  subsonic  speed  regime  (see  References  12 
through  15).  Therefore,  the  design  charts  for  the  transonic  speed  regime  are  based  on  the  subsonic 
design  charts. 

It  should  be  noted  that  the  transonic  maximum-lift  coefficient  of  thick  wings  may  be  limited  by 
adverse  pitching-moment  variations  and  severe  buffeting. 

Both  of  these  limitations  are  associated  with  extensive  flow  separation  arising  from  compressibility, 
shock  waves,  and  adverse  pressure  gradients. 


DATCOM  METHOD 

The  maximum  lift  and  angle  of  attack  at  maximum  lift  for  untwisted,  symmetrical-section, 
low-aspect-ratio  configurations  are  determined  for  Mach  numbers  between  0.6  and  1.2  by  the 
following  procedure: 

Step  1.  Calculate  the  maximum  lift  and  angle  of  attack  at  maximum  lift  for  the  wing  under 
consideration  at  M = 0.6  by  using  Method  3 of  Paragraph  A of  this  section. 

Step  2.  Determine  the  increments  in  maximum  lift  and  angle  of  attack  at  maximum  lift  at 
the  desired  Mach  number  from  Figures  4.1.3.4-26a  through  -26c.  These  increments 
are  then  added  directly  to  the  values  obtained  at  M = 0.6  in  Step  1;  i.e., 


^'Lnux)M  ^'Lmax\i=o>6  + ^Lmax 


^aCl'max^M=0.6  + 


A comparison  of  experimental  data  with  results  based  on  this  method  is  presented  in 
Table  4. 1.3.4-C. 


Sample  Problem 

Given:  The  same  low-aspect-ratio  configuration  used  in  Sample  Problem  2 of  Paragraph  A. 
A = 1.0  Ale  =45°  X = 0.3 

Airfoil  NACA  0005 
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> 


Sample  Problem  2,  Paragraph  A 


“CW  = 3430 
c2  = 0.91 

C,  = 0.50 

M = 1.0 
Compute: 

(C2+  I ) A tan  Ale  = (0.91  + 1)(1.0)(1.0)  = 1.91 
C3  = 1.0  (Figure  4.1.3. 4-26b) 

C3  (C,  + 1 ) A cos  Ale  = (1.0)(0.50  + 1)(  1.0)(0.7071)  = 1.06 
ACLmax  = 0 (Figure  4.1.3. 4-26a) 

(Cj  + 1)AcosAle  = (0.50+  1)(  1.0X0. 7071)  = 1.06 
AacLmax  = 0.5°  (Figure  4. 1.3. 4-26c) 

Solution: 

CLnu*  = (CLmax)M=0.6  + ACLmAX  (Equation  4.1 ,3.4-i) 

= 1.04 + C 
= 1.04 

acW  = (“cLmax)M=0.6+  Aacw  (Equation  4. 1.3.4-j) 

= 34.3  + 0.5 
= 34.8° 

C.  SUPERSONIC 

At  supersonic  speeds  the  lift  is  limited  by  geometric  considerations  rather  than  by  flow  separation. 
That  is,  maximum  lift  is  reached  when  the  component  of  the  normal  force  in  the  lift  direction 
ceases  to  increase  with  angle  of  attack. 


4. 1.3. 4-1 1 


The  governing  geometric  parameters  for  the  determination  of  maximum  lift  are  those  that  influence 
the  wing  lift-curve  slope;  i.e.,  aspect  ratio,  sweep,  taper  ratio,  and  Mach  number.  It  is  therefore 
logical  that  a good  correlating  term  might  include  the  lift-curve  slope.  One  such  parameter  that  gives 
good  results  and  is  used  here  is  Cno/(4/0). 

DATCOM  METHOD 

For  the  supersonic  case  the  most  accurate  way  of  determining  the  wing  maximum  lift  is  by 
calculating  the  normal-force  curve  (using  Sections  4. 1.3.2  and  4. 1.3.3)  and  converting  it  to  a lift 
curve  by  means  of  the  relationship  CL  = cos  a.  However,  design  charts  are  presented  herein  for 
a more  rapid  procedure  of  estimating  the  wing  maximum  lift. 

For  Mach  numbers  greater  than  1.4,  the  supersonic  maximum  lift  and  angle  of  attack  at  maximum 
lift  may  be  approximated  using  Figures  4.1.3.4-27a  and  -27b.  These  figures  are  based  on  empirical 
data  taken  from  References  16  through  26,  and  are  presented  as  a function  of  CNa  and  Mach 
number  (0  = v/"M^~f).  The  lift-curve  slope  Cj^  is  obtained  from  test  data  or  from  Paragraph  C 
of  Section  4. 1.3.2. 

A comparison  of  experimental  data  with  results  based  on  this  method  is  presented  in  Table 
4.1.3.4-D. 


Sample  Problem 

Given:  The  configuration  of  Reference  18. 

A = 1.96 


Ale  = 64° 


Compute: 

0 = v/M2  - 1 
= \/ (2.32)2  - 1 
= 2.093 
1 i 


M 

CNa 

4 W 

Solution: 


= 0.431 

2.32 

(1.72X2.093) 


= 0.900  per  rad 


CL.n.x  s 1C2  (Figure  4. 1.3.4-27a) 
>*CL  - 41.4°  (Figure  4.1 .3. 4-27b) 


Cn^  = 1.72  per  rad 


M = 2.32 


These  compare  with  test  values  of  CLmJV  of  0.98  and  aCl  of  43.8°  from  Reference  18. 

mdA 
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D.  HYPERSONIC 


The  supersonic  method  of  Paragraph  C above  is  used  to  estimate  Ci  and  ar,  at 

hypersonic  speeds.  The  parameters  that  affect  CLmax  at  the  lower  hypersonic  Mach  numbers  are 
the  same  as  those  for  the  supersonic  speeds,  i.e.,  planform  parameters.  At  high  hypersonic  speeds, 
^“Utnax  determined  primarily  by  flow  impact  on  the  wing  lower  surface.  Newtonian  flow  theory 
thus  provides  a reasonable  approximation  for  CLmax  values  in  this  speed  range.  The  high 
hypersonic  limit  (1/M-^O)  of  Figures  4. 1.3.4-27a  and  4. 1.3.4-27b  is  derived  using  the  Newtonian 
equation 


CL  = 2 sin2  a cos  a 
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LOW-ASPECT-RATIO  WINGS  AT  SUBSONIC  SPEEDS 
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WINGS  AT  SUPERSONIC  SPEEDS 
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SUBSONIC  SPEEDS 
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FIGURE  4.1.3.4-21a  SUBSONIC  MAXIMUM  LIFT  OF  HIGH-ASPECT -RATIO  WINGS 


FIGURE  4.1. 3.4-2 lb  ANGLE-OF-ATTACK  INCREMENT  FOR  SUBSONIC  MAXIMUM 
LIFT  OF  HIGH-ASPECT  RATIO  WINGS 
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SUBSONIC  SPEEDS 
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FIGURE  4.1.3.4-22  MACH-MUMBER  CORRECTION  FOR  SUBSONIC  MAXIMUM  LIFT 
OF  HIGH-ASPECT-RATIO  WINGS 
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FIGURE  4.1.3.4-23b  MAXIMUM  LIFT  OF  WINGS  WITH  POSITION  OF  MAXIMUM 
THICKNESS  BETWEEN  35-  AND  50-PERCENT  CHORD 
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Notes:  Symmetric  airfoils 

R = 1 X 10*  to  10  X 10s  based  on  MAC 
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FIGURE  4.1  3.4-25b  ANGLE-OF  ATTACK  INCREMENT  FOR  SUBSONIC  MAXIMUM 
LIFT  OF  LOW-ASPECT-RATIO  WINGS 
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TRANSONIC  SPEEDS 
Notes:  Symmetric  airfoils 
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FIGURE  4. 1.3.4 -2 6a  MAXIMUM  LIFT  OF  LOW-ASPECT-RATIO  WINGS 
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FIGURE  4 1.3.4-26b  MAXIMUM-LIFT  CORRECTION  FACTOR 
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FIGURE  4. 1.3.4 -2  6c  ANGLE-OF-ATTACK  INCREMENT  FOR  LOW-ASPECT-RATIO  WINGS 
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FIGURE  4.1.3.4.27a  SUPERSONIC-HYPERSONIC  WING  MAXIMUM  LIFT 
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FIGURE  4.1.3.4-27b  SUPERSONIC-HYPERSONIC  WING  ANGLE  OF  ATTACK  FOR 
MAXIMUM  LIFT 
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4.1.4  WING  PITCHING  MOMENT 

The  pitching-moment  characteristics  of  aerodynamic  surfaces  are  conventionally  represented  by  specifying  the  wing 
aerodynamic-center  location  or  the  wing  center  of  pressure. 

The  aerodynamic  center  is  defined  as  that  point  on  the  wing  plane  of  symmetry  about  which  the  pitching  moment  is 

dC 

invariant  with  lift,  i.e.,  -t~  = 0,  for  power-off  flight  of  a rigid  vehicle  at  a given  Mach  number. 

The  relationship  between  the  wing  aerodvnamic  center  and  the  wing  pitching-moment  slope  about  any  arbitrary  point  on 
the  wing  root  chord  is  then  given  by  the  equation  ( neglecting  wing  drag 


dC„,  / x;1„  Ac, 

dc,T  - v " ~ c7)  c 


4.1.4-a 


where 


is  the  chordwise  distance  from  the  wing  apex  to  the  aerodynamic  center,  measured  in  root  chords,  positive  aft 

c, 

is  the  chordwise  distance  from  the  wing  apex  to  the  point  about  which  the  pitching  moment  is  desired,  meas- 
ured in  root  chords,  positive  aft 


— — is  the  ratio  of  the  root  chord  to  the  pitching-moment  reference  chord,  generally  taken  as  the  wing  M.A.C. 


dC„, 

dC,. 


is  the  slope  of  the  wing  pitching-moment  coefficient  about  the  point  n with  respect  to  the  lift  coefficient 


The  usefulness  of  the  aerodynamic-center  concept  lies  principally  in  the  convenient  way  in  which  it  presents  pitching- 
moment  information  in  the  linear  lift  range.  Within  this  range  the  forces  on  a wing  are  simply  represented  by  a lift 
vector  of  varying  magnitude  acting  through  the  aerodynamic  center  and  a constant  moment  about  the  a.c.  equivalent 
to  the  wing  zero-lift  moment. 

The  aerodynamic-center  concept  is  often  used  beyond  the  linear  lift  range  by  specifying  the  locus  of  points  at  which 


dC,„ 

dC. 


is  zero,  as  a 


function  of  lift  (or  angle  of  attack).  The  a.c.  curve  thus  defined  represents  the  successive  points 


which  the  surface  has  "neutral  stability.'’ 

Center  of  pressure  is  defined  as  that  point  at  which  the  wing  total  resultant  force  intersects  the  wing  chord,  i.e.,  it  is  the 
point  on  the  wing  chord  at  which  C„,  ■==  0. 

If  the  wing  center-of-pressure  location  is  known,  the  wing  pitching  moment  about  any  other  point  on  the  wing  chord 
may  be  calculated,  provided  the  direction  of  the  resultant-force  vector  on  the  wing  is  also  known.  This  fact,  which  is 
apparent  from  geometrical  considerations,  is  reflected  in  the  equations  for  determining  the  moment  coefficient  from 
the  center  of  pressure.  There  are  two  cases,  as  follows: 

A.  Resultant-force  vector  perpendicular  to  the  wing  surface: 

B.  Resultant-force  vector  in  the  lift  direction  t perpendicular  to  the  free  stream)  : 


4, 1 .‘lb 


C,  cos  a 


4. 1 . 1 


In  the  above  equations  — is  the  chordwise  distance  from  the  wing  apex  to  the  wing  center  of  pressure,  measured  in 
c, 


4.1. 4-1 


root  chords,  positive  aft. 


Since  at  low  angles  of  attach  the  resultant-force  vector  on  wings  is  essentially  in  the  lift  direction  (see  Section 
4.1.3),  equation  4.1.4-c  is  applicable.  At  high  angles  of  attack,  the  resultant  force  is  mere  nearly  normal  to  the 
wing  chord  and  thus  equation  4.1.4-b  is  the  more  applicable.  1'owever,  equation  4.1.4-b  may  also  be  used  at  low 
angles  of  attack.  For  the  remainder  of  thin  Section,  it  is  assumed  that  equation  4.1.4-b  holds  at  all  angles  of  attack, 
and  that  the  Cfl  in  this  equation  is  equivalent  to  the  C'ty  as  defined  and -discussed  in  Section  4.1.3. 

In  the  linear  lift  range,  the  locations  of  the  center  of  pressure  and  the  aerodynamic  center  are  the  same  for  wings  having 
symmetrical  profiles  but  not  the  same  for  wings  having  cambered  profiles. 

Two  seta  of  charts  are  presented  in  subsequent  Sections.  The  charts  for  the  linear  lift  range  present  the  aerodynamic 
center  location  of  wings  ns  a function  of  planform  parameters.  The  charts  for  the  nonlinear  lift  range  give  the  wing 
center-of-pressure  location  also  aa  a function  of  planfornt  parameters . The  two  poops  of  charts  taken  together  permit 
the  calculation  of  the  complete-pitching-moment  curve  from  0°  to  90°  angle  of  attack  for  symmetrical  wings. 

For  cambered  wings,  no  specific  method  is  presented  for  calculating  the  pitching  moments  beyond  the  linear  lift  range. 
However,  for  angles  of  attack  beyond  the  stall,  it  is  not  likely  that  there  will  be  much  difference  between  the  pitching 
moments  of  symmetrical  wings  and  those  of  cambered  wings. 
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4. 1.4.1  WING  ZERO-LIFT  PITCHING  MOMENT 

The  methods  presented  in  this  section  are  restricted  to  subsonic  speeds.  In  the  transonic  and 
supersonic  speed  regimes  it  is  suggested  that  reference  be  made  to  experimental  data. 

A.  SUBSONIC 

Two  methods  are  presented  far  estimating  the  wing  zero-lift  pitching  moment.  Method  I is  general 
and  is  applicable  to  the  majority  of  moderately  swept  configurations.  It  is  not  advisable  to  use 
Method  1 for  configurations  having  a quarter-chord-sweep  angle  greater  than  45°.  Method  2 is 
taken  from  Reference  1 and  is  applicable  only  at  M = 0.2  for  highly  swept,  constant-section, 
low-aspect-ratio,  delta  or  clipped-delta  configurations  with  large  thickness  ratios;  i e 
0.10  <t/c<  0.30. 


DATCOM  METHODS 


Method  1 


The  low-speed  zero-lift  pitching  moment  based  on  the  product  of  the  wing  area  and  mean 
aerodynamic  chord  Swc"w,  for  untwisted,  constant-section  wings  with  elliptical  loading  may  be 
approximated  by 


Ml 


A cos2  Ac// 
A + 2 cos  A , 


4. 1.4.1 -a 


where  cmo  is  the  section  pitching-moment  coefficient  at  zero  lift,  obtained  from  Section  4. 1.2.1. 
The  airfoil  section  is  defined  parallel  to  the  free  stream. 

For  airfoil  sections  varying  along  the  span 


H, 


A COS2  Ac/4  A^CW  + 0 tip 

A + 2 cos  A ,,  \ 2 I 


4.1.4.1-b 


where  o and  c„ 


are  the  section  pitching-moment  coefficients  at  zero  lift  oi  fhe  root 


and  tip  sections,  respectively,  both  defined  parallel  to  the  free  stream. 


For  wings  with  linear  twist,  lifting-line  theory  may  be  used  as  in  Reference  2 to  obtain  Cm  0 by 


(C”o)  + 

’ u/e=0 


-*-)e 


4. 1.4.1 -c 


4.1. 4.1-1 


1 


I 


where 


is  the  zero-lift  pitching-moment  coefficient  of  an  untwisted  wing,  obtained  by 
using  either  Equation  4. 1.4.1 -a  or  Equation  4.1 .4.1 -b. 


Af-mp 

is  the  change  in  wing  zero-lift  pitching-moment  coefficient  due  to  a unit  change 

in  linear  wing  twist.  This  parameter  is  obtained  from  Figure  4. 1.4.1 -5. 

9 is  the  twist  of  the  wing  tip  with  respect  to  the  root  section,  in  degrees  (negative 

for  washout).  A linear  spanwise  twist  distribution  is  assumed  (all  constant- 
percent  points  of  local  chords  lie  in  straight  lines  along  the  span). 


The  effect  of  Mach  number  on  the  wing  zero-lift  pitching-moment  coefficient,  up  to  the  critical 
Mach  number,  is  presented  in  Figure  4.1. 4. 1-6.  This  chart,  based  on  test  data,  gives  the  ratio  of 
wing  or  wing-body  zero-lift  pitching-moment  coefficient  in  compressible  flow  to  that  in 
incompressible  flow.  When  using  this  chart,  no  correction  should  be  made  to  the  section  cmo 
value.  The  use  of  this  chart  should  give  reasonable  results  up  to  M = 0.8.  However,  beyond  this 
point  the  chart  should  be  used  with  caution,  since  test  data  often  show  abrupt  changes  in  zero-lift 
pitching  moment  at  high  transonic  speeds. 

The  limited  availability  of  test  data,  coupled  with  the  fact  that  the  wing  zero-lift  pitching-moment 
coefficient  does  not  lend  itself  to  accurate  experimental  measurement,  precludes  substantiation  of 
this  method. 

Method  2 

This  semiempirical  method  is  taken  from  Reference  1 , ignoring  the  small  wing-planform  nose-radius 
effects.  The  semiempirical  method  was  developed  by  using  the  test  results  of  Reference  1 , 
correlated  with  the  theoretical  predictions  based  on  lifting-surface  theory.  Because  of  its 
semiempirical  nature,  the  method  should  be  restricted  to  M = 0.2  conditions  for  highly  swept, 
constant-section,  low-aspect-ratio,  delta  or  clipped-delta  configurations  with  the  following  geomet- 
ric characteristics: 


0.58  < A <2.55 


0 < X < 0.3 

63°<  Ale  <80° 

0.10  <t/c<  0.30 


ate  0 


For  round-nosed-planform  configurations  the  reader  is  referred  to  Reference  1 , where  three 
different  planform  nose-radius  models  were  tested.  No  incremental  nose  planfonn  effects  are 
presented  here  because  of  their  probable  configuration  dependence. 


4. 1.4. 1-2 


:4 


:•  i 

■3 


.1 


J 


The  wing  zero-lift  pitching-moment  coefficient  may  be  approximated  by  the  following  procedure: 

Step  1.  Determine  the  section  zero-lift  pitching-moment  coefficient  cni  0 for  the  particular 
airfoil  under  consideration.  Lifting-surface  theory  was  used  in  the  method 
formulation  of  Reference  1 to  estimate  the  section  zero-lift  pitching-moment 
coefficient.  For  this  reason  it  is  recommended  that  lifting-surface  theory  be  used,  if 
available,  for  the  prediction  of  cn,  Q. 

If  lifting-surface  theory  is  not  available,  cm  0 may  be  estimated  by  using  test  data; 
e.g.,  those  listed  in  Tables  4. 1.1 -A  and  -B. 

Step  2.  Determine  a wing  zero-lift  pitching  moment  (Cm  \ uncorrected  for  thickness 

\ *7  theory 

effects  from  Figure  4. 1 .4. 1 -7  as  a function  of  sweep,  taper  ratio,  and  section  zero-lift 
pitching  moment.  (The  value  of  Ac  is  defined  as  Ac  = 90°  - ALI.. .) 

Step  3.  Calculate  the  wing  zero-lift  pitching  moment  Cn,0,  based  on  the  wing  area  and 
wing  root  chord  Swc  , using  the  following 


C 


m o 


theory 


where 


4.1.4.1-d 


C 


mo 


theory 


is  the  ratio  of  zero-lift  pitching  moment  corrected  for  thickness 
effects  to  the  uncorrected  zero-lift  pitching  moment.  This  ratio 
is  obtained  from  Figure  4. 1.4. 1-8  as  a function  of  thickness, 
planform  geometry,  and  the  uncorrected  wing  zero-lift  pitching 
moment. 


theo  ry 


is  the  zero-lifting  pitching-moment  coefficient  uncorrected  tor 
thickness  effects  obtained  above  in  Step  2. 


For  the  particular  configurations  to  which  this  method  is  applicable,  insufficient  data  are  available 
to  determine  the  usefulness  of  Figure  4. 1 .4.1-6  for  estimating  Mach  number  ettects. 

No  substantiation  of  this  method  is  possible  because  of  the  lack  ot  wing-alone  low-aspeet-ratio  test 
data  having  thickness  ratios  of  0. 10  < t/c  0.30. 


1.  Method  1 


Sample  Problems 


Given:  The  following  straight-tapered  wing  of  Reference  3. 

A = 6.0  A = 0.5  Ac/4  = 9.67°  0 = 0 Low  speed 

NACA  23012  airfoil  (free-stream  direction) 


Compute: 


cmo  * -0.014  (Table  4. 1.1-A) 
Solution: 


A cos2  Ac/4 

- — — — -t — Cn,0  (Equation  4.1.4. 1-a) 
A + 2 cos  Ac/4 


6(0.9858)2 
6 + 2(0.9858) 


(-0.014) 


= -0.010 

This  compares  with  a test  value  of —0.012  from  Reference  3. 


2.  Method  2 

Given:  The  following  constant-section,  low-aspect-ratio,  clipped-delta  configuration. 

A = 0.823  X = 0.18  Ale  = 73.5° 

NACA  2412  airfoil  M = 0.2  Ac  = 16.5°  (complement  of  leading-edge  sweep) 
Compute: 

cmfl  = -0.047  (Table  4. 1.1-A) 

4 tan  Ac  ( 1 + ttX2  tan  Ac)  = 4(0.2962)  [l  +tt(0.18)2  (0.2962)]  = 1.2205 
(Cmo)  theory  = ~a01°  (Figure  4.1.4.1-7) 

Cmo 

= 0.91  (Figure  4. 1.4. 1-8) 

(Cmo)  theory 

(Cn>o)  theory  (Equation  4. 1 .4. 1-d) 

= (0.91 )( — 0.010) 

= -0.0091 


-mo 


-mo 


(Crao)  the 


oiy 
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(a)  X ~ 0 


(b)  X = 0.5 


FIGURE  4.!  .4,1  -S  EFFECT  OF  LINEAR  TWIST  ON  THE  WING  ZERO-LIFT  PITCHING  MOMENT 


4.1. 4.2  WING  PITCHING  MOMENT  CURVE  SLOPE 


This  section  presents  methods  for  calculating  the  pitching-moment  characteristics  of  wings  at  low 
angles  of  attack  at  any  speed. 


The  pitching-moment  characteristics  are  generally  presented  in  terms  of  the  wing  aerodynamic 
center,  The  aerodynamic  center  (Section  4. 1 .4)  is  that  point  about  which  the  wing  pitching  moment 
is  invariant  with  lift.  Thus  the  pitching-moment  slope  based  on  the  product  of  the  wing  area  and  the 
mean  aerodynamic  chord  Swcw  about  any  specified  point  on  the  wing  chord  line  may  be  described 

by  the  following  equation: 


dC 


m 


dC 


L 


4.1 ,4.2-a 


is  the  distance  from  the  v.ing  apex  to  the  aerodynamic  center  measured  in  root  chords, 
positive  aft. 

is  the  distance  from  the  wing  apex  to  the  desired  moment  reference  center  measured  in 
root  chords,  positive  aft. 


is  the  . itio  of  the  root  chord  to  the  mean  aerodynamic  chord. 

A.  SUBSONIC 

At  subsonic  speeds  methods  are  presented  for  predicting  the  aerodynamic  center  of  the  following 
two  classes  of  wing  planforms: 

Straight-Tapered  WingS  (conventional,  trapezoidal  wings) 

Non-Straight-Tapered  Wings 

Double-delta  wings 

Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  three  general  categories  of  non-straight-tapered  wings  are  illustrated  in  Sketch  (a)  of 
Section  4. 1.3. 2.  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

Two  methods  are  presented  for  estimating  the  wing  pitching  moment-curve  slope  for  straight- 
tapered  wings.  Method  1 is  general  and  is  applicable  to  the  majority  of  configurations.  Method  2 is 
applicable  only  at  M = 0,2  for  highly  swept,  constant-section,  low-aspect-ratio,  delta  or 
clipped-delta  configurations  with  large  thickness  ratios;  i.e.,  0.10  < t/c  < 0.30. 


where 


All  of  the  basic  theories  for  calculating  wing  lift  apply  to  wing  pitching  moments  also.  However,  as 
is  discussed  in  Section  4.1. 3. 2,  there  is  no  guarantee  that  a theory  that  gives  accurate  results  for  lift 
also  gives  accurate  values  for  moments. 

One  theory  that  does  give  accurate  results  for  both  lift  and  moments  of  straight-tapered  wings  over 
the  entire  aspect-ratio  range  is  the  lifting-surface  theory  of  Reference  1 . Although  the  computation 
difficulties  of  this  method  are  not  as  formidable  as  those  of  some  other  lifting-surface  theories, 
solutions  are  nevertheless  limited  to  certain  specific  planforms. 

Most  of  the  currently  available  methods  that  are  applicable  to  a wide  range  of  configurations  are 
based  largely  on  empirical  data.  A semienipirical  method  of  this  type  is  presented  in  Reference  2. 
The  procedure  of  this  reference  uses  certain  simplified  theories  (see  References  3 and  4)  to  define 
limiting  locations  for  the  aerodynamic-center  positions  as  the  wing  aspect  ratio  approaches  zero  or 
infinity.  For  intermediate  aspect  ratios,  some  150  experimental  points  from  40  different  reports  are 
used  as  a guide  in  fairing  curves  between  the  theoretically  determined  limits.  In  this  way  generalized 
charts  are  constructed  for  straight-tapered  wings  of  arbitrary  aspect  ratio  and  taper  ratio. 
Comparison  between  the  aerodynamic-center  locations  given  by  the  semiempirical  method  of 
Reference  2 and  the  available  lifting-surface  solutions  of  Reference  1 shows  a high  degree  of 
correlation.  The  charts  of  Reference  2 also  agree  well  with  the  other  available  semiempirical 
methods  of  less  extensive  scope,  such  as  that  of  Reference  5. 

In  the  Datcom  the  graphical  aerodynamic-center  information  presented  is  basically  that  of 
Reference  2.  However,  the  charts  are  presented  in  a slightly  different  form,  and  the  effects  of  Mach 
number  are  added  by  means  of  the  Prandtl-Glauert  compressibility  correction  rule.  The  design 
charts  for  predicting  the  aerodynamic  center  are  applicable  only  within  the  linear-lift  range.  Thus 
the  charts  apply  to  wings  of  very  low  aspect  ratio  at  only  very  low  angles  of  attack.  These  charts  are 
directly  applicable  to  straight-tapered  wings.  In  treating  non-straight-tapered  wings,  the  wing  is 
divided  into  two  wing  panels  and  the  individual  lift  and  aerodynamic  center  for  each  panel  are  used 
to  establish  the  aerodynamic  center  for  the  composite  wing. 

Within  the  linear-lift  range,  profile  parameters  such  as  mean  camber  line,  thickness,  leading-edge 
shape,  and  others  appear  to  have  only  minor  influence  on  the  aerodynamic-center  location  of  either 
straight  tapered  or  non-straight-tapered  wings. 

Reynolds  number,  on  the  ether  hand,  can  have  an  appreciable  effect.  Reference  6 indicates  that  for 
a wing  of  aspect  ratio  3 with  a 3-percent  biconvex  section,  the  aerodynamic  center  can  vary  as  much 
as  8 percent  of  the  wing  root  chord  between  the  Reynolds  numbers  2.4  x 10®  and  8 > 106. 
Although  this  aerodynamic-center  shift  appears  to  be  larger  than  usual,  it  does  serve  to  indicate  that 
wind-tunnel  test  conditions,  such  as  tunnel  turbulence  level,  model  support  system,  and  Reynolds 
number,  can  have  an  important  bearing  on  the  experimentally  measured  aerodynamic  chord 
locations. 


DATCOM  METHODS 

Straight-Tapered  Wings 

Method  1 

Figures  4. 1.4.2 -26a  through  4. 1.4.2 -26f  present  the  a.c.  location  for  straight-tapered  wings  at 
subsonic  speeds.  These  charts  give  the  a.c.  location  as  a fraction  of  the  wing  root  chord.  The  charts 
are  besed  on  planform  characteristics  only  and  thus  are  most  applicable  to  low-aspect-ratio  wings. 
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The  characteristics  of  high-aspect-ratio  wings  are  primarily  determined  by  the  wing  two-dimensional 
section  characteristics.  For  most  airfoil  sections  the  a.c.  location  is  at  or  near  the  MAC 
quarter-chord  point.  However,  if  greater  accuracy  is  desired,  the  a.c.  location  for  the  particular 
airfoil  section  under  consideration  may  be  determined  from  Section  4. 1.2.2. 

The  applicability  of  the  subsonic  portions  of  Figures  4. 1.4. 2 -26a through  4.1.4.2-26f  is  limited  to 
M < 0.6.  The  form  of  presentation  of  the  charts  does  not  permit  an  indication  of  this  limit  in  a 
manner  that  is  applicable  in  all  situations.  Beyond  M = 0.6  the  a.c.  location  tends  to  become 
dependent  on  wing  profile  thickness  and  shape,  as  indicated  in  Paragraph  B of  this  section. 

However,  for  swept  wings  with  t/c  < 0.04  the  thickness  effects  are  much  reduced,  and 
Figures  4.1 .4. 2-26a  through  4. ! .4.2-26f  may  be  applied  to  Mach  numbers  somewhat  higher  than 
M = 0.6. 

Method  2 

This  semiempirical  method  is  taken  from  Reference  7,  ignoring  the  small  wing-planform  nose-radius 
effects.  The  semiempirical  method  was  developed  by  using  the  test  results  of  Reference  7, 
correlated  with  the  theoretical  predictions  based  on  lifting-surface  theory.  Because  of  its 
semiempirical  nature,  the  method  should  be  restricted  to  M = 0.2  conditions  for  highly  swept, 
constant-section,  iow-aspeet-ratio,  delta  or  clipped-delta  configurations  with  the  following  ge  met- 
ric characteristics: 


0.10  < t/c  <0.30 


0.58  <A<  2.55  , 


0 <X  <0.3 
63°<Ale  <80° 


The  nonlinear  region  of  the  pitching-moment  curve  for  configurations  described  above  may  be 
approximated  hy  using  Method  2 of  Section  4. 1.4, 3. 

For  round-nosed-planform  configurations  the  reader  is  referred  to  Reference  7,  where  three 
different  planform  nose-radius  models  were  tested.  No  incremental  nose  planform  effects  arc 
presented  here  because  of  their  probable  configuration  dependence. 

The  wing  pitching-moment-curve  slope  may  be  approximated  by  the  following  procedure: 

Step  1,  Calculate  the  aerodynamic-center  location  uncorrected  for  wing  thickness  effects  by 
the  following: 


2 1 

X2  1 / 

3 ° " X)+  2 

['-  1 + A j ’"M 

l + l) 

1 +7T  loge  ^1  + 
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Step  2.  Determine  the  wing  pitching-moment-curve  slope  uncorrected  for  wing  thickness 
effects  by  using  a modified  form  of  Equation  4. 1 ,4.2-a,  i.e., 


' dC_ 


dC, 


theory 


where 


n is  the  distance  from  the  wing  apex  to  the  desired  moment  reference 

center,  measured  in  root  chords,  positive  aft.  If  the  semiempirical 
procedure  presented  in  Method  2 of  Section  4. 1.4.3  is  to  be  used  to 
determine  the  nonlinear  pitching-moment  characteristics,  the  deter- 
mination of  the  moment  reference  center  n is  not  arbitrary.  The 
moment  reference  center  in  this  case  should  be  taken  at  the 
root-chord  midpoint,  i.e.,  n = 0.5.  ' 

Xa.c. 

is  the  distance  from  the  wing  apex  to  the  aerodynamic  center, 

cr  measured  in  root  chords,  positive  aft.  This  term  is  obtained  from 

Step  1 above  and  is  uncorrected  for  thickness  effects. 


Step  3.  Correct  the  pitching-moment-curve  slope  for  thickness  effects,  based  on  the  product 
of  wing  area  and  wing  root  chord  Swcr,  by 


dC 

- 1 

I'M 

dCm/dCL 

dCL 

tdCm/dC  ) 

LL  theory 

where 


is  the  wing  pitching-moment-curve  slope  from  Step  2, 
uncorrected  for  thickness  effects. 


<ICm/dCt 


<dCmtfCL> 


theory 


is  the  wing-thickness-correction  factor  for  the  wing 
pitching-moment-curve  slope.  This  parameter  is  obtained 
from  Figure  4.1.4.2-29  as  a function  of(dCm/dCL)theory 
and  thickness. 


No  substantiation  of  this  method  is  possible  because  of  the  lack  of  low-aspect-ratio  test  data  having 
wing  thickness  ratios  of  0.10  < t/c  < 0.30. 

Non-Straight-Tapered  Wings 

The  method  for  predicting  the  a.c.  location  near  zero  lift  of  non-straight-tapered  wings  is  taken 
from  Reference8.  This  method  is  used  for  all  non-straight-tapered  wings.  The  non-straight-tapered 
wing  is  divided  into  two  panels  with  each  panel  having  conventional,  straight-tapered  geometry. 
Then,  for  each  of  the  constructed  panels,  the  individual  lift-curve  slope  and  a.c.  are  estimated  by 
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treating  each  constructed  panel  as  a complete  wing.  The  individual  lift  and  a.c.  location  derived  for 
each  constructed  panel  are  then  mutually  combined  in  accordance  with  an  “inboard-outboard” 
weighted-area  relationship  to  establish  the  predicted  a.c.  location  for  the  basic  non-straight-tapered 
wing,  There  is  a difference  between  the  construction  geometry  used  to  determine  the  inboard  and 
outboard  panels  for  the  double-delta  and  cranked  wings,  and  that  for  the  curved  wings. 
Application  of  the  method  requires  that  the  wings  be  broken  down  as  defined  below. 

Double-Delta  and  Cranked  Wings  (see  Sketch  (a)) 

Inboard  Panel  - the  inboard  leading  and  trailing  edges  extended  to  the  center  line.  The 
tip-chord  span  station  is  fixed  at  the  break  formed  by  the  discontinuity  in 
the  sweep  of  the  leading  edge  of  the  composite  wing.  The  constructed 
inboard  panel  is  designated  by  subscript  i. 

Outboard  Panel  - the  leading  and  trailing  edges  of  the  main  outboard  panel  extended 
inboard  to  the  midpoint  between  the  center  line  and  the  break  formed  by 
the  discontinuity  in  the  sweep  of  the  leading  edge  of  the  composite  wing. 
The  main  outboard  panel  is  designated  by  subscript  o and  the 
constructed  outboard  panel  is  designated  by  a prime  and  a subscript  o . 


CRANKED  WINGS 

SKETCH  (a) 
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Many  double-delta  and  cranked  wings  have  non-straight  trailing  edges  with  the  trading-edge  break 
occurring  at  a different  span  station  from  the  leading-edge  break.  For  such  wings  the  irregular 
trailing-edge  sweep  angles  of  the  divided  panels  are  modified  by  using  straight  trailing-edge  sweep 
angles  for  each  panel,  constructed  so  that  the  area  moment  about  the  respective  wing-panel  apex 
remains  approximately  the  same. 

Curved  Wings  (see  Sketch  (b)) 

The  basic  ogee  and  Gothic  planforms  must  be  modified  to  divide  the  wing  into  two  panels  having 
conventional,  straight-tapered  geometry.  The  modified  inboard  and  outboard  panels  are  designated 
in  the  same  manner  as  noted  in  the  double-delta-  and  cranked-wing  breakdown,  Both  types  of 
curved  wings  are  divided  by  the  following  procedure: 


1 . The  tip  chord  of  the  inboard  panel  is  located  at  one-half  of  the  curved  wing  semispan;  i.e., 
( — j = ( — \ = 0.50  ^ — V This  locates  the  span  station  of  the  leading-edge  break,  and 

\ 2 /j  \ 2 !q  2 

tip-chord  span  station  of  the  constructed  inboard  panel. 


2. 


The  root  chord  of  the  constructed  outboard  panel  is  located  at  one-fourth  of  the  curved 


wing  seinispan;  i.e.,  cr[,  span  station  is  at  (0.25) 


OGEE  WING  GOTHIC  WING 


SKETCH  (b) 
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3.  The  semispan  of  the  constructed  outboard  panel  is  0.85  times  the  semispan  of  the  basic 
curved  wing;  i.e.,/-)  = 0.85  (~^J  ■ This  locates  the  tip  of  the  constructed  outboard 

' ^ 'o  ~ 

panel. 

4.  The  tip  chord  of  the  constructed  outboard  panel  is  zero;  i.e.,  X0  = 0. 


5.  The  leading-edge  sweep  angles  of  the  two  panels  are  approximated  by  the  use  of 
straight-line  segments  as  shown.  Try  to  maintain  an  approximately  constant  area  moment 
for  the  outboard  panel  about  its  apex. 

The  subsonic  aerodynamic-center  location  of  non-straight-tapered  wings  is  obtained  from  the 
procedure  outlined  in  the  following  steps: 

Step  1.  Divide  the  non-straight-tapered  wing  into  inboard  and  outboard  panels  as  discussed 
above,  and  determine  their  pertinent  geometric  parameters. 

Step  2.  Determine  the  lift-curve  slope  of  the  constructed  inboard  panel  ^ClA,  from 
Figure  4.1.3.2-49,  based  on  its  respective  area  Sj. 

Step  3.  Determine  the  a.c.  location  of  the  constructed  inboard  panel  as  a fraction  of  the  root 

■ x„ 


chord  of  the  constructed  inboard  panel 


(t), 


from  Figure  4. 1 .4.2 -26.  This  a.c. 


location  is  aft  of  the  apex  of  the  constructed  inboard  panel. 

Step  4.  Determine  the  lift-curve  slope  of  the  constructed  outboard  panel  > from 

Figure  4. 1 .3.2-49,  based  ori  its  respective  area  S'0 . 

Step  5.  Determine  the  a.c.  location  of  the  constructed  outboard  panel  as  a fraction  of  the 


root  chord  of  the  constructed  outboard  panel 


from  Figure  4. 1 .4.2-26.  This 


a.c.  location  is  aft  of  the  apex  of  the  constructed  outboard  panel. 

Step  6.  Convert  the  a.c.  location  determined  in  Step  5 to  a fraction  of  the  root  chord  of  the 
constructed  inboard  panel  and  aft  of  the  apex  of  the  constructed  inboard  panel  by 


' /c 


(Xac)o  _/Xa.c.\  / Io\  Ay 

cr.  ' cr  ' o \ S’ , / Cr, 


Ay  bi 

tan  A, . + - — 

Lto  2c. 


tan  A 


LE; 
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Step  7.  Calculate  the  non-straight-tapered-wing  aerodynamic  center,  measured  in  wing  root 
chords  aft  of  the  wing  apex, by 


, , / Xa,c.  \ / \ , , (Xa.c. ) o 
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The  limited  availability  of  experimental  data  precludes  the  substantiation  of  this  method  for 
double-delta  and  cranked  wings.  No  experimental  wing-alone  double-delta  data  are  readily  available 
for  subsonic  speeds.  Test  data  for  three  wing-alone  cranked-wing  configurations  are  available.  The 
results  of  the  method  applied  to  those  configurations  are  compared  with  test  results  in  the  data 
summary  presented  as  Table  4.1.4.2-A  (taken  from  Reference  8). 

On  the  other  hand,  for  curved  wings  there  are  enough  test  data  available  for  a limited  substantiation 
of  the  method.  A comparison  of  test  data  for  four  curved-wing  configurations  with  x /cr 
calculated  by  this  method  is  presented  as  Table  4.1.4.2-B  (taken  from  Reference  8).  The  table  also 
includes  two  configurations  which  are  wing-body  combinations,  but  the  bodies  are  very  small  and 
the  wing  planform  projection  effectively  blankets  nearly  all  of  the  body.  All  the  wings  investigated 
have  straight  trailing  edges  and  one  reflex  curve  in  the  leading  edge.  The  ranges  of  Mach  number  and 
lift  coefficient  of  the  data  are: 


0.09  < M < 0.9 
0 <CL  <0.10 

Semple  Problems 


1.  Method  2 


Given:  The  following  straight-tapered,  constant-section,  low-aspect-ratio,  clipped-delta  configura- 
tion. 


A = 0.823  X = 0.18' 

NACA  2412  airfoil  M = 0.2 

Compute : 


ALE  = 73.5° 


a.c. 

C 


1 +7Tloge  (l  + 

-(1-018)+  1 [l  - (°-18)2  1 , /,  0.823 \ 
3 (l  u.18)  -y  j +0  ,8]  rrlog,  ^1  + — j-J 

l 0.823\ 

1 + ;r  loge  ^1  + -y  J 


(Equation  4.1.4.2-b) 


0.527 


. dC. 


= n - 


(Modified  form  of  Equation  4.1.4.2-a) 


' theory 


= 0.50  - 0.527  = -0.027 
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Constructed  Inboard-Panel  Characteristics: 


A,  = 1.14  X,  = 0.339  ALe.  = 60°  ATe  = 1 

(-•)  = 19.15  in.  S.  = 1285  sq  in.  (^c/2)i  = 

cr  = 50.10  in.  ct  = 16.98  in. 

Constructed  Outboard-Panel  Characteristics: 


A0  = 6.37 

XQ  = 0.213 

(il  - 40-83in- 

= 1047  sq  in. 

cr  - = 21.15  in. 

c = 4.50  in 

A,E  = 25° 

ATE  = 1.75° 

O 

O 

O 

(\,2)o  ■ 14.7» 

Ay  = 9.576  in. 

Additional  Characteristics: 

M = 0.13;  0 = 0.991  k = 1.0  (assumed) 

Compute: 

^CLh\  (Section  4.1. 3.2) 


(|32  + tan2  (A„(s),|»  - [ (0.991  )2  + (0.8662)2  ] * - 1.50 


N), 


= 1.39  per  rad  (Figure  4. 1.3.2-49) 


A.  = 1.39  (1.14)  = 1.58  per  rad 


A /, 


/x., 

if 


(A  tan  A.  F \ , = (1.14)  (1.7321)  = 1.975;  — -*■ = — 

\ / tanALE  1. 


0.991 


7321 


= 0.572 


fx 

f— = 0.452  (Figures  4.1. 4.2-26a  through -26e,  interpolated) 
c 
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I 


■“  ^ .1 


^C,  aj  • (Section  4. 1.3. 2) 


02  + tan2(Ac/2)oJ  * 


[(0.99 1)2  + (0.2623)2]  * = 6.53 


~ 0.715  per  rad  (Figure  4. 1.3.2-49) 


(0,71 5)  (6.37)  = 4.55  per  rad 


van  / 

/A  tan  A V = (6.37)  (0.4663)  = 2.97;  2 * M263  = 

\ )°  P 0.991 


(Figures  4. 1.4.2-26a  through  -26e,  interpolated) 


tan  Al£ 


tan  Ale 


(Equation  4.1.4.2-d) 


= (0.543) 


1 9, 1 5 
50.10 


(1.7321) 


= 0.802 


Solution : 


I 

i 


h \ 

4 


X 


(Equation  4.1.4.2-e) 


_ 1.58  (1285)  (0.452)  + 4.55  ( 1047)  (0.802) 
1.58  (1285)  + 4.55  (1047) 

= 0.697 


4.1 .4.2-1  1 


The  calculated  value  compares  with  a test  value  of  0.688  from  Reference  22. 


B.  TRANSONIC 

Rather  than  producing  linear  results  as  in  other  speed  regimes,  application  of  small-perturbation 
theory  to  the  transonic  regime  yields  a nonlinear  differential  equation.  This  means  that  at  transonic 
Mach  numbers  it  is  not  possible  to  evaluate  separately  the  effects  of  thickness,  camber,  and  angle  of 
attack,  and  then  to  add  the  individual  solutions  to  obtain  the  total  wing  lift  and  pitching  moment. 
The  contributions  of  each  of  the  above  parameters  are  interrelated,  and  the  wing  must  be  treated  as 
a unit.  Theoretical  solutions  in  the  transonic  speed  range  are  available  for  only  a few  specific 
planforms.  Most  of  the  available  information  on  the  transonic  characteristics  of  wings  is  in  the  form 
of  wind-tunnel  test  data.  As  discussed  in  detail  in  Section  4. 1.3. 2,  transonic  test  data  are  subject  to 
wind-tunnel  wall  interference  effects  and  must  be  used  with  caution. 

The  use  of  similarity  parameters  reduces  to  a minimum  the  number  of  charts  required  to  present 
test  data.  Similarity  parameters  are  derived  from  theoretical  considerations  and  are  subject  to  the 
limitations  of  the  theory  from  which  they  are  derived.  Although  the  form  of  the  parameters  may  be 
changed  by  rearranging  the  variables,  the  minimum  number  of  parameters  for  a given  theory  does 
not  change. 

From  the  nonlinear  equations  describing  transonic  flow,  it  can  be  shown  (Reference  9)  that  the 
minimum  number  of  parameters  necessary  to  present  complete  information  in  the  transonic  speed 
regime  is  one  greater  than  the  number  of  parameters  necessary  for  the  linear  theories  of  both  the 
subsonic  and  supersonic  speed  ranges.  1 his  means  that  the  number  of  charts  required  to  present 
information  at  transonic  speeds  is  one  order  of  magnitude  larger  than  the  number  required  for 
either  of  the  other  speed  ranges. 

Only  a limited  amount  of  work  has  been  done  in  organizing  transonic  test  data  by  means  of 
similarity  parameters.  The  most  extensive  effort  along  these  lines  is  given  in  Reference  10.  In  this 
reference,  test  data  from  50  rectangular  wings  of  differing  aspect  ratio,  airfoil  thickness,  and  airfoil 
section  are  correlated  by  means  of  transonic  similarity  parameters,  with  a high  degree  of  success. 

For  the  Datcom,  the  charts  of  Reference  10  for  rectangular,  symmetrical  wings  at  zero  angle  of 
attack  are  adopted  directly.  Charts  for  straight-tapered  wings  of  other  planform  shapes  are 
developed  by  applying  transonic  similarity  parameters  to  the  experimental  data  of  References  1 1 
through  15.  The  combined  charts  for  all  planforms  are  presented  as  Figures  4. 1 .4. 2 -30a  through 
4. 1.4.2-30d- 


These  transonic  charts  are  applicable  only  to  uncambered  straight-tapered  wings  with  symmetric 
airfoil  sections  at  low  angles  of  attack.  Wings  with  cambered  airfoils,  double-wedge  airfoils,  and 
airfoils  with  blunt  trailing  edges  show  different  transonic  moment  and  lift  characteristics. 

Wings  with  thickness  ratios  greater  than  about  7 percent  are  subject  to  shock-induced  separation 
effects  of  significant  magnitude.  These  effects  are  not  accounted  tor  by  small-perturbation  theory 
and  thus  cannot  be  handled  by  the  similarity  parameters  of  this  section.  Since  there  is  great 
similarity  between  the  effects  of  shock-induced  separation  on  moment  and  on  lift,  the  treatment  of 
separation-induced  moment  characteristics  in  this  section  is  based  on  the  procedure  of 
Section  4.  i .3.2  for  transonic  lift. 
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DATCOM  METHOD 


ty 


The  charts  of  the  Datcom  are  presented  in  terms  of  the  transonic  similarity  parameters  of 
Reference  10.  The  similarity  parameters  used  for  velocity  and  aspect  ratio,  respectively,  are 


V = 


(t/c)2/3 

The  corresponding  parameter  for  angle  of  attack  is 


and  A = A(t/c)1/3 


a 


a 

(t/c) 


However,  since  all  of  the  transonic  charts  of  this  section  are  for  low  angles  of  attack  such  that 
a **  0,  this  last  parameter  does  not  enter  into  the  calculations. 

Figures  4.1.4.2-30a  through  4. 1.4.2-30d  give  the  a.c.  location  for  symmetrical  straight-tapered  wings 
of  arbitrary  sweep  angle,  taper  ratio,  and  thickness  ratio.  For  rectangular  wings  a more  thorough 
presentation  of  a.c.  location  as  a function  of  the  velocity  parameter  V is  given  in 
Figure  4. 1.4.2-30d. 

The  following  steps  outline  the  calculation  procedure: 

Step  1.  Determine  the  aspect-ratio  similarity  parameter  A. 


Step  2.  For  the  appropriate  values  of  X,  A tan  ALE , and  A,  read  — — from  Figures  4.1.4.2-30a 

- 02  C' 

through  4.1. 4.2-30d  for  values  V = = -2, -1 , 0,  +1 . (Cross  plots  must  be 

(t/c)2/3 

made  between  taper  ratios  of  0.5  and  1.0.) 

Step  3.  Determine  the  Mach  numbers  corresponding  to  V = -2,  -1, 0,  +1. 


Step  4.  Calculate 


for  M = 0.6  and  M = 1 .4  as  outlined  in  the  straight-tapered-wing 


methods  of  Paragraphs  A and  C,  respectively,  of  this  section. 

Step  5.  The  complete  transonic  a.c.-location  curve  can  now  be  constructed  by  fairing  a curve 
through  the  points  obtained  by  means  of  Steps  1 through  4.*  (See  Sketch  (c)) 

Step  6.  The  slope  of  the  pitching-moment  curve  can  now  be  calculated  from  the  equation 

4.1.4.2-f 


= n - 


x \ c 

~)  ■=  CL 
C / C La 


where  C,  is  the  lift-curve  slope  at  transonic  speeds  obtained  from  Paragraph  B of 
Section  4. 1.3.2. 


•If  the  wing  under  consideration  he*  a thickness  ratio  greater  than  7 percent,  the  additional  Step  7 ii  required. 


4.1.4.2-13 


Determine  the  incremental  a.c.  location  accounting  for  separation  effects  — 

Cr 

from  Figure  4.1.4.2-33.  This  increment  is  applied  at  the  Mach  number  at  which  the 
transonic  lift-curve  slope  reaches  its  minimum  value  (Mft  + 0.07).  The  force-break 
Mach  number  Mft,  is  obtained  during  the  course  of  calculating  the  transonic  Q 
values.  Application  of  this  a.c.  increment  and  the  required  fairing  technique  are 
illustrated  in  Sketch  (c). 


1.0 

MACH  NUMBER 


SKETCH  fc) 

The  above  sketch  represents  the  a.c.  location  at  zero  angle  of  attack.  As  the  angle  of  attack  is 
increased,  the  bucket  in  the  curve  near  Mach  1 disappears  and  the  shape  is  more  like  the  dashed 
portions  of  Sketch  (c). 


Sample  Problem 


Given:  The  following  straight-tapered  wing: 

A = 4.0  X = 0.68  Ale  = 46.32°  Ac/2  = 43.6° 
NACA  63 AO  12  airfoil  cr/c  = 1.18  n = 1.09 

Compute: 

A = A(“)1/3  = (4.0)  (0.193)  = 1.972 
A tan  Ale  = (4.0)  (tan  46.32°)  - 4.19 


Determine  — : — for  V = -2, -1, 0.  and  1,  and  the  Mach  numbers  corresponding  to  V 
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V « „JL_  = f 

(t/c)2/3  (0.2433)  ’ 


M « J 1 +0.2433  V 


M, 

\Jl  + 0.2433  7 

a.c. 

Cr 

FI#.  4.1,4.2-30 

.716 

1.020 

.870 

1.055 

1.000 

1.055 

1.115 

1.080 

Determine  — — at  M = 0.6  and  1 .40 
c. 


M = 0.6;  jj  - 0.80;  9—~  = — — = 0.764 

tan  At.E  tan  46.32° 


r / M = 0.6 


- 1.05  (Figures  4. 1.4. 2-26d  through  -26f,  interpolated) 


M = 1.40;  p = 0.98;  2—  = — 9—  = 0.936 

tan  Ale  tan  46,32° 


( — . = 1.205  (Figures  4. 1.4.2-26d  through -26f,  interpolated) 

\ cr  / M = 1.40 

Since  (t/c)  > 0.07,  step  7 of  the  Datcom  method  is  required. 

(Mfb)  A - o “ 0.82  (Figure  4.1.3. 2-53a)  I Mfb  is  obtained  during  the  course  of 

calculating  C.  . It  is  shown  here,  since 
=0.88  (Figure  4. 1.3.2-53b)  a 

\ / the  calculations  for  C.  are  not  given. 

La 

A cos2Ac/2  - (4.0)  (cos  43. 6)2  = 2.10 

Ax»  c 

— — = -0.19  (Figure  4. 1.4. 2 -33).  This  correction  is  applied  at  Mfh  + 0.07  = 0.95 
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Construct  the  transonic  a.c.  curve  using  Sketch  (c)  as  a guide. 


Determine  C,  from  Paragraph  B,  Section  4. 1 .3.2  (see  calculation  table  below), 
a 

Solution: 
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C.  SUPERSONIC 


Methods  are  presented  for  determining  the  wing  aerodynamic-center  location  of  the  following  two 
classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  wings) 

Non-Straight-Tapered  Wings 

Double-delta  wings 

Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  three  general  categories  of  non-straight-tapered  wings  are  illustrated  in  Sketch  (a)  of 
Section  4. 1.3. 2.  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

As  is  the  case  at  subsonic  speeds,  the  supersonic  design  charts  also  present  information  that  is 
basically  that  of  Reference  2.  The  effects  of  Mach  number  have  been  ac  Jed  by  means  of  the 
Prandtl-Glauert  compressibility  correction,  and  the  resulting  design  charts  are  an  extension  of  those 
used  at  subsonic  spetus.  The  charts  are  directly  applicable  to  straight-tapered  wings.  In  treating 
non-straight-tapered  wings,  the  wing  is  divided  into  two  panels  and  the  individual  lift  and 
aerodynamic-center  location  for  each  panel  are  used  to  establish  the  aerodynamic-center  location 
for  the  composite  wing. 

The  design  charts  are  applicable  only  in  the  linear-lift  range.  Within  this  range  the  effects  of  camber, 
leading-edge  radius,  and  trailing-edge  angle  are  minor  in  regard  to  the  aerodynamic-center 
characteristics. 

Although  wing  profile  thickness  has  little  effect  on  the  supersonic  wing  normal-force-curve  slope  at 
low  angles  of  attack,  provided  the  Mach  lines  do  not  lie  near  the  wing  leading  edge  (Sections  4. 1 ,3.2 
and  4.1 .3.3),  the  situation  reprding  wing  pitching  moments  is  quite  different.  For  unswept  wings  of 
high  aspect  ratio  at  supersonic  speeds,  the  area  influenced  by  the  three-dimensional  flow  within  the 
tip  shock  cones  is  relatively  small  compared  to  the  large  area  between  the  tip  shocks,  where  the  flow 
is  two-dimensional.  Under  these  conditions  the  wing  moment  characteristics  are  closely  related  to 
the  two-dimensional  airfoil  characteristics.  In  Section  4. 1.2. 2 it  is  shown  that  for  airfoils  the 
aerodynamic  center  is  very  much  a function  of  thickness  ratio.  As  a first  approximation,  the  a.c. 
location  for  unswept  wings  at  supersonic  speeds  may  be  taken  as  that  of  the  corresponding 
two-dimensional  section. 

For  swept  wings  the  three-dimensional  flow  within  the  shock  cones  is  much  larger,  and  the  wing 
cannot  be  treated  as  two-dimensional.  Linear  theory  generally  gives  satisfactory  results  for  these 
wings. 

As  the  Mach  lines  approach  the  leading  edges  of  wings  at  supersonic  s >eeds,  the  lift  may  deviate 
considerably  fiom  linear-theory  lift.  These  deviations  (see  Section  4. 1.3. 2,  Paragraph  C)  are  caused 
by  the  finite  thickness  of  the  wing  leading  edge,  which  forces  the  leading-edge  shock  to  be  located 
at  a different  position  from  that  predicted  by  linear  theory.  For  delta  wings,  at  least,  these  effects 
on  lift  are  not  reflected  in  the  pitching  moments.  This  is  perhaps  due  to  the  fact  that  linear  theory 
predicts  the  same  a.c.  location  for  delta  wings,  whether  the  leading-edge  shock  is  attached  or 
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detached.  For  other  wings,  linear  theory  does  predict  minor  changes  in  a.c.  location  when  the 
leading-edge  shock  attaches.  In  general,  however,  it  appears  that  the  role  of  wing  thickness  in 
causing  deviations  from  linear  theory  at  the  sonic-leading-edge  condition  is  much  less  for  moments 
than  it  is  for  lift. 


DATCOM  METHODS 

Straight-Tapered  Wings 

The  aerodynarnic-center  location  of  swept,  straight-tapered  wings  at  Mach  numbers  greater  than  1.4 
is  obtained  from  Figures  4.1.4. 2-26a  through  4.1.4.2-261".  These  charts  give  the  a.c.  location  as  a 
fraction  of  the  wing  root  chord.  For  unswept  wings,  the  method  of  Section  4. 1.2. 2 for 
two-dimensional  sections  in  supersonic  flow  may  be  used. 

Non-Straight -Tapered  Wings 

The  method  presented  in  Paragraph  A for  predicting  the  aerodynamic-center  location  of 
non-straight-tapered  wings  is  also  applicable  at  supersonic  speeds.  The  normal-force-curve  slopes  of 
the  constructed  inboard  and  outboard  panels  are  obtained  from  the  straight-tapered-wing  design 
charts  of  Paragraph  C of  Section  4.1 .3.2  (Figures  4.1.3. 2-56a  through  4.1 .3.2-56f).  The  a.c. 
locations  of  the  constructed  inboard  and  outboard  panels,  measured  in  root  chords  of  the  respective 
panels,  are  obtained  from  the  supersonic  portion  of  Figures  4. 1 .4.2-26a  through  4. 1 .4.2-26f. 

Equation  4.1 .4.2-e  expressed  in  terms  of  the  normal-force-curve  slope  is 


(CN.),  s‘  + (Cn.)  s° 


where  xa  c /cr  is  the  aerodynamic  center  of  the  non-straight-tapered  wing,  measured  in  wing  root 
chords,aft  of  the  wing  apex. 

The  limited  availability  of  experimental  data  precludes  the  substantiation  of  this  method  for 
double-delta  and  cranked  wings.  No  experimental  wing-alone  cranked-wing  data  are  readily  available 
for  supersonic  speeds.  Test  data  for  one  wing-alone  double-delta  configuration  are  available 
(Reference  31).  This  method  predicts  the  a.c.  location  for  this  wing  to  within  about,  one  percent  of 
the  test  value. 

A comparison  of  test  data  for  three  curved-wing  configurations  with  xa  c /cr  calculated  by  this 
method  is  presented  as  Table  4.1.4. 2-C  (taken  from  Reference  8).  One  of  the  configurations  is  a 
wing-body  combination,  but  the  body  is  very  small  and  the  wing  planform  projection  effectively 
blankets  nearly  all  the  body.  All.  the  wings  investigated  have  straight  trailing  edges  and  one  reflex 
curve  in  the  leading  edge.  The  Mach-number  and  lift-coefficient  ranges  of  the  data  are: 

1.02  <M  « 2.60 

0<CL  <0.10 


4.1.4.2-18 


Sample  Problem 


Given:  The  ogee  wing-body  configuration  of  Reference  29.  Since  the  wing-planforin  projection 
blankets  nearly  all  of  the  body,  the  combination  is  treated  as  a wing-alone  configuration. 


Total-Wing  Characteristics: 

Aw  = 1.20  Ate  =0  crw  = 20.0  in, 

bw 

— = 6.0  in. 

t/c  = 0.05  (rhombic  wing  sections  — free-stream  direction) 
Constructed  Inboard-Panel  Characteristics: 

A,  = 0.407  X,  = 0.475  = 3.0  in. 

S.  = 88.5  sq  in.  c = 20.0  in.  c,  = 9.50  in. 

ri  *i 

Ale.  = 74.6° 

Constructed  Outboard-Panel  Characteristics: 

a;  = 1.57  xj  = 0 = 5.10m. 

Sq  = 66.3  sq  in.  c - = 13.0  in.  A,  p = 68.6° 

o Lto 

Ay  = 1.50  in. 

Additional  Characteristics: 


Compute: 


M - 1.82;  0 = I 52 


(CN (Section  4. 1 .3.2) 

^AtanALE^  = (0.407)  (tan  74.6°)  = 1.477 


1.52 


tan  A 
( tan  A 


le  . tan  74.6° 


= 0.419 


(CNa)  theory] 

|(CNu)theorv)i  tan  74.6° 


= 2.67  per  rad 


2.67 


= 0.736  per  rad 


(Figures  4. 1.3.2-56c  through  -56e,  interpolated) 
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N a theorv^J  I 


semiwedge  angle 


1 /°-05\ 

2 V 0.5  / 


74.6° 


(57.3)  = 10.8° 


AyL  • 5.85  tan  = 5.85  tan  10.8°  = 1.116 


= 1.0  (Figure  4.1.3.2-60) 


(c»4 


theory  li 


(c%), 


N) 


theory  li 


N 


theory  1 1 


= (1.0)  (0.736)  = 0.736  per  rad 


ft),  ■ * 


465  (Figures  4. 1.4.2-26a  through  -26e,  interpolated) 


N): 


(Section  4. 1.3. 2) 


/A  tan  Af  c \ ' = 1.57  (tan  68.6°)  = 4.01 


tanALEo  tan  68.6° 


= 0.596 


N) 


theory  lo 


= 4,92  per  rad  (Figure  4. 1.3. 2-56a) 


N- 


ttworv  j o tan  68.6° 


* 1 .93  per  rad 


C *1' 
Na 

N a)  thtory  o 


1 /0.05\ 

2 \ 0.5  I 


g - seniiwedge  angle  _ 2 V0.5  / ^ 3)  = 'j  35° 

1 cos  Ale  cos  68.6° 
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AyL  = 5.85  tan  fij.  = 5.85  tan  7.85°  = 0.807 


’a 


(%) 


N): 


e 


theory 

C 


= 0.965  (Figure  4.1.3.2-60) 


N) 


theory 


(M 


theory 


= 0.965  (1,93)  = 1.86  perrad 


C 


= 0.670  (Figure  4.1. 4.2-26a) 


(*M.) 


o _ /Xe.c.  \ ' / ro  \ Ay 

— - ( ) I I tan  A,e  + ~ — tan  A.  F (Equation  4.1. 4.2-d) 


c'  A V'J  \ 


o 2c , 


'i 


Of 


= (0.670) 


= 0.789 


IM  _ L12  (2.552)  + — (3.630) 

20.0  20.0  V ; 20,0  V ’ 


Solution: 


c. 


(c~«),s'  (f),  +(s):s»  Xs 


f-a),  S'  + (Cf4o)o  S- 


(Equation  4. 1 .4.2-e) 


_ (0.736)  (88.5)  (0.465)  +(1.86)(66.3)  (0.789) 
(0.736)  (88.5)  + (1.86)  (66.3) 


= 0.677 

The  calculated  value  compares  with  a test  value  of  0.693  from  Reference  29. 

D.  HYPERSONIC 

The  aerodynamic  center  of  flat-plate  straight-tapered  wings  approaches  *he  area-centroid  location  as 
the  Mach  number  becomes  large.  However,  the  interrelated  effects  of  viscosity,  heat  transfer,  and 
detached  shock  waves  due  to  blunt  leading  edges  cause  deviations  of  the  aerodynamic  center  from 
the  theoretical  values.  The  magnitude  of  these  effects  has  not  been  thoroughly  evaluated.  The 
hypersonic  method  of  this  section  is  based  on  linear  theory,  which  gives  the  location  of  the 
aerodynamic  center  at  the  area  centroid  for  high  Mach  numbers. 
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DATCOM  METHOD 


The  supersonic  portions  of  Figures  4.1.4.2-26a  through  4.1.4.2.-26f  give  the  a.c.  location  of  straight- 
tapered  wings  at  zero  angle  of  attack.  These  charts  are  derived  from  linear  theory  in  this  region. 
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FIGURE  4.1 .4.2-26  WING  AERODYNAMIC-CENTER  POSITION 
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TRANSONIC  SPEEDS 
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FIGURE  4. 1.4.2  -30  TRANSONIC  WING  AERODYNAMIC-CENTER  LOCATION 
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4.1. 4.3  WING  PITCHING  MOMENT  IN  THE  NONLINEAR  ANGEIvOF  ATTACK  RANGE 


01 


Methods  are  presented  herein  for  estimating  the  wing  pitching-moment  coefficient  in  the  nonlinear 
angle-of-attack  region.  In  the  subsonic  speed  regime  methods  are  presented  for  both  straight-tapered 
and  non-straight-tapered  wings.  No  generalized  methods  are  presented  in  the  transonic  or  supersonic 
speed  regimes.  However,  at  supersonic  speeds  a discussion  of  pitching-moment  characteristics  is 
given  for  rectangular  and  triangular  wings. 

A.  SUBSONIC 

At  subsonic  speeds  empirical  methods  an:  presented  for  predicting  the  pitching-moment 
characteristics  of  the  following  two  classes  of  wing  planforins- 

Straight -Tapered  L.ow-Aspect-Ratio  Wings 

Non-Straight-Tapered  Wings  (double-delta  wings) 

No  method  is  presented  for  evaluating  straight-tapered  wings  of  high  aspect  ratios,*  For 
high-aspect-ratio  wings  with  low  sweepback,  the  center-o (-pressure  location  beyond  the  linear-lift 
range  moves  aft,  tending  toward  the  wing  niidchord  at  full  stall.  The  magnitude  and  rate  of  this 
trend  are  variable,  depending  largely  on  the  particular  airfoil  section.  Insufficient  data  are  available 
to  predict,  even  from  a qualitative  standpoint,  the  pitching-moment  characteristics  of  moderately 
swept  lugh-aspect-ratio  wings  beyond  the  linear-lift  range. 

For  thin,  low-aspect-iulio  wings  there  exist  areas  of  How  separation,  even  at  moderate  angles  of 
attack.  Consequently,  for  these  wings  the  pitching-moment  curve  has  a tendency  to  become 
nonlinear  at  moderate  angles  of  attack. 

Two  methods  are  presented  for  low-aspect-ratio  straight-tapered  wings.  Method  I is  general  and  is 
applicable  to  most  low -aspect-ratio  planforins.  Method  2 is  more  restrictive  in  that  it  is  applicable 
only  at  M = 0.2  for  highly  swept,  constant-section,  low-aspect-ratio,  delta  or  clipped-delta 
configurations  with,  large  thickness  ratios:  i.e.,  0. 10  < t/c  < 0.30.  The  unique  feature  of  Method  2 is 
its  consideration  of  the  vortex-induced  lift  and  its  effect  upon  the  pitching  moment. 

DATCOM  METHODS 


Straight -Tapered  Wing- 


Method  I 

The  following  empirical  method  is  applicable  to  straight-tapered  wings  that  satisfy  the  following 
relationship: 


h 

A -4 

(C  j + I ) COS  A, 


‘Far  the  purpose:  of  this  section,  high  dspect-ratio  wings  are  those  for  which  A > — . wheit*  is  the  empirical  taper  - 

ratio  factor  front  Section  4. 1.3.4,  + ^ cos  'Ve 


where 


A is  the  wing  aspect  ratio. 

C,  is  the  empirical  taper  ratio  factor  obtained  from  Figure  4. 1.3.4- 24b  as  a function  of  wing 
taper  ratio. 


Ale  is  the  sweepback  angle  of  the  wing  leading  edge. 


The  wing  pitching-moment  coefficient,  based  on  the  product  of  the  wing  area  and  wing  MAC 
Sw  c^y  , referred  to  the  desired  eenter-of-gravity  location,  is  given  by 


4.1 ,4.3-a 


where 


n is  the  chordwise  distance  in  root  chords  from  the  wing  apex  to  the  desired 
center-of-gravity  location,  positive  aft. 

cr 

— is  the  ratio  ot  the  wing  root  chord  to  the  wing  mean  aerodynamic  chord, 
c 

CN  is  the  wing  normal-force  coefficient,  based  on  the  wing  area.  This  parameter  should  be 
obtained  from  test  data  if  available,  or  by  using  Equation  4.1 ,3-a,  i.e., 

CN  = CL  cosa  +CD  sina 


where 

is  the  wing  lift  coefficient  from  test  data  or  from  the  methods  of  Sections 
4.1 .3.1 , 4. 1.3. 2,  and  4. 1.3.3. 

CD  is  the  wing  drag  coefficient  from  test  data  or  from  Sections  4. 1.5.1  and  4. 1 .5.2. 
a.  is  the  wing  angle  of  attack. 

It  should  be  noted  that  in  the  absence  of  wing  drag  data,  the  normal  force  may  be 
approximated  (see  Section  4. 1.3. 3)  by 

cL 

CN  - — 

" cosa 


c p 

— — is  the  wing  center-of-pressure  location,  in  wing  root  chords,  measured  positive  aft  from 
C.  y 

r c.p. 

the  wing  apex.  Because  of  the  various  relationships  used  to  calculate  for  angles  of 

Cr 

attack  between  0 and  90°,  the  following  step-by-step  procedure  is  given  to  facilitate  the 

Xc.P, 

calculation  of versus  angle  of  attack. 
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Step  1 . 


Step  2. 


Step  3. 


Calculate  the  center-of-pressurc  location  at  zero  lift  The  center-of-pressure  location 
at  zero  lift  may  be  approximated  as  the  aerodynamic  center  of  a wing  with  a 
symmetrical  airfoil  section,  at  zero  angle  of  attack,  which  is  given  in  Section  4.1 .4.2 
as  a function  of  wing  planform  parameters. 

Calculate  the  center-of-pressure  location  at  maximum  lift  by 


4.1.4.3-b 


is  obtained  from  Figure  4.1 .4.3-2 la  as  a function  of  Ay,  tile 
airfoil  section  leading-edge  sharpness  parameter.  The  value  of 
Ay  can  be  obtained  from  Figure  2.2. 1 -8. 


is  obtained  from  Figures  4. 1 .4.3 -2 1 b and  -22a  as  a function  of 
wing  taper  ratio,  aspect  ratio,  and  leading-edge  sweepback. 

No  specific  Mach-number  correction  is  included,  because  the  experimental  data 
show  only  small  and  inconsistent  shifts  up  to  M ^ 0.6. 

Caution  must  be  exercised  when  applying  the  method  of  this  section  to  wings  having 
large  values  of  (C,  + I ) A cos  AL  E . Configurations  of  this  type  show  large  forward 
shifts  in  center-of-pressure  location  with  increasing  lift  coefficient.  This  forward 
shift  is  related  to  flow  separation  and  local  loss  of  lift  aft  of  the  area  centroid.  In 
situations  where  the  forward  shift  in  center  of  pressure  takes  place  over  a small  range 
of  lift  coefficients,  the  phenomenon  is  known  as  pitch-up.  Empirical  charts  have 
been  developed  to  define  approximate  boundaries  dividing  configurations  that  show 
pitch-up  from  those  that  do  not.  One  such  chart  is  presented  in  Figure  4.1.4.3-25. 

It  is  important  to  recognize  that  the  pitch-up  characteristics  for  any  given  wing  can 
be  strongly  modified  by  wing  twist  and/or  wing-leading-edge  devices.  An  extensive 
summary  of  information  on  pitch-up  control  devices  is  given  in  Reference  I . 

Because  of  their  dependence  on  separation  effects,  pitch-up  characteristics  are  also 
sensitive  to  Reynolds  number.  Lowering  the  Reynolds  number  aggravates  pitch-up 
tendencies,  and  raising  the  Reynolds  number  suppresses  them. 

The  charts  for  low-aspect-ratio  wings  apply  to  untwisted  symmetrical-section  wings 
at  Reynolds  numbers  near  6 x 106,  based  on  the  mean  aerodynamic  chord. 

Calculate  the  variation  of  center-of-pressure  location  between  a = 0 and 
tan  av 
Lmax 

0.6 
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a.  Determine  the  stability  index  from  Figure  4.1 ,4.3-22b  as  a function  of  the  wing 
taper  ratio,  aspect  ratio,  and  leading-edge  sweepback. 

b.  Determine  the  aspect-ratio  index  from  Figure  4.1.4.3-24a  as  a function  of  wing 
taper  ratio,  aspect  ratio,  and  leading-edge  sweepback. 


c.  Determine  the  values  of  A [ — — ) from  Figure  4. 1 .4.3-23a  or  -23b  as  a func- 

W3 

tan  (x^. 

tan  « Lma\ 

tion  ot  the  stability  index  and  the  ratio  ot or , respee- 

tan  a,,  tan  a 


/ c.p,\  tana 

tively.  (The  value  ot  Al at 1 is  zero.) 

\ c / tan  a- 
' ' 3 


Determine  the  values  of  Af — — J from  Figure  4.1.4.3-24b  as  a function  of 


L m a :<  tail  a 

the  aspect-ratio  index  and  the  ratio  of or .( I he  value  ot 

tan  a tan  a„ 


/ V p.  \ tana 

A I at = 1 is  zero.) 


e.  Determine  the  value  of  I ) by 

\ C'  / ref 


r /ref 


cot  a(. 
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where 


is  obtained  above  in  Step  2. 


is  the  angle  of  attack  at  maximum  lift  obtained  trom 
Section  4. 1 .3.4. 
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0~) 


CL  = 0 


is  the  zero-lift  center-o ('-pressure  location  from  Step 
above. 


f.  Using  the  above  parameters  determine  the  center-of-pressure  location  by 


C'  V .0 


cos  a + 


>'p. 1 

c.  / 


ref 


/.\  \ / X ^ 

a(-~)  + a[  — 

V c*  /,  \ c<  / 


sin  a1  4.1 ,4.3 -d 


Step  4.  Calculate  the  center-of-pressure  location  at  ar:  angle  of  attack  of  90°.  This  point  is  at 
the  area  centroid  and  is  found  by 


*c,p.  1 / 1 + oX\ 

= — I \ + o + 1 

c.  3 \ 1 + X / 
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where 


a = — A ( 1 +X)  tan  AL£ 


4.1.4.3-f 


where 

A 

X 


is  the  wing  aspect  ratio, 
is  the  wing  taper  ratio. 


Ale  is  the  sweepback  angle  of  the  wing  leading  edge. 


’ tan  a.. 


Step  5.  Calculate  the  center-of-pressure  location  between  a - tan 


0.(> 


and 


C'P’ 

o = 90°  by  assuming  a linear  variation  of . (The  center-of-pressure  locations 

cr 


'tan  or 


0, 


corrtSp0nciing  (y  of  = tan  * 
and  4,  respectively.) 


O.b 


and  a ~ 90°  are  obtained  from  Steps  3 


A comparison  of  test  data  with  w.ng  conter-of-pressuie  locations  computed  hy  the  use  of  the  above 
procedui e is  shown  in  ( able  4. 1 .4  J-A 

Method  2 

This  semieinpirical  method  is  taken  from  Reference  2,  ignoring  the  small  wing  planform  nose-radius 
effects.  The  semiempirical  method  W3s  developed  by  using  the  test  results  of  Reference  2, 
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correlated  with  the  theoretical  predictions  based  on  lifting-surface  theory.  Becausd  of  its 
sernierripirical  nature,  the  method  should  be  restricted  to  M = 0.2  conditions  for  highly  swept, 
constant-section,  low-aspect-ratio,  delta  or  clipped-delta  configurations  with  the  fallowing 
geometric  characteristics: 


0.58  < A <2.55 
J < X < 0.3 
63°  <Ale  <80° 

0.10  <t/c<  0.30 
Ate  = 0 


For  round-nosed-planform  configurations  the  reader  is  referred  to  Reference  2,  where  three 
different  pianform-nose-radius  models  were  tested.  No  incremental  nose-planform  effects  are 
presented  here  because  of  their  probable  configuration  dependence. 

This  method  essentially  accounts  for  the  effect  of  leading-edge  vortex-induced  lift  upon  the  pitching 
moment.  For  details  regarding  the  leading-edge  vortex-induced-lift  increments,  the  reader  is  referred 
to  Method  2 for  straight-tapered  planforms  in  Paragraph  A of  Section  4. 1.3.2. 


The  nonlinear  pitching-moment  characteristics,  taken  about  the  midpoint  of  the  wing  root  chord 
and  based  on  the  product  of  the  wing  area  and  root  ch<  rd  Swcr,  for  a given  angle  of  attack,  are 
estimated  by 


C 


m 
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where 


dC_ 


dC, 


is  the  pitching-moment-curve  slope  from  Method  2 of  Paragraph  A of  Section 
4.1 .4.2,  taken  about  the  root-chord  midpoint. 


C'L  is  the  basic  wing  lift  excluding  any  leading-edge  vortex-induced  effects,  at  the 

bailc  particular  angle  of  attack.  This  value  must  come  from  constructing  the  lift  curve 
using  Section  4. 1 .3. 1 for  the  determination  of  «0 , and  Method  2 of  Paragraph  A of 
Section  4.1 .3.2  for  the  determination  of  (Ci  ) 

“ basic 

C is  the  wing  zero-lift  pitching  moment  obtained  from  Method  2 of  Paragraph  A of 

0 Section  4. 1.4.1. 

ACm  is  the  pitching-moment  increment  about  the  root-chord  midpoint  due  to  the 
leading-edge  vortex.  This  parameter  is  evaluated  at  the  particular  angle  of  attack 
using 
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AC„ 


-0.367  ACl 

( 1 + cos2  Ale  )( 1 + X2 ) cos  (a  + $) 


where 

ACl  is  the  lift  increment  due  to  the  leading-edge  vortex  at  the  particular 
angle  of  attack  (see  Sketch  (b)  in  Section  4. 1.3.2).  This  value  is 
obtained  using  Method  2 of  Section  4. 1.3.2. 

Ale  is  the  wing  leading-edge  sweep. 

X is  the  wing  taper  ratio. 

a is  the  wing  angle  of  attack. 

6 is  the  angle  between  the  airfoil  chord  line  and  a line  connecting  the 

airfoil  trailing  edge  to  the  airfoil  maximum  upper-surface  ordinate 
(see  Sketch  (a)). 


No  substantiation  of  this  method  is  possible  because  of  the  lack  of  low-aspect-ratio  test  data  having 
wing  thickness  ratios  of  0. 1 0 < t/c  < 0.30. 

Non-Straight-Tapered  Wings  (Double  Delta) 

The  empirical  method  (taken  from  Reference  3)  presented  herein  is  applicable  only  to  double-delta 
wings.  This  method  should  be  applied  with  caution  because  it  is  based  on  a limited  amount  of  test 
data.  The  test  data  used  in  the  formulation  of  the  method  were  obtained  for  double-delta  planforms 
having  the  following  geometric  limitations: 

60°  < Ale.  <83° 

38°<Ale  <60° 

0.2  < 0.7 
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The  majority  of  the  test  data  used  in  the  method  formulation  are  wing-body  test  data,  where  the 
body  effects  have  been  ignored.  The  use  of  wing-body  data  can  be  justified  because  the  data  exhibit 
large  values  for  the  ratio  of  wing  span  to  body  diameter  . nd  because  of  the  scarcity  of  wing-alone 
double-delta  test  data. 

For  a double-delta  wing,  the  pitching-moment  coefficient,  based  on  the  product  of  wing  area  and 
wing  MAC,  referred  to  the  desired  reference-center  location,  is  given  by 

/ Xa.c.\ 

C = C +C.  (n  - K 1 

m mo  L V m cr  / 


- 4.1.4.3-i 

c 


where 


Cm  is  the  zero-lift  wing  pitching-moment  coefficient  obtained  from  test  data  on  a similar 

configuration  or  from  Section  4. 1.4.1. 

CL  is  the  wing  lift  coefficient  obtained  from  test  data  or  from  Sections  4. 1.3.1, 4. 1.3.2 

and  4.1. 3. 3. 

n is  the  chordwise  distance  in  root  chords  from  the  wing  apex  to  the  desired 

reference-center  location,  positive  aft. 

Km  is  the  empirical  nonlinear  pitching-moment  factor,  obtained  from  Figures 
4.1.4.3-26a  through  -26f  as  a function  of  angle  of  attack,  Mach  number,  and  wing 
leading-edge  sweepback. 


x 


a.c. 


C 


r 


is  the  distance  from  the  wing  apex  to  the  aerodynamic  center  measured  in  root 
chords,  positive  aft.  This  parameter  is  obtained  from  test  data  or  from  the 
double-delta-wing  method  of  Section  4. 1.4.2. 


3 is  the  ratio  of  the  root  chord  to  the  wing  mean  aerodynamic  chord, 

c 


No  substantiation  table  of  this  method  is  presented,  because  all  available  test  data  were  used  in  the 
method  formulation.  However,  a sample  problem  is  presented  to  illustrate  the  method. 


Sample  Problems 


ri 


1.  Method  1 

Given:  Conventional,  straight-tapered  wing  of  Reference  4. 


A - 3.0 

X = 0.143 

NACA  65A003  airfoii 

Ale  = 51.3° 

M = 0.6 

C,  = 0.94  ar  = 22° 

max  ^ L 

max 

3 = 0.240  ft  cr  = 0.353  ft  n = 0.572 
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a 

{deg) 

CL 

r 1 — — 

CD 

0 

0 

0.006 

8 

0.48 

0.070 

12 

0.68 

0.145 

14 

0.76 

0.192 

IQ 

0.82 

0.237 

18 

0.88 

0.300 

20 

0.92 

0.340 

22 

0.94 

0.385 

28 

0.88 

0.475 

The  variations  cf  C,  and  Cn  with  a,  Ct „ v , and  ocr , have  been  taken  from  the  test  data  of 
L D Lmix’ 

Reference  2 to  facilitate  the  calculations. 

Compute: 

6 

Determine  if  the  straight-taper-wing  method  is  applicable;  i.e.,  if  A < — . 

(C,  + 1 ) cos  Ale 

Cj  = 0.36  (Figure  4.1. 3.4-2 4b) 

6 

A<  (1.36X0.6252) 

<7.06 


The  aspect  ratio  of  this  configuration  is  3.0;  therefore,  the  method  is  applicable  to  this 
particular  configuration. 


Determine  the  normal-force  coefficient  using  Equation  4.1.3-a,  i.e., 
CN  = CL  cos  a + CD  sin  a 


a 

CL 

cos  a 

CD 

sin  a 

CN 

0 

0 

1.0 

0,006 

0 

0 

8 

0.48 

0.9903 

0.070 

0.1392 

0.485 

12 

0.68 

0.9781 

0.145 

0.2079 

0.695 

14 

0.76 

0.9703 

0.192 

0.2419 

0.784 

16 

0.82 

0.9613 

0.237 

0.2756 

0.854 

18 

0.88 

0.9511 

0.300 

0.3000 

0.930 

20 

0.92 

0.9397 

0.340 

0.342C 

0.981 

22 

0.94 

0.9272 

0.385 

0.3746 

1.016 

28 

0.88 

0.8829 

0.475 

0.4695 

1.000 
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Determine  the  center-of-pressure  location  at  zero  lift 


A tan  A,  F = (3.0)(1.2482)  = 3.7446 


0 = J\  - M2 


= J 1 -0.36 


= 0.80 


tanALE  1.2482 


— = 0.635  (Figure  4.1.4.2-26,  interpolated) 

^'cL-o 


as  0.635 


Determine  the  center-of-pressure  location  at  maximum  lift 


Ay  = 0.6  (Figure  2.2. 1-8) 


= 0.55  (Figure  4. 1.4.3-21  a) 

<C’/i 


C,  = 0.28  (Figure  4. 1. 4.3 -2 lb) 


(C3  + 1 ) A tan  Ale  = (1.28)(3.0)(  1.2482)  = 4.78 


A{—)  = 0.045  (Figure  4. 1.4.3-22a) 

W2 


(<\ 

U/. 


(Equation  4.1.4.3-b) 


= 0.55  + 0.045 


= 0.595 
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Determine  the  variation 
/tanou  \ 


a = tan" 


0.6 


of  the  center-of-pressure  location  between  a 


0 


= 33.95° 

Stability  Index  = 1.2  (Figure  4.1.4.3-22b) 

A cos  Al e = (3.0)(0.6252)  = 1.8756 
Aspect-Ratio  Index  = 0. 1 7 (Figure  4. 1 .4.3-2 4a) 


<x 

tan  a 

4Xc-b-) 

tan  a 

CL 

max 

v‘- 1 

Fig.  4.1.4,3-23a 

' 4 

Fig.  4.1.4.3-24b 

8 

0.348 

-6.20 

0,058 

12 

0.526 

-0.12 

-0.02 

14 

0.617 

-0.07 

-0.04 

16 

0.710 

-0.03 

-0.05 

18 

0.804 

0.02 

-0.06 

20 

0.901 

0.01 

-0.03 

22 

1.0 

0 

0 

28 

0.76* 

-0.09  •* 

0.15 

( 


ref 


since- 

max 


(Equation  4.1.4.3-c) 


0.595 

0.3746 


- 0.635  (2.475) 


= 0.0168 


This  valee  is  the  reciprocal,  i.e., 
’From  Figure  4.1.4.3-23b. 


tan  a_ 

Lma» 
tan  or 


0.76. 


and 
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Calculated 


SKETCH  (b) 


2.  Method  2 

Given:  The  following  constant-section,  low-aspect-ratio,  clipped-delta  configuration  at  a - 20°. 
A = 0.823  A = 0.1 8 ALE  * 73.5°  NACA  241 2 airfoil 

M - 0.2  (9=0  6 =6.80° 


C, 


Oil 


"in 


dC. 


dC 


L 


= 0.0205  per  deg 
= 0 0272  per  deg 
= 0.0325  per  deg 

= 0.222 

- 0.467 

= 0.009 1 

= -0.0252 


(Sample  Problem  1 Method  2 
Paragraph  A Section  4. 1.3.2) 


(Sample  Pioblern  2 Section  4. 1.4.1) 


(Sample  Problem  1 Section  4. 1 .4.2) 
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(.Equation  4.1 .4.3-h) 


AC  = 


-0.367  AC, 


( 1 + cos2  Ale  ) ( 1 + X2 ) cos  (a  + ff) 

(-0.367)  (0.088) 

(1  + 0.0806)  (1  + 0.0324)  (0.8926) 

= -0.0324 

/dc”\ 

‘\^[J  CWC”o+iC»' 

= (-0.0243)  (0.449)  - 0.0091  - 0.0324 
= -0.0524  phased  on  SyyCj,  about 


(Equation  4.1 .4,3-g) 


3.  Double-Delta  Wing 


Given:  The  double-delta  planform  of  Reference  5. 


(c"o)WB  = 00,6  !r'  = UJ5  "(t)  = 104 


a 

4deg) 

CL 

0 

-0.06 

4 

0.10 

8 

0.29 

12 

0.51 

16 

0,74 

20 

0.96 

Compute: 


0 = v/f  - M2 


- V 1 - 0.0225 


- 0,989 


M = 0.15 
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B.  TRANSONIC 


No  generalized  handbook  method  for  estimating  transonic  values^of  the  wing  pitching-moment 
coefficient  in  the  nonlinear  angle-of-attack  region  is  available  in  the  literature.  For  double-delta 
planforms  it  is  suggested  that  the  method  presented  in  Paragraph  A of  this  section  for  double-delta 
planforrns  be  applied  with  caution. 

C.  SUPERSONIC 

No  general  method  exists  for  predicting  the  supersonic  pitching  moments  for  wings  at  high  angles  of 
attack.  For  this  reason  no  charts  on  this  subject  are  presented  in  this  section.  However,  a discussion 
of  two  particular  types  of  configuration  may  provide  some  guides.  The  two  configurations  discussed 
are  rectangular  and  triangular  planforms. 

Rectangular  Wings 

For  rectangular  wings  in  supersonic  flow  at  low  angles  of  attack  there  are  two  principal  flow 
regimes  - flow  within  the  influence  of  the  tip  shock  waves  and  flow  at  the  center  section.  Flow 
within  the  influence  of  the  tip  shock  waves  is  essentially  conical  in  nature,  and  flow  at  the  wing 
center  section  is  two  dimensional. 


TWO-DIMENSIONAL 

FLOW 


V~TAN~‘  ~i/  / 
\ * ' 


TAN"  A?  \ 


X \\ 


CONICAL 

FLOW 


RECTANGULAR  WINGS 


■CONICAL 

FLOW 


/ L A \ 

TRIANGULAR  WINGS 


For  the  wing  center  section,  then,  two-dimensional  pitching-moment  characteristics  apply.  These 
are  summarized  in  Section  4. 1.2.2. 

The  effect  of  the  tip  influence  on  the  three-dimensional  wing  is  to  force  the  center-of-pressure 
location  forward. 

The  pitching-moment  characteristics  of  rectangular  wings  in  supersonic  flow  may  be  summarized  as 
follows: 

1 . At  low  angles  of  attack  the  center-of-pressure  location  moves  aft  with  increasing  angle  of 
attack,  according  to  two-dimensional  theory. 

2.  For  situations  where  the  tip  influence  is  large  compared  to  that  of  the  two-dimensional 
region,  the  center-of-pressure  location  moves  forward  with  increasing  angle  of  attack. 
Trailing-edge  separation  on  the  wing  center  section  also  produces  this  effect. 
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3.  For  angles  of  attack  beyond  that  at  which  the  wing  leading-edge  shock  detaches,  the 
center-of-pressure  location  moves  aft  with  increasing  angle  of  attack,  At  an  angle  of 
attack  of  90°  the  wing  center-of-pressure  location  is  at  the  area  centroid. 

These  variations  of  the  center-of-pressure  location  with  angle  of  attack  are  illustrated  experi- 
mentally in  the  data  of  Reference  13. 


Triangular  Wings 

For  triangular  wings  the  flow  is  conical  over  the  entire  wing.  Two  conditions  apply  — subsonic 
leading  edges  and  supersonic  leading  edges.- 

Triangular  Wing  with  Subsonic  Leading  Edges 

When  the  triangular  wing  has  leading  edges  swept  well  within  the  Mach  cone,  slender-body  theory 
applies.  Slender-body  theory  makes  no  distinction  between  subsonic  and  supersonic  speeds; 
therefore,  the  supersonic  triangular-wing  characteristics  should  be  very  similar  to  the  subsonic 
triangular-wing  characteristics.  This  is,  in  fact,  the.  case  and  supersonic  triangular  wings  with 
subsonic  leading  edges  show  a slight  forward  shift  in  center-of-pressure  location  with  angle  of  attack 
that  is  remarkably  similar  to  the  subsonic  shift.  An  illustration  of  this  similarity  is  provided  by  a 
comparison  of  the  supersonic  data  of  Reference  14  with  calculated  subsonic  characteristics  of  the 
same  wing. 

Triangular  Wings  with  Supersonic  Leading  Edges 

For  triangular  wings  with  supersonic  leading  edges,  the  center-of-pressure  location  changes  very 
little  with  angle  of  attack.  This  is  to  be  expected,  since  the  aerodynamic-center  location  at  zero 
angle  of  attack  is  at  the  area  centroid,  which  is  also  the  center-of-pressure  location  at  an  angle  of 
attack  of  90  degrees.  Because  shock  waves  separate  from  the  leading  edges  of  triangular  wings  at 
relatively  low  angles  of  attack  (a  result  of  sweep  effects;  see  Section  4. 1.3.3),  the  center  of  pressure 
will  never  be  far  from  the  area  centroid.  Reference  1 5 gives  the  center-of-pressure  variation  of  a 
delta  wing  with  supersonic  leading  edges. 
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TABLE  4.1 4.3-A 

SUBSONIC  WING-CEN  rER  OF  PRESSURE  POSITION  OF  STRAIGHT-TAPERED  WINGS 
DATA  SUMMARY  AND  SUBSTANTIATION 


Raf 

A 

<d«g) 

A 

Airfoil 

Section 

Ay 

M 

n x 

kT6 

Tan  o 

a 

(d«g) 

/\.P.\ 

a 

Percent 

Error 

Tan  csc 

L max 

^ C'  ^calc 

l u / 

' 1 'Test 

6 

3.5 

63 

0. 

25 

64A006 

1.27 

0.1 

8.0 

0 

0 

1.145 

1.123 

2.0 

0.2 

7.6 

1.231 

1,181 

4.2 

0.4 

15.0 

1.109 

1.070 

3.6 

0.6 

21.9 

1.024 

0994 

3.0 

0.8 

28.1 

0.992 

0973 

2.0 

L 



1,0 

33.8 

0 989 

0.983 

0.6 

r 7 

3 

9.5 

0.6 

63A004 

0.87 

0.6 

1.4 

0 

0 

0.265 

0.295 

— 10.2 

0.2 

2.85 

0.264 

0.253 

4.3 

0.4 

6.7 

0.284 

0.273 

4.0 

0.6 

3.5 

0.307 

0.293 

4.8 

0.8 

11.3 

0.340 

0.340 

0 



L 

1.0 

14.0 

0.3S5 

0.386 

-5.4 

> 

3 

18.6 

0.33 

63A004 

0.87 

0.6 

r ,.4 

0 

0 

0.275 

0.319 

-13.8 

0.2 

3 4 

0.288 

0.289 

-0.3 

0.4 

6 75 

0.320 

0.301 

6.3 

0.6 

10.1 

0.341 

0.344 

-0.9 

0.8 

13.4 

0.363 

0.373 

-2.7 

t 

1.0 

16.5 

0.375 

0.388 

-3.4 

> 

4 

18.5 

02 

63A004 

0.87 

0.8 

1.4 

0 

0 

0.32 

0.329 

-2.7 

0,2 

3.07 

0.318 

0.310 

2.6 

0.4 

6.1 

0.335 

0.328 

2.1 

0.6 

9.1 

0.35 

u.352 

-0.6 

0,8 

12.1 

0.364 

0.377 

-3.4 

1.0 

15.0 

0.370 

0.396 

-6.6 

SUBSONIC  SPEEDS 


FIGURE  4.1.4.3-21  a SUBSONIC  CENTER-OF-PRESSURE  LOCATION  AT  MAXIMUM 
LIFT  — EFFECT  OF  LEADING-EDGE  SHAPE 


FIGURE  4.1. 4.3-2 lb  TAPER-RATIO  CORRECTION  FACTOR 
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4.1.5  WING  DRAG 


4.1. 5.1  WING  ZERO-LIFT  DRAG 


The  total  zero-lift  drag  or  “profile”  drag  of  a wing  is  usually  considered  to  be  composed  of  two  parts, 
skin-friction  drag  and  pressure  drag.  This  division  of  drag  is  applicable  in  all  speed  regimes  except  the  free- 
molecular-flow  regime,  where  the  normal  concept  of  skin  friction  does  not  apply. 

Skin  Friction 

Skin-friction  drag  is  caused  by  shearing  stresses  within  the  thin  layer  of  retarded  air  on  the  surface  of  the 
body  known  as  the  boundary  layer.  The  boundary  layer  arises  from  the  resistance  of  the  viscous  fluid  to  the 
motion  of  the  body  passing  through  it.  Friction  drag  is  extremely  important,  since  it  accounts  for  most  of 
the  drag  at  subsonic  speeds  and  can  be  a major  portion  of  the  drag  at  high  supersonic  and  hypersonic  speeds. 

The  amount  of  viscous  resistance  depends  greatly  on  whether  the  flow  is  laminar  or  turbulent,  that  is, 
whether  the  paths  of  the  fluid  particles  remain  in  parallel  layers  or  move  in  a chaotic  or  fluctuating  fashion 
from  layer  to  layer.  The  Reynolds  number  and  the  shape  of  the  pressure  distribution  determine  whether 
the  flow  over  the  wing  is  laminar  or  turbulent  or  a mixture  of  both.  For  practical  considerations,  transition 
from  laminar  to  turbulent  flow  on  a straight  wing  can  be  assumed  to  occur  at  a Reynolds  number  of 
approximately  one  million,  based  on  distance  from  the  leading  edge.  This  usually  corresponds  to  a position 
close  to  the  leading  edge.  Transition  will  occur  at  an  even  lower  Reynolds  number  on  a swept  wing. 
Accordingly,  the  methods  presented  for  the  subsonic,  transonic,  and  supersonic  regimes  are  for  a fully 
turbulent  boundary  layer.  In  the  hypersonic  regime,  however,  the  boundary  layer  is  more  likely  to  be 
laminar,  because  of  the  low  Reynolds  numbers  associated  with  flight  in  the  upper  flight  corridor. 

Pressure  Drag 

At  subsonic  speeds  pressure  drag  is  usually  small  compared  to  skin-friction  drag.  It  is  caused  by  the  dis- 
placement thickness  of  the  boundary  layer,  which  prevents  full  pressure  recovery  at  the  trailing  edge.  At 
transonic  and  supersonic  speeds,  pressure  drag  is  identified  with  wave  drag  and  is  quite  significant. 

A.  SUBSONIC 

Methods  for  predicting  subsonic  zero-lift  drag  for  wings  are  necessarily  empirical  and  are  commonly  based 
on  streamwise  airfoil  thickness  ratio.  The  most  frequently  used  method  appears  in  chapter  VI  of  reference 
1 and  in  such  standard  references  as  reference  2.  The  Datcom  method  is  essentially  that  of  reference  1 , but 
it  has  been  refined  by  applying  a lifting-surface  correlation  factor  from  reference  3 which  accounts  for  the 
increased  Reynolds-number  length  due  to  spanwise  flow. 

The  Datcom  method,  taken  from  reference  3,  is  applicable  to  the  following  two  classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee  wings) 
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DATCOM  METHOD 


The  subsonic  wing  zero-lift  drag  coefficient,  based  on  the  reference  area  Ste  f , is  given  by 

S.. 


wet 


ref 
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where 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  from  figure  4. 1 .5. 1 -26  as  a function  of  Mach 
number  and  the  Reynolds  number  based  on  the  reference  length  C.  Figure  4.1.5,1-27  is  used 
in  conjunction  with  figure  4. 1.5.1-26  to  determine  Cf.  Figure  4.1 .5.1  -27  presents  the 
admissible  roughness  fi/k  as  a function  of  the  Reynolds  number  based  on  the  reft'ence  length. 

£ is  the  reference  length  in  inches- for  a wing  (or  wing  pane!  in  the  case  of  composite 
wings)  the  length  of  the  mean  aerodynamic  chord  ~c. 

k is  the  surface-roughness  height  in  inches;  it  depends  upon  surface  finish.  Repre- 
sentative values  for  this  parameter  can  be  obtained  from  table  4.1  5. 1-A. 

The  ratio  £/k  is  computed  and  figure  4.1.5. ! 77  r used  to  obtain  the  cutoff  Reynolds 
number.  If  the  cutoff  Reynolds  number  is  great  *,  than  the  computed  Reynolds  number  for 
the  specific  configuration,  the  value  of  Cf  is  obiutned  from  figure  4 1.5.1  -26  at  the  com- 
puted Reynolds  number.  If  the  cutoff  Reynolds  number  is  less  than  the  computed  Reynolds 
number,  the  value  of  Cf  is  obtained  from  figure4.1.5.1-26at  the  cutoff  Reynolds  number. 

— is  the  average  streamwise  thickness  ratio  of  the  wing  (or  wing  panel  in  the  case  of  composite 

c wings). 

L is  the  airfoil  thickness  location  parameter.  L 1.2  for  (t/c)m^x  located  at  x,  £ 0.30c. 

L = 2.0  for  (t/c)m>x  located  at  xt  < 0.30c  (xt  is  the  chordwise  position  of  maximum 
thickness). 

S , is  the  wetted  area  of  the  wing  (or  wing  panel  in  the  case  of  composite  wings), 
is  the  reference  aiea. 

Rl  s is  the  lifting-surface  correction  factor  obtained  from  figure  4. 1 .5.  l-28b  as  a function  of  the 
Mach  number  and  the  cosine  of  the  sweep  angle  of  the  airfoil  maximum  thickness  line  of  the 
wing  (or  wing  panel  in  the  case  of  composite  wings).  The  solid  curves  of  figure  4. 1.5.1  -28b 
were  developed  in  reference  4 from  wing-alone  test  data  for  conventional  trapezoidal  plan- 
forms  (including  delta  wings)  having  round-nosed  airfoil  sections.  The  dashed  curves  of  figure 
4. 1.5.1 -28b  are  from  reference  3 and  are  arbitrary  in  the  sense  that  no  experimental  data  are 
available  to  justify  their  use. 

Figure  4.1.5. 1 -28b  is  used  in  the  following  manner: 
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Conventional  trapezoidal  planforms 
(including  delta  wings) 


Read  value  from  solid  curves. 


\.s.  \ 


r Read  value  from  solid  curves  for 
outboard  panels. 


Non-straight-tapered  wings 


' Read  value  from  dashed  curves  for 
inboard  panels  when 
cosA,., . < 0.65. 

WC,Ifl*X 


Non-straight-tapered-wing  geometric  parameters  are  presented  in  Section  2.2.2. 

In  treating  non-straight-tapered  planforms  equation  4. 1.5. 1 -a  is  applied  to  both  the  inboard  and  the  out- 
board panels  separately  (based  on  a common  reference  area)  and  then  summed.  Curved  planforms  are 
approximated  by  combinations  of  trapezoidal  panels,  in  which  case  two  such  panels  are  usually  sufficient 
to  give  a satisfactory  result. 

For  convenience,  the  bracketed  term  in  equation  4. 1 .5.1-a  is  presented  in  figure  4.1.5. 1- 28a  as  a function 
of  t/c  and  L.  It  should  also  be  pointed  out  that  the  last  term  in  equation  4. 1.5. 1 -a  represents  the  pres- 
sure drag  of  the  wing. 


Sample  Problem 


Given:  The  cranked  wing  of  reference  23. 


NACA  63A006  airfoil  (x,  @ 0.35c) 


= 25° 

O 

A«/C>nu*0 

18.  r 

= 5.824 

S0  * 4,665 

sq  ft 

Inboard  Panel: 

NACA  63A004.5  airfoil  (x,  @ 0.35c) 

(t/c).  = 0.045 

(f)  . l.594f, 

Ale.  = 60° 

= 484° 

\ = 0.339 

c = 4.175  ft 

ri 

Aj  = 1.14 

Sj  = 8.91  sq  ft 

(Swe,j.=  17.82  sq  ft 


c;  = 3.02  ft 

2.606  ft  (t/c)o  = 0.06 

\ = 0.265  cr  = 1.415  ft 

(Swe,)0  - 9'”  sq  ft  r0  ■ 0.996  ft 
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Additional  Characteristics: 


M = 0.13  Rg  * 0.90  x 106  per  ft  Smooth  surface  (assume  k = 0) 

Snf  = “ 13.575  sq  ft 

Compute: 

Inboard  Panel 

Rg  - (0.90  x 106)  (Cj)  = (0.90  x 106)(3.02)  = 2.718  x 106 
— * ® ; read  at  calculated  Rg 
(C{^  = C 00372  (figure  4.1.5.1-26) 

[ 1 + L0+  1OO0J  ] = 1.053  (figure  4. 1.5.1 -28a,  for  L = 1.2) 

COS  A,,. , = cos  48.4°  = 0.6639 

wc,m«x1 

(R LS)  * 0.934  (figure  4. 1.5.1 -28b) 


17.82 

13.575 


1.313 


Outboard  Panel: 

Rg  = (0.90  x 106)(co)  = (0.90  x 1 06)  (0.996)  = 0.896  x I06 
JL  - 00  ; read  ^0  at  calculated  Rg 

(0  = 0.0045 1 (figure  4. 1.5. 1 -26) 


1 + L 


(ih  '<) 


cos  A, 


(t /«)„ 


- 1.072  (figure  4.1.5. l-28a,  for  L=l.2) 
cos  18.1°  = 0.9S05 


(Rl.s)  = 1.067  (figure  4. 1.5. 1 -28b) 

(S~)o 


C.33 

13.575 


0.687 
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Solution: 


bm 

£ 

K.  '■ 

kv-. 


'1 


k 

(:> 

K- 

* ’ < 

N 


E;: 

r* 


r-'. 


B 

y 

trr 


Vj 


s ** 


S = W,  + (C°o)0 

(Cro)  “ (Cf),  1 +L('?)+  l00(i)  (RL5.).  V—'  (equation  4.1. 5. U) 

= (0.00372)  (1.053)  (0.934)  (1.313)  = 0.00480 

, /S  \ 

(S>)/  (Cf)o  1 + L (7)  + 100  (7)  o (Rl.s.)0  ~~  (equation  4. 1.5.1 -a) 

= (0.00451)  (1.072)  (1.067)  (0.687)  = 0.00354 
(0.00480) + (0.00354)  = 0.00834 


“0 

This  compares  with  a test  value  of  0.0086  from  reference  23. 

B.  TRANSONIC 

♦ 

The  transonic  range  varies  greatly  with  airfoil  shape  and  thickness,  but  for  the  purposes  of  consistency 
with  the  bulk  of  the  Datcom  it  can  be  considered  to  begin  at  approximately  M = 0.6  and  to  end  at 
M = 1 .2.  The  drag  rise  which  marks  the  actual  beginning  of  the  transonic  range  occurs  when  the  local 
Mach  number  on  some  part  of  the  wing  exceeds  1 .0  and  shock  waves  form  on  the  surface. 

Because  of  the  mixed  flows,  drag  in  the  transonic  range  does  not  lend  itself  either  to  simple  theoretical  or 
to  experimental  analysis.  As  in  the  subsonic  regime,  the  total  zero-lift  drag  can  be  separated  into  two  parts- 
skin  friction  drag  due  to  viscous  forces  and  “wave”  or  pressure  drag  due  to  the  viscous  dissipation  asso- 
ciated with  the  formation  of  shock  waves  on  the  wing. 

In  the  lower  transonic  range  the  shock  waves  are  essentially  normal  to  the  surface  and  serve  to  decelerate 
local  supersonic  flow  back  to  subsonic  values.  In  the  upper  transonic  region  there  are  two  shocks,  a bow 
shock  ahead  of  the  airfoil  and  a trailing-edge  shock  located  near  the  trailing  edge.  When  the  bow  shock 
attaches  itself  to  a sharp-nosed  airfoil,  the  entire  How  field  over  the  surface  becomes  supersonic,  thus  end- 
ing the  transonic  region.  For  round-nosed  airfoils  the  end  of  this  range  is  less  clearly  defined,  but  it  occurs 
when  the  bow  wave  stands  very  close  to  the  nose  and  supersonic  flow  predominates. 

Skin  Friction 

Although  it  might  be  reasoned  that  skin  friction  should  be  increased  for  subsonic  compressible  flow 
(lower  transonic  range)  because  of  the  relatively  higher  local  velocities,  experimental  results  show  little 
increase  in  drag  due  to  viscosity.  This  is  probably  due  to  the  compensating  effects  of  Reynolds  number 
and  Mach  number  as  well  as  unpredictable  changes  in  the  transition  point  throughout  the  Mach  number 
range.  Therefore,  for  the  purpose  of  the  Datcom  the  skin-friction  drag  will  be  assumed  to  be  constant  and 
equal  to  the  subsonic  value  at  M = 0.6  throughout  the  transonic  range. 

Wave  Drag 

For  a given  airfoil,  it  is  possible  to  estimate  the  critical  Mach  number  and  subsequent  drag  rise  accurately. 
However,  the  variables  involved  in  a wing  design  that  affect  the  manner  in  which  the  shock  waves  develop 
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on  the  surface,  and  hence  the  drag-rise  characteristics,  are  many.  They  include  not  only  sweep,  aspect  ratio, 
taper  ratio,  and  thickness  ratio,  but  also  the  variations  between  root  and  tip  in  thickness,  position  of  maxi- 
mum thickness,  incidence,  and  leading-edge  geometry.  Also,  wings  designed  to  fly  transonically  usually 
include  some  treatment,  often  made  by  contouring  the  fuselage,  to  minimize  the  “kink”  effect  at  the  root 
and  tip.  A wing  can  be  designed  to  become  critical  from  root  to  tip  at  the  same  time  and  have  a flat  drag 
curve  with  a delayed  abrupt  steep  drag  rise.  Another  wing  can  be  designed  which  has  an  identical  planform 
and  the  same  average  thickness  ratio  but  has  an  entirely  different  shock  development,  producing  a very 
gradual  drag  rise  starting  at  a much  lower  Mach  number. 

For  this  reason,  it  is  very  difficult  to  correlate  data  in  this  region  even  on  the  basis  of  similarity  parameters. 
The  method  presented  here  should  be  used  only  for  first-order  approximations  on  wings  of  relatively 
simple  geometry.  For  cases  where  the  design  is  aimed  at  optimizing  transonic  characteristics,  detailed 
analysis  of  the  isobar  development  on  the  wing  must  be  made,  in  order  to  arrive  at  a reasonable  drag 
estimate. 

Since  the  transonic  range  begins  when  the  first  shocks  form  on  the  wing  and  ends  when  supersonic  flow 
predominates,  the  amount  of  wave  drag  varies  from  zero  at  the  lower  speed  to  a peak  value  at  the  higher 
speeds  within  this  range.  From  the  standpoint  of  drag  analysis,  it  is  therefore  convenient  to  relate  this 
increase  in  drag  to  several  parameters.  These  are  discussed  below. 

The  Mach  Number  for  Drag  Divergence 

The  free-stream  Mach  number  at  which  sonic  velocity  is  first  attained  on  some  portion  of  the 
wing  is  called  the  "theoretical  critical  Mach  number.”  However,  since  experimental  evidence 
indicates  that  there  arc  no  abiupt  changes  in  foice  characteristics  until  the  critical  Mach  num- 
ber is  exceeded  by  a substantial  amount,  it  is  usual  to  define  the  Mach  number  at  which  the 
drag  starts  to  increase  rapidly  as  the'drag-divergence  Mach  number.  It  is  further  arbitrarily 
defined  in  the  literature  as  the  Mach  number  at  which  the  numerical  value  of  the  slope  of  the 
curve  of  CD  vs  M is  0.10. 


MD 


Q.:0 
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The  Maximum  Wave-Drag  Increment  and  the 
Mach  Number  at  Which  It  Occurs 

For  two-dimensional  airfoils,  the  peak  wave  drag  occurs  near  M = 1.0.  Linear  theory  predicts 
a p-essure  coefficient  inversely  proportional  to  (1  - M2)  in  high  subsonic  flow  and 
(M2  1}  in  supersonic  f>'w;  thus  > .’heating  a maximum  value  near  1.0.  In  practice,  however, 

the  magnitude  of  this  peak  and  the  Mach  number  at  which  it  occurs  vary  greatly  with  airfoil 
thickness,  section  shape,  aspect  ratio,  and  sweep;  consequently,  no  reliable  method  has  been 
devised  tc  predict  these  values  accurately. 

The  most  useful  tools  available  for  correlating  data  in  estimating  wave  drag  in  the  transonic  range  are  the 
von  Karman  similarity  laws  (reference  S).  These  laws  state  that  for  two-dimensional  flow,  the  flow  pattern 
over  two  airfoils  must  be  the  same  if  the  value  of  (t/c)1  ^ 1 1 - M2  1 has  the  same  value  for  each  airfoil. 
Hence,  if  drag  is  known  for  one  wing  section  as  a function  of  Mach  number,  the  corresponding  quantity  for 
similar  sections  can  be  computed  by  the  simple  relation  CD  oc  (t/c)5^.  Extensions  of  these  laws  have  been 
made,  by  Busemann  and  Spreiter  to  include  three-dimensional  effects  (references  6 and  7). 

The  Datcom  method  is  applicable  only  to  conventional,  trapezoidal  planforms. 
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DATCOM  METHOD 


The  zero-lift  drag  coefficient  of  conventional,  trapezoidal  planforms  over  the  transonic  speed  regime  is 
approximated  by  the  following  steps: 

Step  1 . Determine  the  skit, -friction  drag  coefficient  at  M = 0,60  by 
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remaining  parameters  arc  defined  in  the  Datcom  method  of  paragraph  A.  This  value, 
calculated  at  M = 0.6,  is  assumed  to  be  constant  throughout  the  transonic  region. 

Step  2.  Determine  the  wave-drag  coefficient  CD  at  transonic  Mach  numbers  for  an  unswept 

w 

wing  and  construct  the  curve  of  CD  vs  Mach  number  for  the  appropriate  thickness 

and  aspect  ratio  from  figure  4.1.5.1-29.  Values  of  (t/'c)1/3  and  (t/c)5/3  are  given 
below  to  facilitate  calculation: 


t/c 

(t/c),/3 

(t/c)5'3 

0.12 

0.493 

0.0293' 

0.11 

0.479 

0.0754 

0.10 

0.464 

0.0217 

0.09 

0.448 

0.0181 

0.08 

0.431 

0.0148 

0.07 

0.412 

0.0118 

0.06 

0.392 

0.0092 

0.05 

0.368 

0.0068 

0.04 

0.342 

0.00468 

0.03 

0.31 1 

0.00292 

0.02 

0.271 

0.00147 

Step  3.  From  the  curve  of  CD  vs  M,  read  r 


„ ’ 
pc»k  Ac/4  - c 


, and 


Mn  . . The  Mach  number  for  drag  divergence  Mn  is  obtained  by  a graphical 

Ac/4_0  Ac/4  ‘ 0 

interpretation  of  equation  4. 1 .5. 1-b;  i.e.,  Mn  is  read  at  the  point  of  tangency  to 

Ac/4*° 

the  Ce  vs  M curve  of  a line  whose  slope  is  dCD/dM  = 0.10. 


Step  4.  For  a wing  having  sweep,  convert  values  from  the  straight -wing  curve  as  follows: 

Mr 


M„ 


DAc/,-o 


Ae/4‘n  (cosn),/2 


4.1.5.1-d 


Cc  * CD  (cos  n)r5 

V,kAc/4“»  Wp"kAc;4.0 


4.1.5.1-e 
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4.1.5.1-f 


c/4’ 


(cos  n)1/2 


Step  5.  Construct  the  curve  of  CD  vs  M for  the  swept  wing  by  using  the  values  determined  in 
step  4 and  the  straight-wing  curve  of  CD  vs  M to  aid  in  fairing. 

W 

Step  6.  The  zero-lift  drag  coefficient  is  obtained  by  adding  the  constant  value  of  skin-friction  drag 
coefficient  determined  in  step  1 to  the  wave-drag  over  the  transonic  speed  range  deter- 
mined in  step  2 for  unswept  wings  or  in  step  S for  swept  wings. 

CD  = CD  + CD  4.1.5.1-g 

u0  °t 

Sample  Problem 

Given:  The  zero-taper-ratio  wing  of  reference  24. 

A * 4.0  X * 0 Ac/4  * 14.5°  Swe|  ■ 1.390  sq  ft 

NACA  63AQ06  airfoil  (x,  @ 0.35c) 

Additional  characteristics: 

Rn  = 1.4  x 1 04  (based  on  7)  S„f  - = 0.695  sq  ft 

St -0.6  w 

Smooth  surface  (assume  k «=  0) 


Compute: 

Determine  the  skin-friction  drag  coefficient. 


“ = ® ; read  Cf  at  given  Rj  at  M * 0.6. 


0.0042  (figure  4. 1.5. 1 -26) 
S„ 


/ t \1  WCt 

CDf  * Cf  1 + L^~ jj- — (equation 4.1.5. 1-c) 


0.0042(1  +(1.2)  (0.06)) 


1.390 

0.695 


* 0.0090  (based  on  Sw ) 

Determine  and  construct  the  variation  of  Cn  with  Mach  number  for  an  unswept  wing. 
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= (4.0)(0.392)  = 1.568 


© 

© 

© 

© 

M 

co 

CD 

w 

(3)  (0.0092) 

\/lM2-  1 1 

W 

(,/c>5/3 
fig.  4.1.5.1-29 

<«/c>,/3 

0.85 

1.34 

0.07 

0.00064 

0.90 

1.11 

0.58 

0.0053 

0.92b 

0.97 

1.10 

0.0101 

0.95 

0.80 

1.95 

0.0179 

0.975 

0.57 

2.75 

0.0253 

1.00 

0 

3.02 

0.0278 

1.05 

0.82 

3.10 

0.0285 

1.10 

1.17 

3.12 

0.0287 

1.15 

1.45 

3.13 

0.0288 

vs  M for  the  unswept  wing  (sketch  (a)). 
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Read  the  following  values  from  ths  curve  of  CD  vs  M for  the  unswept  wing. 

u W 

Mn  = 0.875 

DAc/4*° 

CD  = 0.029 

^ = 1.10 

Dw^ac/4  = 0 

Apply  sweep  corrections 


Mn 

md  0 Ac/r° 

DAc/4=.14.5°  - 


0.875 


(cos  14.5°)1/2  (0.9681)1'2 


= 0.889  (equation  4.1 .5.1 -d) 


CD  ■ CD  (cos  14.50)2-5  (equation  4. 1.5.1  -e) 

W**A„4-14J® 


= (0.029)  (0.968 1)2  5 
= 0.0267 


M, 


CD„ 


3w  k (cos  14.5°)1/2 


(equation  4,1.5.1-f) 


1.10 


(0.9681  )1/2 
= 1.12 

Construct  the  curve  of  Cn  vs  M for  the  swept  wing  using  the  straight-wing  curve  to  aid  in  fairing. 

uw 

Solution: 

Cj.  = CD  + CD  (equation  4. 1.5.1 -g) 

u0  uf  uw 
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C.  SUPERSONIC 


Skin  Friction 

At  supersonic  speeds  it  can  be  shown  theoretically  that  an  increase  in  Mach  number  results  in  a decrease 
in  the  skin-friction  coefficient  at  constant  Reynolds  number.  This  variation,  when  zero  heat  transfer  is 
assumed,  is  due  primarily  to  the  variations  in  temperature  and  density.  In  actual  cases,  where  the  airplane 
is  transmitting  heat  to  the  boundary  layer,  or  where  the  aircraft  is  cooled  to  a point  where  heat  from  the 
boundary  layer  is  transmitted  to  the  skin,  the  reduction  in  skin-friction  coefficient  becomes  a function  of 
the  heat-transfer  condition.  The  full  reduction  in  skin  friction  at  supersonic  Mach  numbers  is  justified 
only  when  stabilized  conditions  and  zero  heat  transfer  are  attained.  Therefore,  to  obtain  accurate  super- 
sonic skin-friction  coefficients,  it  is  necessary  to  know  the  heat-transfer  conditions  on  various  portions  of 
a flight  vehicle  throughout  its  mission.  Since  this  information  can  be  obtained  only  by  detailed  analysis, 
some  assumptions  regarding  the  skin  friction  are  usually  made.  For  flights  of  long  duration,  equilibrium 
(zero  heat  transfer)  is  generally  assumed.  For  transient  flight,  the  skin-friction  coefficient  will  vary 
between  the  incompressible  value  and  that  for  zero  heat  transfer.  Another  important  consideration  for 
estimating  the  skin-friction  drag  at  supersonic  speeds  is  the  Reynolds-number  variation  throughout  the 
flight  regime.  The  design  chart  used  in  the  Datcom  method  presents  the  turbulent  skin-friction  coefficient 
on  an  insulated  flat  plate  as  a function  of  Mach  number  and  Reynolds  number. 

Wave  Drag 

Numerous  theories  are  available  for  calculating  the  wave  drag  of  wing  planforms  at  supersonic  speeds.  No 
attempt  is  made  to  discuss  all  of  these  theories  and  their  limitations;  however,  table  4.1 .5.1 -B  presents  a 
summary  of  various  planforms  for  which  solutions  exist.  In  general,  the  well-known  linear  supersonic  theory 
has  proved  useful  in  indicating  the  trends  of  wing  wave  drag  for  the  majority  of  conventional,  tapered, 
trapezoidal  planforms  with  subsonic  leading  edges  (see  reference  8). 

In  discussing  the  flow  regions  over  a wing,  the  following  general  classifications  are  convenient  (see 
sketch  (c)). 

Subsonic  Wing  Leading  Edge— If  the  leading  edge  of  the  wing  is  swept  behind  the  Mach  cone,  the 
velocity  component  normal  to  the  leading  edge  is  subsonic  and  hence  the  leading  edge  is  said  to  be 
subsonic. 

Supersonic  Wing  Leading  Edge- If  the  leading  edge  is  forward  of  the  Mach  cone,  the  normal  velocity 
component  is  supersonic  and  the  wing  is  said  to  have  a supersonic  leading  edge. 

Similar  terminology  can  be  applied  to  the  wing  trailing  edges.  For  either  subsonic  or  supersonic  leading 
edges  the  region  inside  the  Mach  cone  is  called  the  “conical  flow”  region.  In  this  region  r!.e  velocity  compo- 
nents are  constant  along  rays  emanating  from  the  apex  and  the  flow  is  not  influenced  by  the  presence  of 
the  tip  or  trailing  edge. 

When  the  leading  edge  is  supersonic,  the  region  outside  the  Mach  cone  is  called  the  “two-dimensional  flow” 
region  and  the  velocity  distribution  in  this  region  is  identical  to  that  of  an  infinite  wing  having  the  same 
leading-edge  sweep. 


M > 1 


SUBSONIC  L.E, 
j3  cot  A < 1 


M >1  M >1 


SUPERSONIC  L.E. 
0 cot  A > 1 


SKETCH  (c) 


It  should  be  pointed  out  that  due  to  the  approximations  of  linear  theory,  kinks  occur  in  the  drag  curves 
when  lines  across  which  the  flow  is  turned  become  sonic,  namely,  leading  and  trailing  edges  and  ridge  lines 
of  polygonal  sections.  These  kinks  do  not  occur  in  practice,  since  they  correspond  to  flow  conditions  for 
which  linear  theory  is  no  longer  valid. 

The  Datcom  method  for  estimating  supersonic  wave  drag  is  taken  from  reference  3 and  is  based  on  the 
results  that  have  been  obtained  from  linear  supersonic  theory  for  the  two-dimensional  case. 

The  Datcom  method  is  applicable  to  the  following  two  classes  of  wing  planforms: 

Straight-Tapered  Wing^  lconventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wirgs 


DATCOM  METHOD 

The  wing  zero-lift  drag  coefficient  at  supersonic  speeds,  based  on  the  reference  area  Srcf,  is  given  by 

CD  = CD  + CD  4.1.5.1-h 

D0  Df  Dw 

where  Cn  and  C..  are  the  supersonic  skin-friction  drag  coefficient  and  the  supersonic  wave-drag 

coefficient,  respectively,  both  based  on  a common  reference  area,  and  determined  in  the  following 
manner: 


4.1.5.1-13 


Skin-Friction  Drag  Coefficient 


The  supersonic  skin-friction  drag  coefficient  is  given  by 


for  a conventional,  trapezoidal  planform,  and 


for  a non-straight-tapered  planform. 
where 
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is  the  turbulent  flat-plate  skin-friction  coefficient  from  figure  4.1 .5.1-26  as  a function  of 
Mach  number  and  the  Reynolds  number  based  on  the  reference  length  £ . The  reference 
length  £ is  the  mean  aerodynamic  chord  of  the  wing  (or  wing  panel  in  the  case  of  composite 
wings).  Figure  4.1.5.1-27  is  used  in  conjum  tion  with  figure  4.1.5.1-26  to  determine  C,.  The 
procedure  for  determining  Cf  is  fully  expl  lined  in  the  Datcom  method  of  paragraph  A. 


— is  the  ratio  of  the  wetted  area  of  the  wing  (or  wing  panel  in  the  case  of  composite  wings)  to 

^ref  the  reference  area. 

The  subscripts  i and  o refer  to  the  inboard  and  outboard  panels,  respectively,  of  composite  planforms. 

Curved  planforms  are  approximated  by  combinations  of  trapezoidal  panels,  in  which  case  two  such  panels 
are  usually  sufficient  to  give  a satisfactory  result. 

Non-straight-tapered  wing  geometric  parameters  are  presented  in  Section  2.2.2. 

V vW*/ 

Wave-Drag  Coefficient 

The  form  of  the  equation  for  the  supersonic  wave-drag  coefficient  is  in  accordance  with  the  results  that  have 
been  obtained  from  linear  supersonic  theory  for  the  two-dimensional  case.  The  effects  of  changes  in  wing 
planform  and  variable  thickness  ratio  are  accounted  for  by  defining  an  effective  thickness  ratio  and  comput- 
ing the  wave-drag  coefficient  on  a basic  planform  shape.  A distinction  is  made  between  wings  with  sharp- 
nosed airfoil  sections  and  wings  with  round-nosed  airfoil  sections. 

WingsWith  Sharp-Nosed  Airfoil  Sections 

For  wings  with  sharp-nosed  airfoil  sections 


K/t\2  Sb 


w P sre( 

when  the  leading  edge  of  the  basic  wing  is  supersonic  ^ 0 cot  AlE  a 1 and 
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The  subscript  bw  refers  to  the  basic  wing  (straight  leading  and  trailing  edges),  and 

Sbw  is  the  area  of  the  basic  wing  - for  conventional,  trapezoidal  planforms,  the  total  wing  area. 
The  selection  of  the  basic  planform  for  non-straight-tapered  wings  is  arbitrary,  but  should 
deviate  as  little  as  possible  from  the  actual  wing.  Typical  non-straight-tapered  wings  and  the 
basic  planforms  used  in  wave-drag  estimations  are  illustrated  in  sketch  (d). 
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BASIC  PLANFORM 
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DEFINITION  OF  BASIC  PLANFORMS  OF  NON-STRAIGHT-TAPERED 
WINGS  FOR  SUPERSONIC  WAVE-DRAG  ESTIMATION 

SKETCH  (d) 

is  the  effective  thickness  ratio  (for  a conventional,  trapezoidal  planform,  use  the 
average  thickness  ratio  (t/c)av).  For  a nonstraight-tapered  planform  the  effective  thick- 
ness ratio  is  defined  in  terms  of  the  basic  planform  and  is  given  by 
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C 'eft 
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where  cbw  is  the  chord  of  the  basic  wing.  Note  that  in  the  numerator,  the  chord  of  the  actual 
wing  and  the  chord  of  the  basic  wing  both  appear,  The  denominator  is  one-half  the  planform 
area  of  the  basic  wing,  so  that  p . 

* 4 v2 
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Numerical  integration  of  the  integrand  in  the  numerator  is  illustrated  in  the  sample 
problem. 

Ale  is  the  leading-edge  sweep  of  the  basic  wing. 


K is  a constant  factor  for  a given  sharp-nosed  airfoil  section.  For  basic  wings  with  variable 
thickness  ratios  the  K factor  is  based  on  the  airfoil  section  at  the  average  chord.  K 
factors  for  sharp-nosed  airfoils  are  presented  in  the  following  table; 


SHARP-NOSED  AIRFOILS 


Basic  Wing 

Airfoil  Section 

K 

■ ■ — — — 

Se  i 

, - 

Biconvex 

16 

T 

Double  Wedge 

c/xt 

1 - xt/c 

Hexagonal 

c(c  - X2) 

X,  X3 

X1  -*}* * X2 

r®  c •H 

Wings  With  Round-Nosed  Airfoil  Sections 

Wings  with  round-nosed  airfoil  sections  exhibit  a detached  bow  wave  and  a stagnation  point,  and  the 
pressure-drag  coefficient  increases  as  a function  of  Mach  number  in  a manner  similar  to  the  stagnation 
pressure.  Consequently,  a constant  value  of  K cannot  be  used  for  basic  wings  with  round-nosed  airfoils. 

The  wave-drag  coefficient  of  wings  with  round-nosed  airfoil  sections  is  approximated  by  adding  the  pres- 
sure drag  of  a blunt  leading  edge  to  the  wave  drag  of  the  basic  wing  with  an  assumed  sharp  leading  edge. 
By  assuming  a biconvex  shape  aft  of  the  leading  edge,  the  wave  drag  of  a round-nosed  leading-edge  wing 
is  given  by 
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when  the  leading  edge  of  the  basic  wing  is  supersonic  cot  ALE  > lj,  and 
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when  the  leading  edge  of  the  basic  wing  is  subsonic  ^ cot  A,^  < lj. 

The  second  terms  on  the  right-hand  side  of  equations  4.1 .5.1  -n  and  4.1 .5.1 -o  are  the  wave-drag  coeffi- 
cients of  the  basic  wing  with  sharp-nosed,  biconvex  airfoils  at  the  appropriate  leading-edge  condition,  and 


'le 


is  the  pressure-drag  coefficient  on  a swept,  cylindrical  leading  edge  obtained  as  a function 

of  the  Mach  number  and  the  leading-edge  sweep  of  the  basic  wing  from  figure 

4. 1.5. l-30a  or  figure  4. 1.5.1  -30b.  The  term  ^2rLE  bbw/cosALE  ) is  the  frontal  area 

of  the  leading  edge,  For  basic  wings  with  variable  thickness  ratios  the  leading-edge  radius 


l.E 


bw 


is  the  radius  of  the  section  at  the  average  chord. 


The  correlation  of  cylindrical  leading-edge  pressure-drag  coefficients  is  derived  in  reference  19  and 
has  been  substantiated  over  the  Mach  number  range  from  0.5  to  8.0  and  for  sweep  angles  from  0 to 
75°. 

Sample  Problem 

Given:  The  double-delta  wing  designated  6-67-67,  of  reference  25. 

Actus:!  Wing  Characteristics: 


A * 2.42 
Ate  = -47.38° 


X = 0.086 
Ate  = 26.62° 


ALE.  = 70.67° 


'EE, 


= 12.0  in. 


= 51.63° 
t?b  = 0.40 


Syj  = Stef  = 238  sq  in.  — varies,  ^see  sketch  (e)j 

Inboard-  and  Outboard-Panel  Characteristics  (skin-friction  drag  calculations): 


Inboard  panel: 


cr  = 26,58  in. 


Sj  = 1 65  sq  in. 

Outboard  panel: 

ct  - 7.77  in. 

O 

S = 73  sq  in. 


X j - 0.293 
(S*.,),  = 330  sq  in. 


C. 


18.9  in. 


XD  - 0.2995 


c„  = 5.54  in. 
0 


(Swct)o 


= 146  sq  in. 
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Basic  Wing  Characteristics  (wave-drag  calculations): 


= 11.43  in. 


= 51.63° 


= 12.0  in. 


= 26.62° 


Sbw  = 146.6  sq  in. 


Airfoil  Characteristics: 

Hexagonal,  sharp  leading  edge 

- h - 2i  = 1 ( 

c c c 3 

Additional  Characteristics: 


(t/c).  = 0.06  (constant) 


M = 2.01;  0 = 1.744  Smooth  surface  (assume  k = 0) 
Rg  = 3.35  x 106  per  ft 


Compute: 


Skin-friction  drag  coefficient 
Inboard  panel 


\ 


((8  9\ 

■ 5.28  x 10s 

— = m ; read  |cf^  at  calculated  Rg 
(cf)  - 0.00255  (figure  4.1.5.1-26) 


Outboard  nanel 


Rg  * (3.35  x 106)(To)  « (3.35  x 106)  * '-55x  1q6 

~ » <0  ; read  (c}j  at  calculated  Rg 
| C{ ) ■ 0.00318  (figure  4.1.5.1-26) 


>,  ■ (c')i 
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(equation  4.1.5.1-j) 
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/ 330\  / 1 46 \ 

' <00025!)  fei)  * <00M18’  (s?) 


= 0.00548  (based  on  Sref) 


Wave-drag  coefficient 


c(c-x2)  1 (’  “ 3) 

K = = — ^ ±L  - 6.n 


Determine  (t/c)tff 

The  thickness  distribution  of  the  actual  wing  and  the  chord  distribution  of  the  basic  wing 
are  shown  in  sketch  (e). 
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SEMISPAN  STATION  y (in.) 

THICKNESS  DISTRIBUTION  (ACTUAL  PLANFORM) 


SKETCH  (e) 

Sketch  (f)  shows  |(t/c)2  cbwj  versus  spanwise  position. 


Graphical  integration  of  this  curve  gives 


/ & 


chw  <*y  = 0.220  sq  in. 
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j3  cot  A,  „ = ( 1 .744)  (cot  5 1.63°)  = i .381  (supersonic  leading  edge) 
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(equation  4.1 ,5,1-k) 


/ 6.0  \ , /146.6\ 

(tmi)  (°  °i48>  Hjt) 


= 0.00636  (based  on  Sfef) 


Solution: 


c - c + c 


(equation  4.1 ,5.1-h) 
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= (0.00548)  + (0.00636) 


= 0.01184  (based  on  Sief) 


D.  HYPERSONIC 

The  characteristics  of  hypersonic  flow  differ  from  those  of  supersonic  flow  in  that 

1 . The  shock  waves  in  hypersonic  flow  lie  close  to  the  body  causing  a strong  boundary- laycr- 
shock-wave  interaction  vhich  exerts  an  important  influence  on  the  flow  field.  The  boundary 
layer  in  hypersonic  flow  may  be  10  to  100  times  thicker  than  at  low  speeds;  consequently, 

a change  in  the  effective  body  shape  results, which  in  turn  brings  about  a change  in  the  shape 
of  the  nose  shock  wave. 

2.  High-temperature  gas  effects  become  evident  at  hypersonic  speeds. 

3.  The  flow  becomes  essentially  nonlinear  in  nature. 

4.  Hypersonic  similarity  exists.  It  has  been  shown  that  at  hypersonic  Mach  numbers  the  potential 
flow  of  similar  airfoils  is  dynamically  similar  if  the  product  j3(t/c)  is  a constant. 


An  approximate  criterion  for  defining  hypersonic  flow  is 


I , 


0—  >0.5 
c 

Since,  in  hypersonic  flow,  0 is  very  close  to  M,  the  relationship  M(t/c)=  K(  is  used  as  the  hypersonic 
similarity  parameter. 

Because  cf  the  nonlinearity  of  hypersonic  flow,  approximate  methods  of  estimating  force  charac- 
teristics are  very  desirable.  Among  the  methods  used,  Newtonian  and  modified  Newtonian  theory  have 
proved  quite  useful.  Newtonian  theory  (reference  20)  is  based  on  the  assumption  that  the  shock 
coincide:  with  the  wing  surfaces  and  that  no  friction  exists  between  the  wing  and  the  shock  layer. 

The  fluid  particles  ahead  of  the  wing  are  not  disturbed  until  they  encounter  the  wing  surface,  at  which 
pointthc  - lative  momentum  norma!  to  the  surface  is  lost  and  the  tangential  flow  has  no  further  change 
in  velocity,  in  this  case,  the  air  may  be  visualized  as  composed  of  discrete  particles,  which,  after  impact, 
travel  parallel  to  the  surface.  When  the  particles  reach  the  free-stream  direction,  they  leave  the  surface, 
giving  essentially  zero  pressure  on  the  leeward  side. 

4.1.5.1-21 
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DATCOM  METHOD 


f • 


The  drag  at  zero-lift  is  approximated  by  the  drag  of  the  forward-facing  surface.  Typical  values  of  CD  J2r2 

for  a wedge,  as  predicted  by  Newtonian  theory,  arc  presented  in  the  following  table  from  reference  20. 

(r  is  one-half  the  thickness  ratio  of  the  forward-facing  surface).  It  is  to  be  noted  that  the  drag  can  be 
reduced  as  much  as  one-half  by  optimization  of  the  shape  behind  the  initial  wedge  angle. 


TYPICAL  VALUES  OF  Cn  FOR  A WEDGE 
°0 

Two-Dim*ntion«l 


(R«f*r*nc*  20) 


SIMP* 

1 

2C°0 

2 T2  0 

— 

% 

(C°»L.W. 

W*dg* 

1.000 

2.000 

0.864  Pow*r 

0.918 

1.836 

Prop*.  Optimum 

0.770 

1.540 

Abvoiutt  Optimum 

0.600 

1.000 

Not*  th*t  Cn  h b*Md  cwi  frontal  *r*». 
°0 


Detailed  discussions  of  optimization  methods  are  given  in  reference  20. 

E.  RAREFIED  GAS 

In  the  previous  speed  regimes  it  is  assumed  that  the  air  behaves  as  a continuum.  At  very  high  altitudes, 
however,  where  very  low  densities  are  encountered,  the  actual  molecular  structure  of  the  air  becomes 
extremely  important.  Figure  4. 1 .5.1-32  presents  a qualitative  division  of  the  various  regimes  of  gas 
dynamics.  It  is  to  be  noted  that  the  region  of  rarefied  gases  is  further  divided  into  regions  of  varying 
amounts  of  rarefaction;  i.e.,  “slip  flow”  or  slightly  rarefied,  “transition”  or  moderately  rarefied,  and 
“free-molccule  flow”  or  highly  rarefied. 


Slip  Flow 

The  slip-flow  region  is  of  most  interest  to  the  aircraft  and  missile  designer.  In  this  region  continuum 
theory  becomes  questionable,  and  satisfactory  analytical  results  are  uncommon,  since  the  effects  of  slip 
flow  are  usually  masked  by  large  compressibility  and  viscous  effects.  Figure  4.1.5.1-33  (reference  21 ) 
presents  test  data  points  for  skin  friction  in  slip  flow  compared  with  incompressible  theory  for  con- 
tinuum flow  (reference  22).  It  should  be  noted  that  in  the  subsonic  case  the  test  data  are  generally  lower 
than  the  theoretical,  while  at  supersonic  speeds  they  are  generally  higher.  This  tends  to  confirm  the 
theory  that  skin  friction  in  the  slip-flow  regime  is  affected  by  two  interrelated  phenomena,  the  inter- 
action of  the  thick  boundary  layer  with  the  inviscid  flow  and  the  slip  at  the  surface.  The  former  is  more 
important  at  the  higher  densities,  gradually  giving  way  to  the  latter  for  densities  extending  into  the 
transition  regime. 
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Transition  Flow 


Present  knowledge  about  the  transition  regime  is  extremely  limited  and  will  not  be  covered  here. 

Free-Molecule  Flow 

In  the  free-molecule  flow  regime,  the  mean  free  path  of  the  molecule  is  large  compared  to  the  charac- 
teristic dimension  of  an  aerodynamic  body  in  the  flow,  and  the  individual  gas  molecules  striking  the  body 
do  not  interact  with  the  surrounding  molecules.  For  this  reason  the  incident  flow  is  assumed  to  be 
undisturbed  by  the  presence  of  the  bodv  and  no  shock  waves  are  expected  to  form.  The  boundary  layer 
is  very  diffuse  and  has  no  effect  on  the  flow  incident  on  the  body. 

The  problems  associated  with  free-molecule  flow  are  of  particular  interest  to  the  satellite  designer.  In 
contrast  to  the  other  two  regimes  of  rarefied-gas  flow,  the  free-molecule  regime  can  be  treated  analy- 
tically with  less  difficulty.  The  drag  values  of  a flat  plate  with  a = 0 for  diffuse  and  specular  reflection 
are  shown  in  figures  4.1.5.1-34a  and  4.1.5.1-34b,  respectively.  Diffuse  reflection  is  one  in  which  the 
velocity  of  the  reflected  particles  have  a Maxwellian  velocity  distribution  (see  sketch  (g)).  Specular 
reflection  is  one  in  which  the  normal  momentum  is  reversed  at  the  surface  and  the  tangential  momem- 
tum  remains  constant. 


DIFFUSE  REFLECTION  SPECULAR  REFLECTION 

SKETCH  (g) 
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TABLE  4. 1.5.1 -A 

REPRESENTATIVE  VALUES  OF  SURFACE-ROUGHNESS  HEIGHT 


Equivalent  Sand  Roughness 
k (inchas) 


Aarodynamicallv  smooth 


Polished  metal  or  wood 


Natural  thaert  maul 


Smooth  matt*  paint,  carefully  applied 
Standard  camouflage  paint,  ivirege  application 
Camouflage  paint,  m**e-pro<  kiction  spray 
Dip-galvanized  matal  surfao. 


0.02  - 0.08  x 10‘ 


0.16  x 10  ' 


0.25  x 10  ' 


Natural  surface  of  caat  iron 
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TABLE  4.1.5.1-B 

SUMMARY  OF  FINITE  WING  SOLUTIONS 


PLANFORM 


SECTION 


WAVE-DRAG  SOLUTION  (ZERO  (..(FT) 

Bonney 

Ref.  9 

Bonney 

Ref.  9 

Puckett  A Stewart 

Beane 

Ref.  10 

Ref.  11 

Beane 

ftof.  11 

Puck an 

Mereol.t 

Ref.  12 

Ref.  13, 14 

Beene 

Ref.  11 

Puckett  A Stewart 
taergolte 

Blenop  & Cent 

Ref.  10 

Ref.  13.  14 

Ref.  IB 

Jot  we 

Beene 

Blenop  & Cane 

Ref.  IS,  16,  17 

Ref.  11 

fief.  18 

Btsnop  A Cane 

Ref.  18 

Blenop  A Cane 

Ref.  18 

1 
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FIGURE  4.1.5.1-26  TURBULENT  MEAN  SKIN-FRICTION  COEFFICIENT  ON  AN  INSULATED  FLAT  PLATE 


CUTOFF  REYNOLDS  NUMBER,  R? 


FIGURE  4.1.5.1-27  CUTOFF  REYNOLDS  NUMBER 
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’ JT'Tir'*  XT' 


THICKNESS  RATIO,  t/c 

FIGURE  4. 1.5.1  -28a  SUBSONIC  WING  MINIMUM-DRAG  FACTOR 


FIGURE  4.1 .5.1-28b  LIFTING-SURFACE  CORRELATION  FACTOR  FOR  SUBSONIC  MINIMUM  DRAG 
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? : 


4.1.5. 2 WING  DRAG  AT  ANGLE  OF  ATTACK 


The  drag  of  a wing  at  angle  of  attack  can  be  expressed  in  the  form 


Cr 


= C°o  + Cdl 


where  ‘s  the  zero-lift  drag  and  the  term  represents  the  drag  due  to  lift.  The  zero-lift  drag  of  a 

wing  may  be  obtained  by  using  the  methods  of  Section  4.1 .5.1 . Methods  are  presented  in  this  section  for 
estimating  the  drag-duc-to-lift  term. 


The  drag  due  to  lift  of  a wing  increases  approximately  as  the  square  of  the  lift  coefficient  or  angle  of  attack 
and  may  be  expressed  in  the  form 


4.1.5.2-a 


where  K is  the  drag-due-to-!ift  factor. 

Equation  4.1.5.2-a  can  further  be  written  as  the  sum  of  two  terms,  the  well-known  induced  drag  (or  trailing- 
vortex  drag)  C„  and  the  viscous  drag  due  to  lift  CD  , so  that 

I V 

cdl  " cDj  + CDy  4.1.5.2-b 


These  drag  terms  are  discussed  below. 


Induced  Drag 

The  induced  drag  depends  on  the  wing  spanwise  loading  distribution,  since  it  results  from  the  lift 
produced  by  the  wing  ti ailing-vortex  system.  The  trailing-vortex  system  rotates  the  total  wing- 
force  vector  rearward,  giving  the  induced-drag  component,  which  increases  approximately  as  the 
square  of  the  lift  coefficient  or  angle  of  attack.  Induced  drag  may  be  expressed  as 


C 


Dj 


7rAe* 
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where  e*  is  the  induced  span-efficiency  factor  (or  wing  span-efficiency  factor  with  CD  = 0). 

The  theoretical  minimum  induced  drag  attainable  is  obtained  from  a wing  with  elliptic  span  load- 
ing, in  which  case  an  induced  span-efficiency  factor  of  1 .0  represents  the  theoretically  ideal  wing. 


Viscous  Drag  Due  to  Lift 

The  viscous  drag  due  to  lift  results  from  the  change  in  boundary-layer  development  with  lift  over 
the  wing.  The  upper-surface  boundary  layer  increases  in  thickness  as  the  angle  of  attack  increases, 
which  results  in  an  increase  in  wing  profile  drag  (skin-friction  + pressure  drag). 

With  the  induced  drag  expressed  by  equation  4.1.5.2-c,  the  total  drag  due  to  lift  is  given  by 


4,1. 5.2-1 
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+ CD 

v 


Since  the  viscous  drag  due  to  lift  also  varies  directly  with  C^2 , the  total  drag  due  to  lift  is  often  expressed 
as 


4J  .5.2-e 


which  is  of  the  form  of  equation  4.1.5. 2-a  with  the  drag-due-to-lift  factor  K expressed  as  1/e,  where  e is 
the  span-efficiency  factor,  including  the  effect  of  viscosity.  Therefore,  the  span-efficiency  factor  may  be 
expressed  in  the  familiar  form 


e 


irA 


1 
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or, in  the  more  basic  form 


e 


wA 


3Cr 


jrAe* 
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The  drag-due-to-lift  factor  is  constant  over  a lift-coefficient  range  from  zero  to  a certain  value  of  CL  termed 

the  “critical”  lift  coefficient  C,  . Over  this  range,  referred  to  as  the  parabolic-drag  region,  the  variation  of 

Lc 

drag  with  CL2  is  linear  (see  sketch  (a)). 


SKETCH  (a) 
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Above  C,  the  polar  breaks  away  from  a simple  parabolic  representation  because  of  separation  effects, 
c 

which  cause  the  drag  to  increase  significantly  and  the  drag  polar  to  deviate  considerably  from  the  parabolic- 
drag  variation.  High  sweepback  and  sharp  leading  edges  promote  leading-edge  separation  at  relatively  low 
lift  coefficients,  resulting  in  low  values  of  the  “critical”  lift  coefficient. 


Cambered  and/or  twisted  wings  have  a somewhat  more  complicated  drag  characteristic.  Neither  the  minimum 
profile  drag  nor  the  minimum  induced  drag  necessarily  occurs  at  zero  lift.  Sketch  (b)  illustrates  these  drag 
components  for  a typical  cambered  and  twisted  wing.  Furthermore,  the  span-efficiency  factor,  at  any  given 
lift  coefficient,  varies  within  wide  limits  for  these  wings. 


SKETCH  (b) 


In  supersonic  flow  the  wing  drag-due-to-lift  breakdown  is  similar  to  that  described  above.  In  addition  to  the 
induced  drag  resulting  from  the  trailing-vortex  system  (sweptback  at  the  Mach  angle),  there  exists  shock- 
wave  drag  due  to  lift  resulting  from  the  viscous  dissipation  associated  with  the  shock  waves. 

A.  SUBSONIC 

Many  attempts  have  been  made  to  develop  empirical  methods  for  predicting  the  subsonic  span-efficiency 
factor  over  the  parabolic-drag  region.  Three  recent  attempts  are  reported  in  references  1 , 2,  and  3.  Frost  and 
Rutherford  (reference  1)  have  used  a measure  of  leading-edge  suction  as  a function  of  the  leading-edge- 
radius  Reynolds  number  to  correlate  e based  on  equation  4,1.5.2-e.  This  correlation  has  been  further  refined 
in  reference  2 to  account  for  planform  geometry.  In  reference  3,  Gardner  and  Weir  take  a more  basic 
approach  to  the  problem  by  correlating  the  viscous  drag  due  to  lift  as  a function  of  streamwise-thickness 
ratio  and  the  loss  in  lift-curve  slope  due  to  viscosity.  The  empirical  results  of  reference  3 are  used  as  the 
basis  of  the  method  presented  in  reference  4 for  estimating  the  viscous  drag  due  to  lift. 

At  subsonic  speeds  methods  are  presented  for  determining  the  drag  due  to  lift  of  the  following  two  classes  of 
wing  planforms: 


Straight-Tapered  Wings  (conventional,  trapezoidal  wings) 
Non-Straight-Tapered  Wings 


Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  general  categories  of  non-straight-tapered  wings  are  illustrated  in  sketch  (a)  of  Section  4.1 .3.2. 
Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 
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DATCOM  METHODS 


Straight-Tapered  Wings 

This  method  is  based  on  the  empirical  correlation  of  the  span-efficiency  factor  as  a function  of  leading-edge 
suction  as  presented  in  reference  1 . This  correlation  is  further  refined  in  reference  2 to  account  for  planform 
geometry.  The  effect  of  linear  wing  twist  on  the  subsonic  inviscid  induced  drag  of  swept  wings  is  accounted 
for  by  the  methods  of  reference  5. 

The  subsonic  drag  due  to  lift  of  twisted,  sweptback  wings  of  straight-tapered  planform  for  lift  coefficients  up 
to  the  “critical”  lift  coefficient  is  given  by 


irAe 


+ C l9 


w 
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where 

CL  is  the  wing  lift  coefficient. 

cg^  is  the  airfoil  section  lift-curve  slope  (2sr  per  radian  is  sufficiently  accurate  for  this  method.) 

0 is  the  wing  twist,  positive  for  washin  (a  linear  twist  distribution  is  assumed). 

v is  the  induced-drag  factor  due  to  linear  twist  obtained  from  figures  4.1 .5.2-42a  through 

4.1.5.2- 42i. 

w is  the  zero-lift  drag  factor  due  to  linear  twist  obtained  from  figures  4.1 ,5.2-48a  through 

4.1.5.2- 48i. 

e is  the  span-efficiency  factor  determined  by 

...  M) 

C ~ R/CLfl/A\  + (l  -R)w  4,1 ,5, 


where 

CL  is  the  wing  lift-curve  slope  obtained  by  the  method  presented  for  straight-tapered 
a wings  in  paragraph  A of  Section  4. 1 .3.2. 

R is  the  leading-edge-suction  parameter  defined  as  the  ratio  of  leading-edge  suction 
actually  attained  to  that  theoretically  possible.  This  parameter  is  presented  in 
figure  4.1 .5.2-53  as  a function  of  leading-edge-radius  Reynolds  number,  Mach 
number,  aspect  ratio,  and  sweepback.  The  leading-edge-radius  Reynolds  number 
r£ler  is  based  on  the  leading-edge  radius  of  the  airfoil  at  the  wing  mean  aero- 
dynamic chord. 

For  values  of  the  parameter  Rs  cot  ALE  /l  - cos2  ALE  >1.3xl05, 
R is  read  from  figure  4.1.5.2-53b. 


Fcr  wings  with  sharp  leading  edges  R«  =0  and  R = 0.  For  such  configurations  the  method  results  in 

LER 


the  approximation  cdJcl2  = cLq)- 


A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  as  table  4. 1 ,5.2-A.  Most  of  the 
configurations  listed  in  the  table  are  wing-body  combinations  with  small  values  of  the  ratio  of  body  diameter 
to  wing  span.  For  these  configurations,  the  predictions  were  made  using  the  total  wing  planform  geometry 
and  neglecting  body  effects.  The  ranges  of  planform  and  flow  parameters  of  the  test  data  are: 

2 < A < 10.7 
0 < X < 0.713 

19.1°  < 


Ale  < 63.4° 


0.72  x 106  < 


*\iac 
0.13  < M < 


« 16.6  x 106 
0.81 


!■; 

a «* 


P 


N 

h- 


fr-  ■ 


Since  the  effect  of  camber  is  not  accounted  for  in  the  method,  no  cambered  wing  data  are  included  in 
table  4.1.5.2-A. 

The  limited  amount  of  data  available  precludes  substantiation  of  the  effect  of  linear  wing  twist  as  given  in 
reference  5.  The  design  charts  for  the  induced-drag  factor  due  to  linear  twist  and  the  zero-lift  drag  factor  due 
to  linear  twist  have  resulted  from  the  use  of  59  Weissinger  span  stations  to  compute  these  quantities  by  means 
of  an  automatic  digital  computer  program.  In  addition,  the  effect  of  compressibility  on  these  parameters  has 
been  accounted  for  by  applying  the  Prandtl-Glauert  transformation. 

Application  of  the  method  to  an  untwisted,  sweptback  wing  is  illustrated  by  sample  problem  1 on  page 
4.1. 5.2-9. 

Non-Straight-Tapered  Wings 

Semiempirical  methods,  taken  from  reference  2,  are  presented  for  estimating  the  subsonic  induced  drag  of 
non-straight-tapered  wings.  The  methods  presented  for  double-delta  and  curved  planforms  are  applicable 
only  to  wings  with  sharp  leading  edges.  In  the  development  of  these  methods  the  effect  of  leading-edge 
suction  was  neglected,  and  the  expression  used  as  a basis  for  the  correlation  of  induced  drag  was  written 
solely  in  terms  of  the  normal-force  coefficient. 

The  method  presented  for  cranked  planforms  is  applicable  only  to  wings  with  round  leading  edges.  All 
the  cranked  wings  analyzed  in  reference  2 had  round  leading  edges;  therefore,  the  development  of  the 
prediction  technique  was  based  on  properly  accounting  for  the  leading-edge  suction  force.  The  resulting 
method  is  an  extension  of  the  straight-tapered-wing  method  presented  above.  It  was  assumed  that  given 
an  accurate  estimate  of  the  leading-edge-suction  parameter  on  both  the  inboard  and  outboard  panels  of  a 
cranked  wing,  an  effective  leading-edge-suction  parameter  can  be  estimated  by  a span-weighted  average. 

The  method  presented  for  cranked  wings  is  applicable  in  the  higher  lift-coefficient  range  where  the  drag 
polar  deviates  from  a parabolic  variation,  as  well  as  in  the  lower  lift-cocfficient  range.  The  method  presented 
for  sharp-edged  double-delta  and  curved  planforms  is  valid  only  for  the  higher  lift  coefficients.  In  each  case 
an  empirical  correlation  has  been  derived  that  accounts  for  the  effects  of  flov  separation  at  the  higher  values 
of  lift  coefficient. 


n 


r-j 


Double-Delta  Wings 

The  subsonic  induced  drag  of  double-deita  wings  with  sharp  leading  edges  is  given  by 
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CD^  = 0.95  CL  tan  a 4.1.5.2-j 

where 

CL  is  the  wing  lift  coefficient  at  angle  of  attack  obtained  by  the  method  presented  for  double-delta 
wings  in  paragraph  A of  Section  4.1 .3.3. 

The  constant  in  equation  4.1.5.2-j  is  the  drag-due-to-lift  factor.  This  factor  has  been  determined  during 
the  course  of  the  work  reported  in  reference  2 by  plotting  test  values  of  CD^/(CL  tan  a)  versus  a. 

This  correlation  showed  that  at  a > 8°,  the  ratio  of  CD^/(CL  tana)  approaches  0.95.  However, 

below  a - 8°  there  was  considerable  scatter  in  the  data.  This  is  attributed  to  the  inability  to  determine 
Cn  accurately  from  the  test  data  at  the  lower  angles  of  attack.  The  method  should  not  be  expected  to 
UL 

give  satisfactory  results  below  a = 8°. 

A sample  problem  illustrating  the  use  of  this  method  is  presented  on  page  4.1.5.2-10. 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  as  table  4.1.5.2-B  (taken  from 
reference  2).  The  test  results  have  been  compiled  entirely  from  reference  1 5 and  were  the  only  available  low- 
speed  data  for  sharp-edged  double-delta  wings.  Although  all  the  configurations  listed  in  the  table  are  wing- 
body  combinations,  all  predictions  were  made  by  using  the  total  wing  planform  geometry  and  neglecting  body 
effects.  Note  that  at  a - 4°  the  method  does  not  adequately  predict  CD  for  sharp-edged  double-delta 
wings.  L 

Since  all  the  test  data  of  table  4.1.5.2-B  were  included  in  the  drag-due-to-lift-factor  correlation,  application 
of  the  method  to  configurations  with  geometric  parameters  falling  outside  those  of  table  4.1.5.2-B  should  be 
approached  with  caution.  The  ranges  of  planform  parameters  used  in  the  correlation  are: 

1.34  < A < 1.87 
72.6°  < < 77.4° 

Ale  =‘59° 

O 

0.332  < »?B  < 0.628 

Although  the  data  in  table  4.1.5.2-B  are  for  M “ 0.13,  the  method  should  be  applicable  at  higher  subsonic 
Mach  numbers,  provided  ap  accurate  estimation  of  the  CL  versus  a variation  can  be  made. 

The  effects  of  wing  twist  and/or  camber  are  not  accounted  for  in  the  method. 

For  double-delta  wings  with  round  leading  edges,  it  is  suggested  that  the  subsonic  drag  due  to  lift  be  approx- 
imated by  using  the  method  for  cranked  wings. 

Cranked  Wings 

The  subsonic  drag  due  to  lift  of  cranked  wings  with  round  leading  edges  is  given  by 


aAe 


+ ACr 
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where 

CL  is  the  wing  lift  coefficient. 
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ACD  is  that  portion  of  the  drag  due  to  lift  resulting  from  a breakdown  in  the  leading-edge  suction  at 
L lift  coefficients  above  the  parabolic-drag-polar  region.  An  empirical  correlation  of  ACD  as  a 

function  of  lift  coefficient  and  aspect  ratio  is  presented  as  figure  4.1.5.2-54. 
e is  the  span-efficiency  factor  over  the  parabolic-drag  region,  given  by 


e 


CL  /A 
La 


R'(CLJAj  + (\  - R')  t 
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where 

CL  is  the  wing  lift-curve  slope  obtained  by  the  method  presented  for  cranked  wings 
“ in  paragraph  A of  Section  4. 1.3.2. 

R'  is  the  effective  leading-edge-suction  parameter  given  by 

R'  = R;fT}B)  + R0  (1 -77b)  4.1.5.2-m 

where 

R.  is  the  leading-edge  suction  parameter  of  the  inboard  panel,  obtained 
1 from  figure  4.1 .5.2-53,  but  with  the  parameter  AX/cos  ALE  = 0. 

R is  the  leading- edge-suction  parameter  of  the  outboard  panel,  obtained 

° from  figure  4.1.5.2-53  by  assuming. the  outboard  panels  to  be  an  isolated 
wing. 

The  leading-edge-radius  Reynolds  numbers  required  to  read  R;  and  R0 
from  figure  4.1.5.2-53  are  based  on  the  leading-edge  radius  of  the  mean 
aerodynamic  chord  of  the  inboard  and  outboard  panels,  respectively.  For 

values  of  the  parameter  RftLER  cot  '\e  * M2  cos2  ^le  > x > 

Rj  and/or  R0  are  read  from  figure  4.1.5. 2-53b. 

A sample  problem  illustrating  the  use  of  this  method  is  presented  on  page  4. 1.5. 2-1 1. 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  as  tables  4. 1.5.2-C  and 
4. 1.5.2-D  (both  taken  from  reference  2).  Table  4. 1.5.2-C  compares  the  parabolic  dmg-due-to-lift  factor 
CD  /CL2  = 1/firAe)  with  test  data,  Table  4.1 .5. 2-D  compares  the  drag  due  to  lift  over  the  nonparabolic 

region  of  the  drag  polar  with  test  data.  In  table  4.1. 5. 2-D  only  the  calculated  results  for  references  16  and 
1 8 are  based  on  the  predicted  value  of  the  parabolic  drag-due-to-lift  factor.  The  remainder  of  the  data  used 
the  test  value  of  CD  /CL2  combined  with  ACD  from  figure  4.1.5.2-54. 

Where  test  data  were  available  for  wing-body  configurations,  the  portion  of  the  inboard  panel  submerged  in 
the  body  was  accounted  for  in  calculating  the  parabolic  drag  due  to  lift.  This  was  accomplished  by  defining 
the  effective  leading-edge-suction  parameter  by 

R'  = Ri  (^B  - j")+  R0  (1  ■’V  4.1.5.2-m' 
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and  basing  the  leading-edge-radius  Reynolds  number  used  to  obtain  Rt  on  the  leading-edge  radius  of  the 
mean  aerodynamic  chord  of  the  exposed  inboard  panel. 

The  effect  of  Reynolds  number  on  the  accuracy  of  predicting  ACD^  cannot  be  assessed  quantitatively, 

since  all  the  data  used  in  the  empirical  correlation  were  for  low  Reynolds  numbers  except  those  from 
reference  22.  Although  a comparison  of  the  data  of  reference  22  with  the  low  Reynolds-number  data 
shows  no  effect  of  Reynolds  number,  it  must  be  expected  that  Reynolds  number  will  affect  ACD^ . 

The  effect  of  wing  twist  is  not  accounted  for  in  the  method.  The  test  data  include  cambered-wing  data,  and 

camber  seems  to  have  no  effect  on  ACn  ; however,  there  are  not  enough  data  to  allow  a quantitative  evalua- 

dl 

tion  of  camber  effects. 

Finally,  it  should  be  pointed  out  that  all  the  test  data  of  table  4.1.5.2-D  were  used  to  derive  the  ACD^ 

correlation.  Therefore,  no  independent  evaluation  of  the  accuracy  of  the  method  in  the  nonparabolic  region 
has  been  accomplished.  In  view  of  this,  figure  4.1 .5.2 -54  should  be  used  with  caution  outside  the  range  of 
planform  parameters  used  in  the  correlation  (see  figure  4.1.5.2-54). 

Curved  Wings 

The  correlation  of  CD^/(CL  tan  a),  of  reference  2,  for  determining  the  drag-due-to-lift  factor  of  double- 
delta wings  with  sharp  leading  edges  also  included  data  on  both  Gothic  and  ogee  wings  at  Mach  numbers 
from  0.1  to  0.7.  Therefore,  the  prediction  method  is  essentially  the  same  as  that  for  double-delta  wings. 

As  previously  noted,  the  correlation  for  the  drag-due-to-lift  factor  showed  considerable  scatter  in  the  data 
below  a = 8°.  Although  the  data  scatter  for  the  curved  planforms  was  not  as  widely  dispersed  as  that  for 
the  double-delta  planforms,  the  method  should  not  be  expected  to  give  satisfactory  results  below  a « 8°. 

The  subsonic  drag  due  to  lift  of  curved  wings  with  sharp  leading  edges  is  given  by  equation  4. 1 ,5.2-j;  i.e., 

CDl  = 0.95  CL  tan  a 

where  CL  is  the  wing  lift  coefficient  at  angle  of  attack  obtained  by  the  method  presented  for  curved  wings 
in  paragraph  A of  Section  4.1 .3.3. 

A sample  problem  illustrating  the  use  of  this  method  is  presented  on  page  4.1.5.2-13. 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  as  table  4.1 .5.2-E  (taken  from 
reference  2).  The  test  data  are  for  two  thin  Gothic  and  two  thin  ogee  wings.  It  is  noted  that  the  calculated 
results  below  a = 8°  compare  more  favorably  with  the  test  data  th*n  those  for  double-delta  wings  at  low 
angles  of  attack.  However,  since  no  consistent  trend  is  indicated  by  the  comparison  at  the  lower  angles  of 
attack,  there  is  no  basis  for  lowering  the  angle-of-attack  limit  below  8° 

Since  all  the  data  are  for  low  Reynolds  numbers,  the  effect  of  Reynolds  number  cannot  be  assessed.  However, 
it  is  expected  that  Reynolds  number  will  af  fect  the  results  even  at  low  lift  coefficients,  since  leading-edge 
separation  is  almost  immediate  for  the  sharp-nosed  airfoils. 

Since  all  the  test  data  of  table  4.1. 5.2-E  were  included  in  the  drag-due-to-lift-factor  correlation,  application 
of  the  method  to  configurations  with  geometric  parameters  falling  outside  those  of  table  4. ! .5.2-E  should  be 
approached  with  caution.  The  ranges  of  planform  parameters  used  in  the  correlation  are: 
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0.75  < A < 1.98 
0.455  s p < 0.667 

b\y 

0.250  * < 0.450 


The  method  is  limited  to  thin  wings  (t/c  < 0.06).  Tests  on  one  1 2-percent  thick  Gothic  wing  showed  less 
drag  due  to  lift  than  did  the  tests  on  the  thin  wings.  This  is  attributed  to  the  development  of  significant 
suction  forces  on  the  forward-facing  slopes  of  the  thick  wing.  The  correlation  of  CDl/(Cl  tana)  for  the 
1 2-percent-thick  wing  resulted  in  a constant  drag-due-to-lift  factor  of  0.87. 

The  effects  of  wing  twist  and/or  camber  are  not  accounted  for  in  the  method. 

Sample  Problems 


1,  Conventional,  Straight-Tapered  Wing 
Given:  The  sweptback  wing  of  reference  14. 


Wing  Characteristics: 

A = 5.14  X = 0.713 

NACA  65 1 A0 12  airfoil 

Additional  Characteristics: 

M = 0.75;  0 = 0.661 

k = 1 .0  (assumed) 


ALE  = 36.2°  Ac/2  = 33.7°  c = 1.166  ft 
LER=  0.00922c  No  twist 


Rc  = 2x  106 
*MAC 


Rp  = 18.4  x 103 

*LER 


Compute: 

Leading-edge-suction  parameter 

Rg  cotALE  - M2  cos2  ALE  = (18.4  x 103)  (1.3663)  yr^O75)5(a8070)2  .»  20.0  x 103 
LER 

AX  = (5.14)  (0.713)  = ^ 

cos  Ale  (0.8070) 

R = 0.803  (figure  4.1.5.2-53) 


Vta""2  Ac/2 


5.14 

1 


7(0.661)2  + (0.6675)2 


4.83 


= 0.870  (figure  4.1.3.2-49) 
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Span-efficiency  factor 

(<VA) 


1.1 


e = 


R^/Aj  + O -R)jt 

(1.1)  (0.870) 

(0.803)  (0.870)  + (1  - 0.803)  ir 


(equation  4.1.5.2-j) 


= 0.726 


Solution: 


C 2 


Cn  = (equation  4.1,5. 2-h) 

UL  irAe 


Cl2  tr  Ae  tr  (5.14)  (0.726) 


= 0.085 


This  compares  with  a test  value  of  0.090  from  reference  14. 
2.  Double-Delta  Wing 

Given:  A double-delta  planform  of  reference  15. 

Wing  Characteristics: 


Aw  = 1.73 


S0  = 153.0  sq  ft 
% = 0.414 

Additional  Characteristics: 
M = 0.13 


A,  - 0.409 


Al„  = 77.4° 


Sw  = 560.0  sq  ft 


A,*  = 59° 


Sj  = 407.0  sq  ft 

atc  = -10° 


Compute: 

Variation  of  CL  with  a (Section  4. 1.3. 3) 

The  predicted  values  of  CL  versus  a for  tliis  configuration  are  listed  in  table  4.1.3. 3-B 
(This  configuration  is  shown  under  “reference  31”  of  the  table) 

Solution: 

. CD^  = 0.95  CL  tan  a (equation  4.1.5.2-j) 


4.1.5.2-10 


a 

Idig) 

r~ 

ttbli  4,1.3.3-B 

tin  a 

C°L 

jq.4.1.5.2-) 

4 

0.143 

0.0699 

0.00950 

8 

0,302 

0.1405 

0.04031 

12 

0.491 

0.2126 

0.09917 

16 

0.685 

C.2867 

0.1866 

20 

0.974 

0,3640 

0.3368 

The  calculated  results  are  compared  with  test  values  in  table  4.1 ,5.2-B. 

3.  Cranked  Wing 

Given:  The  cranked  wing-body  configuration  of  reference  1 6.  This  is  the  configuration  of  the  cranked- 
wing  sample  problem  of  paragraph  A of  Section  4. 1 .3.2. 


Wing  Characteristics: 


Aw 

= 4.0  Ac  = 2.37 

ALE)  48.6° 

^LE 

0 

= 7.7° 

= 0.517  tjg  • 0.60 

NACA  65A006  airfoil 

LER  = 

0.00229c 

= 0.933  ft  c#  = 0.525  ft 

Additional  Characteristics: 

M = 0.80  R£  = 3.645  x 

1 06  per  ft  4-=  0.139 

b 

Compute: 

Leading-edge-suction  parameters,  Rj  and  RQ 
Inboard  panel: 

(RVr)  = (3'645  X !°6)<0  00229  ^ * (3-645  * 106)  (0.00229)  (0.933)=  7.79  x I03 
/r£  cotAL£  v^M^cos2  ALE)  - (7.79  x 103)  (0.8816)  n/M0.8)2  (0.661 3)2 

l LER  / i 

= 5.83  x 103 

R = 0.470  (figure  4. 1.5. 2-53,  with  /aX/cos  AL£^  = 0.  See  definition  of  Rjt  page 
4. 1.5. 2 -7)  \ 
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Outboard  panel; 

(R)2ler)  = (3'64S  X 106)  (0-00229  ‘o>  = <3-645  x I06)  (0.00229)  (0.525)  = 4.38  x 103 

(R$!ler  cot  Ale  " M2  cos2  ALF  jQ  = (4.38  x 103)  (7.396)  /l  -(0.8)2  (O^wTo)2 

= 1.973  x 104 

/ AX  \ = (2.37)  (0.5 17)  = ^ 

^cosA  LEy  0.9910 


R = 0.766  (figure  4.1.5.2-53) 


Effective  leading-edge-suction  factor 
d 


R' = R^b  -^-)+R0  0 ~»7B)  (equation  4.1.5. 2-m') 


= (0.470)  (0.60  - 0.139)  + (0.766)  (1  - 0.60) 

= 0.523 

C.  I A ~ 1.081  per  rad  (sample  problem,  paragraph  A,  Section  4.1 .3.2) 
‘a 

Span-efficiency  factor  over  parabolic-drag  region 


CL  / A 


e * 


R'(C.  /A)  + (1  - R')  ir  (equation  4. 1.5. 2-fi 
4* 


1.081 


(0.523)  (1.081)  + (1  - 0.523)  w 
0.524 


C 2 


1 


1 


rrAe  w (4.0)  (0.524) 


= 0.152 


Solution; 


C 2 

cD  - — 

dl  wAe 


+ ACn  (equation  4.1.5. 2-k) 

UL 


C, 2 + &Cr 


C 2 
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o 

0 

0 

0 

0 

0 

Cu/A 

C°L 

^ 2 
~ C,.2 

CU 

C°L 

•q  4,1.5.2-k 

CL 

0/  4 

fig  4.1.5.2-54 

CL 

2 

©©’ 

®+0 

0 

0 

... 

0.1 

52 

0 

0 

0.1 

0.025 

... 

0.0015 

0.0015 

0.2 

0.060 

... 

0.0061 

0.0061 

0.3 

0.075 

... 

0.0137 

0.0137 

0.4 

0.100 

0.0080 

0.0243 

0.0323 

0.6 

0.125 

0.0240 

0.0380 

0.0620 

0.6 

0.150 

0.0610 

0.0647 

0.1067 

0.7 

0.175 

0.0840 

0.0745 

0.1585 

0.8 

0.200 

0.1245 

0.0973 

0.2218 

it  ' ' " ’ ~ 

The  test  values  for  this  configuration  are  presented  in  tables  4. 1.5.2-C  and  4. 1.5.2-D  for  the  cranked  wing 
mounted  on  a circular-ogive  body.  The  calculated  results  presented  in  tables  4. 1.5.2-C  and  4. 1.5.2-D  take 
into  account  the  portion  of  the  inboard  panel  submerged  in  the  body  by  applying  the  corrections  noted  on 
page  4. 1.5.2  -7.  The  leading-edge-radius  Reynolds  number  used  to  obtain  R(  is  based  on  the  leading-edge 
radius  of  the  mean  aerodynamic  chord  of  the  exposed  inboard  panel,  and  the  effective  leading-edge- suction 
parameter  is  determined  by  using  equation  4.1.5.2-m'. 

4.  Curved  Wing 

Given:  The  ogee  wing  of  reference  23.  This  is  the  same  configuration  as  the  curved-wing  sample  problem  of 
paragraph  A of  Section  4. 1.3, 3. 

\ Wing  Characteristics: 

A = 1.20  b = 12.0  in.  6 = 20.0  in. 

Additional  Characteristics: 

M = 0.4 

Compute: 

Variation  of  CL  with  a (Section  4. 1.3. 3) 

The  predicted  values  of  C,  versus  a are  obtained  from  the  curved-wmg  sample  problem  of 
paragraph  A of  Section  4. 1.3.3. 


Solution: 


0.95  CL  tan  a (equation  4.1.5, 2-j) 


a 

(<toa) 

CL 

S*c.  4. 1.3.3 

un  Of 

C°L 

«q.  4.1. 6.2-1 

4 

0.136 

0,0690 

0.0090 

8 

0.288 

0.1406 

0.0384 

12 

! 

0.465  1 

0.2126 

0.0939 

The  calculated  results  are  compared  with  test  values  in  table  4.1  .S.2-E. 
B.  TRANSONIC 


Test  data  on  straight-tapered  wings  show  that  the  variation  of  the  drag-due-to-lift  parameter  Cn  1C, 2 with 

Mach  number  at  transonic  spteds  is  somewhat  analogous  to  that  of  the  lift-curve  slope.  That  is,  for  thick 
and/or  high-aspect-ratio  wings  this  parameter  experiences  significant  deviations  with  Mach  number,  while 
for  thin  and/or  low-aspect-ratio  wings  this  parameter  varies  uniformly  with  Mach  number  (see  sketch  (c)). 


SKETCH  (c) 


Transonic  data  on  non-straight-tapered  wings  3re  too  few  to  allow  quantitative  analysis  of  the  variation  of 
drag  due  to  lift  with  Mach  number. 


The  only  available  approach  to  the  estimation  of  transonic  drag  due  to  lift  of  conventional,  trapezoidal  wings 

thf  nnanHtv  , 8h  thf  Uf*  f°f  transo,nic  parameters.  This  is  a particularly  useful  approach  where 

the  quantity  of  data  available  for  correlation  is  limited.  The  method  presented,  therefore,  uses  transonic 

?cT  anS  Paran!f‘crs- 5t  sho",d  P°inted  out,  however,  that  the  bulk  of  existing  data  at  transonic  speeds 
derived  from  bump  tests,  which  are  frequently  questioned  because  of  the  spanwise  Mach  number 


« 


a <* 


DATCOM  METHOD 

The  transonic  drag  due  to  lift  of  conventional,  trapezoidal  planforms  of  symmetrical  seaion  may  be  approx- 
imated by  using  figures  4.1.5.2-55a  through  4.1.S.2-55c  for  giyen  values  of  the  transonic  similarity  parameters, 
A tan  A,  r and  - 1 

LE  (173)273 

Sample  Problem 


Given:  The  following  straight-tapered  wing  from  reference  26. 

A = 4.0  X = 0 Ale  = 45° 

Compute: 

(t/c)1/3  = 0.342;  (t/c)2/3  =0.116;  Aft/c)1'3  = 1.368 

A tan  AlE  = 4.0 


NACA  63A004  airfoil 


M2  - 1 
(t/c)2/3 


(see  calculation  table  below) 


(figures  4.1.5.2-55aand  -55b  extrapolated,  see  calculation  table  below) 


Solution: 


I! 


o 

0 

0 

0 

/t,1/3  C0l 

M2-  1 

w ^ 

cdl/cl2 

M 

<t/c)2/3 

fig.  4.1.5.2-55 

(3)lt/c)1/3 

0.8 

•3.10 

0.59 

0.202 

0.9 

•1.64 

0.67 

0.195 

0,94 

•1.00 

0.67 

0.196 

0.98 

•0.34 

0.58 

0.198 

1.00 

0 

0,60 

0.205 

1.05 

0.88 

0,60 

0.205 

1.10 

1.81 

0.59 

0.202 

The  calculated  values  of  CD  /CL2  are  compared  with  test  values  from  reference  26  in  sketch  (d). 
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O TEST  VALUES 


C 2 


1 


-£L 


.8 


.9 


C.  SUPERSONIC 


I” 

M 

SKETCH  (d) 


1.0 


1.1 


At  supersonic  speeds,  wings  are  generally  classified  according  to  whether  the  Mach  number  component 
perpendicular  to  the  leading  edge  is  subsonic  or  supersonic.  A typical  presentation  of  supersonic  drag  due 
to  lift  is  shown  in  sketch  (e).  For  supersonic-leading-edge  wings,  certain  regions  of  the  wing  will  be  in 
two-dimensional  flow  where  the  spanwise  pressure  loading  on  the  surface  is  constant. 


I 

P 


SKETCH  (e) 

Other  portions  of  the  wing  are  influenced  by  tip  effects  and  by  the  wing  apex.  Three  cases  are  shown  in 
sketch  (0-  The  two-dimensional  region  has  wave  drag  due  to  lift,  which  can  be  calculated  by  simple  linear 
theory  or  by  shock-expansion  theory.  But  because  the  span  loading  is  constant,  this  region  does  not  produce 
any  vortex  drag.  The  three-dimensional  region  has  shock-wave  drag  due  to  lift,  but  not  as  much  as  that  of 
the  two-dimensional  region.  The  three-dimensional  region  also  has  a drag-due-to-lift  contribution  associated 
with  the  vortex  that  is  shed  because  of  the  varying  span  loading.  1 his  phenomenon  is  exactly  like  its  sub- 
sonic counterpart  except  that  the  flow  field  is  swept  back  at  the  Mach  angle. 


In  general,  the  drag  due  to  lift  of  a wing  quickly  approaches  the  two-dimensional  value  as  the  leading  edge 
progresses  from  the  sonic  into  the  supersonic  region.  The  two-dimensional  value  from  linear  theory  is 

pcL2 


For  subsonic  leading  edges,  no  part  of  the  wing  is  in  two-dimensional  flow  and  the  span  pressure  loading,  in 
general,  varies  continuously  across  the  span.  Wave  drag  due  to  lift  and  vortex  drag  exist  as  for  the  supersonic 
leading-edge  case.  However,  an  additional  phenomenon  occurs.  The  subsonic  Mach  number  component 
perpendicular  to  the  leading  edge  allows  leading-edge-suction  pressures  to  develop  similar  to  those  that  occur 
on  wings  in  subsonic  flow.  These  suction  pressures  can  cause  significant  redu^ions  in  drag,  which,  to  date, 
cannot  be  predicted  for  a given  wing.  The  amount  of  suction  depends  upon  the  leading-edge  shape  and  the 
wing-camber  shape  and  distribution.  Several  authors  have,  however,  calculated  the  maximum  amount  of 
suction  attainable  for  several  types  of  wings  (e.g.,  references  6 and  7).  Camber  can  also  produce  a significant 
drag-due-to-lift  reduction  that  is  not  affected  by  leading-edge  suction.  Sketch  (e)  above  shows  typical  drag 
reduction  due  to  suction  for  a cambered  delta  wing. 

Test  results  for  subsonic  leading-edge  wings  generally  fall  between  the  limits  of  wings  with  no  leading-edge 
suction  and  wings  with  full  leading-edge  suction.  For  a given  test  on  a cambered  wing,  however,  it  is  impos- 
sible to  determine  what  fraction  of  the  drag  reduction  is  attributable  to  camber,  since  camber  and  leading- 
edge-suction  effects  are  very  similar  in  nature. 

For  conditions  where  the  leading  edge  is  slightly  supersonic,  the  theoretical  results  for  cambered  wings  are 
less  than  the  two-dimensional  value  because  the  forward  inclination  of  the  integrated  force  vector  due  to  the 
pressures  on  the  cambered  portion  of  the  wing  persists  into  the  supersonic  leading-edge  region.  In  practice, 
uncambered  wings  of  finite  thickness  exhibit  the  same  trend,  because  the  leading-edge  shock  is  detached  and 
causes  the  leading  edge  to  operate  at  a lower  effective  Mach  number;  that  is,  the  airfoil  operates  at  a subsonic 
leading-edge  condition  where  leading-edge  suction  can  reduce  the  drag  even  though  the  theoretical  leading- 
edge  condition  is  supersonic. 

The  Reynold.'  number  based  on  leading-edge  radius  can  also  significantly  affect  the  drag  due  to  lift.  At  low 
Reynolds  number,  local  leading-edge  flow  separation  can  occur  with  a loss  in  leading-edge  suction.  Low 
Reynolds  number  also  affects  the  boundary-layer  transition  point  on  the  wing.  In  general,  increasing  Reynold 
number  causes  an  increase  in  friction  drag  at  low  angles  of  attack  (forward-moving  transition  point)  and  no 
change  in  friction  drag  at  high  angles  of  attack  (transition  point  is  already  forward).  Sketch  (g)  shows  the 
effect  of  leading-et'ge-radius  Reynolds  number  based  on  test  data  (reference  8).  The  ordinate  of  this  sketch 
is  the  ratio  o.  the  induced-drag  parameter  CD^/CL2  at  a Reynolds  number  of  14  x 103  based  on  leading- 

edge  radius  to  the  value  of  the  parameter  at  a given  value  of  leading-edge  Reynolds  number. 


TAN'1  (fl  COT  A^)  (deg) 
SKETCH  (g) 


Methods  are  presented  for  determining  the  wing  drag  due  to  lift  over  the  parabolic-drag  region  for  the 
following  two  classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  wings) 

Non-Straight-Tapered  Wings 
Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  three  general  categories  of  non-straight-tapered  wings  are  illustrated  in  sketch  (a)  of 
Section  4.1. 3,2.  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

The  methods  presented  are  based  on  the  conclusions  of  an  analysis  of  the  experimental  results  of  the  drag  due 
to  lift  .of  slender  uncambered  wings  at  supersonic  speeds  reported  in  reference  9.  It  was  shown  therein  that 
the  drag-due-to-lift  factor  at  supersonic  speeds  collapses  into  a fairly  well-defined  single  curve  when  plotted 
as  a function  of  the  wing  phnform  shape  and  slenderness  parameters. 

The  supersonic  design  chart  presented  for  non-straight-tapered  wings  is  taken  from  reference  2,  and  the 
parameters  used  to  collapse  the  data  are  modifications  of  those  presented  in  reference  9.  The  correlation 
makes  no  distinction  between  round  and  sharp  leading  edges  nor  between  cambered  and  uncambered  wings. 

The  parameters  used  to  collapse  the  data  for  non-straight-tapered  wings  in  reference  2 have  also  been  applied 
to  uncambered  straight-tapered  wings.  The  resulting  correlation  showed  a distinction  between  straight- 
tapered  wings  with  round  leading  edges  and  those  with  sharp  leading  edges. 

DATCOM  METHODS 


Straight-Tapered  Wings 


The  supersonic  drag  due  to  lift  over  the  parabolic-drag  region  for  straight-tapered  wings  is  obtained  using 
the  procedure  outlined  in  the  following  steps: 


Step  1. 


Step  2. 


Using  the  given  wing  geometry,  calculate  the  aspect  ratio,  the  planform  shape  parameter  p , 

bw 

and  the  wing  slenderness  parame'  — . (See  Section  2.2.2  for  wing-geometry  parameters). 


0bw 

At  the  desired  value  of  — - obtain  irA 

2i 

figure  4.1.5.2-58. 


, **■-  from  the  proper  design  curve  of 

1 +p 


Step  3.  Calculate  the  drag  due  to  lift  by 
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A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  as  table  4.1 ,5.2-F.  With  one 
exception,  all  the  configurations  listed  in  the  table  are  wing-body  combinations  with  small  ratios  of  body 
diameter  to  wing  span.  The  calculations  for  these  configurations  were  made  by  using  the  theoretical  plan- 
form  extended  to  the  body  center  line  and  neglecting  body  effects.  The  test  configurations  are  about 
equally  divided  between  wings  with  sharp  leading  edges  and  those  with  round  leading  edges.  None  of  the 
wings  are  cambered.  The  ranges  of  the  planform  parameters  covered  for  each  leading-edge  shape  are: 
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Round  Leading 

Edge 

Sharp  Leading  Edge 

1.313  S A < 

4.0 

1.5  < A s 3.5 

35°  * Au  £ 

73° 

0 ~ Ale  - 71° 

0 ^ X < 

0.5 

0 ^ X < 1.0 

0.237  £ p < 

0.502 

0.333  £ p < 0.995 

bw 

0.271  s — £ 
2? 

1.00 

b^y 

0.333  - — 5 1.070 

n 

The  sample  problem  presented  on  page  4. 1.5. 2 -20  for  a double-delta  wing  illustrates  the  application  of  the 
straight-tapered-wing  method. 

Non-Straight-Tapered  Wings 

The  supersonic  drag  due  to  lift  over  the  parabolic-drag  region  for  .ion-straight-tapered  wings  is  obtained  by 
following  the  procedure  outlined  above  for  straight-tapered  wings.  The  value  of  the  parameter 
Cdl  p J3bw 

irA  — * — at  the  desired  value  of is  obtained  from  figure  4.1 .5.2-59.  This  correlation 

c i 1 + p 21 

'“L 

makes  no  distinction  between  wing  planforms,  between  round  and  sharp  leading  edges,  nor  between 
cambered  and  uncambered  wings. 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  in  table  4.1 ,5.2-G  for  double- 
delta and  cranked  wings,  and  in  table  4.1 .5.2-H  (taken  from  refere’nce  2)  for  curved  wings. 

All  the  configurations  listed  in  table  4. 1 .5.2-G  are  wing-body  combinations  with  small  ratios  of  body  diameter 
to  wing  span.  The  calculations  for  these  configurations  were  made  by  using  the  theoretical  planform  extended 
to  the  body  center  line  and  neglecting  body  effects.  The  table  includes  double-delta  wings  with  both  round 
and  sharp  leading  edges  and  cranked  wings  with  round  leading  edges.  Some  of  the  wings  with  round  leading 
edges  are  cambered.  The  ranges  of  the  planform  parameters  of  the  test  data  are: 


Double-Delta  Wings  Cranked  Wings 


1.74 

< A £ 

3.15 

2.91  < A 

< 4.0 

0.292 

£ p < 

0.50U 

0.491  s p 

< 0.666 

0.353 

bw 

22 

0.787 

bw 

0.710  £ ■ — 
22 

< 1.333 

The  results  presented  in  table  4.1 .5.2-H  for  curved  wings  with  sharp  leading  edges  agree  quite  well  with  test 
data.  This  is  probably  due  to  the  fact  that  the  curved  planforms  have  a more  limited  range  of  geometric 
parameters  than  the  double-delta  and  cranked  wings.  The  ranges  of  planfori  parameters  of  the  test  data 
are; 


0.75  s A < 1.39 
0.384  s p s 0.667 

b^y 

0.208  s — ■ e o 389 
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Sample  Problem 


Given:  The  double-delta  wing  of  reference  30  designated  X -67-67. 

Wing  Characteristics: 

A = 2.42  Sw  * 

bw  = 2.0  ft  8 

Additional  Characteristics: 
M = 2.01;  ff  = 1.742 


Compute: 

28 


2.0 


= 0.450 


fly 

28 

P = 


(2)  (2.22) 

= (1.742)  (0.450)  = 0.784 

Sw 


1.651 


bw8  (2.0)  (2.22) 
1+p  1+0.372 


= 0.372 


0.372 


-=  3.688 


lA- 


L p 


Solution: 

C„ 


C 1 


cl!  1+p 


0.961  (figure  4.1.5.2-59) 


jtA 


ul  p 

ct!  1+p 


(equation  4.1 .5.2-n) 


= (0*961)(2  42^)  (3’688)  = °-466 
This  compares  with  a test  value  of  0.479  from  reference  30. 


1.651  sq  ft 
2.22  ft 
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DOUBLE-DELTA  WINGS 
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(Excluding  valuac  at  01  - 4°) 
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SONIC  DRAG  DUE  TO  LIFT  OF  SHARF 
LEADING-EDGED  CURVED  WINGS 
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FIGURE  4.1.5.2-42  (CONTD) 
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FIGURE  4.1.5.2-48  ZERO-LIFT  DRAG  FACTOR  DUE  TO  LINEAR  TWIST 

WEISSINGER  METHOD 
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FIGURE  4,1.5.2-53  LEADING-EDGE  SUCTION  PARAMETER  AT  SUBSONIC  SPEEDS  M s 0,8 
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ASPECT  RATIO,  A 

FIGURE  4.1 .5.2-54  INDUCED  DRAG  INCREMENT  ABOVE  POLAR  BREAK  FOR  CRANKED 
WINGS  HAVING  FOUND-NOSED  AIRFOILS 
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FIGURE  4.1.5.2-55  (CONTD) 
(c)  TAPER  RATIO,  X * 0.50 
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FIGURE  4.1.5.2-58  CORRELATION  OF  DRAG  DUE  TO  LIFT  OF  STRAIGHT-TAPERED  WINGS 
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4.2  BODIES  AT  ANGLE  OF  ATTACK 
4.2.1  BODY  LIFT 

4.2.1. 1 BODY  LIFT-CURVE  SLOPE 


A.  SUBSONIC 

One  of  the  first  attempts  to  use  potential  theory  for  the  estimation  of  lift  for  bodies  of  revolution  was 
made  by  Munk  (reference  1 ).  Several  similar  methods  have  since  been  developed  that  give  essentially  the 
same  results  (references  2 and  3).  Potential  theory  is  limited  to  angles  of  attack  near  zero,  where  viscous 
cross-flow  forces  are  small.  At  higher  angles  of  attack  the  viscous  forces  become  increasingly  important  (see 
Section  4.2. 1.2). 


DATCOM  METHOD 

The  method  presented  for  estimating  the  lift-curve  slope  of  bodies  of  revolution  at  subsonic  speeds  uses  the 
potential  flow  term  of  the  expression  for  body  lift  from  reference  4.  The  lift-curve  slope,  based  on  VB2/3, 
is 


2(k2  - kj ) S0 

(per  radian) 

V 

VB 
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where 

VB  is  the  total  body  volume. 

(k2  — kj ) is  the  apparent  mass  factor  developed  by  Munk  and  presented  in  figure  4. 2. 1.1  -20a  as  a 
function  of  body  fineness  ratio. 

SQ  is  the  body  cross-sectionai  area  at  x0. 

is  the  body  station  where  the  flow  ceases  to  be  potential.  This  is  a function  of  xj , the  body 
station  where  the  parameter,  dSx/dx  first  reaches  its  maximum  negative  value. 
x0  and  xj  are  correlated  in  figure  4.2.1  ,l-20b. 

Sx  is  the  body  cross-sectional  area  at  any  body  station. 

In  many  cases  it  will  be  possible  to  determine  the  location  of  xt  by  inspection.  For  cases  that  are 
doubtful,  the  area  distribution  should  be  plotted  and  examined  to  determine  the  location 
where  dS„/dx  first  reaches  its  maximum  negative  value. 

The  lift-curve  slopes  of  several  bodies  of  revolution,  calculated  by  this  method,  have  been  compared  with 
test  data  in  reference  4.  In  general,  the  accuracy  of  the  method  at  angles  of  attack  near  zero  is  good. 

For  a rapid  but  approximate  estimation,  slender-body  theory  can  be  used.  This  gives  CLq,  ~ 2 per  radian, 
where  Cl  is  based  on  the  body  cross-sectional  area  at  x0. 
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No  method  is  available  for  estimating  the  lift-curve  slope  of  a body  of  noncircular  cross  section. 
Consequently,  test  data  must  be  relied  upon  as  the  basis  for  predicting  the  lift-curve  slope  of  such 
configurations.  A summary  of  available  test  data  on  bodies  of  noncircular  cross  section  at  subsonic  speeds  is 
presented  as  table  4.2.1.1-A. 

Sample  Problem 

Given:  An  ogive-cylinder-boattailed  body  of  revolution  of  reference  1 8. 


d = 0.417  ft  1N  = 2.19  ft  !c  = 1.98  ft  *A  = 1.12  ft 

1B  = 5.29  ft  f =—  = 12.7  VB  = 0.537  cu  ft 

Xj  = 4.17  ft  (determined  by  inspection)  db  = 0.275  ft 
Compute: 

xx/lB  = 4.17/5.29  = 0.788 
x<A  * 0/793  (figure  4.2.1. l-20b) 
x0  - (0.793)  (5.29)  = 4.195  ft 
(k2-kx)  =0.96  (figure  4.2. 1.1 -20a) 

SQ  = 0.134  sq  ft 
Vjl3  = 0.S372/3  = 0.660 
Solution: 

2(k2-k1)Sc 

C,  - (equation  4.2.1. 1-a) 

La  \i  2/3 

VB 

_ 2(0.96)  (0.134) 

0.660 

= 0.390  per  rad  (based  on  Vg2(3) 
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This  compares  with  a test  value  of  0.378  per  radian,  based  on  VB2/3,  from  reference  18.  The 
slender-body-thcory  approximation  gives  Clq  = 0.406  per  radian,  based  on  VB  2/3. 

B.  TRANSONIC 

Slender-body  theory  states  that  body  force  characteristics  are  not  functions  of  Mach  number.  Experimental 
data  substantially  verify  this  result  (references  5,  6,  and  7).  Any  differences  in  the  subsonic  ^alue 
of  CL(J  obtained  from  paragraph  A and  the  supersonic  value  of  Clq  obtained  from  paragraph  C should 
be  faired  out  smoothly  in  the  transonic  range. 

Transonic  test  data  on  bodies  of  noncircular  cross  section  are  available  in  references  25,  26,  and  5 (see  table 
4.2.1. 1-A). 

C.  SUPERSONIC 

Several  theoretical  methods  that  have  been  developed  for  estimating  the  lift-curve  slope  of  bodies  of 
revolution  are  best  applied  by  machine  methods.  Three  of  the  methods  that  can  be  used  to  estimate 
characteristics  of  simple  nose-cylinder  bodies  of  revolution  at  small  angles  of  attack  throughout  the 
supersonic  range  are  briefly  discussed.  They  are  the  slender-body,  hybrid,  and  second-order  shock- 
expansion  theories. 

Slender-body  theory  is  based  on  the  assumption  that  the  body  surface  slope  (relative  to  the  free  stream)  is 
everywhere  so  small  that  the  boundary  conditions  may  be  applied  on  the  axis.  This  condition  is  met 
if  /?/fN  is  small,  i.e.,  if  the  nose  has  a large  fineness  ratio  or  if  the  flow  is  close  to  sonic  speed.  Slender-body 
theory  is  applicable  in  the  range  of  values  of  the  parameter  p/f n from  0 to  approximately  0.05.  Hybrid 
theory  (reference  8),  a combination  of.a  second-order  axial  solution  with  a first-order  cross  flow  solution,  is 
applicable  for  values  of  /3/fN  from  approximately  0.05  to  0.40.  The  second-order  shock-expansion  method 
(reference  9),  an  extension  of  the  general  shock-expansion  method  at  small  angles  of  attack,  is  applicable 
for  values  of  /?/ fN  from  approximately  0.40  to  °°. 

The  flow  around  bodies  with  boattails  can  be  calculated  by  Van  Dyke’s  hybrid  theory  (reference  8). 
Reference  10  presents  a generalized  curve  for  estimating  the  normal-force-curve  slope  of  boattails,  based  on 
the  method  of  reference  8.  Lavender  and  Deep  (reference  1 1)  give  methods,  based  on  the  work  of  reference 
9,  for  determining  the  normal-force-curve  slope  of  cone-cylinder-frustums,  cone-cylinder-frustum-boosters, 
and  cone-frustum-boosters. 


DATCDM  METHOD 

Empirical  design  charts  are  presented  for  estimating  the  normal-force-curve  slope  of  bodies  of  revolution 
composed  of  ogival  or  conical  noses  and  cylindrical  afterbodies.  In  addition,  theoretical  results  are 
presented  for  determining  the  increment  in  normal-force-curve  slope  due  to  the  addition  of  either  a 
boattailed  or  a flared  body  of  revolution  at  the  end  of  semi-infinite  cylindrical  bodies. 

Figures  4.2.1 . 1 -2 1 a and  4.2.1 . 1 -.2 J b present  Csa,  based  on  maximum  frontal  area,  for  bodies  with  ogival 
and  conical  noses,  respectively,  and  cylindrical  afterbodies  of  varying  fineness  ratio.  The  normal-force-curve 
slopes  of  two  other  common  nose  shapes,  the  3/4-power  nose  and  the  parabolic  nose  (1 /2-power  nose),  are 
not  presented  directly.  However,  experimental  data  indicate  that  the  force  characteristics  of  cones  and 
3/4-power  noses  are  similar,  as  are  those  of  ogives  and  parabolic  noses  (reference  1 2).  Tests  also  indicate 
that  the  addition  of  a cylindrical  afterbody  results  in  approximately  the  same  increase  in  lift,  irrespective  of 
nose  profile  shape  (reference  13).  Therefore  figure  4.2.1 .1-2 la  can  be  used  for  parabolic-nose-cylinders  and 


figure  4.2.1. l-2tb  for  3/4-power-nose-cylinders  with  sufficient  accuracy  for  most  purposes. 

i 

The!  increments  in  normal-force-curve  slope  due  to  the  addition  of  a bo°4 ‘ailed  or  a flared,  body  of 
revolution  at  the  end  of  a semi-infinite  cylindrical  body  are  presented  in  figures  4.2. 1.1 -22a  and 
4.2.1 . 1 -22b,  respectively.  Both  of  these  increments  are  based  on  the  cross-sectional  area  of  the  cylindrical 
body  preceding  the  boattail  or  the  flare.  Figure  4.2.1.l-22a  is  taken  from  reference  10  and  is  based  on  the 
results  of  reference  8.  Figure  4.2.1  ,l-22b  is  based  on  impact  theory. 

A comparison  of  test  data  with  CNft  of  ogive-cylinder  and  cone-cylinder  bodies  calculated  by  this  method 
is  presented  as  table  4.2.i.l-B,  The  ranges  of  body  geometry  and  Mach  number  of  the  test  data  are: 


Cone-Cylinder 


Ogive-Cylinder 


0 

< 

U 

< 

10.00 

2.50 

< 

fN 

< 

7.00 

* 0 

< 

fA/fN 

< 

3.17 

1.36 

< 

M 

< 

5.04 

0 

< 

fA 

11.00 

1.50 

< 

fN 

< 

7.00 

0 

< 

fA/fN 

< 

3.87 

1.28 

< 

M 

< 

5.04 

No  method  is  available  for  estimating  the  lift-curve  slope  of  a body  of  noncircular  cross  section. 
Consequently,  test  data  must  be  relied  upon  as  the  basis  for  predicting  the  lift-curve  slope  of  such 
configurations.  A summary  of  available  test  data  on  bodies  of  noncircular  cross  section  at  supersonic  speeds 
is  presented  as  table  4.2.1 .1-C. 


Sample  Problem 

Given:  The  cone-cylinder-fiare  body  of  reference  27. 


IN  = 1.21  in.  1A  = 4.00  in.  = 2.40  in. 
d = dj  = 1.0  in.  d2  = 2.75  in. 

eF  = 20° 

M = 5,05;  0 = 4.95 


Compute: 

Cone-cylinder: 

fN  =Vd=1.21 

fA  * ijd  = 4.00 

4.2. 1.1-4 


VfN  = 4.0/1. 2!  = 3 31 
fN/0  » 1.21/4.95  = 0.244 


CN  - 3.52  per  rad  (linear  extrapolation,  figure  4.2. ! .1-21  b) 

f (based  on  conc-cylinder  maximum  frontal  area) 


Flare: 


d2/d,  ^ 2.75 

(ACOp 

= 13.30 

0 

(figure  4.2.1. 1- 22b) 

cos  0F 

ecoF  - 13-3° 

(cos  20°) 2 

Trd, 

= 1 1.73 

per  rad  (based  on 

from.  4 ca) 

c«.w  cylinder  maximum 


Solution: 

CN. 


" CNa  +(ACNq) 

cone-cylinder  F 

= 3.52  + 11.73 


= 15.25  per  rad  (based  on  cone-cylinder  maximum  frontal  area; 


This  compares  with  a test  value  of  17.70  per  radian  from  reference  27. 

D.  HYPERSONIC 

Newtonian  impact  theory  is  used  for  estimating  the  normal-force-curve  slope  of  bodies  of  revolution  at 
hypersonic  Mach  numbers.  Newtonian  theory  assumes  that  the  component  of  momentum  normal  to  the 
surface  is  canceled  on  impact,  thus  giving  rise  to  a normal  force.  The  stagnation  pressure  predicted  by 
Newtonian  theory  is  about  ten  percent  higher  than  the  theoretical  adiabatic  pressure  rise  for  an  infinite 
Mach  number.  To  correct  this  overestimation,  a modified  Newtonian  method  has  been  developed  in  which 
the  assumptions  of  Newtonian  flow  are  used,  but  the  theoretical  stagnation-pressure  coefficient  for  the 
Mach  number  being  considered  is  substituted  for  the  Newtonian  stagnation-pressure  coefficient.  Another 
modification  of  Newtonian  theory  considers  the  centrifugal  forces  in  the  flow  around  bodies  of  revolution 
(reference  14).  This  effect  is  small  for  conventional  slender  noses  such  as  cones  and  ogives  at  moderate 
angles  of  attack,  and  the  pressure  forces  on  such  slender  noses  are  satisfactorily  approximated  by  simple 
impact  theory.  For  cylindrical  afterbodies,  inclusion  of  the  effect  of  the  centrifugal  forces  reduces  the 
estimated  normal-force-curve  slope  approximately  ten  percent. 

Newtonian  theory  and  its  modifications  are  discussed  in  detail  in  reference  14.  In  this  work  Newtonian 
analysis  is  presented  for  an  arbitrary  body  of  revolution  and  the  resulting  forces  on  a cone  and  cylinder  are 
given.  In  reference  15  a method  of  application  of  Newtonian  concepts  similar  to  that  of  reference  14  is 
presented.  Reference  15  presents  design  charts  which  allow  the  aerodynamic  characteristics  of  arbitrary 
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bodies  of  revolution  to  be  obtained  without  the  computation  or  radial  integration  of  pressure  distributions. 
In  reference  16  the  modified  Newtonian  approximation  for  the  pressure  distribution  on  bodies  of 
revolution  has  been  used  to  derive  expressions  for  the  aerodynamic  characteristics  at  zero  angle  of  attack 
for  blunted  cones,  truncated  cones,  spherical  segments,  and  rounded-shoulder  cylinders.  Approximate 
equations  are  also  presented  which  may  be  used  in  conjunction  with  the  design  charts  to  obtain  the  zero 
angle-of-attack  characteristics  of  composite  missile  components.  The  Datcom  method  uses  the  results  of 
Newtonian  impact  theory  presented  in  reference  17.  This  work  presents  design  charts  and  equations  for 
determining  the  aerodynamic  characteristics  of  missile  shapes  composed  of  one  or  more  cone  frustums  with 
or  without  a spherical  nose.  In  addition,  design  charts  arc  presented  for  the  special  cases  of  spherically 
blunted  cones  and  ogives  which  can  be  u 4 in  conjunction  with  the  results  of  reference  17. 

DATCOM  METHOD 

The  normal-force-curve  slope  of  a body  composed  of  one  or  more  cone  frustums  with  or  without  a 
spherical  nose,  a blunted  conical  nose,  or  a blunted  ogival  nose,  based  on  the  body  base  area,  is  given  by 

m / d \ 2 

4.2.1. l-b 

n=l  n ' b ' 


To  apply  equation  4.2.1  .l-b  the  body  is  divided  into  m segments,  the  first  segment  being  either  a spherical 
nose,  a blunted  conical  nose,  a blunted  ogival  nose,  or  a cone  frustum,  and  each  succeeding  segment  a cone 
frustum.  The  normal-force-curve  slope  of  a spherical  nose,  based  on  its  base  area,  is  obtained  from  figure 

4.2.1.1- 23.  The  normal-force-curve  slope  of  a blunted  conical  or  blunted  ogival  nose,  based  on  their 
respective  base  areas,  is  obtained  from  figures  4,2,1.1-24  and  4.2.1 .1-25,  respectively.  The  normal-force- 
curve  slope  of  a cone  frustum,  based  on  the  base  area  of  the  specific  segment,  is  obtained  from  figure 

4.2.1.1- 26.  (Note  that  a cylinder  is  considered  a cone  frustum  with  0-0  and  a/d  = 1.0,  and  that  = 
0 by  Newtonian  impact  theory.)  The  ratio  (d„/db)2  refers  the  normal-force-curve  slope  to  the  base  area 
of  the  configuration. 


It  should  be  noted  that  the  design  charts  used  in  this  method  are  based  on  Newtonian  theory  with  no 
modifications  of  the  stagnation-pressure  coefficient  or  the  centrifugal  forces. 


Sample  Problem 

Given:  Configuration  5115  of  reference  45,  consisting  of  a cone-cylinder-frustum  body  with  a spherical 
nose. 


*i— n M? 


dja2<Va3  d3a4  0 


All  dimensions  in  feet 


Spherical  Segment 

d, 

*!  = 0.18  — = 0.36  d,  = 0.62 

Forward  Cone  Frustum 

a2  = 0.62  d2  = 1.20 

i2  = 0.72  02  = 22.5° 
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\*yun  usi 


Rear  Cone  Frustum 


a3  = 1.20 
l3  * 1.20 
d3  = 1.20 
0=0 

Compute: 

Sphe.  ical  Segment 

2i,/d,  = 0.18/0.36  » 0.50 


a4  - 1.20 
I4  - 0.96 

d4  * <*b  * 

04  - 50 


(CNft)j  = 075  per  rad  (figure  4.2.1.1-23)  (based  on 

Foreward  Cone  Frustum 

a3/'d2  = 0.62/1.20  * 0.517 

(Cnq  ) 2 • 1.250  per  rad  (figure  4.2.1.1-26)  (based  on 
Cylinder 

a3/d3  = 1.20/1.20  = 1.00 

(cn0)3  ®°  (figure  4.2.1.1-26) 

Rear  Cone  Frustum 

a4/d4  = 1.20/1.368  = 0.877 


(%)4  * 0.450 per  rad  (figure  4.2.1.1-26)  phased  on 


Solution: 


% (t)  (equation  4.2. 1.1 -b) 

n-1  “ b 


1.368 
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■ (cO,  (t)2  * (C»J;  ©*  * («*),  + (cO,  ©! 

■ (0'7S)  (tHt)!  + <'-250>  (nrs)1  7 <°>  (t)’  7 <0'450,(7:i?) 


= 0.1540  + 0.9618  + 0 + 0.450 

/ irdb2 \ 

= 1.566  per  rad  phased  on  configuration  base  area ) 


This  compares  with  a test  value  of  1.719  per  radian  from  reference  45  at  a Mach  number  of  4.04. 
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FIGURE  4.2.1. l-20b BODY  STATION  WHERE  FLOW  BECOMES  VISCOUS 
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FIGURE  4.2.1 .1 -22a  NORMAL-FORCE-CURVE-SLOPE  INCREMENT  OF  A BOATTAILED 
BODY  OF  REVOLUTION  FOLLOWING  A SEMI-INFINITE  CYLINDER 
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FIGURE  4.2.1.  l-22b  NORMAL-FORCE-CURVE-SLOPE  INCREMENT  OF  A FLARED  BODY  OF 
REVOLUTION  FOLLOWING  A SEMI-INFINITE  CYLINDER  - IMPACT 
THEORY 
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FIGURE  « 2.1. 1-23  NORMAL-FORCE-CURVE  SLOPE  FOR  SPHERICAL  SEGMENTS 
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FIGURE  4.2.1.1-26  NORMAL-FORCE-CURVE  SLOPE  FOR  CONE  FRUSTUMS 


4.2. 1.2  BODY  LIFT  IN  THE  NONLINEAR  ANGLE-OF-ATTACK  RANGE 


Potential-flow  theory  shows  that  the  lift  on  a body  is  a linear  function  of  angle  of  attack  and  is 
proportional  to  the  body  base  area.  In  particular,  the  lift  on  a closed  body  is  zero.  Slender-body 
theory  also  shows  that  the  lift  of  an  inclined  body  is  independent  of  Mach  number  from  low 
subsonic  to  supersonic  Mach  numbers. 

The  prediction  of  body-lift  characteristics  using  potential-flow  theory  is  necessarily  limited  to  those 
cases  where  negligible  viscous  flow  separation  occurs,  i.e.,  low  angles  of  attack.  Divergence  between 
test  data  and  potential-flow  predictions  can  occur  at  very  low  angles  of  attack.  Thus,  to  eliminate 
the  potential-flow-theory  angle-of-attack  limitation  requires  consideration  of  the  viscous  flow 
separation  effects. 

Experimentally,  the  flow  separates  over  the  leeward  side  of  the  body,  and  the  normal  force 
increases  nonlinearly  with  angle  of  attack.  A pair  of  standing  body  vortices  originate  near  the  nose 
and  increase  in  strength  along  the  length  of  the  body.  A cross  section  of  the  flow  is  very  similar  to 
the  two-dimensional  flow  about  an  infinite  cylinder  with  laminar  separation.  That  is,  the  flow 
separates  in  the  region  of  the  lateral  meridians  of  the  body  rather  than  at  points  closer  to  the  top 
meridian,  as  in  turbulent  separation.  This  effect  is  further  accentuated  by  shocklets  that  appear  (at 
subsonic  speeds)  near  the  maximum  half-breadth  at  about  M 0.4  and  fix  the  boundary-layer 
separation.  For  these  reasons  a cross-flow  drag  coefficient  for  laminar-boundary-layer  conditions  is 
used  to  evaluate  viscous  cross-flow  forces  for  body  lift  even  though  the  actual  boundary  layer  is 
usually  turbulent. 

Several  methods  have  been  developed  that  assume  that  the  normal  forces  acting  on  bodies  of 
revolution  at  angles  of  attack  can  be  represented  by  the  linear  combination  of  potential-flow  and 
viscous  cross-flow  contributions.  The  lift-curve  slope  at  zero  angle  of  attack  is  used  for  the 
potential-flow  term.  Some  form  of  cylinder  cross-flow  drag  is  used  to  evaluate  viscous  cross-flow 
lift.  The  methods  differ  mainly  in  their  treatment  of  the  nonlinear  cross-flow  term.  Some  of  the 
better  known  methwds  for  subsonic  and  supersonic  analyses  are  discussed  below. 

In  Reference  I Allen  and  Perkins  assume  that  the  viscous  contribution  at  each  station  along  the 
body  is  equal  to  the  steady-state  drag  of  a section  of  an  infinite  cylinder  placed  normal  to  the  flow 
with  velocity  V sin  a.  This  method  is  accurate  to  within  ±10  percent  for  high  fineness-ratio  bodies 
(fineness  ratios  of  approximately  20  or  greater).  However,  the  accuracy  of  the  method  deteriorates 
as  fineness  ratio  is  decreased. 

Kelly,  in  Reference  2,  presents  a method  that  is  a refinement  of  that  presented  in  Reference  1. 
Kelly  uses  the  hybrid  theory  of  Van  Dyke  (Reference  3),  with  a correction  for  boundary-layer 
displacement  thickness  for  the  potential-flow  contribution.  For  the  viscous  term,  the  unsteady 
cross-flow  drag  of  a cylinder  started  impulsively  from  rest  is  used  instead  of  the  steady-state  value. 
This  method  is  limited  to  cross-flow  Mach  numbers  less  than  0.4  and  to  values  of  the  parameter 
2f  tan  or  < 9. 

The  method  of  Reference  4 assumes  that  viscous  cross-flow  effects  occur  only  on  the  cylindrical 
afterbody. 

These  methods  are  approximate,  however,  and  each  gives  accurate  answers  over  a limited  range  of 
test  conditions.  None  of  them  is  valid  for  all  conditions. 
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A.  SUBSONIC 


Three  methods  are  presented  for  predicting  body  lift.  The  first  method,  taken  from  Reference  5, 
applies  only  to  bodies  of  revolution  and  is  rather  general  in  its  application.  It  is  based  on  the 
assumption  that  the  flow  is  potential  over  the  forward  part  of  the  body  and  has  no  viscous 
contribution  in  this  region.  On  the  aft  part  of  the  body,  the  flow  is  assumed  to  be  entirely  viscous, 
with  lift  arising  solely  from  cross-flow  drag. 

The  second  method  applies  to  bodies  of  elliptical  cross  section  and  bodies  of  revolution.  This 
method  is  based  on  the  concept  of  vortex  lift  for  sharp  delta  wings  as  presented  in  Reference  6.  The 
method  as  presented  herein  has  been  extended  to  include  a set  of  empirical  curves  designed  to 
estimate  the  angle  of  attack  where  the  onset  of  vortex  lift  begins.  This  modification  to  the  theory  is 
necessary,  since  the  onset  of  vortex  lift  for  thick  bodies  does  not  correspond  to  that  for  flat-plate 
wings,  i.e„  zero  angle  of  attack.  The  experimental  data  used  in  the  correlation  are  presented  in 
References  7 through  1 1 . 

The  third  method  is,  in  principle,  the  most  general  in  application,  but  can  be  substantiated  the  least 
by  test  data.  This  method,  presented  in  Reference  12  by  Jorgensen,  applies  to  bodies  of  arbitrary 
cross  section  and  angles  of  attack  from  0 to  180°  in  the  Mach-number  range  from  0 to  7.  The 
method  is  based  on  the  original  proposal  of  Allen  (Reference  1),  that  the  cross  flow  or  lift 
distribution  over  a body  can  be  expressed  as  the  sum  of  a slender-body  potential  term  and  an 
empirical  viscous  cross-flow  term.  Although  the  method  has  been  extended  in  the  literature  to 
include  bodies  with  nonconstant  cross  sections  of  various  types  with  and  without  lifting  surfaces 
and  afterbodies  (References  12  and  13),  the  lack  of  substantiating  test  data  has  restricted  the 
Datcom  method  to  bodies  with  constant  circular  and  elliptical  cross  sections.  References  are  cited 
to  assist  in  analyzing  other  configurations.  Normal-force  coefficient  is  calculated  by  this  method. 
See  Section  4.2. 3. 2 for  calculation  of  axial-force  coefficient  using  the  method  of  Jorgensen.  The 
experimental  data  used  in  the  correlation  are  presented  in  References  12,  14,  15,  and  16. 

As  noted  above,  all  methods  are  applicable  to  bodies  of  revolution.  It  is  suggested  that  Method  1 be 
used  for  bodies  of  revolution  at  low  angles  of  attack  because  of  its  general  application  and 
sensitivity  to  the  many  possible  body  profile  shapes.  It  should  be  noted  that  for  those  cases  where 
the  predictions  from  Method  1 diverge  from  test  data  (approximately  12°  angle  of  attack  or 
higher),  they  generally  tend  to  underpredict  the  lift  coefficient.  Conversely,  the  results  from 
Method  2 generally  tend  to  yield  estimates  that  exceed  the  test  data  in  the  high-angle-of-attack 
range.  Therefore,  it  is  recommended  that  Method  3 be  used  in  the  high-angle-of-attack  range. 


DATCOM  METHODS 


Method  1 

The  expression  for  the  lift  coefficient  of  a body  of  revolution,  based  on  VB2/3,  taken  from 
Reference  5,  is 


C 


L 


(k2  - k, ) 2 a S„ 

V 2/3 
v B 


V 2/3 

v B 


R rcd 

c 


dx 


4.2.1.2-a 


4.2. 1.2-2 


where 


(k2  - k, ) 2 a Sc 

is  the  potential-flow  contribution  from  Paragraph  A of  Section  4.2. 1.1. 

V 2/3 

VB 


a is  the  angle  of  attack  in  radians. 


n 


is  the  ratio  of  the  drag  on  a finite  cylinder  to  the  drag  on  an  infinite 
cylinder,  obtained  from  Figure  4.2,1.2-35a. 


r is  the  body  radius  at  any  longitudinal  station. 

cd  is  the  steady-state  cross-flow  drag  coefficient  of  a circular  cylinder  of 

c infinite  length,  obtained  from  Figure  4.2. 1 .2 -35b. 

CB  is  the  body  length. 


The  remaining  terms  are  defined  in  Paragraph  A of  Section  4.2. 1.1. 

The  lift  coefficients  of  several  bodies  of  revolution,  calculated  by  the  Datcom  method,  have  been 
compared  with  test  data  in  Reference  5.  In  general,  the  accuracy  of  the  method  is  satisfactory  up  to 
angles  of  attack  of  approximately  1 2°. 


Method  2 

The  expression  for  the  lift  coefficient  of  bodies  of  revolution  and  elliptical  cross-section  bodies, 
based  on  the  projected  body  planform  area,  is  given  by 

CL  = Kp  sin  a cos2  a + sin2  (a  - ay ) cos  (a  - ay ) 4.2.1.2-b 


where 

Kp  is  the  potential-flow  lift  parameter,  obtained  from  Figure  4.2.1. 2-36a  as  a function  of 
body  aspect  ratio. 

Kv  is  the  viscous-flow  lift  parameter,  obtained  from  Figure  4.2. 1.2 -36b  as  a function  of  body 
aspect  ratio. 

a is  the  body  angle  of  attack. 

av  is  the  angle  of  attack  where  the  onset  of  vortex  lift  begins,  obtained  from 
Figure  4.2. 1 .2-37  as  a function  of  body  fineness  ratio  and  thickness  ratio. 

When  ay  >a  the  viscous-lift  contribution  (second  term)  of  Equation  4.2.1.2-b  is  not 
considered;  i.e.,  it  is  zero.  Thus  the  second  term  is  considered  only  for  those  cases  where 
a - ay  yields  a positive  value. 


4.2. 1.2-3 


The  test  data  used  to  generate  Figure  4.2. 1 .2-37  were  limited  to  Mach  numbers  less  than  0.6. 
Therefore  it  is  advisable  that  Equation  4.2.1.2-b  be  applied  to  Mach  numbers  ess  than  0.6.  For 
higher  Mach  numbers  the  user  is  referred  to  the  parametric  test  data  contained  in  References  8 
through  1 1 . 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  in  Table  4.2.1.2-A.  It 
should  be  noted  that  these  test  data  and  all  other  available  test  data  were  used  in  the  development 
of  the  empirical  curves,  which  estimate  the  angle  of  attack  where  the  onset  of  vortex  lift  begins. 

In  general,  the  accuracy  of  the  method  was  found  to  be  satisfactory  up  to  angles  of  attack  of 
approximately  20°. 

For  those  noncircular  cross-section  bodies  that  cannot  be  analyzed  by  this  method,  the  user  is 
referred  to  the  summary  of  available  test  data  on  bodies  of  noncircular  cross  section  at  subsonic 
speeds  presented  in  Table  4. 2. 1.1 -A. 


Method  3 


The  normal-force  coefficient*  for  bodies  with  circular  and  elliptical  cross  sections,  based  on 
cross-sectional  reference  area  S,  is  given  by 


is  the  ratio  of  the  normal-force  coefficient  for  the  body  of  noncireular  cross 
section  to  that  for  the  equivalent  body  of  circular  cross  section  (same 
cross-sectional  area)  as  determined  by  slender-body  theory.  For  circular  cross 
sections  this  ratio  is  one.  For  elliptical  cross  sections  this  ratio  is  given  by 


where 


a ^ b 7 
= — cos  0 + — sin  0 
b a 


4.2.1.2-d 


a is  the  major  axis  of  the  elliptical  cross  section. 


b is  the  minor  axis  of  the  elliptical  cross  section. 


0 is  the  angle  of  bank  of  the  body  about  its  longitudinal  axis;  0 = 0 
with  the  major  axis  horizontal,  and  0 = 90°  witli  the  minor  axis 
horizontal. 


•The  body  lift  can  be  determined  by  CL  = cos  a + C^  sin  a where  is  obtained  from  Section  4. 2. 3. 2. 


4.2.1. 2-4 


is  the  body  base  area. 


C* 


is  the  cross-sectional  reference  area  of  the  cylindrical  portion  of  the  body  (can 
be  arbitrarily  selected). 


a 


is  an  incidence  angle  defined  as  a1  = a for  0 < a < 90,°  and  a'  = 1 80°  - a for 
90°  < a < 1 80°. 


is  the  ratio  of  the  normal-force  coefficient  for  the  body  of  noncircular  cross 
section  to  that  for  the  equivalent  body  of  circular  cross  section  (same 
cross-sectional  area)  as  determined  by  Newtonian  impact  theory.  For  circular 
cross  sections  this  ratio  is  one.  For  elliptical  cross  sections  this  ratio  is  described 
below. 


When  the  major  axis  (a)  is  perpendicular  to  the  cross-flow  velocity, 


4.2.1.2-e 


When  the  minor  axis  (b)  is  perpendicular  to  the  cross-flow  velocity, 


4.2.1.2-f 


where  a and  b are  as  defined  above. 


77  is  the  cross-flow  drag  proportionality  factor,  obtained  from  Figure  4.2.1.2-35a 

as  a function  of  body  fineness  ratio. 

cd  is  the  cross-flow  drag  coefficient  of  the  cylindrical  section,  obtained  from 

c Figure  4.2. 1.2-35b  as  a function  of  cross-flow  Mach  number  Mc,  where  Mc  = M 

sin  a. 


Sp  is  the  body  planform  area.  In  applying  the  method  to  bodies  with  elliptical 

cross  section,  the  term  Sp  in  Equation  4.2. 1 ,2-c  is  based  on  an  equivalent  body 
of  revolution  with  the  same  cross-sectional  area. 


Reference  I 2 discusses  methods  of  computing  CN  for  bodies  with  noncircular  and  nonelliptical  cross 
sections.  Reference  13  treats  the  general  case  of  axially  varying  cross-sectional  shape  and  bodies 
with  lifting  surfaces.  However,  since  substantiating  data  for  these  methods  are  la -king,  they  have 
been  omitted  from  the  Datccm. 


4.2. 1.2-5 


It  is  noted  in  Reference  12  that  the  cross-flow  drag  coefficient  Cdc  may  be  reduced  dramatically 
under  the  simultaneous  conditions  of  Mc  < 0.4  and  Rg  sin  a>  105  (R8  is  Reynolds  number  based 
on  diameter).  These  conditions  have  only  recently  been  analyzed  in  detail  and  have  not  been 
included  in  the  Datcom  method  because  of  considerable  uncertainty  in  the  magnitude  and  trend  of 
the  effects.  For  more  detailed  information  regarding  these  effects,  the  user  should  refer  to 
Reference  12. 

Although  the  method  is  applicable  up  to  a = 180°,  no  test  verification  has  been  obtained  fora> 
60°  at  subsonic  speeds.  Table  4.2.1.2-B  presents  substantiation  data  taken  at  two  Mach  numbers. 
The  calculated  values  for  CN  tend  to  underestimate  the  test  values  at  high  a’s.  The  method  is 
probably  less  accurate  as  transonic  speeds  are  approached  (M  > 0.9).  It  is  further  recommended  that 
Methods  1 and  2 be  used  at  the  low  angles  of  attack  whenever  possible,  since  the  accuracies  of  these 
methods  are  better  substantiated  at  low  a’s. 


Sample  Problems 


Method  1 

Given:  An  ogive-cylinder-boattail  body  of  revolution  of  Reference  20.  This  is  the  body  of  the 
sample  problem  of  Paragraph  A of  Section  4.2. 1 . 1 . 

Body  Characteristics: 

d = 5.0  in.  = 26.25  in. 

db  = 3.30  in.  2b  = 63.47  in. 

(k2  - kj ) = 0.960  \ 

VB  2/3  = 0.660  sq  ft  / 

> (Sample  Problem,  Paragraph  A,  Section  4.2. 1 . 1 ) 
x0  = 50.34  in.  i 

Sc  “ 0. 134  sq  ft  ' 

Additional  Characteristics: 

M = 0.80  a = 4°,  8°,  12°,  16°,  20° 

Compute: 

(k2  - k, ) 2 a S0  ^ (Q  960)  (2)  a (0.1 34)  = Q 39Q  a 

v 2/3  0.660 

VB 


sc  = 23.77  in.  CA  = 13.45  in. 
f = CB/d  = 12.7 


4.2. 1.2-6 


cd  ~ «MC);  Mc  = Msina 

uc 

M varies  from  0.80  sin  4°  to  0.80  sin  20°;  0.056  < Mc  ^ 0.274 


Cj  = 1.20  (constant) 


(Figure  4.2. 1 .2-35b) 


n = 0.710  (Figure  4.2. 1 . 2 -35a) 


f 


r?  r cd  dx 


J *63.47 

50.34 


(0.7 10)  (r)  (1.20)  dx 


= (0.710)  ) (1.20)  (63.47  - 50.34) 

= 23. 10  sq  in.  = 0.160sqft 


Solution: 


Cr  = 


(K2-k,)2aS0  2a2  r*B 


V 2/3 

VB 


V 2/3 

yB 


/ 


rjrc.  dx  (Equation  4.2.1. 2-a) 


= 0.390  a + 


2a2 


0.660 
= 0.390  a + 0.485  a2 


(0.160) 


Or 

(uagl 

a 

(rad) 

CL 

(based  on  V 2^3) 

O 

Eq.  4.2.1 ,2-a 

4 

0.0698 

0.0296 

s 

0.1396 

0.0639 

12 

0.2094 

0.1030 

16 

0.2792 

0.1467 

20 

0.3490 

0.1954 

The  calculated  results  are  compared  with  test  values  in  Sketch  (a). 


Compute: 


d . ~ 2 

equiv 


(0.707)  (2.1  21) 


= 2.45 


, o 14.077 

f = = = 5 74 

2.45 


a _ 2.121 
b “ 0.707 


= 3.0 


Kp  = 0.85  (Figure  4.2.1 .2-36a) 


K = 3.14  (Figure  4.2.1. 2-36b) 


a = 4.3°  (Figure  4.2.1.2-37) 


Solution: 


CL  = Kp  sin  a cos2  a + Kv  sin2  (a  - ay ) cos  (a  - av ) 


(Equation  4.2.  !.2-b) 


K sin  (or  — or  > cos  [a  — a ) 
v v v 


» 


ANGLE  OF  ATTACK,  a (d-g) 
SKETCH  (b) 


Method  3 

Given:  Elliptical  cross-sectional  body  with  tangent  ogive  nose  of  Reference  15. 


Body  Characteristics: 


4.667  cm 


Ce  = 66.0  cm  Sp  = 392.466  cm2 


- = 2.333  cm 
2 


fiN  = 19.8  cm 


4.2.1.2-10 


Additional  Characteristics: 

a = 50°  0 = 0 M = 0.6  RK  = 6.5  x 105  (based  on  diameter) 

and  the  major  axis  (a)  is  perpendicular  to  cross-flow  velocity. 

Compute. 

a'  = « = 50° 

S = — = t7(4.667)(2.333)  = 34.206  cm2 

4 

Sb  = S = 34.206  cm2 


d 


6.6  cm 


Slender-body  potential-theory  term 
S.  (J  34  206 

~ sin  2a'  cos—  = — (0.9848)(0.9063)  = 0.8925 
S 2 34.206 

Viscous  cross-flow  term 


£b  _ 66.0 

d ' 6.6 


10 


tj  = 0.685  (Figure  4.2.1. 2-35a) 

Mc  = Msina  = 0.6(0.7660)  - 0.46 
cd  = 1.32  (Figure  4.2. 1.2 -35b) 

SP  , 392.466  , 

7,cdcysin2a  = (0.685X1.32)  (0.766)2  = 6.09 


Ratios  for  noncircular  cross  section 


a j u . ~ 

— cos  0 + — sin*  0 
b a 


4.667 

2.333 


0)  + 


2.333 

4.667 


(0) 


(Equation  4.2.1.2-d) 


2.0 


4.2.1.2-11 
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r* 
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3_  IT 
2 \ b 


N't 


h2/a2 


b2 

;r 


2 \ 3/2 


■logs 


a / / b2 

- '■  + VI  — 

b v 

\ a 


l --- 


3 i 4. (->67 

2 V 33IJ  1 


(Equation  4.2. 1 ,2-e} 


(2.333)2/(4.667)2 


2.S332  j3/2 


4.667 


logc 


4.667  / 2.3332 

/ ! + v'  I - — 

2.333  I v 


4.6672 


1 


2.3332 

4.6672 


2.121  | -0.3849  loge  3.732  + 1.333 
-0.3844  •*  3169)+  1.333 


- 2.121 
= 1.752 


Solution: 


77cd  -^-sin2a'  j (Equation  4.2.1 .2-0 


= 2.0  (0.8425)  + 1.752  (6.04) 


i 


■ * 


r ® 


- 12.45  (based  on  body  cross-sectional  reference  area,  S) 
Additional  values  have  been  tabulated  belo'v: 


M 

a 

(deg) 

CN 

06 

10 

1.2 

. 

0 6 

20 

3.2 

; 

0.6 

30 

6 9 

0.6 

40 

9 0 

0.6 

60 

12  5 

0.6 

60 

IS  8 

The  calculated  results  of  the  sample  problem  are  compared  to  test  values  from  Reference  IS  in 
Sketch  (c). 


4.2.1. 2-12 


t 1 1 t ( 1 \ 

0 iO  20  30  40  50  o0 

ANGLE  OF  ATTACK . d (deg) 

SKETCH  (c) 
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At  transom*.  Much  numbers,  the  How  about  ;•  body  of  moderate  to  large  angles  of  attack  is  very 
complex,  Analy  tically.  the  handling  ot  ins  iseid  mixed  subsonic  and  supersonic  flow  which  interact 
at  their  mutual  boundaries,  is  quite  difficult  The  presence  of  fh.  body  boundary  lay  er,  which  may 
provide  an  additional  mode  of  interaction  between  the  locally  subsonic  and  supersonic  Hows, 
presents  an  additional  complication. 


DATCOM  METHOD 

Because  of  the  analytical  difficulties  of  the  problem,  no  method  is  given  for  estimating  the  transonic 
lift  of  a body  at  angle  of  attack.  It  is  suggested  that  subsonic  estimates  be  faired  into  supersonic 
results,  with  experimental  data  for  similar  configurations  used  as  a guide  in  fairing.  Tor  bodies  of 
revolution,  the  reader  is  referred  to  the  test  data  of  References  17  through  21 . 

For  elliptical  cross-section  bodies  in  the  transonic  speed  regime,  the  reader  is  referred  to  the 
parametric  test  data  presented  in  References  8 through  1 I. 


4.2. 1.2-13 


C.  SUPERSONIC 


Three  methods  are  given  for  predicting  body  lift. The  first  method  uses  the  results  of  the  cross-flow 
analysis  presented  in  Reference  1 to  predict  the  lift  on  a body  of  revolution  at  angle  of  attack.  This 
result  has  been  modified  by  Jorgensen  in  Reference  22  to  include  bodies  of  elliptical  cross  section, 
and  that  modification  is  also  presented  under  Method  1.  The  cross-flow  method  of  Reference  I is 
discussed  at  the  beginning  of  this  section. 

The  second  approach  uses  hypersonic-similarity  concepts  that  have  been  adapted  to  supersonic 
speeds.  The  hypersonic-similarity  parameters  are  extended  to  supersonic  Mach  numbers  by 
replacing  M by  0 in  the  hypersonic  parameters  (Reference  23).  Test  data  for  a wide  range  of  cone 
cylinders  for  Mach  numbers  between  1.57  and  4.24  are  used  ir.  Reference  24  to  derive  supersonic 
design  charts  based  on  these  modified  hypersonic-similarity  parameters.  These  charts  are  presented 
in  this  section.  They  have  been  slightly  modified  at  the  upper  limit  of  their  range  to  make  them 
consistent  with  the  hypersonic  charts  presented  in  Paragraph  D.  These  charts  can  be  used  for 
pointed  noses  other  than  cones  with  only  small  losses  in  accuracy. 

The  third  method  is  an  improvement  on  Method  1 developed  by  Jorgensen  in  Reference  12.  This 
method  calculates  the  normal-force  coefficient  up  to  angles  of  attack  of  180°  on  bodies  with 
circular  and  elliptic  cross  sections.  The  method  is  identical  to  that  presented  as  Method  3 in 
Paragraph  A of  this  section.  It  is  recommended  that  this  method  b used  at  high  angles  of  attack 
whenever  the  first  two  methods  are  not  applicable 


DATCOM  METHODS 


Method  I 


lne  method  presented  for  predicting  the  lift  of  a body  of  revolution  at  angle  of  attack  is  that  of 
Allen  and  Perkins,  in  Reference  1 The  lift  of  bodies  of  elliptical  cross  section  is  that  of  Reference  1 
as  modified  by  Jorgensen  in  Reference  22. 

The  lift  coefficient  of  a body  of  revolution,  based  on  body  base  area,  is 


C 


L 


2a  + c 


4.2.1.2-g 


where 

cr  is  the  angle  of  attack  in  radians. 

c'd  is  the  cross-flow  drag  coefficient,  obtained  from  Figure  4.2. 1.2 -35b. 

e 

Sp  is  the  body  planform  area. 

Sfe  is  the  body  base  area. 


4.2.1.2-14 


The  supersonic  lift  coefficient  at  angle  of  attack  of  a body  having  an  elliptical  cross  section,  based 
on  body  base  area,  is 


(Cl) 


a/b 


la  1 b , 

|—  cosJ  0 + — sinz  0 C. 
{ b a L 


4.2.1.2-h 


where 

a is  the  major  axis  of  the  elliptical  cross  section. 

b is  the  minor  axis  of  the  elliptical  cross  section. 

<p  is  the  angle  of  bank  of  the  body  about  its  longitudinal  axis;  0 = 0 with  the  major  axis 
horizontal  and  0 = 90°  with  the  minor  axis  horizontal. 

CL  is  the  lift  coefficient  of  a body  of  revolution  having  the  same  cross-sectional  area 
distribution  along  its  axis  as  the  elliptical-cross-section  body  of  interest.  It  is  given  by 
Equation  4.2. 1.2-g. 

The  Datcom  method  has  been  used  to  calculate  the  variation  of  lift  coefficient  with  angle  of  attack 
for  the  bodies  of  elliptic  cross  section  of  Reference  22  and  the  bodies  of  revolution  of  References  I , 
22,  and  25  through  28.  Although  the  nose  shapes  of  most  of  the  configurations  analyzed  were 
tangent  ogives,  a few  bodies  of  revolution  had  conical  or  hemispherical  noses.  All  the  afterbodies 
were  straight  (no  boattai!  or  flare).  In  general,  the  calculated  results  agree  well  with  test  data, 
particularly  for  angles  of  attack  up  to  approximately  10°.  The  comparison  of  calculated  and  test 
values  for  the  sample  problems  at  the  conclusion  of  Paragraph  C of  this  section  is  indicative  of  the 
degree  of  accuracy  of  this  method. 


Method  2 


The  alternate  method  uses  hypersonic-similarity  parameters  that  have  been  adapted  to  supersonic 
speeds  by  the  method  of  Reference  23.  The  variation  of  normal-force  coefficient  with  angle  of 
attack  for  pointed  or  nearly  pointed  bodies  of  revolution  is  estimated  by  using  Figures  4.2  1.2 -38a 
through  -38d,  where  j3  = - ! • The  normal-force  coefficient  presented  in  these  design  charts  is 

referred  to  the  base  area  of  the  configurations. 

With  the  exception  of  bodies  with  elliptical  cross  sections  there  are  no  methods  for  predicting  the 
lift  on  bodies  of  noncircular  cross  section  at  supersonic  speeds.  A summary  of  available  test  data  on 
bodies  of  noncircular  cross  section  at  supersonic  speeds  is  presented  as  Table  4.2.1.141’.  It  is  of 
interest  to  note  that  in  Reference  22  (Reference  37  of  Table  4.2.1.1-C)  the  effect  of  cross-sectional 
shape  on  body  aerodynamics  has  been  assessed  for  bodies  with  circular,  elliptic,  square,  and 
triangular  cross  sections.  The  results  for  bodies  with  noncircular  cross  sections  have  been  compared 
with  results  for  bodies  of  revolution  having  the  same  axial  distribution  of  cross-sectional  area.  Data 
taken  from  Reference  22  are  presented  in  Sketch  (d),  which  shows  the  experimental  ratio  of  the  lift 
of  bodies  with  square  and  triangular  cross  sections  to  the  lift  of  the  body  of  revolution  having  the 
same  axial  distribution  of  cross-sectional  area  as  a function  of  angle  of  attack  and  Mach  number. 
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These  data  show  that  at  certain  angles  of  bank,  noncircular  bodies  develop  considerably  more  lift 
than  their  equivalent  bodies  of  revolution  at  a given  angle  of  attack.  The  data  of  Reference  22  also 
show  that  the  ratio  of  lift  coefficient  for  a body  of  elliptic  cross  section  to  that  for  an  equivalent 
body  of  revolution  is  practically  constant  with  change  in  both  angle  of  attack  and  Mach  number, 
and  that  the  ratio  is  given  closely  by  slender-body  theory.  The  slender-body-theory  result  for  the 
ratio  of  potential-flow  lift  for  an  elliptic  body  to  that  for  an  equivalent  body  of  revolution  is  the 


bracketed  term  in  Equation  4.2.1.2-h,  i.e., 


a b ' j 

— cos*<p  + — sin^ 
b a 


. No  such  simple  correlation  is 


available  for  other  bodies  of  noncircular  cross  section. 


b 


1 


M = 1.98 


ANGLE  OF  ATTACK, a (deg) 
SKETCH  id  ) 


Method  3 


The  method  of  Jorgensen  for  bodies  of  revolution  and  bodies  with  elliptical  cross  sections, 
described  in  Method  3 of  Paragraph  A of  this  section,  is  also  applicable  throughout  the  supersonic 
speed  regime  up  to  M = 7.  The  method  is  applicable  for  angles  of  attack  from  0 to  1 80°. 

The  cross-flow  drag  proportionality  factor  rj  in  Equation  4.2.1.2-c  is  equal  to  1.0  for  M>  1.0. 

Comparisons  of  calculated  and  test  values  of  C'N  are  presented  in  Table  4.2.1.2-C  for  bodies  with 
circular  and  elliptical  cross  sections  and  various  nose  shapes.  The  method  is  intended  primarily  for 
the  high-angle-of-attack  analysis,  and  it  is  recommended  that  either  Da t com  Method  1 or  2 be  used 
at  low  angles  of  attack. 
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Sample  Problems 

1.  Method  I 

Given:  An  ogive-cy!  nder  body  of  Reference  22 


U 


fa 


7 


Body  Characteristics: 

'**  = T ■ 3 0 

d = 1.40  in. 


f*  ■ “ ’ 7 0 


S - 1 7.66  sq  in. 


Sp/Sb  = 11.47 


f = — = 10.0 

d 


S.  - 1.539  sq  in. 


Additional  Characteristics: 

M =1.98  a = 4°,  8°,  1 2°,  16°.  20° 

Compute: 

Cdc  “ (Figure  4.2. 1.2-35b)  (See  calculation  table  below.) 

Solution: 


C,  = 2a  + c , - — 


a 


(Equation  4.2.1.2-g)  (based  on  Sh) 


O @ © © 


© © 


0 


© 


a 

(deg) 

a 

(rad) 

a2 

(rad2) 

M 

c 

M sin  <y 

ca 

c 

Fig.  4. 2. 1.2 -35b 

2a 

2@ 

$p  2 

C <* 

c 

c 

0(11.47)0 

CU 

Eq.  4.2.1 .2  -g 
© + 0 

4 

0.0698 

0.00487 

0.138 

1.20 

0.1396 

0.C670 

0.2066 

a 

0.1396 

0.01949 

0.276 

1 .208 

0.2792 

0.2700 

0.5492 

12 

0.2094 

0.04385 

0.412 

1 .275 

0.4188 

0.64)0 

'.  .0598 

16 

0.2792 

0.07795 

0.546 

1.41 

0.5584 

1.2600 

1.8184 

20 

0.3490 

0.12180 

0.677 

1.62 

0.6980 

2.2620 

2.9600 
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2.  Method  1 


Given:  A body  of  Reference  22  having  an  elliptical  cross  section  and  the  same  axial  distribution  of 
cross-sectional  area  as  the  body  of  revolution  of  Sample  Problem  1. 


Body  Characteristics: 

a = 1.98  in.  b = 0.99  in.  a/b  = 2.0  0 = 0 

Additional  Characteristics: 


M = 1.98  a = 4°,  8°,  12°,  16°,  20° 


{ 


Compute: 

CL  vs  a for  a body  of  revolution  having  the  same  cross-sectional  area  distribution,  (from  Sample 
Problem  1) 

Solution: 


, b , 
cos  <t>  + — sir/  0 C. 
a 


(Equation  4.2. 1 .2-h)  (based  on  Sb ) 


= [(2.0)  ( 1.0) + 0]  CL  = 2.0  CL 


a 

(dag) 



CL 

Simple  Probl*.!'  1 

<cL> 

»/b 

Eq.  4.2.1 .2  h 

4 

0.207 

0.414 

8 

0.549 

1.098 

12 

1 .060 

2.120 

16 

1.818 

3.63C 

20 

2.960 

5.920 

The  calculated  results  of  Sample  Problems  1 and  2 are  compared  with  test  values  from  Reference  22 
in  Sketch  (e). 
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3.  Method  3 

t 

Refer  to  Sample  Problem  3 in  Paragraph  A of  this  section  for  an  example  of  the  application  of  the  j 
method.  j 

i 

D.  HYPERSONIC 

Three  methods  are  presented  for  estimating  forces  on  bodies  of  revolution  at  hypersonic  speeds. 

One  is  the  hypersonic-similarity  method.  Another  is  the  Newtonian  impact  theory  and  its  j 
modifications,  discussed  in  Paragraph  D of  Section  4.2. 1.1.  A third  method  is  the  method  of  j 
Jorgensen  presented  in  Paragraphs  A and  C of  this  section.  j 

The  first  method  presented  in  this  section  is  based  on  hypersonic  similarity  with  Newtonian-theory 
modifications.  Data  from  References  23  and  29  through  32  have  been  correlated  by  means  of  the  I 
hypersonic-similarity  parameters  and  the  results  extended  to  high  Mach  numbers  by  means  of  j 
Newtonian  theory.  These  data  are  limited  to  pointed,  unflared  bodies. 

The  incremental  normal-force  coefficient  due  to  spherical  nose  blunting  of  cones  has  been 
calculated  by  using  Newtonian  theory.  The  calculations  assume  that  pressures  aft  of  the  intersection 
of  the  sphere  and  the  cone  are  not  affected  by  the  blunt  nose. 

Increments  in  normal  forces  due  to  the  addition  of  flares  on  cylindrical  bodies  have  also  been 
calculated  or.  the  basis  of  Newtonian  flow.  Caution  should  be  used  in  using  body  flares,  however, 
because  they  can  cause  flow  separation  due  to  the  pressure  rise  across  the  shock  wave  at  the 
beginning  of  the  flare.  These  separated  flows  can  be  unsteady  and  can  cause  large  losses  in  lift  and 
moment  effectiveness.  The  conditions  that  aggravate  boundary-layer  separation  tendencies  are  large 
flare  angles,  lower  Mach  numbers,  high  Reynolds  number  (for  a given  laminar  or  turbulent 
condition),  and  high  wall  temperatures.  Corner  radii  or  filleting  can  greatly  alleviate  this  problem. 
Reference  33  gives  some  idea  of  the  magnitude  of  these  effects. 


VC 


4.2.1.2-19 


V 


'^*n* 


The  second  method  is  based  on  Newtonian  impact  theory.  Design  charts,  taken  from  Reference  34, 
are  presented  for  estimating  the  normal-force  characteristics  of  arbitrary  bodies  of  revolution.  These 
charts  are  applicable  to  angles  of  attack  up  to  90°. 

The  third  method  is  the  method  given  by  Jorgensen  in  Reference  12,  and  presented  as  Method  3 of 
Paragraphs  A and  C of  this  section.  This  method  calculates  the  normal-force  coefficient  up  to  angles 
of  attack  of  180°  on  bodies  with  circular  and  elliptical  cross  sections.  It  is  recommended  that  this 
method  be  used  at  high  angles  of  attack  whenever  the  first  two  methods  are  not  applicable. 

DATCOM  METHODS 


Method  1 

The  normal-force  coefficient  for  a body  composed  of  a circular  cone-cylinder  with  or  without  a 
blunted  nose  and/or  a flared  skirt,  based  on  the  body  base  area,  is 

CN  = <Cd  fe1)  + <ACN  ) „ (rj  + ( AC»  ) 4-2- ' '24 

cylinder  \ " / \ b/ 

where 


cone 

cylinder 


is  the  normal-force  coefficient  of  a circular  cone-cylinder,  based  on  the  cylinder 
base  area.  This  parameter  is  obtained  from  Figure  4.2. 1 .2-40. 


is  the  increment  in  normal-force  coefficient  due  to  blunting  the  nose  of  the 
cone,  based  on  the  base  area  of  the  spherical  nose  segment.  This  parameter  is 
obtained  from  Figure  4. 2. 1.2 -42a. 


'ACn\  is  the  increment  in  normal-force  coefficient  due  to  the  addition  of  a flared 

' body  of  revolution  at  the  end  of  a semi-infinite  cylindrical  body,  based  on  the 

base  aiea  of  the  flared  body.  This  parameter  is  obtained  from  Figure 
4.2. 1.2 -42b. 


d 


cyl 


is  the  diameter  of  the  cylinder. 


d 


is  the  diameter  of  the  spherical  nose  segment.  (See  Figure  4.2. 1.2-42a.) 


is  the  body  base  diameter. 


Method  2 


The  expression  for  the  normal-force  coefficient  of  an  arbitrary  body  of  revolution,  based  on  the 
body  base  area,  taken  from  Reference  34,  is 


K 

7T 


B 

~R 
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where 


K = 2,  according  to  Newtonian  theory,  which  corresponds  to  = 00  and  7 = 1.0.  This  value 
does  not  account  for  either  Mach  number  or  7 variations,  but  for  pointed  bodies  with 
attached  shocks  it  gives  results  of  acceptable  accuracy.  For  blunt  bodies  the  actual  value 
of  the  stagnation-point  pressure  coefficient  may  be  used  for  K: 


K = 


7 + 3 
7 + 1 


7 + 3 


1 
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is  the  body  length. 

R is  the  reference  radius  (radius  of  the  base), 
r is  the  local  radius  at  any  body  station. 

is  a pressure-surface-slope  integral  factor  obtained  from  Figure  4.2.1.2-43  as  a function 
of  angle  of  attack  and  the  surface  slope  0 of  the  body  of  revolution. 


The  following  steps  outline  the  calculation  procedure: 

Step  1.  From  the  equation  of  the  body  of  revolution  obtain  the  expression  for  the  surface 
slope  using  the  relation 


where  6 , dr,  and  dx  are  illustrated  in  Sketch  (f). 


SKETCH  (f) 


Step  2.  Compute  the  values  of  r/R  and  0 at  various  longitudinal  stations  x/CD  . 

K 
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Step  3.  For  various  x/fiB  enter  Figure  4.2.1.2-43  with  the  corresponding  d from  Step  2 and 
obtain  at  the  desired  angle  of  attack. 

Step  4.  Plot  the  product  K9  ~ versus  x/fiB . 

R 

Step  5.  Obtain  CN  by  integrating  the  area  under  the  curve  described  in  Step  4 and  multiply- 

K fiB 

ing  that  value  by  — . 

7 r R 


Method  3 

This  method  is  identical  to  Method  3 presented  in  Paragraphs  A and  Cof  this  section.  The  method 
is  applicable  to  angles  of  attack  from  0 to  180°  and  Mach  numbers  up  to  7.  The  method  has  been 
partially  substantiated  by  test  data  from  Reference  16  in  Table  4.2. 1.2-C. 

The  method  shows  reasonable  agreement  with  test  data  at  hypersonic  speeds  in  the  low-angle-ot- 
attack  range.  Because  of  the  scarcity  of  substantiating  test  data,  caution  should  be  used  when 
applying  the  method  at  higher  angles  of  attack  (a  > 25°). 


Sample  Problems 


1.  Method 


Given:  Configuration  5115  of  Reference  35,  consisting  of  a cone-cylinder-frustum  body  with  a 
spherical  nose.  This  is  the  configuration  of  the  sample  problem  in  Paragraph  D of  Section 
4.2.1. 1. 


6 JS.  


Kn  = 1.45  ft  «A  = 1.20  ft 


d = 0.62  ft 


dcy|  = 1.20  ft  db  = 1.268  ft 


0N  = 22.5°  8 F = 5° 


M * 4.04;  p = 3.91 


« 4.2.1.2-22 


. ,.L  _•«  v m 


w 


Compute: 


*A  d 


*A  1.20 


^ " d 


N 1.45 


= 1.00 


= 1.21 


" dcy,  1.20 
fA/fN  = 1.00/1.21  - 0.83 
fi/fH  = 3.91/1.21  = 3.23 

(d/db)2  = (0.62/1.368)2  = 0.205 


(dcy,/db)2  = (1.20/1.368)2  = 0.769 


1 -(clcy|/db)2  = 0.231 


Solution: 


CM  - /Cv  \ 


+ /acm\ 


(A1* 


V cone- 

cylinder 

W V " 

/N  \db  / 

0 

0 

® 

© 

cylinder  \ 

(0/13.91)1  (0.769) 

a 

(deg) 

pa 

(deg) 

WVcone- 

cylinder 
Fig.  4,2.1 .2-40 
interpolated 

Fig.  4.2.1 .2-42a 

0 

10 

39.1 

1.5 

0,295 

-0.435 

20 

78.2 

3.5 

0.688 

-0.820 

30 

117.3 

5.4 

1.062 

-1.125 

40 

156.4 

7.8 

1.534 

-1.350 

/acm\ 


(Equation  4.2. 1 .2-i) 


Fig.  4.2.1 ,2.42b 


0.40  0.092 

0,92  0.212 

1 .56  0.383 

2.55  0.589 


(based  on  S0) 

0 + ©+® 


0.212  0.732 

0.383  1.214 


0.589  1 .846 
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2.  Method  2 


Given:  A second-power  body  of  revolution  of  fineness  ratio  1.0. 


= 3.55  a = 6°  y = 1.40 


Compute: 

Determine  K for  a blunt-nosed  body 

K = 2^-1  i 1_  — L = 1.77  (Equation  4.2.1. 2-k) 

7+1  7 + 3 Mqo 


Calculate  r/R  and  6 at  various  longitudinal  stations  x/CB  and  plot  (see  Sketch  (g)>. 


0 .1  .2  .3  .4  .5  .6  .7  .8  .9 


x/*  8 

4.2.1.2-24  SKETCH  (g) 


Obtain  values  for  K0  from  Figure  4.2. 1 .2-43  for  various  values  of  6 at  a ~ 6°. 


Plot  the  product  of  Kg  — versus  x/CB  (see  Sketch  (h)). 


Integrate  the  urea  under  the  curve  of  Sketch  (h). 


/ K»  T 


- d — = 0.  i 35 

R \ B / 


■ng 

mmwSmmmmmm 


Kn  — 


x/{a 

SKETCH  (h) 


Solution: 


K»id(r)  (Equi"io,,42'^> 


(1.77)(2.Q) 

7 r (1.0) 


(0.135) 


= 0.1 52  (based  on  Sb ) 


3.  Method  3 


Refer  to  Sample  Problem  3 in  Paragraph  A of  this  section  fur  an  example  of  the  application  of  the 
method. 
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FIGURE  4.2. 1.2 -35a  RATIO  OF  THE  DRAG  COEFFICIENT  OF  A CIRCULAR  CYLINDER  OF 
FINITE  LENGTH  TO  THAT  OF  A CYLINDER  OF  INFINITE  LENGTH 
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FIGURE  4.2. 1 .2 -35b  STEADY-STATE  CROSS-FLOW  DRAG  COEFFICIENT  FOR  CIRCULAR 
CYLINDERS  (TWO  DIMENSIONAL) 
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FIGURE  4.2.1.2  37  VARIATION  OF  ANGLE  OF  ATTACK  FOR  ONSET  OF  VORTEX 
LIFT  WITH  FINENESS  RATIO  AND  THICKNESS  RATIO  FOR 
ELLIPTICAL  BODIES 
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HYPERSONIC  SPEEDS 


FIGURE  4.2.1.2-42a  INCREMENT  IN  NORMAL  FORCE  DUE  TO  NOSE  BLUNTING  OF  A CONE 


FIGURE  4.2.1.2-42b  INCREMENT  IN  NORMAL  FORCE  DUE  TO  BODY  FLARE 
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4.2.2  BODY  PITCHING  MOMENT 
4.2.2. 1 BODY  PITCHING-MOMENT-CURVE  SLOPE 


A.  SUBSONIC 

Two  methods  are  presented  in  this  section  for  estimating  the  body  pitching-moment-curve  slope  at 
angles  of  attack  near  zero.  Several  additional  methods  are  presented  in  References  1 through  4 of 
Section  4. 2. 1.1.  As  in  the  case  with  lift,  moments  acting  on  bodies  are  frequently  considered  in  the 
literature  to  be  divisible  into  two  contributions  — one  due  to  potential  flow  over  the  forward  part 
of  the  body  and  the  other  due  to  viscous  cross  flow  over  the  aft  part  of  the  body.  The  general 
discussion  of  Section  4.2. 1.2  on  these  flow  conditions  is  directly  applicable  to  this  section. 

DATCOM  METHODS 

The  two  methods  presented  for  calculating  the  body  pitching-moment-curve  slope  are  distinguished 
from  one  another  in  that  Method  1 is  applicable  only  to  bodies  in  the  presence  of  a wing  flow  field; 
whereas  Method  2 is  valid  only  when  applied  to  a body  in  undisturbed  flow. 

It  is  not  feasible  to  present  generalized  design  charts;  however,  both  Equations  4.2.2. 1-a  and  -b  can 
be  integrated  for  any  arbitrary  body  of  revolution. 

Method  1 

Multhopp’s  method,  taken  from  Reference  1,  estimates  the  body  pitching-moment-curve  slope  in 
the  presence  of  a wing  flow  field.  This  method  is  valid  for  bodies  of  revolution  in  the  low  subsonic 
speed  regime.  Application  of  this  method  is  practical  only  when  test  data  are  available  for  the  wing 
pitching-moment-curve  slope  of  the  wing-body  combination.  This  method  then  allows  a separate 
analysis  of  the  body  effects  to  be  made,  cabling  a build  -up  of  the  wing-body  pitching-moment- 
curve  slope  based  on  test  data  for  the  wing  contribution  and  on  this  method  for  the  body 
contribution.  If  no  wing  pitching-moment-curve-slope  test  data  are  available,  the  method  of 
Section  4. 3. 2.2  is  recommended  for  estimating  the  wing-body  pitching-moment-curve  slope.  The 
body  pitching-moment-curve  slope  in  the  presence  of  a wing  flow  field,  based  on  the  product  of 
wing  area  and  wing  MAC  Sw  cw  , is  given  by 

1 f?B  Au  \ 

Cm  - — ■■---•  I W[2  — +1  dx  (perdegree)  4.2. 2. 1-a 

a 3 0.5  S^yCyy  Jq  dot  / 


where 

Sw  is  the  wing  reference  area. 

cw  is  the  wing  mean  aerodynamic  chord. 

Kb  is  the  length  of  the  body. 
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is  the  average  width  of  a given  body  segment  (see  Sketch  (a)). 
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SKETCH  (a) 


is  the  rate  of  change  of  upwash  with  respect  to  angle  of  attack.  The  estimation  of 
3eu  3eu 

— varies  for  various  fuselage  segments.  These  definitions  of  with  their 


respective  body  segments  are  presented  in  Sketch  (a).  The  values  of  for  the 

body  increments  forward  of  the  wing  are  estimated  by  the  curves  presented  in 
Figures  4.2.2. 1 -22a  and  -22b.  The  separate  curve  for  the  body  increment 
immediately  forward  of  the  wing  is  necessary  because  of  the  rapid  increase  of 

3eu 

upwash  in  this  vicinity.  Both  curves  of  presented  in  Figures  4.2.2. 1 -22a  and 

-22b  are  based  on  a wing-body  lift-curve  slope  of  0.0785  per  degree.  To  correct  for 

3e„ 


other  values  of 


by  the  ratio 


o‘’  (Cia) 
(Cl<»)  wb 


, multiply  the  values  of  - — obtained  from  these  figures 
wb  da 

/0.0785.  (The  values  of  /CL(>\  ^ should  be  obtained  from 


N 


test  data  or  Section  4.3. 1.2  and  expressed  in  units  of  per  degree.)  The  estimation  of 

9eu 

-r — for  that  portion  of  the  body  aft  of  the  wing  is  based  on  the  assumption  of  a 
da 

linear  variation  of  downwash  from  the  trailing  edge  of  the  exposed  wing  root  chord 
to  the  horizontal  tail.  If  the  methods  of  Section  4.4.1  are  to  be  used  for  estimating 
de 

~ , the  downwash  should  be  calculated  for  the  trailing-edge  point  of  the  body;  i.e., 
da 

assume  the  horizontal-tail  MAC  quarter-chord  point  coincides  with  the  trailing  edge 
of  the  fuselage. 
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Method  2 


The  method  of  Reference  2 is  presented  for  estimating  the  body  pitching-moment-curve  slope.  Only 
the  potential-flow  portion  of  the  method  of  Reference  2 is  applied,  limiting  the  application  of  the 
method  to  angles  of  attack  near  zero.  The  body  pitching-moment-curve  slope,  based  on  the  total 
body  volume  VB , is  given  by 

2(k2-k,)  f* o dSx 

cma  * d7(Xm-,°dX  (perradian)  4.2.2.1-b 

where 

(k2  - k,)  is  the  apparent  mass  factor  developed  by  Munk  and  given  in  Figure  4.2.1 .1  -20a. 
VB  is  the  volume  of  the  body. 

x0  is  the  body  station  where  the  flow  ceases  to  be  potential.  It  is  a function  of 

Xj,  the  body  station  where  the  parameter  dSx/dx  first  reaches  its  maximum 
negative  value.  The  parameters  x0  and  x,  are  correlated  in 
Figure  4.2. 1.1 -20b. 

Sx  is  the  body  cross-sectional  area  at  any  body  station. 

(? 

xm  is  the  longitudinal  distance  from  the  nose  to  the  chosen  moment  center. 

x is  the  location  of  the  center  of  pressure  of  a given  body  segment,  measured 

from  the  nose. 

In  many  cases  it  will  be  possible  to  determine  the  location  of  Xj  by  inspection.  For  cases  that  are 
doubtful,  the  area  distribution  should  be  plotted  and  examined  to  determine  the  location  where 
dSx/dx  first  reaches  its  maximum  negative  value. 

The  pitching-moment-curve  slopes  of  several  bodies  of  revolution  have  been  calculated  by  this 
method  and  compared  with  test  data  in  Reference  2.  In  general,  the  method  has  a fair  degree  of 
accuracy  at  angles  of  attack  near  zero. 

Fora  rapid  but  approximate  estimation,  slender-body  theory  can  be  used,  which  gives 

/ xm  VB  \ 

Cm  = 2l—  + — — - l)  (per  radian)  4.2.2.1-c 

<*  \xB  obxB  / 

where  Cnio  is  based  on  Sb8B,  Sb  being  the  base  area  of  the  body  of  revolution  and  8B  the  total 
length  of  the  body  of  revolution. 

No  method  is  available  for  estimating  the  pitching-moment-curve  slope  of  a body  of  noncircular 
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cross  section.  Consequently,  test  data  must  be  relied  upon  as  the  basis  for  predicting  the 
pitching-moment-curve  slope  of  such  configurations.  A summary  of  available  test  data  on  bodies  of 
noncircular  cross  section  at  subsonic  speeds  is  presented  as  Tabic  4.2.1 .1-A. 

Sample  Problems 


1 . Body  in  the  wing  flow  field 

Given:  The  wing-body  configuration  of  Reference  3 


Body 

Increment 

Ax 

(in.) 

tin.) 

*1 

(in.) 

1 

' .07 

2.7 

53.0 

2 

*r 

6.9 

45.5 

3 

7 

10.3 

38.5 

4 

7 

13.4 

31.5 

5 

14 

16.1 

21.0 

6 

14 

16.8 

14.0 

7 

14 

16.8 

7.0 

8 

14 

16.1 

21.0 

9 

7 

14.1 

31.5 

10 

7 

12.7 

38.5 

11 

7 

11.1 

45.5 

12 

7 

8,2 

52.5 

13 

7 

t>.1 

59.5 

14 

6,21 

1.7 

65.6 
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Evaluate  I 

*0 


l *T  + V dx 


0 ® © 0 


Body 

Incramtnt 

* 

(In.*) 

»«u 

aT +1 

Am 

(In.) 

©00 

1 

7.29 

1.084 

8.07 

63.77 

2 

47.6 

1.108 

7.0 

389.19 

3 

106.1 

1.132 

7.0 

840.74 

4 

179.6 

1.162 

7.0 

146007 

S 

269.2 

1.222 

140 

4434.39 

e 

282.2 

2.168 

140 

8686.33 

7 

282.2 

0.062 

140 

24406 

S 

269.2 

0.187 

14.0 

678.69 

9 

196.8 

0.280 

7.0 

389.66 

10 

161.3 

0.342 

70 

386.16 

11 

123.2 

0.404 

7.0 

348.41 

12 

87.3 

0.467 

7.0 

219.68 

13 

26.0 

0.623 

7.0 

66.28 

14 

240 

0.883 

6.21 

8.78 

E 


18,106.78  cu.  in. 


Solution: 


1 

36.5  S|y  c iff 


(Equation  4.2.2. 1-a) 


18,106.78 

(36.5X4429X39.97) 


0.00280  per  degree 


No  test  data  are  available  for  the  body  in  the  presence  of  the  wing  flow  Held. 


4.2.2. 1-6 


2.  Potential  Flow 


o 


Given:  The  3/4-power  body  of  revolution  of  Reference  12. 


V3  = 0.687  cu  ft  f = «„/d  * 9.87  xm  » 3.54  ft  M = 0.40 

Compute: 

Detcnnine  xt 

The  body  station  where  dSx/dx  first  reaches  a maximum  negative  value  can  be 
determined  by  inspection;  however,  the  area  distribution  is  plotted  to  illustrate  the 
determination  of  Xj . 
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- 5.036  ft 

= 5.036/5.036  = 1.0 
= 0.905  (figure  4.2.1.1-",'s  ' 

(0.905)  (5.036)  = 4.558  ft 

kj)  = 0.937  (figure  4.2. 1.1 -20a) 


2(0.937) 

v 

B 0.68' 

- L.  IJ.6 

r°  ds 

Kvaluarp  1 ( 

1 dx  ' 

*0 

"m  '*■ 

Station 

(ft) 

r 

(ft) 

s 

X 

0 

0 

0 

0.6 

0.100S 

0.0317 

1.C 

0.1581 

0.0785 

1.5 

0.1922 

0.1161 

2.0 

0.2280 

0.1633 

2.6 

0.2461 

0.1903 

3.0 

0.2642 

0.2030 

3.6 

0.2532 

0.2014 

4.0 

0.2425 

0.1848 

*o  " 4-66 

0.2200 

0.1521 

— ■ Ax  - AS 
dx  * 

(ft  2) 


0.0317 

0.0468 

0.0376 

0.0472 

0.0270 

0.0127 

-0.0016 

-0.0166 

-0.0327 


Solution: 

C„ 


2(k?  - kj ) I dS 

vT~  l Tx 


“ - (xm  - x)  dx  (eqi 


u T H 0 UA 

- (2.728)  (0.474) 

= 1 .293  per  rad  (based  on  VB ) 

Tliis  compares  with  a test  value  of  1 .369  per  radian  from  refe 

•x  it  taken  «t  tha  war  of  volume  of  each  body  segment. 


3.  Slender-Body  Theory 

Given:  The  same  configuration  as  sample  problem  2. 

VB  = 0.687  cu  ft  Sh  = 0.1 103  sq  ft 


(equation  4.2.2. 1-c) 

= 1 .880  per  rad  (based  on  SJ.B ) 

= 1 .52  per  rad  (based  on  VB ) 

B.  TRANSONIC 

Slender-body  theory  states  that  body  force  and  moment  characteristics  are  not  functions  of  Mach  number. 
Experimental  data  verify  this  result  (references  4,  5,  and  6).  Any  differences  in  the  subsonic  value 
of  Cm(J  obtained  from  paragraph  A and  the  supersonic  value  of  Cmo  obtained  from  paragraph  C should 
be  faired  out  smoothly  in  the  transonic  range.  Experimental  data  should  be  used,  when  available,  as  a guide 
in  fairing  in  the  transonic  range. 

Transonic  test  data  on  bodies  of  noncircular  cross  section  are  available  in  references  25,  26,  and  5 of  table 
4.2.1.1-A. 

C.  SUPERSONIC 


xm  = 3.54  ft  = 5.036  ft 

Compute: 

xm/li>  = 3.54/5.036  = 0.7029 


0.687 


Sb*B 

Solution: 

C„ 


= 1.237 


(0.1 103)  (5.036) 


.jfi,  A A 

\i,  V,  / 

* 2(0.7029  + 1.237  - 1) 


Several  theoretical  methods  have  been  developed  that  can  be  used  for  estimating  the  moment  characteristics 
of  bodies  of  revolution  at  supersonic  speeds.  However,  these  are  best  applied  by  machine  methods.  Some  of 
these  methods  are  discussed  in  paragraph  C of  Section  4.2.1 .1 . 

DATCOM  METHOD 

An  empirical  method  is  presented,  based  on  the  data  from  reference  7,  for  ogive-cylinder  and  cone-cylinder 
bodies  at  supersonic  speeds.  Figure  4.2,2.1-23a  gives  the  center-of-pressure  location  for  ogive-cylinders,  and 
figure  4.2.2. 1 -23b  gives  the  center-of-pressure  location  for  cone-cylinders.  The  moment  slope,  based  on  the 
product  of  the  maximum  frontal  area  and  body  length  SbIb  . is 

Cm«  = Gf  “T^)  Cn*  (perradian)  4.2.2. 1-d 

where 

Xm 

— is  the  desired  moment-center  location  in  fraction  of  body  length. 
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is  the  center-of-pressure  location  in  fraction  of  body  length,  obtained  from  figure  4.2.2. 1 -23a  or 
figure  4.2.2. 1-2 3b,  depending  upon  the  given  configuration. 


CN  is  the  normal-force-curve  slope,  based  on  maximum  frontal  area  of  the  ogive-cylinder  or 
a cone-cylinder  body,  obtained  from  paragraph  C of  Section  4.2. 1.1  (figures  4.2.1.1-21a  and 
4.2.1 .1-21  b,  respectively). 

Experimental  data  from  reference  6 indicate  that  the  center-of-pressure  location  of  1 /2-power  bodies  is 
closely  approximated  by  corresponding  (same  fineness  ratio)  ogive  values.  This  reference  also  indicates  that 
the  center-of-pressure  location  for  3/4-power  bodies  is  approximately  5 percent  of  the  body  length  ahead  of 
the  corresponding  cone  location.  Figure  4.2.2. l-23a  is  recommended  for  1/2-pow^;  bodies.  For  3/4-power 
bodies  it  is  recommended  that  figure  4.2.2. l-23b  be  used  with  the  center-of-pressure  location  moved 
forward  approximately  S percent  from  the  chart  value. 


The  center-of-pressure  location  of  a boattail  at  the  end  of  a semi-infinite  cylindrical  body  is  presented  in 
figure  4.2.2.1-24.  This  chart  is  taken  from  reference  9 and  is  based  on  the  results  of  reference  10. 

The  moment  slope  of  an  ogive-cylinder  or  cone-cylinder  body  with  a boattail  afterbody,  based  on  the 
product  of  the  maximum  frontal  area  and  the  length  of  the  ogive-cylinder  or  cone-cylinder  body  SBIB , is 
(see  sketch  (b)) 


(Cma) 


ofke/cone 

cyBndei 


f *» 

— + ( 

i mi 

L 

ij»  ' 

1 «J: 

ACn^  (per  radian)  4.2.2. 1-e 


where  (Qm  ) is  obtained  from  equation  4.2.2. 14*  xm  /iB  is  defined  above,  and 

^ OKhre/cone- 
qrhdn 


<*C.p.>b 

*b 


is  the  center-of-pressure  location  of  the  boattail  in  fraction  of  boattail  length,  measured  aft  of 
the  forward  face  of  the  boattail.  This  parameter  is  obtained  from  figure  4.2.2.1-24. 


h 


is  the  ratio  of  the  boattail  length  to  the  length  of  the  ogive-cylinder  or  cone-cylinder  body. 


ACn  is  the  increment  in  normal-force-curve  slope,  based  on  SB , due  to  the  addition  of  a boattail 

a to  a semi-infinite  cylindrical  body.  This  parameter  is  obtained  from  paragraph  C of  Section 

4.2.1.1  (figure  4.2.1. l-22a). 
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The  moment  coefficient  of  a flared  body  of  revolution  is  taken  to  be  that  predicted  by  impact  theory. 

The  moment  slope  of  an  ogive-cylinder  or  cone-cylinder  body  with  a flared  afterbody,  based  on  the  product 
of  the  maximum  frontal  area  and  length  of  the  ogive-cylinder  or  cone-cylinder  body  S bIb  , is  (see  sketch 

(c)) 


d3 


= (S,)  , +c»„ir+ 

v a/  oflve/eone-  c a^ln  *B  ° F 

cylinder 


4.2.2. lif 


where 


(Cmff  ^ is  obtained  from  equation  4.2.2.1-dl,  and 

ojlre/conc- 
cy Under 

Cm  is  the  pitching-moment-curve  slope  of  the  flared  afterbody  about  its  own  front  face,  based  on 
a the  product  of  its  base  area  and  base  diameter.  This  parameter  is  obtained  from  figure 
4.2.2. l<25h. 

d is  the  diameter  of  the  base  of  the  flared  body, 

a is  the  diameter  of  the  front  face  of  the  flared  body. 

iB  is  the  length  of  the  ogive-cylinder  or  cone-cylinder  body. 

n is  the  distance  from  the  face  cf  the  flared  afterbody  to  the  desired  moment  reference  axis  of 

the  configuration,  positive  aft, 

is  the  normal-force-curve-slope  increment,  based  on  Sb,  due  to  the  addition  of  a flared 
ff/F  afterbody  behind  a semi-infinite  cylinder.  This  parameter  is  obtained  from  paragraph  C of 
Section  4.2.1 .1  (figure  4.2.1  ,l-22b). 
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A comparison  of  test  data  with  CmQ  of  ogive-cylinder  and  cone-cylinder  bodies  calculated  by  this  method 
is  presented  as  table  4.2.2.1-A.  The  ranges  of  body  geometry  and  Mach  number  of  the  test  data  are: 


Cone-Cylinder 

Ogive-Cylinder 

0 < 

fA 

< 

12 

0<  fA 

< 10 

2.112  < 

fN 

< 

12 

1.5  < fN 

< 7 

0 < f 

4 

< 

2.5 

0 < N 

< 2.5 

1.5  < 

M 

< 

5.0 

1.20  < M 

< 4.24 

No  method  is  available  for  estimating  the  pitching-moment-curve  slope  of  a body  of  noncircular  cross 
section  at  supersonic  speeds.  Consequently,  test  data  must  be  relied  upon  as  the  basis  for  predicting  the 
pitching-moment-curve  slope  of  such  configurations.  A summary  of  available  test  data  on  bodies  of 
noncircular  cross  section  at  supersonic  speeds  is  presented  as  table  4.2.1 .1-C. 

Sample  Problem 

Given:  The  cone-cylinder-flare  body  of  reference  13.  This  is  the  same  configuration  as  the  sample  problem 
of  paragraph  C of  Section  4.2.1 .1 . 


IN  = 1.21  in.  IA  - 4.00  in.  Ig  = 5.21  in. 

1F  = 2.40  in.  deyl  = 3mre  = 1.0  in. 

dfliw  " d = 2-75  m 200 

n = -5.21  in.  xro  = 0 M = 5.05;  0 = 4.95 

Compute: 

Cone-cylinder 

{s  - Vdd  s 121 

fA  « Vdc,  - 4 00 


4.2.2.1-12 


fA/fN  = 4.00/1.21  = 3.31 

fN//J  = 1.21/4.95  = 0.244 


XCJI  4 b = 0.36  (linear  extrapolation)  (figure  4.2. 2.1-23b) 


CN  = 3.52  per  rad  (based  on  SB)  (sample  problem,  paragraph  C,  Section  4.2. 1.1) 
”0  0 


con  e- 
cylindex 


= (0-0.36)  (3.52) 

=-1.267  per  rad  (based  on  SB 


Flare: 


(ACn  ^ = 1 1 .73  per  rad  (based  on  SB  ) (sample  problem,  paragraph  C,  Section  4.2. 1.1) 


n/lB 

= -5.21/5.21  = -1.0 

a/d 

= 1.0/2.75  = 0.364 

C ' 

= - 1 .0  per  rad  (based  on 

Solution: 

c 

= (C  ) + C ' 

mQ 

V mcrJ  ma 

cone* 

TTd3 


d3  n 

+ — /AC.  ^ (equation  4.2.2.  ljf) 
| V 'Wf 


cylinder 

= -1.267  + (-1.0) 


*b 

f2.75)3 


+ (-1.0)  (11.73) 


(1.0^  (5.21) 

= -1.267  - 3.992  - 11.73 
= -16.99  per  rad  (based  on  SBJtB) 

This  compares  with  a test  value  of  -14.51  per  radian  from  reference  13. 


D.  HYPERSONIC 

Newtonian  theory  is  used  in  this  section  to  estimate  the  pitching-moment-curve  slope  of  cone  frustums  with 
or  without  a spherical  nose,  a blunted  conical  nose,  or  a blunted  ogival  nose.  Newtonian  impact  theory  and 
its  modifications  are  discussed  in  paragraph  D of  Section  4.2.1 .1 . 
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A. 


DATCOM  METHOD 


Charts  that  give  the  pitching-moment-curve  slope  of  cone-frustum  bodies  and  spherical  noses  are  presented 
in  figures  4.2.2.1-25®  and  4.2.2. l-25b,  respectively.  These  charts  are  taken  from  reference  II  and  are  based 
on  Newtonian  impact  theory.  By  properly  combining  values  from  these  charts,  the  total  CmQ  may  be 
determined  for  bodies  composed  of  multiple  cone  frustums  with  or  without  spherically  blunted  noses. 

The  center-of-pressure  locations  of  spherically  blunted  cones  and  ogives  are  presented  in  figures  4.2.2.1-26 
and  4.2.2.1-27,  respectively.  These  charts  are  also  based  on  impact  theory,  and  represent  a specific 
application  of  the  method  described  below  for  configurations  consisting  of  cone  frustums  with  spherical 
noses. 

The  procedure  for  computing  the  toial  pitching-moment-curvc  slope  for  a complex  body  is  given  in  the 
following  steps.  The  moment  values  for  each  individual  segment  of  a multiple  cone-frustum  body  with  or 
without  a spherical  nose  are  referred  to  a moment  axis  at  the  front  face  of  that  particular  segment,  and  are 
based  on  the  product  of  the  base  area  and  base  diameter  of  that  particular  segment. 

Step  1.  Compute  Cl  for  each  body  segment  about  its  own  front  face,  using  figures  4.2.2. l-25a 
and  4.2.2. l-2Sb. 


Step  2.  Transfer  the  individual  moment  slopes  to  a common  reference  axis  by  applying  the 
following  moment  transfer  equation  to  each  body  segment. 

Cm  = C ' + ~ CN  (per  radian)  4.2.2. 1-g 

ma  n'a  d 


where 

CN  is  the  normal-force-curve  slope  of  the  individual  cone-frustum  or  spherical  nose 
a segment,  based  on  its  own  base  area,  from  figures  4.2.1.1-26  and  4.2.1.1-23, 
respectively. 

d is  the  base  diameter  of  the  individual  cone-frustum  or  spherical  nose  segment. 

n is  the  distance  from  the  front  face  of  a given  segment  to  the  desired  moment 
reference  axis  of  the  configuration,  positive  aft. 

is  the  pitching-moment-cuive  slope  of  an  individual  segment  from  figure 
a 4.2.2.1-25®  for  cone  frustums  and  from  figure  4.2.2. l-.25b  for  spherical  nose 
segments.  CjaQ  is  based  on  the  product  of  the  base  area  and  the  base  diameter  of 
the  individual  segment. 

Cm  is  the  pitching-moment-curve  slope  of  an  individual  segment  based  on  the  product 
a of  the  base  area  and  base  diameter  of  the  individual  segment  and  referred  to  a 
common  reference  axis. 


Step  3.  The  transferred  pitching-moment-curve  slopes  of  the  individual  body  segments  are  then 
converted  to  a common  basis  by 
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iukh 


,7  ^ 


(per  radian) 


4.2.2. l*h 


m 


E 


where  the  subscript  n refers  to  an  individual  segment  of  m segments,  and  CnQ,  is 
referred  to  a common  reference  axis  and  is  based  on  the  product  of  the  area  and  diameter  of 
the  base  of  the  configuration  Sbdj,. 

In  using  figures  4.2.2.1-26  and  4.2.2.1-27  to  obtain  the  pitching-moment-curve  slope  of  spherically  blunted 
cones  and  ogives,  respectively,  use  is  made  of  equation  4.2.2. 1-d,  i.e,, 


ix  -if)  % 


where 


xc.p.  is  obtained  from  figure  4.2.2.1-26  for  spherically  blunted  cones  and  from  figure  4.2.2.1-,27 
a for  spherically  blunted  ogives. 

B 

xm 

— is  the  desired  moment-center  location  in  fraction  of  body  length. 


CN  is  the  normal-force-curve  slope  of  spherically  blunted  cones  and  spherically  blunted  ogives 
° from  figures  4.2.1.1-24  and  4.2.1 .1-25,  respectively. 

Cm  is  the  pitching-moment-curve  slope,  referred  to  a desired  moment  axis  and  based  on  the 
° product  of  the  maximum  frontal  area  and  body  length  SBIB , 


Values  of  CmQ  computed  by  the  above  method  for  spherically  blunted  cones  and  ogives  may  be  used  in 
conjunction  with  the  results  presented  for  conical-frustum  bodies  in  figure  4.2.2. 1 -25a,  provided  the 
individual  results  are  transferred  to  a common  reference  axis  and  converted  to  a common  basis. 

Sample  Problem 

Given:  Configuration  5115  of  reference  14,  consisting  of  a cone-cylinder-frustum  body  with  a SDherical 
nose.  This  is  the  same  configuration  as  the  sample  problem  in  paragraph  D of  Section  4.2.1 .1 . 


(All  dimensions  are  in  feet.  xm 
located  0.55  ft  forward  of  nose.) 


Spherical  Segment 

d, 

<=  0.18  ~ = 0.36  dj  = 0.62 

Forward  Cone  Frustum 

a2  = 0.62  d2  = 1.20  l2  = 0.72 

02  - 22.5° 
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- '.1  V 


Cylinder 


a3  = 1.20  d3  = 1.20  13  = 1.20  0 = 0 


Rear  Cone  Frustum 


»4  = 1.20  d4  = db  = 1.368  14  = 0.96  04  = 5< 


Compute: 


Spherical  segment 

2^/d,  = 0.18/0.36  = 0.50 


= —0.430  per  rad  (figure  4.2.2. l-2|Sbl  (based  on 
"ai  front  face) 


(^k 


and  taken  about  its 


n3  = -0.55 


= 0.75  per  rad  I based  on  I (sample  problem,  paragraph  D,  Section  4.2.1. 1) 


= C * + — CN  (equation  4.2. 2.  kg) 

mOj  dy  a y 


/ -0.55  \ 

= -0430  + (-a«)  °-75 


= —1 .095  per  rad  (based  on 


(kk 


and  taken  about  x ) 


Forward  Cone  Frustum 

a,/d~  = 0.67/1.20  = 0.517 


C ' = —0.590  per  rad  (figure  4.2.2.1-25a)  (based  on 

°2  face) 

n2  = -(0.55+  ty)  = -0.73 


{¥■):■ 


and  taken  about  its  front 


= 1.250  per  rad  (based  on  — —((sample  problem,  paragraph  D,  Section  4.2. 1.1) 
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c. 


(equation  4.2.2. 1-g) 


n2 

m°2  " Cm°2  + d2  Cn*2 

• -°-590  4 (t§  ) '-250 


= -1.350  per  rad  (based  on  d2,  and  taken  about  xm) 


Cylinder 

a3  /d3 

= 1.20/1.20  * 1.00 

C"®3 

2 0 (figure  4.2.2.1-25#) 

“3  * 

-(0.55  +lj  +lj)  - -1.45 

Cn 

*2 

2 0 (sample  problem,  paragraph  D,  Section  4.2. 1.1) 

C_ 

n3 

* Cl  +-~  CL,  2 0 (equation  4.2.2. 1-g) 

*0,  d3  ^ *ct , 

Rear  Cone  Frustum 

a4/d4  - 1.20/1.368  2 0.877 

/*dbl\ 

* -0.325  per  rad  (figure  4.2.2.1-23*)  (based  on  1 ~T~j  db,  and  taken  about  its  front 
Q*  face)  ' 4 / 

n4  - -(0.55 +ij  +13)  - -2  65 


/ »db2\ 

I based  on  ~ — J 


0.450  per  rad  I based  on  ~ — ) (sample  problem,  paragraph  D,  Section  4.2.1. 1) 


(equation  4.2.2. 1-g) 

®4  d4  ®4 

-0-325  * (tHI)  °-450 

/*db2\ 

-1 .196  per  rad  (based  on  l -y  I db,  and  taken  about  xm  ) 
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- -0.1019  - 0.91 12  + 0 — 1.196 


- -2.209  per  rad  (baaed  on 


db,  and  referred  to  a moment  axis  at  xm) 
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TABU  4.2.2.1-A 

SUPERSONIC  PITCHING-MOMENT-CURVE  SLOPE  OF  CONE-CYLINDER 
AND  OGIVE-CYLINDER  BODIES 
DATA  SUMMARY  AND  SUBSTANTIATION 
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SUPERSONIC  SPEEDS 


FIGURE  4.2.2. 1- 23a  SUPERSONIC  CENTER  OF  PRESSURE  OF  OGIVE  WITH  CYLINDRICAL 
AFTERBODY 


FIGURE  4.2.2. 1- 23b  SUPERSONIC  CENTER  OF  PRESSURE  OF  CONE  WITH  CYLINDRICAL 
AFTERBODY 
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0TAN  e 


FIGURE  4.2.2.1-24  SUPERSONIC  CENTER  OF  PRESSURE  OF  BOATTAILED  BODY  OF 
REVOLUTION  MOUNTED  BEHIND  A SEMI-INFINITE  CYLINDER 


4.2.2.1-24 


HYPERSONIC  SPEEDS 
SEMICONE  ANGLE,  6,  (deg) 


NOSE  BLUNTNESS,  21/4, 
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Xc.p/*N 


HYPERSONIC  SPEEDS 


FIGURE  4.2.2.1-26  CENTER  OF  PRESSURE  OF  SPHERICALLY 
BLUNTED  CONES  (IMPACT  THEORY) 
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, HYPERSONIC  SPEEDS 

X,.p/*N 

FRACTION  OF 
NOSE  LENGTH 


FIGURE  4.2.2.1-27  CENTER  OF  PRESSURE  OF  SPHERICALLY  BLUNTED  OGIVES 

(IMPACT  THEORY) 
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4,2.2. 2 BODY  PITCHING  MOMENT  IN  THE  NONLINEAR  ANGLE-OF-ATTACK  RANGE 


A.  SUBSONIC 

Two  methods  are  presented  for  calculating  subsonic  pitching-moment  coefficient.  The  first  method 
is  applicable  to  bodies  with  circular  cross  sections  and  angles  of  attack  up  to  about  12°.  This 
method  allows  for  a variation  of  the  cross-sectional  diameter  along  the  length  of  the  body.  The 
second  method  is  applicable  to  bodies  with  circular  or  elliptical  cross  sections  for  angles  of  attack 
from  0 to  180°.  This  method  has  been  substantiated  only  for  bodies  with  a constant  cross-sectional 
size  and  shape. 


DATCOM  METHODS 


Method  1 

As  discussed  in  Section  4. 2. 1.2,  the  viscous  cross  How  over  a body  at  moderate  to  large  angles  of 
attack  makes  a substantia!  contribution  to  both  lift  and  pitching  moment.  This  method  for 
predicting  body  pitching  moment  therefore  differs  chiefly  from  the  method  of  Section  4.2.2. 1 in 
that  the  viscous  cross  forces  are  considered. 

The  method  of  Reference  1 is  presented  for  estimating  the  pitching  moment  of  a body  of  revolution 
at  angle  of  attack,  based  on  the  total  body  volume  and  referred  to  an  arbitrary  moment  axis. 


C 


m 


x)dx  + 


7?rc,  (x„ 


o 


- x)d  X 


4.2.2.2-a 


where  the  terms  in  the  above  expression  are  defined  in  Paragraph  A of  either  Section  4.2.)  .2  or 
Section  4.2.2. 1 . 

The  pitching-moment  coefficients  of  several  bodies  of  revolution,  calculated  by  the  Datcom 
method,  have  been  compared  with  test  data  in  Reference  1 . The  method  appears  to  give  the  best 
results  at  the  lower  angles  of  attack,  but  in  general  the  method  is  satisfactory  up  to  angles  of  attack 
of  approximately  12°. 

Method  2 

This  method  is  based  on  the  method  of  Jorgensen  (Reference  2)  and  consists  of  the  sum  of  a 
slender-body  potential  term  and  an  empirical  viscous  cross-flow  term.  The  method  is  applicable  to 
bodies  of  circular  and  elliptical  cross  sections  for  angles  of  attack  from  0 to  180°.  However,  it  is 
recommended  that  Method  1 be  used  for  a <1  12°.  Bodies  with  other  types  of  cross  sections  and 
those  with  variable  cross  sections  have  been  investigated  by  this  method  (References  2 and  3),  bui 
very  little  substantiating  test  data  are  available.  A summary  of  available  test  data  on  bodies  of 
noncircular  cross  section  at  subsonic  speeds  is  presented  as  Table  4.2.1 .1-A. 

The  pitching-moment  coefficient  for  bodies  of  revolution  and  bodies  with  elliptical  cross  sections, 
based  on-  body  cross-sectional  reference  area  and  diameter,  is  determined  from  the  following 
equations: 


4.2. 2.2-1 


For  0 < a < 90° 


C„  = 


-N 


VB~Sb(CB-^) 


N^/sb  L 
CN 


Sd 


a 


sin  2a  cos  — 
2 


Ncir 


SP  /Xm  “ Xc  , . 2 , 

^rrr"1  sin  “ 


■ Nr 


For  90°  < a < 180° 


4.2.2.2-b 


where 


4.2.2.2-c 


is  the  ratio  of  the  normal-force  coefficient  for  the  body  of  noncircular  cross 
section  to  that  For  the  equivalent  body  of  circular  cross  section  (same 
cross-sectional  area)  as  determined  by  slender-body  theory.  For  circular  cross 
sections  this  ratio  is  one.  For  elliptical  cross  sections  this  ratio  is  given  by 
Equation  4.2.1.2-d. 


VB 

Sb 


s 


is  the  total  body  volume, 
is  the  body  base  area, 
is  the  body  length. 

is  the  distance  from  the  nose  to  the  moment  reference  center  of  the  body, 
is  the  cross-sectional  reference  area  of  the  body  (can  be  arbitrarily  selected). 


d is  the  body  diameter  (or  the  diameter  of  an  equivalent  body  of  revolution  for 

an  elliptic  cross  section). 

a'  is  an  incidence  angle  defined  as  a'  = a for  0 < a < 90?  and  a'  = 180°  - a for 

90°  <a  < 180°. 


is  the  ratio  of  the  normal-force  coefficient  for  the  body  of  noncircular  cross 
section  to  that  for  the  equivalent  body  of  circular  cross  section  (same 
cross-sectional  area)  as  determined  by  Newtonian  impact  theory.  For  circular 
cross  sections  this  ratio  is  one.  For  elliptical  cross  sections  this  ratio  is  given  by 
Equations  4.2.1 ,2-e  and  4.2.1 ,2-f. 


is  the  cross-flow  drag  proportionality  factor,  obtained  from  Figure  4.2.1 .2-35a, 
as  a function  of  body  fineness  ratio. 

is  the  cross-flow  drag  coefficient  of  the  cylindrical  section,  obtained  from 
Figure  4.2.1. 2-35b,  as  a function  of  cross-flow  Mach  number  Mc,  where 
Mc  = M sin  <x. 

is  the  body  planform  area.  In  applying  the  method  to  bodies  with  elliptical 
cross  section,  the  term  Sp  in  Equations  4.2.2.2-b  and  4.2.2.2-c  is  based  on  an 
equivalent  body  of  revolution  with  the  same  cross-sectional  area. 

is  the  distance  from  the  nose  to  the  centroid  of  the  body  planform  area. 

This  method  is  applied  to  bodies  of  noncircular  cross  sections  in  the  same  manner  as  Method  3 of 
Section  4.2. 1 .2,  Paragraph  A.  Refer  to  this  paragraph  for  a more  detailed  explanation  of  bodies  with 
elliptical  cross  sections.  Bodies  with  other  cross  sections  are  discussed  in  Reference  3. 

It  is  noted  in  Reference  2 that  the  cross-flow  drag  coefficient  may  be  reduced  dramatically  under 
the  simultaneous  conditions  of  Mc  <0.4  and  Re  sin  a > 10s  (Re  is  Reynolds  number  based  on 
diameter).  These  conditions  have  only  recently  been  analyzed  in  detail  and  have  not  been  included 
in  the  Datcom  method  because  of  considerable  uncertainty  in  the  magnitude  and  trend  of  the 
effects.  For  more  detailed  information  regarding  these  effects,  the  user  should  refer  to  Reference  2. 

Calculated  results  using  this  method  have  been  compared  with  test  data  from  Reference  6 in 
Table  4.2.2. 2-A.  The  method  shows  fairly  good  agreement  at  angles  of  attack  up  to  20°,  but 
significantly  underestimates  the  data  at  higher  angles  of  attack.  Caution  should  be  exercised  when 
using  this  method  at  subsonic  Mach  numbers  because  of  the  shortage  of  substantiating  test  data.  It 
is  recommended  that  Method  1 be  used  for  0 < a < 12°. 


Sample  Problems 


1.  Method  1 


Given:  The  3/4-power  body  of  revolution  of  Reference  10.  This  is  the  same  configuration  as  that 

in  Paragraph  A of  Section  4.2.2. 1 . 


r = 0.255 


1 - 1 


2x 

6.375 


3/4 


eB  = 5.036  ft 


d = 0.510  ft 


f = eB/d  = 9.87 

M = 0.40  a = 0 to  1 8° 
Compute: 


VB  = 0.687  cu  ft 


xm  = 3.54  ft 


x,  - 4.558  ft 

O 


4.2. 2. 2-3 


(x!n  - x)  dx  = 1.293  per  rad 


(Sample  Problem  2 , Paragraph  A, 
Section  4.2.2. 1) 


o 


J 


r)  = 0.685  (Figure  4.2. 1.2 -35a) 
c . = f(Mc);  Mc  = M sin  a 

uc 

Mc  viiries  from  0 to  0.40  sin  18°;  0 < Mc  < 0.1236 
cd  = 1.20  (constant)  (Figure  4.2.1. 2-35b) 

°c 

•*b 


Evaluate 


/ 


r (xm  - x)  dx 


X 


o 


Station 

(ft) 

r* 

(ft) 

Ax 

(ft) 

X* 

(ft) 

(Xm  ~ *) 

ft 

r- 

r(x1T  - x)  Ax 
(ft3) 

xo  = 4.56 

JtB  = 5.036 

0.2037 

0.476 

4.79 

-1.25 

-0.121 

r(xm  — x)  Ax  = -0.121  cu  ft 


Solution : 


(k,  - k. ) 


2a 


r°5 

J dx 


(xn 


2a  r 

x)  dx  +—  J T?rcdc  (xm  - x)  dx 

B xo 

(Equation  4.2.2.2-a) 


2a2  f 

= l -293a  (0-685)  (1.20)  j r(xm  - x)dx 

xo 

= 1.2930!- 0.290a2 


x end  r are  taken  at  the  center  of  volume  of  the  body  segment. 


a 

(deg) 

(rad) 

a2 

(rad2) 

Cm 

m 

(Eq.  4.2.2.2-a) 

0 

0 

0 

0 

l. 

0.0349 

0.00122 

0.0448 

4 

0.0698 

0.00487 

0.0888 

6 

0.1047 

0.01096 

0.1322 

8 

0.1396 

0.01947 

0. 1 749 

10 

0.1745 

0.03045 

0.2168 

12 

0.2094 

0.04385 

0.2580 

14 

0.2443 

0.05968 

0.2986 

16 

0.2792 

0.07795 

0.3384 

18 

0.3141 

0.09866 

0.3775 

The  calculated  results  are  compared  with  test  values  fromReference  1 5 in  Sketch  (a). 


Test  values 
Calculated 


ANGLE  OF  ATTACK, a (deg) 


SKETCH  (a) 


Method  2 


iiven:  The  elliptical  cross-section  body  with  tangent  ogive  nose  of  Reference  6.  This  is  the  same 

configuration  as  given  in  the  sample  problem  for  Method  3 of  Paragraph  A of 
Section  4.2.1 .2. 


Body  Characteristics: 


VB  = 1944.64  cm3 


?B  = 66.0  cm 


d - 6.6  cm 
S = 34.206  cm2 


Sb  = 34.206  cm2 


x„  = 36.08  cm 


xm  = 39.58  cm 


Sp  = 392.466  cm2 


'N  .. 


= 2.0 


'SB 


Cx 


= 1.752 


NT 


f Sample  Problem  3,  Paragraph  A,  Section  4. 2. 1.2 


Additional  Characteristics: 

a = a = 50°  M = 0.6 

<fi  = 0 

Compute: 

Slender-body  Potential  Term 
i?  = 0.685 
cd  = 1.32  J 


Rc  = 6.5  x 105  (based  on  diameter) 


Sample  Problem  3,  Paragraph  A,  Section  4.2.1 .2 


W*m> 


Sd 


. . , a 
sin  2a  cos  — 
2 


= (2.0) 


'1944.64  - 34.206(66.0 
(34.206X6.6) 


39.58) 


(0.9848X0.9063)  = 8.23 


■ mJL  a.  ^ , fc.  1 


Viscous  Cross-Flow  Term 


• 2 1 
sin4  a 


= { 1.752)(0.685)(  1 .32) 


/ 392.466  \ /39.S8  --  36.08 
\ 34.206  / \ 6.6 


(0.5868)  = 5.66 


Solution: 

Cm  = slender-body  potential  term  + viscous  cross-flow  term 
= 8.23  + 5.66 
= 13.89  (based  on  Sd) 

Additional  values  have  been  tabulated  below: 


M 

(deg) 

Cn, 

0.6 

10 

3.41 

0.6 

20 

6.87 

0.6 

30 

9.94 

0.6 

40 

12.34 

0.6 

50 

13.89 

0.6 

60 

14.51 

The  calculated  results  of  the  sample  problem  are  compared  to  test  values  from  Reference  6 in 
Sketch  (b). 


SKETCH  (b) 


4.2./-7.-7 


B.  TRANSONIC 


Transonic  flow,  which  consists  by  definition  of  a combination  of  locally  subsonic  and  supersonic  flow 
regions,  is  particularly  difficult  for  cither  theoretical  or  empirical  analysis,  The  two  types  of  flow  interact 
directly  on  their  mutual  boundaries  and  indirectly  through  the  boundary  layer.  The  resulting  flow  pattern  is 
highly  sensitive  to  seemingly  small  changes  in  geometry.  Prediction  of  transonic  body  lift  is  at  best  an 
approximation;  prediction  of  transonic  body  lift  distribution  is  considerably  more  difficult. 


DATCOM  METHOD 

Because  of  the  difficulty  of  predicting  transonic-flow  phenomena  to  the  accuracy  required  for  lift 
distribution,  no  Datcom  method  is  given  for  predicting  body  pitching  moment  at  transonic  speeds.  It  is 
suggested  that  the  transonic  region  be  faired  smoothly  from  the  subsonic  region  to  the  supersonic  region. 


C.  SUPERSONIC 

Several  theoretical  methods  have  been  developed  that  can  be  used  to  estimate  the  moment  characteiistics  of 
bodies  of  revolution  at  supersonic  speeds.  Some  of  these  methods  are  discussed  in  Paragraph  C of 
Section  4,2. 1.2. 

Three  methods  are  presented  for  estimating  body  pitching  moment  at  supersonic  speeds.  The  first  method 
is  based  on  the  method  of  Allen  and  Perkins  (Reference  7)  and  includes  a modification  by  Jorgensen 
(Reference  8)  to  accommodate  bodies  with  elliptical  cross  sections.  The  second  approach  uses  hypersonic- 
similarity  concepts  that  have  been  adapted  to  supersonic  speeds  (Reference  9).  These  two  methods  are 
discussed  in  Paragraph  C of  Section  4.2. 1.2.  The  third  method  is  an  improvement  on  Method  1 developed 
by  Jorgensen  in  Reference  2.  This  method  extends  the  capability  for  calculating  pitching  moments  to  180°. 
The  method  is  identical  to  that  presented  as  Method  2 in  Paragraph  A of  this  section. 

DATCOM  METHODS 


Method  1 

The  method  presented  for  predicting  the  pitching  moment  of  a body  of  revolution  at  angle  of  attack  is  that 
of  Allen  and  Perkins,  >n  Reference  7.  The  method  for  estimating  the  pitching  moment  of  bodies  of  elliptical 
cross  section  is  that  ofReference  7 as  modified  by  Jorgensen  inReferencc  8- 

The  pitching-moment  coefficient  of  a body  of  revolution,  based  on  body  base  area  and  body 
length  SblB  and  referred  to  an  arbitrary  moment  center,  is 


4.2.2.2-d 


where  xc  js  the  axial  distance  from  the  vertex  of  the  nose  to  the  centroid  of  the  planform  area,  and  the 
remaining  terms  are  defined  in  Paragraph  C of  either  Section  4.2.1 .2  or  Section  4.2.2. 1 . 

4.2. 2. 2-8 


JL — 


The  supersonic  pitching-moment  coefficient  at  angle  of  attack  of  a body  having  an  elliptical  cross  section, 
based  on  body  base  area  and  body  length  Sbis  and  referred  to  an  arbitrary  moment  center,  is 

(' 0 rn)  a/b  = [-£  cos20+~sin20j  cm  4,2.2.2-e 

where  Cm  is  the  pitching-moment  coefficient  of  a body  of  revolution  having  the  same  cross-sectio;.a!  area 
distribution  along  its  axis  as  the  elliptical-cross-section  body  of  interest.  It  is  given  by  Equation  4.2.2.2-d. 
The  parameters  a,  b,and  <p  are  defined  in  Paragraph  C of  Section  4.2.1 .2. 

The  Datcom  method  has  been  used  to  calculate  the  variation  of  pitching-moment  coefficient  with  angle  of 
attack  for  the  bodies  of  elliptic  cross  section  of  Reference  8 and  for  the  bodies  of  revolution  ofReferences  7 , 
8 , and  10  throughl  3.  Although  the  nose  shapes  of  most  of  the  configurations  analyzed  were  tangent  ogives,  a 
few  bodies  of  revolution  had  conical  or  hemispherical  noses.  All  the  afterbodies  were  straight  (no  boattail 
or  flare).  In  general,  the  calculated  results  agree  well  with  the  test  data.  The  comparison  of  calculated  and 
test  values  for  the  sample  problems  at  the  conclusion  of  this  paragraph  is  indicative  of  the  degree  of 
accuracy  of  this  method. 


Method  2 

This  method  uses  hypersonic-similarity  parameters  that  have  been  adapted  to  supersonic  speeds  by  the 
method  of  Reference  9.  This  method  is  based  on  experimental  data  for  a wide  range  of  models  for  Mach 
numbers  between  1.57  and  2.87.  The  variation  of  pitching-moment  coefficient  with  angle  of  attack  for 
pointed  or  nearly  pointed  bodies  of  revolution  is  estimated  by  using  Figure  4.2.2.2-26  where  p - yW  - 1. 
The  body  pitching  moment  obtained  from  this  chart  is  referred  to  the  nose  apex  and  is  based  on  the 
product  of  body  frontal  area  and  the  body  length  SB  SB . 

A comparison  of  test  data  with  the  pitching-moment  coefficient  calculated  by  this  method  is  presented  as 
Table  4.2.2.2-B. 


Method  3 

This  method  is  the  same  as  Method  2 presented  in  Paragraph  A of  this  section.  The  only  exception  is  that 
the  term  77  in  Equations  4.2.2.2-b  and  4.2. 2. 2 c is  set  equal  to  1 .0  for  M > 1.0. 

rite  method  is  applicable  to  angles  of  attack  from  0 to  180°  and  Mach  numbers  up  to  7.  The  method  is 
substantiated  by  test  data  from  References  4,  5,  and  6 in  Table  4.2.2.2-C. 

The  method  shows  reasonable  agreement  with  most  test  data,  but  Methods  1 and  2 are  recommended  in  the 
low-angle-of-attack  range. 

With  the  exception  of  bodies  with  elliptical  cross  sections,  there  are  no  Datcom  methods  for  predicting  the 
pitching  moment  on  bodies  of  noncircular  cross  section  at  supersonic  speeds.  A summary  of  available  test 
data  on  bodies  o;  noncircular  cross  section  at  supersonic  speeds  is  presented  as  Table  4.2. 1 . 1-C.  In 
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Reference  8 (Reference  37  of  Table  4.2.1 . 1-C)  the  effect  of  cross-sectional  shape  on  body  aerodynamics  has 
been  assessed  for  bodies  with  circular,  elliptic,  square,  and  triangular  cross  sections.  These  data  show  that  at 
certain  angles  of  bank,  noncircular  bodies  develop  considerably  more  pitching  moment  than  their 
equivalent  bodies  of  revolution  at  a given  angle  of  attack.  The  data  of  Reference  8 also  show  that  the  ratio 
of  pitching-moment  coefficient  for  a body  with  elliptic  cross  section  to  that  for  an  equivalent  body  of 
revolution  is  practically  constant  with  change  in  both  angle  of  attack  and  Mach  number.  However,  no  such 
simple  correlation  is  available  for  other  bodies  of  noncircular  cross  section.  Method  3 has  been  applied  to 
other  bodies  with  noncircular  and  axially  varying  cross  sections  by  Jorgensen  in  References  2 and  3.  The 
lack  of  sufficient  substantiating  data  has  precluded  inclusion  of  this  application  in  the  Datcom. 


Sample  Problems 

1.  Method  1 

Given:  An  ogive-cylinder  body  of  Reference  8-  This  is  the  same  configuration  as  that  of  Sample  Problem  1 
of  Paragraph  C of  Section  4.2.1 .2. 

Body  Characteristics: 

d = 1.40  in.  IB  = 14.0  in.  iN  = 4.20  in.  iA  = 9.80  in. 

VB  = 18.56  cu  in.  Sb  f 1.539  sq  in.  Sp  = 17.66  sq  in. 

Sp/Sb  = 11.47  xc  = 7.69  in.  xm  /tB  = 1.0  (moments  referred  to  body  base) 

Additional  Characteristics: 

M = 1.98  a=  4°,  8°,  12°,  16°,  20° 


Compute: 


c,  = f(M  J = f(Msina) 

ac  c 


a 

4° 

8° 

12° 

16° 

20°  ) 

(Sample  Problem  1 , Paragraph  C, 

% 

1.20 

1.208 

1.275 

1.41 

1.62  ) 

Section  4.2. 1.2) 

18.56 

(1.539)  (14.0) 


= 0.8614 


/ 14.0  — 7.69\ 

(1L47)  = 517°( 
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Solution: 


C 


m 


(Equation  4.2.2.2-d) 


= 2a(0.8614)  + 5.170  cd  a 2 

Qc 

= 1.723a  + 5.170  c,  a2 
d« 


a 

(deg) 

a 

(rad) 

(rad2) 

C“c 

1.723a 

5.170  cd  a2 

C 

m 

Eq.  4.2.2.2-d 
(based  on  Sb£B) 

4 

0.0698 

0.00487 

1.20 

0.1203 

0.0302 

0.151 

8 

0.1396 

0.01950 

1.208 

0.2405 

0.1218 

0.362 

12 

0.2094 

0.04386 

1.275 

0.3608 

0.2891 

0.650 

16 

0.2793 

0.07798 

1.41 

0.4812 

0.5685 

1.050 

20 

0.3491 

0.12185 

i.62 

0.6015 

1 .0205 

1.622 

2.  Method  1 

Given:  A body  of  Reference  8 having  an  elliptical  cross  section  and  the  same  axial  distribution  of 
cross-sectional  area  as  the  body  of  revolution  of  Sample  Problem  1. 

Body  Characteristics: 

a = 1.98  in.  b = 0.99  in.  a/b  =2.0  P = 0 

xJn/lB  = 1-0  (moments  referred  to  body  base) 

Additional  Characteristics: 

M = 1.98  a = 4°,  80,  12°,  16°,  20° 

Compute: 

Cm  vs  a for  a body  of  revolution  having  the  same  cross  sectional  area  distribution  and  with  the 
moment  axis  located  at  the  base  of  the  body,  (from  Sample  Problem  1) 
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3.  Method  2 


Given:  The  ogive-cylinder  body  of  Sample  Problem  1. 

Body  Characteristics: 

d = 1.40  in.  JtN  = 4.20  in.  IA  - 9.80  in. 
Additional  Characteristics: 

M = 1.98;  0 = 1.71  a = 40,8°  12° 

Compute: 

fN  = iN/d  = 4.2/ 1.4  = 3.0  fA  = iA/d  = 9.8/ 1.4 
fA/fN  = 7. 0/3.0  = 2.33 
0/fN  = 1.71/3.0  = 0.570 
Solution: 


pa 

(based  on  SBJffi ) 

(deg) 

Fig.  4.2.2.2-26 

(referred  to  nose  apex) 

6.84 

-0.073 

-0.043 

13.68 

-0.275 

-0.161 

20.52 

-0.930 

-0.544 

The  calculated  results  are  compared  with  test  values  from  Reference  8 in  Sketch  (d).  (The  test  results  have 

been  transferred  to  a moment  axis  at  the  nose  apex). 

2_ 

O Test  points 

Calculated 

T 1 

Sample  problem  3 


ANGLE  OF  ATTACK, a (deg) 
SKETCH  (d) 
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■.  J 


4.  Method  3 


Refer  to  Sample  Problem  2 in  Paragraph  A of  this  section  for  an  example  of  the  application  of  the  method. 
D.  HYPERSONIC 

Three  methods  are  available  for  estimating  the  pitching  moment  of  bodies  of  revolution  at  hypersonic 
speeds.  The  first  method,  based  on  Newtonian  impact  theory  and  its  modifications,  is  discussed  in 
Paragraph  D of  Section  4.2. 1.1.  The  second  method  is  the  hypersonic-similarity  method.  The  third  method 
is  the  method  of  Jorgensen  previously  presented  as  Method  3 of  Paragraph  C of  this  section. 

DATCOM  METHODS 


Method  1 

The  expression  for  the  pitching  moment  of  an  arbitrary  body  of  revolution,  from  the  modified  Newtonian 
theory  ofReferencel4,  referred  to  an  arbitrary  moment  center  and  based  on  the  product  of  the  body  base 
area  and  body  length  S^lg , is 


C 


m 


K r 

V~R  J 


4.2.2.2'f 


where  lx  is  the  distance  from  the  moment  center  to  a transverse  element,  positive  where  the  element  is 
forward  of  the  moment  center.  The  remaining  parameters  are  defined  under  Method  2 in  Paragraph  D of 
Section  4.2. 1.2. 


The  following  steps  outline  the  calculation  procedure  (Sieps  1 through  3 are  identical  to  Steps  1 through  3 
of  Method  2 of  Paragraph  D of  Section  4.2. 1 .2): 

Step  1 . From  the  equation  of  the  body  of  revolution  obtain  the  expression  for  the  surface  slope 
using  the  relation 

9 = *a"'i  (£) 

where  0,  dr,  and  dx  are  defined  in  Sketch  (f.)  of  Section  4.2. 1.2. 

Step  2.  Compute  the  values  of  r/R  and  0 at  various  longitudinanal  stations  x/£B . 

Step  3.  For  various  x/lB  enter  Figure  4.2.1.2-43  with  the  corresponding  0 from  Step  2 and 

obtain  Ke  at  the  desired  angle  of  attack. 

r lx 

Step  4.  Plot  the  product  Ke  — - --  against  x/lB . 

R lg 

Step  5.  Obtain  the  required  value  of  Cm  by  integrating  the  area  under  the  curve  described  inStep  4 

, ...  . K 1b 

and  multiplying  by . 

7T  R 
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Method  2 


The  second  method  of  estimating  body  pitching  moments  applies  only  to  ogive-cylinder  bodies.  This 
method  is  based  on  experimental  data  for  a wide  range  of  models  at  a Mach  number  of  4.24.  fhese  data 
have  been  used  to  derive  a hypersonic  design  chart  (Figure  4.2.2.2-27)  based  on  hypersonic-similarity 
parameters.  The  body  pitching  moment  obtained  from  Figure  4.2.2.2-27,  where  p = v^M2  — 1 , is  referred 
to  the  nose  apex  and  is  based  on  the  product  of  the  body  frontal  area  and  body  length  SB  ?B  . 

r 

Pitching  moments  calculated  by  this  method  are  compared  with  test  data  in  Table  4.2.2.2-D. 


Method  3 

This  method  is  identical  to  Method  3 presented  in  Paragraph  C of  this  section.  The  method  is  applicable  to 
angles  of  attack  from  0 to  180°  and  Mach  numbers  up  to  7.  The  method  has  been  partially  substantiated 
by  the  test  data  from  Reference  5 in  Table  4.2.2.2-C. 

The  method  shows  reasonable  agreement  with  test  data  at  hypersonic  speeds  in  the  low-angle-of-attack 
range.  Because  of  the  scarcity  of  substantiating  test  data,  caution  should  be  used  when  applying  the  method 
at  higher  angles  of  attack  (a  > 25°). 


Sample  Problems 

1 . Method  1 

Given:  A second-power  body  of  revolution  of  fineness  ratio  1.0.  This  is  the  same  configuration  asSample 
Problem  2 of  Paragraph  D of  Section  4.2. 1.2. 

x =i^~)  f2  (eclua^on  b°dy)  ig  = 2.0  ft  R = 1.0  fi 

= 0.50  - (x/tB)  (moment  center  at  0.50 1B) 

Moo  = 3.55  a = 6°  y = 1.40 

K =1.77  (Sample  Problem  2,  Paragraph  D,  Section  4.2. 1.2) 

Compute: 

Calculate  r/R  and  6 at  various  longitudinal  stations  x/fB  and  plot.  (See  Sketch  (g), Sample  Problem 
2,  Paragraph  D,  Section  4.2. 1.2.) 

Obtain  values  of  K0  from  Figure  4.2.1.2-43  for  various  values  of  9 at  a = 6°. 

r 1 x 

Plot  the  product  K0  — versus  x/lg  ( Sketch  (e)). 

R A Q 
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SKETCH  (e) 


Integrate  the  area  under  the  curve  of  Sketch  (e). 

f K’-k{o-50-TBHi)‘-oM615 


Solution: 


K4  / r I,  / x \ 

7HJ  K*  rTT  d(r)  4.2.2.2-f) 


" *'*'0  *B 

1.77  2 

= - (-0.00615) 

JT  1 

= — 0.0069  (referred  to  a moment  center  at  0.50  JtB  and  based  on  SbJfB) 

2.  Method  2 

Given:  An  ogive-cylinder  body  of  Reference  16. 

I—  In-4* *a H 1 


— — iN 
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3.  Method  3 


Refer  to  Sample  Problem  2 in  Paragraph  A of  this  section  for  an  example  of  the  application  of  the 
method. 
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Average  Error  = 


» 6.8% 


4.2.3  BODY  DRAG 


4.2.3. 1 BODY  ZERO-LIFT  DRAG 


The  composition  of  body  zero-lift  drag  in  the  various  speed  regimes  is  very  similar  to  that  for  wings  (see 
Section  4. 1.5.1).  At  subsonic  speeds  the  pressure  drag  of  the  forebody  is  generally  small  and  the  total  drag 
is  composed  mostly  of  skin  friction  and  base  drag.  For  the  higher  speed  regimes  the  total  drag  is  split  signif- 
icantly between  friction  and  pressure  drag. 

The  methods  presented  in  this  section  are  valid  for  bodies  of  revolution.  However,  excellent  approximations 
can  be  made  for  non-body-of-revolution  configurations  by  treating  the  equivalent  body  of  revolution;  that 
is,  the  body  of  revolution  that  has  the  same  axial  area  distribution  as  the  actual  body. 

A.  SUBSONIC 

At  subsonic  speeds  the  total  zero-lift  drag  of  smooth  slender  bodies  is  primarily  skin  friction.  The  Reynolds 
number  based  on  body  length,  boundary-layer  condition  (laminar  or  turbulent),  and  surface  roughness  are 
important  in  the  determination  of  the  friction  drag  (see  chapter  VI  of  reference  1 ).  For  the  Datcom  these 
effects  are  handled  the  same  as  for  wings  (Section  4.1 .5.1 ).  A turbulent  boundary-layer  condition  is  assumed 
over  the  entire  body  surface. 

The  pressure  drag  of  a closed  body  is  zero  for  an  inviscid  fluid.  Actually  the  displacement  of  the  boundary 
layer  causes  an  incomplete  pressure  recovery  at  the  end  of  the  body  and  a finite  pressure  drag  results.  This 
drag  is  small  for  fineness  ratios  above  approximately  four  but  becomes  significant  for  blunt  bodies. 

The  base  drag  is  also  generally  small,  usually  less  than  10  percent  of  the  total  body  drag.  The  most  popular 
approach  to  the  estimation  of  base  drag  is  to  correlate  it  with  the  skin-friction  drag  of  the  remainder  of  the 
body.  This  approach  is  discussed  in  detail  in  reference  2 and  in  chapter  VI  of  reference  1 . Reference  3 shows 
that  the  presence  of  a wing  increases  the  base  pressure  (less  drag).  Tail  fins  andw/ind-tunnel  stings  have  the 
same  effect  (reference  4).  Base  pressures  are  also  increased  at  low  Reynolds  numbers  (reference  5). 

DATCOM  METHOD 

The  subsonic  zero-lift  drag  of  an  isolated  body  based  on  the  maximum  body  frontal  area  is  given  in  reference 
6 as 


= Cr 


1 + 


60 


(«»/d)3 


+ 0.0025 


& 


Ss 

— +Cr 


4.2.3. 1-a 


where  the  first  term  on  the  right-hand  side  of  the  equation  is  the  zero-lift  drag  of  the  body  exclusive  of  the 
base  drag,  and 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient,  including  roughness  effects,  as  a function 

of  Mach  number  and  the  Reynolds  number  based  on  the  reference  length  2.  This  value  is 
obtained  from  figure  4.1.5.1-26  and  is  determined  as  discussed  in  paragraph  A of  Section 
4.1 .5.1 . The  reference  length  2 is  the  actual  length  of  the  body  £B. 

g 

_JL  is  the  body  fineness  ratio  defined  for  different  types  of  bodies  of  revolution  as  follows: 
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CLOSED  BODY 


BODY  HAVING  A BLUNT  BASE 


FOREBODY 


For  non-body-of-revolution  configurations  the  equivalent  diameter  should  be  used, 

H = / cross-sectional  area 

equiv  “V  / 

V 0.7854 

is  the  base-drag  coefficient,  based  on  the  maximum  body  frontal  area,  given  in  reference  1 as 


C„  = 0.029 


Q/VW' 


4.2.3.1-b 


where 


is  the  ratio  of  base  diameter  to  maximum  diameter  (equivalent  diameters  for 
non-body-of-revolution  configurations). 


/C[)  \ is  the  zero-lift  drag  of  the  body  exclusive  of  the  base  as  determined  by  the  first 
' f/b  term  in  equation  4.2.3. 1-a. 

It  should  be  noted  that  wings  or  fins  (or  wind-tunnel  stings)  can  have  a sizable  effect  on  base 
drag. 

SB  is  the  body  maximum  frontal  area. 

Ss  is  the  wetted  area  or  surface  area  of  the  body  excluding  the  base  area.  This  is  normally  deter- 

mined  by  graphical  integration  of  / p dx,  where  p is  the  cross-section  perimeter. 

*/0 

The  ratio  Ss/SB  for  a given  body  can  be  approximated  by  using  figures  2.3-2  and  2.3-3,  which  give  this 
ratio  for  a number  of  specific  body  shapes. 

The  term  0.0025  — — in  equation  4.2.3. 1-a  represents  the  pressure-drag  contribution. 

Sample  Problem 

Given:  The  body  of  reference  54  having  an  elliptical  cross  section  with  a cutoff  afterbody. 

^ Cb  61 .45  in.  3 =5.19  in.  b=  1.73  in. 


Sb  = 0.25  SB 


M = 0.8 


Rj  = 0.325  x 106  per  in. 


BODY  CROSS  SECTION  Polished  metal  surface;  assume  k = 0.08x1 0‘3  in. 

a/b  = 3 
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Compute: 


SB  = rrab  = 7t(5 . 1 9)  (1.73)  = 28.2  sq  in. 
deq«<v  “ 1^.7854  ”/o.78S4  = 6‘°  “* 


8, 


b _ 61.45 

6.0 


= 10.24 


— =31.6  (extrapolated  from  figure  2.3-2,  ellipsoid  with  cutoff  afterbody) 

SB 

Rg  = (0.325  x 106)(fiB)  = (0.325  x 106)  (61.45)  « 1.997  x 107 

S/k  = 61.45/(0.08  x 1 O'3)  = 7.68  x 10s ; cutoff  Rg  = 6.8  x 107  (figure  4.1.5.1-27) 

Since  cutoff  Rg  > calculated  Rg,  read  Cf  at  calculated  Rg. 

Cf  = 0.00256  (figure  4.1.5.1-26) 

Determine  the  zero-lift  drag  of  the  body  exclusive  of  base  drag. 


60  ( ®b\ 

ss 

60 

lb25  Cf 

1 + + 0.0025  — ) 

— = 0.00256 

1 + +0.0025  (10.24) 

/ 0 

(8B/d)3  V d/. 

SB 

(10.24)3 

31.6 


= 0.0875  (based  on  ) 

Sb  = 0.25  SB  = (0.25)  (28.2)  = 7.05  sq  in. 


(db)  nJIhZ  = 

* V 0.7854  V0-7854 


3.0  in. 


ub 

d 


3.0 


= 0.5 


6.0 

Determine  the  base  drag 


CDb  = 0.029  j yj b (equation  4.2.3. 1-b) 


= 0.029  (0.5  )3  / /0.0S75 
= 0.0122  (based  on  SB ) 


Solution: 


= C, 


1 + 


60 


+ 0.0025 


«Ud)3 


(4) 


+ cr 


(equation  4.2.3.1-a) 


3 0.0875  + 0.0122 
= 0.0997  (based  on  SB ) 

This  compares  with  a test  value  of  0.0920  from  reference  54. 

B.  TRANSONIC 

A fundamental  discussion  of  the  transonic  aerodynamic  characteristics  of  bodies  is  given  in  reference  7 and 
chapter  XVI  of  reference  1.  An  extensive  bibliography  on  finned  bodies  is  given  in  reference  8. 

For  the  Datcom,  the  general  approach  consists  of  predicting  the  skin  friction,  the  drag-divergence  Mach  num- 
ber, and  the  variation  of  base  drag  with  Mach  number,  and  the  variation  of  pressure  drag  for  Mach  numbers 
above  1 .0.  The  total  drag  characteristic  as  a function  of  Mach  number  is  then  constructed  from  these  estimated 
characteristics.  For  the  purpose  of  the  Datcom  the  skin-friction  drag  is  assumed  to  be  constant  and  equal  to 
the  subsonic  value  at  M = 0.6  throughout  the  transonic  range. 

DATCOM  METHOD 

The  transonic  zero-lift  drag  coefficient  of  a body  is  determined  by  the  following  procedure. 

Step  1 . Calculate  the  skin-friction  drag  coefficient  at  M = 0.6,  based  on  maximum  frontal  area,  by 


C 


4.2.3.1-c 


where 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  at  M = 0.6,  including  rough- 
ness effects,  as  a function  of  the  Reynolds  number  based  on  the  reference 
length  S.  This  value  is  obtained  from  figure  4.1 .5.1-26  as  discussed  in  paragraph 
A of  Section  4. 1.5. 1 . The  reference  length  E is  the  actual  length  of  the  body 
Bb  . This  value  is  assumed  to  be  constant  throughout  the  transonic  region. 

S 

_£  is  the  ratio  of  body  wetted  area  to  maximum  body  frontal  area,  determined  as 
explained  in  paragraph  A of  this  section. 


Step  2.  Calculate  the  subsonic  pressure  drag  at  M 3 0.6  by 


Cr 


(Cf), 


M-0.6 


60 


(fiB/d)3 


+ 0.0025 


(41 
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where  the  individual  terms  are  the  same  as  in  equation  4.2.3. 1 -a.  This  component  of  drag  is 
assumed  to  be  constant  for  0 < M < 1 .0  and  to  decrease  linearly  to  zero  at  M = 1 .2.  (See 

Step  3.  Calculate  the  base-drag  coefficient  CD^  as  a function  of  Mach  number.  First  calculate  the 

subsonic  base  drag  (at  a Mach  number  of  0.6)  as  outlined  in  paragraph  A.  Figure  4.2.3. 1 -24 
is  then  used  as  a guide  to  determine  the  base-drag  variation  with  Mach  number  through  *he 
transonic  speed  range.  The  chart  is  based  upon  the  data  of  references  4 and  9 through  1 2. 

Step  4.  The  drag-divergence  Mach  number  MD  is  obtained  from  figure  4.2.3. 1 -25  as  a function  of 
body  fineness  ratio  (reference  13).  The  drag-divergence  Mach  number  is  that  Mach  number 
at  which  3CD/9M  = 0.10,  and  it  defines  the  break  in  the  drag  coefficient  versus  Mach 
number  curve. 

StepS.  The  wave-drag  coefficient  CD  (for  parabolic  bodies  of  revolution)  is  obtained  from 

figure  4.2.3.1-26  as  a function  of  body  fineness  ratio  for  Mach  numbers  between  1 .0  and 
1 .2  (reference  1 3).  Unfortunately,  data  on  other  body  shapes  are  extremely  limited,  and 
the  construction  of  general  charts  is  not  possible  at  this  time.  However,  for  body  profiles 
not  too  different  from  parabolic,  figure  4.2.3.1-26  can  be  used  as  an  approximation. 

Step  6.  The  total  zero-lift  drag  is  constructed  by  combining  the  information  of  the  above  steps  as 
illustrated  in  sketch  (a). 

CD  * CD  +CD  +CD  +CD  4.2.3.1-e 

Do  Df  Dp  Db  Dw 

BASE 


Sample  Problem 

Given:  The  parabolic-arc  body  of  revolution  with  a cutoff  afterbody  (reference  54). 

6b  = 61.45  in.  d = 6.0  in.  SB/d=  10.24  S„  = 28.2  sq  in. 

Ss/SB  = 30.5  db/d  = 0.50 

R®m  06  * 1-997  x 107  (based  on  fiB) 

Polished  metal  surface;  assume  k * 0.08  x 10'3  in. 
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Compute: 


The  final  calculations  are  presented  in  table  form  on  page  4.2.3. 1 -7.  Many  of  the  quantities  listed 
below  appear  as  columns  in  the  table. 

Skin-friction  drag  coefficient  CDf 

8/k  = 61.45/(0.08  x 1 O’3)  a 7.68  x 10s;  cutoff  Rjm  o<_=6.2x107  (figure  4.1.5.1-27) 
Since  cutoff  Rg  > given  Rg»  read  Cf  at  given  Rg. 

Cf  = 0.0026  (figure  4.1 .5.1-26  @ M ■ 0.6) 

ss 

CD  = Cf—  (equation  4.2.3. 1-c) 

* SB 

* 0.0026  (30.5)  = 0.0793 
Pressure-drag  coefficient  CD 


S = <cr> 


60  M Ss 

i +0.0025  — •— 

M “°'6  |_(®B  /d>3  Vd/JS* 


(equation  4.2.3. 1-d) 


= 0.0026  + 0.0025  (10.24)  30.5 

[(10.24)3  J 

= 0.00642 


This  value  of  CD^  is  taken  to  be  constant  for  0 < M < 1 .0,  then  reduced  linearly  to  zero  at 
M = 1 .2  (see  column  (4)  of  calculation  table,  page  4.2.3. 1 -7). 

Base-drag  coefficient  Cf. 

ub 

(CD^j  = 0.029  j ) (equation  4.2.3. 1-b) 

60  / ®b\  Ss 

(Cr.\  = (Cr)  1+ + 0.0025  {---)  ■—  (first  term,  eq.  4.2.3. 1-a) 

\ Df/„  M =m) . 0 (C  Jd)-<  ' d/J  SB 


--  (Cf)  — +cn 
f M=0.6  So  DP 


4.2.3. 1-6 


(0.0026)  (30.5)  + 0.00642  * 0.0857 


:Db  * (0.029)  (0.5)3/v/a0857  ® 0.0124 


0.0124 


= 0.0496 


With  this  value  and  by  using  the  curves  of  figure  4.2.3. 1 -24  as  guide  lines,  obtain  values  of 
C„  ”1 


for  0.8  < M < 1.2.  Then  C, 


\1 

<<Vd>2  b |(db/d)2J  b ^ ^ 

of  calculation  table,  page  4. 2.3. 1-7.) 

Drag-Divergence  Mach  number  MD 

Md  - 0.982  (figure  4.2.3.1-25) 

Wave-drag  coefficient  Cn 

The  wave-drag  coefficient  as  a f(M)  is  obtained  from  figure  4.2.3.1-26)  (See  column  (7)  of  ealeu 
lation  table,  page  4.2.3. 1-7.) 


(See  columns(5)and(6) 


Solution: 


Cn  = Cn  +Cn  +Cn  + CP 


(equation  4.2.3. 1-c) 


flfl.  4.2.3. 1-24 


•q.  4.2.3.1-* 

2 flfl.  4.2.3. 1 -26  (3)+@  + @+@ 


0.8  0.0026 


0.0793  0.00642 


0.00642 


0.00480 


4.2.3. 1-7 


The  sample  problem  results  ai ; plotted  in  sketch  (b)  along  with  test  values  from  reference  54. 
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MACH  NUMBER 

C.  SUPERSONIC  SKETCH  (b) 

The  characteristics  of  compressible  skin-friction  drag  for  bodies  are  similar  to  those  for  wings  (see  para- 
graph C of  Section  4.1 .5.1 ).  The  skin-friction  coefficient  decreases  with  Mach  number  at  constant  Reynolds 
number,  and  is  a function  of  the  ratio  of  the  wall  temperature  to  the  free-stream  temperature.  For  the 
Datcom,  zero  heat-transfer  conditions  are  assumed;  i.e.,  stabilized  .flight  conditions  are  assumed.  The  fric- 
tion drag  for  transient  flight  lies  between  the  incompressible  value  and  the  zero  heat-transfer  value.  Another 
important  consideration  for  estimating  the  skin-friction  drag  at  supersonic  speeds  is  the  Reynolds-numbcr 
variation  throughout  the  flight  regime.  The  design  chart  used  in  the  Datcom  method  is  that  of  Section 
4.1 .5.1 , which  presents  the  turbulent  skin-friction  coefficient  on  an  insulated  flat  plate  as  a function  of 
Mach  number  and  Reynolds  number. 

Many  theoretical  solutions  are  available  for  estimating  the  wave  drag  of  the  forebody  and  afterbody. 
Reference  14  contains  an  excellent  summary  of  various  theories  compared  to  test  data.  Ten  theories  are 
discussed  in  this  reference.  It  is  seen  that  second-order  shock-expansion  theory  gives  the  best  over-all 
agreement  with  data.  Many  of  the  theories  are  seen  to  give  gross  errors  over  certain  ranges  of  the  similarity 
parameters. 

Two  methods'  of  estimating  the  forebody  and  afterbody  wave  drag  are  presented  in  detail  in  this  section. 
The  first  is  developed  in  reference  1 5 and  is  based  on  slender-body  theory.  The  second  method  is  based  on 
similarity  parameters  and  is  taken  from  reference  1 4.  For  both  methods  the  wave  drag  is  separated  into  the 
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iorebody  drag,  the  isolated  afterbody  drag  (afterbody  preceded  by  an  infinite  cylinder),  and  the  interfer- 
ence drag  of  the  forebody  and  center  (cylindrical)  section  on  the  afterbody.  Charts  are  presented  for  fore- 
body and  afterbody  drag  coefficients  of  straight-clement  profiles  (cones)  and  parabolic  profiles,  and 
for  predicting  interference-drag  coefficients  for  conical  profiles,  pointed  parabolic  profiles,  ducted 
conical  profiles,  and  truncated  afterbodies  behind  pointed  parabolic  forebodies.  Comprehensive  charts 
based  on  test  data  giving  the  effects  of  nose  bluntness  are  also  presented  for  the  first  method. 

The  first  method  is  applicable  to  both  open-nosed  and  closed-nosed  bodies  of  revolution.  The  design  charts 
of  the  rccund  method  for  predicting  the  wave-drag  coefficient  of  the  nose  are  restricted  to  closed-nosed 
bodies  of  revolution.  Therefore,  the  second  method  is  restricted  accordingly. 

A sizable  quantity  of  data  on  supersonic  base  drag  exists.  Charts  derived  from  test  data  and  theory  are  pre- 
sented for  a wide  range  of  geometric  parameters.  For  the  higher  supersonic  Mach  numbers,  theory  has  been 
used,  and  at  the  lower  Mach  numbers,  empirical  results  have  been  used.  It  should  be  pointed  out  that  the 
estimation  of  the  afterbody  drag  of  a body  cannot  necessarily  be  accomplished  independent  of  the  base.  The 
lambda  shock  which  exists  near  the  end  of  the  body  separates  the  boundary  layer  over  the  rear  portion  of  the 
boattail  and  thus  changes  both  the  base  pressure  and  the  pressure  loading  of  the  boattail.  These  effects  are 
included  in  the  base-drag  charts  presented  but  are  not  included  in  the  afterbody  charts. 

DATCOM  METHODS 

Method  1 . Slender-Body  Theory 

The  zero-lift  drag  coefficient  of  open-nosed  or  closed-nosed  bodies  of  revolution,  based  on  the  maximum 
frontal  area,  is  given  by 


Cn  S C|  . t Crj 

0 SB 


N, 


+ cn  +c, 


+ c„  +cr 


°A(NC)  dn 


4.2.3. If 


where  I 

J 

C is  the  turbulent  fiat-plate  skin-friction  coefficient,  including  roughness  effects,  as  a function 

f of  Mach  number  and  the  Reynolds  number  based  on  the  reference  length  C.  This  value  is 

obtained  from  figure  4.1 .5.1-26  as  discussed  in  paragraph  A of  Section  4.1 .5.1 . The  reference 
length  8 is  the  total  length  of  the  body  fiB . 

Ss  is  the  ratio  of  body  wetted  area  to  maximum  body  frontal  area,  determined  as  outlined  in 

5-  paragraph  A of  this  section. 

0 


and  Cn  are  the  wave-drag  coefficients  (reference  15)  based  on  maximum  frontal  area  of 
da 

the  nose  and  afterbody,  respectively.  Figure  4.2.3.1-27  is  for  parabolic  profile  shapes  of 
circular  cross  section.  Figure  4.2.3. 1-28  is  for  conical  profile  shapes  of  circular  cross  section. 
A drag  value  obtained  from  these  charts  is  the  drag  acting  on  the  oblique  surface  and  does 
not  include  the  forces  acting  on  the  front  or  rear  faces.  The  external  drag  of  open-nosed 
bodies  can  thus  be  determined. 

The  wave-drag  coefficients  of  the  nose  and  afterbody  of  parabolic  and  conical  profile  shapes 
with  noncircular  cross  sections  may  be  approximated  by  using  a forebody  or  afterbody  of 
circular  cross  section  and  of  the  same  area  distribution  (equivalent  body  of  revolution).  In 
this  case  values  of  a and  d to  be  used  in  figures  4.2.3.1-27  and  4,  2.3,1-28  are  the 

...  . /cross  sectional  area 

equivalent  diameters  defined  as  \j~ — - • 


PV-:  J-  — ■-->  -V-J - . - • ...I 


J 
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A more  exact  estimation  of  CD  and  CD  may  be  made  for  parabolic  and  conical  profile 

^2  A 

shapes  with  elliptic  cross  sections  by  using  figure  4.2.3.1-29.  This  figure  presents  the  decrease 
in  wave-dr?"  coefficient,  based  on  maximum  frontal  area,  from  the  value  for  the  equivalent 
body  of  circular  cross  section  to  that  for  a body  of  elliptic  cross  section.  The  wave-drag 
coefficient  of  the  equivalent  body  of  circular  cross  section  is  first  obtained  from  either  figure 
4.2.3. 1 - 2 1 or  figure  4.2.3. 1 -28  by  using  the  equivalent  diameters.  This  value  is  then  reduced 
by  the  appropriate  value  of  ACD  or  ACp  obtained  from  figure  4.2.3.1-29. 

Nj  A 

CD  is  the  wave-drag  coefficient  of  spherically  blunted  noses.  The  extended  fineness  ratio  of  the 
Nt  nose  is  first  determined  from  figures  4.2. 3. 1-30 and  4,2.3.1-31  for  parabolic  and  conical 

noses,  respectively.  This  value  is  then  used  to  determine  the  wave  drag  of  the  spherical  nose 
segment.  Figures  4.2.3. 1-3 2a  through  4.2.3. l-32f  are  for  combinations  of  spherical  and 
parabolic  noses.  Figures  4.2.3.  l-38a  through  4.2.3. l-38f  are  for  combinations  of  spherical 
and  conical  noses.  These  latter  charts  are  based  on  experimental  data  of  references  1 7 
through  27.  When  interpolation  is  necessary,  several  values  should  be  plotted  to  provide  the 
correct  nonlinear  variation.  Figures  4.2.3.1-30,  -31 , -32,  and  -38  are  for  noses  of  circular 
cross  section.  For  i<-;.ses  with  noncircular  cross  sections  Cn  may  be  approximated  by 

Ni 

using  a nose  cf  circular  cross  section  and  of  the  same  area  distribution.  In  this  case  the  values 
of  the  equivalent  diameters  and  the  fineness  ratios  based  on  the  equivalent  diameters  are 
used  m the  design  charts. 

Cl>A  (NC)  ’S  *I1e  i"terffr®nce'dra8  coefficient  acting  on  the  afterbody  due  to  the  centerbody  (cylindrical 
section)  and  the  nose.  This  coefficient  is  obtained  from  figure  4.2.3.1-44  for  parabolic 
profiles,  from  figure  4.2.3.1-46  for  conical  profiles,  and  from  figure  4.2.3. 1-48  for  ducted 
conical  profiles  (reference  15).  For  bodies  of  noncircular  cross  section  the  interference  drag 
coefficient  may  be  approximated  by  using  a body  of  circular  cross  section  and  of  the  same 
area  distribution.  In  this  case  the  equivalent  diameters  are  used  in  the  design  charts, 

CD  is  the  base-drag  coefficient  given  by 

3 * 


where 


4.2.3. 1 -g 


pb  ,s  the  base-pressure  coefficient  from  figures  4.2.3.1-50  and  4.2.3.1-55  for  ogival 

and  conical  ooattails  of  circular  cross  section,  respectively.  (Although  figure  4.2.3. 1-50 
is  derived  for  ogive  boattails,  references  28  through  3 1 , it  can  be  applied  to  para- 
bolic afterbodies  if  the  ratio  db/d  is  not  small.  Actually,  if  the  ratio  is  small,  the 
magnitude  ol  the  base  drag  would  be  such  as  to  minimise  the  importance  of  large 
percentage  errors.) 

db  is  the  ratio  of  the  base  diameter  to  the  maximum  body  diameter. 

T 


For  bodies  of  noncircular  cross  section  the  equivalent  diameters  should  be  used  in  the  design 
charts  and  in  equation  ^.2. 3.  J-g. 

Fcr  bodies  of  revolution  with  no  boattail  She  base-drag  coefficient  is  read  directly  from 
figure  4.2.3. 1-60. 
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Method  2.  Similarity  Parameters 

An  alternate  method  based  on  the  correlation  of  test  data  by  using  similarity  parameters  is  presented  below. 
The  zero-lift  drag  coefficient  of  closed-nosed  bodies  of  revolution,  based  on  the  maximum  frontal  area,  is 
given  by 


Cn  = Cf-  + CD  +cn  +CD  + c0  + cn 

D0  f SB  DN2  DA  DA  (NC)  DNj  Db 


4.2.3. 1-h 


where  Cf,  Ss/SB,  CD  , Cn  , and  Cn  are  determined  as  in  method  1 , and 
1 b B UA(NC)  dn  Dk 


CD  is  the  zero-lift  wave-drag  coefficient  of  the  nose  obtained  from  figure  4.2.3.1-61  or 

n2  4.2.3.1-62,  which  are  for  ogival-  and  conical-profile  noses  of  circular  cross  section,  respectively. 

The  Kn  factor  used  in  figure  4.2.3.1-61  is  given  in  figure  4.2.3.1-63.  The  chart  for  cones  is 
based  on  references  32  through  37  and  the  chart  for  ogive  noses  is  based  on  references  18, 

35,  and  38  through  40.  Slender-body  theory  and  Newtonian  theory  have  also  been  used. 

These  charts  are  discussed  and  substantiated  in  reference  14. 

CD  is  the  zero-lift  wave-drag  coefficient  of  the  afterbody  from  figure  4.2.3.1-64  or  4.2.3.1-65, 

A which  are  for  ogival  and  conical  afterbodies  with  circular  cross  sections,  respectively. 

These  charts  are  based  on  Van  Dyke’s  second-order  theory  and  the  data  of  reference  41  and 
are  discussed  and  substantiated  in  reference  14. 

For  bodies  with  noncircular  cross  sections  the  component  contributions  should  be  based  on  the  equiv- 
alent body  of  circular  cross  iection. 

It  should  be  noted  that  the  design  charts  presented  for  CD  in  method  2 are  restricted  to  closed-nosed 
bodies  of  revolution.  N2 

Sample  Problems 


1 . Method  1 . Slender-Body  Theory 

Given:  A cone-cylinder  body  with  the  f blowing  characteristics  (reference  41): 

Sj  = KN  K 53.8  in. 
C3  = CA  = 30.3  in. 
db=  3.28  in. 

V 40 

Additional  characteristics: 

M = 1.4;  0 = 0.980  Rg  = 7.6  xiO7  (based  on  Bb) 

Polished  metal  surface;  assume  k ~ 0.08  x 10’ 3 in. 


7.50  in. 


4.2.3.1-11 


Compute: 


fi/k 


129.1 

0.08  x 10'3 


1.61  x 10* ; cutoff  Rg  = 2x  108 


(figure  4.  l.S.  1-27) 


Since  cutoff  Rg  >7.6x  107,read  Cf  at  Rg  « 7.6  x !07 
Cf  * 0.00192  (figure  4.1.5.1-26) 

Forebody 


(h.\  „ o-  — - 2(53.8) 

W " ; /5d1  * (0.98)  (7.50) 


14.6 


2 

- 205.8 


(figure  4.2.3.1-28,  extrapolated) 


CD  * (5.5)/(205.8)  * 0.0267 
n2 


CD  * 0 (no  bluntness) 

Ni 

Afterbody 


0.191; 


^3 

*3 


2(30.3) 
(0.98)  (7.50) 


* 8.24 


2(30.3) 

7.50 


* 65.29 


no  \ 2 


2.10  (figure  4.2.3.1-28) 


C„a  * (2.10)/(65.29)  = 0.0322 
fic/fi A = yfi3  = (45)/(30.3)  * 1.48 


VSA  = V*3  “ (53.8)/(30.3)  * 1.78 
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MV 

Cn  ) =0.27  (figures  4.2.3. 1 -46b  and -46c,  interpolated) 

DA(NC)\d3// 

Cn  = (0.27  )/(65 .29)  = 0.0041 

UA(NC) 

db/d  = (3.28)/(7.50)  = 0.437;  fA  = CA/d  = 30.3/7.50=  4.04 
C = -0.055  (figure  4.2.3. 1 -S5c) 

*o 

CD^  = -Cpfe  (equation  4.2.3. 1-g) 

= -(-0.055)  (0.437)2  = 0.0105 

Solution: 


Cn  = Cf~  +CD  +Cn  +Cn  +Cn  +Cn  (equation  4.2.3. 1-f) 

D0  f SB  % °A  DA(NC)  dn,  Db 

= (0.001 92)  (50.0)  + (0.0267)  + (0.0322)  + (0.0041 ) + 0 + 0.0105 
= 0.1695  (based  on  S0) 

This  corresponds  to  ari  experimental  value  of  0.153  from  reference  41. 

2.  Method  1.  Slender-Body  Theory 

Given:  The  same  cone-cylinder  body  as  sample  problem  1 , except  that  the  nose  is  spherically  blunted. 


M = 1.40;  0 =0.98 


= 53.8  in. 

1 O 


d = d0  = 7.50  in.  = 24.0  in. 


Ss 

— =45.8  =99.3  in. 

o B 

Rj=  5.85  x 107  (based  on  fiB ) 


Polished  metal  surface;  assume  k = 0.08  x 10" 3 in. 
Cr 


'D 


A(NC) 


= 0.0322 
= 0.0041 
= 0.0105  J 


Afterbody  drag  components  from 
sample  problem  1 


TV 
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j 

i 
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Compute: 


99.3 

£/k  * : 1.24  x 10*;  cutoff  Rg  = 1.60x10*  (figure  4.1.5.1-27) 

0.08  x 10*3 

Since  cutoff  Rg  > 5.85  x 1 07 , read  Cf  at  Rg  * 5.85  x 107 
Cf  = 0.0020  (figure  4.1.5.1-26) 


Forebody . 


(if  . 0.36;— ' 122- 

\d/  'fid  (0.98)  (7.50) 


6.53 


CD  * (1.1 6)/(40.96)  » 0.0283 

Nj 


fN  “ jn  /do  = (53.8)/(7.50)  = 7.17 

O O 

CD  = 0.200  (figures  4.2.3. 1 -38a,  -38b,  -38c;  interpolated) 

Ni 

Solution: 


= r — +CD  +CD  +CD 
'Dq  W s dn2  ua  DA(NC) 


+ CD  + Cjv  (equation  4.2.3. 1-f) 

N j b 


= (0.0020)  (45.8)  + 0.0283  + 0.0322  + 0.0041  ♦ 0.200  + 0.0105 
= 0.3667  (based  on  SB) 

3.  Method  2.  Similarity  Parameters 

Given:  The  same  cone-cylinder  body  as  sample  problem  1. 

fN  = 7.17  fA  = 4.04  d^/d « 0.437  0N  = 4°  M=1.4;  fi 

Rg  = 7.6  xlO7  (based  on  fiB) 
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Drag  components  from  sample  problem  1 : 


Cf^  . 0.0960  C„4(NC)  - 0.0041  - 0 - 0.010S 

Compute: 

Forebody 

0/fN  = (0.98)/(7.17)  = 0.137 
fN2+^  = (7.17)2  . 51.66 

Cdn  [(fN)2+j]  = lAS  (figure  4.2.3.1-62) 

CD  « (1.45  )/(5 1.66)  = 0.0280 
N2 

Afterbody 


fA2  - (4.04)2  = 16.32;  0/fA  * (0.98)/(4.04)  = 0.243 

CDA<fA>2  = 0.53  (figure  4.2.3. 1 65) 

CD  = (0.53)/(l  6.32)  = 0.0325 

A 

Solution: 


Cn  “ C#—  +Cn  +Cn  +Cr 


+ Cr 


A(NC) 


+ c 


D (equation  4.2.3. 1-h) 

b 


= 0.0960  + 0.0280  + 0.0325  + 0.0041  + 0 + 0.0105 
= 0.1711  (based  on  Sfl) 

This  corresponds  to  a calculated  value  of  0. 1 695  obtained  using  method  1 , and  to  an  experimental  value  of 
0.153  from  reference  41. 


D.  HYPERSONIC 


At  hypersonic  speeds  the  zero-lift  drag  of  a body  is  caused  primarily  by  the  pressure  and  friction  drag  of  the 
nose.  The  base  drag  decreases  and  becomes  insignificant  at  the  higher  Mach  numbers  (see  figures  4.2.3.1-50 
4.2.3.1-55,  and  4.2.3.1-60). 

High-speed  turbulent  skin-friction  values  are  not  well  defined  at  the  present  time.  A theory  that  has  had 
wide  acceptance  is  that  of  reference  42.  The  limited  experimental  data  (e.g.,  reference  43)  substantiate  this 
theory  reasonably  well. 
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Figures  4.2.3.1-66  and  4.2.3.1-67  are  based  upon  Newtonian  impact  values  at  and  should  give 

reasonable  results  for  bodies  at  these  speeds.  The  charts  of  reference  44  give  the  drag  of  bodies  of  revolu- 
tion composed  of  cone  frustums  and  spherical  noses  based  on  Newtonian  flow.  A similar  set  of  charts  is 
contained  in  reference  45.  A more  comprehensive  set  of  charts  based  on  Newtonian  flow  is  available  in 
reference  46  for  arbitrary  bodies  of  revolution. 

DATCOM  METHODS 


Method  1 . Hypersonic  Similarity 

The  method  described  as  method  2 of  paragraph  C can  he  used  at  hypersonic  Mach  numbers,  but  with  the 
body  skin-friction  drag  coefficient  calculated  as  outlined  in  method  2 that  follows  (see  equation  4.2.3. 1-j). 

Method  2.  Newtonian  Flow  Plus  Skin  Friction 

The  zero-lift  drag  (based  on  the  maximum  frontal  area)  of  bodies  composed  of  cone-cylinder  frustums  and 
pointed  or  spherical  noses  is  estimated  by  adding  the  pressure-drag  coefficient  of  each  segment  to  the  body 
skin-friction  drag  coefficient. 


4.2.3.1-i 


The  procedure  to  be  followed  in  evaluating  equation  4.2.3.1-i  is: 


Step  1 Divide  the  body  into  m segments,  the  first  segment  being  the  pointed  conical  or  spherical 
nose  and  each  succeeding  segment  a cylinder  or  circular  cone  frustum.  The  pressure-drag 
coefficient  for  a spherical  nose  is  obtained  from  figure  4.2.3.1-66.  The  pressure-drag  coeffi- 
cient of  a pointed  conical  nose,  cylinder,  or  circular  cone  frustum  is  obtained  from 
figure  4.2.3.1-67.  (Note  that  the  cylinder  is  considered  as  a cone  frustum  with  6=0 
and  a/d  = 1.0,  and  that  the  pressure-drag  coefficient  is  zero  by  Newtonian  impact  theory.) 
Figures  4.2.3.1-66  and  4.2.3.1-67  are  from  reference  44,  and  are  based  on  Newtonian 
impact  theory.  The  pressure-drag  coefficients  from  figures  4.2.3.1-66  and  4.2.3.1-67  are 
based  on  the  base  area  of  the  specific  segment.  The  ratio  (dr|/,drnax  )2  refers  the  pressure- 
drag  coefficients  to  the  maximum  body  frontal  area. 

Step  2 Obtain  the  body  skin-friction  drag  coefficient  by 


1 .02  C, 


^inc  Cj  S 


4.2.3. 1-j 


where 


Cr 


Cf 


is  the  incompressible  (M  = 0),  turbulent,  flat-plate  skin-friction  coefficient, 
including  roughness  effects,  as  a function  of  Reynolds  number  based  on  the 
total  length  of  the  body  fiB.  This  value  is  obtained  from  figure  4.1.5.1-26 
as  discussed  in  paragraph  A of  Section  4. 1.5.1. 

is  the  ratio  of  compressible  to  incompressible  skin-friction  coefficient 
obtained  from  figure  4.2.3.1-68. 


4.2.3.1-16 


l 

L 


is  the  ratio  of  the  body  wetted  area  to  maximum  body  frontal  area, 

SB  determined  as  outlined  in  paragraph  A of  this  section. 

If  method  2 is  applied  at  Mach  numbers  low  enough  so  that  the  base  drag  is  significant,  the  base  drag  should 
be  added  to  the  results  obtained  using  equation  4.2.3. 1-j.  Unfortunately,  the  only  base-drag  coefficient 
results  available  which  are  compatible  with  the  Newtonian-theory  results  (restricted  to  bodies  with  forward 
facing  slopes  or  cylinders,  in  which  case  the  Newtonian  results  are  equal  to  zero)  are  those  for  cylindrical 
afterbodies.  The  pressure-drag  coefficient  for  cylindrical  afterbodies  is  presented  in  figure  4.2.3.1-60  for 
M 5 6. 


Sample  Problem 

Method  2.  Newtonian  Flow  Plus  Skin  Friction 

Given:  A body  with  the  following  configuration  (reference  54): 

Spherical  nose 
0.29  in.  dj 

Cone  frustum 
20°  a2 

1.50  in. 


Segment  1 : 

*1  = 
Segment  2: 


Segment  3 : Cylinder 

03  = 0 a3  = d2=  1.50  in. 

d3  = 1.50  in. 

Segment  5:  Cone  frustum 

05  * 10.4°  a$  = d4  = 4.10  in. 

dj  = 4.50  in. 


Segment  4:  Cone  frustum 
0A  = 16.5°  a4 

d4  = 4.10  in. 

Segment  6:  Cylinder 

06  = 0 a6 

d6  = 4.50  in. 


= ds  = 0.58  in. 

= dj  = 0.58  in. 


= d3  = 1 .50  in. 


= ds  = 4.50  in. 


Additional  characteristics: 

Ss/SB  =8.14  SB  = 14.4 in.  M = 4.65  Rs  = 7.63  x 106  (based  on  e„) 

Polished  metal  surface;  assume  k = 0.08  x 10'3  in. 
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Compute; 


Determine  CD  of  the  body  segments 

p 

Segment  1 

61/(d1/2)=  (0.29)/(0.58/2)  = 1.0 

CD  =1.0  (figure  4.2.3.1-66) 

Pi 

Segment  2 

a2/d2  = (0.58)/(1.50)  = 0.387 

Cn  = 0.200  (figure  4.2.3.1-67) 

P2 

Segment  3 

a3/d3  = (1.50)/(1.50)  = 1.0 

CD  =0  (figure  4.2.3.1-67) 

P3 

Segment  4 

a4/d4  = (l.S0)/(4.10)  = 0.366 

CD  =0.138  (figure  4.2.3.1-67) 

P4 

Segment  5 

as/d5  * <T4.10)/(4.50)  =0.911 

Cn  =0.010  (figure  4.2.3. 1-67) 

Pj 

Segment  6 

a6/d 6 = (4.50)/(4.50)  = 1.0 

Cu  =0  (figure  4.2.3.1-67) 

P6 

Determine  the  skin-friction  drag  coefficient  CDf 

S/k  = 14.4/(0.08  x 1 0‘3)  = 0.18  x 106;  cutoff  R£  a 7.5  x 107 
Since  cutoff  Rg  > 7.63  x 10®,  read  Cf  at  Rg  = 7.63  x 106 

4.2.3.1-i8 


(figure  4.1.5.1-27  at  M =0) 


C,.  = 0.00314  (figure  4.1.5.1-26  at  M = 0) 

Cf  /C(  = 0.44  (figure  4.2.3.1-68) 

lc  1 

cf  s 

Cn  = 1.02  Cf  ~ (equation  4.2.3. 1-j) 

u{  *inc  Cj.  Sg 

= (1.02)  (0.00314)  (0.44)  (8.14)  = 0.0115 


Solution: 


= 0.175  (b?sedon  SB) 


The  Mach  number  of  this  example  is  low  enough  so  that  the  base  drag  is  significant.  The  base  drag 
coefficient  is  obtained  from  figure  4.2.3.1-60  a r 

CD  = 0.055  (based  on  S„) 

b 

So,  the  final  result  is 

Cn  = Cn  +Cn  +Cn  = 2.30  (based  on  SH) 

uo  uf  up  ub  B 

This  result  compares  favorably  with  the  test  value  shown  in  reference  54. 

E.  RAREFIED  GAS 

In  the  discussions  of  aerodynamic  properties  presented  previously,  it  has  been  assumed  that  the  air  behaves  as 
a continuous  fluid;  whereas,  at  the  very  low  densities  encountered  at  extreme  altitudes  the  actual  molecular 
structure  of  the  air  will  become  important. 
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By  accepted  definition  (reference  47)  a rarefied  gas  flow  is  a flow  in  which  the  length  of  the  molecular  mean 
free  path  is  comparable  to  some  significant  dimension  of  the  flow  field.  The  ratio  of  these  two  lengths  is  called 
the  Knudsen  number.  If  the  characteristic  length  is  chosen  to  be  the  body  dimension  used  in  the  definition 
of  Reynolds  number,  then  the  Knudsen  number  can  be  shown  to  be  given  approximately  by 

Kn  * M/Rfi 

By  the  definition  given  above,  the  flow  can  be  considered  as  rarefied  if  Kn  > 1 . If  the  flow  is  very  rarefied, 
say  Kn  > 3 (reference  47)  then  individual  gas  molecules  strike  the  surface  of  the  body  without  interacting 
with  surrounding  gas  molecules;  this  flow  regime  is  called  free-molecule  flow.  B tween  the  regime  of  free- 
molecule  flow  and  that  of  continuous  gas  dynamics  (where  Kn-10'4or  10'5 ) lies  a large  transition  region 
that  is  not  yet  clearly  defined  as  to  its  characteristics. 

It  is  apparent  that,  if  Kn  = 3 defines  the  limit  for  the  free-molecule  flow  regime,  the  aerodynamics  of 
bodies  in  this  type  of  flow  is  of  interest  only  in  its  application  to  satellite  studies.  A Knudsen  number  of 
three  corresponds  to  an  altitude  of  roughly  1 00  miles,  if  the  reference  length  used  is  only  one  foot,  with 
increasing  altitude  for  larger  reference  dimensions.  It  seems  unlikely  that  anything  resembling  a full-size 
aircraft  will  attempt  to  utilize  the  tenuous  atmosphere  at  these  extreme  altitudes  for  a useful  purpose  with- 
out flying  at  essentially  orbital  speeds.  It  is  not  possible  to  make  any  clearcut  statements  regarding  the  tran- 
sition regime.  The  region  likely  to  be  of  most  interest  in  aircraft  and  missile  work  is  that  where  the  flow 
is  just  slightly  rarefied,  that  is,  where  the  continuous  flow  equations  are  just  beginning  to  become 
questionable.  This  is  called  the  slip-flow  regime.  In  the  slip-flow  regime  either  the  Mach  number  is  large  or 
the  Reynolds  number  is  small,  by  continuum  standards.  Analysis  of  the  slip-flow  regime  is  difficult,  because 
its  characteristics  arc  likely  to  be  masked  by  compressibility  and  viscosity  effects. 

An  excellent  discussion  is  presented  by  Hayes  and  Probstein  (reference  48)  concerning  the  validity  of  continuum 
theory  as  applied  to  rarefied  gas  flow.  It  is  concluded  that,  when  properly  applied,  continuum  gas  dynamics  and 
viscous  flow  theory  can  be  useful  far  into  the  regime  of  what  is  normally  considered  the  domain  of  kinetic  theory. 

At  the  other  end  of  the  spectrum,  free-molecule  flow  theory  is  important  for  several  problems  dealing  with 
satellites.  Since  satellites  generally  operate  in  the  free-molecule  flow  regime,  it  is  necessary  to  estimate  the 
drag  coefficient  under  these  conditions  in  order  to  predict  the  perturbations  and  decay  of  the  orbit,  and  to 
use  satellite  measurements  to  estimate  atmospheric  density. 

There  are  many  analyses  in  the  literature  on  the  lift  and  drag  of  bodies  in  free-molecule  flow  (references  47^ 

49,  50,  and  5 1 ),  since  the  problem  is  amenable  to  analytical  solution.  In  the  discussion  of  reference  47, 
expressions  tor  the  local  pressure  and  shear  forces  are  given  in  general  form,  so  that  these  forces  can  be 
computed  for  any  type  of  interaction  of  the  atmospheric  molecules  with  the  body  surface.  At  the  present, 
very  little  is  known  of  the  nature  of  this  interaction,  and  more  research  is  required  to  establish  the  type  of 
interaction  that  may  be  expected  in  a specific  problem. 

Jastrow  and  Pearse  (reference  52)  have  discussed  an  additional  drag  that  arises  in  the  flight  of  a body  through 
a medium  containing  ions  and  electrons,  as  in  the  ionosphere.  The  satellite  tends  to  acquire  a negative 
equilibrium  electrostatic  potential.  As  a result,  atmospheric  ions  that  would  otherwise  have  missed  the 
satellite  are  drawn  into  collisions  with  it,  thus  increasing  the  drag. 

Integrated  drag  forces  for  the  simple  shapes  of  the  cylinder  and  sphere  are  given  in  reference  47,  These  data 
are  shown  in  figure  4,2.3.1-69  for  the  simplified  case  in  which  the  surface  temperature  is  equal  to  the  ambient 
temperature,  and  for  the  extremes  of  specular  and  fully  diffuse  reflection. 
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FIGURE  4.2.3.1-25  DRAG-DIVERGENCE  MACH  NUMBER  FOR  CLOSED-NOSED  BODIES 
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Note: 


a is  the  nose  diameter  of  forebody  or  base  diameter  of  afterbody 
d is  the  maximum  diameter  of  forebody  or  afterbody 


FIGURE  4.2.3.1-27  DRAG  OF  (SLENDER)  FOREBODIES  OR  AFfERBODlES  OF  PARABOLIC  PROFILE 
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Note: 


a is  the  nose  diameter  of  forebody  or  base  diameter  of  afterbody 
d is  the  maximum  diameter  of  forebody  or  afterbody 


FIGURE  4.2.3.1-28  DRAG  OF  (SLENDER)  CONICAL  FOREBODIES  OR  AFTERBODIES 
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FIGURE  4.2.3.1-38  EFFECT  OF  BLUNTNESS  ON  SUPERSONIC  PRESSURE  DRAG  OF 
SPHERICALLY  BLUNTED  CONES 


4.2.3.1-38 


4.2.3.1-45 


ii  the  nose  we*  of  forebody  or  base  area  of  afterbody 
is  the  maximum  frontal  area  of  forebody  or  afterbody 


FIGURE  4,2.3.1-50  BASE-PRESSURE  COEFFICIENT  FOR  OGIVE  BOATTAILS 
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FIGURE  4.2.3. 1 -SO  (CONTD) 
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FIGURE  4.2.3.1-55  BASE-PRESSURE  COEFFICIENT  FOR  CONICAL  BOATTAILS 
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FIGURE  4.2.3,1-55  (CONTD) 
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FIGURE  4.2,3. 1-55  (CONTD) 
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4,2.3. 1-^6 


FIGURE  4.2.3.1-67  DRAG-FORCE  COEFFICIENT  DUE  ONLY  TO  THE  INCLINED  SIDES  OF  A CONE 
FRUSTUM  CALCULATED  BY  NEWTONIAN  THEORY. 

CD  IS  BASED  ON  BODY  BASE  AREA  Sb. 


NO  CORRECTION  ASSUMED  BELOW  M * 1.0 


■MBS— ■ 


Ref:  Theory-Frankl-Voishel 
Test  Pobts-Coles 


MACH  NUMBER,  M 

FIGURE  4.2.3.1-68  COMPRESSIBILITY  EFFECT  ON  TURBULENT  SKIN  FRICTION 

(ZERO  HEAT  TRANSFER) 
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Reference  Area: 


Cylinder  (axis  normal  to  flow  direction)  - Cylindrical  Surface  Area 
Sphere  - Surface  Area 


DRAG 

COEFFICIENT 

(based  on  reference 
area  as  defined) 


SPEED  RATIO, 

FIGURE  4.2.3.1-69  DRAG  COEFFICIENTS  FOR  SPHERE  AND  CYLINDER  IN  FREE-MOLECULE  FLOW 
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4.2.3.2  BODY  DRAG  AT  ANGLE  OF  ATTACK 


The  drag  of  bodies  at  angle  of  attack  is  closely  related  to  their  lift  and  drag  at  zero  angle  of  attack. 
The  total  drag  of  a body  at  angle  of  attack  can  be  expressed  as 

CD  " CDo  + Cd(«)  4.2.3.2-a 

where  Cd0  is  the  body  zero-lift  drag,  as  developed  in  Section  4.2.3. 1 , and  Cp  (a)  is  the  drag  due  to 
angle  of  attack  as  determined  in  this  section.  Discussions  of  the  various  applicable  theories  are  given 
in  Sections  4.2. 1.1  and  4. 2. 1.2  and  will  not  be  repeated  here. 


A.  SUBSONIC 

Four  methods  are  presented  for  estimating  body  drag  due  to  angle  of  attack.  The  first  method  is 
taken  from  Reference  1 and  is  quite  general  since  it  applies  to  both  short  and  long  bodies  of 
revolution.  This  method  assumes  that  the  flow  is  potential  over  the  forward  part  of  the  body  and 
has  no  viscous  contribution  in  this  region.  On  the  aft  part  of  the  body,  the  flow  is  assumed  to  be 
entirely  viscous,  with  lift  arising  solely  from  cross-flow  drag.  The  second  method,  taken  from 
Reference  2,  is  accurate  to  within  ±10  percent  for  bodies  of  high  fineness  ratio  but  is  not  accurate 
for  bodies  of  low  fineness  ratio.  This  method  assumes  that  the  viscous  contribution  at  each  station 
along  the  body  is  equal  to  the  steady-state  drag  of  a section  of  an  infinite  cylinder  placed  normal  to 
a flow  with  velocity  V sin  a.  This  method  is  included  for  bodies  of  high  fineness  ratio  because  of  its 
ease  of  application.  The  third  method,  taken  from  Reference  3,  is  also  given  because  of  its  ease  of 
application.  This  method  is  limited  in  application  to  small  angles  of  attack  and  moderate  fineness 
ratios.  The  fourth  method,  taken  from  Reference  4,  presents  a method  of  computing  axial-force 
coefficient.  This  method,  (based  on  slender-body  theory)  applies  to  the  angle-of-attack  range  of  0 to 
180°  for  bodies  with  circular  cross  sections.  It  is  recommended  that  one  of  the  first  three  methods 
be  used  in  the  low-angle-of-attack  range. 


DATCOM  METHODS 


Method  1.  General 

The  subsonic  drag  due  to  angle  of  attack  of  a body  of  revolution,  based  on  (VB)2^3,  is  given  in  Ref- 
erence I as 


(k2  - k.)  2a3  Z*2® 

G (a)=  2a2 S0  + — I re  dx  4.2.3.2-b 

(vB): 2/3  (vb)2/j  Jx 


where 

(k2-k,) 

2or,co  is  the  potential-flow  solution  for  C,  from  Paragraph  A of  Section 

(VB)2/3  4.2. 1.1,  multiplied  by  a2  a 


4.2.3. 2-1 


2a3  r B 

I 7?  r cd  dx  is  the  viscous  solution  for  CL  at  angle  of  attack  from  Paragraph  A of 

(VB)2'3  J c Section  4.2. 1.2,  multiplied  by.  a. 

O Aq 


a is  the  body  angle  of  attack  in  radians. 

All  the  parameters  required  to  solve  Equation  4.2.3. 2-b  are  defined  in  Sections  4.2.1 .1  and 
4.2. 1.2. 


Method  2.  Bodies  of  High  Fineness  Ratio 

The  subsonic  drag  due  to  angle  of  attack  of  a body  of  revolution,  based  on  (VB)2^3,  is  given  in 
Reference  2 as 


C D(a)  = 2a2 


(VR)2'3 


ncd 


c (vB)2'3 


cr 


4.2.3.2-c 


where 

Sb  is  the  body  base  area. 

Vfi  is  the  total  body  volume. 

Sp  is  the  body  planform  area. 

a is  the  body  angle  of  attack  in  radians. 

r,  is  the  ratio  of  the  drag  on  a finite  cylinder  to  the  drag  on  an  infinite  cylinder, 

obtained  from  Figure  4.2.1 ,2-35a  as  a function  of  the  body  fineness  ratio  SB/d. 

cd  is  the  experimental  steady-state  cross-flow  drag  coefficient  of  a circular  cylinder  of 

c infinite  length,  obtained  from  Figure  4.2.1 .2-35b  as  a function  of  the  cross-flow 

Mach  number  at  a given  angle  of  attack. 


Comparisons  between  results  obtained  by  this  method  and  test  results  (Reference  2)  show  that  the 
body  drag  due  to  angle  of  attack  is,  in  general,  fairly  accurately  predicted  up  to  moderate  angles  of 
attack  for  bodies  with  fineness  ratios  as  low  as  about  6.  For  bodies  with  fineness  ratios  of  about  15 
and  greater,  the  method  should  predict  the  drag  due  to  angle  of  attack  quite  accurately  over  the 
angle-of-attack  range  of  practical  interest. 


Method  3.  a < 10°  and  2f  tan  a < 5 

For  the  range  of  parameters  a < 10°  and  2f  tan  a < 5,  the  simplified  method  of  Reference  3 
indicates  that  the  subsonic  drag  due  to  angle  of  attack  of  a body  of  revolution,  based  on  body  base 
area,  may  be  given  as 

4.2.3. 2-2 


4.2.3.2-d 


CD(a)  = lx2  + 0.49f2  --a4 

Sb 

where  a is  the  body  angle  of  attack  in  radians,  f is  the  body  fineness  ratio,  and  the  remaining 
parameters  are  defined  in  Method  2 above. 

The  first  three  sample  problems  illustrate  the  accuracy  of  the  above  method"  applied  to  the  same 
configuration. 

Method  4.  High  Angles  of  Attack 

The  method  of  Reference  4 is  applicable  to  the  angle-of-attack  range  of  0 to  180°.  Due  to  the 
complexity  of  calculating  drag  for  bodies  wh;:  noncircr'ar  cross  sections,  the  Datcom  method  is 
limited  to  bodies  with  circular  cross  sec f one  For  nonch  ndar  cross  section  bodies,  the  user  is 
referred  to  the  treatment  presented  in  Ref'etcves  4 and  0 Tiie  Datcom  method  predicts  axial-force 
coefficient  Cx  based  on  body  base  area.  Sretch  (a)  shows  how  this  term  may  be  used  in 
conjunction  with  the  CN  calculated  in  Section  4.2. 1.2  to  obtain  CD  (CD  = CN  sin  a — Cx  cos  a). 


The  axial  force  Cx  of  a circular-cross-section  body  at  an  angle  of  attack,  based  on  the  body  base 
area,  is  given  by 


and 


Cx  = Cx  cos2 of’  (for  0 < a < 90°) 


4.2.3.2-e 


Cx  = Cx  o «>s2a'  (for  90°<a<  180° 

A *a=180 


4.2.3.2-f 


CXa=0  = -<Cf  + CDb) 


4.2.3.2-g 


Cv 


0 - cf  + CD 

= 1 80  1 Db 


4.2.3.2-h 


where 

Cx  is  the  axial-force  coefficient  at  a = 0. 

or=0 


4.2. 3. 2-3 


a'  is  an  incidence  a ig'e  defined  as  a'  = a for  0 < a < 90?  and  a'  = 1 80°  - a for 

90°«5a<  180°. 

Cv  „ is  the  axial-force  coefficient  at  a = 180°. 

X<*=180° 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  based  on  the  reference 

length.  This  value  is  obtained  from  Figure  4.2.3.2-27  as  a function  of  Reynolds 
number  (based  on  body  length)  and  Mach  number. 

CD  is  the  base-drag  coefficient  based  on  the  maximum  body  frontal  area,  given  by 

b Equation  4.2.3. 1 -b. 

It  is  recommended  that  this  method  be  used  only  in  the  high-angle-of-attack  range  where  other 
Datcom  methods  are  not  applicable.  No  substantiating  test  data  are  available  for  this  method  in  the 
subsonic  speed  range. 


Sample  Problems 

1.  Method  1 

Given:  The  parabolic  body  of  revolution  of  Reference  10. 


2b  = 5.04  ft  d = 0.510  ft 

VB  = 0.687  cu  ft;  (Vb)2/3  = 0.7786  sq  ft 


db  = 0.376  ft 
M = 0.40 


f = 9.87 
Osas  18° 


Body  ordinates:  r = 0.255 


1-1- 


2x 


6.375/ 


■X 


Compute: 

Potential  Flow  Term  (Section  4.2. 1.1) 
xt  - 5.04  ft* 

Xi/8B  = 5.04/5.04  = 1.0 


Xj  may  be  determined  by  inspection  for  this  case 


4.2.3,2-4 


xo'*b  = °-9°3  (Figure  4,2. 1.1  -20b) 
xQ  = (0.903)  (5.04)  = 4.55  ft 


= 0.151  sq  ft 

(k2-kj)  = 0.938  (Figure  4.2. l.l-20a) 


(k2  -k,) 

(VB)2'3 


2«JS0 


(0.938) 

(0.7786) 


2a2  (0.151)=  0.364 


« 


2 


Viscous  Term  (Section  4.2. 1.2) 


jj  = 0.685  (Figure  4. 2. 1.2 -35a) 
cd  = f(Mc ) ; Mc  = M sin  a 

C 


Mc  varies  between  0.40  sin  (0)  to  0.40  sin  18°;  0 s Mc  s 0. 1 236 
c.  = 1.20  (constant)  (Figure 4.2. 1.2 -35b) 

ac 


rh  *B  B 

I rjrcj  dx=  (0.685)  (1.20)  j rdx=  0.822  ^ r Ax 


(2)  (4.55)' 
6.375 


1 tj  r c.  dx 

= -(0.0822)  = 0.211  a3 

(vb)2/3 

(0.7786) 

Solution: 

<k2  ‘kl>  , 

2a3 

CD(a)  = 2a2S0  + 

1 wrc.  dx  (Equation  4.2.3. 2-b) 

(VB)2'3 

(vb)2/3  { o 

= 0.364  a2  + 0.21 1 a3 

© 

© 

a 

a2 

a3 

cD(«) 

(rod) 

(rad2) 

(rad3} 

0.3G4  © + 0.211  © 

0 

0 

0 

0 

0.0349 

0.00122 

0.00004 

0.0005 

0.0698 

0.00487 

0.00034 

0.0018 

0.1047 

0.01096 

0.00115 

0.0042 

0.1396 

0.01949 

0.00272 

0.0077 

0.1746 

0.03045 

0.00531 

0.012? 

0.2094 

0.04385 

0.00918 

0.0179 

0.2443 

0.05968 

0.Q1458 

0.0248 

0.2792 

0.07796 

0.02176 

0.0330 

0.3141 

0.09866 

0.03099 

0.0425 

The  calculated  results  are  compared  with  test  values  fromReference  10  in  Sketch  (b). 
2.  Method  2 

Given:  The  same  configuration  as  in  Sample  Problem  1 . 

Additional  Characteristics: 

Sb  = 0.1 1 1 sq  ft  Sp  * 2.016  sq  ft 

Compute: 

Potential  Flow  Term 

Su  /n  1 1 1 \ 


ii-  - 2 ‘ 0.285  a-2 


Viscous  Term 


rj  = 0.685 


cd  = 1.20 

C 


(VR)2/3 


(Sample  Problem  1) 


, 2.0lo  , 

a3  = (0.685)  (1.20)  — — — a3 

/ / oo 


= 2.128  a3 


Solution; 


CD(a)  - 2«2  - 


(V  )2/3  0 (V  )Vi 


■a3  (Equation  4.2.3. 2-c) 


= 0.285  a2  + 2.128  a3 


i 


(Sm  calculation  table, Sample  Problem  1) 


0.285  (3)  + 2.128  @ 


The  calculated  results  are  compared  with  test  values  from  Reference  10  in  Sketch  (b). 
3.  Method  3 

Given:  The  same  configuration  as  in  Sample  Problems  1 and  2. 

Compute: 

cd  = 1.20  (Sample  Problem  1) 


2f  tan  a >5  for  a > 14.2°;  therefore,  the  problem  is  limited  to  angles  of  attack  < 10°. 

4.2.3. 2-7 


Solution: 
CD  («) 


= cT  + 0,49  f2 — - a4  (Equation  4..'?,. 3. 2-d) 

Sb 

, 1.20 

= a2  + (0.49)  (9.87)2  <x4 


= a2  + 516  a4 


a 

(dag) 

a 

trad) 

O? 

(rad2) 

. — 

0(* 

(rad4) 

CD(00 

(based  on  Sb) 

0 ♦ 616  (4) 

c0(«) 

(basad  on  (VB)2/3 1 

0 sb/(vB>2/3 

O 

0 

0 

0 

0 

0 

2 

0.0349 

0.00122 

0.000001 

(X00173 

0.0002 

4 

0.0698 

0.00487 

0.000024 

0.01725 

0.0025 

G 

0.1047 

0.01096 

0.00012 

0.07286 

0.0104 

8 

0.1396 

0.01949 

0.00038 

0.21549 

0.0307 

The  calculated  results  from  Column  6 are  compared  with  test  values  fromReference  10  m Sketch  (b) 


© Test  values  - Ref.  10 

i i > 

* Method  1 _ 

— ■ — — Method  2 
Method  3 

— i — r~ i — 


SKETCH  (b) 


h 


a <r« 


r. 


H 


V- 


I i 


«•  r — r . T'_  " * . 


v"V  p p — 


4.  Method  4 

Given:  The  same  configuration  as  in  Sample  Problems  1 , 2,  and  3. 

Additional  Characteristics: 

a = 50°  Rc  = 106 

Compute: 

a = a = 50° 

Cf  = 0.0042  (Figure  4.2.3.2-27) 


, 5.04 

CB/d  = 9.88 

B 0.510 


= 28.7  (Figure  2.3-3) 


S 0316 

d “ 0.510 


- 0.737  (Sample  Problem  1) 


<C°A  * ct 


1 + 


60 


(CB/d) 


+ 0.0025  — ] 

3 \ d 


(first  term  in  Equation  4.2.3. 1 -a) 

J SB 


= 0.0042 


= 0.131 


1 + 


60 


— +0.0025  fe“-Y 
(5 .04/0.5 10)3  \0-510/J 


28.7 


Cpb  = 0.029  (—)  / /(C0T  (Equation  4.2.3. 1-b 


= (0-029)  (-TTTrV/v^nr 


0.510 


= 0.0321 


Solution: 
C 


x 

a-U 


-(Cr  + CD  ) (Equation  4.2.3. 2-g) 

(0.0042  + 0.0321) 

0.0363 


4.2.3. 2-9 


cx  = Cy  cos2a'  (Equation  4.2.3. 2-e) 

a=0 

« -(0.0363X0.6428)2 
= -0.0150  (based  on  body  base  area) 

No  test  data  are  available  for  a comparison. 

B.  TRANSONIC 

Slender-body  theory  may  be  applied  for  a rapid  but  approximate  estimate  of  body  drag  at  angle  of 
attack. 


DATCOM  METHOD 

The  drag  coefficient  due  to  angle  of  attack  from  slender-body  theory  is 

CD(a)  = a 2 (based  on  Sb)  4.2.3.2-i 

where  the  drag  coefficient  is  referred  to  body  base  area  and  a is  the  body  angle  of  attack  in  radians. 
C.  SUPERSONIC 

Three  methods  are  given  for  estimating  body  drag  due  to  angle  of  attack  at  supersonic  speeds.  The 
first  two  methods  correspond  to  the  first  two  methods  of  estimating  body  lift  in  Section  4. 2. 1.2. 
The  general  discussion  of  the  methods  used  in  Section  4.2.1 .2  will  not  be  repeated  here.  In  addition, 
a third  method  is  given  for  estimating  the  body  axial-force  coefficient  (based  on  Reference  4 and 
similar  to  Method  4 of  Paragraph  A of  this  section).  This  method  is  applicable  up  to  an  angle  of 
attack  of  180°  and  is  limited  to  bodies  of  revolution  with  blunt,  conical,  ogive,  and  3/4-power 
noses. 


DATCOM  METHODS 


Method  1 

The  supersonic  body  drag  due  to  angle  of  attack,  determined  by  the  method  of  Reference  9 for 
moderaie  angles  of  attack,  is 


CD(a)  = CL«  4.2.3.2-j 

where  CL  is  given  by  Equation  4.212-g  or  Equation  4.2.1.2-h,  depending  on  whether  the  body 
cross  section  is  circular  or  elliptical,  and  a is  the  angle  of  attack  in  radians. 

The  supersonic  drag  due  to  angle  of  attack  of  a body  of  revolution,  based  on  body  base  area,  is  then 

2 Sp  , 

CR  (a)  = 2a2  +c.  — 1 a3  4.2.3.2-k 


where  all  the  parameters  are  defined  under  Method  2 of  Paragraph  A. 
4.2.3.2-10 


The  supersonic  drag  due  to  angle  of  attack  of  a body  having  an  elliptical  cross  section,  based  on 
body  base  area,  is 

ICD  (a)]  = cos 20+  - sin2  J CD  (a)  42.3.2  l 1 

u a/b  L b a J ! 

where 

1 

I 

a is  the  major  axis  of  the  elliptical  cross  section, 

b is  the  minor  axis  of  the  elliptical  cross  section. 

0 is  the  angle  of  bank  of  the  body  about  its  longitudinal  axis;  0 = 0 with  the  major  axis  1 

horizontal  and  0 = 90°  with  the  minor  axis  horizontal. 

CD(a)  is  the  drag  due  to  angle  of  attack  of  a body  of  revolution  having  the  the  same 
cross-sectional  area  distribution  along  its  axis  as  the  elliptical-cross-section  body  of 
interest.  It  is  given  by  Equation  4.2.3.2-k. 

Calculated  results  using  this  method  have  been  compared  with  test  data  in  Reference  9.  The 
comparison  included  bodies  of  revolution  and  bodies  of  elliptical  cross  section,  both  having  the 
same  axial  distribution  of  cross-sectional  area.  The  tests  included  bodies  of  fineness  ratios  6 and  10 
at  M = 1 .98  and  bodies  of  fineness  ratio  6 at  M = 3.88.  The  angle-of-attack  range  was  from  zero  to 
approximately  20°.  For  the  cases  considered,  there  is  good  agreement  between  results  calculated  by 
this  method  and  test  values. 


Method  2 

A method  for  predicting  the  norma!  force  of  bodies  of  revolution  at  supersonic  speeds  is  given  in 
Section  4.2. 1 ,2.  The  drag  due  to  angle  of  attack  of  a body  of  revolution  can  be  expressed  as 

CD(a)  = CN  sina-Cx  cosa  4.2.3.2-m 

where  C'N  and  Cx  are  defined  in  Sketch  (a).  For  small  angles  of  attack  the  resultant  force  vector  is 
nearly  normal  to  the  body  surface  and  the  chordwise  force  component  is  neglected. 
Equation  4.2.3.2-m  can  then  be  approximated  at  small  angles  of  attack  as 

CD(a)  = CNa  4.2.3.2-n 

where 

a:  is  the  body  angle  of  attack  in  radians. 

CN  is  the  body  normal-force  coefficient  at  angle  of  attack,  based  on  body  base  area, 

obtained  from  Figure  4.2.1.2-38. 

The  normal-force  data  of  Figure  4.2.1.2-38  are  for  cone-cylinder  configurations,  but  may  be 
used  for  general  pointed  bodies  without  great  loss  of  accuracy. 

4.2.3.2-11 


1 


Method  3 


The  following  method  (Reference  4)  piedicts  the  axial-force  coefficient  Cx  in  the  angle-of-attack 
range  of  0 to  180°.  The  method  is  limited  to  bodies  of  revolution  with  blunt,  conical,  ogive,  and 
3/4-power  nose  shapes.  Due  to  the  complexity  of  calculating  drag  for  bodies  with  noncircular  cross 
sections,  the  Datcom  method  is  limited  to  bodies  with  circular  cross  sections.  For  noncircular 
cross-section  bodies,  the  user  is  referred  to  the  treatment  presented  in  References  4 and  5.  This  Cx 
term  may  be  used  in  conjunction  with  the  CN  calculated  in  Section  4.2. 1 .2  to  obtain  CD  ; i.e.,  CD  = 
CN  sin  a - Cx  cos  a. 

The  axial-force  Cx  of  a circular-cross-sec  lion  body  at  an  angle  of  attack  is  given  by 


and 


cx 


= C 


Xa=180° 


■'X.-O 


Xa= 180° 


cos2 a'  (for  0 < a < 90°) 
cos2a'  (for  90°  a 1 80°) 


-<cf  + eDb+cPw) 

= Cf + CDh  +CD 
b w 


4.2.3.2o 


4.2.3.2-p 


4.2.3.2-q 


4.2.3.2-r 


where 

Cn  is  the  base-drag  coefficient  for  bodies  of  revolution,  from  Figure  4.2.3.1-60. 

CD  is  the  wave-drag  coefficient  determined  from  Figure  4.2.3.2-28a  for  blunt  nose  or  blunt 
w base  forward,  or  Figure  4.2.3. 2-28b  for  other  nose  shapes. 

The  remaining  terms  are  defined  in  Paragraph  A of  Section  4. 2.3. 2. 

A comparison  of  test  data  taken  from  References  7 and  8 with  results  calculated  by  this  method  is 
presented  in  Table  4.2.3.2-A,  It  should  be  noted  that  very  little  reliable  test  data  at  high  angles  of 
attack  were  available,  and  much  of  that  used  to  substantiate  the  method  is  suspected  of  bein^ 
affected  by  model  support  interference.  The  method  generally  predict?  a lower  absolute  value  of  Cx 
than  evidenced  by  available  test  data;  however,  the  user  should  be  cautious  in  view  of  the 
uncertainty  of  the  test  data. 

It  is  recommended  that  other  Datcom  methods  be  used  whenever  possible,  especially  at  low  angles 
of  attack. 

The  method  is  applicable  to  0 < M < 7;  however,  caution  should  be  used  in  the  hypersonic  range 
because  of  the  lack  of  substantiating  data. 


Sample  Problems 


1.  Method  1 

Given:  Three  bodies  of  Reference  1 l.each  having  the  same  longitudinal  area  distribution. 

Body  1 . Ogive-cylinder 

SB  - 42.0  in.  8n  = 14.0  in.  fiA  = 28.0  in.  db  = dmax  = 4.0  in. 
f = 10.5  Sb  = 12.57  sqin.  Sp  = 154.0sqin. 

Body  2.  Horizontal  ellipse 

Same  longitudinal  area  distribution  as  ogive-cylinder  body, 
a = 4.90  in.  b = 3.26  in.  <f>  = 0 
Body  3.  Vertical  ellipse 

Same  longitudinal  area  distribution  as  ogive-cylinder  body, 
a = 4.90  in.  b = 3.26  in.  <j>  = 90° 

Additional  Characteristics: 

M = 2.01;  p = 1.744  0 < a < 10° 

Body  1 . Ogive-cylinder 
Compute: 

Sp/Sb  = 154.C, 12.57  = 12.25 

Mc  = M sin  a j 

| (See  calculation  table  below.) 
cd  (Figure  4.2. 1.2 -35  b)  J 

C 

Solution: 

S 

CD(oi)  = 2a2  + cd  —a3  (Equation  4.2.3. 2-k) 

U c Su 


4.2.3.2-13 


•—  i " - • "’r  V ' •!  ’ 


® ® © 


a 

(dog) 

a 

(rad) 

a2 

(rad2) 

0? 

(rad3) 

Mc 

M sin  OC 

O 

0 

0 

0 

0 

2 

0.0349 

0.00122 

0.00004 

0.0701 

4 

0.0698 

0.00487 

0.00034 

0,1402 

6 

0.1047 

0.01096 

0.00115 

0.2101 

8 

0.1396 

0.01949 

0.00272 

0.2797 

10 

0.1745 

0.03045 

0.00531 

0.3489 

Bodies  2 and  3 
Compute: 

Horizontal  ellipse 


SP 
c . — 

« Sb 

© 12.25 

cD(«) 

(Ecj.  4.2.3.2-k) 

i + 

14.70 

0 

14.70 

0.00303 

14.70 

0.01474 

14.70 

0.03882 

14.82 

0.07929 

15.10 

0.1411 

a , b , 
— cos  <6  + — sur0 
b a 


Vertical  ellipse 


a , b , 
“ cos^  + — sin  £<t> 
b a 


J = |l.5cos2(0)  + 0.667  sin2(0)J  = 1.50 
1 = 1.5  cos2(90°)  + 0.667  sin2(90°)|  = 0.667 


Solution: 


CD(«) 


~ cos2#  + — sin2<£  Cn(a)  (Equation  4.2.3. 2- i) 
b a 


= 1.50  C'D  (a)  Horizontal  ellipse 
= 0.667  CD(a)  Vertical  ellipse 


4,2.3.2-14 


© 

© 

<D 

© 

I0-™].,. 

O' 

cD«*> 

Horn.  £l,;pse 

Vort,  Ellipse 

(deg) 

Ogive-Cyl.' 

1.50  (g) 

0.667  © 

0 

0 

0 

0 

2 

0.00303 

0.00454 

0.00202 

4 

0.01474 

0.02211 

0.00983 

6 

0.03882 

0.05823 

0.02589 

8 

0.07929 

0.1189 

0.0529 

10 

0.1411 

0.2116 

0.0941 

The  calculated  results  for  the  three  bodies  are  compared  with  test  values  fromReference  11  in  Sketch  (c). 


2.  Method  2 

Given:  The  ogive-cylinder  body  of  Sample  Problem  1 . 
Compute: 


14.0 


= 3.50 


f = — 1-  = 7.0 

A d 4.0 

max 

fA/fN  = 7.0/3.50  = 2.0 

jS/fN  = 1.744/3.50  = 0.498 

pCN  (Figure  4.2.1.2-38b)(See  calculation  table  below.) 

CN  = (3 CN/0  (based  on  body  base  area)  (See  calculation  table  below.) 
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Solution: 

CD (a)  = CN  a (Equation  4.2.3. 2-n) 


0 

0 

0 

© 

© 

© 

a 

a 

Pa 

0cN 

CN 

cD(«) 

(Eq.  4.2.3.2-n) 

(deg) 

(rad) 

(deg) 

(Fig.  4.2.1.2-38b) 

0 tP 

©0 

0 

0 

0 

0 

0 

0 

2 

0.0349 

3.488 

0.15 

0.086 

0.0030 

4 

0.0698 

6.976 

0.30 

0.172 

0.0120 

6 

0.1047 

10.464 

0.52 

0.298 

0.0312 

8 

0.1396 

13.952 

0.80 

0.459 

0.0641 

10 

0.1745 

17.44 

1.20 

0.688 

0.1201 

The  calculated  results  are  compared  with  test  values  from  Reference  1 1 in  Sketch  (c). 

•24i 1 1 1 1 1 1 1 1 1 1 


CD  (a) 


Test  values  - Ref.  1 1 

O Ogive-cylinder 

< 

/ 

CD 

0 

Horizontal  ellipse 
Vertical  ellipse 

7 

/ 

T 

A 

i i r l 

HORIZONTAL  ELLIPSE— v 

OGIVE-CYLINDER,  METHOD  la 
OGIVE-CYLINDER,  METHOD  2^ 
VERTICAL  ELLIPSE k 

L 

A 

> 

7, 

'/> 

r 

/ 

A 

w 
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4 v 6 

a (deg) 
SKETCH  (c) 


3.  Method  3 


Given:  An  ogive-cylinder  body  of  Reference  7. 


Body  Characteristics: 


7"  11 


= 5 


Additional  Characteristics: 

a = 40°, 120°  M = 2.86 

Compute: 


Rs  = 1.375  x 106 


Cx  at  a = 40° 


a'  = a = 40° 

Cf  = 0.00287  (Figure  4.2.3.2-27) 


CD  = 0.103  (Figure  4.2.3.1-60) 

b 


M — = (2.86)(-!-)  = 0.572 
8K,  5 


N 

0.7M2  C, 


D„ 


0.215  (Figure  4.2.3. 2-28b) 


C„ 


0.215 


0.215 


0.7M2  0.7(2. 86)2 


= 0.0375 


Cx  = -(Cf  + CD  + Cn  ) (Equation  4.2.3. 2-q) 

a=0  b w 


= -(0.00287  + 0.103  + 0.0375) 
= -0.143 
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Cv  - CY  cos2 a'  (Equation  4. 2. 3.2-o) 

* *<*=o 


= -(0.143)(0.587) 

= -0,084  (based  on  body  base  area) 

Cx  at  a = 1 20° 

a = 180° -a  = 60° 

Cf  = 0.00287  (Figure  4.2.3.2-27) 

Cn  = 0.103  (Figure  4.2.3.1-60) 

Db 

Cn  = 1.747  (Figure  4.2.3. 2-28a  for  blunt  base  forward) 


Cv  „ = Cf  + Cn  + Cn  (Equation  4.2.3 .2-r) 

x«=180°  1 ub  uw 


= 0.00287  + 0.103  + 1.747 
= 1.85 


Cv  = Cv  „ cos2a'  (Equation  4.2.3.2-p) 
X X<*=180° 


= (1.85K0.25) 

= 0.46  (based  on  body  base  area) 
Additional  values  have  been  calculated  below: 


M 

(deg] 

cx 

2,66 

0 

-0.14 

2.86 

20 

-0.126 

2.86 

40 

-0.084 

2.86 

60 

-0.036 

2.86 

80 

-0.004 

2.86 

100 

0.006 

2.86 

120 

0.46 

2.86 

140 

1.08 

2.86 

160 

1.63 

2.86 

180 

1.84 

The  calculated  results  of  the  sample  problem  are  compared  to  test  values  from  Reference  7 in 
Sketch  (d). 
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..  '. 


D.  HYPERSONIC 

For  small  or  moderate  angles  of  attack  the  hypersonic  drag  of  a body  is  given  by  Method  2 of 
Paragraph  C.  For  large  angles  of  attack  the  method  of  Reference  4 presented  as  Method  3 of 
Paragraph  C of  this  section  may  be  used. 


DATCOM  METHODS 


Method  1 

At  small  to  moderate  angles  of  attack,  body  drag  due  to  angle  of  attack,  based  on  base  area,  is  given 
by  Equation  4.2.3.2-n;  i.e., 


d C jsj  ® 

where  CN  is  obtained  from  Paragraph  D of  Section  4. 2. 1.2  and  a is  the  body  angle  of  attack  in 
radians.  The  design  charts  of  Section  4. 2. 1.2  can  be  used  to  determine  the  normal-force  coefficient 
at  angles  of  attack  for  cone-cylinder-flare,  cone-cylinder,  or  cone-flare  bodies  with  pointed  or 
spherically  blunted  noses,  or  for  spherically  blunted  or  pointed  cones. 

An  approximate  value  of  C0  (a)  at  small  angles  of  attack  for  a spherically  blunted  ogive  can  be 
determined  by 

CD  (a)  = CN  a2  4.2.3.2-s 

a 

where  CN  is  obtained  from  Figure  4.2.1 .1-25  and  a is  the  body  angle  of  attack  in  radians. 


4.2.3.2-19 


Method  2 


This  method  is  identical  to  Method  3 presented  in  Paragraph  C of  this  section.  The  method  is 
applicable  to  angles  of  attack  from  0 to  180°  and  Mach  numbers  up  to  7.  Substantiating  test  data 
taken  from  Reference  8 for  a < 25°  are  presented  in  Table  4.2.3.2-A.  The  method  has  not  been 
substantiated  at  higher  angles  of  attack.  It  is  recommended  that  the  method  be  used  cautiously  and 
only  when  Method  1 cannot  be  used. 


Sample  Problems 


1 . Method  1 

Given:  A cone-cylinder  body  ofReference  1 i 


CB  . = 8.0  in.  fiA  = 4.68  in. 


= 3.32  in. 


d = 1.17  in. 


M = 6.86;  0 = 6.79  0 s a < 24° 

Compute: 


f A =~  = 


■=  4.0;  fN  " a 


•=  2.84 


A d 1.17  N d 1.17 

fA/fN  = 4.0/2.84  = 1.41 

0/fN  = 6.79/2.84=  2.39 

/3Cn  (figure  4.2. 1 .2-40a  through  -40d,  interpolated)  (See  calculation  table.) 
CN  = (3Cn/(3  (baced  on  body  base  area)  (See  calculation  table.) 

Solution: 

CD(a)  = CN  a (based  on  S^)  (Equation  4.2.3. 2-n) 


0 

0 

0 

0 

0 

0 

O' 

/3of 

0CN 

CN 

a 

CD((V) 

(Eg.  4.2.3.2-n) 

(dog) 

(deg) 

(Fig.  4.2.1.2-40) 

(3)  /6,79 

(rsd) 

0© 

24 
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163.0 


1.959 


0.4188 


0.8204 


The  calculated  results  are  compared  with  test  values  trom  Reference  1 2 in  Sketch  (e) 


1.2 

1.0 

.8 

CD  («) 

.6 

.4 

.2 

0 

0 10  20  30 

a (deg) 

SKETCH  <e) 

2.  Method  1 

Given:  A cone-cylinder-flare  body  ofRpference  13. 

Cone: 

£,  = £n 
dl  - d2 

3 Cylinder: 

£2  = 2C 

Flare: 

£3  = £F  - 3.29  in. 

d3  - 5.80  in.  03 


= 2.414  in. 

- 2.0  in.  9X 

= 2.0  in.  d2 


= 22.5° 


= 2.0  in 


- 30° 


Additional  Characteristics: 

M = 6.0;  0 = 5.92  0 < a < 16° 
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Compute: 


In  accordance  with  the  method  of  Section  4.2. 1,2,  the  increment  of  normal  force  due  to  the  flare  is 
added  to  the  normal  force  of  the  cone-cylinder  body. 


(CN) 


cone-cylinder 


fN  = £N/d  = 2.414/2.0  = 1.207 

fA  = fc  - *cld  = 2. 0/2.0  = 1.0 
'fA/fN  = 1.0/1.20-7  = 0.829 

0/fN  = 5.92/1.207  « 4.90 


(figure  4.2. 1 .2~40d  and  -40e,  interpolated)  (See  calculation  table.) 


cn  = /£  (based  on  cone-cylinder  maximum  frontal  area)  (See  calculation  table.) 


t 

«i 


1 -0.119  = 0.88! 


(Fiiare  4.2. 1.2-42b)(See  calculation  table.) 


<A(H 


(based  on  flare  base  area)  (See 
calculation  table.) 


(CN) 

cotwcylinder-flvc 


= (Qj) 

cone-cyU 


+ (ACN 


(based  on  cone-cylinder  maximum  frontal  area) 
<See  calculation  table.) 
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' V'  * ’ v V * '"  v*'  ' 

i'  r *' ' t . •» 

Solution: 

CD<«>  = 

CN 

a (Equation  4. 2.3. 2 -h) 

© 

© 

© 

0 © 

™c®n*-cyl.  \a3  / F CN 

@ /S.92  (Fifl.  4.2.1.2-42b)  @0.881  8.41  @ @ + @ 


0 

2X7 
8 47.4 

12  71.0 


(X  |(Eq.  4.2.3.2-n) 
(rad) 


0 

0.0698 

0.1396 

0.2094 

0.2792 


The  calculated  results  are  compared  with  test  values  fromReference  13  in  Sketch  (0. 

1 '°'  o Test  values’  - Ref.  13  I 6 

Calculated  I I / 


CD  (or) 


8 

a (deg) 
SKETCH  (0 


3.  Method  2 

Refer  to  Sample  Problem  3 in  Paragraph  C of  this  section  for  an  example  of  the  application  of  the 
method. 
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TABLE  4.2.3.2-A 
SUPERSONIC  AXIAL  FORCE  COEFFICIENT  FOR 
CYLINDER-BODIES  WITH  VARIOUS  NOSE  SHAPES 
METHOD  3 

DATA  SUMMARY  AND  SUBSTANTIATION 


VJ 


(5a ted 

ifiL 

«N 

Nose 

a 

Ref 

M 

on  diniT)) 

d 

' d” 

Shape 

(deg) 

CX 
*ca  Ic 

At®st 

ACx 

.34 
.63 
-1.08 
-0.46 
-0.56 
0.56 
-0.18 
-0.16 
-0.11 
-0.05 
-0.005 
0.06 
0.46 
1.08 
1.63 
1.84 
-0.14 
-0.12 
-0.08 
-0.03 
-0.004 
0.06 
0.46 
1.08 
1.63 
1.84 


-0.137 

-0.136 

-0.132 

-0.128 

-0.121 

-0.112 

-0.137 

-0,136 

-0.133 

-0.128 

-0.121 

-0.113 

-0.119 

-0.118 


-0.105 

-0.096 

-0.107 

-0.121 


-0.032 

-0.040 
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TABLE  4.2.3.2-A  (CONTD) 


Nose 

Shape 

a 

(deg) 

CX 

Acalc 

Cx,«t 

ACx 

Cone 

10 

-0.115 

-0.177 

0.062 

15 

-0.111 

-0.155 

0.048 

20 

-0.105 

-0.159 

0.054 

25 

-0.098 

-0.216 

0.118 

Ogive 

0 

-0.082 

-0.076 

-0.006 

\ 

5 

-0.081 

-0.068 

-0.013 

i 

10 

-0.0795 

-0.0895 

0.010 

' 

r 

15 

-0.076 

-0.120 

0.044 

Cone 

0 

-0.096 

-0.208 

0.112 

i 

5 

-0.095 

-0.195 

0.100 

10 

-0.093 

-0.202 

0.109 

15 

-0.089 

-0.236 

0.147 

! 

20 

-0.084 

-0.238 

0.204 

i 

25 

-0.079 

-0.320 

0.241 
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FIGURE  4.2. 3. 2 -28a  BODY  WAVE-DRAG  COEFFICIENT  FOR  BLUNT  NOSE 
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FIGURE  4.2.3. 2 -28b  VARIATION  OF  WAVE-DRAG  COEFFICIENT  WITH  HYPERSONIC 
SIMILARITY  PARAMETER  FOR  VARIOUS  NOSE  SHAPES 

4.2.3.2-28 


4.3  WING-BODY,  TAIL-BODY  COMBINATIONS  AT  ANGLE  OF  ATTACK 

4.3.1  WING-BODY  LIFT 

4.3. 1.2  WING-BODY  LIFTCURVE  SLOPE 

When  a lifting  panel  is  added  to  a body  at  low  angles  of  attack,  certain  mutual  interference  effects  may  arise  between  the 
components.  These  can  be  classified  as  fa)  the  effect  of  body  upwash  or  cress  flow  on  the  local  angle  of  attack  of  the 
lifting  panel,  (b)  the  effect  of  local  body-flow  properties  such  as  Mach  number  and  dynamic  pressure  on  the  panel 
characteristics,  (c)  the  effect  of  the  lift  carryover  from  the  panel  onto  the  body,  (d)  the  effect  of  panel  upwash  on  the 
body  ahead  of  the  panel  (at  subsonic  speeds  only),  and  (e)  the  effect  of  the  panel  lifting  vortices  on  the  body  behind 
the  wing.  These  interferences  are  generally  small  for  configurations  with  large  panel-span-to-body-diameter  ratios  typified 
by  conventional,  long-range  subsonic  aircraft.  For  these  configurations  the  lift-curve  slope  of  the  combination  is  essentially 
the  sum  of  the  lift-curve  slopes  of  the  components.  For  configurations  in  which  the  panel-span-to-body-diameter  ratio  is 
small,  such  as  conventional  missiles  or  canard  surfaces,  these  interference  effects  must  usually  be  considered. 

A.  SUBSONIC 

At  subsonic  speeds  the  wing-body  (tail-body)  interference  effects  are  particularly  difficult  to  estimate-  Each  of  the  inter- 
ference effects  discussed  in  the  introduction  is  discussed  below  for  this  speed  regime. 

Body  Upwash  (Cross  Flow) 

In  potential  flow,  a cylinder  with  the  axia  normal  to  the  flow  has  a maximum  velocity  at  the  ends  of  the  diameters  normal 
to  the  flow  equal  to  twice  the  free-stream  velocity.  An  inclined  cylinder  can  be  treated  by  considering  the  cylinder  to  be 
in  a combined  axial  and  cross  flow.  The  cross-flow  velocity  is  thus  equal  to  2Vsin  a and  serves  to  increase  the  loeal 
angle  of  attack  of  the  lifting  panel.  In  practice  only  about  40  percent  of  the  full  potential  velocity  is  attained  (see  refer- 
ence 1). 


Body  Flow  Field  (Axial  Flow) 

The  perturbations  in  the  potential  flow  field  about  a three-dimensional  body  are  lesa  than  those  for  a corresponding  two- 
dimensional  body.  For  example,  the  local  velocity  about  a three-dimensional  body  varies  as  1/r*  and  about  a two- 
dimensional  body  as  1/r,  where  r is  the  distance  from  the  body  centerline.  Nevertheless,  the  effects  of  these  pertur- 
bations can  become  significant  and  have  sometimes  been  used  in  refined  design  analysis.  However,  for  purposes  of  the 
Datcom,  these  effects  are  considered  to  be  outside  the  scope  of  the  book.  Reference  2 contains  a theoretical  development 
that  uses  a distributed  source-sink  and  doublet  representation  for  elongated  bodies.  This  method  is  best  suited  to  machine 
computation. 


Panel  Lift  Carryover 

The  carryover  of  the  panel  loading  onto  the  body  ia  calculated  in  reference  3 by  means  of  a conformal  mapping  procedure. 


0 


1.0 


The  combined  effect  of  the  lift  carryover  and  the  body  upwash  it  shown  for  teverai  Mach  numbers  in  sketch  (a)  above. 
The  comparison  of  the  isolated  panel  and  the  combination  indicates  that  these  two  effects  tend  to  compensate  for  each 
other.  The  increment  in  lift-curve  slope  due 
to  thee;  effects  is  shown  in  sketch  (b)  as  a 
function  of  body  size  and  Mach  number. 

The  smaller  bodies  tend  to  increase  the  lift- 
curve  slope  and  the  larger  bodies  tend  to 
decrease  it. 


Panel  Upwash 

The  induced  effects  of  the  bound  and  trailing  vortices  of  the  panel  are  such  as  to  cause  an  upwash  ahead  of  the  panel. 
The  upwash  is  a maximum  at  the  panel  leading  edge  and  rapidly  decays  with  distance  forward.  These  effects  are  more 
important  for  pitching-noment  considerations  than  for  lift. 


Panel  Vertices 

The  downwash  behind  the  panel  due  to  the  bound  and  trailing  vortices  reduces  the  effective  angle  of  attack  on  the  aft 
portion  of  the  body  and  hence  reduces  the  body  lift.  Again  the  effect  on  the  lift  of  the  combination  is  invariably  small; 
whereas  the  effect  on  pitching  moment  is  more  significant.  These  latter  two  effects  have  been  successfully  treated  by 
Multhopp  ( reference  4 ! . 

A simple,  yet  relatively  accurate,  approach  to  the  problem  of  wing-body  interference  is  given  in  reference  5.  In  this 
reference  a method  based  primarily  on  slender-hody  theory  is  presented  for  calculating  the  ratio  of  the  lift  of  the  wing- 
body  combination  to  that  of  the  wing  alone.  The  derivation  of  the  interference  effects  in  terms  of  these  ratios  permits  the 
extension  of  the  method  to  nonslender  configurations.  The  reason  for  this  is  that  in  certain  instances  slender-body  theory 
accurately  predicts  the  ratio  of  the  wing-body  lift  to  wing  lift,  even  though  it  does  not  accurately  predict  the  magnitudes 
of  the  individual  lift-curve  slopes. 

The  specific  case  of  a conical  body  mounted  on  a delta  wing  (sketch 
(cl  ) has  been  solved  by  Spreiter  in  reference  6.  Slender-body  theory 
is  used  to  obtain  the  ratio  of  the  wing  body  lift  to  that  of  the  wing 
alone.  Correlation  with  experimental  data  by  this  method  is  good 
throughout  the  speed  range.  In  this  Section,  charts  are  presented  for 
the  determination  of  the  appropriate  wing-body  interference  ratios  by 
means  of  the  methods  of  references  5 and  6. 

The  methods  are  applicable  to  axisymmetric  bodies  in  combination  with  straight-taper  v/'ngs  and  arc  restricted  to 
unbanked  wings  (zero  roll  angle).  According  to  the  limitations  of  slender-body  theory,  the  methods  of  references  5 and  6 
are  not  applicable  to  wings  with  sweptback  trailing  edges.  Nevertheless,  experimental  data  (see  sample  problems)  indicate 
that  good  correlations  can  be  obtained  for  these  configurations. 

The  definition  of  exposed  wing  area  depends  upon  the  geometry  of  the  wing-body  combination.  Two  cases  are  illus- 
trated in  aketch  (d)  below.  For  a wing  mounted  on  a cylindrical  portion  of  a body  the  exposed  wing  is  defined  as  the 
exposed  half-wings  joined  together.  For  u wing  mounted  on  an  expanding  section  of  a body  the  exposed  wing  is  defined 
as  the  parts  of  the  wing  outboard  of  the  largest  body  diameter  at  the  wing-body  intersection. 

When  the  wing  is  mounted  on  a cylindrical  body  section,  the  nose  of  the  body  is  defined  as  the  section  of  the  boo,  ahead 
of  the  wing.  When  the  wing  is  mounted  on  an  expanding  portion  of  the  body,  the  nose  is  defined  as  the  expanding  portion 
of  the  body. 

The  latter  definition  is  recommended  in  reference  5 for  the  case  of  a configuration  with  a small  body-diameter-to-wing- 
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span  ratio;  but  for  the  case  of  a relatively  large  body-diameter-to-wing-span  ratio  with  the  wing  extending  the  entire 
length  of  the  body  (see  sketch  (c)  ),  the  use  of  this  definition  can  lead  to  substantial  error. 


DATCOM  METHODS 

Method  1 (reference5) 

This  method  is  applicable  to  configurations  such  as  those  in  sketch  (d).  The  lift  on  a wing-body  combination  is  taken  to 
be  the  sum  of  three  principal  components: 

1.  Lift  on  nose  including  forebody  (see  sketch  (d) , upper  configuration) 

2.  Lift  on  wing  in  presence  of  body 

3.  Lift  on  body  due  to  the  wing 

Two  cases  of  wing-body  interference  are  considered.  The  first  case  is  that  in  which  the  wing  incidence  is  fixed  relative  to 
the  body  and  the  angle  of  attack  is  varied  for  the  wing-body  combination  as  a unit.  The  second  case  is  that  in  which  the 
body  angle  of  attack  remains  fixed  and  the  wing  incidence  varies  relative  to  the  body. 

For  the  first  case  — wing  fixed  at  zero  incidence  — the  equation  for  wing-body  lift-curve  slope  based  on  the  total  projected 
wing  area,  including  that  intercepted  by  the  fuselage,  is: 

(^«)wn  = + K\v(bi  + KB,>viJ(C|.ft)v  - 4.3.1.2-a 

The  quantities  Ks-,  KW(B„  and  KB(W)  represent  the  ratios  of  the  nose  lift,  the  wing  lift  in  the  presence  of  the  body,  and 
the  body  lift  in  the  presence  of  the  wing,  respectively,  to  the  wing-alone  lift.  For  wings  mounted  on  expanding  bodies,  the 
same  procedure,  with  application  of  the  definitions  of  sketch  (d)  in  the  discussion,  usually  yields  satisfactory  results. 
Configurations  similar  to  that  of  sketch  (c)  are  treated  separately,  in  later  paragraphs. 


For  the  second  case  — fuselage  fixed  at  zero  angle  of  attack  and  wing  incidence  varying  — the  equation  is: 


(Ci-i)wu  _ [kwon  + kmwiJ  (CL„),  4.3.1.2-b 

For  both  equations  above,  the  best  results  are  obtained  for  configurations  in  which  the  body  radii  do  not  exceed  80 
percent  of  the  total  wing  semispan,  For  larger  ratios,  the  aerodynamic  characteristics  of  the  combination  tend  to  be 
determined  more  by  the  body  than  by  the  wing, 
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The  parameters  common  to  equations  4.3.1. 2-a  and  4.3.1.2-b  are  determined  as  follows: 

Sw  — total  projected  wing  area 

S,  = exposed  wing  area.  Exposed  wing  is  defined  as  the  exposed  half-wings  joined  together  for  configurations 
in  which  the  wing  is  mounted  on  a cylindrical  section  of  the  body  (see  sketch  (d).  upper  configuration). 
For  wings  on  expanding  portions  of  bodies,  the  exposed  wing  area  is  the  area  outside  of  the  maximum 
body  diameter  (see  sketch  (d) , lower  configuration) . 

(Cl,),,  = lift-curve  slope  of  exposed  wing  based  on  exposed  wing  area  and  exposed  aspect  ratio.  Determine  from 
Section  4. 1.3.2. 


Kn 

(COn 

s*„, 

Kw(B) 

Kb(\V) 

k'VIB) 

ItB(W) 


(C0,S. 

= nose  lift-curve  slope.  In  most  cases  a value  of  2 per  radian  (based  on  body  frontal  area) 
accurate.  For  cases  where  a higher  degree  of  accuracy  is  required,  use  Section  4.2.1. 1. 

= reference  area  for  nose  lift-curve  slope,  usually  irr5 
is  obtained  from  figure  4.3.1.2-10 
is  obtained  from  figure  4.3.1.2-10 
is  obtained  from  figure  4.3.1.2-12a 
is  obtained  from  figure  4.3.1.2-12a 


is  sufficiently 


Method  2 (reference  6) 

This  method  is  applicable  to  configurations  similar  to  that  of  sketch  (c). 

The  wing-body  lift-curve  slope  is  given  by  the  following  equation: 

(Cl-n)wB  ~ K<"’b)  (cr„)w  4.3.1,2-c 

where 

(Cl,)  w is  the  wing  lift-curve  slope  from  section  4.1.3.2  (based  on  total  wing  area) 

K(wb)  is  obtained  from  figure  4.3.1.2-12c 

Comparison  between  experimental  and  calculated  wing-body  characteristics  for  a large  number  of  cases  (reference  5) 
shows  that  the  lift  of  the  wing-body  combination  is  generally  estimated  by  these  methods  to  within  10  percent. 

Sample  Problem 


Compute : 

A,  = 0.438 
A,  = 2.74 

= 0.802 

Sv  , 

= 0.0617 


An  = 19.1° 
A = 0.4 

4~  = 0.145 


A../J  0 


(C,.,),  = 3.23  (figure  4.1.3.2-49) 

Kn  = -7^4^-^--  = -—7 (.0617)  « 0.037 


*Th»  calculation  (Reference  10)  of  the  sum  of  *n<t  c#n  l**  expressed  in  terms  of  the  planform  geometry  as  follows 


*SvtO> 


♦ K 


B(W) 


(M 
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<D 


M = .25  Kw.b)  = M2  (figure  4.3.1.2-10) 

R|  = 2 x lO"  to  8 x 10"  (based  on  wing  MAC)  K„,w.  = 0.20  (figure  4.3.1.2-101 

Note:  This  is  configuration  4 of  reference  7 

Solution: 

(Ct,n),vn  = £ Ks-  + Kw, „I  + K|,„V,  J (C^),  = 3.51  per  radian  (equation  4.3.1.2-a) 

This  compares  with  an  experimental  value  of  (C'x„)  ,vll  = 3.33  (figures  6 and  21  of  reference  7). 

B.  TRANSONIC 

For  slender  wing-body  configurations,  the  aerodynamic  interference  effects  are  relatively  insensitive  to  Mach  number, 
and  slender  wing-body  theory  gives  reasonable  results.  For  nonslender  configurations  transonic  interference  effects  can 
become  quite  large  and  sensitive  to  minor  changes  in  local  contour.  At  present,  these  effects  cannot  be  predicted  with 
any  accuracy. 


DATCOM  METHOD 

The  method,  which  is  based  on  slender-body  theory,  presented  in  Paragraph  C below  should  be  applied  at  transonic 
speeds. 

C.  SUPERSONIC 

The  mutual  aerodynamic  interference  between  a panel  arid  a body  at  supersonic  speeds  at  low  angles  of  attack  is  due 
primarily  to  the  upwash  of  the  body  and  the  lift  carryover  of  the  panel  onto  the  body.  The  body  upwash  appears  similar 
to  its  subsonic  counterpart,  that  is.  the  upwash  is  a maximum  at  the  body  surface  and  decays  with  increasing  distance 
from  the  surface.  The  integrated  effect  over  the  span  of  the  panel  at  positive  pngles  of  attack  increases  the  lift-curve  slope 
of  the  panel. 

The  lift  carryover  on  the  body  is  displaced  downstream  parallel  to  the  Mach  lines,  as  illustrated  in  sketch  (e)  below. 
Important  lift  and  moment  differences  can  therefore  exist  between  configurations  in  which  the  fuselage  terminates  at 
the  wing  trailing  edge  and  those  in  which  the  fuselage  extends  beyond  the  wing  trailing  edge. 


These  effects  have  been  adequately  predicted  by  slender-body  theory  in  references  5 and  6 (see  paragraph  A above). 

The  local  Mach-number  and  dynamic-pressure-ratio  perturbations  due  to  the  axial  (low  component  can  also  cause 
significant  changes  in  the  characteristics  of  the  panels  when  the  local  body  slopes  in  the  vicinity  of  the  panel  become 
large.  These  perturbations  decay  with  increasing  distance  from  the  body  surface.  This  decay  is  more  rapid  than  that  in 
the  corresponding  two-dimensional  case,  because  of  the  three-dimensional  aspect  of  the  body  flow  field.  Sudden  changes 
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in  contour  like  flare  or  boattail  corners,  cause  a two-dimensional  Mach-number  and  dynamic-pressure-ratio  change  at 
the  surface  that  then  decays  in  a three-dimensional  manner.  Two-dimensional  compression  values  for  dynamic  pressure 
and  Mach  number  are  given  by  equation  - 4.4.1-Z  and  4.4.1-aa,respectively,  and  corresponding  expansion  values  arc 
given  in  figure  4.4. 1-74. The  average  values  of  these  parameters  acting  on  a panel  are  always  less  than  the  two-dimensional 
values. 


DATCOM  METHODS 

Two  methods  are  presented  for  estimating  the  lift-curve  slope  of  wing-body  or  tail-body  combinations.  These  methods, 
which  are  based  on  slender  wing-body  theory,  are  the  same  as  those  used  in  the  subsonic  paragraph. 

Method  1 : 

Two  cases  are  presented:  (a)  panel  fixed  at  zero  incidence  to  the  body  and  angle  of  attack  of  the  combination  varied 
and  (b)  body  kept  at  zero  angle  of  attack  and  wing  incidence  varied.  The  lift  is  given  by  the  following  equations: 


(a) 

(Cj,a)wB  - 

Kn  4-  KW(b)  4-  KB(W)  J 

(C^ 

(4.3.1.2-a) 

(b) 

(Cl,)wb  = 

kw(B)  + (Ci.a)e 

_S^ 

Syr 

(4.3.1.2-b) 

The  basic  definitions  and  limitations  for  these  equations  are  the  same  as  those  discussed  in  paragraph  A aLuvc-  However, 
special  care  must  be  used  in  specifying  the  k factors.  These  are  summarized  for  the  supersonic  speed  regime  below. 

(Cl«)nSn„[ 


kn 

Kw<b) 


(cO.  s. 

all  planforms  use  figure  4.3.1.2-10 


triangular-type 

planforms 


lf/?A<,  < 1,  use  figure  4.3.1.2-10 
If  Me  > 1, 


and  the  fuselage  extends  beyond  wing  trailing  edge,  use  figure 
4.3.1. 2-lla 


f and  the  fuselage  does  not  extend  beyond  the  wing  trailing 
edge,  use  figure  4.3.1.2-llb 


nontriangular 

planforms 


| If  Me  (1  4-  A„)  ^ ^ '-B  41^  <4,  use  figu 
I If  Me  ( 1 + A.)  + 1 ) > 4, 


re  4.3.1.2-10 


and  fuselage  extends  beyond  wing  trailing  edge,  use 
figure  4.3.1.2-lla 


and  fuselage  does  not  extend  beyond  wing  trailing 
edge,  use  figure  4.3.1.2-llb 


kw(B)  is  obtained  from  figure  4.3.1.2-12b 
kB<w)  is  obtained  from  figure  4.3.1.2-12a 


Method  2 : 

This  method  is  applicable  to  configurations  similar  ot  that  of  sketch  (c)  and  is  identical  to  that  presented  as  Method  2 of 
paragraph  A. 
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Sampl • Problem* 


1.  Supersonic  Lift-Curve  Slope  of  Wing-Body  Combination 


Given ; 


Compute : 

A,  = 0 

A.  = 1.34 

= 0.328 

Ow 

— = 0.590 


A = 1.34 
Ale  = 71.6° 

A — 0 

Airfoil:  8-percent-thick  double 
wedge  (freestream  direction) 

f =0.428 

M = 2.02 

ft  = 2.6  X 10s  (baaed  on  root  chord) 

Note:  This  is  configuration  2 
of  reference  8. 


0 = 1.75 

A,  tan  Ale  “ 4 

—2~—  =0.584 
tan  Ale 

“1-M  (Section  4.1.3.2) 

rV1 — - ~ 0.94  (Section  4.1 ,3.2)  baaed  on  8 i = 14.5° 

(Ck.).  = 1.55 
-J-=  0.526 


(Cn.)n  = 2.47  (Section  4.2.1.1) 
Kw„,  = 1.38  (figure  4.3.1.2-10) 

= 0.875 


K,(W>  0 (Cl.).  (A,  4 l)(-j  -l)  = 2.1  (figure 4.3.1.2-1  la) 


a-)- 


:.35 


0 (A.  4-  1) 
K*(w>  — 0.576 


= -^  = 0.9* 

(Cn«),  Ss 


Solution : 

“ [Kh  4-  Kw(i)  4 K,4w>](Cl„).  -J*~  = 1.47  (equation  4.3.1.2-a) 
This  compares  with  an  experimental  value  of  (Ci,.)WI1  *=  1.57  from  reference  8. 


4.3.1.27 


iiilfci  asiltii^iitn  iH*  " -i--- 


2.  S • person lr  Lift-Curve  Slope  — Wlag  la  PitMM*  of  Body 


Com  One:  Wing  incidence  fixed  at  i»  = 0,  tutelage  routing  with  wing 
Given:  Compute: 


K = 0 
K = 2.31 
fi  = 1.62 


A = 2.3 
Ac  =60° 

A - 0 

Airfoil:  9-percent-thick  biconvex 
(frce-strcam  direction) 

4 = <U3 

M « 1.9 

RJj=  1.9  x 10*  (bawd  on  root  chord) 


A.  ten  Ac  = 6 


ten  Ac 


= .935 


[(CrO.W, 

( Cm  \ 

(Cm.).  = 1.79 


2.38  (Section  4. 1.3.2) 

= .75  (Section  4. 1.3.2)  baaed  on  1 ± = 20.7° 


Kwm  = 1.2  (figure  4.3.1.2-10) 


Note:  This  is  the  delta-wing  configuration  in  reference  9. 

Solution : 

Since  only  the  lift  on  the  wing  is  of  interest,  the  reference  ere*  is  the  exposed  wing  area,  and  equation  4 3.1.2-a  reduces 

(Cl.) *.<81=  Kw<*>  (CO. 

Thus  the  wing  lift  in  the  presence  of  the  body  is  {Cl.Jw.isi  = 2.15 
The  experimental  value  from  reference  9 is  (Ct,.)w.,a,  = 2.22 
Ccic  Two:  Body  fixed  at  a = 0,  wing  incidence  variable 


Given:  Compute: 

Same  as  Case  One  kw,»,  = 0.96  (figure  4.3.1. 2-12b) 

Other  coefficients  same  as  in  Case  One 

Solution : 

Again  only  the  wing  lift  is  of  interest.  Equation  4.3.1. 2 b becomes 

(Cl.)w,<B)  = kwiai  (Gl.). 

= 1.72 

TV  erperimental  value  from  reference  9 is  1.67. 
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LIFT  RATIOS  kw<»  AND  k**>— SLENDER-BODY  THEORY 
VARIABLE  INCIDENCE— ALL  SPEEDS 


FIGURE  4AUI2b  UFT  ON  BODY  IN  PRESENCE  OF  WING — VARIABLE  INCIDENCE 
SUPERSONIC  SPEEDS 


FIGURE  4J.12.12e  UFT  RATIO  FOR  METHOD  2 
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4.3. 1.3  WING-BODY  LIFT  IN  THE  NONLINEAR  ANGLE  OF-ATTACK  RANGE 

The  mutual  interference  factors  that  influence  the  lift  of  a wing-body  or  a tail-body  combination  at  low  angles  of  attack 
(see  Section  4.3.1. 2)  are  also  present  at  higher  angles  of  attack.  These  include  the  nonlinear  characteristics  of  the  basic 
wing  and  body  components  (see  Sections  4.1.3.3  and  4.2.1.2,  respectively). 

In  addition,  at  angles  of  attack  of  approximately  six  degrees  body  vortices  appear  that  can  have  strong  influences  on  the 
loading  on  the  lifting  panels.  The  flow  separates  just  behind  or  above  the  area  of  minimum  pressure  along  the  side  of 
the  body  near  the  nose  and  wraps  up  into  a pair  of  symmetrica!  vortices  that  proceed  downstream  in  a nearly  free-stream 
direction.  The  point  at  which  separation  first  takes  place  depends  upon  the  angle  of  attack  (the  higher  the  angle  of  attack, 
the  nearer  the  nose  separation  occurs),  the  nose  profile  shape  I the  blunter  the  nose,  the  nearer  the  nose  separation 
occurs),  and  body  cross-sectional  shape  (sharply  carving  lateral  contours  promote  early  separation).  The  vortices  in- 
crease in  size  and  strength  with  increasing  downstream  distance.  Since  their  strength  also  increases  as  the  square  of  the 
angle  of  attack,  they  become  quite  significant  at  the  higher  angles  of  attack. 

Quantitatively,  these  vortices  do  not  change  significantly  between  subsonic  and  supersonic  speeds.  Thb  fact  is  sub- 
stantiated by  reference  1,  which  derives  from  supersonic  data  a method  of  estimating  (he  cross-flow  lift  that  gives  equally 
reliable  answers  at  subsonic  and  supersonic  speeds.  This  is  the  method  presented  by  the  Datcom  for  handling  the  effects 
of  these  vortices  on  lifting  surfaces  at  both  subsonic  and  supersonic  speeds. 

A.  SUBSONIC 

Two  methods  of  estimating  the  lift  of  wing-body  configurations  in  the  nonlinear  angle-of-attack  range  are  presented. 
The  first  uses  the  estimated  nonlinear  lift  characteristics  of  isolated  wings  and  bodies  corrected  by  the  slender-body 
interference  factors  used  in  Section  4.3.I.2.  The  effects  of  the  body  vortices  are  then  added.  This  method  is  valid  up  to 
high  angles  of  attack  and  is  the  more  accurate  of  the  two  methods,  though  more  laborious  to  use. 

The  second  method  simply  uses  the  linear  methods  of  Section  4.3. 1.2  and  adds  the  effects  due  to  the  body  vortices.  This 
method  can  be  used  with  a minimum  of  effort  but  is  less  accurate  than  the  first  method  because  it  does  not  include  the 
nonlinearities  of  the  basic  components. 


DATCOM  METHODS 

Method  1 

The  variation  of  lift  with  angle  of  attack  is  determined  by  the  equation 


where 


(Cy)  m is  the  nose  normal-force  coefficient  at  a given  angle  of  attack  based  on  body  frontal  area  Sy  from 
Section  4.2.1.2  ‘ ’"f 

Kw(n>  and  Kh(\vi  are  the  mutual  linear-theory  interference  values  from  figure  4.3.1.2-10 

(Cy).  is  the  normal-force  coefficient,  at  any  given  angle  of  attack,  for  the  exposed  wing  (calculated  by  the 
method  of  Section  4. 1.3.3  and  based  on  exposed  wing  area) 

^'n(w)  is  the  vortex  interference  factor  for  a lifting  surface  mounted  on  the  body  center  line. 
This  factor  is  given  in  figures  4.3. 1 . 3-7 a through  4.3.1 .3-72  for  various  wing  taper  ratios, 
relative  wing  sizes,  and  vortex-center  line  positions.  In  using  these  figures  a possible 
problem  can  develop  when  interpolation  must  be  made  with  respect  to  X and 
r/(bw/2).  For  positions  of  the  vortex  near  the  body,  the  interpolation  in  r/(bw/2)  can 
carry  the  vortex  inside  the  body.  Under  these  circumstances,  it  is  recommended  that  the 
interpolation  be  made  using  (yo  - r)/(bw/2  - r)  for  the  vortex  lateral  position  in  place 
of  y0  /(bw/2),  to  avoid  vortex  positions  inside  the  body.  These  figures  are  derived  by 
means  of  strip  theory  in  reference  2. 
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The  vertical  and  lateral  vortex  positions  at  any  given  longitudinal  station  x can  be 
determined  from  figures  4.3. 1.3- 13b  and  4.3.1.3-14,  respectively.  These  figures  are 
based  on  the  data  of  references  3,  4,  and  5,  for  an  ogive-cylinder,  a cone-cylinder,  and  a 
modified  cone-cylinder,  respectively.  The  longitudinal  position  of  vortex  separation  used 
in  these  figures  is  obtained  from  figure  4. 3. 1.3-1 3a,  which  is  based  on  the  ogive-cylinder 
test  at  a Mach  number  of  1.98  from  reference  3. 


F is  the  nondimensional  vortex  strength  from  figure  4.3.1.3-15,  which  is  also  based  on  the  data  of  refer- 
2ir  a Vr  ences  3,  4,  and  5. 

— - — is  the  ratio  of  the  radius  of  the  body  at  the  midpoint  of  the  exposed  root  chord  of  the  lifting  panel  to 

by/2 

the  semispan  of  the  panel. 

q/q„  is  the  dynamic  pressure  ratio  acting  on  the  panel.  This  value  can  either  be  assumed  to  be  unity  or 
can  be  estimated,  with  the  information  in  Section  4.4.1  as  a guide. 

(Cl<,)w  *s  [he  lift-curve  slope  of  the  isolated  gross  panel  from  Sec' > on  4.I.3.2. 


Method  2 

The  variation  of  lift  with  angle  of  attack  is  given  by  the  equation 


Cr, 


Ks  + K 


\\'<nt 


+ K„( 


\v> 


a 


B(W) 


4.3.1.3-b 


where  the  first  term  on  the  right-hand  side  is  given  by  the  method  presented  in  Section  4.3. 1.2  and  the  second  term  i9 
determined  as  in  Method  1. 

The  last  terms  of  equations  4.3.1. 3-a  and  -fa,  respectively,  which  represent  the  contributions  of  the  body  vortices,  can 
normally  be  ignored  for  normal  airplane-typs  wing-body  combinations.  For  conventional  missile  configurations,  these 
effects  may  become  sizable. 


Sample  Problem * 

1.  Method  1 
Given : 


Aw  — A e — 2 


Airfoil:  NACA  0005 


- = 21.10 


Ac./2  — 45° 

Aw  = A*  :=  0 

Jl-  = 0.518 

3\V 

~ = 0.280 

t>\Y 


M = 0.2 


q/q«  = 1.0 


= 0.238 

= C.280 


where 

x = distance  from  nose  to 
c/4-point  of  the  MAC  of  the 
exposed  wing  panel. 
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( CN ) n is  based  on  SNrt , 
(CN).  is  based  on  S, 


The  following  lift-curve  slopes 

(Cl^  = 2.12  per  radian  (test  data) 

(Ci-a)  w = 2-34  per  radian  (methods  of  Section  4.1.3.2) 
( Cn, ) N — 2 per  radian  (slender-body  theory) 
(Cta).  based  on  S, 

(CLa)w  based  on  Sw 
(CLa)N  based  on  S*,., 


The  following  lift  variation  with  angle  of  attack  (from  test  data) 


a(deg) 

(Cm)  n 

(C„). 

0 

-.010 

0 

4 

.035 

.150 

8 

.175 

.300 

12 

.430 

.430 

16 

.810 

.700 

Compute: 

Kwtn  = 1-240  / 

> (figure  4.3.1.2-10) 

Kb,w,  = 0.420  ) 

The  lift  variation  with  angle  of  attack  for  the  wing-body  configuration,  excluding  the  effect  of  body  vortices,  is  calculated 
as  follows: 

-- P1,  ™ Cn  = /(Ch)n  — *?— *■  + l"Kw(B)  d"  Kbiw)  1 (Cx),\^l-  (equation 4.3.1.3-a) 

COS  a ( S.  *-  J ) Sw 


a 

deg 

Cx 

without 

vortices 

effect 

CL 

- Cn  cos  a 

0 

-.001 

-.001 

4 

.133 

.133 

8 

,280 

.277 

12 

.423 

.414 

16 

.701 

.674 

The  calculation  procedure  for  the  effect  of  body  vortices  on  lift  variation  with  angle  of  attack  is  shown  below. 


*i 

r 

x_ 

r 


(figure  4.3.1. 3-13a) 

= 21.10  - — 

r r 


a 


(a  in  radians) 
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(figure  4.3.1.3-13b) 

(figure  4.3.1.3-14) 

2—^  (figure  43.1.3-iS) 

y.  _ y. . r 

bw/2  r bw/2 
«.  _ «.  r 

bft/2  T byi/2 

IT,(W)  (figure*  4.3.1. 3-7*,,  4.3.1.3-7b,,  and  4.3.1.3-7c  , interpolated  for  ^ = 0.280) 

r—r.  -3-  (C^  )_*  *0.280  (1-0)  (.0408)  *°  = 0.0114a° 


The  solution  for  the  vortice*  effect  it 
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The  solution  for  the  lift  variation  with  angle  of  attack  of  the  wing-body  configuration,  including  effect  of  body  vortices, 
is  shown  below. 


2.  Method  2 
Given : 

The  same  configuration  and  characteristics  as  in  Method  1 above. 

Compute: 

Km  = -J--  (Section  4.3. 1.2) 

- ik  lm> 

= 0.225 

Kw(b)  — 1-240 

■ see  Method  1 above 

Kb«w»  = 0.420 

The  lift  variation  with  angle  of  attack  for  the  wing-body  configuration,  excluding  the  effect  of  body  vortices,  is  calculated 
as  follows: 


Cl  = [Kn  4-  Kwib)  + KS(w>]  ^ (Cl,),  a (a  in  degrees) 

= [.225  + 1.240  + .420]  (.518)  (.0370)  « 


= 0.03613  a (a  in  degrees) 

The  lift  due  to  body  vortices  is  the  same  as  that  calculated  in  Method  1 above.  The  total  lift  variation  is  shown  below. 


4.3. 1.3-5 


B.  TRANSONIC 


At  transonic  speeds  compression  and  expansion  waves  interact  at  much  greater  distances  from  the  body  than  at  super- 
sonic speeds.  The  disturbances  in  the  flow  field  extend  to  greater  distances  from  the  body  surface  than  at  subsonic  or 
supersonic  speeds.  With  a knowledge  of  conditions  at  the  surface  of  a body,  the  characteristics  of  a lifting  surface 
mounted  on  the  body  can  be  approximated  by  assuming  that  the  flow  disturbances  propagate  undimin' shed  in  a direction 
normal  to  the  free  stream.  An  excellent  discussion  of  methods  of  calculating  surface  pressures  on  bodies  of  revolution 
at  zero  angle  of  attack  is  given  in  reference  6.  However,  the  corresponding  problem  at  angle  of  attack  is  not  well  covered 
in  the  literature. 

At  angle  of  attack,  the  appearance  of  body  vortices  due  to  viscous  separation  effects  is  exactly  analogous  to  that  which 
occurs  at  subsonic  or  supersonic  speeds. 


DATCOM  METHOD 

No  explicit  method  is  presented  in  the  Datcom  at  the  present  time,  because  of  the  complexity  and  uncertainty  of  estimat- 
ing nonvi  -cous  transonic  flow  properties.  It  is  recommended  that  the  methods  detailed  in  paragraph  C be  used  at  tran- 
sonic speeds. 

C.  SUPERSONIC 

The  discussion  of  the  potential  flow  field  about  a body  at  angle  of  attack,  given  in  Section  4.2. 1.2  is  directly  applicable 
to  this  Section,  and  therefore  no  new  information  is  presented.  Body  vortices  are  also  present  at  angles  of  attack  in 
excess  of  approximately  6°.  The  physical  mechanism  of  these  vortices  and  their  effect  upon  lifting  panels  are  the  aame 
as  at  subsonic  speeds;  they  are  discussed  in  some  detail  in  paragraph  A. 


DATCOM  METHOD 

Two  methods  are  available  for  estimating  the  lift  of  wing-body  configurations  at  supersonic  speeds.  These  can  be  repre- 
sented by  equations  4.3.1.3-a  and  -b,  respectively,  of  paragraph  A.  Because  of  the  similarity  of  the  application  of  these 
methods,  the  sample  problem  of  paragraph  A suffices  to  illustrate  these  methods. 

KEFEKENCES 

1.  Kelly,  H.  R. : The  Estimation  of  Normal-Force,  Drag,  and  Pitching-Moment  Coefficient*  for  Blunt-Baaed  Bodies  of  Revolution  at  Large 
Angles  of  Attack.  Jour,  Aero.  Sci.,  Vol.  21,  No.  8,  August  1954.  (U) 

2.  Pitts,  W,  C.,  Nielsen,  J.  N.,  and  Kaattari,  G,  E. : Lift  and  Center  of  Pressure  of  Wing-Body-Tuil  Combinations  at  Subsonic,  Transonic, 
and  Supersonic  Speeds,  NACA  TR  1307,  1959.  < U ) 

3.  Jorgensen,  L.  H.  and  Perkins,  E.  W. : Investigation  of  Some  Wake  Vortex  Characteristica  of  an  Inclined  Ogive-Cylinder  Body  at  Mach 
Number  1.98.  NACA  RM  A55E31,  August  1955.  <U) 

4.  Mello,  J.  F,:  Investigation  of  Normal-Force  Distributiont  and  Wake  Vortex  Characteristics  of  Bodies  of  Revolution  at  Supersonic  Speeds. 
APL/JHU  Rep.  CM  867,  Johns  Hopkins  llniv.,  April  1956.  (II) 

5.  Raney,  D.  J.:  Measurement  of  the  Cross  Flow  Around  an  Inclined  Body  at  s Mach  Number  of  1.91.  British  Repor.  RAE  TN  Aero  2357 
(ASTIA  AD  82  343),  January  1955.  (U) 

6.  Spreiter,  J.  R.:  Aerodynamics  of  Wings  ad  Bodies  at  Traraoiiic  Speeds.  Jour.  Aero.  Sci.,  Vol.  26,  No.  8,  August  1959.  (HJ) 


4.3.1.3-6 


-'V,  ' V 


i 


t 


y-- 


V\ 

K'. 

r 

M 


FIGURE  4.3,13.7  VORTEX  INTERFERENCE  FACTOR 


u 


4.3.1.3.7 


I 


I 


FIGURE  4.3.1, 3-7  VORTEX  INTERFERENCE  FACTOR  (CONT’D) 


M. S. 


43.1.3-11 


VORTEX 

VERTICAL 

POSITION, 


r 


FIGURE  4.3.13  1*  LATERAL  POSITION  OF  VORTEX 


4.3. 1.3-1* 


NONDIMENSIONAI. 

VORTEX 

STRENGTH, 


4.3.1.3-15 


Revised  January  1974 


(t 


4.3. 1.4  WING  BODY  MAXIMUM  LIFT 


A.  SUBSONIC 


The  addition  of  a body  of  revolution  to  a wing  at  high  angles  of  attack  increases  the  wing-induced 
angle  of  attack  at  all  spanwise  stations.  The  increase  is  greatest  at  the  root  and  falls  off  in  an 
exponential  manner  with  increasing  distance  from  the  body. 

This  effective  increase  in  angle  of  attack  tends  to  make  the  wing  in  the  presence  of  the  body  stall  at 
a lower  geometric  angle  of  attack  than  that  corresponding  to  the  wing  ^akphe.  However,  this 
tendency  to  stall  at  a lower  angle  of  attack  may  be  modified  or  counteracted  b'y  changes  in  the  wing 
stalling  pattern.  These  changes  are  the  result  of  the  nonlinear  spanwise  variation  of  body-induced 
flow  and  also  of  the  partial  blanketing  of  the  wing  by  the  body.  The  relative  magnitudes  of  these 
latter  two  effects  are  largely  dependent  on  specific  wing  planform  shape.  This  means  that  wing 
planform  shape  is  a primary  parameter  in  considering  wing-body  maximum  lift. 

Varying  the  wing  height  on  the  body,  the  body  cross-section  shape,  or  the  body  local  area 
distribution  (area  rule)  changes  the  body-induced  effects  on  the  wing  and  hence  the  maximum  lift 
of  the  combination.  Experimental  data  on  variations  of  this  type  show  small  but  generally 
consistent  differences  (see  References  1,  2,  3,  and  4). 


The  first  method  presented  below  is  essentially  that  of  Section  4. 1.3.4,  in  that  it  requires  the  user  to 
employ  the  most  accurate  wing-body  spanwise-loading  computer  program  available.  In  case  no  such 
program  is  available  to  the  user,  an  alternate  empirical  method  is  presented  as  Method  2. 

DATCOM  METHODS 

Method  1 


This  method  requires  that  the  user  have  at  his  disposal  an  accurate  wing-body  spanwise-loading 
computer  program,  e.g.,  a lifting-surface-theory  computer  program.  Specific  instructions  for 
application  of  the  program  to  obtain  the  wing-body  maximum  lift  are  identical  to  Steps  1 through  4 
of  Paragraph  A in  Section  4.1 .3.4,  which  pertain  to  the  wing-alone  case. 

No  substantiation  of  this  method  is  presented  because  of  the  variety  of  spanwise-loading  programs 
that  are  available  to  different  Datcom  users. 


Method  2 


This  method  is  based  on  empirical  correlations  and  the  wing-alone  method  of  Section  4. 1.3.4,  and 
should  be  restricted  to  Mach  numbers  equal  to  or  less  than  0.60.  The  wing-body  maximum  lift 
coefficient  and  angle  of  attack  at  maximum  lift  are  obtained  using 
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4.3.1.4-b 
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where 


is  the  ratio  of  the  wing-body  maximum  lift  to  wing  maximum  lift,  obtained 
from  Figure  4.3.1 .4- 1 2b  as  a function  of  wing-body  geometry. 


is  the  wing  maximum  lift  obtained  from  the  appropriate  method  of 
Paragraph  A in  Section  4. 1.3.4.  The  wing-alone  value  is  based  on  the  total  wing, 
including  that  part  covered  by  the  body. 


(«cL  ) 

‘-max 

is  the  ratio  of  the  wing-body  angle  of  attack  at  maximum  lift  to  the  wing  angle 

facLmax^w  attack  at  maximum  lift.  This  value  is  obtained  from  Figure  4.3. 1 .4-1 2c  as  a 
function  of  wing-body  geometry. 


(«Cl 


max  w 


is  the  wing-alone  angle  of  attack  at  maximum  lift  obtained  from  the 
appropriate  method  of  Paragraph  A in  Section  4. 1.3.4.  The  wing-alone  value  is 
based  on  the  total  wing,  including  that  part  covered  by  the  body. 


A comparison  of  test  data  from  References  5 through  1 7 with  results  calculated  by  this  method  is 
presented  in  Table  4.3.1 .4-A. 


Sample  Problem 


Given:  Configuration  4 of  Reference  14. 


Airfoil:  3-percent  biconvex  (free-stream  direction) 


- = 0.145  M = 0.25  Rp=  8.8  x 106 

b * 


(°iCt-m.x)w 


= 0.77 


= 15.9° 


Obtained  using  Section  4. 1,3. 4 


Compute: 

C2  = 1.10  (Figure  4. 3. 1.4-1 2.a) 


i*' 

v 
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(C2  + I ) A tan  Ale  = (1 .10  + 1)  (3)  (0.3463)  = 2.18 


(Figure  4. 3. 1. 4- 12b) 


(oc:,  ) 

Lmax  yyig 

(«ct  ) 

Lmax  yj 


= 0.99 


(Figure  4. 3. 1.4-1 2c) 


Solution: 


= (0.98)  (0.77) 
= 0.75 


(Equation  4.3.1.4-a) 


(0^^^)  ^*CLmax\y 


W 


(Equation  4.3.1.4-b) 


= (0.99)  (15.9) 
= 15,7° 


These  compare  with  test-data  values  from  Reference  14  of 


= 0.7 1 and 


14.3° 


B.  TRANSONIC 

No  method  is  presented  in  this  speed  regime.  The  lack  of  sufficient  experimental  data  prevents  the 
presentation  of  any  empirical  method.  However,  the  trend  of  the  limited  data  available 
(Reference  5)  indicates  that  the  wing-body  maximum  lift  converges  to  the  wing-alone  value  as  the 
Mach  number  is  increased  above  M = 0.6. 

C.  SUPERSONIC 

Two  separate  methods  are  presented  in  this  section  for  estimating  the  wing-body  maximum  lift  at 
supersonic  speeds.  The  first  method  is  somewhat  easier  to  apply  than  the  second  method.  Both 
methods  yield  approximately  the  same  degree  of  accuracy,  based  on  the  limited  available  test  data 
(References  18,  19,  and  20).  Attempts  to  substantiate  these  methods  completely  have  been 
impaired  by  lack  of  test  data  in  the  stall  regime. 


4.3. 1.4-3 


The  first  method  is  based  on  the  application  of  the  wing-body  interference  coefficients  of  Section 
4.3. 1,2  to  the  exposed-wing-alone  maximum  lift  of  Section  4. 1.3.4.  This  approach  is  justified,  since 
at  supersonic  and  hypersonic  speeds  the  wing  lift  is  limited  by  geometric  considerations  rather  than 
by  flow  separation  on  the  wing.  That  is,  maximum  lift  is  reached  when  the  component  of  the 
norma!  force  in  the  lift  direction  ceases  to  increase  with  angle  of  attack.  Therefore,  the 
body-induced  effects  are  felt  mainly  through  their  influence  on  the  lift-curve  slope,  rail,  ir  than  on 
wing  separation.  This  implies  that  the  supersonic  maximum  lift  of  the  wing-body  combination  may 
be  obtained  by  applying  wing-body  interference  coefficients  to  the  wing-alone  maximum  lift  value. 

The  second  method  uses  ue  method  of  Section  4.3. 1.3  to  calculate  the  complete  normal-force 
curve,  from  which  the  lift  curve  can  easily  be  calculated. 

Both  methods  assume  that  the  angle  of  attack  at  wing-body  maximum  lift  is  the  same  as  the  angle 
of  attack  for  wing  maximum  lift. 


DATCOM  METHODS 


Method  1 


This  method  applies  the  wing-body  interference  factors  from  Paragraph  C of  Section  4. 3. 1.2  to  the 
wing-alone  maximum  lift  coefficient.  The  limitations  of  the  sections  used  in  this  method  will  also 
apply  to  this  method.  The  wing-body  maximum  lift,  based  on  Sw , is  found  by 


(C'Lmax)WB  " (C^max)e  [KN  + KW,B)  + KB(W)]  ^ 


4.3.1.4-a 


where 


is  the  exposed-wing-alone  maximum  lift  coefficient  determined  by  Paragraph  C 
of  Section  4. 1.3.4.  (For  the  definition  of  exposed  wing,  see  Section  4.3.1 .2.) 


kn 

and 


K 

K 


W(B)’ 

B(W) 


_Se 

sw 


are  the  wing-body  interference  factors  from  Method  1 of  Paragraph  C of 
Section  4.3.1 .2. 


is  the  ratio  of  the  exposed  wing  area  to  the  total  wing  area. 


No  substantiation  of  this  method  is  presented;  however,  application  of  the  method  is  illustrated  in 
Sample  Problem  1 . 


Method  2 


Application  of  this  method  is  restricted  to  straight-tapered  planforms.  The  wing-body  maximum  lift 
is  determined  by  using  Equation  4.3.1.3-a  to  obtain  the  normal  force  C^  as  a function  of  angle  of 
attack.  Then  the  lift  curve  is  constructed  by  using  the  approximation  Cl  — cos  a,  from  which 
the  Cj.  value  is  obtained.  The  determination  of  the  nose  contribution  term  (Cj^  of  Equation 
4.3.1-3-a  may  present  somewhat  of  a problem,  since  the  supersonic  design  curves  (Section  4.2. 1.2) 
are  inadequate  at  the  higher  angles  of  attack.  Consequently,  it  is  suggested  that  Method  2 of 
Paragraph  D of  Section  4.2. 1.2  be  used  for  determining  (Cn^  in  the  high  angle-of-attack  regime. 


4.3. 1.4-4 


No  substantiation  of  this  method  is  presented;  however,  application  of  the  method  is  illustrated  in 
Sample  Problem  2. 


Sample  Problems 

1.  Method  1 

Given:  The  wing-body  configuration  of  Reference  19. 

-e- 

Total  Winy . 

A = 1.15  X = 0.3  b = 8.26  in.  cr  = 11.0  in. 

c,  » 3.30  in.  AlK  = 63°  Sw  = 0.409  Sq  ft  Airfoil:  flat  plate 

Exposed  Wing: 

A,  = 0.97  X.  = 0.354  b = 6.13  in.  c,  = 9.31  in. 

“ v C 

Se  = 0.768  sq  ft 
Additional  Characteristics: 

J>B  = 10.65  in.  d = 2.13  in.  I ER  = 0.125  in.  M ^ 1.97;0  - 1.70 


(q  \ ~ 1 0 for  a flat  plate 


N 


C'N  = 1.617  per  rad 


(Figure  4. 1.3.2-60) 


_ (1.70)0.617 


= 0.6i 


[ _ I 

M 1 .97 


“ 0.5076 


<cu,),  * 


= 0.985 


(Figure  4.1.3.4-27a) 


Kk.  = 0 


N = 0,  since  nose  does  not  extend  ahead  ol  wrng  apex 


- = Id3 

b 8.26 


= 0.258 


^wiD)  ~ I-22  (Figure  4.3  1.2-10) 


M (1.70)  (2.13) 


0.389 


0eot  V:  = \ |.7n)  (0.5095)  « 0.866 

K»'»»  Is  OJ,  (x' + ')  (j  -')]  ’ 2-: 


(Figure  4.3. 1.2-1  lb) 


0.70)0.0  7)0.354)  - jj 


= 0.233 


Solution; 


( Lmax)WB  (("Lnwx)e  [Kn  + KW(io  + KB(W)|  (Equation  4.3.1. 4-a) 

- (0.9851  (0  + 1.22  + 0.233)  (-— ) „ q 

(0.400/ 
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= 44.2° 


(Figure  4. 1 .3.4-27b) 


This  compares  with  a test  value  of  C,  = 0.94  and  ac  = 42° 

max  ^max 


2.  Method  2 


Given:  Same  configuration  as  Sample  Problem  1. 


A = 1.15 


X = 0.3 


Ale  = 63° 


= 0.409  sq  ft 


Se  = 0.268  sq  ft  Airfoil:  flat  plate 


= 1.22 


= 0.233 


(Cn4« 


= 1 .6 1 7 per  rad 


(Sample  Problem  1,  above) 


M = 1.97;  0 = 1.70 


Compute: 


(CN  ) = 0,  since  nose  does  not  extend  ahead  of  wing  apex 

(CN)e 


(subsonic  leading  edge) 


tan  Ale  1 .963 


Step  1 . ^'CN  j = 1.617 


Step  2.  Empirical  Parameter  H (see  Paragraph  C of  Section  4. 1.3. 3) 


1Al.E  1.963  _ „ „ 

= > 1 , therefore  use  equation: 

.92  1.92  :• 


E - (c4 


tan.\K  /tanALE 

— + C ( 

1.92  \ 1.92 
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5j^  = tan  1 


AyL 

-—z  = 0 for  flat  plate 
5.85  * 


(see  sketch  on  Figure  2.2. 1-8) 


C = 0 (Figure  4. 1.3. 3-5 9a) 

.963 


E = (1.617) 


.92 

= 1.653  per  rad 


'1.963  _ /l. 963  \" 

. 1.92  + ° ( 1.92  ~ 7. 


Step  3. 


P 


tan  A 


LE 


1.70 

" 1653  K963  ■ L432 


N 

(C“.) 


= 1 .0  for  a flat  plate  (Figure  4. 1 .3 .2-60) 


theory 


c. 


theory  "a 

(5  tan  a = (5  tan  a; 


1 1 


N 


P tan  a P tan  a 


theory 


Step  4. 


, , sin  2a 

(CN^  = CN^  — - — + CN  sin  a)sin  ai 


(Equation  4.1.3.3-a) 


© 

© 

© 

® 

© 

© 

© 

© 

© 

© 

a 

(deg) 

ptan  a 

1 

0 tan  a 

CN«a 

(Fig.  4.1.3.3-696) 

sir*  a 

sin2  a 

©2 

tin  2a 

sin  2a 

(c*4~r 

(1.617)@/2 

CN  sin2c« 

ata 

®© 

(O 

e 

©+@ 

16 

0.4874 

1.58 

0.2756 

0.0760 

0.5799 

0.4284 

0.1201 

0.5485 

20 

0.6188 

1.50 

0.3420 

0.1170 

0.6428 

0.5197 

0.1755 

0.6952 

24 

0.7668 

1.42 

0.4067 

0.1654 

0.7431 

0.6008 

0.2349 

0.8357 

28 

0.9039 

1.35 

0.4696 

0.2204 

0.8290 

0.6702 

0.2975 

0.9677 

32 

0,9413 

1.29 

0.5299 

0.2808 

0.8988 

0.7267 

0.3622 

1.0689 

36 

0.8097 

1.26 

0.5878 

0.3455 

09511 

0.7690 

0.4353 

1.2043 

40 

0.7010 

1.25 

0.6428 

0.4132 

0.9848 

0.7962 

0.5165 

1 .31 27 

44 

0.6091 

1.26 

0.6947 

0.4826 

09994 

09080 

0.6081 

1.4161 

48 

0.5297 

1.27 

0.7431 

0.5522 

09945 

09041 

0.7013 

1.5054 

52 

0.4696 

1.30 

0.7880 

0.6209 

09703 

0.7845 

0.8072 

1.6917 

The  contribution  of  oody  vortices  (last  term  of  Equation  4.3.1 .3-a)  can  be  neglected,  since  the 
configuration  is  more  typical  of  an  airplane  configuration  than  of  a missile. 
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Solution: 


/ ) S p 

Cn  = |(Cn)n  “s7  +lKW(B)  + KB(W)]  (Cn)6^  +IvB(W)  2TOVr  b^/2  ZZ  "(Cl-«)w 


(Equation  4.3.1.3-a) 


={o  + "-22  ♦ 0.233)  (CN)J(^|)  + 0 
* 0.952  (CM)# 


© 

© 

CD 

© 

a 

(deg) 

M, 

CN 

0.952  @ 

CL 

cos  a 

16 

0.5485 

0.5222 

0.502 

20 

0.6952 

0.6618 

0.622 

24 

0.8357 

0.7956 

0.727 

28 

0.9677 

0.9213 

C.813 

32 

1.0889 

1.0366 

0.879 

36 

1.2043 

1.1465 

0.928 

40 

1.3127 

1 .2497 

0557 

44 

1.4161 

1.3481 

0.970 

48 

1.5054 

1.4331 

0.959 

52 

1.5917 

1.5153 

0.933 

These  data  are  plotted  in  Sketch  (a),  where  C.  = 0.970  and  ac, 

Lmax  ^ax 

with  test  values  of  C,  = 0.94  and  or,  = 42°. 


= 44°.  These  compare 


SKETCH  (a) 
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TABLE  4.3.1 .4-A 
METHOD  2 

SUBSONIC  MAXIMUM  LIFT  COEFFICIENTS  OF  WING-BODY  COMBINATIONS 
OATA  SUMMARY  AND  SUBSTANTIATION 


2.88  52 

2.31  60 

5 46 

1 l 

3 23 

I I 

3 19 

I I 

t 1 


<1  to  ,5c) 

2 .13 

Uto  ,25c) 

Double  .13 

Wedge  5% 

Double  .20 

Wedge  4.2% 

.12 

(1  to.28c) 
65-006.5  .17 

64A-010  .25 

U to.25o)  { 

I 1 

4.5%  Hex.  .25 


.60 

* 

.25 

* 

65A-006  .29 


65A-008 


6E.V008 


«c, 

*-rrtax 

Calc. 

'"max 

Test 

27.2° 

99 

26.8° 

1.05 

26-8° 

1.17 

31.5° 

1.32 

12A° 

.715 

26.8° 

1.18 

293° 

1.08 

22  3° 

.955 

20.9° 

.955 

15.1° 

92 

14.7° 

.74 

13.2° 

.72 

15.6b 

.71 

149° 

.70 

21.1° 

.85 

22.1° 

.883 

25° 

1.04 

24.8° 

94 

20° 

.98 

16.4° 

.96 

16.3° 

1.00 

19.5° 

1.24 

32° 

2.24 

24° 

,75 

14.4° 

.76 

12.3° 

.78 

22.2° 

.96 

20.5° 

.96 

18° 

.96 



SUBSONIC  SPEEDS 


TAPER  RATIO,  \ 

FIGURE  4.3.1.4-1 2aTAPER-RATIO  CORRECTION  FACTOR 


FIGURE  4.3. 1.4  -12b  WING-BODY  MAXIMUM  LIFT 


FIGURE  4.3.1.41 2c  ANGLE  OF  ATTACK  FOR  MAXIMUM  LIFT 
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4.3.2. 1 WING-BODY  ZERO-LIFT  PITCHING  MOMENT 

Methods  are  presented  for  determining  the  wing-body  zero-lift  pitching-moment  coefficient  in  the 
subsonic,  transonic,  and  supersonic  speed  regimes.  It  is  advisable  to  use  experimental  data  whenever 
possible  in  each  speed  regime. 

A,  SUBSONIC 

Two  methods  are  presented  for  estimating  the  subsonic  wing-body  zero-lift  pitching-moment 
coefficient  for  straight-tapered  wings.  Method  1 (Reference  1)  was  derived  using  the  momentum 
considerations  of  H,  Multhopp  (Reference  2).  Method  2 (Reference  3)  has  been  empirically  derived 
from  fighter-type  test  data.  Method  1 is  considered  to  be  more  accurate  than  Method  2 because  it 
includes  the  effects  of  fuselage  width  and  fuselage  camber  distribution.  Neither  method  is  limited  to 
bodies  of  revolution;  however,  only  Method  1 accounts  explicitly  for  noncircular  bodies.  If  it 
becomes  necessary  to  analyze  a noncircular  body  in  combination  with  a wing,  the  results  of 
Method  2 should  be  used  with  caution. 


DATCOM  METHODS 


Method  1 

The  wing-body  zero-lift  pitching-moment  coefficient  for  straight-tapered  wings*  may  be  approxi- 
mated by 


(Cmo)wB 


4.3.2.1-a 


where 


is  the  wing  zero-lift  pitching-moment  coefficient  uncorrected  for  Mach-number 
effects,  obtained  from  Section  4.1.4. 1. 


is  the  Mach-number  correction  factor  obtained  from  Figure  4. 1.4. 1-6  as  a 
function  of  Mach  number.  This  chart  gives  the  ratio  of  wing-body  zero-lift 
pitching-moment  coefficient  in  compressible  flow  to  that  in  incompressible  flow, 
based  on  test  data. 


is  the  body  zero-lift  pitching-moment  coefficient,  uncorrected  for  Mach-number 
effects.  This  parameter  is  approximated  by  using 


(k2  - k, ) 
36.5  Swc 


X'SB 

Y wf2  K“o>w  + 

x=0 


4.3.2. 1-b 


•Method  1 should  ipply  to  non-straight-tapered  planforms.  However,  the  lack  of  a method  for  predicting  the  wing  zero-lift 
pitching-moment  contribution  has  prevented  any  substantiation  of  this  method  for  non-straight- tapered  planforms. 


4.3.2. 1-1 


where 


(k2-kj)is  the  apparent  mass  factor  developed  by  Munk,  obtained  from 
Figure  4.2. 1 . l-20a  as  a function  of  the  body  fineness  ratio 


Sw  is  the  wing  reference  area 

c is  the  wing  mean  aerodynamic  chord 

wf  is  the  average  width  of  a body  increment  (see  Sketch  (a)) 

(a0)w  is  the  wing  zero-lift  angle  relative  to  the  fuselage  reference  plane, 

obtained  from  test  data  or  estimated  by  using  the  wing  zero-lift 
angle-of-attack  method  of  Section  4.1.3. 1 (the  effects  of  wing  incidence 
must  be  considered  when  using  the  method  of  this  section). 

(icL)B  is  the  incidence  angle  of  the  fuselage  camber  line  relative  to  the  fuselage 
reference  plane  at  the  increment  center.  The  sign  convention  of  (iCL  )B 
is  identical  to  that  of  horizontal-tail  incidence,  and  is  negative  for  both 
nose  dx’oop  and  upsweep  as  shown  in  Sketch  (a).  The  fuselage  camber 
line  is  defined  by  the  vertical  location  of  the  fuselage-maximum-width 
line  or  the  body  mean  line  where  the  maximum-width  line  is  not  clearly 
defined  (see  Sketch  (b)). 

Ax  is  the  length  of  the  body  increment  (see  Sketch  (a)).  Fuselage 
increment  length  should  be  chosen  so  that  neither  the  change  in  average 
width  nor  the  change  in  camber  line  incidence  is  too  large  between 
successive  increments.  The  increments  need  not  be  of  equal  length. 

CB  is  the  body  length. 

Equation  4.3.2. 1-b  may  be  evaluated  by  dividing  the  fuselage  into  increments  (see  Sketch  (a)), 
computing  the  value  of  each  increment,  and  adding  them  up. 
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MEAN 

LINE 

\ 


SEVERAL  FUSELAGE  CROSS-SECTIONS 
SHOWING  CAMBER  LINE  VERTICAL  LOCATION 

SKETCH  (b) 

A comparison  of  test  data  with  results  calculated  by  this  method  is  presented  in  Table  4.3.2. 1 -A.  It 
should  be  noted  that  the  test  data  are  for  configurations  having  cambered  airfoils.  For  most 
configurations  with  symmetrical  wings  with  no  twist,  the  predicted  va'ues  are  zero  or  very  small. 

Method  2 

This  method  was  developed  in  Reference  3 for  fighter-type  aircraft  by  using  the  linear  regression 
analysis  of  mathematical  statistics.  In  general,  a regression  analysis  involves  the  study  of  a group  of 
variables  to  determine  their  effect  on  a given  parameter.  Because  of  the  empirical  nature  of  this 
method  (values  for  the  regression  coefficients),  exact  solutions  are  available  only  at  the  following 
Mach  numbers:  0.4,  0.6,  0.7,  0.8,  0.9,  0.95,  1.0,  1.1,  1.2,  1.3,  1.4,  1.5,  2.0,  and  2.5.  At  other  Mach 
numbers  interpolation  is  necessary. 

It  is  advisable  to  restrict  the  applicability  of  this  method  to  the  range  of  geometric  parameters  of 
the  test  data  used  in  the  formulation  of  the  regression  coefficients.  The  test  data  used  in  the 
formulation  of  the  regression  coefficients  have  geometric  parameters  within  the  following  limits: 


aspect  ratio,  A 

1.6  to  6.0 

taper  ratio,  X 

0 to  1 

twist,  0 

o 

0 

1 

VO 

o 

leading-edge  radius,  LER/c 

0 to  0.015 

thickness,  t/c 

0.025  to  0.10 

NACA  camber,  (yc)max/c 

0 to  0.0263 

conical-camber  design  lift  coefficient,  C, 

0 to  0.45 

forebody  fineness  ratio,  £N/d 

2.2  to  8.4 

afterbody  fineness  ratio,  CA /d 

0.3  to  5.6 

leading-edge  sweep,  AlE 

0 to  70° 

Reynolds  number,  Rc 

0.8  x 106  to  8 x 106 

4.3.2. 


This  method  is  not  limited  to  bodies  of  revolution;  however,  no  attempt  is  made  to  account  for  the 
effects  of  noncircular  bodies.  If  it  becomes  necessary  to  analyze  a noncircular  body  in  combination 
with  a wing,  it  is  suggested  that  an  equivalent  body  of  revolution  be  used,  i.e.,  a body  of  revolution 
with  the  same  cross-sectional  area. 

The  wing-body  zero-lift  pitching-moment  coefficient,  based  on  the  product  of  the  wing  area  and 
mean  aerodynamic  chord  Swcw , is  given  at  a specific  Mach  number  by 


+ Cl4  WL+Cl5  VT+C 


R., 


4.3.2. l-c 


where 


C0,  Cj,  , . . C18  are  the  regression  coefficients  as  a function  of  Mach  number,  obtained 
from  Table  4.3.2. 1-B. 


A 


A 


LE 


_t 

c 


is  the  total  wing  aspect  ratio, 
is  the  sweep  of  the  leading  edge. 


is  the  wing  thickness  ratio  at  the  mean  aerodynamic  chord. 


is  the  nose  and  forebody  fineness  ratio  (see  Sketch  (b)). 


is  the  afterbody  fineness  ratio  taken  at  the  afterbody  wing-body  juncture 
(see  Sketch  (b)). 
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is  the  wing  taper  ratio. 


is  the  transition  indicator;  0 for  no  transition  strips  and  1 for  transition 
strips  or  flight  test. 


is  the  ratio  of  the  leading-edge  radius  to  the  mean  aerodynamic  chord 
taken  at  the  mean  aerodynamic  chord. 


is  the  wing  twist  between  the  root  and  tip  sections  in  radians,  negative  for 
washout  (see  Figure  5.1.2.1-30b). 


is  the  NACA  camber  in  the  form  of  a ratio  of  the  maximum  ordinate  of 
the  mean  line  to  the  airfoil  chord  taken  at  the  mean  aerodynamic  chord. 


is  the  conical-camber  design  lift  coefficient  for  a M = 1 .0  design  with  the 
designated  camber  ray  line  intersecting  the  wing  trailing  edge  at  0.8  b/2. 
(For  more  details  see  Reference  4.)  If  the  wing  does  not  have  a 
conical-camber  design,  the  value  of  CLd  is  zero. 


is  the  wing  location  index,  with  WL  = 1.0  for  a high  wing,  WL  =0.5  for  a 
midwing,  and  WL  = 0 for  a low  wing. 


is  the  vertical-tail  indicator,  with  VT  = 1 .0  for  a vertical  tail,  and  VT  = 0 
for  no  vertical  tail. 


is  the  ratio  of  the  maximum  canopy  height  measured  from  the  body 
center  line  to  the  body  hdight  at  the  point  of  maximum  canopy  height. 


is  the  ratio  of  the  maximum  body  width  to  wing  span. 


is  the  Reynolds  number  based  on  the  mean  aerodynamic  chord.  For 
Reynolds  numbers  in  excess  of  8 x 1 06,  the  value  of  8 x 106  should  be 
used. 


Sample  Problems 


1.  Method  1 

Given:  The  wing-body  configuration  of  Reference  5 (Sketch  (d)) 


SKETCH  (d) 


Wing  Characteristics : 

Sw  = 21.51  m2 

c 

= 2.14  m 

9=0° 

A = 5.02 

X 

= 0.507 

A .,«  * '3° 

(^o >w  ~ -1.2°  (test  data) 

M 

= 0.17 

Root  section  airfoil  is  a NACA  64A-109 

Tip  section  airfoil  is  a NACA  64A-109  modified  by  drooping  the  leading  edge  (Sketch 
(e)). 
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For  the  Tip  Section 

c'  = 1.390  m c = 1.363  m 6t  = 20°  c,  = 0.05c 

‘le  ‘lf. 

The  drooped  leading  edge  varies  linearly  across  the  span  from  the  tip  section  as  shown  in 
Sketch  (e),  to  zero  extension  and  deflection  at  the  root  section. 

Fuselage  Characteristics; 

S„  = 12.50  m d_lv  = 1.62  m 

B (TUX 

Other  fuselage  dimensions  are  measured  from  the  three  view  drawings  in  Reference  5 and  are 
listed  in  tabular  form  when  used. 

Compute: 

Determine  wing  section  c„, 

mo 


Root  Section  (64A-109)  c is  determined  through  use  of  data  from  Table  4.1. 1-B 

mo 


SECTION 

Cm0 

64A-010 

0 

64A-210 

-0.040 

64-108 

-0.015 

64-110 

-0.020 

Note  that  the  variation  in  c „ due  to  camber  is  identical  for  the  “64"  and  “64A”  series 

ino 

airfoils,  i.e.,  the  64A-2  10  airfoil  has  twice  the  camber  of  the  64-1 10  airfoil  and  twice  the 

c . Therefore,  the  “64”  series  airfoil  c„  values  can  be  used  to  determine  the  thickness 

mo  rno 

effects. 


°64A-109 


"'0  64-108  mo64.no  -0.015  - 0.020 
2 S 2 


= -0.0175 
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Tip  section  e can  be  determined  by  the  method  of  Section  6, 1.2.1. 


lf.  / lk  \ c 


C / C 


-0.00024 


(1.363) 

0.05  -----  = 0.049 
(1.390) 


(Figure  6.1.2,1-36) 


Since  the  wing  is  assumed  to  be  at  zero-lift,  and  drooped  leading  edges  contribute 
essentially  zero  incremental  lift  at  constant  angle  of  attack,  assume:  Acc  = c„  •-  0. 


I k ♦ 


■is  -IS  \ C 


+ 0.075  c,  (~'V~  ~ 1 


/i  ,390\ 

- - 0.00024  ( 20  + 0-  0.C 

V 1.363/ 


i \ r/  ,\i 

: - c\  . / c r 

~r)A‘‘  * c4v/ 


(Liquation  6. 1 .2.1  -b) 


7l.390\2  1 

0-0*75  ( 7—J  -1 

Lv36v  J 


Ac  = -0.0056 


c = c 
ma  nln 

anp  UBAS1C 

AIRFOIL 


= -0.0175  -0.0056 


= -0.0231 


Determine  wing  zero-lift  pitching-moment  coefficient  using  Section  4. 1.4.1. 


(Crao)fl» 


A cos2  A cy4  / ’’Oroqt  m(iriP 


o A + 2 cos  A„ 


5.02  cos2  (13°)  / -Q.Qi  75  - Q.Q231 

5.02  + 2 cos  (13°)  l 2 

= -0.0139 


(Liquation  4. 1.4,  i-b) 


Determine  the  fuselage  (C  ) using  Equation  4.3.2. 1-b  and  the  three -view  drawing  in 

mo  u 

Reference  5.  Divide  the  fuselage  into  incremental  parts  and  compute  the  value  under  the 
summation  sign  for  each  increment  (Sketch  (d )). 
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i 


a 


0.41 

-1.2 

-13.5 

0.759  j 

-1.376 

0.96 

-10,75 

-8.186 

1.32 

-8.00 

-12.167 

1.50 

-5.26 

-11.015 

1.58 

I 

-2,75 

-7.484 

1.61 

-0,75 

-3.836 

1.59 

0,0 

: 

r 

-2.303 

j£;  t 

1 

0.0 

i 0.635 

-1.735 

1.460 

0.0 

1 

-1.624 

1.340 

-0.500 

-1.938 

1.255 

-2.000 

1 

r 

-3.200 

1.190 

-3.750 

0.758 

-5.313 

1.100 

-4.750 

] 

-5.457 

0.950 

-5.375 

-4.498 

0.735 

-6.250 

-3.051 

0.485 

-6.875 

-1.440 

0.175 

-7.000 

1 

-0.190 

Determine  the  apparent  mass  factor 


2> 


2f<“o>w  + (iciV  Ax  " -75373 


Jb_  _ 12.50 
= ‘-62 


= 7.7 


(k2  - kj)  = 0.905 
Determine  (C  ) 

*n n is 


(Figure  4,2.1.1-20a) 


(k2  - k ) B 

(Cmo)B  ”36 TsTT  ILs  wf2  t(Vw  +(lCL  )Bi  Ax 


(Equation  4.3,2. 1-b) 


(Cmo)M 


0.905 

(36.5)(2TT51)(2.lT) 
= -0.0406 


- (-75.373) 


= 1.0  at  M = 0.17 


“m0/M=0 


(Figure  4,1.4. 1-6) 
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•2. 


Solution: 


(Cmo)wB  " [(Cmo)w  + (C,,,o)b  7C  ) 


(Equation  4.3.2. 1 -a) 


m0/M=0 


= (-0.0139  - 0.0406)  1.0 
= -0.0545  (based  on  Sw  C) 

This  compares  to  a test  value  of  -0.05  from  Reference  5. 

2.  Method  2 

Given:  A wing-body  configuration  similar  to  that  of  Sample  Problem  1 (See  Sketch  (f)). 


Wing  Characteristics: 


^=cK)b5  40 


SKETCH  (0 


A = 5.0 


Ale  =15.6° 


X = 0.5 


0 = 0 


NACA  65-209  airfoil 


= 000552 


= 0.01071 


C,  =0 


Low  wing 


Body  Characteristics: 


— = 3.32 

d 


= 2.99 


= 0.50 


- = 0.152 
b 


Additional  Characteristics: 


M = 0.4 


Rc  = 6 x 106 


No  vertical  tail 


tr  = 1 
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Compute: 


The  regression  coefficients  below  are  obtained  from  Table  4.3.2. 1-B  at  M = 0.4. 


R«gre*ion  CorHici»nt 

~ » " '1 

Value 

T4>la  4.3.2. 1-B 

co 

-0.61496 

C! 

0.034113 

C2 

— 0.00431 1 1 

C3 

-0.0067607 

C4 

0.58626 

CS 

-0.0021631 

ce 

-0.0029718 

C7 

-0.0013161 

s 

0.0034451 

C9 

-0.0097535 

C10 

-39389 

C11 

-0.62560 

c12 

-4.3982 

C13 

0.036116 

C!4 

0.034068 

C1S 

-0.073114 

C!6 

1.2683 

C17 

-0.16603 

C!8 

-0.00077192  x 10“8 

Solution: 


C°  + ^ \ A / + ^ + tan  ^LE  + C<* 


+ C7  X + C8  X2  + Cg  (TR ) + C 


10 


m 


+ C-13  ^Ld  +C14  WL  +C15  VT  +CU) 


+ Cu  6 + Cn 


Re 


(Equation  4.3.2. 1-c) 


4.3.2. 1-1  1 


. , 0.034  U 3 

Cm  \ = -0.61496  + 0.00431 1 1 (5)  - 0.0067607  (0.2793) 

\ mo;wB  5 


+ 0.58626  (0.09)  - 0.002163.1  (3.32)  - 0.0029718  (2.99) 
-0.0013161  (0.5) + 0.0034451  (0.25)  - 0.0097535  (1) 

- 3.9389  (0.00552)  - 0.5256  (0)  - 4.3982  (0.01071)  + 0.0361 16  (0) 
+ 0.034068  (0)  - 0.073 1 14  (0)  + (1.2683)  (0.5)  - 0.16503  (0.152) 

- 0,00077192  x 1(T6  (6  x 106) 

= -0.61496  + 0.0068226  - 0.021555  - 0.00188826  + 0.052763 

- 0.0071815  - 0.0088857  - 0.00065805  + 0.00086128  - 0.0097535 
-0.021743  -0.047105  + 0.63415  - 0.0250846  - 0.0046315 

= -0.0688  (based  on  Sw  c ) 


B.  TRANSONIC 

The  comments  and  methods  of  Paragraph  A are  applicable  here.  It  should  be  noted  that  at  near- 
sonic  conditions  or  whenever  shocks  begin  appearing  on  the  wing,  the  value  of  (Cmo)WB  may  begin 
to  change  abruptly.  For  this  reason  Method  1 should  not  be  used  above  M = 0.9  and  should  be 
used  judiciously  for  0.8  < M < 0.9.  Likewise,  Method  2 should  be  applied  with  caution  at  near 
sonic  conditions. 


DATCOM  METHODS 

At  transonic  speeds  the  methods  described  in  Paragraph  A may  be  applied.  (It  should  be  noted  for 
Method  I that  the  subsonic  method  of  Section  4.1.4. 1 must  be  used  to  evaluate  the  wing  zero-lift 
pitching-moment  contribution.)  Both  methods  are  restricted  to  straight-tapered-wing 
configurations. 

Sample  Problems 

No  sample  problems  are  presented  here  because  their  solutions  would  be  obtained  in  the  same 
manner  as  in  the  subsonic  speed  regime. 
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C.  SUPERSONIC 


In  the  supersonic  speed  regime  Method  2 of  Paragraph  A of  this  section  may  be  used  to  estimate 
(Cmo)WB  for  fighter-type  aircraft.  The  comments  in  Paragraph  A pertaining  to  Method  2 are 
applicable  here. 


DATCOM  METHOD 

At  supersonic  speeds  Method  2 described  in  Paragraph  A may  be  applied  to  fighter-type 
straight-tapered-wing  configurations. 


Sample  Problem 

No  sample  problem  is  presented  here  because  its  solution  would  be  obtained  in  the  same  manner  as 
in  the  subsonic  speed  regime. 
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TABLE  4.3.2.1A 


METHOD  1 

DATA  SUMMARY  AND  SUBSTANTIATION 


Raf. 

A 

\ 

ac/4 

(deg) 

Q 

(deg) 

M 

(Cm0(wB 

Calc 

(Cmo^vVB 

Tost 

A (Cm0\vB 

Calc-Test 

5.02 

0.507 

13 

0 

0.08 

-0,0543 

-0.04 

-0.0143 

■ 

1 

■ 

. 

1 

0.17 

-0.0545 

-0.05  ■ 

-0.0045 

0 

4 

5 

0 

0.67 

-0.00496 

-0.008 

+0.0030 

0.76 

-0.00526 

-0.005 

-0.0003 

0.89 

-0.00602 

-0.004 

-0.0020 

7 

3.5 

0.20 

10.8 

0 

0.7 

-0.0234 

-0.018 

-0.0054 

0.85 

-0.0266 

-0.024 

-0.0026 

0.9 

-0.0282 

-0.027 

-0.0012 

35 

0.7 

-0.0183 

-0.018 

-0.0003 

0.85 

-0.0207 

-0.022 

0.0013 

0.9 

-0.0220 

-0.024 

0.0020 

47 

0.696 

-0.0137 

-0.019 

0.0053 

0.843 

-0.0154 

-0.023 

0.0076 

0.892 

-0.0164 

-0.024 

0.0076 

8 

s. 

1.5 

0.20 

47 

0 

0.696 

-0.0137 

-0.019 

0.0053 

0.892 

-0.0165 

-0.024 

0.0075 

0.7 

-0.0149 

-0.018 

0.0031 

0.9 

-0.0180 

-0.022 

0.0040 

0.696 

-0.0139 

-0.014 

0.0001 

0.892 

-0.0168 

-0.019 

0.0022 

0.7 

-0.0145 

-0.016 

0.0015 

0.9 

-0.0175 

-0.017 

-0.0005 

9 

t 

0.15 

45 

0 

0.8 

-0.0219 

-0.031 

0.0091 

0.85 

-0.0231 

-0.033 

0.0099 

V 

0.9 

-0.0246 



-0.036 

0.0114 
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4.3. 2.2  WING-BODY  PITCHING-MOMENT-CURVE  SLOPE  (AERODYNAMIC  CENTER) 

For  wing-body  configurations  in  which  the  body  radii  are  large  relative  to  the  wing  semispan,  there  exist  mutual 
aerodynamic  interferences  between  wing  and  body  that  can  appreciably  affect  the  aerodynamic  center  of  the 
wing-body  combination. 

The  body  influences  the  wing  lift  primarily  by  inducing  a change  in  the  local  angle  of  attack  along  the  span. 

The  wing  influences  the  body  by  a lift  carryover  from  the  wing  onto  the  body.  For  supersonic  speeds  the 
wing  lift  carryover  on  the  body  is  displaced  downstream  parallel  to  the  Mach  lines,  as  illustrated  in  sketch  (e) 
on  page  4.3. 1.2-5.  Important  moment  differences  can  therefore  exist  between  configurations  in  which  the 
fuselage  terminates  at  the  wing  trailing  edge  and  those  in  which  the  fuselage  extends  beyond  the  wing 
trailing  edge. 

The  aerodynamic-center  location  of  a wing-body  configuration  is  given  in  reference  1 as 


cr  C + C,  + C, 

8 °N  ^WIB)  °B(W) 


where  the  x'c/ef  terms  are  the  chord  wise  distances  measured  in  exposed  wing  root  chord',  from  the  apex  of 

the  exposed  wing  to  the  aerodynamic  center,  positive  aft.  The  methods  for  calculating  these  terms  are 
presented  in  this  section  and  are  based  on  exposed-wing  geometry.  The  exposed  wing  is  defined  as  the  parts 
of  the  wing  outboard  of  the  largest  body  diameter  at  the  wing-body  intersection.  Two  case.;  are  illustrated  in 
sketch  (a). 


4.3.2.2-1 


The  lift-curve  slopes  used  in  Equation  4.3.2.2-a  are  referred  to  the  total  wing  area. 

The  aerodynamic-center  location  measured  in  wing  root  chords  aft  of  the  wing  apex  is  given  by 


where  x'  / c is  given  by  Equation  4.3.2.2-a. 

ac.  r# 

The  nose  of  the  body  is  defined  as  the  expanding  portion  of  the  body  ahead  of  the  wing.  The  forebody  is  the 
cylindrical  portion  of  the  body  ahead  of  the  wing.  The  base  of  the  forebody  is  defined  as  the  cross  section  at 
the  wing-leading-edge  - body  intersection. 

If  the  wing  is  at  incidence  relative  to  the  body,  the  a.c.  can  be  approximated  by  using  the  lift  coefficient  of 
each  component  - in  the  linear  or  near-linear  range  only  - instead  of  the  lift-curve  slope.  The  angle  of  attack 
of  the  body  relative  to  the  free  stream  is  used  to  calculate  the  body  lift,  and  the  angle  of  attack  of  the  wing 
relative  to  the  free  stream  is  used  to  calculate  the  wing  lift  and  lift  carryover  on  the  body. 

The  specific  case  of  a conical  body  mounted  on  a delta  wing  (Sketch  (c)  on  Page  4.3. 1.2-2)  has  been  solved 
by  Spreiter  inReference  2.  Slender-body  theory  is  used  to  obtain  the  ratio  of  the  wing-body  lift  to  that  of  the 
wing  alone.  Correlation  with  experimental  data  by  this  method  is  good  throughout  the  speed  range.  The 
method  predicts  that  the  aerodynamic  center  of  the  wing-body  combination  is  the  same  as  that  of  the  wing 
alone. 

Methods  are  presented  in  this  section  that  are  applicable  to  axisymmetric  bodies  in  combination  with 
straight-tapered  wings  throughout  the  subsonic,  transonic,  and  supersonic  speed  ranges,  and  in  combination 
with  non-straight-tapered  wings  at  subsonic  and  supersonic  speeds.  The  methods  are  applicable  only  in  the 
linear-lift  range. 

The  effects  of  body  cross-section  shape  and  wing  vertical  position  on  wing-body  lift-curve  slope  are  not 
considered.  (Some  test  data  on  these  variables  are  given  inReferences  3 and  4.)  Therefore,  the  methods 
should  not  be  construed  as  pertaining  to  generalized  wing-body  combinations  with  arbitrary  body  shapes. 

The  results  of  this  section  apply  to  single-wing-body  configurations  only;  for  cruciform  and  other  multi- 
panel arrangements,  interference  effects  may  exist  between  the  various  panels. 

The  following  general  categories  of  non-straight-tapered  wings  are  considered  at  subsonic  and  supersonic 
speeds: 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

These  wings  are  illustrated  in  Sketch  (a)  of  Section  4, 1 .3.2.  Their  wing-geometry  parameters  are 
presented  in  Section  2.2.2. 

A.  SUBSONIC 


DATCOM  METHODS 

Straight-Tapered  Wing-Body  Configurations 

The  subsonic  aerodynamic-center  location  near  zero  iift  of  a wing-body  configuration  with  a straight-tapered 
wing  is  obtained  from  the  procedure  outlined  in  the  following  steps: 


4.3. 2.2-2 


Step  1 . Divide  the  wing-body  configuration  into  three  components  as  follows  and  determine  their 
Pertinent  geometric  parameters  (see  Sketch  (a)). 

(1 ) The  exposed  wing  in  the  presence  of  the  body,  denoted  by  the  subscript  W(B). 

(2)  The  body  in  the  presence  of  the  wing,  denoted  by  the  subscript  B(W). 

(3)  The  body  nose  and  forebody  ahead  of  the  wing-body  juncture,  denoted  by  the 
subscript  N. 

Step  2.  Determine  the  lift-curve  slope  of  the  exposed  wing  ^rom  t^ie  straight-tapered  wing 

method  of  Paragraph  A of  Section  4, 1 .3.2,  based  on  its  exposed  area  Sg . 

Step  3.  Determine  the  lift-curve  slope  of  the  body  nose  by  the  method  of  paragraph  A of 

Section  4.2. 1.1.  In  most  cases  the  slender-body-theory  value  of  ^CN  j =2  per  radian 

(based  on  the  nose  frontal  area)  is  sufficiently  accurate. 

Step  4.  Using  the  lift-curve  slopes  determined  inSteps  2 and  3,  calculate  CL  , CL  , and 

Smbi  aB{W) 

CL  , referred  to  the  total  wing  area,  by 


Cl„  = KW(B> 

“WIBI 


(Cl°). 


=Ksw:'  s» 

, \ I \ lrd2 

(CnJN  = We  4SW 


where  KW(B)  and  KB(W)  are  interference  factors  obtained  from  Figure  4.3.1.2-10. 

Step  5.  Determine  the  a.c.  'ocation  of  the  exposed  wing  as  a fraction  of  the  root  chord  of  the 

x' 

exposed  wing from  Figure  4.1.4.2-26.  The  interference  effect  of  the  body  lift  in  the 

s 

presence  of  the  wing  is  neglected,  and  the  a.c.  location  of  the  body-lift  carryover  on  the 
wing  is  taken  as  the  a.c.  location  for  the  exposed  wing,  i.e., 


•The  equation  fliven  for  (C"a) n '* 
(V  )m 

\ • N)s  -V 


bated  on  the  tlender-body- theory  value  for 


Equation  4.2.1. 1-a  is  used  to  obtain 


” N), 
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Step  6. 


Step  7. 


4.3.2.2-4 


Determine  the  a.c.  location  of  the  wing-lift  carryover  on  the  body 


r) 


Fot  pA  ^ 4,0,  the  a.c.  contribution  due  to  the  lift  carryover  of  the  wing  on  the  body  is 
obtained  from  the  equation 


(: 


1 b-d  . 

, *T+  2T“ttnAb /. 

r.  / B(W) 


"(1-k>  +t  k 


k n/I^  «0*e 

4 r ~ * JHrjg 


4.3.2.2-c 


where  k = d/b  and  the  term  inside  the  brackets  is  plotted  for  various  values  of  k in  Figure 
4.3.2.2-35, 

Equation  4.3.2.2-c  is  developed  from  lifting-line  theory  applied  to  the  portion  of  a fictitious 
' wing  inside  the  body,  defined  by  the  image  of  the  actual  wing  at  the  intersection  of  the  wing 

d 

quarter-chord  line  with  the  body.  Equation  4.3.2.2-c  is  mathematically  limited  to  “ < 0.5, 

d ° 

but  extrapolation  to  — = 0.8  gives  accurate  results, 
b 


For  j3Ag  < 4.0  an  interpolation  procedure  is  required.  The  a.c.  location  at  0A#  = 0, 
derived  from  slender-body  theory,  is  given  inFigure  4.3.2.2-36b.  For  j}Aa  between  0 and  4.0, 
the  a.c.  of  the  wing-lift  carryover  on  the  body  is  obtained  by  fairing  values  between  those 
obtained  fromFigure  4.3.2.2-36b  andEquation  4.3.2.2-c  for  /?Ae  = 0 and  j?Ae  > 4.0, 
respectively.  It  is  recommended  inReference  1 that  the  interpolation  procedure  for  0A*  < 4.0 

be  performed  using  the  calculated  wing-alone  values  = oj  as  a guide.  However,  for  the 

purpose  of  the  Datcom  tins  calculation  is  omitted,  and  the  fairing  is  performed  between 
0Af  = 0 and  0At  = 4.0  by  a curve  through  the  value  at  0Aa  - 0 and  tangent  to  the 

calculated  line  for  0Aa  > 4. 


Determine  fhe  a.c.  location  of  the  body  nose  and  forebody  as  a fraction  of  the  root  chord 

of  the  exposed  wing  ( -j  , and  referred  to  the  exposed-wing  apex. 

\ % /N 

Two  methods  are  presented  here  for  estimating  the  aerodynamic  center  of  the  nose  and 
forebody  (see  Sketch  (a)). 


The  first,  which  is  based  on  the  methods  of  Sections  4.2. 1.1  and  4.2.2. 1,  is  the  more 
accurate  of  the  two.  It  should  be  used  when  the  nose  lift  is  a significant  fraction  of  the 
total  lift  of  the  vehicle.  In  Equation  4.2.2. 1-b,  Cn  should  be  substituted  for  xm  and 
dCm  /dCL  should  be  multiplied  by  the  negative  cube  root  of  the  nose  volume  and  divided 
by  cIe.  This  refers  the  moments  to  the  apex  of  the  exposed  wing,  i.e., 


K.c\ 

i * 

/c  ) 

r t/3  i 

VB 

l 

\ ma/4. 2.2.1 

% (Cl«  ) 4.2.1.1 

The  second  method  presented  in  this  section  gives  more  approximate  answers  than  the  first 
method.  Figure  4. 3. 2.2 -36a  gives  the  aerodynamic-center  location  for  cones,  ogives,  and 
ellipsoids  without  forebodies.  For  ogives  with  forcbodies  an  approximation  can  be  made  by 
defining  an  equivalent  ogive  to  replace  the  actual  ogive  and  forebody.  Thus 

(0**  * + '•««)««*  4-3-2-3-' 

where  and  are  the  fineness  ratios  of  the  actual  nose,  the  forcbody, 

and  the  equivalent  nose,  respectively.  Figure  4, 3. 2.2 -36a  is  entered  with  the  actual  nose 
fineness  ratio  to  obtain  the  a.c.  of  the  equivalent  nose,  referred  to  the  apex  of  the  exposed 
wing.  Then 


where  I v is  the  length  of  the  equivalent  nose  (I  ^ * f ^ d). 

Step  8.  Using  the  results  calculated  inSteps  4 through  7,  Equation  4.3.2.2-a  gives  the  a.c.  location  of 
the  wing-body  configuration  measured  in  exposed-wing  root  chords  aft  of  the  apex  of  the 
exposed  wing.  The  a.c.  location  measured  in  wing  root  chords  aft  of  the  wing  apex  is  given 
by  Equation  4.3.2.2-b. 

Application  of  this  method  is  illustrated  by  the  sample  problem  on  Pages  4.3. 2.2-7  through  4.3. 2.2-1 0. 

A comparison  of  test  data  with  results  calculated  by  using  this  method  is  presented  as  Table  4.3.2.2-A.  The 
ranges  of  planform  and  flow  parameters  of  the  test  data  are: 


2.88 

< 

A 

< 

4.0 

7° 

< 

^l-E 

< 

60° 

0.143 

< 

X 

< 

1.0 

0.14 

< 

d/b 

0.80 

0.13 

< 

M 

0.91 

0.9  x 106 

< 

r*mac 

6.8  x 106 

Although  ranges  of  planform  and  flow  parameters  of  the  test  data  are  in  most  cases  quite  broad,  the  limited 
number  of  test  points  makes  it  rather  difficult  to  draw  general  conclusions  regarding  parameters  not  specifi- 
cally noted  in  the  prediction  method.  Within  the  linear-lift  lange,  profile  parameters  such  as  camber,  twist, 
and  airfoil  shape  would  be  expected  to  have  only  a minor  influence  on  the  wing-body  aerodynamic-center 
location.  There  are  not  enough  data  to  allow  a quantitative  prediction  of  Reynoids-number  effect,  but  it  is 
reasonable  to  expect  that  Reynolds  number  will  influence  the  wing-body  aerodynamic-center  location. 

Non-Straight-Tapered  Wing- Body  Configuration 

The  method  for  determining  the  subsonic  aerodynamic-center  location  near  zero  lift  of  wing-body  configura- 
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!w 

I* 

w 

« 


1 


tions  with  non-straight-tapered  wings  is  taken  fromReference  5.  During  the  course  of  the  study  conducted  in 
connection  withReference  5,  it  was  validated  that  the  subsonic  wing-body  aerodynaniic  ccntcr  location  of 
configurations  with  non-straight-tapered  wings  can  be  determined  by  using  the  wing-alone  approach  and 
neglecting  the  exposed-wing  and  body  lift  carryover  and  body-nose  effects.  Therefore,  the  method  presented 
in  paragraph  A of  Section  4. ! .4.2  for  determining  the  aerodynamic-center  location  ot  non-straight-tapered 
wings  is  directly  applicable  to  the  case  of  a body  in  combination  with  a non-straight-tapered  wing. 

Essentially,  the  method  consists  of  dividing  the  complete  theoretical  wing  planfonn  (extended  to  the  plane 
of  symmetry)  into  two  panels  with  each  panel  having  conventional,  straight-tapered  geometry.  Then  for  each 
of  the  constructed  panels,  the  individual  lift-curve  slope  and  aerodynamic-center  location  are  estimated  by 
treating  each  constructed  panel  as  a complete  wing.  The  individual  lift  and  aerodynamic-center  location 
determined  for  each  constructed  panel  arc  then  mutually  combined  in  accordance  with  an  “inboard- 
outboard”  weighted-area  relationship  to  estimate  the  aerodynamic-center  location  for  the  basic  wing-body 
configuration. 

The  sample  problem  of  Paragraph  A of  Section  4. 1.4.2  illustrates  the  use  of  the  method. 

Comparisons  of  test  data  with  results  calculated  by  using  this  wing-alone  approach  are  presented  as 
Tables  4.3.2.2-B  and  4.3.2.2  C (both  taken  from  Reference  5)  for  wing-body  combinations  with  double-delta 
and  cranked  wings,  respectively.  Although  the  technique  is  applicable  to  wing-body  combinations  with 
curved  wings,  test  data  on  such  configurations  are  not  available  for  substantiation  purposes.  Only  two  wing- 
body  combinations  with  curved  wings  have  been  investigated.  Since  both  of  these  configurations  have  very 
small  bodies  and  the  wing  planfonn  projection  effectively  blankets  nearly  all  the  body,  they  have  been 
included  in  the  curved  wing-alone  substantiation  of  Section  4. 1.4.2  (Table  4. 1.4. 2- B).  The  ranges  of  plan- 
fonn  parameters  of  the  double-delta  and  cranked-wing  configuration  test  data  are: 

Double-Delta  Configurations  Cranked  Configurations 


1.3  < 

A 

< 

3.0 

1.68 

< 

A 

< 

6.93 

60°  < 

Ale( 

< 

82.9° 

25° 

< 

A-| 

75° 

38.1°  < 

V 

< 

O' 

o 

o 

12° 

< 

A*. 

< 

75° 

0.217  < 

•'ll 

< 

0.654 

0.224 

< 

< 

0.654 

0 < 

< 

0.7 

0 

< 

< 

0.7 

The  Mach-number  range  of  the  test  data  for  the  above  configurations  is  0.1  < M < 0.9. 

The  test  results  indicate  that  airfoil  shape,  camber,  and  twist  have  only  a minor  influence  on  the  wing-body 
aerodynamic-center  location  within  the  linear-lift  range.  There  are  not  enough  data  to  allow  a quantitative 
prediction  of  Reynolds-number  effect,  but  it  is  reasonable  to  expect  that  Reynolds  number  will  influence 
the  wing-body  aerodynamic-center  location. 

Many  double-delta  and  cranked  wings  have  non-straight  trailing  edges  with  the  trailing-edge  break  at  a dif- 
ferent span  station  from  the  leading-edge  break.  For  such  wings  the  irregular  trailing-edge  sweep  angles  of 
the  subdivided  panels  are  modified  by  using  straight  trailing-edge  sweep  angles  for  each  panel,  constructed  so 
that  the  area  moment  about  the  respective  wing-panel  apex  remains  appioximately  the  same 

All  the  configurations  listed  in  Tables  4.3.2.2-B  and  4.3.2.2-C  have  only  one  break  in  the  wing  trading  edge. 
In  certain  cases,  more  than  one  wing  leading-edge  break  can  be  handled  provided  the  wing  can  be  approxi- 
mated by  an  equivalent  two-panel  planfonn.  Such  an  approximation  has  been  made  for  two  cranked-wing 
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plan  forms  included  in  the  cranked-wing-alone  data  summary  of  Section  4. 1.4.2  (Table  4 1 4 2-A)  In  both 
~m^en^P,aS?1  femainS  30  °Utb°ard  panel  is  ^PP^xunated  which  has  the  same 

“tog Z ^ “ 'he  °ri8inal  °Uter  Pane'5  by  adjuS,in8  “d  constructing  straight 


Sample  Problem 


Straight-Tapered  Wing  Configuration 

Given:  A wing-body  configuration  ofReference  9. 


Total-Wing  Characteristics: 

Aw  - 3.0  Sw  - 250.56  sq  in.  Aw  =0.143 


Ale  « 38.7° 
Ltw 

bw  = 27.4  in. 


Exposed-Wing  Characteristics: 


\ * 2-84  \ = 0.169  Al,  = A = 38.7°  Ae/2  - 16.7° 


A./V  - 28.8° 

c 55  16.0  in. 
rw 


1 o 


Cr  » 13.5  in.  — • « 0.705 

« ow 

Body-Nose  Characteristics: 


Ogive-cylinder  d - 5.0  ii 


0.183 


*«  =8-75in-  fn«  =f  " 1-75 


li  “ 2665  m.  ffortbody  * d 


. — = 5.33 


Additional  Characteristics: 


M ■ 0.60;  (i  ~ 0.80  k = 1.0  (assumed) 


Compute: 


(CtflJ  (Section  4. 1.3,2) 


T \P7  + tan2  A^J 


= 2.43 


4, 3. 2.2-7 


■a 


= 1.22perrad  (figure  4.1.3.2-49) 


(Cl«). 


= 3.46  per  rad 


(Cn-)' 


/C..  \ =2  per  rad  (based  on  nose  frontal  area)  (slender-body  theory) 

\ a/* 

Interference  factors  (Section  4.3. 1.2) 


^WiB)  “ 


0.255 


(Figure  4.3.1.2-10  at  — = 0.183) 


Av 


Component  lift-curve  slopes,  referred  to  Sw 


2 = Kwib)  /Cl  ) T'  = (1  153)  (3.46)  (0.705)  = 281  per  rad 

aW(B)  1 a/® 

S_ 


a 


= K 


B(W) 


B(W) 


N) 


. s, 


— = (0.255)  (3.46)  (0.705)  = 0.622  per  rad 
W 

ir  (5.0)2 


l = fCN  ) S"  = <2-°)  = 0.1 567  per  rad 

LaN  ^ "a/ s 4SW  (4)  (250.56) 


\ 

ac.\ 


1 (Section  4. 1.4.2) 

c.  / 

w 

P 


«/ W(B) 


0.80 


tan  Ale  tan  3g_70 


= 1.00 


(A  tan  Ale  )e  = (2.84)  (tan  38.7°)  = 2.28 


= 0.440  (Figure  4.1. 4.2-26a  through -26c,  interpolated  for  Xe) 


Cr  / Cr 

V 'e  / W(B)  re 


= 0.440 
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A 


B(W) 


/3A  = (0.80)  (2.84)=  2.28  . Since  BA  < 4.0,  an  interpolation  between  values  of 

6 6 

at  = 0 and  /?Ae  4.(  must  be  performed.  (See  Step  6 of  Datcom  method.) 


~ Ag  ( ! + Xe)  tan  ALE  = — (2.84)  (1.169)  (tan  38.7°)  = 0.665 


= 0.330  (Figure  4.3.2.2-36b) 


at  /3A#  > 4.0 

B(W) 

k = ~ = 0.183;  1 - k = 0.817;  <7 1 - 2k  = 0.796 

bw 

i°«.  + 2176 

Evaluate  the  term  in  brackets  ofEquation  4.3.2.2-c 


b , /I  — k 1 r -\  b,  , 7Tb  , 

J./1  - 2k  log^—  ♦ 1 - 2kJ—  ~ (1  - k)  + ~k 


1 - k 


0.183 


_h  k(  1 -k)  | 

2 VI  -2k  loge 


/l  — k 1 | \ b <1  - k)2  71b 

(—  + r^-2k/+T— - t"- 


k) 


13.7  (0.796)  (2.176)  - 13.7  (0.017)  > — (13.71(0.133) 


/<, 

C 


a817  13.7  (0.1B3)  (0817)  0176,  + (oW  _ » (137)  <0.817) 

0.796  0.183  2 


I b - (I 

= — + tan  Ac/4  [0.2101  (Equation  4.3.2.2-c) 


0.210 


r / 4 2 c 

re/B(W)  ri 


! 27.4  5 

= 4 + TnUT <0,5498)  '°-210> 

= 0.346 


4.3. 2.2-9 


= 0.345  (interpolated  using  values  at  pAt  = 0 and  /3Ag  ^ 4.0) 


/ B(W) 


(See Step  6 of  the  Datcom  method  for  the  interpolation  procedure.) 


(O^iv  ■ (f),^  + l -6(i)f0f,body  (Equation  4.3.2.2-d) 

= 1.75  + 1.6(5.33)  = 10.28 
^=(^«iv)(d)=  (10.28)  (5)  = 51.4 


(-H  ■ -« 

\xequw/N 


545  (Figure  4.3. 2.2-36a  at  f ) 


Xa.c.  \ /^equiv 


\W\% 


51.4 

(-0.545)  — = -2.075 


Solution: 


/vl  \ / vf  \ / Xf  \ 

[ ac.  \ / ac.  \ / acA 

/ — j + / — j cL  +/ — j cL 

Xac.  \ Cf«  / N ^ \ Cfe  / W(B)  aW(B)  \ %/  B(W)  aB(W) 


c,  + c.  + c. 

“aN  %HB)  °B(W) 


(Equation  4.3.2.2-a) 


_ (-2.075)  (0.1567)  + (0.440)  (2.81)  + (0.345)  (0.622) 

0.1567  + 2.81  + 0.622 

= 0.313 

— — = / — tanA.E  (Equation  4.3. 2.2-b) 

Vc-./  c-  2c- 
■ (0-3I3)  rlf  + (0-80I2) 

= 0.389 

X8.C. 

The  calculated  result  compares  with  a test  value  of = 0.35  from  Reference  9, 
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B.  TRANSONIC 


DATCOM  METHOD 

The  transonic  aerodynamic-center  location  near  zero  lift  of  a wing-body  configuration  with  a straight-tapered 
wing  may  be  approximated  by  the  wing-body-combination  approach  presented  in  Paragraph  A.  In  using  this 
method  at  transonic  speeds,  care  must  be  taken  to  evaluate  the  parameters  by  using  the  transonic  methods 
presented  in  the  applicable  Datcorn  sections.  The  estimation  of  both  the  lift-curve  slope  and  the  aerodynamic- 
center  location  of  the  exposed  wing  at  transonic  speeds  requires  the  use  of  data-fairing  techniques  outlined  in 
Paragraphs  B of  Sections  4. 1.3.2  and  4. 1.4.2,  respectively.  It  is  suggested  that  the  aerodynamic-center  location 

of  the  wing  lift  carryover  on  the  body  /x:„  /c,  \ be  estimated  by  the  methods  of  Paragraphs  A and  C of 

\ BX-  b(W> 

this  section,  and  any  differences  in  the  subsonic  and  supersonic  values  should  be  faired  out  smoothly  in  the 
transonic  range.  The  two  methods  presented  for  estimating  the  aerodynamic-center  location  of  the  nose  and 
forebody  ^x^c/cT  ^ ^ in  Paragraph  A of  this  section  may  be  applied  at  transonic  speeds. 

The  relatively  simple  application  of  the  body  effects  on  the  aerodynamic-center  location  at  transonic  speeds 
is  based  on  slender-body  theory,  which  states  that  body  force  and  moment  characteristics  are  not  functions 
of  Mach  number.  On  the  other  hand,  the  aerodynamic  characteristics  of  wings  in  the  transonic  speed  range  are 
quite  complex,  and  theoretical  solutions  are  available  for  only  a few  specific  planforms.  Wing  lift  and  pitching- 
moment  characteristics  at  transonic  speeds  are  discussed  in  Sections  4. 1.3.2  and  4. 1.4.2,  respectively,  and  are 
not  repeated  here.  The  transonic  methods  of  Sections  4. 1,3.2  and  4. 1.4.2  are  applicable  only  to  wings  having 
symmetrical  airfoils  of  conventional  thickness  distribution  at  low  angles  of  attack. 

C.  SUPERSONIC 


DATCOM  METHODS 

Straight-Tapered  Wing-Body  Configuration 

The  supersonic  aerodynamic-center  location  near  zero  lift  of  a wing-body  configuration  with  a straight-tapered 
wing  is  obtained  by  the  wing-body-combination  approach  presented  in  Paragraph  A.  The  procedure,  applied 
at  supersonic  speeds,  is  outlined  in  the  following  steps: 

Step  1.  Divide  the  wing-body  configuration  into  three  components  as  in  Step  1 of  Paragraph  A. 

Step  2.  Determine  the  normal-force-curve  slope  of  the  exposed  wing  ^CN  j from  the  straight- 

tapered-wing  method  of  Paragraph  C of  Section  4. 1.3.2,  based  on  its  exposed  area  S8. 

Step  3.  Determine  the  normal-force-cjrve  slope  of  the  body  nose  /Cw  \ by  the  method  of  Para- 

\ o/B 

graph  C of  Section  4.2. 1. 1,  based  on  the  nose  frontal  area. 


Step  4.  Using  the  normal-force-curve  slopes  determined  inSteps  2 and  3,  calculate  CN  , CN 


W(B) 


o(W) 


and  CN  , referred  to  the  total  wing  area,  by 


= K 


' WIB) 


W(B) 


c\ 


K 


a 


B(W! 


B(W) 


K). 

(C~a), 


5W 


w 
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a 


7T(j2 

4SW 


where  KW(B)  and  Ke(W)  are  interference  factors  obtained  from  Paragraph  C of 
Section  4.3. 1.2. 

Step  5.  Determine  the  a.c.  location  of  the  exposed  wing  as  a fraction  of  the  root  chord  of  the 

x' 

Aa.c.  ,, 

exposed  wing from  Figure  4.1.4.2-26.  The  interference  effect  of  the  body-lift  in  the 

% 

presence  of  the  wing  is  neglected  and  the  a.c.  location  of  the  body-lift  carryover  on  the 
wing  is  taken  as  the  a.c.  location  for  the  exposed  wing,  i.e., 


Step  6. 


Determine  the  a.c.  location  of  the  wing-lift  carryover  on  the  body 


Figure  4.3.2.2-37  is  presented  for  estimating  the  a.c.  of  the  lift  carryover  of  the 
wing  onto  the  body.  The  result  is  referred  to  the  leading  edge  of  the  root  chord  of 
the  exposed  wing.  Figure  4.3.2.2-37  is  valid  for 


HA,  <H-X„) 


— )> 
p c°t  ALEy 


4.0 


/x»c\ 

Figure  4.3.2.2-37  can  be  used  for  an  approximation  to  I 1 for  the  low-aspect- 

\ re  / Biw; 

ratio  range.  However,  if  a more  accurate  resuit  is  desired,  the  low-aspect-ratio  values 
may  be  found  by  cross-plotting  these  charts  and  extrapolating  them  to  the  slender-body- 
theory  values  at  0Aa  = 0 fromFigure  4.3.2.2-36b. 


Step  7.  Determine  the  a.c.  location  of  the  body  nose  and  forebody  as  a fraction  of  the  root  chord  of 


the  exposed  wing 


, and  referred  to  the  exposed-wing  apex. 


e /n 


The  center  of  pressure  of  the  body  nose  and  forebody  as  a fraction  of  body- 
x 

nose  length  c,p‘  , and  referred  to  the  nose  apex  is  obtained  from  Paragraph 
■f  N 

C of  Section  4.2.2. 1 . Then 

\ / /„  \ 


N 


cp. 


Step  8.  Using  the  results  calculated  in  Steps  4 through  7,  Equation  4.3.2.2-a  gives  the  a.c.  location  of 
the  wing-body  configuration  measured  in  exposed  wing  root  chords  and  aft  of  the  exposed 
wing  apex.  The  a.c.  location  measured  in  wing  root  chords  aft  of  the  wing  apex  is  given  by 
Equation  4. 3. 2.2 -b. 
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Sample  Problem  1 on  Pages  4.3.2.2-18  through  4.3.2.2-21  illustrates  the  use  of  this  method. 

A comparison  of  test  data  with  results  calculated  by  using  this  method  is  presented  asTable  4,3.2.2-D.  The 
limited  number  of  test  points  presented  precludes  substantiation  of  this  method  over  other  than  very  limited 
ranges  of  planform  and  flow  parameters.  Within  the  linear-lift  range,  profile  parameters' such  as  camber, 
twist,  and  airfoil  shape  would  be  expected  to  have  only  a minor  influence  on  the  wing-body  aerodynamic- 
center  location. 

It  should  be  noted  that  the  Datcom  method  for  configurations  with  non-straight-tapered  wings,  which 
follows,  uses  essentially  the  same  approach  as  that  presented  for  configurations  with  straight-tapered  wings. 
Therefore,  substantiation  of  the  method  for  non-straight-tapered  wings  serves  to  validate  the  method  for 
straight-tapered  wings. 

Non-Straight-Tapered  Wing-Body  Configurations 

The  method  for  determining  the  supersonic  aerodynamic-center  location  near  zero  lift  of  wing-body  con- 
figurations with  non-straight-tapered  wings  is  taken  fromReference  5.  Both  the  wing-alone  and  the  wing- 
body  a.c.-prediction  approaches  are  applied  at  supersonic  speeds.  Criteria  have  been  established,  during  the 
course  of  the  study  conducted  in  connection  withReference  5,  for  determining  which  prediction  approach 
is  applicable  to  a given  configuration. 

The  wing-body  combinations  are  treated  as  wing-alone  cases  when  the  theoretical  wing  planform  practical’y 
blankets  the  body.  For  such  cases,  the  Datcom  method  for  predicting  the  aerodynamic-center  location  of 
non-straight-tapered  wings  presented  in  Paragraph  C of  Section  4. 1 .4.2  is  directly  applicable.  The  method 
consists  of  dividing  the  complete  theoretical  planform  (extended  to  the  plane  of  symmetry)  into  two  panels 
with  each  panel  haring  conventional,  straight-tapered  geometry.  Then  for  each  of  the  constructed  panels, 
the  individual  normal-force-curve  slope  and  aerodynamic-center  location  are  estimated  by  treating  each 
constructed  panel  as  a complete  wing.  The  individual  normal-force-curve  slope  and  aerodynamic-center 
location  determined  for  each  constructed  panel  are  then  mutually  combined  in  accordance  with  an  “inboard- 
outboard”  weighted-area  relationship  to  estimate  the  aerodynamic-center  location  for  the  basic  wing-body 
configuration. 

The  sample  problem  at  the  conclusion  of  Paragraph  C of  Section  4. 1.4.2  illustrates  the  wing-alone  approach. 

The  majority  of  the  wing-body  combinations  investigated  inReference  5 required  application  of  the  wing- 
body  approach  to  predict  the  linear  aerodynamic-center  location.  This  approach,  introduced  in  this  section, 
consists  of  breaking  down  the  wing-body  configuration  into  components  and  evaluating  the  exposed-wing 
lift  in  the  presence  of  the  body,  the  wing-lift  carryover  on  the  body,  and  the  body  nose  effects.  The  basic 
approach  is  then  essentially  that  presented  for  predicting  the  aerodynamic-center  location  of  straight- 
tapered  wing-body  configurations  at  supersonic  speeds.  However,  the  method  is  more  complex,  since  the 
exposed  composite  wing  must  be  subdivided  in  order  to  estimate  its  normal-force-curve  slope  and 
aerodynamic-center  location. 

The  procedure  to  be  followed  in  using  the  wing-body  approach  to  predict  the  supersonic  linear  aerodynamic- 
center  location  of  a non-straight-tapered  wing-body  combination  is  outlined  in  the  following  steps: 

Step  1.  Divide  the  wing-body  configuration  into  three  components  as  follows  (see  Sketch  (a)): 

(1 ) The  exposed  composite  wing  in  the  presence  of  the  body,  denoted  by  the 
subscript  W(B). 

(2)  The  body  in  the  presence  of  the  wing,  denoted  by  the  subscript  B(W). 

(3)  The  body  nose  and  forebody  ahead  of  the  wing-body  juncture,  denoted 
by  the  subscript  N. 


Step  2.  Subdivide  the  exposed  composite  wing  into  inboard  and  outboard  panels  and  determine 
their  pertinent  geometric  parameters.  The  exposed  wing  is  subdivided  as  discussed  and 
illustrated  in  Paragraph  A of  Section  4. 1 .4.2  (see  Pages  4. 1 .4.2-4  through  4. 1 .4.2-6). 
Application  fff  that  technique  applied  to  a typical  wing-body  configuration  is  illustrated 
in  Sketch  (b). 


SKETCH  (b) 


Step  3.  Determine  the  normal-force-curve  slope  J of  the  constructed  inboard  panel  using 

the  method  for  straight-tapered  wings  of  Paragraph  C,  Section  4. 1 .3.2,  based  on  the  area  tS  ) 

• J 
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9? 


Step  4.  Determine  the  a.c.  location  of  the  constructed  inboard  panel 


as  a fraction  of  its 


'•/i 


root  chord  from  Figure  4.1.4.2-26.  This  a.c.  location  is  aft  of  the  apex  of  the  exposed  con- 
structed inboard  panel. 


Step  6.  Determine  the  normal-force-curve  slope 


K): 


of  the  constructed  outboard  panel  using 


the  method  for  the  straight-tapered  wings  ol  Paragraph  C of  Section  4. 1.3. 2,  based  on 


the  area  S' . 

O 


Step  6.  Determine  the  a.c.  location  of  the  constructed  outboard  panel 


a.c. 


as  a fraction  of  its 


Step  7. 


Step  8. 


Step  9. 


root  chord  from  Figure  4.1.4.2-26.  This  a.c.  location  is  aft  of  the  apex  of  the  constructed 
outboard  panel. 

Convert  the  a.c.  location  determined  in  Step  6 to  a fraction  of  the  root  chord  of  the  exposed 
constructed  inboard  panel  and  aft  of  the  apex  of  the  exposed  constructed  inboard  panel  by 


«c>'o 


• c. 


a.c. 


Ay 


(b.) 


K).  ~ (%)■ 


tan  A 


t-E, 


tan  A 


LE, 
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Calculate  the  a.c.  location  for  the  exposed  composite  wing,  measured  in  root  chords  of  the 
exposed  inboard  panel,  aft  of  the  exposed  composite-wing  apex  by 


*(%)•*  \\), 


KC 


{(C«a).\  (S->,  + (C"«)l  S" 
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Calculate  the  normal-force-curve  slope  for  the  exposed  composite  wing,  based  on  the  exposed 
wing  area,  by 


/r  V [ft.U  <S-}.  * KX  S1 

\ Na)a  ~ (Sa)  + s; 
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Determine  the  normal-force-curve  slope  of  the  body  nose  (C-NajB  by  the  method  of  Para- 
graph C of  Section  4.2.1. 1,  based  on  the  nose  frontal  area. 


Step  10 

Step  11.  Using  the  normal-force-curve  slopes  determined  in  Steps  9 and  10,  calculate  CN 


a 


W(B) 


D..  , and  CN  , referred  to  the  total  wing  area, by 

aB(w)  aN 


where  KW(B)  and  K0|w)  are  interference  factors  obtained  from  Paragraph  C of 

Section  4.3. 1.2.  The  design  charts  of  Section  4.3. 1.2  are  entered  with  the  following 
geometric  parameters: 

A#  is  the  aspect  ratio  of  the  exposed  composite  wing. 

\ is  the  taper  ratio  of  the  exposed  composite  win”  ct//cf  \ 
is  replaced  by  ALF. 

b is  the  total  wing  m (to  body  ceruer  line). 
cr^  isreplacedby  ^cr 

Step  1 2.  Determine  the  a.c.  location  of  the  exposed  wing  in  the  presence  of  the  body 
interference  effect  of  the  body  lift  in  the  presence  of  the  wing  is  neglected  and 


(from  Step  8) 


Step  13.  Determine  the  a.c.  loc.uon  of  the  wing-lift  carryover  on  the  body/ 


by  the  pro- 


re  /BIW) 


cedure  outlined  in  Step  6 of  the  supersonic  Datcom  method  for  determining 


for 


\ re  / B(W) 

a straight-tapered  wing-body  configuration  (Page  4.3.2.2-12).  In  applying  that  procedure  the 
geometric  parameters  to  be  used  are  those  defined  in  Step  1 1 of  this  method  (see  above). 


Step  14.  Determine  the  a.c.  location  of  the  body  nose  as  a fraction  of  the  root  chord  of  the  exposed 


wuig 


' xa.c.  i 


, and  referred  to  the  exposed-wing  apex, by  the  procedure  outlined  in  Step  7 


r«  / N 


of  the  Datcom  method  for  a straight-tapered  wing-body  configuration  (Page  4.3. 2.2-1 2). 


4.3.2.2-16 


Step  15.  Using  the  results  calculated  in  Steps  1 1 through  14,  Equation  4,3. 2.2-a  gives  the  a.c.  location 
of  the  wing-body  configuration  measured  in  root  chords  of  the  exposed  composite  wing  and 
aft  of  the  apex  of  the  exposed  composite  wing.  The  a.c.  location,  measured  in  root  chords 
of  the  composite  wing  and  aft  of  the  wing  apex,  is  given  by  Equation  4.3.2.2-b.  In  applying 
Equation  4.3.2.2-b  the  leading-edge  sweep  angle  is  that  of  the  inboard  panel  ALE  . 


This  method  is  illustrated  by  Sample  Problem  2 on  Pages  4.3.2.2-21  through  4.3.2.2-26  . 

Comparisons  of  test  data  with  results  calculated  by  using  this  method  are  presented  in  Tables  4.3.2.2-E  and 
4. 3. 2.2 -F  (both  taken  fromReference  5)  for  configurations  with  double-delta  and  cranked  wings,  respectively 
The  test  data  indicate  that  within  the  linear-lift  range,  profile  parameters  such  as  camber,  twist,  and  airfoil 
shape  have  only  a minor  effect  on  the  wing-body  aerodynamic-center  location.  The  ranges  of  planform 
parameters  of  the  test  data  are: 

Double-Delta  Configurations  Cranked  Configurations 


1.3 

< 

A 

< 

3.0 

1.88 

< 

A 

« 

4.60 

0 

< 

X 

< 

0.143 

0.086 

< 

X 

< 

0.333 

0.217 

< 

% 

< 

0.710 

0.400 

< 

< 

0.700 

60° 

< 

ALEf 

< 

82.9° 

60° 

< 

V, 

< 

70.7° 

35° 

« 

At-E„ 

< 

ON 

o 

o 

35° 

< 

75° 

The  range  of  Mach  number  for  both  of  these  configurations  is  1.0  ^ M ^ 3.0. 

The  test  configurations  investigated  have  only  one  break  in  the  leading-edge  sweep,  and  for  those  configura- 
tions with  both  leading-  and  trailing-edge  breaks,  both  breaks  occur  at  the  same  span  station. 

Three  double-delta  configurations  ofTable  4.3.2.2-E  meet  the  criteria  established  for  the  wing-alone  predic- 
tion technique.  Satisfactory  results  were  obtained  for  each  of  these  configurations  by  using  the  wing-alone 
approach.  These  cases  are  noted  in  Table  4.3.2.2-E.  All  the  cranked-wing  test  configurations  of  Table 
4.3.2.2-F  were  analyzed  by  using  the  wing-body  approach. 

It  should  be  noted  that  several  configurations  which  meet  the  prediction  criteria  for  the  wing-  body 
approach  have  been  evaluated  by  using  the  wing-alone  approach,  in  which  the  wing-lift  carryover  and  body- 
nose  effects  are  neglected.  The  wing-alone  approach  did  not  yield  satisfactory  predictions  for  any  of  those 
configurations. 

Although  the  techniques  are  applicable  to  wing-body  combinations  with  curved  wings,  test  data  are  not 
available  for  substantiation  purposes.  Only  one  wing-body  combination  with  a curved  wing  has  been 
investigated  at  supersonic  speeds.  Since  this  configuration  has  a very  small  body  and  the  planfoirn  projection 
effectively  blankets  nearly  all  the  body,  it  has  been  included  in  the  curved  wing  alone  substantiation  of 
Section  4. 1 .4. 2 (Table  4. 1 .4.2-C). 


Sample  Problems 

1.  Straight-Tapered  Wing-Body  Configuration 
Given:  A wing-body  configuration  ofReference  26. 


T 

d 

JL 


Total-Wing  Characteristics: 

Av\T  4.0  Sw  = 13.99  sq  in.  Xw  = 0 
\ew  ” 45°  *>w  * 7.48  in. 


c ~ 3.74  in. 
rw 


Exposed- Wing  Characteristics: 

A.  - 4.0  X,  = 0 AL6<  = AUu  = 45“ 

S, 

C = 3.0  in.  — - = 0.64 

* 

Body-Nose  Characteristics: 

Ogive-cylinder  d = 1.50in. 
ln  = 4.25  ih>  f = — = 

n nose  a 


Airfoil:  8-percent-thick  double  wedge 
(free-stream  direction) 


h " °-20  i = 5.0  in. 
uw 


2.83 


f ^ forebody  ~ 0.75  in.  f 


forebody  ~ ^ ~ 0.50 


Additional  Characteristics: 
M = 1.50  ; 0 = 1,12 
Compute : 

(Cno)b  ^SeCti0n  4‘ 1 *3'2) 
tan  A 


ue  1.00  _ 

0 * 1.12  “ 0>893  ; A.  tanAu=  “ (4.0)  (1.00)  = 4.00 

& [(Sx)  theory],  * 4'0perrad  (Figure  4. 1.3.2-56a) 


A 


4.3.2.2-18 


= 4.0/1.12  = 3.57  per  rad 


tan 


- 1 


^ cos  A, 


0.04 

0.S0 


= 6.48° 


I.E 


IN 

(cO. = 


thaory 

r 


= 0.884  (Figure  4.1.3.2-60) 


N 


theory 


[w 


theory 


« 0.884(3.57)  = 3. 16  per  rad 


(Section  4. 2. 1.1) 


P 1.12  „ _ ff  0.50 

r * ns  * 0396  ^r-iii*0-177 

n n 


- 2.60  per  rad  (based  on  nose  frontal  area)  (Figure  4.2. 1.1 -2 la) 
Interference  factors  (Section  4.3. 1.2) 


KyviB)  = l-17  (Figure  4.3.1.2-10  at  ~ = o.20) 

Ke(w)  (Figure  4.3.1 .2-1 1 a) 

/3d  (1.12)  (1.50) 

— = = 0.560  ; fi  cot  ALE  * (1.12)  (1.08)  = 1.12 


[0(CNa)e  (X*  + 1}  (t~  !)|  = 112  (3.16)  (1.0)  (4.0)  = 14.16 

Kb<w)  (CNa)e  (\  + O - l)]  = 3.60  (Figure  4.3. 1.2-1  la) 
Kb(w)=  3.60/14.16  = 0.254 
Component  normal-force-curve  slopes,  referred  to  Sw 

/ v S« 

CN  = KW(B1  (Cn  T"  = 1-17  (3.16)  (0.64)  = 2.37  per  rad 

aW(B)  ' a/e  3W 


4.3.2.2-19 


-■  0.254  (3.16)  (0.64)  = 0.5 14  per  rad 


Cn  Kb(W)  \ no)b  S, 

UB(W) 


w 


7rd2 


7T(  1 . 5 )2 


NaN  “ (CNa)B  4SW  250  403-99j 
(Section  4. 1.4.2) 

- 0.670  (figure  4.1.4. 2-2oa) 


0.328  per  rad 


r«  / vw  < B) 


Xic. 


0.670 


• / W(B) 


r*/  B(W) 


(l  ('  + (l  + j^)  - 


0.800  (Figure  4.3. 2.2-37a) 


'■  / B(W) 


8.48;  > 4.0. 


(liquation  4.3.2.2-a) 


4.3.2.2-20 


_ -0.853  (0.328)  + 0,670  (2.37)  + 0,800  (0,514) 
0.328  + 2.37  + 0.514 

= 0.535 


Xac.  /x  ac. 


+ tan  Ale  (Equation  4.3.2.2-b) 


= 0.535 


/ 3 \ 

\3-74/ 


, ■■5(1.0)  -r,. 

+ 2(3.74)  ‘ °'630 


The  calculated  result  compares  with  a test  value  of  = 0.62  fromReference  26. 

2.  Non-Straight-Tapered  Wing-Body  Combination 

Given:  The  wing-body  combination  ofReference  32  designated  6-67-67. 


» 0 


* N 

; 7 

i\  V , 


(H  ■ v 


ct  ■ 


m-r 


Total-Wing  Characteristics: 

Aw  * 2.42  Sw  = 238.0  sq  in.  ^ « 0.086 

Ale  = 70.67°  Ale  = 51.63°  tjb  = 0.40 
A^  =-47.37°  Ate  = 26.62°  ct  = 2.29  in. 


cr  = 26.63  in.  bw  = 24.0  in. 


Airfoil:  6%  hexagonal  with  maximum  thickness 
at  c/3  (streamwise) 


Exposed-Wing  Characteristics: 


1.82  X = 0.110  c,  = 20.76  in. 

* e 


bB  = 21.0  in. 


Body-Nose  Characteristics: 


Ogive-cylinder  d = 3.0  in.  — = 0.125 

bw 


i = 10.5  in.  f = 3.50 

. n n 


*«  = *****  " 5'33  in-  ff  = 178 


iN  = 15.83  in. 


4.3.2.2-21 


Constructed-Exposed-Inboard-Panel  Characteristics: 


(A,)  = 0.463  (\e)  = 0.374  ^cr  y = 20.76  in.  ^ALE  j = ALE  = 70.67° 


T~  I = 3.30  in.  Ay  = 1.65  in.  (S#)  = 94. 15  sq  in. 

**  1 1 i 


Constructed-Exposed-Outboard-Panel  Characteristics: 

A'  = 3.13  X'  = 0.254  c'  = 9.03  in.  A ' = A1P  = 51.63° 

° 0 ro  LEo 


(i)> 


8.85  in.  S'  = 100.2  sq  in. 


Additional  Characteristics: 


M = 2.01  ; P = 1.744 


Compute: 


M,  (Section  4. 1.3. 2) 

P 1.744  r l 

= [(A  tan  = (0.463)  (tan  70.67°)  - 1.32 

tan  A,p  [/cn  \ ] = 2.30 per  rad  (figures 4.1. 3.2-56c through -56e,  interpolated) 

1 ['  “''•theory]  j 

f/CN  \ 1 = 0.807  per  rad 

[\  NWv™,] , 


theoiyj  . 


= 0.807  per  rad 


0.333 


cos  A. 


“ = 15.63°  ; Ayj_  = 5.85  tan  5j_  = 1.638 


theory]  . 


(CNa), 

-JX — r - 0.920  (figure  4.1.3.2-60) 

( "“keoryj  , 

M.‘  [(c^J;a742  perr"d 

I \ '*/  “ theory  ( 


4,3.2.2-22 


(Section  4. 1.4.2) 


e ' i 


= 0.430  (Figures  4. 1.4.2-26c  through  -26e,  interpolated) 


(cNflj ' (Section  4. 1.3.2) 

tan  A,  c ~ 

lEo  tan  51.63° 


1.744 


= 0.724; (A  tan  A,-)'  = (3.13)  (tan  51.63°)  = 3.95 


' = 4.18  per  rad  (Figures  4.1.3. 2-56b  throe  a -5 6d,  interpolated) 


= 2,40  per  rad 


tan' 


^ cos  A 


003 

0.333 


C\ 


(C"a) 


ttworyj 


= 8.30° 


0.896  (Figure  4.1.3.2-60) 


[(c0 


thfory 


F 

= 2. 1 5 per  rad 
o 


(Section  4. 1.4.2) 


= 0.863  (figures  4. 1.4.2-26b  through -26d,  interpolated) 


tan  Ale 


tan  A^  (Equation  4.3. 2.2-e) 

l 


= 0.863 


9.03 

20.76 


1.65 

20.76 


(1.2631)  + 


3.30 

20.76 


(2.851)  = 0.728 


4.3.2.2-23 


% 


38 


fs 


•t 

. ✓ 


Determine  the  a.c,  location  of  the  exposed  composite  wing 


x 


f 

*C. 


C 


r 


* 


0.742  (94. 15)  (0.430)  + 2.15(100.2)  (0.728) 
~~  0.742(94.15)  + 2.15(100.2) 


(Equation  4.3.2.2-f) 


= 0.655 

Determine  the  normal-force-curve  slope  of  the  exposed  composite  wing  (CNa)# 

[(C»a).l,  <S->,  + (C~a)l  S* 

K).  ~ (Equation  4.3,2.2-g) 

0,742(94,15)  + 2.15(100.2) 

94.15  + 100.2 


~ 1 .468  per  rad 
(cN  ) (Section  4.2. 1.1) 


£ 


1.744 

3.50 


1.78 

3.50 


0,51 


(CN  j = 2.78  per  rad  (Figure  4.2. 1.1-2 la) 

Interference  factors  (Section  4.3. 1.2)  (See  Step  1 1 of  Datcom  method  for  correct  geometric  parameters, 
Page  4.3.2.2-16.) 

K**,  = 1.10  (figure  4.3.1.2-10  at  — = 0.125) 

' w 

KB(W, 


u + \> 


' tan  Al1£ 


■+  1 


/2.851  \ 

= (1.744)  (1.82)  (1.1 10)  (—+!)=  9.28; 


therefore,  use  Figure  4.3. 1.2-1  la. 


[0(cg  (\+  1)  ljj  = 1.744  (1.468)  (1.1 10)  (7.0)  = 19.89 


1 

1 


i 


4.3.2.2-24 


Sd  (1.744) (3.0) 

0 cot  A.  c = (1.744)  (0.3508)  = 0.612;  ~-~=  - — — — - = 0.252 

(%),•  20'76 

Kelw)  |^(cNa)#  <\,+  U (~-  l)]  = 2.90  (Figure  4.3. 1.2-1  la) 


Kb(w,  - 0.147 


Component  normal-force-curve  slopes,  referred  to  S., 


c,«- " Kmbi  w 


(S  ) + s' 

* i c 94.15  + 100.2 

= 1.10(1.468)- — — = 1.32  per  rad 

e z3o.U 


(C"a). 


e.)  + s; 


94.15+  100.2 


-g = 0.147(1.468) — ^ = 0.176  per  rad 


. , 7rd2  rr9 

CN  ) = (2.78)  — — = 0.0826  per  rad 

\ "a/e  4SW  4(238) 


The  interference  effect  of  the  body  is  neglected. 


re/  W(B> 


= 0.655  (calculated  on  Page  4.3.2.2-24) 


re  /W(8)  re 


(See  Step  1 1 of  Datcom  method  for  correct  geometric  parameters , Page  4.3.2.2-16.) 


• / B(W) 


® 0.640  (Figure  4. 3.2. 2-37a) 


re/B(W) 


= 0.405  (Figure  4.2.2. 1-1 8a) 


xle.\  \.P.  \ 15.83 

“ l ~T~  1 = ^7  (0-405  - 1)  = -0.454 

\)»  \ / 20-76 


4.3.2.2-25 


Solution: 


x 


f 

B.C. 


a, 


B(W) 


(Equation  4.3.2.2-a) 


-0.454(0.0826)  + 0,655  (1.32)  + 0,640(0,176) 
0.0826  + 1.32  + 0.176 


- 0.595 


a.c. 


- 

" \\  , 


re  \ d 

] + tanA.c  (Equation  4.3. 2.2-b) 

cr  I 2cr  LEi 


„ 20.76 

— 0.595  t- — — + 


26.63  2(26.63) 


(2.851) 


= 0.624 


The  calculated  result  compares  with  a test  value  of 


= 0.626 


from  Reference  32. 
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SUBSONIC  AERODYNAMIC-CENTER  LOCATIONS  OF  WING-BODY 
COMBINATIONS  WITH  STRAIGHT-TAPERED  WINGS 
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SUBSONIC  AERODYNAMIC-CENTER  LOCATIONS  OF  WING-BODY 
COMBINATIONS  WITH  CRANKED  WINGS 
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FIGURE  4.3.2.2-36a  AERODYNAMIC-CENTER  LOCATIONS  OF  VARIOUS  NOSES 

(SLENDER-BODY  THEORY) 
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FIGURE  4.3, 2.2  -37  AERODYNAMIC-CENTER  LOCATIONS  FOR  LIFT  CARRYOVER  OF  WING  ONTO 
BODY  AT  SUPERSONIC  SPEEDS  WHEN  (1  + \)  ^1  + jfcoTA~)  > 4.0 
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4.3.3  WING-BODY  DRAG 


4.3.3.I  WING-BODY  ZERO-LIFT  DRAG 

The  problem  of  estimating  the  zero-lift  drag  of  a wing-body  combination  is  one  of  properly  accounting  for 
the  mutual  interferences  that  exist  between  its  components.  There  are  t wo  principal  approaches  to  the 
problem.  One  attempts  to  isolate  the  individual  interferences,  and  the  other  combines  the  drag  of  compo- 
nents with  the  interference  drag  and  analyzes  the  total  configuration.  The  Datcom  method  for  subsonic 
speeds  consists  of  applying  an  interference  correction  factor  to  the  skin-friction  and  pressure-drag  contri- 
butions of  the  exposed  components.  The  method  presented  for  transonic  speeds  treats  the  configuration  as 
a unit  by  simply  adding  the  drag  contributions  of  the  gross  components.  At  supersonic  speeds  the  wing-body 
zero-lift  drag  is  obtained  by  summing  the  drag  contributions  of  the  exposed  wing  and  the  isolated  body.  The 
methods  presented  for  the  subsonic-,  transonic-,  and  supersonic-speed  regimes  are  for  a fully  turbulent 
boundary  layer  over  the  body  and  the  wing. 

A.  SUBSONIC 

Subsonic  wing-body  interference  is  caused  by  several  phenomena,  of  which  two  are  especially  important. 
First,  the  wing  and  body  produce  supervelocities  due  to  thickness  that  increase  the  skin  friction  in  the 
vicinity  of  the  wing-body  junction.  Second,  the  confluence  of  boundary  layers  at  the  junction  can  cause 
premature  boundary-layer  separation,  which,  however,  can  sometimes  be  prevented  or  at  least  postponed  by 
proper  fillet  design.  It  has  not  been  possible  to  establish  a general  method  for  estimating  interference  drag. 
Although  the  Datcom  method  uses  interference  correction  factors  based  on  experimental  results  for  wing- 
body  combinations,  it  should  be  pointed  out  that  most  of  the  bodies  were  conventional,  ogive-cylinder 
combinations  of  high  fineness  ratio,  and  no  detailed  investigation  has  been  made  to  evaluate  body  effects. 
Therefore,  the  method  should  not  be  construed  as  pertaining  to  generalized  wing-body  combinations  with 
arbitrary  body  shapes. 

The  Datcom  method  is  that  of  reference  1 and  is  applicable  to  wing-body  configurations  consisting  of  a 
body  of  revolution  in  combination  with  the  following  two  classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 


DATCOM  METHOD 

The  subsonic  zero-lift  drag  coefficient  of  a wing-body  combination,  based  on  the  reference  area,  is  determined 
by  adding  the  drag  coefficients  of  the  exposed  components  and  applying  an  interference  correction  factor  to 
the  skin-friction  and  pressure-drag  contributions.  The  component  contributions  of  the  wing  and  body  are 
determined  by  the  methods  of  Sections  4.i.5.1  and  4,2. 3.1,  respectively.  This  approach  is  summarized  by 
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where 


Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  of  the  wing  (or  wing  panel  in  the  case  of 

w composite  wings),  including  roughness  effects,  as  a function  of  Mach  number  and  the 

Reynolds  number  based  on  the  reference  length  £.  This  value  is  determined  as  discussed  in 
paragraph  A of  Section  4. 1.5.1.  The  reference  length  £ is  the  mean  aerodynamic  chord 
ce  of  the  exposed  wing  (or  exposed  wing  panels  in  the  case  of  composite  wings). 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  of  the  body,  including  roughness  effects,  as 
B a function  of  Mach  number  and  the  Reynolds  number  based  on  the  reference  length  £.  This 
value  is  determined  as  discussed  in  paragraph  A of  Section  4. 1.5.1.  The  reference  length  £ is 
the  actual  body  length  £8 . 

(S  ,)  is  the  wetted  area  of  the  exposed  wing  (or  exposed  wing  panels  in  the  case  of  composite 
* wings). 

(Ss ) is  the  exposed  wetted  area  of  the  body  (the  wetted  area  of  the  isolated  body  minus  the  sur- 
• face  area  covered  by  the  wing  at  the  wing-body  juncture). 

Sref  is  the  reference  area. 

Rwb  is  the  wing-body  interference  correlation  factor  obtained  from  figure  4.3.3.1-37  as  a function 
of  Mach  number  and  the  fuselage  Reynolds  number  based  on  the  actual  body  length  £B . 

The  remaining  parameters  in  equation  4.3.3. 1-a  are  presented  in  either  Section  4.1. 5.1  or  Section  4,2.3. 1. 

In  treating  non-straight-tapered  wings  the  wing  zero-lift  drag  contribution  is  obtained  for  the  exposed 
inboard  and  the  outboard  panels  separately  (based  on  the  reference  area)  and  then  added.  Curved  planforms 
are  approximated  by  combinations  of  trapezoidal  panels,  in  which  case  two  such  panels  are  usually  sufficient 
to  give  a satisfactory  result.  An  ogee  planform  has  been  chosen  for  the  sample  problem  to  illustrate  how  the 
method  is  applied  to  curved  planforms,  as  well  as  to  show  the  general  application  of  the  method  to  double- 
delta and  cranked  planforms. 

Non-straight-tapered  wing  geometric  parameters  are  presented  in  Section  2.2.2. 

The  wing-body  interference  correlation  factor  R»B  was  developed  in  reference  1 by  determining  the  ratio 
of  test  values  of  Cp  to  values  predicted  on  the  oasis  of  R^  = 1 .0  for  several  wing-body  combinations. 

Both  conventional,  trapezoidal  planforms  and  composite  planforms  have  been  used  in  the  correlation;  how- 
ever, most  of  the  bodies  were  conventional  ogive-cylinders  of  high  fineness  ratio.  Composite  planform  data 

are  limited  to  values  of  fuselage  Reynolds  number  below  2.4  x 1 07 . The  curves  for  values  of  Rn  > 2.4  x 1 07 

ftn 

were  generated  using  the  basic  prediction  method  of  reference  2,  which  has  been  correlated  with  flight-test 
data.  It  should  also  be  noted  that  the  correlation  does  not  include  data  below  M = 0.25. 

A comparison  of  test  data  for  1 5 configurations  with  fCp  J calculated  by  this  method  is  presented  as 

' o'WB 

table  4.3.3.1-A  (taken  from  reference  1).  The  results  are  indicative  of  the  accuracy  that  can  be  expected 
when  applying  the  method  to  configurations  with  Rp  < 2.4  x 107 . The  validity  of  the  method  for  con- 

ftn 

figurations  with  non-straight-tapered  wings  has  not  been  verified  above  Rp  > 2.4  x 1 07 ; however,  the 

* An 

accuracy  of  the  basic  prediction  method  as  applied  to  configurations  consisting  of  conventional,  trapezoidal 
wings  mounted  on  ogive-cylinders  of  high  fineness  ratio  indicates  that  accuracy  to  within  ±10  percent  can  be 
expected.  It  should  be  noted  that  the  test  values  in  table  4.3.3.1-A  have  been  corrected  to  remove  base  drag 
and  that  the  calculated  values  do  not  include  the  base-drag  term  of  equation  4.3.3. 1-a. 
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Sample  Problem 


Given:  A wing-body  configuration  of  reference  1 4.  The  ogee  planform  is  approximated  by  a double-deltaj 

planform  with  a streamwise  tip.  The  inboard  and  outboard  panels  of  the  double-delta  wing  have  j 
been  selected  to  have  leading  and  trailing  edges  which  closely  approximate  the  sweeps  of  the  ! 
curved  edges.  The  sweeps  of  the  maximum  thickness  lines  of  the  inboard  and  outboard  panels  ! 
closely  approximate  the  sweep  of  the  maximum  thickness  line  of  the  ogee  planform  within  the  j 
boundaries  of  each  panel.  j 


^ = Sief  = 21.75  sq  in.  Sw  = 16.57  sq  in.  t/c  = 0.02 

Airfoil  section:  Hexagonal  with  ridge  lines  at  0.30c  and  0.70c  (xt  @ 0.30c) 

Body: 

Ogive-cylinder  fiB  = 1 4.2 1 6 in.  d = 0.875  in.  f fus  = 16.25 

(S$)  = 33.70  sq  in.  (fuselage  area  covered  by  wing  at  wing-body  juncture  is  removed  from 

* isolated  body  wetted  area). 

(Ss  \ db  SB  (V 

- = 1.550  — = 1.0  — - 0.0276  ——  - 56.04 

S«r  d Sref  SB 
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Double-Delta  Approximation: 
Inboard  panel: 

(S,)  * 7.21  sq  in. 

(c,)e  =5.11  in. 

Outboard  panel: 

(S0),  = 9.67  sq  in. 


(c  ) = 2.375  in. 

o 


1 - 

14.42  sq  in. 

(S...J 

1 /S  rtf 

e 

70° 

(t/c)j 

e 

= 0,02 

Li 

1 - 

19.34  sq  in. 

(S«J 

1 /Sref 

A«v = 

31° 

\ o/ 

(t/c)0 

e 

= 0.02 

Additional  Characteristics: 

M=  0.70  R£  = 2.5  x 106  per  ft 

Polished  metal  surface  (assume  k = 0.03  x 10' 3 in.) 

Compute: 

Determine  Cf  for  each  component  (Section  4.1 .5.1 ) 

Body 

R£  = (2.50  x 106)  (£b)  = (2.5  x 106)  (14.216/12)  = 2.96  x 106 

£/k  = 14.216/(.03  x 10'3 ) = 4.74  x 10s ; cutoff  R£  - 4.5  x 107  (figure  4.1.5.1-27) 

Since  cutoff  R£  > calculated  R£,  read  Cf  at  calculated  R£. 

B 

Cf  = 0.00354  (figure  4.1.5.1-26) 

’b 

Inboard  Panel 

Rp  = (2.5  x 106)(a)  = (2.5  x 106) (5.1 1/12)  = 1.065  x 1 06 

e/k  = 5.1 1 /(.03  x 10'3)=  1.70  x 105;  cutoff  R£  - 1.4  xlO7  (figure  4.1 .5.1 -27) 

Since  cutoff  R£  - calculated  Rg,  read  ^Cf^j  at  calculated  R£. 

/C,  \ = 0.00425  (figure  4. 1 .5. 1 -26) 

V ‘w/i 
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Outboard  Panel 


Rc  = (2.5  x 1 06 ) (c0 ) = (2.5  x 10s)  (2.375/12)  -4.95x10* 

e 

fi/k  = 2.375/ (.03  x 10'3)  = 7.92  x 104; cutoff  Rj  * 6.5x10*  (figure  4.1.5.1-27) 
Since  cutoff  R£  > calculated  R£,  read  j at  calculated  Rj. 

= 0.00488  (figure  4.1.5.1-26) 


Determine  the  zero-lift  drag  contribution  of  the  exposed  inboard  and  outboard  panels  (Section  4.1 .5.1 ). 
Inboard  panel 

|l  + L^)  + 10°  (~)4]  =»  021  (figure  4. 1.5.1  -28a,  for  L - 1.2) 


cos  A 


(t/c) 


= cos  70°  * 0.342 


max. 


(RLS  ) = 1.055  (figure  4. 1.5.1 -28b,  interpolated  using  dashed  lines) 


rt\*i  . 


(cDoj.  = 1 +L(^)+  ,00(“)4]  Rl.s. "~s~~  * (0.00425) (1.021) (1.055) (0.663) 


= 0.003035  (based  on  SKf) 
Outboard  panel 


1 + L ^ j + 100  = 1.021  (figure  4. 1.5.1 -28a,  for  L = 1.2) 


cos  A 


= cos  31°  = 0.8572 


(R,  .)  = 1.180  (figure  4. 1. 5.1 -28b, interpolated  using  solid  lines) 

L.S.  Q 

(C°°)0  '(C,w)„  [l+L(c),IOO(c)l 

= (0.00488)  (1.021)  (1.180)  (0.889)  = 0.00523  (based  on  S„f) 
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Determine  the  zero-lift  drag  contribution  of  the  isolated  body  (Section  4.2.3. 1) 


Zero-lift  drag  exclusive  of  base  drag 


60 

1 + — : ; +O.OC25  — = 1.054 

(CB/d)3  d 


f 60  1\  s* 

cfB  1 1 + ~ ~i  + 0.0025  — | — - (0.00354)  (1 .054)  (1.550)  = 0.00578  (based  on  Swf) 


Base-drag  coefficient 

CDb  = 0.029^— J (equation  4.2. 3. 1-b) 

where  is  the  zero-lift  drag  coefficient  exclusive  of  the  base  drag, 
based  on  body  base  area;  i.e., 

, v 60  *B  1 N 

(CD  )=  C,  1 + -—3  + 0.0025  - — - 

\ % (SB/d)3  d Sn 


= (0.00354)  (1.054)  (56.04)  = 0.209 
CDb  = (0.029)  (1.0)3  / ^0.209  - 0.0634  (based  on  SB) 

Determine  the  wing-body  correlation  factor  RWB 


Rwb  = 0.955  (figure  4.3.3.1-37) 


Solution: 


(S).,  -K  1 1 * Lft)*  "01 p ’ ~£'c‘.  ['  *•““ 


*]£)*■ 


+ CD  — (equation  4.3.3. 1-a) 


| [(0.003035) + (0.00523)]  + (0.00578)  j (0.955)  + (0.0634)  (0.0276) 


= 0.0152  (based  on  Swf) 


The  test  value  from  reference  14,  corrected  to  remove  base  drag,  is  0.0131.  The  corresponding  calculated 
value  is  0.0 1 5 2 - 0.00 1 75  = 0.0 1 345 
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B.  TRANSONIC 


j«  ‘ . 

H 


-I 


Interference  effects  in  the  transonic  range  are  generally  greater  than  those  in  the  subsonic  region,  because  of 
the  higher  local  velocities  of  the  individual  components  and  the  greater  propagation  of  these  perturbations 
from  their  source,  There  often  exist  large  supersonic  regions  that  contribute  substantially  to  the  wave  drag 
Many  theoretical  attempts  have  been  made  to  correlate  these  effects  in  the  transonic  range,  but  until  the 
advent  of  the  area-rule  concept,  none  of  them  proved  very  satisfactory. 


The  area-rule  method  is  based  on  supersonic  linear  theory,  which  assumes  that  pressure  disturbances  are 
propagated  in  the  direction  of  the  Mach  lines  and  do  not  diminish  with  distance.  If  it  is  assumed  that  these 
concepts  can  be  applied  in  a limiting  case  at  a Mach  number  of  one,  where  Mach  lines  are  normal  to  the  flow 
direction,  it  can  also  be  assumed  that  at  large  distances  from  the  body  the  disturbances  are  independent  of 
the  arrangement  of  the  components  and  only  a function  of  the  cross-sectional-area  distribution.  This  means 
that  the  drag  of  a wing-body  combination  can  be  calculated  as  though  the  combination  were  a body  of 
revolution  with  equivalent-area  cross  sections. 

In  addition  to  affording  a means  of  estimating  drag  by  calculation  or  by  testing  a simplified  model  (body  of 
revolution)  in  the  transonic  range,  the  area  rule  is  extremely  useful  as  a design  tool,  since  it  indicates  the 
most  desirable  way  to  arrange  the  vehicle  components  for  minimum  wave  drag.  The  most  common  example 
of  this  is  to  indent,  or  “coke-bottle,”  a fuselage  enough  to  permit  the  wing  to  be  added  without  a marked 
increase  in  the  over-all  area  distribution.  As  is  obvious  from  the  body-of-revolution  wave-drag  curves,  it  is 
always  desirable  from  the  wave-drag  point  of  view  to  have  a body  of  as  high  a fineness  ratio  as  possible. 
However,  if  should  be  remembered  that  “coke-bottling”  should  be  used  judiciously,  to  avoid  undesirable 
local  effects. 


The  linear-theory  wave  drag  of  a smooth,  pointed,  closed  body  of  revolution  was  first  given  by  von  Karinan 
(reference  3)  as 


C°  2nS 


— — f‘  (‘fl 

2"S«r  i A dx2 


d2S 


0 dx2  d£2 


£n  (x  - £)  dxd£ 
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where 

£b  is  the  body  length. 

x is  any  point  on  the  longitudinal  axis;  x = 0 at  the  nose  and  x = at  the  aft  end. 

£ is  any  point  on  the  longitudinal  axis;  £ = 0 at  the  nose  and  £ = 8B  at  the  aft  end  (not 

necessarily  the  same  point  as  x). 

S is  the  cross-sectional  area  of  the  body  at  any  point  x. 


and are  obtained  from  the  area  distribution  determined  in  step  1 of  paragraph  C below. 

dx2  d£2 

Stef  is  the  reference  area,  usually  the  total  wing  area. 

This  equation  is  subject  to  the  conditions: 


/ds\  _ /c 

r)  ■ 

\dx/x=0  '< 
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2.  The  body  is  slender,  in  accordance  with  the  usual  slender-body  restrictions  (reference  3). 

3.  No  discontinuities  in  dS/dx  occur  anywhere  along  the  body. 

Additional  terms  have  been  derived  that  account  for  the  condition  (dS/dx)x=g  f 0 and  for  finite  dis- 
continuities  in  dS/dx  along  the  body.  References  3,  4,  S,  and  6 pertain  to  these  conditions. 

References  7 and  8 contain  numerical  methods  of  evaluating  equation  4.3.3. 1-b.  However,  the  solution  of  this 
equation  by  hand  is  tedious,  and  automatic  computing  equipment  is  invariably  used.  The  preparation  of  the 
area-distribution  plot  for  a given  configuration  is  usually  performed  manually. 

The  accuracy  of  this  method  varies  with  the  smoothness  and  fineness  ratio  of  the  equivalent  body.  Studies 
of  the  accuracy  of  the  area  rule  are  given  in  references  8,  9,  10,  and  1 1 . 

The  Datcom  method  is  at  best  approximate  and  consists  of  simply  adding  the  zero-lift  drag  coefficients  of 
the  individual  isolated  components.  Since  the  exposed  wetted  area  of  a wing-body  combination  is  less  than 
the  sum  of  the  wing-alone  and  body-alone  wetted  areas,  this  amounts  to  adding  an  increment  to  the  wing- 
body  drag  of  the  combination  to  account  for  interference  effects. 

The  interference  drag  is  usually  positive  for  configurations  not  specifically  contoured  to  reduce  this  drag 
component.  However,  for  area-ruled  configurations,  this  interference  drag  can  become  negative. 

The  Datcom  method  is  applicable  only  to  configurations  with  conventional,  trapezoidal  wings 


DATCOM  METHOD 


At  the  present  it  is  recommended  that  the  transonic  zero-lift  drag  coefficient  of  a wing-body  combination 
be  approximated  by  adding  the  drag  coefficients  based  on  the  total  wetted  area  of  each  individual  compo- 
nent and  referred  to  a common  reference  area.  This  approach  is  summarized  by 


(Cd«L  '(Cd»)»+(Cdo) 


B Sref 
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where 

(O 

\ o/w 


is  the  zero-lift  drag  coefficient  of  the  wing,  based  on  the  reference  area,  obtained  from 
paragraph  B of  Section  4. 1.5.1;  i.e,, 

(Cd°)w  = (Cd<  + Ci,»)„  <eiu“li0"4l  5-'-s> 

is  the  zero-lift  drag  coefficient  of  the  body,  based  on  body  base  area,  obtained  from  para- 
graph B of  Section  4.2.3. 1 ; i.e., 

(CD0|b  = (CDf)B+Cl>P  + CDb +(Cdw)b  (e9uat'°n  4.2.3. l-e) 


VSref 


is  the  ratio  of  the  body  base  area  to  the  reference  area. 


S t* 


Sample  Problem 

Given:  The  swept-wing  cylindrical-body  configuration  of  reference  1 9. 


Body  Characteristics: 


Compute: 


Ogive-cylinder  = 43.0  in.  d_„  3 d.  ® 3.75  in. 


£„/d=  11.47  SB  = 11.05sqin. 


= 40.19 


Wing  Characteristics: 

A = 4.0  Ac/<=  45°  X * 0.60  c * 6.125  in. 


Sw  ~ Sr«f 


144sqin.  S t » 288  sqin. 


NACA  65A006  airfoil  (x,  @ 0.50c)  t/c  * 0.06 
Additional  Characteristics: 

Rd  = 2.50  x 10s  per  in.  0.80  sMi  1.2 

*M«0.6 

Polished  metal  surface  (assume  k*  0.03  x 10' 3 in.) 


The  final  calculations  are  presented  in  table  form  on  page  4.3.3.1-13.  Many  of  the  quantities  listed  below 
appear  as  columns  in  the  table. 


Wing  zero-lift  drag  coefficient 


(C°o)w 


(Section  4. 1.5.1) 


Determine  the  skin-friction  drag  coefficient. 

Rg  = (2.50  x 10s)(c)  = (2.50x  105) (6.125)  = 1.53x10s 

S/k  * 6.125/(0.03  x 10'3)  - 2 04  x 10s;  cutoff  Rp  * 1.6xl07  (figure  4.1.5.1-27) 
Since  cutoff  Rg  > calculated  Rg , read  (Cf)  at  calculated  Rg. 

(Cf)  * 0.0040  (figure  4.1.5.1-26  @M=  0.60) 


(c»,)„  -<*>.  M 


(equation  4.1.5.1-c) 


= (0.0040)11  + 1.2(0.06)]  — — (L  = 1.2  for  xt  > 0.30c)  « 0.00858 

144 
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t 


N 


pi 


Read  the  following  values  from  the  curve 


Mn  „ = 0.885 

DAc/4-° 


°fMw 


vs  M for  the  unswept  wing: 


Cd. 


= 0.0288 


Mr 


= 1.125 


Apply  sweep  corrections 
M 


M, 


DAc/4“«° 


X/4-° 
(cos  45°)w 


1.05  (equation  4. 1.5.1 -d) 


.15 


CD  * CD  (cos45°)  * 0.0121  (equation  4. 1.5.1  -e) 

Wp,aAc/4-45°  WpetkAc/4-0 


M, 


Mr 


^A^-O 


1.34  (equation  4. 1.5. 1-0 


WpetkAc/4-45°  (cos  45°) 


Construct  the  curve  of 


w « 


vs  M for  the  swept  wing  using  the  straight-wing  curve  to 


aid  in  fairing  (see  sketch  (a)).  List  the  swept-wing  values  in  column  Q)  of  the  calculation 
table  on  page  4.3. 3.1 -13. 

The  wing  zero-lift  drag  coefficient  is  tabulated  in  column  (5)  of  the  calculation  table  on  page 
4.3.3.1-13  as 

* (CDf  + CDwj  (equation  4. J. 5.1 -g) 

Body  zero-lift  drag  coefficient  ^CD (Section  4.2.3. 1) 

Determine  the  skin-friction  drag  coefficient. 

Rg  = (2.50  x 10s)  (fiB)  * (2.50  x 10s)  (43.0)  - 1.075  x IQ7 

S/k  = 43.0/(0.03  x 10  3 ) * 1.433  x 10* ; cutoff  Rc  =1.3x10®  (figure  4. 1.5. 1-27) 

a 0.6 


Since  cutoff  R*  > calculated  Rg,  read  (Cf)  at  calculated  Rg. 


(Cf)  = 0.00288  (figure  4. 1.5.1  -26 <®M  =0.60) 

B 

SS 

(CD  ) = (Cf)  — (equation  4.2.3. 1-c) 

\ f/B  B Sg 

= (0.00288)(40.19)  = 0.1157 
Determine  the  pressure-drag  coefficient. 


(C,) 


’ M *0.6 


60 

<Vd)3 


+ 0.0025  — 
d 


Ss 

— (equation  4.2.3. 1-d) 

Si3 


' SO 

= 0.00288  +0.0025(11.47) 

(11.47)3 


40.19 


~ 0.00792  (based  on  SB ) 


This  value  of  CD^  is  :aken  to  be  constant  for  0 < M <1 .0,  then  reduced  linearly  to  zero  at 
M=1.2  (see  column  (6)  of  calculation  table,  page  4,3.3.1-13). 


Determine  the  base-drag  coefficient. 
Cr 


— (first  term,  eq.  4.2.3. 1-a) 
SB 


= (Cf)  “ +Cn  = 10.00288)  (40. 19) + 0.00792 

f bm-o.6  Sb  Dp 

= 0.124 


Cn  = (0.029)  (1.0)3/  / 0.1 24  = 0.0824  (at  M = 0.6) 

u b 


031824 

(l)2 


= 0.0824 


4.3.3.M2 


With  this  value  and  by  using  the  curves  of  figure  4.2.3.1-24  as  guide  lines,  obtain  values  of 

CD  /<Vd'2  f«U.8<M<1.2. 

b 

Then  CD^  = | CD^ /(<ib ,/d)2  ] „ ^ ^(db/d)2  (see  column  Q)  of  calculation  table, 
page  4.3.3.1-13). 

Determine  the  drag-divergence  Mach  number. 

Md  = 0.98  (figure  4.2.3.1-25) 

Determine  the  wave-drag  coefficient. 

The  wave-drag  coefficient  as  a f(M)  is  obtained  from  figure  4.2.3.1-26  (see  column  (8)  of 
the  calculation  table,  page  4.3.3.1-12). 

The  body  zero-lift  drag  coefficient  is  tabulated  in  column  (5)  of  the  calculation  table  on  page 
4.3.3. 1-1 3 as 

(s) . " is), + S + S + (s) , 

Solution: 

S 

(c..  \ = /cD  ) + (cD  \ — ^ (equation  4.3.3. 1-c) 

\ “®/wB  \ °/w  \D0/bS  r«f 


(CDf  + CDW)  w+  (CD,  + CDp  + CDb  + CDW) 


B Srcf 


Zero-Lift  Drag-Coefficient  Calculation  Table 
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1 lie  calculated  values  of  the  wing-body  zero-lift  drag  coefficient  are  compared  with  modified  test  results 
from  reference  19  in  sketch  (b).  The  drag-divergence  Mach  number  of  the  isolated  body  has  been  used  to 
aid  in  fairing  the  curve  through  the  calculated  points.  The  test  results  presented  in  reference  19  were 
corrected  to  a condition  at  which  the  base  pressure  is  equal  to  the  stream  static  pressure.  The  test  points 
plotted  on  sketch  (b)  have  been  modified  by  addition  of  the  calculated  base-drag  coefficient. 


SKETCH  (b) 

C.  SUPERSONIC 

Tin-  estimation  of  wing-body  drag  at  supersonic  speeds  also  involves  the  calculation  of  interference  effects. 

It  is  possible  by  using  linear  or  higher-order  theories  to  calculate  some  of  these  effects.  However,  the  calcu- 
lations require  considerable  effort  and  must  be  tailored  carefully  to  the  geometry  of  the  configuration.  The 
equivalent-body  technique  discussed  in  paragraph  B above  has  been  adapted  to  supersonic  speeds,  but  with 
considerable  complication.  The  resulting  method,  termed  the  “supersonic  area-rule,"  gives  the  wave  drag, 
including  aerodynamic  interferences,  at  a given  Mach  number. 

Application  of  the  supersonic  area-rule  requires  automatic  computing  equipment.  If  such  a computer  is 
to  he  used,  the  following  steps  are  required  to  prepare  the  machine  input  information  and  to  interpret  the 
computed  drag  values  obtained. 

Step  I . At  a series  of  longitudinal  stations  compute  the  cross-sectional  area  intercepted  by  planes 
inclined  at  the  angle  /i  = sin*1  (1/M)  to  the  x-axis  (see  sketch  (c)).  The  areas  so  determined 
at  each  station  are  then  projected  on  the  plane  normal  to  the  longitudinal  axis.  The  values  of 
these  projected  areas  are  plotted  at  the  intersection  of  the  inclined  plane  and  the  longitudinal 
axis.  This  plot  is  the  area  distribution  of  the  equivalent  body  of  revolution. 


4.3,3.1-14 


SKETCH  (c) 


This  step  can  be  simplified  by  using  the  following  graphical  procedure.  First,  construct 
cross  sections  normal  to  the  longitudinal  axis  at  an  evenly-spaced  number  of  longitudinal 
stations,  say,  spaced  at  Ax.  Prepare  a set  of  parallel  lines  on  transparent  paper  with  a 
spacing  equal  to  Ax  tan  p.  Each  one  of  these  lines  corresponds  to  one  of  the  downstream 
stations  intercepted  by  the  inclined  plane.  The  required  projected  cross  section  at  a given 
station  x is  then  determined  by  overlaying  the  transparent  paper  on  the  given  normal 
cross  sections  and  plotting  the  intersection  of  each  of  the  parallel  lines  with  its  corre- 
sponding given  normal-cross-section  contour.  The  curve  formed  on  the  transparent  paper  by 
connecting  the  above  intersections  encloses  the  required  projected  area  that  when  integrated 
is  to  be  plotted  at  station  x.  This  procedure  is  illustrated  in  sketch  (d). 
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Step  2.  The  procedure  of  step  1 is  repeated  for  additional  cases,  where  the  inclined  plane  is  fixed  and 
the  vehicle  is  rolled  at  a specified  number  of  roll  angles,  as  shown  in  sketch  (e),  For  a con- 
figuration with  four  planes  of  symmetry,  such  as  a symmetrical  cruciform  missile,  only  roll 
angles  between  0 and  45°  must  be  considered.  For  cruciform  configurations  with  two 
planes  of  symmetry,  roll  angles  between  0 and  90°  should  be  considered.  If  there  is  just  one 
plane  of  symmetry,  roll  angles  between  0 and  1 80°  need  to  be  considered. 


Step  3.  The  drag  for  the  equivalent  body  of  revolution  at  each  roll  angle  is  then  calculated  by  means 
of  equation  4.3.3. 1-b,  or  by  the  equation  given  in,  for  example,  reference  4.  These  drag 
values  are  plotted  as  a function  of  roll  angle  and  integrated  to  determine  an  average  value  of 
CD . This ; verage  drag  coefficient  is  taken  to  be  the  wave  drag  of  the  configuration  at  the 
chosen  Mach  number. 

The  number  of  roll  angles  required  to  achieve  an  accurate  value  of  Cp  varies  with  the  con- 
figuration. If  the  CD  vs  4>  plot  can  be  constructed  without  ambiguity  with  the  number  of 
roll  angles  chosen,  then  that  number  is  sufficient.  One  should  be  particularly  careful  of 
conditions  where  the  Mach  angle  lies  along  or  very  close  to  the  leading  edge  of  a wing,  since 
this  condition  causes  “spikes"  in  the  Cuvsd*  plot. 

If  automatic  computing  equipment  is  available,  the  supersonic-area-rule  method  should  be  used.  Otherwise 
the  Datcom  method  outlined  below  may  be  used. 

The  Datcom  method  is  taken  from  reference  1 and  is  applicable  to  the  following  two  classes  of  wing 
planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 

Cranked  wings 

Curved  (Gothic  and  ogee)  wings 
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DATCOM  METHOD 

1 

The  supersonic  zero-lift  drag  coefficient  of  a wing-body  combination,  based  on  the  reference  area,  is  deter- 
mined by  adding  the  drag  coefficients  of  the  exposed  components.  The  component  contributions  of  the 
wing  and  body  are  determined  by  the  methods  of  Sections  4. 1.5.1  and  4.2.3. 1 , respectively.  This  approach 
is  summarized  by 


(CD0)  ~ (CD,)  + iCD0)  S 

' 0/WB  \ w W U/B  ^ref 
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where 


Mw 

K). 


is  the  wing  zero-lift  drag  coefficient  at  supersonic  speeds  determined  as  outlined  below. 


is  the  body  zero-lift  drag  coefficient  at  supersonic  speeds  based  on  the  body  base  area. 
b This  value  is  obtained  from  paragraph  C of  Section  4.2.3. 1 . 


is  the  ratio  of  the  body  base  area  to  the  reference  area. 


The  method  of  determining  the  wing  zero-lift  drag  coefficient  is  essentially  that  of  paragraph  C of  Section 
4. 1.5.1,  but  with  the  parameters  of  the  exposed  wing  (or  wing  panels  in  the  case  of  composite  wings) 
used  to  determine  the  skin-friction  and  wave-drag  contributions.  In  order  to  present  a more  comprehensive 
method,  the  procedure  of  Section  4. 1.5.1  as  applied  to  the  exposed  panel(s)  is  fully  outlined  below. 


The  wing  zero-lift  drag  coefficient  is  given  by 


Ww"  (S  + S)w 


4.3.3.1-e 


where  CD  and  CD  are  the  supersonic  skin-friction  drag  coefficient  and  the  supersonic  wave-drag  coef- 

ut  uw 

ficient,  respectively,  both  based  on  a common  reference  area  and  outlined  in  the  following 
paragraphs. 

Skin-Friction  Drag  Coefficient 
The  supersonic  skin-friction  drag  coefficient  is  given  by 


<Swet  > 

(s)w  ■ (c,)« 
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for  a conventional,  trapezoidal  planform,  and 


(si 


(s*eti). 


(s) 


"'o  Sltf 
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fora  non-straight-tapered  planform; 
where 


is  the  turbulent  flat-plate  skin-friction  coefficient  of  the  wing  (or  wing  panel  in  the  case  of 
composite  wings),  including  roughness  effects,  as  a function  of  Mach  number  and  the  Reynolds 
number  based  on  the  reference  length  8.  This  value  is  determined  as  discussed  in  paragraph  A 
of  Section  4. 1.5.1.  The  reference  length  8 is  the  mean  aerodynamic  chord  c of  the  expose 
wing  (or  exposed  wing  panel  in  the  case  of  composite  wings).  4 


<Swet> 


ref 


is  the  ratio  of  the  wetted  area  of  the  exposed  wing  (or  exposed  wing  panel  in  the  case  of 
composite  wings)  to  the  reference  area. 


The  subscripts  i and  o refer  to  the  inboard  and  outboard  panels,  respectively,  of  composite  planforms. 

Curved  planforms  are  approximated  by  combinations  of  trapezoidal  panels,  in  which  case  two  such  panels 
are  usually  sufficient  to  give  a satisfactory  result. 

Non-straight-tapered  wing  geometric  parameters  are  presented  in  Section  2.2.2. 

Wave-Drag  Coefficient 

The  form  of  the  supersonic  wave-drag-coefficient  equation  is  in  accordance  with  the  results  that  have  been 
arrived  at  in  linear  supersonic  theory  for  the  two-dimensional  case.  The  effects  of  changes  in  wing  planform 
and  variable  thickness  ratio  a-e  accounted  for  by  defining  an  effective  thickness  ratio  and  computing  the 
wave-drag  coefficient  on  a u-sic  planform  shape.  A distinction  is  made  between  wings  with  sharp-nosed 
airfoil  sections  ana  wings  with  round-nosed  airfoil  sections. 

Wings  With  Sharp-Nosed  Airfoil  Sections 
For  wings  with  sharp-nosed  airfoil  sections 


when  the  leading  edge  of  the  basic  wing  is  supersonic  (0  cot  A 

(c°.)w ' Kc°' Vwd 


(Sbw)e 


LEbw>  1),  and 
(Sbw>c 
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when  the  leading  edge  of  the  basic  wing  is  subsonic  (0  cot  A,F  < 1).  The  subscript  bw  refers  to  the 

^bw 

basic  wing  (straight  leading  and  trailing  edges),  and 

(Sbw ) is  the  area  of  the  exposed  basic  wing.  The  selection  of  the  basic  planform  for  composite 
* wings  is  discussed  and  illustrated  schematically  in  paragraph  C of  Section  4. 1.5.1. 


is  the  effective  thickness  ratio  (for  a conventional,  trapezoidal  planform,  use  the  average 
thickness  ratio  of  the  exposed  planform  (t/c)av).  For  a nonstraight-tapered  planform 
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the  effective  thickness  ratio  is  defined  in  terms  of  the  basic  pianform  and  is  given  by 
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where  c.w  is  the  chord  of  the  basic  wing  and  rb  is  the  average  radius  of  the  body  at  the 
wing-body  juncture.  Note  that  both  the  chord  of  the  actual  wing  and  the  chord  of  the  basic 
wing  appear  in  the  numerator.  The  denominator  is  one-half  the  pianform  area  of  the  exposed 
basic  wing,  so  that 


4.3.3. 1-j' 


Numerical  integration  of  the  integrand  in  the  numerator  is  illustrated  in  the  sample  problem. 

Alj.  is  the  leading-edge  sweep  of  the  basic  wing. 
ljT>w 


K is  a constant  factor  for  a given  sharp-nosed  airfoil  section.  K factors  for  sharp-nosed  airfoils 

are  presented  in  paragraph  C of  Section  4. 1.5.1.  For  basic  wings  with  variable  thickness  ratios 
the  K factor  is  based  on  the  airfoil  section  at  the  average  chord  of  the  exposed  pianform. 

Wings  With  Round-Nosed  Airfoil  Sections 

Wings  with  round-nosed  airfoil  sections  exhibit  a detached  bow  wave  and  a stagnation  point,  and  the 
pressure-drag  coefficient  increases  as  a function  of  Mach  number  in  a manner  similar  to  the  stagnation  pres- 
sure. Consequently,  a constant  value  of  K cannot  be  used  for  basic  wings  with  round-nosed  airfoils. 

The  wave-drag  coefficient  of  wings  with  round-nosed  airfoil  sections  is  approximated  by  adding  the  pressure 
drag  of  a blunt  leading  edge  to  the  wave  drag  of  tne  basic  wing  with  an  assumed  sharp  leading  edge.  By 
assuming  a biconvex  shape  aft  of  the  leading  edge,  the  wave  drag  of  a wing  with  a round-nosed  leading  edge 
is  given  by 


.C  <S“w)' 

°LE  30  W 


/ \ 16  /t\2 

(Cdw)w  = C°LE+  3 COtA“bw(c4 


eft 

LE  2 

1),  and 

/IN2 

<Sbw>t 

Urr 

Sref 

<.3.3. 1-k 
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4.3.3.1-19 


when  the  leading  edge  of  the  basic  wing  is  subsonic  (( 1 cot  A 


LE.  < 1 )• 

The  second  verms  on  the  right-hand  side  of  equations  4,3.3. 1-k  and  4.3.3. 1-fi  are  the  wing  wave-drag  coef- 
ficients of  the  basic  wing  with  sharp-nosed,  biconvex  airfoils  at  the  appropriate  leading-edge  condition,  and 


Cdjp  ** the  Pressure-drag  coefficient  on  a swept,  cylindrical  leading  edge  obtained  as  a function  of 
the  Mach  number  and  the  leading-edge  sweep  of  the  basic  wing  from  figure  4.3.3  1 -38  The 

bbw  - 2rb 

term  zrLK^  “ A is  the  frontal  area  of  the  leading  edge  of  the  exposed  planform. 

LEbw 

For  basic  wings  with  variable  thickness  ratios  the  leading-edge  radius  r.  „ is  the  radius  of 

, Ltbw 

the  section  at  the  average  chord  of  the  exposed  planform. 


The  correlation  of  cylindrical  leading-edge  pressure-drag  coefficients  is  derived  in  reference  1 2 and  has  been 
substantiated  over  the  Mach  number  range  from  0.5  to  8,0  and  for  sweep  angles  from  0 to  75°. 


A comparison  of  test  data  for  52  configurations  with 


calculated  by  this  method  is  presented  as 


table  4.3.3. 1-B  (taken  from  reference  1).  The  test  configurations  consisted  of  conventional  and  composite 
wings  with  sharp-nosed  airfoil  sections  mounted  on  ogive-cylinder  bodies  of  high  fineness  ratio.  No  detailed 
investigation  has  been  made  to  evaluate  body  effects;  therefore,  the  method  should  not  be  construed  as  per- 
taining to  generalized  wing-body  combinations  with  arbitrary  body  shapes. 


Within  the  limitations  of  the  body  shapes  investigated,  the  method  shows  good  agreement  v/ith  the  test 
results  of  reference  1 5.  This  can  be  attributed  largely  to  low-thickness-ratio  airfoils  and  small  planform 
modifications  - the  conditions  for  which  the  wing-wave  drag  method  of  reference  1 is  primarily  intended. 
Predictions  for  the  configurations  of  the  remaining  references  are  generally  lower  than  the  test  results.  This 
should  be  expected  since  the  supersonic  linear  theory  used  as  the  basis  for  the  wave-drag  prediction  is 
expected  to  underpredict  this  contribution  for  the  thicker  wing  sections  and  the  more  extensive  planform 
modifications. 


The  authors  of  reference  1 point  out  that  some  of  the  error  is  quite  possibly  associated  with  the  manner  in 
which  the  test  data  were  analyzed.  The  test  results  presented  in  reference  14  were  obtained  on  wing-body 
configurations  without  boundary-layer  trips  and  with  slightly  blunted  leading  edges.  Corrections  were 
applied  by  the  authors  of  reference  1 to  obtain  drag  values  corresponding  to  fully  turbulent  flow  and  sharp 
leading  edges.  References  20  and  2 1 present  test  results  with  natural  transition.  The  skin-friction  drag  for 
these  configurations  was  predicted  by  assuming  fully  turbulent  flow  over  the  body  and  laminar  flow  over  the 
wing  as  suggested  in  the  references. 

It  should  be  noted  that  the  test  values  in  table  4.3.3. 1-B  have  been  corrected  to  remove  base  drag,  and  that 
the  calculated  values  do  not  include  the  base-drag  term. 

Perhaps  the  greatest  value  of  the  method  is  that  it  can  be  used  to  predict  the  supersonic  wave-drag  incre- 
ments due  to  planform  modifications  and  thickness  variations.  If  test  data  are  available  for  a configuration, 
the  wave  drag  for  a similar  configuration  can  be  estimated  by  predicting  the  wave  drag  for  both  configura- 
tions using  the  Datcom  technique,  and  then  applying  the  increment  between  the  predictions  to  the  test  data. 
Sketches  (0  and  (g),  both  taken  from  reference  1 , illustrate  the  application  of  this  technique  to  predict  the 
wave-drag  variation  as  a function  of  planform  modification  and  thickness  variation,  respectively.  Note  that 
although  the  absolute  value  of  wave  drag  is  not  accurately  predicted,  the  trends  due  to  planform  modifica- 
tions and  thickness  variations  are  predicted  quite  well,  even  for  thick,  highly  modified  planforras. 


PREDICTION 

PREDICTION  ADJUSTED  TO  TEST  LEVEL  AT  FLAGGED  SYMBOL 


EFFECT  OF  PLANFORM  MODIFICATIONS  EFFECT  OF  THICKNESS  DISTRIBUTION  | 

ON  WING  WAVE  DRAG  ON  WING  WAVE  DRAG 

SKETCH  (f)  SKETCH  (g) 


Basic  Wing  Characteristics  (Wave-drag  calculations): 


Delta  planform 

Abw=  1.33 

\w  - 0 

> 

< 

II 

o 

o 

Ate.  - -15° 

(b/2)bw  - 

10.0  in. 

c = 30.16  in. 

rbw 

<S„W)  = 244.26  sq  in. 

Airfoil:  hexagonal,  sharp  leading  edge 


Xj  x, 

• =0.4  — - = 0.3 

c c 


c 


0.3  (t/c)bw 


= 0.02 


Inboard  and  Outboard  Panel  Characteristics  (Skin-friction  drag  calculations): 
Inboard  panel  (exposed) 


M 


= 31.165  in. 

K 

(c.)  = 28.25  in. 

e 

(Swe«,)t  “ 90.55  sq  in. 


= 0.794 


(Sj)  = 45.275  sq  in. 


(b,/2) 


0.81  iri. 


Outboard  panel 


= 24.73  in. 


= 0 


c0  x 16.5  in. 


^ = 202.52  sq  in.  (Sw<s|)  x 405.04  sq  in. 


b0/2=  8.19  in. 


Additional  Characteristics 

M=  2,98;  0 ■ 2.807  Smooth  surfaces  (assume  k = 0) 
S„f  = Sbw  = 301.55  sq  in.  Rg  = 1.741  x 106  perin. 


i 
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Compute: 


Determine  the  wing  skin-friction-drag  contribution 
Inboard  panel  (exposed) 

Rg  = (1.741  x lO6)^)  = (1.741  x 106)  (28.25)  - 4.92  x 107 

e 

C/k  =®  .read  at  calculated  Rg 

= 0.00146  (figure  4.1.5.1-26) 

Outboard  panel 

Rg  =(1.741  x 10«)(co)  = (1.741  x 106)  (16.5)  * 2.87  x 107 
fi/k  = ® , read  j at  calculated  Rg 


0.00158  (figure  4.1.5.1-26) 


(equation  4.3.3. 1-g) 


= (0.00146) 


90.55 

301.55 


+ (0.00158) 


40  S.04 
301.55 


= 0.00256  (based  on  Sref) 


Determine  the  wing  wave-drag  coefficient. 

c(c-Xj)  | (|  .q.3) 

K = = - — - = 5.833 

X,  Xj  (0.4)  (0.3) 

(‘Krr 

The  thickness  distribution  of  the  actual  wing  and  the  chord  distribution  of  the  basic  wing  arc 
shown  in  sketch  (h). 
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SEMISPAN  STATION,  y (in.) 

THICKNESS  DISTRIBUTION  (ACTUAL  PLANFORM) 

SKETCH  (h) 

Sketch  (i)  shows  (t/c)2  cfcw  versus  spanwise  position.  Graphical  integration  of  this  curve 
gives 


Sw  dy 


1/2  (Sbw) 


(equation  4.3.3. 1-j') 


0.0474 

1/2(244.26) 


0.000388 


— I - 0.0197 

c iff 


o 


INTEGRAND  FOR  DETERMINING  (t/c)<{r  FOR  WING  OF  SAMPLE  WAVE-DRAG 

CALCULATION 


SKETCH  (i) 


0 cot  A^ 


(2.807)  (cot  70°) 


<*bw>. 


(0.0197) 


* 1 .022  (supersonic  leading  edge) 

(equation  4.3.3. 1-h) 

2 24426 
301.55 


» 0.00065  (based  on  Srtf) 
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Determine  the  body  contribution. 
Skin-friction-drag  coefficient 


Rg  * (1.741  x 106)(£b)  * (1.741  x 1 0® ) (40)  » 6,964  x 107 
fi/k  * co,  read  (Cf)^  at  calculated  Rg 

(Cf)  * 0.00139  (figure  4.1 .5.1  -26) 

Wave-drag  coefficients  (method  2,  paragraph  C,  Section  4.2.3.1 ) 

Forebody 


2.807 


0/fN  * = 0.468;  Kn  = 1.005  (figure  4.2,3. 1 -63) 


Kk  « 0.985  (figure  4.2.3.1-61) 
0.985 


un2  (36  + 0.25)  (1.005) 

Afterbody 

db 

~T  * 1.0;  CD  =0  (figure  4.2.3.1-64) 

^ A 

Nose  bluntness 


CD  =0  (no  bluntness) 

Ni 


0.0270  (based  on  S„) 


Afterbody  interference-drag  coefficient 
d,. 


1.0;  C 


DA(NC}  = ° ^f‘*ure  4.2. 3.1 -44a) 


Base-drag  coefficient 

^Db  ~ 0.0^8  (figure  4.2.3. 1 -60)  (based  on  SB) 


(CD0)fi  =<Cf)„~+Cn  + Cn  + C, 


a SB  "dn2  TUda(nc>  + Cdn  + CD.  Ration  4.2.3.1-h) 


= (0.00139)  (72.0)  + 0.0270  + 0+  0 + 0 + 0, 
= 0.225  (based  on  SB ) 


098 
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Solution: 


o 


(equation  4.3.3.  l-d) 


' (c°-  + * (S).  s 

= 0.00256  + 0.00065  + (0.225) 

= 0.00555  (based  on  SKf) 


ref 

3.14 

301.55 


The  test  value  from  reference  1 S,  corrected  to  remove  base  drag,  is  Cn  = 0.0046.  The  corresponding  calcu- 
lated value  is  given  by  o 

s* 

C,  = 0.00555  - CL  — 

X SKf 

= 0.00555-0.00102 
* 0.00453  (based  on  Sref) 
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FIGURE  4,3.3.1-37  WING-BODY  INTERFERENCE  CORRELATION  FACTOR  - SUBSONIC  SPEEDS 
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4.3. 3. 2 WING-BODY  DRAG  AT  ANGLE  OF  ATTACK 

Determination  of  wing-body  or  tail-body  drag  at  angle  of  attack  is  more  an  art  than  a science.  Little 
is  known  concerning  the  wing-body  aerodynamic  interferences  that  occur  at  angle  of  attack.  These 
interferences  are  usually  significant  only  during  the  detailed  design  of  a configuration  or  for  a 
configuration  especially  designed  for  minimum  interference  at  a particular  flight  condition.  The 
total  drag  of  a wing-body  configuration  at  angle  of  attack  may  be  expressed  in  the  form 

(Cd)wb  = (Cd0)wb+(CDl)wb  4.3.3.2-a 

where  (Cp  0 ) is  the  zero-lift  drag  and  (Co  L)  represents  the  drag  due  to  lift.  The  zero-lift  drag 
of  the  wing-boly  configuration  may  be  obtained  by  using  the  methods  of  Section  4 3.3.1.  The 
same  two  methods  for  estimating  the  wing-body  drag-due-to-lift  term  are  presented  in 
each  speed  regime  of  this  section.  The  First  method,  taken  from  Reference  1,  evaluates  the 
wing-body  configuration  as  a unit.  The  second  method  evaluates  and  combines  the  isolated  drag  due 
to  lift  of  the  wing  and  of  the  body. 

The  primary  advantage  of  Method  1 is  its  consideration  of  camber  effects  and  its  applicability  to  the 
high-lift  region,  i.e.,  beyond  the  parabolic  drag  region.  However,  its  application  is  restricted  to 
fighter-type  aircraft  with  straight-tapered  planforms. 

Because  of  the  empirical  nature  of  Method  1 (values  for  the  regression  coefficients),  exact  solutions 
are  available  only  at  the  following  Mach  numbers:  0.6,  0.7,  0.8,  0.9,  0.95,  1.0,  1.1,  1.2,  1.3,  1.4, 
1.5,  2.0,  and  2.5.  At  other  Mach  numbers  interpolation  is  necessary.  For  the  low-speed  regime,  the 
M = 0.6  values  can  be  used,  but  only  as  an  approximation.  The  solutions  at  Mach  numbers  1 .0  and 
2.5  should  be  used  cautiously,  because  of  the  somewhat  limited  amount  of  test  data  used  in  the 
determination  of  the  regression  coefficients. 

A.  SUBSONIC 

Two  different  methods  are  presented  for  evaluating  the  total  drag  of  a wing-body  configuration. 
The  first  method  is  restricted  to  fighter-type  aircraft  with  straight-tapered  planforms.  The  second 
method  is  general  and  may  be  applied  to  both  straight-tapered  planforms  and  non-straight-tapered 
planforms,  including  double-delta,  cranked,  and  curved  wings. 

The  general  categories  of  non-straight-tapered  wings  are  illustrated  in  Sketch  (a)  of  Section  4. 1.3. 2, 
while  the  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

For  Mach  numbers  less  than  0.6  and  values  within  the  parabolic  drag  region  (generally  for  CL  < 0.4 
or  0.5),  Method  2 should  be  used  because  of  the  limitation  of  Method  1 for  Mach  numbers  below 
0.6. 


DATCOM  METHOD 


Method  1 

This  method  was  developed  in  Reference  1 for  fighter-type  aircraft  by  using  the  linear  regression 
analysis  of  mathematical  statistics.  In  general,  a regression  analysis  involves  the  study  of  a group  of 
variables  to  determine  their  effect  on  a given  parameter.  In  this  case,  multidimensional  least-squares 
curve  fits  were  used  to  relate  linearly  the  incremental  drag  due  to  lift  of  a wing-body  configuration 
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to  certain  nondimensional  geometric  parameters.  The  result  of  this  work  is  presented  below  in 
Equation  4.3.3.2-b,  a purely  empirical  equation  based  on  the  various  total-wing-planform  geometric 
parameters  and  Reynolds  number.  For  more  detailed  information  regarding  the  analysis,  the  reader 
is  referred  to  Reference  1. 


The  regression  coefficients  given  in  Table  4.3.3.2-D,  as  a function  of  Mach  number  and  angle  of 
attack,  are  not  those  presented  in  Reference  1 . Those  in  Table  4.3.3.2-D  are  a more  recent  ar.d 
improved  version  obtained  from  the  authors  of  Reference  1. 

An  unfortunate  feature  of  this  method  is  the  lack  of  physical  appreciation  of  where  the  parabolic 
drag  region  ends;  i.e.,  where  separation  effects  become  prominent.  A second  method,  called  the 
semiempirical  method,  which  provides  a physical  appreciation  of  the  flow  conditions,  is  also 
presented  in  Reference  1.  The  semiempirical  method  is  structured  to  consider  the  following  various 
flow  conditions:  attached  flow,  initially  contained  separated  or  mixed  flow,  and  major  flow 
separation  occurring  after  the  initially  contained  separated  or  mixed  flow.  The  semiempirical 
method  is  somewhat  more  difficult  to  apply,  while  its  accuracy  is  approximately  the  same  as  that  of 
Method  1 presented  herein.  For  the  details  regarding  the  application  of  the  semiempirical  method, 
the  reader  is  referred  to  Reference  I . 


It  is  advisable  to  restrict  the  applicability  of  Method  1 to  the  range  of  geometric  parameters  of  the 
test  data  used  in  the  formuiation  of  the  regression  coefficients.  If  the  method  is  used  for 
configurations  that  exceed  the  range  of  test  data,  the  results  should  be  applied  with  caution.  The 
test  data  used  in  the  formulation  of  the  regression  coefficients  have  geometric  parameters  within  the 
following  limits: 


aspect  ratio,  A 
taper  ratio,  A 
twist,  6 

leading-edge  radius,  LER/c 

thickness,  t/c 

NACA  camber,  (y  ) /c 

max 

conical-camber  design  lift  coefficient,  Ctd 


1.6  to  6.0 
0 to  1 
0 to  -9.4° 
0 to  0.015 
0.025  to  0.10 
0 to  0.0263 
0 to  0.45 


forebody  fineness  ratio,  fiN  /d 
afterbody  fineness  ratio,  CA  /d 
leading-edge  sweep,  A L E 
Reynolds  number,  Rg 


2.2  to  8.4 
0.3  to  5.6 
0 to  70° 

0.8x1 06  to  8xl06 


Equation  4.3.3.2-b  below  enables  the  user  to  calculate  the  drag  due  to  lift  as  a function  of  angle  of 
attack  and  Mach  number.  When  a series  of  points  are  calculated  to  define  the  drag  due  to  lift  versus 
angle  of  attack,  it  becomes  necessary  to  use  discretion  and  fair  the  best  possible  curve  through  the 
points.  This  is  necessary  since  some  values  at  high  angles  of  attack  do  not  describe  a smooth 
continuous  curve. 


This  method  is  not  limited  to  bodies  of  revolution;  however,  no  attempt  is  made  to  account  for  the 
effects  of  nonciicular  bodies.  If  it  becomes  necessary  to  analyze  a noncircular  body  in  combination 
with  a wing,  it  is  suggested  that  an  equivalent  body  of  revolution  be  used,  i.e.,  a body  of  revolution 
with  the  same  cross-sectional  area. 

The  drag  due  to  lift  at  a given  angle  of  attack  of  a wing-body  configuration,  based  on  the  area  of  the 
basic  straight-tapered  wing,  is  given  by 


(Cdl)wb  ~ ^0  + Bl  ^ a )+  + Bjftan  AL 

+ BgX2  + B^X3  + B10(Tr  ) + Bj  — r — j + Bj  20  + B 


E ' 2 + B4  (t/c)  + B$  j B7  X 

(VcL, 


] 3 


'(}/ 


BI4  C. 


+ 5 
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where 


B0  ,B  j , . . . B 


is 


A 

AL£ 

t/c 

T 


are  the  regression  coefficients  as  a function  of  Mach  number  and  angle  of 
attack  obtained  from  Table  4.3.3.2-D. 

is  the  total  wing  aspect  ratio. 

is  the  sweep  of  the  leading  edge. 

is  the  wing  thickness  ratio  at  the  mean  aerodynamic  chord, 
is  the  nose  and  forebody  fineness  ratio  (see  Sketch  (a)). 


is  the  afterbody  fineness  ratio  taken  at  the  afterbody  wing-body  juncture 
(see  Sketch  (a)). 


X 


T 


R 


SKETCH  (a) 


is  the  wing  taper  ratio. 


is  the  transition  indicator;  0 for  no  transition  strips  and  1 for  transition 
strips  or  flight  test. 


LER 


is  the  ratio  of  the  leading-edge  radius  to  the  mean  aerodynamic  chord 
taken  at  the  mean  aerodynamic  chord. 


6 is  the  wing  twist  between  the  root  and  tip  sections  in  radians,  negative  for 

washout  (see  Figure  5 . 1 .2. 1 -30b). 

(yc) 

™ax  is  the  NACA  camber  in  the  form  of  a ratio  of  the  maximum  ordinate  of 

the  mean  line  to  the  airfoil  chord  taken  at  the  mean  aerodynamic  chord. 

Clj  is  the  conical  camber  design  lift  coefficient  for  a M = 1.0  design  with  the 

designated  camber  ray  line  intersecting  the  wing  trailing  edge  at  0.8  b/2. 
(For  more  details  see  Reference  2.)  If  the  wing  does  not  have  a 
conical-camber  design,  the  value  of  CLd  is  zero. 

Ra  is  the  Reynolds  number  based  on  the  mean  aerodynamic  chord.  For 

Reynolds  numbers  in  excess  of  8 x 106,  the  value  of  8 x 106  should  be 
used. 

An  indication  of  the  accuracy  of  Method  1 can  be  obtained  from  Table  4.3.3.2-A.  This  table 
contains  a comparison  of  test  values  with  results  calculated  by  using  this  method  for  wing-body 
configurations  without  camber.  The  test  data  used  in  this  comparison  are  taken  from 
Table  4.1.5.2-A  and  some  have  been  used  in  the  determination  of  the  regression  coefficients. 

Method  2 

This  method  evaluates  and  combines  the  isolated  drag  due  to  lift  of  the  wing  and  of  the  body.  The 
limitations  of  the  method  are  those  of  Sections  4. 1 .5.2  and  4. 2. 3. 2.  The  method  is  not  applicable  to 
generalized  wing-body  configurations  with  arbitrary  body  shapes.  If  it  becomes  necessary  to  analyze 
a noncircular  body  in  combination  with  a wing,  it  is  suggested  that  an  equivalent  body  of  revolution 
be  used,  i.e.,  a body  of  revolution  with  the  same  cross-sectional  area.  The  method  is  applicable  only 
for  wing  lift  coefficients  up  to  the  critical  lift  coefficients  for  configurations  having  straight-tapered 
wings;  whereas,  for  non-straight-tapered  wings  the  method  may  be  applied  to  configurations  over  a 
wide  range  of  lift  coefficients  (see  Paragraph  A,  Section  4. 1 .5.2). 


The  drag  due  to  lift  of  a wing-body  configuration  is  giver,  by 


(Cdl>v 


(Qh)w  + (Cd(«)]b 


<SB)ref 


4.3.3. 2-c 


where 


(Cdl)w 


[C'd  (a)]. 


is  the  drag  due  to  lift  of  the  wing,  obtained  from  Paragraph  A of 
Section  4. 1.5.2  and  based  on  the  total  wing  area. 

is  the  body  drag  due  to  angle  of  attack,  obtained  from  Paragraph  A of 
Section  4. 2. 3. 2 and  based  on  the  maximum  body  frontal  area. 

is  the  ratio  of  the  body  reference  area  (maximum  body  frontal  area)  to 
the  total  wing  area. 
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No  substantiation  is  presented  for  this  method.  However,  substantiation  tables  for  the  wing 
contribution  are  presented  in  Section  4. 1.5. 2 for  straight-tapered  and  non-straight-tapered  plan- 
forms. 


Sample  Problems 

The  same  wing-body  configurations  will  be  evaluated  for  both  Methods  1 and  2 to  enable  a 
comparison  of  their  application  to  be  made. 

1.  Method  1 

Given:  The  straight-tapered  wing-body  configuration  of  Reference  3. 


Wing  Characteristics : 

A = 4.0  A = 0 t/c  = 0.03 


0=0 


No  camber, 


(yc) 

c 


= 0 


3-percent-thick  biconvex  airfoil  with  elliptic  nose 


LER 

c 


0.00045 


Ale  = «° 


Cl,  = 0 


Body  Characteristics: 


fi 

— = 4.28 
d 


2.14! 


Additional  Characteristics: 


M = 0.61 


Rs  = 4.20  x 106 


No  transition  strips,  TR  = 0 


Compute  the  drag  due  to  lift  for  the  above  configuration  at  an  angle  of  attack  of  10°. 


The  regression  coefficients  below  are  obtained  from  Table  4.3.3. 2-D  at  M = 0.6. 


Regression 

Coefficient 

Value 

Table  4.3.3, 2-D 

eo 

0.12873 

B1 

-0.05227 

e2 

0.00855 

B3 

-0.00826 

B4 

-0.69952 

Bs 

-C  .0029  5 

B6 

-0 .00487 

*7 

0.14051 

Bs 

-0.28982 

B9 

0.16952 

B10 

-0.00215 

eu 

2.27613 

bi2 

-0.34643 

B13 

-0.52607 

B14 

-0.09097 

Bt5 

-0.00076  x 10“6 

Solution: 


(CD  L ) 


WB 


B°  +B1(x)'!  B2A  + B3<ta,lALK)1/2  + B4(t/c)  + B + b7; 


+ Bjj  X2  + B^X3  + B|  qTr  + Bj 


+ b14cL(1  + b15r, 


+ B]2(9  + B 
(Equation  4.3.3. c o) 


CDl  - 0.12873  - 0.05227^)  + 0.00855(4)  - 0.00826(1  )1/2  - 0.69952(0.03) 

- 0.00295(4.28)  - 0.00487(2. 141 ) + 0. 1 405 1 (0)  - 0.28982(0)2  + 0. 1 6952(0)3 

- 0.00215(0)  + 2.27613(0.00045)  -0.34643(0)  - 0.52607(0)  - 0.09097(0) 

- 0.00076  x 10-  6(4.20  x 106) 

= 0.12873  - 0.01307  + 0.03420  - 0.00826  - 0.02099  - 0.01263  - 0.0.1043 
+ 0.00102  - 0.00319 
= 0.0954 
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The  above  procedure  is  used  to  generate  the  complete  variation  of  Cp  L given  below  as  a function  of 
angle  of  attack.  The  comparison  of  test  data  with  these  predicted  values  and  the  predicted  values 
from  Method  2 are  presented  in  Sketch  (b),  which  follows  the  next  sample  problem. 


a 

(deg) 

r " — " “ ~ — 

(Cq  ) 
c we 

0 

o 

1 

0.00059 

2 

0.00196 

3 

0.00568 

4 

0.0115 

6 

0.0306 

8 

0.0598 

10 

0.0954 

12 

0.1356 

14 

0.1769 

16 

0.2196 

18 

0.2644 

2.  Method  2 

Given:  The  same  wing-body  configuration  used  in  Sample  Problem  1 , i.e.,  from  Reference  3. 
Wing  Characteristics: 


A = 4.0 


Sw  = 2.425  ft2 


6 = 0 

Body  Characteristics: 


CB  = 46.93  in. 


X = 0 


No  camber 


t/c  = 0.03 

c = 1 .038  ft 
LER 


\e  - 45° 


= 0.00045 


d = 4.76  in. 


db  = 2.589  in. 


VB  = 0.2687  ft3 


Vfi2/3  = 0.4164  ft2 


f = — = 9.86 
d 


Additional  Characteristics: 

M = 0.61,  {32  = 0.6279 


r,  { 

2x  v2 

' 3/2 

L ( 

59.5  ) 

Rsmac  = 4.20xl06  k = l.O(assumed) 
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Compute: 


Winy  Drag  Due  to  Lift  (Section  4. 1.5. 2) 


tan  Ac/2 


tan  Ale 


4 Tl  /I  -XV 
A |_2  1 1 + X / 


= 0.5 


~-[/32  +tan2Ac/2l1/2  = —[0.6279  + (0.5)2  ] 1/2  = 3.748 

~ - 1.0  per  rad  (Figure  4. 1 .3.2-49) 

„ „ ™ 0.00045  c 

R*ler  = 4-20  x 10  — = 1-89  x 103 

c 

RfiLER  cotALE  x/l  - M2  cos2Ale  = (1.89  x I03)(1.0)>/1  - (0.372)(0.7071) 

= 1.705  x 103 


AX  _ (4.0)(0)  _ 

cosAl~  “ (0.7071)  = ° 

R - 0.120  (Figure  4.1.5. 2-53a) 

1.1  iCijA) 

6 = R(CLa/A)  + ( 1 - R)tt  (EqUation  4-1-5-2'i> 

= i-ni.o) 

0.120(1.0)  + . 1 - 0,120)vr 
= 0.382 

C 2 

L 

=^  + C^C8«V  + (0cO2w  (Equation  4.1.5. 2-h) 


jr(4.0)(0.382) 
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c 

L 

r~ 

CDl  - 0.209  CL2 

0 

0 

0.05 

0,00052 

0.10 

0.00209 

0.15 

Q,00<  70 

0.20 

0.00836 

0.26 

0.01306 

0.30 

0.01881 

0.35 

0.02560 

0.40 

0.03344 

0.50 

0.05225 

Body  Drag  Due  to  Lift  (Section  4.23.2) 
k2  - k,  = 0.94  (Figure  4.2. 1 . 1 -20a) 
x(  = 46.93  (by  inspection) 


- — = 0.905  (Figure  4.2.1  .l-20b) 


x0  = 42.47  in. 


(D*0  = 238 


1.765  in. 


S 


o 


CL 

L a 


irr2  = 7r<  1 .705  )2 

- 2(i<2  ~ R|  } S» 

V 2/3 
v B 


9.79  in.2 

(Equation  4.2. 1 . 1-a) 


_ 2(0.94)(9.79) 

(0.4164)144 

= 0307  per  rad 

7?  = 0.686  (Figure  4.2.  l.2-23a) 


433.2-9 


I. 


M , = M sii 


The  a range  is  approximately  0 < a < 10° 
Mc  varies  from  0.6(0)  to  0.6(0. 1 736) 


0 < M , <0.104 


Cdc  = 1.20  (constant)  (Figure  4.2. l.2-23b) 
b r46.?J 

J r?redcd  x = / (0.686)  r ( 1 .20)  dx 

xn  “'42.47 


Assuming  r varies  linearly  from  x to 

o B 


f h /* 46.93  /I  755  + i ^>95 v 

\ ’?rC<Jodx  = /2.47  ( 0.686)  (— 

= 1.26(46.93  - 42.47) 

= 5.62  sq  in.  = 0.0390  sq  ft 


k2  ~ ki  2 a3  r B 

Cd  (a)  = — 2 °2  s0  + — ~ J V t cdc  dx  (Equation  4.2.3.2-b) 

Vb  Vb  " x0 


= 0-307  a2  + (0.0390) 

0.4 1 64 

= 0.307o2  +0.1 87  a3 


Equation  4.2.3.2-b  becomes 


V 2/3 


[CD(a)]  — — = (0.307  a2  +0.187  a3)  — 7 


(0.307  a2  +0.187  a3) 


0.0527  a2  + 0.0321  a3 


3 0.4164 


= (Cia/A)A  = (1.0)(4.0)  = 4.0  per  rad 
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.t 


G 

_©  _n 

© 

© 

© 

Ct* 

\CrA&)  1 

Cu 

,C^'w 

(rad) 

0.0527  a2 

0.0321  oJ 

©•© 

0 

0 

0 

0 

0 

0.05 

0.0125 

0,000008 

0 

0.000008 

0.10 

0.0260 

0.000033 

0.000001 

0.000034 

0,15 

0.0375 

0.000074 

0.000002 

0.000076 

0,20 

0.0500 

0.000132 

0.000004 

0.0001 30 

0.25 

0.0620 

0.000206 

0.000008 

0.000214 

0.30 

0.0750 

0.000296 

0.000014 

0.000310 

0.35 

0.0875 

0000403 

0.000022 

0.00C425 

0.40 

0.1000 

0.000527 

0.000032 

0.000559 

0.50 

0.1250 

0.000823 

0.000063 

0.000886 

Solution: 


SB,ef 

(CDv.)wb  = «--dl)w+(Cd(«)1b  — 


w 


(Equation  4.3.3.2-a) 


0 

© 

© 

© 

CL 

(C0l  ) 
c w 

SBrct 

|Cow1b" — 

<CD.  > 

L Wfl 

. G-t- . . 

0 

0 

0 

0 

0.05 

0.00052 

0.000008 

0.00053 

0.10 

0.00209 

0,000034 

0.00212 

0.15 

0.00470 

0 000076 

0.00478 

0.20 

0.00836 

0.000136 

0.00860 

0.25 

0.01306 

0.000214 

0.01327 

0.30 

0.01881 

0.000310 

0.01912 

0,35 

0.02560 

0.00042b 

0.02603 

0.40 

0.03344 

0.000559 

0.03400 

0.50 

0,05225 

0.000886 

0.05314 

These  calculated  results  are  compared  with  the  calculated  results  from  Method  1 and  the  test  values 
from  Reference  3 in  Sketch  (b). 
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SKETCH  (b) 


B.  TRANSONIC 

The  comments  presented  in  the  discussion  preceding  Paragraph  A are  applicable  here. 

UATCOM  METHODS 

At  transonic  speeds  the  methods  described  in  Paragraph  A may  be  applied.  Boih  methods  are 
restricted  to  straight-tapered-wing  configurations.  Method  I may  be  applied  in  the  high-lift  region; 
while  Method  2 is  restricted  to  the  parabolic-drag  region. 

An  indication  of  the  accuracy  of  Method  I can  be  obtained  from  Table  4.3.3. 2-B.  This  table 
contains  a comparison  of  test  values  with  results  calculated  by  using  this  method  for  wing-body 
configurations  without  camber. 

Sample  Problem 

No  sample  problem  is  presented  for  Method  1 because  its  application  is  identical  to  that  in  the 
subsonic  speed  regime. 

Method  2 

Given;  A wing-body  configuration  oi'Reference  2 designated  45-series. 


Wing  Characteristics: 


A = 3,0 

X = 0.40 

bw 

= 10.8  in. 

'V  " «5° 

A..-,  = 35.54° 

<t/c)av  = 0.045 

sw 

= 38.889  sq  in. 

Round-nosed  airfoil 

Additional  Characteristics; 

sb 

= 0.0278 

OsC,  < 0.50 

M = 1 

1.02;  0 = 0.20 

K = 1.0  (assumed) 

Sw 
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Compute: 

Wing  Drag  Due  to  Lift  (Section  4. 1.5. 2) 


(t/cy/3  - 0.3557 
(t/c)2'3  = 0.1265 

A(£/C)I/3  » 3(0.3557)  = 1.067 

A tan  Ale  =3.0 


M7  - 1 _ 0.Q4Q4 

(t/c)2/3  ~ 0.1265 


0.590 


(Figure  4. 1.5.2-55b,  interpolated) 


7TT  = 0.590(0.3557)  = 0.210 

ul. 
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<2> 
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CL 
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(C°l)w 
0.210  0 
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0 

.... 

0 

.05 

.0025 

.00053 

.10 

.0100 

.00210 

.15 

.0225 

.00473 

.20 

,0400 

.00840 

.25 

.0625 

.01313 

.30 

.0900 

.01890 

.35 

.1225 

.02573 

.40 

.1600 

.03360 

.45 

,2025 

.04 21' 3 

L . '5°  1 

.2500 

.05250 

Body  Drag  Due  to  Lift  (Section  4.2.3. 2) 


4.0  per  rad  (method  of  Paragraph  B,  Section  4. 1 .3,2) 


Equation  4.2.3.2-e  becomes 


a 


S 


b 


SW 


i 
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Solution: 

(Ci1l)wb 


cvfH 

0 /4.0 
(rad) 


Ot 


(rad  ^) 


cD(a) 

0 JB  S 

0 (0.0278) 


0 

.0125 

.0250 

.15 

.0375 

.20 

.0500 

.26 

.0625 

.30 

.0750 

.35 

,00141 

.00250 

.00391 

.00563 

.00766 

.01000 

.01266 

.01563 


b 

W 


(Equation  4.3.3. 2-a) 


e 

© 

© 

0 

f 

CL 

' 

Q 

| u ^ 

[ 1 - 
h>H.  v, 

(C°uXe 

0 

0 

0 

0 

• 

.05 

.00053 

i 

0 

.00053 

2 ■ 

.10 

.00210 

.00002 

.00212 

.15 

.00473 

.00004 

.00477 

9 

.20 

.00840 

.00007 

.00847 

.25 

.01313 

.00011 

.01324 

.30 

,01890 

.00016 

.01906 

.35 

.02573 

.00021 

.02594 

» 

.40 

.03360 

.00028 

,03388 

.45 

.04253 

.00035 

.04288 

.50 

.05250 

.00043 

i 

.05293 
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The  calculated  results  are  compared  with  test  values  from  Reference  4 in  Sketch  (c). 


SKETCH  (c) 

C.  SUPERSONIC 

The  comments  presented  in  the  discussion  preceding  Paragraph  A are  applicable  here. 

DATCOM  METHODS 

At  supersonic  speeds  the  methods  described  in  Paragraph  A may  be  applied.  Method  1 is  restricted 
to  straight-tapered  planforms;  while  Method  2 may  be  applied  to  either  straight-tapered  or 
non-straight-tapered  wings.  An  indication  of  the  accuracy  of  Method  1 can  be  obtained  from 
Table  4.3.3.2-C.  This  table  contains  a comparison  of  test  values  with  results  calculated  by  using  this 
method  for  wing-body  configurations  without  camber. 

Sample  Problem 

No  sample  problem  is  presented  for  Method  1 because  its  application  is  identical  to  that  in  the 
subsonic  speed  regime. 

Method  2 

Given:  The  wing-bo  Jy  configuration  of  Reference  5. 

Wing  Characteristics: 


3.50 

bw 

= 24  in. 

X » 0.20 

Ale  ' 51.6“ 

1 7.44  in. 

sw 

= 164.64  sq  in. 

6X  = 8.4° 

Airfoil:  6-percent-thick  hexagonal  section  with  maximum  thickness  at  c/3  (sharp-nosed  airfoil) 


Additional  Characteristics: 

M = 2.01;  p = 1.744 
0 < CL  s 0.40 


Compute: 

Wing  Drag  Due  to  Lift  (Section  4. 1.5. 2) 

fbw  = 1.744(24)  = 2Q 
2fi  2(17.44) 


P = 


sw 

bw2 


164.64 

24(17.44) 


0.393 


Sb  = 12.57  sq  in. 
Sp  =154  sq  in. 


7rA 


= 0.416 


(Figure  4.1.5.2-58) 


1 1 + p 

7rA  p 

1 .393  \ 
0.393J 


(Equation  4.1.5.2-n) 


© © ® 


CL 

0.416  (2) 

0 
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0 

o.os 

0.0025 

0,00104 

0.10 

0,0100 

0.00416 

0.15 

0,0225 

0.00936 

0.20 

0.0400 

0.01664 

0.25 

0.0626 

0.02600 

0,30 

0.0900 

0.03744 

0.35 

0.1225 

0.05096 

0.40 

0.1600 

0.06656 
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Body  Drag  Due  to  Lift  (Section  4.2.3. 2) 
Wing  Cw  (Section  4. 1.3. 2) 

"ft 


tan  A 


le  1 .262 


1.744 


= 0.724 


A tan  = 

3.5  (1.262) 

0/CN  \ 

4.24  per  rad 

\ ^/theory 

/Cw\ 

4.24/1.744 

\ aJ  theory 

N) 


= 0.895  (Figure  4.1.3.2-60) 


theory 


C..  = (2.43)  (0.895)  = 2. 17  per  rad 


'a 


|cd  (a)j  (based  on  body  base  area) 

, S 

Cn(ft)  = 2ft2  + crt  -—ft3  (Equation  4.2.3. 2-g) 
l 1b  « SK 


154 

12.57 


= 12.25 


0 

@ 

CD 

0 

© 

© 

© 

(D 

0 

NH 

0/2.17 

a2 

a3 

a 

Mc 

C«c 

cdfi 
c sb 

ico««»le 

cu 

(rad) 

(rad2) 

(rad3) 

(deg) 

M sin  ft 

Fffl.  4.2. 1.2-236 

012.25 

2(J) +@® 

0 

0 

0 

0 

0 

0 

1.20 

14.70 

0 

0.06 

0.0230 

0.00053 

0.00001 

1.32 

0.0463 

1.20 

14.70 

0.00121 

0.10 

0.0461 

0,00213 

0,00010 

2.64 

0.0926 

1.20 

14.70 

0.00573 

0.15 

0.0691 

0.00477 

0.00033 

3.96 

0,1388 

1,20 

14.70 

0.01439 

0.20 

0.0922 

0.00078 

5.28 

0.1850 

1.20 

14.70 

0.02847 

0.2S 

0.1152 

0.01327 

0.00153 

6.60 

0,2310 

1,20 

14.70 

0.04903 

0.30 

0.1382 

0.01910 

0.00264 

7.92 

0.2770 

1.21 

14,82 

0.07732 

0.35 

0.1613 

0.02602 

0.00420 

9.24 

0.3227 

1.213 

14.98 

0.11495 

0.40 

0.1843 

0.03397 

0.00626 



10.56 

0.3684 

1.244 

15,24 

0.16334 
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Solution: 


Equation  4.3.3.2-a  becomes 

(Cdl)wb  (Cdl)w  + (C'dMb 


© 

© 

© 

© 

CL 

C0U 

£cd  (ot)  1 B 
(based  cn  S.  i 

D 

rczri 

L WB 

(2^+0.0763(^3^) 

0.05 

0.00104 

0.00121 

0.0011 

0.10 

0.0041 6 

0.00573 

0.0046 

0.15 

0.00936 

0.01439 

0.0105 

0.20 

0.01664 

0.02847 

0.0188 

0.25 

0.02600 

0.04903 

0.0297 

0.30 

0.03744 

0.07732 

0.0433 

0.35 

0.05096 

0.1 1495 

0.0597 

0.40 

. 0.06656 

0.16334 

0.0790 

The  calculated  results  are  compared  with  test  values  fromReference  5 in  Sketch  (d). 
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TABLE  4.3.3.2-D  (CONTD) 
METHOD  1 
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0.30677 

-0.81576 

0.52282 

0.01558 

2.42095 

13 

-0.00132 

0.29722 

-0.71510 

0.45468 

0.01 598 

2.83715 

14 

0.00483 

0.22818 

-0.52780 

0.28270 

0.02293 

-0.19638 

15 

0.01013 

0.30323 

-0,81142 

0.50265 

0.02790 

-2.43719 

16 

-0.00023 

0.28821 

-0,68001 

0.35785 

0.03395 

-290182 

17 

-0.00071 

0.26551 

-1 .031 24 

0.70318 

0.02908 

-7.14091 

18 

-0.00632 

0.22175 

-0.87165 

0.58893 

0.02677 

—0.40790 

a 

812 

B13 

B14 

Bi5x10+6 

1 

0.03248 

- 0.02814 

-0.00546 

0.00012 

2 

0.04260 

0.04867 

-0.00974 

0.00021 

3 

0J36S22 

0.06841 

-0.01333 

0.00028 

4 

0 09948 

0.10427 

-0,01888 

0.00024 

5 

0 10760 

0.01 684 

-0.02734 

0.00043 

6 

0 74430 

' -0.12045 

-0.041 74 

0.00035 

7 

0 1*066 

1 -0.27628 

-0.05621 

0,00015 

8 

0 24523 

-0.46906 

-0.07745 

0.00034 

9 

033476 

-0.43756 

—0.091 18 

-0.00040 

10 

04)420 

—0.36868 

-0.09857 

-0.00061 

11 

0.4S796 

-0.33092 

-0.10509 

0.00037 

12 

0.45075 

-0.14214 

-0.08911 

-0.00146 

13 

0.50677 

-0.05438 

-0.08978 

-0.00174 

14 

0.28798 

0.22777 

-0.06876 

-0.00277 

15 

0.26261 

0,25419 

-0.05078 

-0.00464 

13 

0.31661 

0.21182 

-0.07109 

-0.00514 

17 

0.20470 

0.24062 

-0.06328 

-0.00801 

18 

0,27279 

0.36714 

-0.06778 

-0.00899 

4.3.3.2-25 


0.00221 

-0.00144 

-0.00009 

-0.00073 

-0  00797 

0.00001 

0.00338 

-0.00302 

0.00036 

-0.00054 

-0.04293 

0.00016 

0.01022 

-0,00891 

0.00044 

-0  00118 

-0.09171 

0.00029 

0.02014 

-0.01193 

000101 

-0.00320 

-0.16796 

0.00031 

5 

0.03137 

-0.01895 

0.00175 

-0.00608 

-0.26045 

0.00073 

6 

0.04483 

-0.02209 

0.00408 

-0  00776 

-0.38466 

0.00035 

7 

0.06954 

-0.02427 

0.00622 

-0.01036, 

-0.46785 

-0.00004 

8 

0.08586 

-0.04047 

0,00675 

-0  01003 

-0.53205 

0.00026 

9 

0.12288 

-0.06032 

0.006B6 

-0.01914 

-0.61233 

-0.00006 

0.15902 

-0.09484 

0.00500 

-0  01786 

-0.67543 

0.00000 

11 

0.19087 

-0.12050 

0.00370 

-001996 

-0.70864 

0 00052 

12 

0.19993 

-0.10093 

0.00286 

-0,00338 

-0.80847 

-0.00080 

13 

0.21762 

-0.05888 

0.00378 

-0.01095 

-0.87035 

-0,00312 

14 

0.22825 

-0.06174 

0.00297 

—0.01X759 

-0,75253 

-0.00286 

IB 

0.26345 

-0.08437 

-0.00007 

0.01070 

-0.72073 

-0.00351 

16 

0.26728 

-0.04519 

0.00045 

0.01068 

-0.81612 

-0.00314 

17 

0.26672 

0.03024 

0.00162 

0.00616 

-0,73124 

-0.00435 

18 

0.38780 

-0.06958 

-0,00033 

-0,04003 

-0.00836 

0.00680 

a 

By 

1 

*10 

Bn 

i 

-0.00011 

0.00404 

-0.00852 

0.00366 

-0.00020 

0.04986 

2 

-0.00059 

0,01149 

-0.02119 

0.01016 

-0.00084 

0.27904 

3 

—0.00081 

0.01741 

-0.03594 

0.01916 

-0.00170 

0.48014 

4 

— Oa  0136 

0.02465 

-0.05 1 23 

0.02690 

-0.00164 

0.88190 

5 

-0.00160 

0.03701 

-0.08555 

0.04712 

-0.00185 

1.46725 

6 

-0.00268 

0.04932 

-0.10335 

0.05655 

—0.002/4 

2,24272 

7 

-0.00275 

0.06720 

-0.13865 

0.07161 

-0.00361 

2.52398 

8 

-0.00385 

0 09758 

-0.19441 

0.09494 

-0.00314 

2.78528 

9 

-0.00533 

0.13366 

-0.27088 

0.13617 

-0.00244 

3.34227 

10 

-0.00651 

0.14191 

-0.25370 

0.11523 

-0.00263 

4.11935 

11 

-0.00645 

0.12269 

-0.19227 

0.07658 

-0.00338 

4.86755 

12 

-0.00359 

0.12092 

-0.17696 

0.07638 

0.00145 

5.29550 

13 

-0.00071 

0.12946 

-0.23012 

0.11647 

0.00542 

4.41136 

14 

0.00082 

0.11291 

-0.19585 

0.10526 

0.00530 

2.93353 

15 

0.00351 

0.12110 

-0.33286 

0.23396 

0.01239 

1.94911 

16 

0.00615 

0.17305 

-0.52066 

0.36192 

0.01483 

2.44009 

17 

0.00S63 

0,20127 

-0.66993 

0.46675 

0.02226 

1 45434 

18 

-0.01 148 

0.23079 

-0.81556 

0.53140 

0.01939 

-4.53597 

a 

B12 

B13 

CD 

- 

DI5X10+6 

1 

0.03464 

0.03796 

0.00568 

0 0001 1 

2 

0.05100 

0.05301 

-0.01138 

0.00034 

3 

0.07937 

0.08300 

-0.01716 

0.00055 

4 

0.10986 

0 11608 

-0.02432 

0.00065 

5 

0.12995 

0.04853 

-0.03608 

0.00101 

6 

0.1  7974 

0.01871 

—0.05082 

0.00108 

7 

0.23537 

-0,06230 

-0.06341 

0.00109 

8 

0.28989 

-0.20397 

—0.02052 

0,00119 

9 

0.34386 

-0.16500 

-0.08S37 

0.00023 

10 

0.40218 

-0.06673 

-0  09428 

0.00021 

11 

0.43511 

0.01019 

-0.09377 

0.00072 

12 

0.44234 

0.01175 

-0,08753 

-0.00022 

13 

0,39269 

-0.55132 

-0.00675 

-0.00105 

14 

0.24896 

0.03958 

-0.07231 

-0  00175 

1b 

023602 

-0.13912 

-0.07000 

-0.00357 

16 

0.21889 

-0.40147 

-0.08010 

-0  00315 

17 

0,17675 

-0.44420 

-0.07856 

-000488 

18 

0 35079 

0.06490 

-0.07221 

-0.00986 



4.3.3.2-26 


o 

Bo 

C! 

82 

B3 

B4 

B5 

1 

-0.00018 

0.00149 

0.00049 

-0.00073 

-0.01288 

0.00002 

2 

0.00085 

0.00228 

0.00121 

-0.00194 

-0.03023 

0.00020 

3 

0.00686 

0.00006 

0.00220 

-0.00452 

-0.09050 

0.00033 

4 

0.01655 

0.00157 

0.00381 

-0.00939 

-0.16820 

0.00044 

5 

0 03421 

0.00025 

0.00585 

-0.01606 

-0.31665 

0.00011 

6 

0.06013 

0.00707 

0.00817 

-0.02358 

-0.40391 

-0.00009 

7 

0.0/780 

-0.00719 

0.00818 

-0.02851 

-0.48392 

-0.00013 

8 

0.10210 

-0.03657 

0.00766 

-0.02671 

-0.49372 

0.00080 

9 

0.14499 

-0.06085 

0.00615 

-0.03327 

-0.58207 

0.00055 

10 

0.13459 

-0.05228 

0.00/08 

-0.03939 

— C.57416 

0.00041 

11 

0.17308 

-0.01  765 

0.00635 

-0.03038 

-0.60311 

-0.00147 

12 

0.24567 

-0.01323 

-0.00076 

-0.04699 

-0.52503 

-0.00381 

13 

0.25980 

-0.02503 

-0.01431 

-0.03221 

0.02489 

-0.00265 

14 

0.28659 

-0.02031 

-0.01516 

-0.03412 

-C  .24 196 

-0.00242 

15 

0.35500 

-0.10280 

-0.03013 

-0.00726 

-0.15999 

-0.00365 

16 

-0.02321 

0.50911 

0.05826 

-0.07837 

0.10819 

0.00110 

17 

0.00224 

0.41838 

0.05)18 

-0.02457 

-0.19688 

-0.00106 

18 

-0.30160 

0.86541 

0.12481 

-0.02627 

-0.15727 

-0.00442 

°6 

°7 

B8 

B10 

B11 

-0.00029 
-0.00072 
-0.00119 
-0.00193 
-0.00250 
-0.00294 
-0.00267 
-0.00470 
-0 .00499 
-0.00507 
-0.00161 
0.00356 
0.00890 
0.00994 
0.01574 
0.00687 
0.00761 
0.00782 


0.00368 
0.01144 
0.01294 
0.01829 
0.03007 
0.04804 
0.07875 
0.10510 
0.12259 
0.13288 
0.16048 
0.13104 
0.1 1013 
0.08659 
0.11S51 
0.02378 
-0.07051 
-0.17396 


-0.00564 
-0.02520 
-0.02237 
-0.02715 
-0.05654 
-0.0859? 
-0.15670 
-0.1  7727 
-0.20621 
-0.21749 
-0.22384 
-0.17885 
-0.20085 
-0.07871 
-0.16128 
0.11590 
0.08506 
0.67898 


0.00171 
0.01329 
0.00728 
0.0041  „ 
0.01904 
0.02708 
0.06535 
0.06858 
0.07849 
0.07251 
0.05180 
-0.00130 
0.01759 
-0.08308 
-0.00975 
-0.2928’ 
1 .29494 
0 55814 


-0.00034 

-0.00058 

-0.00094 

-0.00092 

-0.00117 

-0.00198 

-0.00157 

-0.00079 

-0.00095 

0.00073 

-0.00034 

0.00693 

0.01678 

0.02128 

0.0255S 

0.04029 

0.05010 

0.05542 


0.15304 
0.46101 
1 .09961 
1.31146 
3.06166 
3.45630 
3.48608 
3.23396 
3.85120 
3.69670 
296357 
1.1  1615 
-1 .67578 
-0.12470 
-2.81231 
-395931 
-1.21388 
-3.35470 


Bo 

q2 

B3 

B4 

b5 

-0.00838 

0.01 1 78 

0.00121 

0.00009 

- 

0.00809 

-0.00005 

-0.00357 

0.00752 

0.00193 

-0.00002 

-0.05533 

0.00001 

0.00610 

0,00508 

0.00244 

-0.00514 

-0.09663 

0.00006 

0.03190 

-0.00520 

0.00165 

-0.01368 

-0.15750 

0.00036 

0.05470 

-0.00974 

0.00215 

-0.02267 

-0.22959 

0.00049 

0.08580 

-0.02069 

0.001  70 

-0.03115 

-0.37571 

0.00084 

0.11675 

-0.03737 

0,00250 

-0.03773 

-0.50555 

0.00100 

0.14670 

-0.04756 

0.00030 

-0.04832 

-0.40434 

0.00248 

0.18449 

-0.07402 

-0.00266 

-0.05180 

-0.01091 

0.00153 

0.19113 

-0.02070 

0.00791 

-0.06599 

-0.60252 

0.00152 

0.22544 

0.02716 

0.01117 

-0.09426 

-0.87604 

0.00286 

B7 

0B 

B9 

810 

B11 

-0.00025 

-0.00078 

0.01625 

-0.01505 

1 

0.00018 

0.1 2846 

-0.00070 

0.00316 

0.02724 

-0.02814 

-0.00030 

0.98002 

0.00008 

0.00303 

0.01796 

-0.02569 

-0.00131 

1 .49493 

0.00201 

0.01412 

-0.04312 

0.01461 

-0.00291 

2.11918 

0.00291 

0.01358 

-0.04992 

C.01207 

-0.00344 

2 24598 

0.00382 

0.02640 

-0.08947 

0.03485 

-0.00382 

3.11378 

0.00222 

0.02453 

-0.04389 

-0.01608 

-0.00198 

4.23658 

0.00404 

0.01225 

-0.04267 

-0.01428 

-0.00337 

3.55768 

0.00426 

-0.00656 

0.03526 

-0.08574 

-0.00147 

-0.81326 

0.00052 

0.02266 

0.03270 

-0.11326 

-0.001 28 

3.94893 

0.00030 

0.00033 

0.12082 

-0.20285 

-0.00459 

7.53037 

0.11372 

0.12969 

0.16049 

0.13857 

0.13531 

0.23422 

0.33755 

0.46401 

0.78061 

0.48502 

0.43784 


B,s  x 10 


0.26412 

0.38083 

0.36673 

0.14239 

0.05344 

0.62238 

0.64386 

1.49135 

2.53411 

0.10404 

0.31377 


-0.00790 

-0.01354 

-0.02110 

-0.03305 

-0.04690 

-0.06146 

-0.07750 

-0.08695 

-0.10360 

-0.09913 

-0.10616 
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TABLE  4.3.3. 2-0  (CONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M - 1.000 


a 

8.0 

* 

B3 

B4 

B5 

i 

-0,00184 

-0.00510 

-0.00023 

0.00191 

0.03683 

0.00037 

2 

0.00039 

0.00326 

0.00184 

-0.00236 

-0.11220 

0.00046 

3 

-0,05094 

0.09969 

0.01520 

-0.01431 

-0.17369 

0.00029 

4 

-0.11879 

0.29136 

0.04005 

-0.05546 

-0.94287 

0.00031 

5 

-0.02635 

0.14202 

0.02414 

-0.04156 

-0.84098 

0.00055 

6 

-0.06161 

0.24704 

0.03977 

-0.06338 

-1.21329 

0.00049 

7 

-0.51857 

1.09040 

0.14419 

-0.15946 

-1.51796 

-0.00163 

8 

-0.41208 

0.95781 

0.12733 

-0.15441 

-1.45667 

-0.00103 

9 

-0.54877 

1.19553 

0.15925 

-0.17971 

-1.07918 

-0.00208 

10 

-1.12307 

2.34028 

0.28663 

-0.32300 

-1.47035 

-0.00457 

11 

-1.88393 

2.80793 

0.39284 

-0.17471 

4.11060 

0.00066 

12 

-3.71327 

6.395  71 

0.88455 

-0.64685 

-7.92697 

0.00000 

« 

B* 

S7 

B8 

B9 

B10 

Bn 

1 

-0.00042 

-0.00431 

0.03435 

-0.03837 

0.00017 

-0.32067 

2 

-0.00063 

0.02795 

-0.10548 

0.11581 

-0.00009 

1.43644 

3 

-0.00086 

0.05446 

-0.23999 

0.24547 

-0.00045 

1 .83557 

4 

-0.00097 

0.16868 

-0.87339 

0.95296 

-0.00023 

12.40156 

5 

-0  001 12 

0.13169 

-0.61505 

0.66843 

0.00069 

9.69120 

6 

-0.00123 

0.18757 

-0.91157 

0.99576 

-0.00101 

13.90155 

7 

0.005G3 

0.48849 

-2.82813 

3.13791 

-0.00809 

14.80998 

8 

0.CO425 

0.48904 

-2.79021 

3.11841 

-0.00832 

13.65930 

9 

0.00586 

0.47045 

-2.83951 

3.1B905 

-0.00556 

8.54019 

10 

0.01387 

1.11512 

-6.47644 

7.23240 

-0.02132 

14.09991 

11 

-0.00727 

-1.38447 

5.79307 

-6.58945 

-0.00979 

-49.73547 

12 

-0.00495 

1 .72879 

-7.81054 

8.85635 

-0.08292 

43.19402 

a 

B13 

B14 

B16x10*6 

i 

-0.02364 

0.11396 

1 

—0.00713 

0.00017 

2 

0.12498 

-0.00827 

-0.01494 

-0.00004 

3 

0.14708 

-0,41706 

-0.02709 

0.00015 

4 

1.05810 

-1.47681 

-0.04821 

-0.00010 

5 

0.76958 

-1.14098 

-0.06112 

—0 .00073 

6 

0.94294 

-1.81063 

-0.07002 

-0.00083 

7 

3.24042 

3,22464 

-0.05688 

-0.00211 

8 

2.89318 

2.79437 

-0.07367 

-0.00250 

9 

4.30224 

6.63418 

-0.07343 

-0.00203 

10 

8.16605 

12.54916 

-0.04314 

-0.00417 

11 

-6.18641 

15.14346 

0.00058 

-0.00022 

12 

6.25554 

i. , - . . .... 

16.75446 

0.35531 

0.00127 

TABLE  4.3.3.2D  (CONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M - 1.100 


a 

B 

e. 

B- 

B- 

B „ 

8, 

0 

1 

2 

3 

4 

i 

-0.04484 

0.08372 

0.00940 

-0.00817 

-0.04487 

-0.00010 

2 

-0.04355 

0.09444 

0.01029 

-0.01400 

-0.03926 

-O.OOOCS 

3 

-0.03818 

0.10749 

0.01176 

— 0.01D03 

-0.13134 

-0.00036 

4 

-0.06102 

0.16158 

0 01869 

-0.02982 

-0.14335 

-0.0UC10 

5 

-0.04984 

0.18025 

0.02032 

-0.03960 

-0.21009 

-0.00020 

6 

-0.03717 

0.20704 

0.02251 

-0.05545 

-0.36705 

0.00009 

7 

-0.08362 

0.32672 

0.03894 

-0.07228 

-0.58530 

-0.00065 

8 

-0.18809 

0.43881 

0.05636 

-0.06272 

-0.54914 

0.00034 

9 

-0.16553 

0.43886 

0.05666 

-0.07680 

-0.46356 

0.00229 

10 

-0.27549 

0.59413 

0.08484 

-0.07664 

-0.30332 

-0.00097 

11 

-0.29751 

0.66053 

0.09320 

-0.07554 

-0.40645 

-0.00235 

12 

-0.29560 

0.73732 

0.10393 

-0.09837 

-0.59564 

-0.00164 

13 

-0.34429 

0.87460 

0.12440 

-0.12202 

-0.66147 

-0.00237 

14 

0.17848 

0.28522 

0.02090 

-0.14298 

0.56890 

-0.00414 

15 

0.53369 

-0.32241 

-0.06227 

_ 

-*0.07706 

1.53930 

-0.00261 

a 

B6 

B7 

Ba 

B9 

B10 

Bn 

i 

-0.00083 

0.03295 

-0.15500 

0.16983 

-0.00164 

0.82/46 

2 

-0.00051 

0.02717 

-0.11801 

0.12194 

-0.00174 

0.88339 

3 

-0.00098 

0.04605 

-0.19072 

0.21743 

-0.00164 

1.67764 

4 

-0.00129 

0.04320 

-0.18756 

0.22187 

-0.00101 

2.1B522 

6 

-0.00125 

0.09835 

-0.42457 

0.47771 

-0.00091 

2.80951 

6 

-0.00171 

0.09902 

-0.45321 

0.55087 

0.00099 

4.98784 

7 

-0.00311 

0.17055 

-0.79734 

0.96443 

0.00293 

6.25124 

8 

0.C00S6 

0.10552 

-0.29838 

0.25776 

0.00349 

5.58307 

9 

-0.00065 

0.12365 

-0.35773 

0.28341 

0,00473 

5.89547 

10 

-0.00037 

0.04642 

0.05276 

-0.21425 

0.01034 

2.61690 

-0.00004 

0.06654 

0.09562 

-0.29549 

0.00938 

2.41419 

12 

-0.00302 

0.18490 

-0.45240 

0.26825 

0.00698 

3.69788 

13 

-0.00304 

0.18917 

-0.50258 

0.Z7871 

0.00968 

3,72855 

14 

0.01223 

-0.01709 

0.42603 

-1.46168 

0.01947 

-4.76428 

15 

0.02637 

-0.26299 

2.21540 

-4.14095 

0.02659 

-14.41504 

a 

B12 

B 13 

B14 

B15x10+6 

mm 

0.02607 

-0.02705 

-0.01003 

-0.00003 

0.05290 

0.00332 

-0.01502 

0.00010 

mt-ZrV-fy, 

0.08191 

0.05082 

-0.02014 

-0.00013 

0.10961 

0.04423 

-0.02851 

0.00019 

0.13773 

0.03226 

-0.03272 

-0.00033 

0.15323 

-0.07582 

-0.04362 

-0.00004 

0.18095 

-0.05587 

-0.05040 

-0.00065 

8 

0.20404 

-0.22864 

-0.05851 

0.00162 

9 

0.22347 

-0.35035 

-0.07051 

0.00174 

10 

0.26634 

— 0.2872C 

-0.07333 

C. 00219 

11 

0.26552 

-0.32247 

-0.07404 

0.00224 

12 

0.26718 

-0.38297 

-0.07983 

0.00126 

13 

0.27717 

-0.32919 

-0.08411 

0.00081 

14 

0.18647 

— 0.06C96 

-0.04441 

-0.00357 

15 

0.23323 

0.06531 

0.01  127 

-0.00447 

1 

4,3.3.2-30 


TABLE  4.3.3.2-D  (CONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M = 1.200 


a 

Bo 

B1 

B2 

B3 

B4 

B5 

i 

—0.00629 

-0.00384 

0.00036 

0.00199 

0.08753 

0.00062 

2 

-0.01132 

0.01013 

0.00209 

-0.00207 

0.1 1552 

0.00063 

3 

-0.01203 

0.02211 

0.00350 

-0.00806 

0.16420 

0.00065 

4 

-0.01206 

0.03319 

0.00473 

-0.01526 

0.25095 

0.00110 

5 

-0.02330 

0.07276 

0.01135 

-0.02196 

0.14635 

0,00072 

6 

-0,01091 

0.07268 

0.01255 

-0.02780 

0.13904 

0.00107 

7 

-0.01717 

0.12154 

0.02004 

-0.03729 

-0.00996 

0.00014 

8 

-0.00842 

0.15381 

0.02466 

-0.05047 

-0.15838 

-0.00012 

9 

-0.03652 

0.22732 

0.03691 

-0.061 19 

-0.19927 

-0.00114 

10 

0.09571 

0.C7832 

0.01571 

-0.06356 

-0.23286 

-0,00067 

1 1 

0.15972 

0.01564 

0.01023 

-0.06640 

-0.28670 

-0.00091 

12 

0.12048 

0.13091 

0.02415 

-0.07384 

-0.18197 

-0.00249 

13 

-0.03809 

0.43572 

0.06381 

-0.10453 

-0.43468 

-0.00246 

14 

-0.11557 

0.63985 

0.08428 

-0.12262 

-0.48088 

-0.00327 

15 

-1.28236 

2.60841 

0.32970 

-0.29107 

-0.11267 

-0.00158 

a 

B6 

B7 

B8 

B9 

B10 

B11 

i 

-0.00080 

0.00609 

0.00409 

-0.00586 

-0.00122 

-0.11648 

2 

-0.00049 

0.00324 

001675 

-0.02070 

-0.00128 

-0.20069 

3 

0.00031 

-0.00122 

0.02598 

-0.03330 

-0.001 15 

-0.40599 

4 

0.00101 

0.00664 

-0.00919 

-0.01439 

-0.00104 

-0.49071 

5 

0.00005 

0.01615 

-0.02405 

-0.01345 

-0.00075 

0.03910 

6 

-0.00012 

0.02910 

-0.06189 

0.00746 

-0.00100 

0.24032 

7 

—0.00057 

0.04242 

-0.10277 

0.02792 

0.00014 

0.92401 

8 

-0.002G3 

-0.02183 

0.29348 

-0.51237 

0.00193 

2.70883 

9 

-0.00289 

-0.06161 

0.56545 

-0.91636 

0.00456 

3.31566 

10 

-0.00229 

-0.06868 

0.70933 

-1.18044 

0.00520 

3.65242 

11 

-0.00206 

-0.11603 

1.05318 

-1.75138 

0.00531 

4.08376 

12 

-0.00695 

0.04728 

0.18852 

-0.46850 

0.00759 

2.22800 

13 

-0.00794 

0.03489 

0.17526 

-0.50592 

0.00558 

6.71935 

14 

-0  00674 

0.14918 

-0.57903 

0.61831 

0.00038 

6.64320 

12 

-0.01478 

2.42693 

-17.16211 

27.39923 

-0.01586 

1.34910 

a 

e!3 

S14 

B15  * 10+6 

i 

0.06357 

0.06844 

-0.00754 

0.00020 

2 

0.07738 

0.04564 

-0.01260 

0.00037 

3 

0.06695 

-0.04451 

-0.01749 

0.00060 

4 

0.06682 

-0.15000 

-0.02362 

-0.00084 

5 

0.05120 

-0.29811 

-0.02928 

0.00082 

6 

0.05617 

-0.41686 

-0.03565 

C. 00098 

7 

0.06405 

-0.48130 

-0.04083 

0,00076 

8 

0.00266 

-0.71579 

-0.05045 

0.00109 

9 

-0.04614 

-0.98680 

-0.05984 

0.00117 

10 

-0.11013 

-1.29176 

-0.06452 

0.00122 

11 

-0.16349 

-1 .54903 

-0.07158 

0.00157 

12 

-0.07644 

-1.77188 

-0.08773 

0.00029 

13 

-0.25184 

-2.00624 

-0.10028 

0.00047 

14 

—0.23828 

-2.04665 

-0.10330 

0.00022 

15 

0.51026 

3.57818 

-0.12676 

-0.00872 

TABLE  4.3.3. 2-D  (CONTD) 
METHOD  I 

REGRESSION  COEFFICIENTS 
M = 1.300 


a 

B0 

6I 

B2 

B3 

B4 

B5 

i 

0.01073 

-0.01651 

-0.002 J9 

-0.00130 

0.03077 

0.00032 

2 

0.01124 

-0.01236 

■M).00 186 

-0.00349 

0.06002 

0.00025 

3 

0.01222 

-0.00992 

-0.00090 

-0.00610 

0.09056 

0.00054 

4 

0.01289 

0.00091 

0.00109 

-0.00977 

0.13145 

0.00014 

5 

0.01732 

0.00436 

0.00258 

-0.01275 

0.18255 

0.00037 

6 

0.04046 

-0.00836 

0.00183 

-0.01702 

0.20021 

0.00010 

7 

0.03964 

0.01740 

0.00620 

-0.02283 

0.22781 

-0.00059 

8 

0.03812 

0.04382 

0.01016 

-0  03103 

0.25309 

0.00026 

9 

0.12317 

-0.00959 

0.00143 

-0.04214 

0.14197 

-0.00374 

10 

0.14136 

-0.00742 

0.00110 

-0.05227 

0.27808 

-0.00146 

11 

0.07022 

0.06183 

0.01130 

-0.04890 

0.50921 

0.00200 

12 

0.08746 

0.09711 

0.01424 

-0  05404 

0.28856 

-0.00129 

13 

0.37881 

-0.20159 

-0.03400 

-0.07169 

-0.38882 

-0.00079 

14 

0.35522 

-0.11761 

-0.03078 

-0.07623 

0.13295 

0.00246 

15 

-0.71802 

1 .47949 

0.21882 

-0.13860 

0.37682 

0.00262 

a 

B6 

B7 

08 

B9 

B10 

BU 

i 

0.00074 

0.00224 

-0.01367 

0.00902 

-0.00037 

-0.08973 

2 

0.001 13 

0.01025 

-0.04063 

0.025C5 

-0.00071 

-0.17503 

3 

0.00111 

0.02331 

-0.08208 

0.05267 

-0.00086 

-0.26347 

4 

0.00155 

0.03354 

-0.11671 

0.07414 

-0.00092 

-0.33645 

5 

0.00126 

0.07141 

-0.24091 

0.15987 

-0.00110 

-0.60188 

6 

0.00147 

0.09155 

-0.31135 

0.20772 

-0.00097 

-0.71345 

7 

0.00216 

0.11071 

-0.38611 

0.25792 

-0.00076 

-1.05681 

8 

0.00142 

0.13615 

-0.76108 

0.74001 

-000013 

-1.35729 

9 

0.00681 

0.09964 

-0.30165 

-0.00252 

0.00032 

0.05106 

10 

0.00536 

0.16930 

-0.54852 

0.20149 

000133 

-1.39210 

11 

0.00871 

0.21573 

-0.34730 

-0.55274 

000252 

-3.93809 

12 

0.01268 

0.19176 

-0.22055 

-0.71886 

D. 00238 

-2.50095 

13 

0.01891 

0.25610 

-0.61300 

-0,34549 

0.00206 

4.39566 

14 

0.01283 

0.57924 

-2.31125 

3.62863 

-0.00003 

-3  12316 

15 

-0.05784 

1.30330 

-9.95914 

18.12476 

0.00216 

-0.97701 

a 

Bl2 

B13 

B14 

b15*10+6 

i 

0.01334 

-0.06052 

-0.00463 

0 00028 

2 

0.02758 

-0.12623 

-0.00965 

0.00034 

3 

0.02390 

-0.25254 

-0.01479 

0.00045 

4 

0.00935 

-0.41783 

-0.02001 

0.00036 

5 

-0.00116 

-0.68714 

-0.02647 

0.00021 

6 

-0.00696 

-0.90402 

-0.03292 

0.00002 

7 

0.13956 

-0.51697 

-0.03541 

-0.00031 

8 

0.17097 

-0.59970 

-0.04157 

-0  00041 

9 

0.17897 

-0.58601 

-0.04958 

-0.00024 

10 

0.20709 

-0.69765 

-0.05311 

-0.00056 

11 

0.23022 

-1.12538 

-0.05796 

0.00077 

12 

0.22683 

-1.17960 

-0.06484 

0.00127 

13 

0.08343 

-1.80161 

-0.08567 

0.00253 

14 

0.33804 

-0.57097 

-0.06865 

0.00075 

15 

0.35827 

2.28471 

-0.09056 

-0.01175 

4.3.3.2-32 


TABLE  4,3.3.2-D  ICONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M = 1.400 


a 

Bo 

B1 

— 

02 

B3 

r .. 

B5 

i 

0.00157 

-0.00557 

-0.00067 

-0.00067 

0.04543 

0.00020 

2 

0.00283 

-0.00385 

-0.00035 

-0.00231 

0.08027 

0.00020 

3 

0.00580 

-0.00543 

0.0001 1 

-0.00436 

0.13016 

0.00044 

4 

0.01126 

-0.00755 

0.00060 

-0.00607 

0.16445 

0.00036 

5 

0.01710 

-0.00602 

0.00147 

-0.00887 

0.21080 

0.00052 

6 

0.03541 

-0.01819 

0.00101 

-0.01140 

0.22765 

0.00043 

7 

0.04051 

-0.00700 

0.00376 

-0.01602 

0.24154 

0.00042 

8 

0.04478 

-0.00232 

0.00583 

-0.01817 

0.34976 

0.00084 

9 

0.07564 

-0.00509 

0.00509 

-0.02763 

0.20858 

0.00099 

10 

0.08951 

0.00473 

0.00632 

-0.03430 

0.16744 

0.00120 

11 

0.11793 

-0.00028 

0.00502 

-0.04128 

0.18050 

0.00162 

12 

0.08874 

0.08143 

0.01520 

-0.04933 

0.21049 

0.00090 

13 

0.26017 

-0.12899 

-0.01372 

-0.04668 

0.12047 

0.00000 

14 

0.06149 

0.12399 

0.01598 

-0.02868 

0.40721 

-0.001 73 

15 

0.32684 

-0.00669 

-0.00231 

-0.09153 

.0.13368 

-0.00016 

a 

B6 

B7 

8« 

B9 

B10 

CD 

i 

0.00049 

-0.00040 

0.00088 

-0.00206 

-0.00018 

-0.21101 

2 

0.00065 

0.00556 

-0.01723 

0.00889 

-0.00065 

-0.31472 

3 

0,00066 

0.01074 

-0.03276 

0.01790 

-0.00112 

-0.52483 

4 

0.00095 

0.01416 

-0.04143 

0.02282 

-0.00151 

-0.61570 

5 

0.00092 

0.03055 

-0.09043 

0.05429 

-0.00172 

-0.91572 

6 

0.00083 

0.04136 

-0.12409 

0.07650 

-0.00188 

-1.06178 

7 

0.00059 

0.06188 

-0.19356 

0.12308 

-0.00183 

-1.29615 

8 

0.00034 

0.09682 

-0.30521 

0.20226 

-0.00202 

-2.30528 

3 

0.00104 

0.19819 

-0.85614 

0.92464 

-0.00193 

-1.16990 

10 

0.00204 

0.22722 

-0.95835 

1.01882 

-0.00219 

-0.83807 

11 

0.00182 

0.27365 

-1.15352 

1.24001 

-0.00241 

-0.99790 

12 

0.001 70 

0.32167 

-1.34443 

1 .47775 

-0.00156 

-1.42727 

13 

0.00886 

0.13442 

0.06467 

-1.04149 

-0.00131 

-0.91704 

14 

0.01785 

-0.02692 

0.81 494 

-1.76098 

-0.00915 

-5.61367 

15 

-0.01151 

0.26982 

-1.48732 

2.19990 

0.00757 

_ ..  

0.06241 

a 

B12 

B13 

B14 

B1S  * 10*6 

i 

0.01591 

-0.05851 

-0.00435 

0.00024 

2 

0.02992 

-0.13305 

-0.00929 

0.00030 

3 

0.04719 

-0.17722 

-0.01392 

0.00043 

4 

0.04159 

-0.29398 

-0.01873 

0.00062 

5 

0.04397 

-0,43206 

-0.02376 

0.00065 

6 

0.06035 

-0.53017 

-0.02925 

0.00071 

7 

0.16772 

-0.297  34 

-0,03314 

0.00062 

8 

0.21498 

-0.26741 

-0.03588 

0.00037 

0 

0.24629 

-0.29801 

-0.04400 

0.00029 

10 

0.25079 

-0.45710 

-0.05218 

0.00082 

11 

0.23820 

-0.66717 

-0.05883 

0,00091 

12 

0.22909 

-0.91669 

-0.08660 

0.00074 

13 

0.16346 

-1.43306 

-0.07209 

0.00208 

14 

0.22960 

-0.52901 

-0.04924 

0.00550 

15 

0.14657 

-0.55797 

-0.06595 

-0.00540 

4.3.3.2-33 


TABLE  4.3.3.2-D  (CONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M = 1.500 


1 

0.00041 

0.00447 

-0.01491 

0.01125 

2 

0.00054 

0.00779 

-0.02110 

0.01391 

3 

0.00058 

0.01 793 

— O.05555 

0.03640 

4 

0.00112 

0.02610 

-0.08192 

0.05726 

5 

0.00045 

0.04744 

-0.14930 

0.09895 

6 

0.00102 

0.06170 

-0.1S775 

0.13913 

7 

0.00070 

0.07877 

-0.25819 

0.17831 

8 

0.00035 

0.11264 

-0.37444 

0.25663 

9 

-0.00007 

0.1 5081 

-0.50534 

0.34530 

10 

-0.00133 

0.23586 

-0.98431 

1 .05085 

11 

-0.00223 

0.261 74 

-1.02835 

1.04236 

12 

-0.00240 

0.24543 

-0.82995 

0.65777 

13 

-0.00054 

0.18633 

-0.30029 

-0.24104 

14 

0.01018 

0.00806 

0.60273 

-1 .42956 

15 

-0.00483 

0.16214 

-0.49650 

0.31938 

16 

5.07326 

-141.25533 

589.65942 

-677.16602 

17 

3.99498 

-108.87743 

472.99951 

-562.11035 

ot 

B12 

Bi3 

8I4 

bi5*10+6 

1 

0.02767 

-0.031 46 

-0.00443 

0.00025 

0.03932 

-0.12355 

-0.00939 

0.00033 

0.07609 

-0.12497 

-0.01370 

0.00032 

4 

0.06646 

-0.26070 

-0.01820 

0.00072 

5 

0.08017 

-0.40137 

-0.02307 

0.00033 

6 

0.10356 

-0.43001 

-0.02758 

0.00091 

7 

0.15294 

-0.41352 

-0.03275 

0,00083 

8 

0.18420 

-0.45614 

-0.03651 

0.00041 

9 

0.22163 

-0.48580 

-0.04082 

0.00006 

10 

0.28647 

-0.43662 

-0.04560 

-0.00007 

11 

0.30032 

-0.57579 

-0.04976 

-0.00002 

12 

0.30269 

-0.67818 

-0.05251 

-0.00015 

13 

0.30106 

-0.96184 

-0.05740 

O.OOOF4 

14 

0.31863 

-0.32660 

-0.04391 

0.00445 

15 

0.26122 

-0.41801 

-0.05250 

-0.00274 

16 

144.72121 

390.29077 

0.37379 

1 .40259 

17 

121.12621 

271.07422 

0.28761 

1.14584 

0.01860 

0.00016 

0.04745 

0.00011 

0.10149 

0.00033 

0.10141 

0.00023 

0.18507 

0.00036 

0.13830 

0.00036 

0.16567 

0.00038 

0.25049 

0.00072 

0.31504 

0.00126 

0.38815 

0.00207 

0.48120 

0.00267 

0.53228 

0.00291 

0.59260 

0.00220 

0.62570 

0.00079 

0.22147 

0.00030 

1.41383 

-0.26344 

2.46481 

-0.20733 

© 

H 

ID 

Bu 

-0.00042 

-0.04700 

-0.00111 

-0.12996 

-0.00135 

-0.44197 

-0.00260 

— 0.28129 

-0.00205 

-1.02289 

-0.00390 

-0.58817 

-0.00358 

-0.77266 

-0.00328 

-1.41942 

-0.00271 

-2.00938 

-0.00333 

3.04438 

-0.00439 

-4.08522 

-0,00453 

-4.59546 

-0.00544 

-5.99071 

-0.01247 

-7.48227 

0.00032 

-2.96651 

-1.35118 

— 13.4'?  584 

-1.13367 

-21.36497 

4.3.3.2-34 


TABLE  4.3.3.2-D  (CONTD) 
METHOD  1 

REGRESSION  COEFFICIENTS 
M - 2.000 


a 

Bo 

Bl 

B2 

*^3 

B4 

B5 

i 

0.02739 

-0.04233 

-0.00606 

0.00381 

-0.02875 

0.00029 

2 

0.07553 

-0.11930 

-0.01586 

0.01171 

-0,07630 

0.00056 

3 

0.07364 

-0.11607 

-0.01476 

0.01119 

-0.05201 

0.00056 

4 

0.08820 

-0.13065 

-0.01690 

0.01067 

-0.04046 

0.00073 

5 

0.10524 

-0.15034 

-0.01915 

0.01121 

-0.00600 

0.00085 

6 

0.11737 

-0.15989 

-0.02016 

0.01074 

0.00851 

0.00097 

7 

0.13005 

-0.16403 

-0.02019 

0.00823 

0.01741 

0.00097 

8 

0.15887 

-0,19848 

-0.02321 

0.00928 

0.01C71 

0.00114 

9 

0.19314 

-0.22421 

-0.02756 

0.00788 

0.04264 

0.00100 

10 

0.21766 

-0,23029 

-0.02967 

0.00394 

0.06635 

0.00087 

11 

0.221 .38 

-0.22948 

-0.02480 

0.00030 

0.03912 

0.00094 

12 

0.27413 

-0.27002 

-0.03168 

-0.00152 

-0.02566 

0.00089 

13 

0.29047 

-0.25721 

-0.03340 

-0.00232 

0.04553 

0.00036 

14 

0.37017 

-0.34377 

-0,04454 

O.OOICO 

0.04507 

0.00075 

15 

0.56237 

-0.47765 

-0.06868 

-0.02981 

-0.19184 

-0.00103 

a 

6e 

B7 

B* 

N ' 

B10 

Bn 

i 

-0.00045 

0.04098 

-0.23030 

. 

0.38557 

-0.00046 

0.26480 

2 

-0.00166 

0.09261 

-0.56299 

1 .0321 1 

-0.00012 

1.13879 

3 

-0.00137 

0.09665 

-0.57350 

1.02931 

-0.00037 

1.01436 

4 

-0.00139 

0.11595 

-0.64778 

1.10953 

-0.000.92 

0.92580 

5 

-0.00176 

0.13154 

-0.70979 

1.19218 

-0.00132 

0.78751 

6 

-0.00200 

0.15482 

-0.81082 

1.31452 

-0.00148 

0.65558 

7 

-0.00212 

0.17280 

-0.89271 

1.41543 

-0.00208 

0.51476 

8 

-0.00186 

0.17449 

-0.83012 

1 .25395 

-0.00413 

0.17723 

9 

-0.00236 

0.21284 

-0.99934 

1 .47842 

-0.00507 

-0.04647 

10 

-0.00321 

0.25793 

-1 .23651 

1 .83802 

-0.00493 

0.08167 

11 

-0.00250 

0.22251 

-1.00127 

1.40514 

-0.00436 

-0 .00863 

12 

-0.00398 

0.28785 

-i  .30884 

1 .95827 

-0.00494 

0.42450 

13 

-0.00477 

0.36357 

-1 .63001 

2.31215 

-0.00656 

-0.45700 

14 

-0.00421 

0.28733 

-1 .07968 

1 .39936 

-0.01287 

-0.91426 

15 

-0.00647 

0.13657 

-0.18101 

-0.06424 

-0.00363 

2.27686 

a 

e!2 

S13 

B14 

b15xio+6 

J - 

1 

0.01276 

-0,14413 

-0.00677 

0.00026 

2 

-0.00739 

-0.45431 

-0.01837 

0.00048 

3 

0.01489 

-0,45917 

-0.02103 

0.00058 

4 

0.03859 

-0.56613 

-0.02521 

0,00076 

5 

0.04974 

-0.57770 

-0.02809 

0.00079 

6 

0.05515 

-0.65604 

-0.03121 

0.00090 

7 

0.08463 

-0.64573 

-0.03368 

0.00094 

8 

0.11120 

-0.74441 

-0,03771 

0.00152 

9 

0.13302 

-0.83799 

-0.04221 

0.00141 

10 

0.14411 

-0.94664 

-0.04835 

0,00113 

11 

0.17336 

-0.91347 

-0,05040 

0.00154 

12 

0.17794 

-1.16748 

-0.06059 

0.00159 

13 

0.19870 

-1.30091 

-0.06413 

0.00117 

14 

0.21462 

-1.31872 

-0.06397 

0.00160 

15 

0.10918 

-1 .62533 

-0.06664 

-0.00145 

0.00478 

-0.00290 

-0.00643 

0.03039 

0.18151 

0.10365 

0.05376 

0.09862 

0.15347 

0.23161 

0.21702 

0.24586 

0.36687 

0.20578 

0.38159 


0.00046 
0.00030 
-0.00034 
-0.00130 
-0.00438 
-0.00305 
-0.001 7S 
-0.00242 
-0.00345 
-0.00545 
-0.00359 
-0.00346 
0.00062 
0.00750 
-0.00074 


0.04574 

0.06010 

0.06792 

0.08604 

0.01677 

0.09659 

0.15009 

0.12706 

0.18927 

0.19130 

0.14314 

0.14943 

0.14865 

0.16566 

0.11597 
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-0.01228 

0.00255 

0.01813 

-0.01018 

-0.13661 

-0.04753 

-0.01156 

-0.04772 

-0.09079 

-0.14988 

-0.12739 

-0.14100 

-0.35416 

-0.24662 

-0.28580 


-0.00200 

0.00032 

0.00254 

-0.00289 

-0.02839 

-0.01221 

-0.00259 

-0.00967 

-0.01754 

-0.02798 

-0.02026 

-0.02160 

-0.04882 

-0.02417 

-0.03447 


0.00178 

-0.00094 

-0.00548 

-0.00806 

-0.01167 

-0.01596 

-0.01308 

-0.01519 

-0.01811 

-0.02334 

-0.03322 

-0.03754 

-0.00576 

0.02798 

-0.03879 


0.02268 
0.00174 
-0.04823 
-0.06663 
-0.17355 
-0.10382 
-0.03618 
-0.07924 
-0.11204 
-0.18635 
-0.19810 
-0.152'' 2 
0.35927 
0.6  62  7 
0.01325 


0.03499 

0.01727 

0.00483 

0.01234 

0.03798 

0.01707 

0.04656 

0.06384 

0.08977 

0.11321 

-0.02825 

-0.02755 

-0.00716 

-0.02177 

-0.32694 


-0.19529 

-0.04537 

0.08492 

0.06025 

-0.18556 

0.04987 

-0.03574 

-0.12008 

-0.20825 

-0.25012 

0.54326 

0.58868 

0.50164 

0.82050 

2.67639 


0.30678 
-0.01635 
-0.31595 
-0.23702 
0.57011 
-0.11416 
-0.22868 
-0.03324 
0.09932 
0.18655 
-1 .28762 
-1.43130 
-1 .02755 
-1 .68213 
-4.90278 


B15x10 


0.10784 
0.09237 
0.01173 
-0.08550 
-0.58262 
-0.35116 
-0.24464 
-0.38722 
-0.41 734 
-0.72356 
-0.66563 
-0.750B4 
-0.84247 
-0.72137 
-1.18691 


-0.00198 
-0.00325 
-0.00551 
-0.00935 
-0.01818 
-0.01834 
-0.01898 
-0.02282 
-0.02724 
-0.03387 
-C  .03 354 
-0.03504 
-0.02897 
-0.01595 
-0.03044 


0.00046 

0.00042 

0.00035 

0.00010 

-0.00145 

-0.00077 

0.00026 

0.00019 

0.00013 

-0.00038 

-0.00065 

-0.00105 

-0.00132 

0.00093 

-0.00194 


-0.00252 
-0.00044 
0.00307 
0.00223 
-0.00334 
-0.00016 
0.00149 
0.00061 
-0.00032 
-0.00271 
0.00672 
0.00327 
-0.01 386 
-0.01220 
0.00633 


0.00042 
0,00052 
0.00057 
0.00036 
-0,00194 
-0.00109 
0.00015 
9,001 02 
--0,00043 
—0  >10097 
-0.90056 
-0.00033 
O.OOOSI 
0.00130 
-0.00040 


-0.31168 
-0.44534 
-0.62776 
-0.95984 
-0.15262 
-1 .03480 
-1 .98522 
-1 .46935 
-2.02305 
-2.29838 
-0.6/739 
-0.88390 
-4.00934 
-7.39198 
-2.65221 
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4.4  WING-WING  COMBINATIONS  AT  ANGLE  OF  ATTACK  (WING  FLOW  FIELDS) 

4.4.1  WING-WING  COMBINATIONS  AT  ANGLE  OF  ATTACK 


This  section  presents  methods  of  estimating  the  properties  of  wing  flow  fields.  The  subsonic  methods 
include  the  effects  of  flow  direction  (downwash)  and  dynamic-pressure  ratio.  The  supersonic  methods 
include  the  effects  of  downwash,  dynamic-pressure  ratio,  and  Mach  number. 

A.  SUBSONIC 


Downwash* 

The  downwash  behind  a wing  in  subsonic  flow  is  a consequence  of  the  wing-trailing-vortex  system.  The 
trailing-vortex  system  behind  a swept  wing  is  shown  in  Sketch  (a).  A vortex  sheet  is  shed  by  the  lifting  wing, 
and  the  sheet  is  deflected  downward  by  the  bound  or  lifting  vortex  and  the  tip  vortices,  which  comprise  the 
vortex  system.  In  general,  the  sheet  is  not  flat,  but  the  curvature  near  the  wing  midspan  is  usually  relatively 
small.  This  is  particularly  true  of  straight  wings  of  reasonably  large  aspect  ratio,  for  which  the  central 
portion  of  the  vortex  sheet  is  extremely  flat.  Wings  with  considerable  trailing-edge  sweepback  produce  a 
vortex  sheet  that  is  bowed  upward  near  the  plane  of  symmetry. 


SKETCH  (a) 


The  tip  vortices  do  not  experience  a vertical  displacement  as  great  as  the  displacement  of  the  central 
portion  of  the  vortex  sheet.  In  general,  they  trail  back  comparatively  close  to  the  streamwise  direction. 


*Thi$  general  discussion  is  essentially  quoted  fromReference  1 , 


Furthermore,  as  the  vortex  system  proceeds  downstream,  the  tip  vortices  tend  to  move  inboard.  Also,  with 
increasing  distance  behind  the  wing,  the  trailing-sheet  vorticity  tends  to  be  transferred  to  the  tip  vortices. 
The  transfer  of  vorticity  and  inboard  movement  of  the  tip  vortices  takes  place  in  such  a fashion  that  the 
lateral  center  of  gravity  of  the  vorticity  remains  at  a fixed  spanwise  location.  When  all  of  the  vorticity  is 
transferred  from  the  sheet  to  the  trailing  vortices,  the  vortex  system  is  considered  to  be  fully  rolled  up,  and, 
in  a nonviscous  fluid,  the  vortex  system  then  extends  unchanged  to  infinity. 

Ahead  of  the  longitudinal  station  for  complete  rollup,  the  spanwise  downwash  distribution  is  dependent 
upon  the  spanwise  lift  distribution  of  the  wing.  However,  when  the  rollup  is  complete,  the  downwash  angles 
for  all  wings  of  equal  lift  and  equal  effective  span  are  identical.  It  is  evident  that  the  shape  of  the  vortex 
sheet  has  a significant  influence  on  the  downwash  experienced  by  a tail  located  in  the  flow  field  of  a wing 
and  that  the  tail  location  relative  to  the  trailing  vortices  is  very  important.  Since  the  tip  vortices  are 
somewhat  above  the  vortex  sheet,  the  downwash  above  the  sheet  is  somewhat  greater  than  the  downwash 
beneath  the  sheet. 

The  tip  vortices  spring  from  the  wing  tips  at  angles  of  attack  for  which  the  How  is  unseparated.  However, 
wings  with  high  sweepback  angles  tend  to  stall  at  the  tips,  and  in  many  instances  the  tip  vortices  originate 
well  inboard  of  the  wing  tip  at  high  angles  of  attack.  This  phenomenon  has  a significant  influence  on  the 
downwash. 

The  previous  discussion  has  been  concerned  with  wings  that  behave  in  a somewhat  conventional  manner  at 
high  angles  of  attack.  Certain  thin,  highly  swept  wings  have  a significantly  different  flow  pattern  in  the 
higher  angle-of-attack  range.  These  wings  are  characterized  by  a leading-edge  separation  vortex  that  lies 
above  the  surface  of  the  wing.  From  its  inception  near  the  plane  of  symmetry,  it  moves  outboard  in  the 
approximate  direction  of  the  wing  leading  edge  and  is  finally  shed  in  a streamwise  direction  near  the  wing 
tip.  Reference  2 shows  some  interesting  studies  of  the  separation  vortex.  It  is  clear  that  the  existence  of  this 
vortex  has  an  important  influence  on  the  downwash. 

For  very  low-aspect-ratio  configurations  or  for  canard  configurations,  the  tip  vortex  from  the  forward  panel 
may  impinge  directly  on  the  aft  surface.  Reference  3 contains  a method  (presented  as  Method  3 herein)  of 
estimating  the  lift  acting  on  the  aft  panel  for  this  type  of  configuration.  The  method  assumes  that  the 
trailing  vortices  are  shed  at  a spanwise  station  corresponding  to  the  center  of  vorticity  of  the  isolated  panel. 
The  vortex  pair  is  then  assumed  to  remain  at  this  spacing  for  longitudinal  distances  at  least  beyond  the  aft 
panel.  This  spacing  is  also  assumed  to  be  constant  as  a function  of  angle  of  attack.  In  the  vertical  plane  the 
vortex  pair  is  assumed  to  trail  in  the  free-stream  direction.  These  assumptions  are  shown  in  Reference 3 to 
be  not  only  convenient,  but  reasonable  in  the  light  of  experimental  data.  With  the  position  of  the  vortices 
determined  and  their  strength  calculated  from  the  lift  of  the  forward  panel,  the  integrated  lift  on  the  aft 
panel  can  be  computed  by  means  of  strip  theory.  Because  the  theoretical  vortex  contains  infinite  velocities 
at  its  center,  the  method  gives  erroneous  answers  where  the  vortices  trail  very  close  to  the  aft  panel.  In 
reality  the  cores  of  the  vortices  revolve  as  solid  bodies  with  zero  tangential  velocity  at  their  centers. 


Downwash  Due  to  Flap  Deflection 

The  downwash  behind  a wing  is  substantially  modified  by  the  deflection  of  trailing-edge  flaps.  This 
deflection  creates  an  increase  in  the  spanwise  loading  on  the  wing  that  increases  the  strength  of  the 
wing-trailing-vortex  system.  Consequently,  the  increased  strength  of  the  wing-trailing  vortex  produces  an 
increase  in  the  downwash  angle. 


4.4. 1-2 


At  present,  no  theoretical  methods  exist  that  lend  themselves  to  hand  calculation  for  predicting  the 
variation  iii  downwash  angle  due  to  flap  deflection.  However,  empirical  curves  are  presented  for  estimating 
the  variation  in  downwash  angle  due  to  deflection  of  plain  or  slotted  flaps  at  small  angles  of  attack  at  low 
subsonic  speeds.  The  correlation  parameters  used  to  generate  these  curves  are  presented  in  Reference  4,  The 
curve  for  slotted  flaps  is  based  on  data  from  single-  and  double-slotted  flap  data. 

Upwash 

Upwash  ahead  of  the  wing  is  induced  by  the  wing  vortex  system  in  a manner  similar  to  that  for  downwash. 
A knowledge  of  flow  fields  beneath  and  ahead  of  a wing  is  sometimes  required  for  the  determination  of 
forces  and  moments  on  nacelles  or  external  stores  or  for  the  determination  of  inflow  velocities  into 
propellers  of  jet-engine  intakes.  Reference  3 contains  charts  for  determining  upwash  about  any 
straight-tapered  swept  or  unswept  wing.  Because  of  their  volume,  these  charts  have  not  been  included  in  the 
Datcom.  Reference  5 contains  a limited  treatment  for  unswept  wings  only. 

Dynamic-Pressure  Ratio 

The  effectiveness  of  a lifting  surface  is  directly  proportional  to  the  average  dynamic  pressure  acting  over 
that  surface.  A surface  operating  in  the  wake  of  an  upstream  surface  therefore  experiences  a loss  in 
effectiveness  because  of  the  reduced  dynamic  pressure.  The  decrease  in  dynamic  pressure  is  caused  by  the 
loss  of  flow  energy  in  the  form  of  friction  and  separation  drag  of  the  forward  surface;  the  greater  the  drag, 
the  greater  the  pressure  loss. 

The  wake,  usually  thin  and  intense  at  or  near  the  trailing  edge,  spreads  and  decays  with  increasing  distance 
downstream  in  such  a manner  that  the  integrated  momentum  across  the  wake  at  any  station  is  constant. 
This  type  of  wake,  which  is  due  to  viscous  effects,  occurs  at  all  speeds. 

DATCOM  METHODS 

Subsonic  Downwash 

Three  methods  are  presented  below  for  estimating  downwash  characteristics.  The  first  method  is  somewhat 
laborious,  but  enables  the  complete  downwash  curve  to  be  estimated.  The  second  method  is  accurate  and 
expedient  to  use,  but  predicts  only  tiie  downwash  gradient.  The  third  method  is  applicable  only  for 
configurations  where  the  span  of  the  forward  surface  is  approximately  equal  to  or  less  than  that  of  the  att 
surface.  Tables  4.4.1 -A  and  -B  present  a data  summary  and  substantiation  for  Methods  1 and  2, respectively, 
using  the  same  test  data. 

Method  1 

This  method  for  estimating  the  downwash  behind  straight-tapered  lifting  wings  at  subsonic  speeds  is  taken 
from  Reference  1.  The  method  is  applicable  to  configurations  in  which  the  span  of  the  wing  is  at  least  1.5 
times  as  large  as  that  of  the  horizontal  tail  (b/bn  ^ 1 .5).  The  basic  approach  is  as  follows  (see  Sketch  (a)). 

1.  Determine  the  downwash  in  the  plane  of  symmetry  at  the  height  of  the  vortex  cores  and  at  the 
longitudinal  station  of  the  quarter-chord  point  of  the  horizontal-tail  mean  aerodynamic  chord. 

2.  Correct  this  value  for  the  horizontal- tail  height  above  or  below  the  trailing  vortices. 

3.  Evaluate  the  effect  of  horizontal-tail  span  by  relating  the  average  downwash  at  the  rail  to  the 
downwash  determined  in  the  second  step. 


3e 

The  downwash  gradient  — at  the  trailing  edge  of  a wing  is  unity.  The  value  at  a distance  infinitely  far 

ocv 

downstream  is  given  by  (Reference  6)  as 


2 (57.3) 
rrA 


C 


4.4.1 -a 


If  these  two  values  are  known,  the  downwash  gradient  for  any  intermediate  longitudinal  position  can  be 
found  by  means  of  lifting-line  theory. 

For  straight  wings  that  have  tip  stall  or  thin  swept  wings  that  shed  the  leading-edge  vortices  inboard  of  the 
wing  tips,  the  effective  wing  aspect  ratio  is  considerably  less  than  the  geometric  aspect  ratio.  An  effective 
aspect  ratio  based  on  induced-drag  considerations  has  been  determined  for  these  wings. 

The  maximum  downwash  at  the  plane  of  symmetry  occurs  at  the  intersection  of  the  plane  of  symmetry 
with  the  plane  containing  the  tip  vortices.  The  ratio  of  the  downwash  at  the  plane  of  symmetry  at  a 
height  a above  or  below  this  intersection  to  the  downwash  at  the  height  of  the  vortex  cores  ~~  is  given  by 


I + 


'2a 


4.4. 1-b 


where  bv  is  the  span  of  the  wing-tip  vortices  at  the  quarter-chord  point  of  the  horizontal-tail  MAC, 
and  a is  the  height  determined  by  means  of  Hquation4.4. 1 -c  or  4.4. 1 -d  (see  Sketch  (a)). 

Because  of  the  spanwise  variation  of  downwash,  the  effective  downwash  acting  on  a horizontal  tail  is 
different  from  that  at  the  plane  of  symmetry.  A correction  for  tail-span  effect  is  presented  from  Reference 
1;  it  is  based  on  the  assumption  that  the  vortices  are  essentially  rolled  up  at  the  longitudinal  tail  station. 
This  is  a valid  assumption  except  for  cases  where  the  core  of  the  vortex  approaches  the  surface  of  the  tail.  It 
should  be  noted  that  the  vortex  rolls  up  in  a shorter  distance  as  the  angle  of  attack  is  increased.  This  is 
fortunate,  because  downwash  effects  become  increasingly  important  at  the  higher  angles  of  attack. 


The  subsonic  downwash  is  obtained  from  the  procedure  outlined  in  the  following  steps: 

Step  1.  The  effective  wing  aspect  ratio  Aeff  and  the  effective  wing  span  befr  are  obtained  from 


Figure  4.4.1 -(>6  as  a function  of  the  wing  angle-of-attaek  parameter 


a - a0 


ac.  . -«o 


a;  is  the  selected  wing  angle  of  attack  and  c*o  and  cvci 

Lmax 

Sections  4. 1.3.1  and  4.1 .3.4,  respectively. 


•max 

may  be  estimated  from 


/ Af1  \ 

Step  2.  The  downwash  gradient  \q~)  in  the  plane  of  symmetry  at  the  height  of  the  vortex  core  is 

obtained  for  any  longitudinal  station,  e.g.,  the  quarter-chord  point  of  the  MAC  of  the 

12 

horizontal  tail,  from  Figure 4,4, 1-67.  This  figure  is  entered  with  2 ^-  and  At.ff,  where  .C2  is 

the  distance  measured  parallel  to  the  wing  root  chord,  between  the  aft  end  of  the  wing  root 
chord  and  the  quarter-chord  point  of  the  MAC  of  the  horizontal  tail  (see Sketch  (a)). 


4.4. 1-4 


Step  3. 


Step  4. 


Determine  the  vertical  position  of  the  vortex  core  (see  Sketch  (a)).  This  depends  upon  the 
type  of  wing  flow  separation  as  determined  from  Figure4.4. 1 -68a. 


For  trailing-edge  separation 


3 = hH  - *eff 


0.41  CL\ 


it  A 


eff 


tan  T 


4.4. 1-c 


For  leading-edge  separation 


a = h„  - 


/ 0.41  CA  beff 


tan  T 


4.4. 1-d 


where 


Cl  is  the  wing-alone  lift  coefficient  obtained  from  test  data  or  estimated  by  using  the 
straight-tapered-wing  method  of  Paragraph  A of  Section  4.1 .3.3. 

a is  the  distance  from  the  quarter-chord  point  of  the  MAC  of  the  horizontal  tail  to 
the  plane  of  the  tip  vortex  cores,  positive  for  the  horizontal  tail  MAC  above  the 
plane  of  the  tip  vortex  cores. 

hH  is  the  height  of  the  horizontal-tail  MAC  quarter-chord  point  above  or  below  the 
plane  of  the  wing  root  chord,  measured  in  the  plane  of  symmetry  and  normal  to 
the  extended  wing  root  chord,  positive  for  the  horizontal  tail  MAC  above  the 
plane  of  the  wing  root  chord. 

leff  is  the  distance  measured  parallel  to  the  wing  root  chord,  between  the  effective 
wing-tip  quarter-chord  point  and  the  horizontal-tail  MAC  quarter-chord  point. 

I3  is  the  distance  measured  parallel  to  the  plane  of  symmetry,  between  the  forward 
end  of  the  wing  MAC  and  the  aft  end  of  the  wing  root  chord,  and  I2  is  defined 
in  Step  2.  In  both  Equations  4.4.1-c  and  4.4.1-d,  a is  in  radians,  and  the  values 
of  Aeff.fc , and  I3  are  positive. 


Determine  the  span  of  the  vortices  at  the  longitudinal  location  of  the  quarter-chord  point  of 
the  horizontal-tail  MAC  by 


where 

b¥  = [0.78  + 0.10  (X  - 0.4)  + 0.003  Acy4]  beff  (Ac^4  in  degrees) 


4.4.1-e 


4.4. 1-f 


4.4. 1-5 


0.56  A 

cL 


Step  5.  By  using  the  parameters  calculated  in  the  above  steps,  obtain  the  average  downwash  gradient 
acting  on  the  tail  (^~)  ^om Figure 4.4.1  -68b. 

Step  6.  The  procedures  of  Steps  1 through  5 are  for  low  speeds.  For  higher  subsonic  Mach  numbers 
the  downwash  gradient  is  given  by 


4.4. 1-g 


where 


is  obtained  by  using  Steps  1 through  5. 


/dCL\  / dcA 

(— — 1 and  I— — J are  given  by  the  straight-tapered  wing  methods  of  Para - 
\ /M  \ /^d  graph  A of  Sections  4. 1.3. 2 or  4. 1.3. 3,  depending  upon 

the  Mach  number  and  angle  of  attack. 


Step  7.  Determine  the  average  downwash  acting  on  the  horizontal  tail  by  integrating  the  average 
downwash  gradient  from  Step  5 or  6,  i.e., 


A sample  problem  illustrating  the  use  of  this  method  is  presented  on  Pages  4.4.1-12  through  4.4.1-16.  The 
method  will  predict  the  downwash  angles  at  the  horizontal  tail  with  accuracy  acceptable  for 
preliminary-design  purposes  for  most  configurations.  However,  since  the  effect  of  tail  span  has  been 
determined  under  the  assumption  that  the  vortices  are  essentially  rolled  up  at  the  tail  location,  caution 
should  be  used  in  applying  the  method  if  the  tail  length  is  short  and  the  tail  plane  is  near  the  location  of  the 
vortex  core  height. 


Not  enough  test  data  are  available  to  substantiate  the  validity  of  the  compressibility  correction  given  by 
Equation  4,4. 1-g. 

Method  2 


An  empirical  method  for  estimating  the  downwash  gradient  behind  straight-tapered  wings  at  subsonic 
speeds  is  taken  from  Reference  7.  The  method  is  restricted  to  the  angle-of-attack  range  over  which  the 
variation  of  downwash  angle  is  a linear  function  of  angle  of  attack. 


4.4. 1-6 


The  average  low-speed  downwash  gradient  at  the  horizontal  tail  is  given  by 


^ - 4.44  [K4 K,K„  (cos  At,4)'«]  ' ” 


4.4. 1-h 


where  KA,  Kx,  and  Kh  are  wing-aspect-ratio,  wing-taper-ratio,  and  horizontal-tail-location  factors 
obtained  from  Figures  4.4.1 -69a,  4.4.1 -69b,  and  4.4.1-70,  respectively.  In  Figure  4.4. 1 -70,  JfH  is  the 
distance  measured  parallel  to  the  wing  root  chord,  between  the  wing  MAC  quarter-chord  point  and  the 
quarter-chord  point  of  the  MAC  of  the  horizontal  tail,  and  hn  is  the  position  of  the  quarter-chord  point 
of  the  horizontal  tail  MAC  relative  to  the  plane  of  the  wing  root  chord  as  defined  in  Method  1 . 


At  higher  subsonic  speeds  the  effect  of  compressibility  is  approximated  by 


4.4.1-i 


where 


is  obtained  using  Equation  4.4. 1-h. 


are  the  wing  lift-curve  slopes  at  the  appropriate  Mach 
numbers,  obtained  by  using  the  straight-tapered-wing 
method  of  Paragraph  A of  Section  4. 1.3. 2. 


A comparison  of  low-speed  test  data  with  3e/3a  calculated  by  this  method  is  presented  asTab!e4.4.1-B. 
The  ranges  of  geometric  parameters  of  the  test  data  are: 


2.00 

< 

A 

< 

8.00 

0 

< 

X 

< 

1.625 

3.4 

< 

\/4 

< 

56.5 

-0.177 

< 

in H 

b 

< 

0.537 

0.78 

< 

2£h 

b 

< 

2.44 

0.280 

< 

b 

< 

0.800 
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i 


Since  the  tail-span  effect  has  not  been  explicitly  included  in  this  method,  the  authority  of  the  method 

bn 

outside  the  limits  0.280  < — < 0.800  is  unknown. 

b 

Not  enough  test  data  are  available  to  substantiate  the  validity  of  the  compressibility  correction  given  by 
Equation  4.4. 1-L 


Method  3 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less  than  that  of 
the  aft  surface,  the  following  method,  taken  fromReference3,  is  recommended. 


Step  1.  The  spatial  position  of  the  trailing  vortices  is  first  determined  relative  to  the  aft  surface. 

The  lateral  spacing  is  determined  from  Figure  4.4.1 -71  as  a function  of  the  exposed 
forward-surface  planform  geometry.  This  spacing  is  invariant  with  longitudinal  distance 
and  angle  of  attack.  The  vertical  position  is  determined  by  assuming  that  the  vortex 
springs  from  the  trailing  edge  at  the  previously  determined  lateral  position  and  trails  in 
the  free-stream  direction.  The  pertinent  vertical  dimension  is  the  distance  between  the 
quarter-chord  point  of  the  MAC  of  the  aft  surface  and  the  vortex  as  determined  above. 

Step  2.  The  vortex  interference  factor  is  obtained  from  Figures  4.3.1. 3-7a  through 

4.3.1.3-71  as  a function  of  the  lateral  and  vertical  vortex  positions,  determined  in  Step  I 
above,  and  the  geometry  of  the  aft  panel.  (The  primed  notation  refers  to  the  forward  panel 
and  the  double-primed  notation  refers  to  the  aft  panel.) 

Step  3.  The  vortex  interference  factor  so  determined  is  used  in  Sections  4.5. 1.1  and  4.5. 1.2  to 
obtain  the  lift  generated  on  the  aft  surface  for  complete  wing-body-tail  combinations. 

The  use  of  the  sample  problem  on  Page  4.4.1-16  as  a guide  is  essential  in  applying  this  method. 


Subsonic  Down  wash  Due  to  Flap  Deflection 

The  method  for  estimating  the  change  in  downwash  due  to  deflection  of  plain  or  slotted  flaps  is  based  on 
the  empirical  curves  presented  in  Figure  4.4.1 -72.  Tables  4.4. 1-C  and  -D  present  a data  summary  and 
substantiation  of  the  test  data  used  to  generate  these  empirical  curves.  The  user  is  advised  to  exercise 
caution  when  evaluating  a configuration  with  different  geometric  parameters  from  those  appearing  in 
Table  4.4. 1-C. 

To  utilize  Figure  4.4.1-72,  the  user  obtains  a value  for^—j.^^ based  on  the  nap  type  and  the  ratio  of 
tail  height  above  the  wing-chord  plane  to  wing  semispan  The  change  in  downwash  angle  Ae  is  then 


4.4.1-8 


obtained  by 


| Ae  A[b(/(b/2)](  ACl 
I ACl  A[bf/Cb/2)] 


where 

A is  the  wing  aspect  ratio, 

bf 

— — is  the  ratio  of  flap  span  of  one  wing  to  wing  semispan. 

b/2 

ACl  is  the  lift  increment  due  to  flap  deflection  obtained  from  test  data  or  Section 
6. 1.4.1. 

b/2  is  the  wing  semispan. 

hH  is  the  tail  height  above  the  wing-chord  plane,  positive  up. 

Subsonic  Upwarii 


3eu 

The  upwash  gradient  - — in  the  plane  of  symmetry  of  an  unswept  wing  is  presented  as  a function  of  the 
da 

wing  aspect  ratio  in  Figure  4.4. 1 -73.  This  chart  is  from  Reference  5. 


In  Reference  3,  the  flow  characteristics  beneath  a wing  are  calculated  by  assuming  the  wing  to  be 
represented  by  a multiple  arrangement  (both  chordwise  and  spanwise)  of  horseshoe  vortices  and  accounting 
for  the  effects  of  wing  thickness  distribution  by  using  the  appropriate  singularity  distribution  in 
conjunction  with  simple  sweep  theory.  The  calculative  procedures,  together  with  the  required  design  charts, 
are  presented  in  Reference  3.  Also  presented  are  comparisons  between  detailed  experimental  flow  fields 
around  swept  and  unswept  wing-fuselage  combinations  and  wing-alone  flow  fields  calculated  by  this 
method.  The  calculated  results  are  qualitatively  correct  in  all  cases  investigated. 


Subsonic  Dynamic-Pressure  Ratio 

This  method  for  estimating  the  dynamic-pressure  q/q^  at  subsonic  speeds  and  in  the  linear  angle-of-attack 
range  is  based  on  the  method  presented  in  Reference  8,  which  relates  the  dynamic-pressure  ratio  to  the  drag 
coefficient  of  the  wing.  The  method  gives  values  of  q/q^  at  the  plane  of  symmetry  only.  Actually, 
considerable  variations  in  q/q^  can  occur  in  both  the  spanwise  and  longitudinal  directions.  Sketches  (b) 
and  (c)  show  typical  spanwise  and  longitudinal  variations,  respectively,  of  dynamic-pressure  ratio  for  a 
straight  wing  and  a 60°  sweptback  wing  (from  Reference  9).  In  general  these  data  indicate  that  stronger 
spanwise  deviations  result  when  the  wing  is  swept  back,  and  stronger  longitudinal  deviations  result  when  the 
wing  is  unswept. 


4.4. 1-9 


In  the  linear  angle-of-attack  range,  the  ratio  of  the  dynamic  pressure  in  the  plane  of  symmetry  at  some 
distance  x aft  of  the  wing-root-chord  trailing  edge  to  the  free-stream  dynamic  pressure  q jq  is  obtained 
from  the  procedure  outlined  in  the  following  steps: 


Step  1 . Calculate  the  half-width  of  the  wing  wake  by 


where 

x is  the  longitudinal  distance  measured  along  the  wake  center  line  from  the 
wing-root-chord  trailing  edge,  positive  aft. 

zw  is  the  half-width  of  the  wake  at  any  position  x. 

Cd0  is  the  wing  zero-lift  drag  coefficient  obtained  from  Paragraph  A of  Section 
4.1.5. 1. 


Step  2.  Calculate  the  downwash  in  the  plane  of  symmetry  at  the  vortex  sheet  (assumed  to  be  the 
same  location  as  the  wake  center  line)  by 

1,62  CL 

e (radians)  4.4. 1-k 

7rA 


Step  3.  Determine  the  vertical  distance  z from  the  vortex  sheet  to  the  point  of  interest  (usually  the 
quarter-chord  point  of  the  MAC  of  the  horizontal  tail)  by 


z = x tan  (7  + e -a) 


4.4.  M 


where  y is  defined  in  Sketch  (d). 


by  the  empirical 


Step  4. 


Determine  the  dynamic-pressure-loss  ratio  at  the  wake  center 
relation 


O 


242  (C°o) 


&)■ 


1/2 


4.4. 1-m 


x 

— + 0.30 


Step  5.  Determine  the  dynamic-pressure-loss  ratio  for  points  not  on  the  wake  center  line  by 


Aq 

q 


4.4. 1-n 


where 


(U) 


is  expressed  in  radians. 


Step  6.  Determine  the  dynamic-pressure  ratio  in  the  plane  of  symmetry  at  an  arbitrary 
distance  x aft  of  the  wing-root-chord  trailing  edge  by 


q Aq 

q—  = 1 4.4.  l-o 

Moo  q 


Note,  that  if  the  distance  from  the  vortex  sheet  to  the  point  of  interest  is  equal  to  or  greater  than  the  wing 
wake  half-width,  the  dynamic-pressure  ratio  at  the  point  of  interest  is  unity,  i.e.,  q/qw  = 1.0 
for  z/zw  > 1.0. 


V 


SKETCH  (d) 


A comparison  of  test  data  with  dynamic-pressure  ratios  calculated  by  this  method  is  given  in  Table  4.4. 1-E. 


4.4.1-11 


Sample  Problems 


Subsonic  Downwash  (Method  1) 

;n:  The  wing-body-tail  configuration  of  Reference  20. 


Wing  Characteristics: 

A = 2.31  X = 0 
At,„  - 52.40  jw  = 0 

r » 0 b = 36.S  in. 
c - 21.1  in. 

NACA  65^q^-006.5  (free-stream  direction) 

Horizontal-Tail  Characteristics: 

bH  = 11.53  in.  hH  = 15.88  in. 


4.4.1-12 


Additional  Characteristics: 


£3  = (delta  wing)  i2  = 26.28  in.  leff  = 12  (delta  wing) 
Low  speed  (M  = 0.17) 


(«o)w  * 0 


K ) = 

\ m«/w 


a 

40 

go 

12° 

16° 

20° 

24° 

28° 

cL 

0.15 

0.315 

0.48 

0.655 

0.825 

0.975 

1.115 

(wing-alone  test  data  from 
Reference  20) 


Compute: 


The  final  calculations  are  presented  in  table  form  on  Page  4.4. 1-1 5.  Many  of  the  quantities  listed  below 
appear  as  columns  in  the  table. 

Determine  the  effective  wing  aspect  ratio  and  the  effective  wing  span. 

® ~ ®0  Qf  — 0 Qf 

- aQ  ~ 33.0  - 0 " 33X) 


(Figure  4.4. 1 -66) 


Determine  the  downwash  gradient  in  the  plane  of  symmetry  at  the  height  of  the  vortex  core. 
2h  = «26-28>  = [44 


(Figure4.4.1-67) 


Determine  the  vertical  position  of  the  vortex  core. 
Ay  = 1.28%  c (Figure  2.2. 1-8) 
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Leading-edge  separation  is  predominant  (Figure  4.4. 1 -68a);  therefore 


a = 


hH  (i2  + i3)  I a 


0.41  CL\  beff 


it  A 


tan  f (Equation  4.4. 1-d) 


eff 


= 15.88  -(26.28  + 21.10)  at 


0-41  C, 

77  Acff 


0.41  C, 


= 15.88  -47.38  (a - 


7T  A 


eff 


Determine  the  span  of  the  vortices  at  the  longitudinal  location  of  the  quarter-chord  point  of  the  tail 
MAC. 

by  = [0.78  + 0. 10  (X- 0.4)  + 0.003  Ac/4]  beft.  (Equation  4.4. 1-f) 


= [0.78 + 0.10  (0-0.4) + 0.003  (52.4)]  beff 
= 0.897  beff 

_ 0.56  A (0.56)  (2.31)  1.294 

CL  = cL  CL 

/2ieff  \1/2 

= beff-(beff-bvtu)\Tr~/  (Equation  4.4. 1-e) 


bcff  (beff  bv  ) 


1.44V/2 


V 


Determine  the  average  downwash  gradient  acting  on  the  tail. 


,3 a)  \3a/ 


\ by  V 


(Figure4.4. 1 -68b) 


\\ 


Solution 


° ~aQ 

A,ff 

beff 

acL  -a 

A 

b 

max 

@/33.0 

(Fig.  4.4.1-66) 

(Fig.  4.4.1-66) 

0.121 

1.00 

1.00 

0.242 

0.364 

0.485 

0.975 

0.988 

0.606 

0.875 

0.933 

0.727 

0.780 

0.877 

0.848 

0.680 

. 

0.809 

"^eff 
0.41  (5) 


«© 


(Eq.  4.4.1-d) 
15.88-47.38 


2@/@ 


V 

11.53/(12 


(Fig.  4.4. 1-68bl 


ru 

(Eq.  4.4.1  -f) 
0.897  @ 


(Eq.  4.4. 1-e) 


0.3835 

0.4307 

0.4838 

0.552 

0.6336 

0.6935 

0.6968 


£ © 
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The  calculated  results  are  compared  with  test  values  from  Reference 20  in  Sketch(e). 
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SKETCH  (e) 


2.  Subsonic  Downwash  (Method  2) 

Given:  The  wing-body-tail  configuration  of  Reference  20.  This  is  the  same  configuration  as  Sample 

Problem  1 above. 

Wing  Characteristics: 

A = 2.31  X = 0 Ac/4  = 52.4°  iw  = 0 V = 0 

b = 36.5  in.  NACA  65^^-006.5  (free-stream  direction) 

Horizontal-Tail  Characteristics : 
hH  = 15.88  in. 

Additional  Characteristics: 

JEH  = 31.57  in.  Low  speed  (M  = 0.17) 


4.4.1-16 


i»  ii.wii**!1  iUntunyrrt^p^lWpy^PP^plf1 


fl 


I «? 


I 


= 0.870 


= 1.73 


I 


Compute: 

2hH  _ 2(15.88) 
b ~ 36.5 

2*h  _ 2(31.57) 
b ’ 36.5 

Ka  = 0.240  (Figure4.4. 1 -69a) 

Kx  = 1.43  (Figure  4.4. 3 -69b) 

K„  = 0.470  (Figure  4.4. 1-70) 

Solution: 

3- 

= 4.44  [ka  Ka  Kh  (cos  Ac/4)  ^2]  U9  (Equation 4.4, 1-h) 

= 4.44  [(0.240)  (1.43)  (0.470)  (cos  52.4°)1/2  ] 119 

= 4.44  (0.1 26)U9 
= 0.377 

The  calculated  value  compares  with  a test  value  of  0.330  from  Reference  20. 

3.  Subsonic  Downwash  (Method  3) 

Given:  The  same  configuration  as  that  of  Sample  Problem  2 of  Paragraph  A of  Section  4.5.1. 1. 


Wing  Characteristics: 


Ae  = 1.80 


ate  o 


xe'  = 0.378 


b 72  = 141.42  in.  d 72  = 26.94  in. 
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Horizontal-Tail  Characteristics: 


Xe"  = 0.515  b 7 ?.  = 110.64  in.  d '72  = 22.08  in. 


Additional  Characteristics: 


Low  speed  (M  - 0.13);  <3  = 0.9915 

x = 165.6  in.  (distance  from  the  wing  trailing  edge  to  the  quarter-chord  point  of  the  horizontal- 
tail  MAC) 


Compute: 


Determine  the  lateral  spacing  of  the  trailing  vortices  at  station  x. 
0AJ  = (0.9915)  (1.80)  = 1.785 

b 72  - d )2 

byjTJyi  * a785  (Figure 4.4. 1 -7 
b/2-d'/2  = 141.42-26.94  = 114.48  in. 


bv72  — d /2  = (0.785)  (114.48)  = 89.87  in. 

b 72  = 89.87  in.  + d '/2  = 116.81  in. 

V / 

bj ' /2  = bJ/2  = 116.81  in.  (The  method  assumes  that  the  lateral  spacing  of  trailing  vortices 

is  invariant  with  longitudinal  distance  and  angle  of  attack.) 

b;'/2  116.81 

—7—  = - — — - - = 1.056  iThis  value  is  used  in  place  of  — in  Figure  4.3. 1.3-7.) 

b / 2 110.64  b^/2 

Determine  the  vertical  position  of  the  trailing  vortices. 

hy  = x tana  = 165.6  tan  a (see  table  below)  (The  method  assumes  the  vortex  springs  from 

the  wing  trailing  edge  and  trails  in  the  free-stream  direction.) 

h 7. 

, V O 

the  ratio  — — is  used  in  place  of — in  Figure 4. 3. 1.3-7. 

b / 2 bw/2 


d ''(2  22,08 

b "/2  " 110.64 


= 0.200 


(This  value  is  used  in  place  of  — in  Figure  4.3. 1.3-7.) 

bw  / 2 
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Solution. 


a 

(dts) 

h 

V 

165.6  tana 
(In.) 

hv  ' 

b"/2 

^ j 

VW'(W") 

fi«.  4.3. 1.3-7  • X", 
bv'/2  hy 

and 

b72  b 72 

0 

0 

a 

-3.0 

s 

14.49 

0.131 

-2.6 

10 

29.20 

0.264 

-2.0 

15 

44.37 

0.401 

-1.68 

20 

60.27 

0.645 

-1.40 

23 

70.29 

0.635 

-1.27 

26 

80.77 

0.730 

-1.15 

The  interference  factor  I at  a = 0 is  used  in  Sample  Problem  2 of  Paragraph  A of  Section  4.5. 1.1 

to  obtain  the  effect  on  total  airplane  lift,  of  the  wing  trailing  vortices  on  the  horizontal  tail. 

4.  Subsonic  Downwash  Due  to  Flap  Deflection 
Given:  The  wing-body-tail  configuration  of  Reference  31 


Wing  Characteristics: 

A = 2.0  b = 23.56  ft  ACL  = 0.57  (test  data) 

Inboard  flap  station  » 0.191  Outboard  flap  station  = 1.00 

Slotted  trailing-edge  flaps  6f  ~ 40° 

Tail  Characteristic: 

hH  = 0 

Compute: 

= —2—  = o 

b/2  ( 23.56/2' 
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= 1.00-0.191  = 0.809 


(Figure  4.4. 1 -72) 


Solution: 


( Ae  A[bfAh/2)]j  _AQ_ 

Ae  _ j ___  | Ajb^b/2)] 

0.57 

= (28.5) 

(2.0)  (0.809) 

= 10.04° 


This  compares  with  a test  value  of  8.8°  from  Reference  31. 

5.  Subsonic  Dynamic-Pressure  Ratio 
Given:  A wing-tail  configuration  of  Reference  9 

Wing  Characteristics: 

A = 6.0  >,  = 1.0  c = 10.0  in.  Sw  = 600  sq  in.  Swc(  = 1200  sq  in. 


NACA  0015  airfoil  (x(  <®  0.30c) 


Additional  Characteristics: 

x = 20.0  in.  (suryey  station  location,  aft  of  wing  trailing  edge) 
Low  speed  = 0.62  x 106  (based  on  c)  7=0 


Smooth  surface  (assume  k = 0) 


Compute: 

Determine  the  half-width  of  the  wake, 
l/k  = «;  read  Cf  at  given  Rj 


ref 


= Sw  = 600  sq  in. 


a 

0 I 

i° 

2°  i 

3° 

4° 

6° 

8° 

CL 

-.of 

.055 

“Tirl 

.175 

.240 

.360 

.485 

( test  data  from  Reference  9) 


- 
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Cf  = 0.00487  (Figure  4. 1.5. 1-26) 


[i + *6 - “Hi)4]  = 1.225  (figure  4. 1.5.1 -28a 


, for  L = 1.2) 


cos  A 

(t/c)max 

cos  0 = 1.0 

rl.s. 

= 1.07 

(Figure4.1.5.1-28b) 

S 

wet 

1200 

-»  n 

Sref 

600 

c°»‘ 

ct  [lH 

O + 100  (i)4] R^. 

(Equation  4. 1.5.1 -a) 


= (0.00487) (1.225) (1.07) (2.0) 
» 0.0128 

= 20.0/ i 0.0  = 2.0 


= 0.68  ^o0(z:  + °-15)  (Equation  4.4. 1-j) 


0.68  y (0.0 128}  (2.15) 
0.113 


Determine  the  downwash  in  the  plane  of  symmetry  at  the  vortex  sheet. 

1.62  CL 

t = (Equation  4.4. 1-k) 

7t  A 

1.62  CL 

- — = 0.0859  C,  (radians) 

3T  6.0  L 

= 4.92  CL  (degrees)  (see  calculation  table  belov/) 

Determine  the  vertical  distance  z from  the  vortex  sheet  to  the  point  of  interest, 
z = x tan  (y  + e -a)  (Equation  4.4.1  -jf) 

= 20.0  tan  (0  + e -Of)  = 20.0  tan  (e  -or)  (see  calculation  table  below) 


4.4.1-21 


Determine  the  dynamic-pressure-loss  ratio  at  the  wake  center. 


1/2 

— (Equationl4,4.1-m) 

2.42(0.01 28)1/2 

i ' — - o.ll9 

2.0  + 0.30 


/Aq\  _ 2-42(S) 
’ — + 0.30 


Determine  the  dynamic-pressure-loss  ratio  for  points  not  on  the  wake  center  line. 


Aq 

q 


(1 


Aq\ 

J cos 

/ o 


0.119  cos2 


‘(U) 

fin 


z 57.3 

i3  r 


(Equation  4.4.  l-n) 

) 


= 0.119  cos2  (79.65  z)  (see  calculation  table  below) 


Solution: 

The  dynamic-pressure  ratio  in  the  plane  of  symmetry  at  a distance  x = 20.0  in.  aft  of  the  wing- 
root-chord  trailing  edge  is 

q Aq 

_ i (Equation  4.4.  l-o)  (see  calculation  table  below) 

q<»  q 


0 

0 

0 

0 

0 

0 

0 

a 

<d«a) 

CL 

test 

values 

« 

(deg) 

tq.  4.4.1-k) 

4.92  © 

fel.  AA.’hJtl 

20  tan  <0  - © i 

(cos2  (79.65  © ) 

Aq 

<1 

<Eq.  4.4. 1-n) 
0.119  © 

q 

9oo 

(Eq. 4.4.  l-o) 

1 - © 

0 

-0.01 

-0.049 

-0.0172 

0.9994 

0.119 

0.881 

1 

0.055 

0.271 

-0.2544 

0.8800 

0.105 

0.895 

2 

0.115 

0.560 

-0.5008 

0.5887 

0.0701 

0.930 

3 

0.175 

0.861 

-0.7470 

0.1576 

0.0307 

0.969 

4 

0.240 

1.181 

-0.9848 

0.0402 

0.0048 

0.995 

6 

0.360 

1.771 

-1.4790 

- 

1.00* 

8 

0.485 

2.386 

-1.9660 

. 

1.00* 

• q/q^  * 1.0  when  i/z^  > 1.0. 
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The  calculated  results  are  compared  with  test  values  from  Reference  9 in  Table  4.4. 1-E.  (This  is  the  second 
configuration  given  inTable  4.4. 1-E.) 

B.  TRANSONIC 


Downwash 

In  general,  the  downwash  gradient  is  proportional  to  the  lift-curve  slope.  The  transonic  lift-curve-slope 
characteristics  are  discussed  in  detail  in  Section  4. 1.3. 2.  The  following  discussion  summarizes  these 
transonic  characteristics. 

For  thin,  low-aspect-ratio  wings  the  downwash  gradient  varies  smoothly  with  Mach  number.  The  typical 
variation  is  similar  to  the  lift-curve-slope  variation  for  Type  “B”  wings  shown  on  Page 4. 1.3. 2-1 3. For  thick, 
high-aspect-ratio  wings  at  low  angles  of  attack  the  variation  is  like  that  of  Type  “A”  wings  (snown  on  the 
same  page),  but  at  high  angles  of  attack  the  downwash-gradient  variation  of  these  wings  is  smooth. 

The  erratic  behavior  of  the  thicker  wings  at  low  angles  of  attack  is  frequently  accentuated  by  shock-induced 
boundary-layer  separation,  which  can  cause  significant  changes  in  the  span-load  characteristics  and  hence  in 
the  downwash  distribution  behind  a wing. 

No  design  charts  for  the  transonic  range  are  presented,  because  so  few  flow  surveys  are  available. 

Dynamic-Pressure  Ratio 

No  method  has  been  suggested  in  the  literature  for  estimating  the  dynamic-pressure  ratio  at  transonic 
speeds.  Furthermore,  few  data  measuring  this  parameter  are  known  to  exist.  The  method  suggested  herein  is 
therefore  tentative. 

DATCOM  METHODS 
Transonic  Downwash 

No  accurate  method  is  available  for  the  prediction  of  transonic  downwash  characteristics.  It  is  suggested 
that  values  be  approximated  by  assuming  that  the  downwash  gradient  is  proportional  to  the  lift-curve  slope 
as  given  in  Section  4. 1.3. 2 for  low  angles  of  attack  and  in  Section  4. 1.3. 3 for  high  angles  of  attack. 

Transonic  Dynamic-Pressure  Ratio 

For  estimating  the  transonic  dynamic-pressure  ratio,  it  is  suggested  that  the  method  presented  in  Paragraph 
A above  be  applied,  with  the  appropriate  zero-lift  drag  values  from  Section  4. 1.5.1  (excluding  wave  drag). 

C.  SUPERSONIC 

Downwash 

At  supersonic  speeds  downwash  is  caused  by  two  factors.  First,  the  region  behind  the  trailing  edge  shock  or 
expansion  wave  is  distorted  by  the  wing  vortex  system  in  a manner  similar  to  that  which  occurs  at  subsonic 
speeds.  Because  of  the  variation  in  span  load,  a vortex  sheet  is  shed  that  rolls  up  with  increasing 
downstream  distance  from  the  surface.  Tip  vortices  similar  to  their  subsonic  counterparts  are  also  present. 
At  the  supersonic  Mach  numbers,  however,  the  entire  flow  Feld  is  swept  back  and  isolated  regions  of 
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influence  may  exist  over  certain  portions  of  the  wing  surface  and  in  the  flow  field  behind  it.  For  instance, 
regions  not  affected  by  the  wing  tip  are  generally  present.  For  a rectangular  wing  such  a region  can  be 
treated  in  a two-dimensional  manner,  i.e.,  no  lateral  variation  of  downwash  exists. 

Secondly,  a change  in  flow  direction  occurs  in  the  flow  region  between  the  leading-  and  trailing-edge  shock 
or  expansion  waves.  Since  this  region  of  the  flow  field  does  not  “see”  the  wing  vortex  system,  numerical 
values  of  downwash  can  be  calculated  by  applying  shock-expansion  theory.  In  order  to  simplify  the 
calculations,  it  is  standard  practice  to  perform  the  calculations  with  wing-root  geometry  and  to  assume 
two-dimensional  flow.  For  cases  in  which  the  vehicle  component  (i.e.,  horizontal  tail)  immersed  in  the  wing 
flow  field  has  less  span  than  the  wing,  this  latter  assumption  is  justified.  For  cases  in  which  the  aft 
component  is  large  compared  to  the  forward  component  (i.e.,  a wing  following  a canard  surface),  this 
assumption  is  not  justified,  because  of  the  significant  spanwise  downwash  variations  associated  with  the 
wing  tips.  Behind  the  trailing-edge  shock  or  expansion  wave  the  downwash  due  to  these  compressibility 
effects  is  zero. 


Dynamic-Pressure  Ratio 

Variations  in  the  dynamic-pressure  ratio  exist  throughout  the  field  of  influence  of  a wing  in  supersonic 
flight.  A thin  viscous  wake  exists  behind  the  wing,  with  characteristics  quite  similar  to  its  subsonic 
counterpart  (see  Paragraph  A above).  In  addition,  the  nonviscous  flow  region  behind  the  leading-edge  shock 
or  expansion  wave  also  exhibits  dynamic-pressure-ratio  variations  due  to  compressibility  effects.  The 
application  of  shock-expansion  theory  has  been  shown  to  yield  a reasonable  approximation  for  the 
dynamic-pressure  ratio  in  the  nonviscous  portion  of  the  flow  field. 

The  existence  of  the  trailing-edge  shock  wave  on  the  upper  surface  can  cause  a significant  boundary-layer- 
separation  region  under  conditions  of  low  Reynolds  number  and/or  large  angles  of  attack  (see  Sketch  (f))- 
This  region  of  separation  creates  a wide  wake  near  the  trailing  edge  that  is  not  predicted  by  the  method 
presented  herein. 


Mach  Number  Effects 


The  local  Mach  number  between  the  leading-  and  trailing-edge  shock  or  expansion  waves  can  vary 
significantly  from  the  free-stream  value.  Expansion  fields  increase  the  Mach  number,  and  compression  fields 
decrease  the  Mach  number.  Vehicle  components  immersed  in  these  flow  fields  exhibit  different 
aerodynamic  characteristics  because  of  the  varying  Mach  number.  This  is  illustrated  in  Sketch  (g)  for  a 

double  wedge  airfoil. 
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Lumped  Parameter 

At  least  one  authoi(ReferencelO)  has  treated  the  flow  field  at  supersonic  speeds  by  combining  the  effects  of 
downwash,  dynamic-pressure  ratio,  and  Mach  number  into  a single  lumped  parameter.  This  approach  gives 
valid  values  for  determining  the  effect  of  the  wing  shock-expansion  field  on  stabilizer  effectiveness  but 
cannot  give  the  isolated  effects.  In  the  Datcom,  this  analysis  is  presented  in  Section  4.5. 1.2. 


DATCOM  METHODS 
Supersonic  Downwash 


Method  1 

The  downwash  behind  a straight-tapered  wing  for  either  subsonic  or  supersonic  leading  and  trailing  edges 
can  be  approximated  by  the  theoretical  method  presented  in  Reference  1 1 . The  basic  theory  uses  a system 
of  20  swept  unit  horseshoe  vortices  placed  along  the  load  line  of  the  wing  (assumed  to  be  the  midchord  line 
in  the  Datcom).  The  vortices  are  then  weighted  by  the  span-load  variation.  The  integrated  contribution  of 
each  bound  and  each  trailing  vortex  is  then  determined  as  a function  of  the  spatial  coordinates  and 
presented  in  either  table  or  chart  form. 

For  computing  downwash  in  the  plane  of  symmetry,  tables  have  been  prepared  based  on  the  downwash  due 
to  the  system  of  swept  unit  horseshoe  vortices. 

For  computing  the  spanwise  variation  of  downwash,  design  charts  have  been  prepared  based  on  an 
approximation  of  the  downwash  due  to  the  system  of  swept  unit  horseshoe  vortices.  The  swept  lifting  line 
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has  been  approximated  with  semi-infinite  unswept  horseshoe  vortices,  Although  this  approximation  does 
not  predict  the  exact  magnitude  of  the  spanwise  variation  in  downwash,  it  has  been  applied  in  an  effort  to 
simplily  the  final  solution  and  to  allow  design  charts  to  be  presented  in  lieu  of  lengthy  calculation  tables. 
By  using  this  approach,  the  calculated  level  of  the  spanwise  downwash  variation  is  adjusted,  if  necessary,  to 
the  value  at  the  plane  of  symmetry  obtained  using  the  tables. 


This  method  is  presented  in  the  Datcom  because  of  its  wide  range  of  applicability,  even  though  the  tables 
and  design  charts  of  Reference  1 1 have  not  been  reproduced.  However,  the  basic  equations  are  presented  for 
use  in  the  event  that  the  reference  is  not  available  to  the  user.  The  span  loading  of  the  particular  wing  being 
considered  must  be  known.  At  the  present  time  this  information  must  be  obtained  from  sources  other  than 
the  Datcom,  for  instance  Reference  1 2. 


3e 


The  derivative  — at  a particular  point  (x,  y,  z)  in  the  flow  field  not  close  to  the  trailing  edge  of  the  wing 
is  obtained  by  means  of  the  equation 


3e 

da 


w 


VooQ! 


4.4. 1-p 


For  points  on  the  plane  of  symmetry 


n2  r - r 


b/2 


1=0 


— Fw(iyi,oD  + ^ Fw,0 


4.4.  l-q 


For  points  not  on  the  plane  of  symmetry  (spanwise  downwash) 


— w = - 


° r - r„ 

yi  + 1 


'i  - 1 


n2  p _ r 


b/2 


F»<Y,.„>+£ 


ri  + l 


yi  - l 


b/2 


Fw(Y-,o> 
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The  functions  Fw  (lyj.ol),  Fw  (Yii0),  and  FW|0  are  presented  in  Reference  1 1 as  Table  II,  Figure  6,  and 
Table  III,  respectively,  and  are  expressed  mathematically  by 


Fw(iyi.0i)=- 


Hyi.°|Xi,o  + ~ yi,2o)  + ^m2lyi>0|Xi]0(lyii0l2  + 2z2)  + ,3m2|yii0  |(z2  + iy.J2) 


FwOV  = 


Y..oX?  - YJiWX,  (Y,J,+2  z\) 


W,0 


’fyxf  - p2m2  Z2  [X2  + z2  (1  - P2m2)] 


To  + zo  + iyi>0i2>2  + zo(x;2o-  02m2i> 

'i,0l2-  /52m2z2)] 

+ 2z2) 

4.4.  l-s 

;2)<Yi;0  +z2) 

4.4. 1 -t 

!m2)] 
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Definitions. applying  to  this  method  are  given  as  follows  (symbolism  used  for  this  method  is  identical  with 
that  of  Reference  1 1). 

= free-stream  velocity, 
a - angle  of  attack  in  radians. 

x,y,z  = standard  rectangular  Cartesian  coordinates  with  the  origin  at  the  50-percent-chord  point  of 
the  root  section. 

XpVj  = standard  rectangular  Cartesian  coordinates  of  the  inboard  corners  of  the  horseshoe  vortices. 


X°  ~ b/2 


S Q 


X = ± = ± y 

'.o  b/2  yt'c 


Xi, o = Xo  - Xi,o  = Xo  ± y,.o  = 


V - , 

X = x ±- — 
1 0m 


X / o 

x = ( = for  swept  lifting  line 

0b/ 2 \ 0m 


Y°  b/2 


_ _Vi_ 
y'l’°  b/2 


Y = y — y.  - 

1,0  J O J 1,0 


i = variable  index  used  in  summation,  designating  a particular  horseshoe  vortex.  Values  of  i from  o 
to  ni  are  associated  with  negative  values  of  y,  and  values  from  o to  nj  with  positive  values 
of  y*. 

m = slope  of  lifting  line  (cot|Ac/2 1 ) 
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rij  ,n2  = value  of  i at  left-  and  right-hand  wing  tips  of  a swept  wing,  looking  from  trailing  edge  to 
leading  edge. 

T = value  of  circulation  at  any  spanwise  station.  If  the  load  distribution  is  given  in  terms  of  the 
section  lift  coefficient,  the  circulation  is  determined  by  the  equation 

ry  = 1/2  eg  Vc 

where  c is  the  local  chord. 

T0  = circulation  at  ^ = 0 

The  suggested  method  of  adjusting  the  calculated  spanwise  downwash  given  by  Equation  4.4. 1-r  is  to 
translate  the  curve  of  calculated  spanwise  downwash  so  that  the  value  at  the  plane  of  symmetry  (y0  = 0)  is 
made  to  coincide  with  that  computed  by  using  Equation  4.4. 1-q.  This  approach  is  illustrated  in  the  sample 
problem  on  Page  4.4.1  -35. 

For  locations  near  the.  wing  trailing  edge,  lifting-line  theory  does  not  give  adequate  answers  and  a more 
precise  determination  must  be  made.  An  exact  equation  is  given  in  Reference  13  for  determining  this  value, 
which  involves  the  local  angle  of  attack  and  the  perturbation  velocity  at  the  trailing  edge. 

The  effects  of  vortex-sheet  displacement  and  distortion  have  not  been  included  in  this  method,  although 
this  effect  may  be  approximated  by  the  theory  of  Reference  14.  (See  Steps  1 and  2 of  Method  2 that 
follows.)  The  displacement  of  the  vortex  sheet  at  the  center  line  is  determined,  and  it  is  assumed  that  this 
displacement  is  constant  for  all  lateral  stations.  Therefore,  the  effects  of  vortex-sheet  displacement  and 
distortion  are  approximated  by  calculating  a new  zQ  value  to  be  used  in  this  method.  In  using  the  design 
charts  associated  with  Method  2,  it  should  be  noted  that  the  origin  of  the  spatial  coordinates  is  located  at 
the  wing  apex  rather  than  at  the  50-percent-chord  point  of  the  root  section  as  for  this  method. 


Method  2 

Supersonic  downwash  for  straight-tapered  wings  with  supersonic  leading  edges  (fi  cot  A,  > 1)  and 
supersonic  trailing  edges  ((3  cot  AT[;  > 1)  may  be  computed  by  means  ot  the  charts  presented  in 
Reference  14.  (It  should  be  noted  that  Figures  4.4.1 -76a  and  -76d  from  Reference  14  have  been  expanded 
somewhat, based  on  available  test  data.  In  addition.  Figure  4.4.1  -76ehas  been  obtained  semiempirically  by 
using  Figure  4.4. 1 -76d  as  a basis  and  should  be  applied  with  caution.)  The  charts,  based  on  lifting-line 
theory,  are  derived  for  flat-plate  wings  and  include  a correction  for  the  displacement  and  distortion  ol  the 
trailing  vortex  sheet.  The  lifting  line  is  assumed  to  be  at  Ac/,  for  the  rectangular  and  trapezoidal  wings  and 
at  A3c/4  for  the  triangular  wings.  Near  the  sonic-leading-edge  condition,  the  lift  of  a finite-thickness  wing  is 
significantly  less  than  the  values  for  flat-piate  wings  (see  Section  4. 1. 3. 2).  The  downwash  gradient  de/da 
may  be  corrected  to  account  for  wing  thickness  effects  as  mdicated  in  the  procedure  below.  I able  4.4.1  -f- 
presents  a data  summary  and  substantiation.  The  limited  number  of  test  points  presented  precludes 
substantiation  of  this  method  over  other  than  very  limited  ranges  of  plan  form  and  How  parameters. 


The  derivative  — for  wings  with  supersonic  leading  and  trailing  edges  is  obtained  by  the  following 
procedure; 
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■t— r"  r- 


l«  ,«  ii  i*  ■ 


* 


Step  1.  For  the  Mach  number  under  consideration,  the  coordinates  of  the  point  where  the 

2x  2y  2z 

downwash  is  desired  are  reduced  to  the  parameters  — , — , and  — measured  from  an 

/3b  b b 

origin  at  the  apex  of  the  wing  (x,  y,  and  z are  positive  in  the  conventional  sense  and  refer 
to  wind  axes). 


Step  2. 


The  effects  of  displacement  and  distortion  of  the  vortex  sheet  are  accounted  for  by 
determining  the  displacement  of  the  sheet  at  the  center  line  and  assuming  that  this 
displacement  is  constant  for  all  lateral  stations  (see  Reference  14).  The  vertical 
displacement  2h/b  of  the  vortex  sheet  at  the  center  line  is  obtained  from  Figure 4.4.1 -74 

2z 

(derived  from  Reference  8).  This  value  is  added  to  the  parameter  — from  Step  1 to  obtain 

b 


the  effective  value  of  the  height  parameter  relative  to  the  displaced 


parameter  is  designated 


vortex.  This  effective 


Step  3.  For  the  values  of  — , — 

0b  b 


de 


andf— ) , the  derivative  — is  obtained  from  Figures 

V b / eff  da 

4.4.1 -76a  through  4.4.1-76e,  depending  upon  the  appropriate  wing  planform  geometry.  This 
value  is  valid  for  finite-thickness  wings  except  near  the  sonic-leading-edge  condition,  where 
an  additional  correction  is  required. 


Step  4. 


For  near-sonic-leading-edge  conditions,  the  value  of  — obtained  from  Step  3 is  multiplied 

da 

by  the  thickness  correction  factor  from  Figure4. 1.3 .2-60. 


Step  5.  For  moderate  angles  of  attack  below  wing  stall,  where  the  nonlinear  lift  becomes  important, 
the  downwash  gradient  determined  from  Step  3 can  be  approximately  corrected  by  the 
equation 


where 


de  _ (Cn*>  4.I.3.3  / de  \ 

da  (CN  ) \da/ 

V N»'4.1.3.2  step  3 
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(Csa  )4  i 3 3 is  the  local  normal-force-curve  slope  from  Paragraph  C of  Section 
4. 1.3. 3 for  the  angle  of  attack  under  consideration.  It 
is  (CNq,  )4  i 3 2 corrected  for  thickness  effects. 

(CNa)4  132  is  the  normal-force-curve  slope  at  zero  angle  of  attack  from  the 
straight-tapered-wing  method  of  Paragraph  C of  Section  4. 1.3.2, 
excluding  the  thickness  correction  factor  of  Figure4. 1 .3.2-60. 


-) 

t'P  J 


is  the  downwash  gradient  from  Step  3. 
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Step  6.  The  average  downwash  over  the  span  of  a horizontal  tail  is  obtained  by  computing  the 
downwash  at  several  spahwise  locations  and  computing  an  average  value. 

* 

Step  5 should  be  usild  with  caution.  Nonlinear  lift  (which  is  characteristic  of  low-aspect-ratio 
configurations)  is  caused  by  strong  vortices  that  generally  move  inboard  with  increasing  angle  of  attack  and 
may  have  a spanwise  spacing  comparable  to. that  of  the  downstream  surfaces. 

For  those  configurations  that  do  not  satisfy  the  supersonic  leading-  and  trailing-edge  condition,  an 
approximation  (used  in  Digital  Datcom)  for  the  downwash  gradient  may  be  obtained  by  using  Equation 
4.4. 1-k,  i.e., 


1.62  C, 

e = (radians) 

7TA 


From  this  equation  a relationship  is  obtained  for  € as  a function  of  angle  of  attack.  Plotting  the  curve 
from  this  relationship  enables  the  user  to  obtain  a value  for  3e/da  at  a specific  angle  of  attack. 
However,  this  approximation  should  be  used  with  caution  since  it  has  not  been  substantiated  in  the 
supersonic  speed  regime. 


Method  3 


For  low-aspect -ratio  or  canard  configurations  the  vortex  pair  from  the  forward  surface  interacts  more 
directly  with  the  aft  surface  and  the  following  method  from  Reference3  is  applicable. 

Step  1 . The  spatial  position  of  the  trailing  vortices  is  first  determined  relative  to  the  aft  surface. 

The  lateral  spacing  is  determined  from  Figure  4.4.1 -80  as  a function  of  the  exposed 
forward-surface  planform  geometry.  This  spacing  is  invariant  with  longitudinal  distance 
and  angle  of  attack.  The  vertical  position  is  determined  by  assuming  that  the  vortex 
springs  from  the  trailing  edge  at  the  previously  determined  lateral  position  and  trails  in 
the  free-stream  direction.  The  pertinent  vertical  dimension  is  the  distance  between  the 
quarter-chord  point  of  the  MAC  of  the  aft  surface  and  the  vortex  as  determined  above. 

Step  2.  The  vortex  interference  factor  is  obtained  from  Figures  4.3.1.3-7a  through 

4.3.1 ,3-7i  as  a function  of  the  lateral  and  vertical  vortex  positions,  determined  in  Step  1,  and 
the  geometry  of  the  aft  panel,  (The  primed  notation  refers  to  the  forward  panel  and  the 
double-primed  notation  refers  to  the  aft  panel.) 

Step  3.  The  vortex  interference  factor  so  determined  is  used  in  Sections  4. 5. 1,1  and  4. 5. 1.2  to 
obtain  the  lift  generated  on  the  aft  surface  for  complete  wing-body-tail  combinations. 

This  method  is  similar  to  Method  3 for  estimating  subsonic  downwash  in  paragraph  A.  The  use  of  the 
subsonic  sample  problem  on  Page  4.4. 1-1 7 as  a guide  is  essential  in  applying  this  method. 
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Supersonic  Dynamic-Pressure  Ratio 


The  dynamic-pressure  ratio  at  supersonic  speeds  is  estimated  separately  for  the  nonviscous  and  viscous  flow 
regions.  The  nonviscous  flow  region  is  approximated  by  the  flow  emanating  from  the  wing  in  the  absence  of 
separation,  and  bound  by  shock  or  expansion  waves.  The  viscous  flow  region  is  considered  to  be  the  viscous 
wake  behind  a wing,  with  attached  flow  in  the  vicinity  of  the  trailing  edge. 

Nonviscous  Flow  Field 

The  dynamic-pressure  ratio  in  the  nonviscous  flow  field  of  a wing  is  estimated  by  means  of  shock-expansion 
theory.  Application  of  this  technique  assumes  that  the  flow  field  is  two-dimensional.  For  a rectangular 
wing,  the  region  outside  the  influence  of  the  tips  is  two-dimensional.  Therefore,  the  method  applied  to 
rectangular  wings  will,  in  general,  predict  the  experimental  trends  and  even  the  magnitude  of  the  flow-field 
quantities  with  fair  accuracy,  except  in  the  region  influenced  by  the  tip  or  in  the  viscous  wake.  For  some 
rectangular  wings  of  high  effective  aspect  ratio  (0A),  the  greater  portion  of  the  flow  field  can  be  predicted 
reasonably  well  by  shock-expansion  theory. 

Strictly  speaking,  this  method  can  not  be  applied  to  sweptback  wings,  since  the  large  portion  of  the  flow 
field  of  such  wings  will  not  be  two-dimensional.  However,  the  method  might  furnish  a good  approximation 
to  the  dynamic-pressure-ratio  variations,  because  the  theory  does  account  for  the  presence  of  shock  and 
expansion  waves.  In  Reference  15  the  method  has  been  applied  to  a triangular  wing  with  supersonic  leading 
edges,  and  the  dynamic-pressure  ratio  was  predicted  fairly  accurately  except  in  the  viscous  flow  region.  No 
comparison  of  calculated  results  with  experimental  data  has  been  made  for  wings  with  subsonic  leading 
edges. 


The  theory  as  applied  herein  allows  calculation  of  the  dynamic-pressure  ratio  on  an  arbitrarily  selected 
survey  plane  located  downstream  from  the  wing.  The  geometric  relationship  between  points  on  this  plane 
and  points  on  the  airfoil  from  which  the  disturbance  originates  is  illustrated  in  Sketch  (h).  It  is  assumed  that 
disturbances  emanating  from  a point  on  the  wing  (x  ’ - z 'plane) 


proceed  downstream  at  the  theoretical  Mach  angle  n for  surfaces  with  an  initial  expansion  angle,  and  at 
the  shock  angle  d for  surfaces  with  an  initial  compression  angle.  It  is  further  assumed  that  the 
dynamic-pressure  ratio  at  some  point  (x,  y)on  the  survey  plane  is  the  same  as  that  at  the  corresponding 
point  (x\  y')  on  the  airfoil  surface. 
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The  basic  approach  is  as  follows: 

1.  For  a given  airfoil  and  flow  condition  determine  the  points  (x,  y)  in  the  flow  field  at  the  survey 
plane  corresponding  to  the  points  (x\  y')  on  the  airfoil  from  which  the  disturbance  is  assumed  to 
originate. 

2.  By  using  shock-cxpansion  theory,  determine  the  dynamic-pressure  ratio  at  point  (x,  y)  in  the  flow 
field  - which  is  assumed  to  be  the  same  as  that  at  corresponding  point  (x\  y'). 

In  applying  shock-expansion  theory  the  flows  on  the  upper  and  lower  airfoil  surfaces  can  be  treated 
separately.  The  type  of  flow  (either  expansion  or  compression)  at  a given  point  is  governed  by  the  sign  of 
the  flow -deflection  angle  at  that  point. 

If  the  flow-deflection  angle  is  positive,  the  flow  expands  isentropicaliy  and  the  character  sties  of  the  flow 
are  given  by  Prandtl-Meyer  expansion  relations.  If  the  flow  quantities  are  known  at  one  point,  the  values  at 
any  second  point  can  be  calculated  by  identifying  the  change  in  the  flow  angle  between  the  two  points. 

If  the  flow-defleetion  angle  is  negative,  the  flow  is  compressed  and  the  flow  characteristics  are  given  by 
oblique-shock-wave  relations.  The  Datcom  presents  a design  chart  showing  the  variation  of  shock  angle  with 
flow-deflection  angle  for  various  upstream  Mach  numbers.  In  addition,  since  flow  through  weak  shock 
waves  is  nearly  isentropic,  compressions  through  small  angles  may  also  be  calculated  by  regarding  them  as 
reversed  Prandtl-Meyer  expansions. 


Although  expansion  and  compression  waves  proceed  at  different  angles  and  therefore  interact,  this 
simplified  method  does  in  some  cases  give  a good  approximation  of  the  dynamic-pressure  ratio.  The 
accuracy  of  the  method  deteriorates  as  the  wing  thickness  and/or  distance  of  the  survey  plane  aft  of  the 
wing  increase. 

The  following  steps  outline  the  procedure  to  be  followed  for  determining  the  supersonic  dynamic-pressure 

ratio  in  the  nonviscous  flow  field.  The  use  of  the  sample  problem  on  Page  4.4. 1-41  as  a guide  is  essential  in 
applying  this  procedure. 


Step  1.  For  a given  airfoil  and  flow  condition,  determine  the  flow-deflection  angles  on  the  upper 
and  lower  airfoil  surfaces  at  the  leading  edge. 


For  an  airfoil  at  a positive  angle  of  attack  the  flow-deflection  angle  at  the  leading  edge  is 
given  by: 

For  the  upper  airfoil  surface 


6 lb 


a 


upper 

For  the  lower  airfoil  surface 


LE 


= -«-\e 


lower 


where  the  6 ' values  are  the  flow-deflection  angles  and  the  6 values  are  the  slopes  of  the 
airfoil  surface  with  respect  to  the  chord  plane  x'. 
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If  6 l h is  positive  the  surface  has  an  initial  expansion  angle.  If  6 is  negative  the 
surface  has  an  initial  compression  angle. 


rs 


r 


Step  2.  Determine  the  points  (x  , z)  in  the  flow  field  corresponding  to  the  points  (x'  , z ) on  the 
airfoil  from  which  the  disturbance  is  assumed  to  have  originated. 

For  surfaces  with  an  initial  expansion  angle 

x sin  a 


-x  +•  X COS  a 


z - 


tan  (fi  +Ot) 
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where 


sin  or  + 


cos  a 


tan  (/a  +Or) 


m 


#• 


x'  is  an  arbitrarily  chosen  point  cn  the  airfoil  chord  plane,  positive  aft  of  the  leading 
edge. 

x is  the  location  of  the  arbitrarily  chosen  survey  plane  on  the  x-axis,  positive  aft  of 
the  leading  edge. 

a is  the  angle  of  attack  in  degrees. 


H is  the  Mach  angle,  n = sin-  1 


1 

mI 


For  surfaces  with  initial  compression  angles 

x sin  or 


-x  + x cos  or  - 


z = 


tan  (O'-  0) 


sm  a + 


cos  a 
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tan  (a  - 6) 


a 


where  x\  x,  and  a are  defined  above  and  6 is  the  shock-wave  angle  obtained  as  a function  of 
the  free-stream  Mach  number  and  the  flow-deflection  angle  from  Figure  4.4. 1-81, 

Equations  4.4. 1-w  and  4Ai-x  are  based  on  the  assumption  that  the  disturbance  originates 
from  a point  located  on  the  airfoil  chord.  Therefore,  z'  = 0. 

Step  3.  Determine  the  dynamic-pressure  ratio  at  point  (x  , z)  which  is  assumed  to  be  the  same  as 
that  at  corresponding  point  ( x' , z'). 

For  expansion  fields  (positive  flow-deflection  angles)  the  procedure  is  as  follows: 

a.  Using  the  Mach  number  upstream  of  a point  Mn  _ 1 , enter  Figure  4.4.1-82  and 
obtain  vn  _ 1 , the  Prandtl-Meyer  angle  (angle  through  which  the  supersonic  stream 
is  turned  to  expand  fiv>m  M = 1 to  M > 1 ).  n refers  to  an  individual  point. 

b.  Determine  Au., , the  change  in  flow-deflection  angle  between  two  points  In 

expanding  from  the  free  stream  to  a point  downstream  of  the  leading  edge, 
Aun  = a - . On  the  airfoil  surface  Au„  is  simply  the  < hange  in  surface  slope 

between  two  points;  i.e.,Aun  = 5n_  1 - 6n. 
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c.  Determine  the  new  Prandtl-Meyer  angle  at  point  n by  rn  = i + Avn 

d.  Enter  Figure  4.4. 1 -82  with  vn  and  read  Mn. 

e.  Using  Mn  . i (upstream  Mach  number)  and  Mn  (Mach  number  at  point  in 
question),  enter  Figure  4.4. 1 -XT.  and  read  the  ratio  of  dynamic  pressure  to  total 
pressure  q/p,  at  the  respective  Mach  numbers.  Then 


% _ (q/tVn  qn  1 

4oo  bj/p(  j 4oc 
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The  dynamic-pressure  ratio  followirj  an  oblique  shock  is  given  by 


where  Mn_,,  6,  and  5 are  defined  under  Equation  4.4. 1 -z. 


At  the  airfoil  trailing  edge  the  flow  over  both  the  upper  and  lower  surfaces  of  the  airfoil 
returns  to  nearly  free-stream  flow.  If  the  Mach  number  at  the  trailing  edge  is  greater  than 
the  free-stream  Mach  number,  the  flow  is  compressed  through  a shock  wave  0te 
corresponding  to  the  Mach  number  at  the  trailing  edge,  and  the  flow-deflection  angle 
6 ' = ~a+  5te  • If  the  Mach  number  at  the  trailing  edge  is  less  than  the  free-stream  Mach 
number,  the  flow  is  expanded  through  the  angle  e = o+6te- 


This  procedure  is  best  applied  by  starting  with  the  leading  edge.  The  sample  problem  on  Page  4.4.1 -41 
illustrates  the  procedure. 


Viscous  Flow  Field 

No  known  method  exists  in  the  literature  for  estimating  the  dynamic-pressure  ratio  in  the  viscous  wake  of  a 
wing  at  supersonic  speeds.  Because  of  the  similarity  of  this  part  of  the  How  field  to  the  corresponding 
viscous  wake  at  subsonic  speeds,  it  is  recommended  that  the  method  presented  for  determining  the  subsonic 
dynamic-pressure  ratio  in  Paragraph  A be  applied  at  supersonic  Mach  numbers.  In  using  this  method  the 
appropriate  value  of  Q>0  must  be  obtained  from  Paragraph  C of  Section  4. 1.5.1. 

It  should  be  noted  that  the  x-  and  z-distances  used  in  this  method  ere  measured  from  different  origins  from 
those  used  in  the  method  for  the  nonviscous  How  field.  In  this  method  x is  measured  from  the  wing-root 
trailing  edge  and  z is  measured  from  the  wake  center  line 


Mach  Number  Effects 


No  explicit  method  is  presented  in  the  Datcom  for  determining  the  Mach  number  field  about  an  airfoil. 
However  Reference  16  explains  and  illustrates  a calculation  process.  Compressibility  tables  such  as  those  cf 
Reference  1 7 can  be  of  great  help  in  estimating  compressible-flow  properties 


Sample  Problems 


1.  Supersonic  Downwash  (Method  1) 

Given: 

The  sample  problem  presented  in  Reterence  1 I.  The  calculation  procedure  is  illustrated  by  showing 
calculations  for  one  Mach  number  and  two  points  in  the  How  field,  one  in  the  plane  of 
symmetry  (y0  = 0)  and  one  outside  the  plane  of  symmetry  at  y0  = 0. 1 5.  The  points  for  which  the 
downwash  calculations  are  given  are  both  located  at  longitudinal  position  x0  - 2.2  and  verticil 
position  z0  = 0. 


Solution:  Plane  of  Symmetry 


de  _ w 
da  V^a 


(Equation  4.4. 1-p) 
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Front  Equation 

4.4. 1-J  or 
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Reference  11 
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From  Equation 
4.4.1-u  or 
Table  III  of 
Reference  1 1 

de 
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0.868 

0 

0.144686 

-0.11184 

o.os 

0.890 

0.043 

-1.553695 

-0.0668089 

0.10 

0.911 

0.034 

-0.756150 

-0.0257091 

0.15 

0.924 

0.023 

-0.489023 

-0.0112475 

0.20 

0.934 

0.018 

-0.354408 

-0.0063793 

0.25 

0.942 

0.020 

-0.272706 

-0.0054541 

0.30 

0.954 

0.018 

-0.217364 

- 0.0039126 

0.35 

0.960 

0.012 

-0.176978 

-0.0021237 

0.40 
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0.010 
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-0.0014581 

0.45 

0.970 
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-0.0003619 

0.50 
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0.0009706 
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0.455 

-0.683 

0 

0 

1.00 

0 
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Compute:  Outside  the  Plane  of  Symmetry 

Determine  the  downwash  gradient  outside  the  plane  of  symmetry  at  yo  = 0.15,  zo  - 0,  xQ  = 2.2 


— w = 


b/2 


Fw  ( Yi  t> > (Equation 4.4. 1-r) 
{see  calculation  table  below) 
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the  Plane  of  Symmetry 


0.04503  Z = 0.04819 


Additional  results  are  presented  in  Reference  1 1 for  the  variation  of  de/dcx  in  the  plane  of  symmetry  with 
Mach  number  and  longitudinal  position.  These  results  are  shown  in  Sketch(i). 


SKETCH  (i)  O Exact  value  at  trailing  edge 


The  inaccuracies  in  Method  1 near  the  trailing  edge  are  not  too  apparent  except  for  the  M - 2.19  curve. 
As  was  pointed  out  previous!/  (Page  4.4.1-28),  these  inaccuracies  may  be  minimized  by  determining  the 
exact  value  at  the  trailing  edge. 

Additional  results  from  Reference  1 1 for  the  spanwisc  variation  of  downwash  are  shown  in  Sketch  (j)- The 
spanwise  variation  of  downwash  at  Xq  = 2.2  and  zQ  = 0,  calculated  by  Equation  4.4.1 -r,  is  shown  by  the 
solid  curve.  This  curve  is  then  translated  so  that  the  value  at  y0  =0  coincides  with  that  calculated  using 
Equation  4.4.1 -q.  'The  translated  values  shown  by  the  dashed  curve  agree  reasonably  well  with  values 
calculated  by  the  more  exact  method,  which  uses  the  swept  vortex  equation  ofReferencell. 


SKETCH  (j) 
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2.  Supersonic  Downwash  (Method  2) 

Given:  A rectangular  wing. 

Wing  Characteristics: 

A = 2.31  b = 10.0  ft  X = 1.0 

Coordinates  of  Quarter-Chord  of  Tail  MAC: 

x = 15.0  ft  y = 1.50  ft  z = 1.0  ft 

Additional  Characteristics: 

M = 2.0;  0 = 1.732  a = 4°  = 0.07  rad 

QUARTER-CHORD  OF  THE 
HORIZONTAL- TAIL  MAC  TAIL 


c = 4.33  ft 


Compute: 

2x  (2) (15) 


0b  (1.732)  (10) 

2y  (2)(1.5) 


= 1.73 


2z 

~b 


10 

(2)  (1) 
10 


= 0.30 


= 0.20 


0A  = (1.732)  (2.31)  = 4.0 
2h 


a/3b 
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= 0.64  (Figure  4.4.  l-74d) 


(!)’(«)*' 


= 0;20  + (0.64)  (0.07)  (1.732) 
= 0.28 


Solution: 

3e 

— — is  obtained  from  Figure  4.4.1-76  as 
3a  * 


3g 

— = 0.270 

3a 

3.  Supersonic  Dynamic-Pressure  Ratio 
Given:  The  rectangular  wing  of  Reference  15 
Wing  Characteristics: 

A = 2.0 

= 3r*f  = 32.0  in. 

Additional  Characteristics : 

Mqq  = 2.46;  p - 2.25  R|  = 1.04  x 10*  (based  on  c) 


bw  = 8.0  in. 


c = c = 4.0  in. 


Ac/4  = 0 


Smooth  surface  (assume  k = 0)  Survey  plane  at  x = 6.4  in. 

Of  = 6°  Cl  = 0.159  (test  value) 


Symmetrical  airfoil  with  following  characteristics: 


Point 

x' 
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(turf ace  slope) 
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i (LE) 

0 
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0.80 
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1.60 

1.0 
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2,40 

-0.5 
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3.20 

-1.7 

6 (TE) 

4.00 

-2.6 
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Sj 


r« 


l 4 

: 


t ■ 

► « 


Outside  Wake  Portion  (nonviscous  flow  field) 


Compute: 

Determine,  the  flow-deflection  angles  at  the  leading  edge. 

Upper  surface 

^le  ~®~^LEuppef  = 6° -5.1°  = 0.9°  (expansion) 

Lower  surface 

^le  ~a~  fiLEl0wCr  ~ ~ 6°  ~ 5^°  = ~^'1°  (compression) 


Determine  the  values  often  the  survey  plane  (located  at  x = 6,4  in,  from  the  airfoil  leading  ed 
correspond, ng  to  x'  values  of  0,  0.8,  1.6.  2 4,  3.2,  and  4.0  (points  1 . 6). 


Upper  surface  (initial  expansion  angle) 


sin" 


Mr 


= sin 


2.46 


= 24° 
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-x  + x COS<X  - 


z = 


x sin  a 
tan  (p  +a) 


sin  a + ■ 


cos  a 


tan  (p  +Qf) 


(equation  4.4. 1-w) 


-x  ' + (6.4)  cos  6° 


(6.4)  sin  6° 
tan  (24°  + 6°) 


sin 


6°  + 


cos  6° 


tan  (24°  + 6°) 


— x ' (6.4)  (0.9945) 


0.1045  + 


(6.4)  (0.1045) 
0.5774 
0.9945 
0.5774 


= 0.5473  x’  + 2.85 


x' 

(in.) 

z 

(in.) 

z 

lVv/2 

ue  o 

2.850 

0.713 

0,8 

2.412 

0.603 

1.6 

1.974 

0.494 

2.4 

1.536 

0.384 

3.2 

1,096 

0.275 

TE  4.0 

0.660 

0.165 

Lower  surface  (initial  compression  angle) 

8 - 33.5°  (Figure 4.4. 1-81  at  = 2.46  and  6'  =-11.1°) 


-x'  + x cos  a - 


x sin  a 
tan  (o;  - 8) 


sin  Of  + 


cos  a 


(Equation  4.4. 1-x) 


tan  ( a - 8) 


— x'  + (6.4)  cos  6°  - 


(6.4)  sin  6° 
taii~(60  - 33.5°) 


-x'+  (6.4)  (0.9945) 


(6.4)  (0.1045) 
-0.5206 


sin  6°  + 


cos  6° 


tan  (6°  - 33.50) 


0.1045  + 


0.9945 

-0.5206 


= 0.554  x’~  4.236 


x‘ 

(in.) 

z 

(in.) 

Z 

V2 



LE  0 

-4.236 

-1.059 

0.8 

-3.793 

-0.948 

1.6 

-3.350 

-0.838 

2.4 

-2.906 

-0.727 

3.2 

-2.463 

-0.616 

TE  4.0 

-2.020 

-0.505 
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Determine  q/q^  at  points  (x,z)  on  the  survey  plane  corresponding  to  points  (x',z')  on  the  airfoil. 
Upper  surface 

Point  1 (x’  = 0) 

= 2.46 

Au{  = (X—  = 6°  — 5.1°  = 0.9°  (expansion) 

t'oo  = 38.2°  (Figure  4.4. 1-82  at  M^o) 

= j'00  + Ai>,  = 38.2° + 0.9°  =--  39.1° 


Mj  - 2.50  (Figure4.4. 1-82  at  Vj) 

(q /P,Y  = 0.264  (Figure  4.4. 1-82  at  MJ 


0.256  (Figure  4.4.1  -82  at  M, ) 


q,/q<»  = (q/pt)i/(q/pt)oo 


= 0.256/0.264  = 0.970 
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Point  3 (x'  = 1.6  in.) 


An3  - 

52  “ 53 

"3  = 

"2  + ^3 

m3  = 

2.68  (F 

(q/P‘)s 

= 0.223 

<loo 

H,  < 

^2  0.223 

q^T  *"  0.243  = 0.845  (Equation 4.4. 1-y) 


Point  4 (x'  = 2.4  in.) 

An4  - S3  - 84  = 1.0°  - (_o.5°)  = 1.5°  (expansion) 

VA  = v3  +Av4  = 43.2°+  1.5°  = 44.70 
M4  = 2.75  (Figure  4.4. 1 -82  at  j>4) 

P<)4  = * * (Figure  4.4. 1 -82  at  M4 ) 

~ = ^/Pt)4  q3  _ 0.2 11  . 

q<*>  ^q/ptj3  q^  0.223  '°'845)“  °-800  (Equation 4.4. 1-y) 

Point  5 (x-  = 3.2  in.) 

^5  = 54  “*s  =-0.5°  - (-1.7®)  = i.2o  (expansion) 
v$  = v 4 +^5  = 44.7°+  1,2°  = 45.90 

M5  = 2.81  (Figure 4.4. 1-82  at  vs) 

(q/pt)5  = 0-2°l  (Figure  4.4. 1-82  at  M5) 

— = 0-201 

q«  (q/pi)4  q«>  0.21 1 v°-800)  — 0.762  (Equation  4.4. 1-y) 
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Point  6 (V  = 4.0  in.) 

At>6  = 5S  - <5fe  =-1.7°  - (-2.6°)  = 0.9°  (expansion) 
vb  = vs  + An6  = 45.9°  + 0.9°  = 46.8° 

M6  = 2.85  (Figure 4.4. 1-82  at  k6) 


^l/pt)6  = 0.194  (Figure  4.4. 1-82  at  M6) 


0.194  „ . 

(0.762)  = 0.735 

0.201  v ' 


(Equation  4.4. 1-y) 


% 


Return  to  free-stream  flow  at  TE  (x  = 4.0  in.) 

Since  M6  > the  flow  is  compressed  by  turning  through  an  oblique  shock  at  the 
upper  surface  trailing  edge. 

6'  = -at  8t,.  = -6°  + ( -2.6°)  =-8.6° 

9 = 27.2°  (Figure 4,4, 1-8 1 at  M6  = 2.85  and  6'  = -8.6°) 

0 + 5 = 27.2°  - 8.6°  = 18.6° 


Mn 

M? 


M2 

sin2  0+5 

n 

7 M2 

sin2  0 - 1 

n - 

1/2 


1 


sin  (9  + S') 


(Equation  4.4. 1-aa) 


sin2  0+5 


7 sin2  0 - 1 


1/2 


1 


sin  (0  + S') 

(2.85)“  (sin2  27.2°)  + 5 


7(2. 85)2  (sin2  27.2°)  1 


sin(  1 8.6°) 


’.46 


% 


60 


(5  + M2  j sin2  0)  ^ 


(Equation  4.4.  l-z) 
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l\  •- 


hv 


B 


i ■ - 


^ . 

^ * 

* 

1 


► : • 
i •• 


P 


r4 


e 


q?_  _ 60_  (l  + 0.2  )7/2  _ 60  [l  + 0.2(2.85)2  I 


n 


% Ml  (s  + M2  sin2  d)S/2  (2‘85)2  (5  + (2.85)2  (sin2  27.2)j 


60  29.28 


(2.85)2 


116.0 


= 1.86 


q7  q7  q6 


= (1.86)  (0.735)  = 1.367 


q°°  <4  q« 

Lower  surface 

Point  l (x'  = 0) 

Ar'j  = 5'  = -a-  SLE  = -6°  - 5.1°  = —11.1°  (compression) 
0 = 33.5°  (Figure 4.4. 1-81  at  Mm  = 2.46  and  5'  = -11.1°) 


% 60  (l  +0.2M2_,)7/i 


(Equation  4.4. 1-z) 


q"-l  M2_i  ^5  + M2_{  sin2  ej 

60  (l  + 0-2  M 2,)?/2  _ 60  |l  + 0.2(2.46)zj 


7/2 


q°°  M2,  (5  + m2^  sin2  2 (2.46)2  [5  + (2.46)2  (sin2  33 .50)] 


5/2 


60 


16.06 


(2.46)2  122.5 


= 1.300 


Mi  - 


M2_,  sin2  6 + 5 
7 M2_j  sin2  0 - 1 


1/2 


1 


sin  (6  + 5') 


(Equation  4.4. 1-aa) 


M2,  sin2  6+5 


7 Mjo  sin2  6 - 1 


1/2 


1 


sin  (6  + S') 


(2.46)2  (sin2  33.5°)  + 5 


1/2 


v,  = 


7(2. 46)2  (sin2  33.5°)-  1 J 
= (0.758)  (2.621)  = 1.987 
26.0°  (Figure  4.4.1-82  at  ) 


sin  [33.5°  + (-11 . 10)] 


5/2 
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|q/Pt = 0.360  (Figure  4.4.1-82  at  ) 

Point  2 (x'  = 0.8  in.) 

Av2  = — ^2  = 5.1°  -3.4°  = 1.7°  (expansion) 


v2  = ^ +Av2  = 26.0° +1.7°  = 27.7° 


M2  = 2.05  (Figure  4.4.1-82  at  u2) 
(q/pt)2  = 0.348  (Figure  4.4.1-82  at  M2  ) 

(q/p*)2  qi  0.348 


^2 

q« 


0.360 


(1.300)  = 1.256  (Equation  4.4.1 -y) 


(q/P^  q« 

Point  3 (x'  = 1.6  in.) 

Av2  = 82  — 53  = 3.4°  — 1.0°  = 2.4°  (expansion) 
v 3 = j>2  +At>3  = 27.7°  + 2.4°  = 30.1° 

M3  =2.14  (Figure  4.4.1-82  at  i>3) 

^q/Pt)3  = °-329  (Figure  4.4.1-82  at  M3) 


q3  (q'lpi)j  q2  _ 0 .329 

^ ' (^^7  = 53JI  0'256)  ' 1,87  Equation  4.4.1-y) 
Point  4 (x'  = 2.4  in.) 

^4  ~ ^3  — ^4  = 10° -(—0.5°)  - 1.5°  (expansion) 
v4  = v3+Au4  = 30.1° +1.5°  = 31.6° 

M4  - 2.20  (Figure  4.4. 1 -82  at  v4 ) 

(q/pt^4  = 0.317  (Figure  4.4.1-82  at  M4) 


q4  _ (q//p*)4  ^3  _ 0.317 

7 y v = " ■ ■ (1.187)  = 1.141  (Equation  4.4. 1-y) 

q<»  (q/pt)3  q°°  0329 
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Point  5 (x'  = 3.2  in.) 

^5  = ~ ^5  = _0.5°  - (-1.7)°  = 1.2°  (expansion) 

ps  ~ v4  + Ai>$  = 31.6°+  1.2°  = 32.8° 

M5  = 2.24  (Figure  4.4. 1 -82  at  i>5 ) 

(q/pt)5  = 0.308  (Figure  4.4. 1-82  at  M5  ) 

^5  _ (^t)5  ^4  _ 0.308 


qco  (q/p,j4  qoo  0.317 
Point  6 (x'  = 4.0  in.) 


(1-141)  — 1.109  (Equation  4.4. 1-y) 


^6  ~ ^6  “ - 1-7°  - (-2.6)°  = 0.9°  (expansion) 

p6  = vs  + Av6  = 32.8°  + 0.9°  = 33.7° 

M6  = 2.28  (Figure  4.4. 1 -82  at  v6 ) 

(q/ptJ6  = 0.300  (Figure  4.4.1-82  at  M6) 


— = (q^Pt)6  q*  _ 0.300 


(1.109)  = 1.080  (Equation  4.4. 1-y) 


q«  ^q/ptj5  q«o  0.308 

Retun  to  free-stream  flow  at  TE  (x  = 4.0  in.) 

Since  < M^,  the  flow  is  expanded  at  the  lower  surface  trailing  edge 
A*>7  = Av^  = “ + 5te  = 6° + (-2.6°)  = 3.4° 
vn  = v6  +Ap7  = 33.7° + 3.4°  = 37.1° 

M7  = 2.41  (Figure  4.4.1-82  at  v7) 

(q/ptj7  = 0.274  (Figure  4.4. 1-82  at  M? ) 

= (q^Pt)y  ^ _ 0.274 


floo  (^Ptj6  9oo  0.300 


(1.080)  = 0.986  (Equation  4.4. 1-y) 
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The  results  for  q/q^  calculated  above  for  the  nonviscous  flow  field  are  compared  with  test  data  in  Figu 
4.4.1-83.  A summary  of  the  above  calculations  is  presented  in  the  following  table. 


Surface 

Point 

Upper 

oo 

1(LE| 

2 

3 

4 

5 

6(TE| 

7 

Lower 

oo 

1(LE) 

2 

3 

4 

5 

6(TE) 

7 

b^/2  (deg) 


CD  ♦ <§>„_, 

(deg) 

M 

(Rg  4.4.1-82) 

38.2 

2.46 

39.1 

2.50 

40.8 

2.57 

43.2 

2.68 

44.7 

2.75 

45.9 

2.81 

46.8 

2.85 

2.46 

2.46 

26.0 

1.987 

27.7 

2.05 

30.1 

2.14 

31.6 

2.20 

32.8 

2.24 

33.7 

2.28 

37.1 

2.41 

_9_ 

© ®„_, 


Inside-Wake  Portion  (viscous  flow  field) 


Compute: 


Determine  the  half-width  of  the  viscous  wake  at  the  survey  plane. 
Skin-friction  drag  coefficient 

II k = read  Cf  at  give  Rj 

Cf  = 0.00305  (Figure4.1 .5.1-26) 

Wave-drag  coefficient 

(3  cot  ALF  = 2.25  cot  (0)  > 1;  leading  edge  is  supersonic 

LLbw 

K = 16/3  (Table,  Page  4.1.5.1-16) 

K /t  \2  Sbw 

CD  = — ( — ) 7 — (Equation  4.1.5. 1-k) 

(3  \c/eff  Sref 
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(0.05)^ 


0.00593 


I 


I 


> . - 
l V 


’>'4 


3(2.25) 


32.0 


Zero-lift  drag  coefficient 

CDq  = cDf  + CD  (Equation  4. 1.5.1 -h) 

= 0.00305  + 0.00593 
= 0.00898 
x 6.4  - 4.0 

_ ~ ^ 0.60  (x  measured  from  wing-root-chord  trailing  edge) 

~ = 0-68  yj  CD^—  + 0.15^  (Equation  4.4.1 -j) 

= 0.68  J 0.00898  (0.60  + 0.15) 

= 0.0558 

zw  = (0.0558)  (c)  = (0.0558)  (4)  = 0.223  in. 


Determine  the  downwash  in  the  plane  of  symmetry  at  the  vortex  sheet  (wake  center  line). 
1 .62  CL 

e ~ (Equation  4.4. 1-k) 

7rA 

(1.62)  (0.159) 
jt  2.0 

= 0.041  rad  = 2.35  deg 


Calculate  the  vertical  location,  measured  from  the  x axis,  of  the  intersection  of  the  wake  center  line 
and  the  survey  plane. 


Distance  of  origin  O below  x-axis  = -[4  sin  a + (6.4  - 3.97)  sin  e]  = - 0.518  in.  In  determin- 
ing the  dynamic-pressure  ratio  in  the  viscous  region,  this  location  is  taken  as  the  origin  of  the 
vertical  distance  from  the  wake  center  line  to  the  points  of  interest  on  the  survey  plane. 
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SURVEY  PLANE 


— 0.518  in. 


-4oln_ 

-3.97  in/ 


-WAKE 

CENTER  LINE 


The  points  in  the  viscous  wake  at  which  the  dynamic-pressure  ratios  are  to  be  calculated  are  arbitrarily 
selected.  For  this  example  the  following  points  are  selected: 


© 

© 

© 

® 

Q 

z 

» z 

z 

*w 

2 zw 

Aq/q 

q/q„ 

(i'U 

(measured  from 
origin  O) 

(?)  /0.223 

(red) 

(Eq.  4.4.1-nl 

0.255  cos2  (5) 

(Eq.  4 4.1-01 

1 '© 

- 0.223 

- 1.0 

-ir/2 

0 

1.00 

-0.160 

- 0.717 

-1.127 

0.047 

0.953 

-0.080 

-0.359 

-0.564 

0.182 

0.818 

0 

0 

0 

0.265 

0.745 

0.080 

0.359 

0.564 

0.182 

0.818 

0.160 

0.717 

1.127 

0.047 

0.963 

0.223 

1.0 

rr/2 

0 

1.00 

The  calculated  results  for  both  the  nonviscous  and  viscous  flow  fields  are  compared  with  test  data  in  Figure 

z 

4.4.1-83.  The  results  are  plotted  as  a function  of  - — — , where  z is  measured  from  the  x-axis.  The  wake 
z -0.518  hw/2 

center  is  at  - — - » — = -0.1295. 

tty  / 2 <>.0 
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« 
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0.5 
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0.7 
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3 
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0.657 
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0.6 
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0.48 
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0.588 
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0. 
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1 

■ 

0,50 

1.66 

-0.177 

0.472 

0.390 
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■ 

I- 
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1 

9 
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A 

b 

H 

; 2hH 

37/30 
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Error 
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b 

b 

o.; 

?5 
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1 

0.35 

1.37 

! 

0 

0.875 

0.770 

13.6 

0.223 

0.764 

0.645 
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\ 
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0.648 
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29.6 

0.14 
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0.30 

1.17 
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0.78 
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1 
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0.813 

0 660 

23.2 

0.45 

45.0 

0.28 
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0.140 

0.313 
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0.329 

0.320 
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1 

1 

\ 

1 
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! 
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1 
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SUPERSONIC  DOWNWASH  GRADIENT  BEHIND  STRAIGHT-TAPERED  WINGS 

METHOD  2 

DATA  SUMMARY  AND  SUBSTANTIATION 
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SUBSONIC  SPEEDS 


FIGURE  4.4.1-66  EFFECTIVE  WING  ASPECT  RATIO  AND  SPAN  - LOW  SPEEDS 
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FIGURE  4.4.1-67  DOWNWASH  AT  THE  PLANE  OF  SYMMETRY  AND  HEIGHT  OF  VORTEX 
CORE  - LOW  SPEEDS 
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Ac/4  ( deS) 


FIGURE  4.4.1-68a  TYPE  OF  FLOW  SEPARATION  AS  A FUNCTION  OF  AIRFOIL  AND 
WING  SWEEP  - SUBSONIC  SPEEDS 


FIGURE  4.4.1 -69a  WING  ASPECT-RATIO  FACTOR  - METHOD  2 


FIGURE  4.4.  l-69b  WING  TAPER-RATIO  FACTOR  - METHOD  2 
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SUPERSONIC  SPEEDS 


FIGURE  4.4.1 -74  DOWNWARD  DISPLACEMENT  OF  VORTEX  CORE  BELOW  Z = 0 PLANE 
4.4.1-74 
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FIGURE  4.4. 1-76  (CONTD) 
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DEFLECTION  ANGLE,  d'  (deg) 
FIGURE  4.4. 1 -81  SHOCK  ANGLE  FOR  TWO-DIMENSIONAL  WEDGE 
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4.5  WING-BODY-TAIL  COMBINATIONS  AT  ANGLE  OF  ATTACK 
4.5.1  WING-BODY-TAIL  LIFT 


4.5. 1.1  WING-BOD  YTAIL  LIFT-CURVE  SLOPE 

The  information  contained  in  this  section  is  for  the  estimation  of  the  lift-curve  slope  of  wing-body-tail  combinations  at 
low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of  material  presented  in  other  sections,  although  some  new 
information  is  presented. 

The  lift-curve  slope  of  typical  high-aspect-ratio  subsonic  aircraft  is  quite  linear  up  to  angles  of  attack  approaching  the 
stall.  The  lift  of  the  panels  is  actually  linear  with  angle  of  attack  while  the  body  lift  varies  as  the  square  of  the  angle  of 
attack.  However,  for  angles  of  attack  below  the  stall.the  body  contribution  is  small  enough  so  that  the  lift  characteristic 
of  the  combination  is  still  sensibly  linear.  In  fact,  first-order  estimates  of  lift-curve  slope  frequently  neglect  the  lift  of  the 
body. 

When  the  forward  surface  has  a considerably  larger  span  than  the  aft  surface,  the  tip  vortices  shed  from  the  forward 
panels  lie  outboard  of  the  aft  panels.  As  a consequence,  the  integrated  effect  of  the  downwash  over  the  aft  panel  decreases 
the  effectiveness  of  the  aft  panel  in  a linear  fashion,  and  hence  the  lift-curve  slope  of  the  combination  still  remain?  linear. 
This  effect  is  quite  constant  until  the  forward  panel  begins  to  exhibit  flow  separation,  which  distorts  the  spun  leading 
and/or  the  effective  planform.  For  these  types  of  configurations  it  is  also  necessary  to  assume  that  the  vortex  is  not 
fully  rolled  up  (see  Paragraph  A of  Section  4.4.1),  and  the  actual  distance  between  the  two  surfaces  must  be  taken 
into  account. 

When  the  span  of  the  forward  surface  is  approximately  equal  to  or  less  than  that  of  the  aft  surface,  the  vortex  shed  from 
the  forward  surface  interacts  directly  with  the  aft  surface,  generally  causing  nonlinear  lift  characteristics  at  relatively  low 
angle  of  attack. 


A.  SUBSONIC 


0 * Several  methods  of  estimating  the  subsonic  lift-curve  slope  of  a wing-body-tail  combination  are  available  in  the  Datcom. 

Two  of  these  methods  are  presented,  differing  only  in  their  treatment  of  the  effect  of  the  flow  field  of  the  forward  surface 
on  the  aft  surface. 


Method  1 


DATCOM  METHODS 


For  configurations  in  which  the  span  of  the  forward  surface  is  large  compared  to  that  of  the  aft  surface,  the  following 
approach  can  be  used.  For  purposes  of  the  Datcom  this  method  is  to  be  used  when  the  ratio  of  forward-  to  aft-surface 
span  is  1.5  or  greater.  The  lift-curve  slope  is  given  by  the  equation 


S/ 


Cl„  ~ (Ct,J.  [Km  4-  KW(B)  + KB(vi->]'  -g;- 


+ (C-La)”  [Kw(B>  + K; 
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\ d a ) q„ 


S " 
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where 


Cl0  is  the  desired  lift-curve  slope  of  the  wing-body-tail  combination. 

(CLJt  and  (Cl ttJ'  are  the  lift-curve  slopes  of  the  exposed  forward  and  aft  surfaces,  respectively,  from  Section 
4.1. 3.2.  (See  Section  4.3.1.2  for  the  definition  of  exposed  surfaces.) 

[Km  + Kw(R)  + KB(W)]'  and  [Kwibi  + K^w,]"  are  the  appropriate  wing-body  interference  factors  from  Section 
4.3. 1.2  for  the  forward  and  aft  surfaces,  respectively. 

d € 

- — is  the  downwash  gradient  averaged  over  the  aft  surface,  from  Section  4.4.1. 

da 


is  the  average  dynamic-pressure  ratio  acting  on  the  aft  surface,  from  Section  4.4.1. 
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S S " 

^7-  and  are  the  ratios  of  the  exposed  to  gross  planform  areas  of  the  fore  and  aft  surfaces,  respectively, 
o iT) 

S" 

is  the  ratio  of  aft  to  forward  gross  planform  areas. 

Equation  4.5.1. 1 -a  is  valid  only  where  the  aerodynamic  parameters  are  linear.  Specifically,  the  equation  is  valid  for 
high-aspect-ratio,  unswept  configurations  up  to  angles  of  attack  approaching  the  stall.  For  low-iispcct-rutiu  or  swept 
wings,  the  applicable  angle-of-attack  range  is  considerably  less,  depending  upon  the  degree  of  accuracy  desired. 


Method  2 

For  configurations  in  which  the  spans  of  the  forward  and  aft  surfaces  are  approximately  equal  or  in  which  the  span  of 
the  forward  surface  is  less  than  that  of  the  aft  surface,  the  following  procedure  is  recommended.  The  lift-curve  slope  of 
the  combination  is  given  by  the  equation 


c,.„  — (CL(t)'„  [K*  + K\y(ni  4-  Kn(W)l'-gr 

+ [KwtBi  + + (Ci,„)W"(v) 
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The  parameters  in  the  first  two  terms  on  the  right-hand  side  are.  the  same  as  in  equation  4.5.1.1-a.  The 
last  term  represents  the  effect  of  the  forward -surface  vortices  on  the  aft  surface.  To  obtain  the 
contribution  of  the  last  term  to  the  lift-curve  slope,  refer  to  Method  3 of  Paragraph  A in  Section  4.4.1 . 
The  quantities  (Cl0Y  and  (CLa)”  of  the  last  term  must  be  expressed  in  radians.  If  the  result  of  this 
term  is  desired  per  degree,  the  conversion  must  be  applied  after  the  term  is  evaluated. 


1.  Method  1 

Given : 


Sample  Problem 1 
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Wing  Characteristics 


Total  Panel 

Exposed  Panel 

o; 

1! 

< 

A.'  = 0.45 

a;  = 7.61 

A'lr  - 46.3 

A’r/t  = 45° 

A',/.  = 43.6° 

,V.  = 0.470 

i'  = 0 

F'  = 0 

NACA  63A012  airfoil  section 

uf,  = 0 

Horizontal-Tail  Characteristics: 

*• 

Total  Panel 

Exposed  Panel 

> 

ii 

A"  = 0.45 

A"  =3.45 

Air.  = 47.6" 

O 

li 

A''/-,  = 42.2° 

.V'  = 0.507 

i"  = 0 

y = —3.6° 

NACA  63A012  airfoil  section 

The  following  ratios,  based  on  total  panel  dimensions; 
h' 


b" 

21, 


= 3.536 
= 0.954 


% 

— « -0.03 
b' 

The  following  area  ratios: 

Sj/ 

S' 

S.s 


= 0.896 


b/ 

d' 


10.0 


~ = -0.054 


^ = 3.6-1 


S " 

fr  = 0,735 


d" 


= 4.9 


0.120 


Sr 

S' 


= 0.160 


= 0.0701 

Additional  characteristics: 

M = 0.19 
P = 0.9818 

Note:  The  above  parameters  are  defined  in  the  sections  used  to  calculate 


R=4X  10* 
smooth  surfaces 


Compute: 

Step  1.  Lift-curve  slopes  for  the  exposed  wing  and  exposed  horizontal-tail  panels 
Exposed  wing  panel  (Section  4. 1.3.2) 


c 0 = 6.30  per  rad  (Section  4. 1.1.2)  K — 1.0 

ATT 

|V  + tan’  A'c/1  j’/:  =10.41 


- — 0.500  per  rad  (Figure  4.1.3.2-49) 

A, 

(Cr'..)e  = 0.0664  per  deg 
Exposed  horizontal-tail  panel  (Section  4,1. 3.2) 

cl  — 6.30  per  rad  (Section  4.1.1.21  K — 

//It 

—[/3s  + tan-  4?/2]”s  = 4.610 

K 

= 0.900  per  rad  (Figure  4. 1 .3.2-49) 

(C[,o) " = 0.0542  per  deg 

Step  2.  Wing-body  and  tail-body  interference  factors  (Section  4.3.1. 2) 
Wing-body 

(CLo,x  = 2.0  per  rad 

v'  — (^On  ^Nrc(  _ r\jl 

Kn  - --p~-  -ct -ui  ' 

(LMe 


KwiBt  — 1.08 


Kb,w,'  = .14 


Figure  4.3.1.2-10 
for-p  = .10 


[Kx  + Kw(b)  + KatW)]7  — 1.25 1 

Horizontal-tail-body 

Kw(B;'  = 1.170)  Figure  4.3.1.2-10 


Kb<w)  — .290 


d" 

for  — = .204 


[KW(a,  + K„,w,]"  = 1-460 

Step  3.  Downwash  parameter  (Section  4.4.1 ) 
Obtain  value  at  a = 0° 


CL  — 0 


Figure  4.4.1  -66 


a:„  = s 


Ay  = 2.65  (Section  2.2.1) 


It)  =.3 

k O /. 


Figure  4.4.1  -67 


4.5.1. 1-4 


Type  of  flow  separation:  trailing-edge  separation  is  predominant  (Figure  4.4.1 -68a) 
a I'ti  ( 0.41  C,.\  b,f[  tv  .•  i a i \ 

v = v " ~v  \a  ~ _ w tan  r (Equat,on  4A1h:) 


F " ~a03 


bv 

V 


b' 


(at  CL  = 0) 


^2-  = = TT’-r"-  = 0.283 

bv  by  b by 

r = ‘7r-“ 


(J B. 

(•  " 


d±\ 

da  ), 


= 1.0  (Figure  4.4.1 -68b) 


de 

da 


(dr 

\da 


*«.((*•  V 


(l  - if)  =* 0 ™ 


0.30 


Step  4.  Dynamic-pressure  ratio  at  the  horizontal  tail  (Section  4,4.1) 
Obtain  value  at  a — 0° 


< = 0 

(y  + « — a) 


-3.6° 


-~-~-§rtan  (y  + € — a)  — —0.229  (Equation  4.4. 1-1) 

? c 

Ct  — 0.00350  (Figure  4.1.5.1-26) 

C„o  = C,  [i  + L0+1«Q<]rm.-^j  <Equation4.1.S.I-a) 


= 0.0088 


+ .15^  = .124  (Equation  4.4.1-j) 


— = -—rr  = —1-85 

Zw  Zw/c 


Since 


— > 1.0,  -2l  = 1.0 

*» 


Step  5.  Solution  for  CL(t  of  wing-body-tail  combination 

,s; 


c-a  = [Kn  + Kw,„  + K.(w,jf  - + (ClJ"  [Kw,b,  + K„w,]"(l  - 

(Equation  4.5.1. 1-a) 


4,5.1. 1-5 


CL<(  = 0.0748  + 0.0065 
CL„  — 0.0813  per  deg 

2.  Method  2 
Given : 


Wing  Characteristics: 

Total  Panel 

Exposed  Panel 

A'  = 2 

V = 0.33 

o 

CO 

II 

Ah-E  “ 45° 

A'c/i  = 36.8° 

.V,./2  = 26.45° 

K = 0.378 

i'  = 0 

o 

'll 

L 

NACA  0005  airfoil  section 

«„  = 0 

Horizontal-Tail  Characteristics : 

Total  Panel 

Exposed  Panel 

> 

ii 

A"  - 0.46 

A"  = 3.82 

A"le  = 9.46° 

A,'/.,  = 4.74° 

o 

II 

X 

A"  = 0.515 

i"  = 0 

V =0 

NACA  0005  airfoil  section 

The  following  ratios,  based  on  total  panel  dimensions: 

- 1-278 

If  = 5-25 

b" 

?»  = 5'01 

The  following  area  ratios: 

|r  = 0.730  = 0.741  ^ = 0.277 

Ss  , 

-FT--  - 0.0781 

oe 

Additional  characteristics: 

M = 0.13  R|--  11.4  X 10r- 

/?  — 0.9915  smooth  surface 


4.5. 1,1-6 


Compute : 

The  calculation  procedures  of  Method  2 that  are  similar  to  those  of  Method  1 are  not  listed  in  detail  here.  See  sample 
problem  1 for  a detailed  presentation. 

Step  1.  Lift-curve  slopes  for  the  exposed  wing  and  exposed  horizontal-tail  panels  (Section  41.3.2) 

(Cl«).'  = 0.0405  per  deg 
(CL.)"  = 0.0667  per  deg 


Step  2.  Wing-body  and  tail-body  interference  factors  (Section  43.1.2) 
Wing-body 

Kn'  = 0.067  KW(B)'  = 1.16  K„(W)'  = 0.27 

Tail-body 

Kw(»,"  = 1.17  KB(w>"  « 0.28 

Step  3.  Dynamic-pressure  ratio  at  the  horizontal  tail  (Section  4,4.1) 
Obtain  at  a = 0 


q- 


0.859 


Step  4.  Lift-curve  slope  of  tail  section  due  to  wing  vortices 
(Cl„);  ~ = .0405  (.730)  = 0.0296  per  deg 


= 1.696  per  rad 


(Cl.)"  = .0667  (.859)  = 0.0574 per  deg 

q- 

= 3.28  per  rad 
Kw(B)'  = 1.16  A'.'  = 3.82 

Tail  interference  factor,  IYw.(w„)(  at  a = 0 

I*w'(w"i  = — 3-0  (sample  problem  3,  paragraph  A,  Section  44.1) 


T “T 


T ” T = 89,87 


also  from  above  sample  problem 


rr  v S*V  V*'  1C  ' T /b"  d”\ 

— Kw,b)  Irw.(W")  ^"2 J~) 


2v  a;' 


•*(¥-$) 


1.696  (3.280)  (1.16)  (-3.0)  (88.56) 
2»  (3.82)  (89.87) 


= —0.794  per  rad 
= —0.0139  per  deg 


45.1.1-7 


Step  5.  Solution  for  CL)I  of  wing-body-uil  combination 
Cl.  = (Cl.)/  [Kk  + Kw««,  + Kb(W,]'  ^ 

+ (CL„)/'  [Kw,»,  + K„,w,]"  ^ |£ 

+ (Cl.)W"(t) 

In  the  above  equation  the  first  term  represents  the  wing  contribution,  including  interference  effects,  and 
the  last  two  terms  represent  the  tail  contribution,  including  interference  effects. 

Cl„  = .0405  (1.497)  (.730)  + ,0667  (1.450)  (.859)  (.277)  (.741)  + (-.0139) 

= 0.0443  + O.OJ71  - 0.0139 

= 0.0443  + 0.0032 
(wing)  (tail) 

Cl,  = 0.0475  per  deg 

B.  TRANSONIC 

The  estimation  of  transonic  characteristics  is  one  of  the  nebulous  topics  of  aerodynamics.  Variations  in  the  lift-curve 
slope  with  Mach  number  for  wing-body-tail  configurations  at  transonic  speeds  are  determined  primarily  by  the  wing 
characteristics,  since  body  characteristics  do  not  change  significantly  with  Mach  number.  Also  the  lift-curve  slope  (at 
low  angles  of  attack)  of  the  body  is  generally  small  compared  to  that  of  the  lifting  surfaces,  so  that  again  the  low-angle- 
of-attack  lift  characteristics  can  be  approximated  by  the  lift  of  the  panels  alone.  Refinements  can  be  made  by  applying 
theoretically  derived  wing-body  interference  parameters  such  as  those  presented  in  Section  43.1.2,  but  the  improvement 
in  accuracy  is  questionable. 

DATCOM  METHOD 

It  is  recommended  that  the  methods  presented  in  Paragraph  A above  be  applied  directly  to  the 
transonic  speed  regime.  Care  should  be  taken  to  estimate  the  lift-curve  slope  of  the  isolated  lifting 
panels  at  the  proper  Mach  number.  The  interference  factors  should  be  obtained  from  Paragraph  C, 
Section  4.3. 1.2. 

C.  SUPERSONIC 

The  procedure  for  estimating  the  supersonic  lift-curve  slope  of  a wing-body-tail  combination  is  essentially  identical  to 
that  at  subsonic  speeds.  Several  methods  are  presented  that  depend  upon  the  general  arrangement  of  the  configuration. 


Method  1 


DATCOM  METHODS 


For  configuration  in  which  the  forwaid  surface  has  a span  at  least  1.5  times  the  aft-surface  span,  the  lift-curve  slope  of 
the  configuration  can  be  estimated  by  using  equation  4.5.1. 1-a  of  paragraph  A above.  Two  methods  of  estimating  the 
interference  “K”  factors  in  this  equation  are  presented  in  Section  4.3.1.2,  Two  methods  of  determining  the  downwash 
gradient  for  this  type  of  configuration  at  supersonic  speeds  are  presented  as  Methods  1 and  2 in  Section  4.4.1. 


Method  2 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less  than  that  of  the  aft  surface, 
equation  4.5.1. 1-b  of  paragraph  A is  used.  Fo.  this  type  of  configuration,  the  trailing  vortices  of  the  forward  surface 
strongly  interact  with  the  aft  surface,  and  a special  accounting  must  be  taken  of  this  situation.  Method  3 of  Section  4.4.1, 
which  estimates  the  contribution  of  this  interaction  to  aft-panel  lift,  should  therefore  be  used  to  evaluate  the  last  term 
of  equation  45.1. 1-b. 


45.1.1-8 
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4.5. 1.2  WING-BODY-TAJL  LIFT  IN  THE  NONLINEAR  ANGLE-OF-ATTACK  RANGE 


The  lift  of  wing-body-tail  combinations  in  the  nonlinear  angle-of-attack  range  depends  primarily  on  the 
characteristics  of  the  isolated  components.  Although  little  is  known  about  the  mutual  aerodynamic 
interference  effects  in  this  range,  certain  reasonable  assumptions  can  be  made.  First,  the  wing  lift  carryover 
onto  the  body  and  the  effect  of  the  body  upwash  on  the  wing  lift  are  similar  in  nature  to  those  of  the 
low-angle-of-attack  case.  These  effects,  calculated  for  low  angles  of  attack  by  slender-body  theory,  are 
presented  in  Section  4.3.1 .2. 

The  effects  of  the  shed  vortices  are  somewhat  more  involved.  For  high-aspect-ratio,  unswept  subsonic 
configurations,  the  flow  remains  attached  over  the  lifting  panels  up  to  angles  of  attack  approaching  the 
stall.  For  this  angle-of-attack  range,  the  aerodynamic  lift  characteristics  are  linear  and  the  methods  of  the 
previous  section  are  adequate.  During  the  stalling  process  the  flow  may  separate  in  an  infinite  variety  of 
ways  - depending  upon  the  details  of  the  wing  design  — each  producing  a different  flow  behind  the  surface 
and  hence  a different  lift  contribution  from  the  aft  panel.  At  present  the  stalling  range  of  angles  of  attack  is 
not  covered  in  the  Datcom.  It  can  be  assumed  that  above  the  stall  angle  of  the  forward  panel  the  flow  from 
the  forward  surface  does  not  interact  with  the  aft  surface  if  the  aft  surface  is  not  directly  in  the  wake, 
dc 

i.e.,  — * 0.  For  the  purposes  of  the  Datcom  the  wake  of  a stalled  wing  can  be  taken  to  be  bounded  by  the 
oa 

lines  emanating  from  the  leading  and  trailing  edges  of  the  forward  surface  in  the  streamwise  direction.  For 
aft  panels  lying  within  this  stall  region,  the  aft-panel  contribution  to  lift  is  taken  to  be  zero. 

For  swept  and/or  low-aspect-ratio  configurations,  the  trailing  vortices  are  shed  at  progressively  more 
inboard  stations  as  the  angle  of  attack  is  increased.  The  effect  appears  in  the  downwash  field  and  hence  in 
the  lift  generated  by  the  aft  panel. 

The  bodies  of  these  configurations  lift  in  a continuous  fashion  as  a function  of  angle  of  attack  and  do  not 
stall  in  the  normal  sense.  The  nonlinear  cross-flow  contribution  to  body  lift  is  sizable  at  the  higher  angles 
(near  and  beyond  stall)  and  should  not  be  neglected.  This  cross-flow  lift  is  caused  by  a pair  of  body  vortices 
that  can  also  strongly  affect  the  lift  contributions  from  the  panels.  These  effects  have  been  accounted  for  in 
the  Datcom. 

A.  SUBSONIC 


DATCOM  METHOD 


The  lift  of  a wing-body-tail  combination  can  be  estimated  at  subsonic  speeds  by  using  the  following 
equations*: 

For  prS  1-5:  C*  = [K*  + Kw;»i  + K»fw>]'  + (C»i)J  [kw<»>  + k,(w>]'| 

4-  |(C>*i)7tKw<»)  + Kkwi]"  + [kw»>  + k(*)w!r| 

I*  * t " s 99  99 

+ '£^72  T 


45.1.2-a 


•Now:  Tho  limit* 


for  b7b*  wo  quit*  ftadMO,  Oopondtrq  upon  tho  eonflfurttlon  drtoib  «nd  tho 


4.5. 1.2-1 


r'» 


For  — < 1.5:  CN  = |(«1)'.[Kk  + KW(B,  + KB(W,]'  + (CN'S);  [kW(B)  + kB(W,]j^ 
+ KB(w,]"  + (Ck2)';  [kwiB)  + kB(W)]"}^^ 


S'  a"  /b"  d"\ 

M -#  (^)';^-kw(B/  « i w,  - y) 

7TT 
2tcA'H 


Kt  - 1) 

+ «^>v + t”  £<c->"“" 


4.5.1.2-b 


where  the  primed  quantities  refer  to  the  forward  panel,  the  double-primed  quantities  refer  to  the  aft 
pane!,  and  the  subscript  e refers  to  the  exposed  panel. 


is  the  pseudonormal-force  coefficient  of  the  exposed  forward  panel  calculated  at  the  wing 
angle  a - <*0  where  a is  the  angle  of  attack  of  the  body  reference  line  and  a’0  is  the 
angle,  negative  in  sign,  measured  from  the  wing  chord  line  at  the  MAC  to  the  wing 
zero-lift  line.  The  value  of  (C^j)  is  obtained  from  Section  4. 1.3.3.  (See  Section  4.3. 1.2 

for  the  definition  of  exposed  panels.) 


is  the  pseudonormal-force  coefficient  of  the  exposed  forward  panel  calculated  at  the  wir  g 
angle  of  incidence  i ' from  Section  4.1. 3.3.^CN2)f  = 0 for  i’  = O.J 


is  the  pseudonormal-force  coefficient  of  the  exposed  aft  panel  calculated  from  Section 

b'  b' 

4.1, 3.3  at  the  angle  a-e  for  — > 1.5  and  at  a for  — < 1.5.  The  downwash 

b b 

angle  e is  obtained  from  Section  4.4.1. 


is  the  pseudonormal-force  coefficient  of  the  exposed  aft  panel  calculated  from  Section 
4. 1.3.3  at  the  aft-surface  incidence  angle  i'.'  [(Cn2)J'  = 0 for  i"  = O.J 


and  are  the  lift-curve  slopes  of  the  exposed  forward  and  aft  panels,  respectively,  from 

Section  4. 1.3.2. 


(Cj,a)'  and  (Cia) " are  the  lift-curve  slopes  of  the  forward  and  aft  panels,  respectively,  from  Section 
4.1. 3. 2. 


Kf,,  Kw(b),  KB(W).  kW(E),  and  kB(w)  are  the  aerodynamic  interference  factors  from  Section 


are  nondimensional  vortex  strenths  obtained  from  Section  4.3. 1.3. 


yB(W  ')  T1 


B(W") 


, and  I 


VW’(W'') 


are  the  vortex  interference  factors  between  vehicle  components.  The  values 


4.5. 1.2-2 


is  obtained  from 


L and  I are  obtained  from  Section  4.3.1 .3  and  is  obtained  from 

VB(W ')  VB(W ")  VW'(W") 

Section  4.4.1. 
r ' r " 

— and  —7,  are  the  ratios  of  the  body  radii  at  the  midpoint  of  the  exposed  root  chord  to  the  total 

b b 

spans  of  the  forward  and  aft  panels,  respectively. 

a"  is  the  angle  of  attack  of  the  aft  panel,  a-e+  i ”,  where  e is  obtained  from  Section 

4.4.1. 

by  is  the  lateral  position  of  the  forward-surface  vortex  from  Section  4.4.1. 

q” 

— is  the  dynamic-pressure  ratio  due  to  the  forward  panel  acting  on  the  aft  panel.  This  value  is 

Moo 

q 

obtained  from  Section  4.4.1 . The  value  of  — is  almost  always  taken  to  be  1 .0. 

q» 

For  configurations  in  which  the  body  is  relatively  small  compared  to  the  span  of  the  panels,  the  terms 
involving  Iy  and  Iv  in  equations  4.5.1. 2-a  and  4.5.1. 2-b  can  be  neglected.  For  purposes  of  the 

Datcom  these  terms  are  neglected  when  b '/(2t)  or  b 'ft2r)>  3.0  (care  should  be  taken  to  evaluate  the  coeffi- 
cients at  the  proper  angles  of  attack  and  incidence). 

Sample  Problems 


1.  The  span  of  the  forward  panel  is  large  compared  to  that  of  the  aft  panel  (b'/b"> 
Given:  Configuration  of  sample  problem  1,  paragraph  A,  Section  4. 5. 1.1. 

Compute: 

Step  1.  («,)'  and  (C^);  (Section  41.3.3) 

From  sample  problem  1,  paragraph  A,  Section  4.5. 1.1 

a0'  — 0 (Ct,a) ' = 0.0664  per  deg  = 3.805  per  rad 

Ay  = 2.65 

Obtain  ( C,  ) ' and  (°c,  )'  (Section  4. 1.3.4) 

1 lnmx  t * V ’ - 

Test  for  method  most  applicable 

C,  = 0.32  (figure  4.1.3.4-24b) 


(Ci  4-  1)  cos  A'l 


= 4.386 


Since  AJ  = 7.61  > 4.386,  use  high-aspect-ratio  method 


(~^j  - 0.68  (figure  4.1.3.4-21  a) 
(e|«„);  = 1.45  (Section  4.1.1.4) 

= 0 (figure 41.3.4-22) 


4.5. 1.2-3 


(Aa«Lm.x),'  = 5-7°  (figure  4.1.3.4.21b) 


(cwK  - [ 

'/CL\ 

1 mnx 

JKfnmx  + AC[ ,J=  0.986 

(equation  4.1.3.4-d) 

(acL  )'  ~ 1 

Ci 

1' 

iJirtX 

L 

+ cio  + Aao.  = 20.5° 

"1»*X  J f 

(equation  4.1.3.4-e) 

Obtain  (a*)' (Section  4.1.1) 
(«*)'  = 10° 


Construct  curve  of  (Cr,)'  vs  a 

(Ci,)^  = for  a’s  below  (o*)' 


From  constructed  curve,  obtain  , substituting  the  wing  angle 


(Cm2)J  = 0,  since  i'  = 0 

Step  2.  Downwash  angle  at  horizontal  tail  (Section  4.4.1).  Sample  problem  1,  paragraph  A,  Section  4.5.1. 1,  has 
the  procedure  briefly  outlined  and  sample  problem  1,  paragraph  A,  Section  4.4.1,  is  a detailed  example. 

The  final  result  is  shown  below. 


a 

deg 

€ 

deg 

a — € 

deg 

0 

0 

0 

5 

1.5 

3.5 

10 

2i9 

7.1 

15 

4.9 

10.1 

20.5 

8.0 

12.5 

4.5, 1.2-4 


Step 3.  (CiJj)"  «nd  (CjJ,) ''  (Section 4, 1,3.3) 

Test  for  method  most  applicable  (Section  4.1. 3.4) 

C,  = 0.32  (figure  4.1.3.4-24b) 

4 3 

(Ci  + -1)  cos  A£s  (Ci  4~  1)  cos  Alr 

A:  = 3.45,  which  lies  between  the  above  limits. 

Borderline  case:  use  low-aspect-ratio  method 

(C^)"  = (Ci,n)"  = 0.0542  per  deg  — 3.106  per  rad  (sample  problem  1,  paragraph  A,  Section  4.5.1. 1) 
Obtam  (C,.m„)"  and  (acLmJ" 

(C,  + 1)  ^cosA{^  = 3.13 

[Ww.]  " = °'80  (figure  4.1.3.4-23a) 

C5  = 1.05  (figure  4.1. 3.4-24b) 

(Q  + 1)  A"tan  K'U  = 7.75 
(ACi* „)"  “ 022  <fi«ure  4.1.3.4-2 4a) 

[(*0  *..]*=  22°  (figure 4.1.3,!  25a) 

(Aoc  )"  = 4°  (figure  41.3.4-25b) 

(Cr.m„)r  - {(CLin.,)6Mt  + A C,mtxy;  - 1.02  (equation  4.1.3.4-g) 

= [KnJb„M  + = 26°  (equation 4.1.3.44,) 

Obtain  [(C^) 


k'@cwl-  (Csjf^r 

[ (On,.,),,,];'  = ^rrrrnrri = ~0-292  (equation  4. 1.3.3-b,  (CN#)'>  rad) 


[(c^)i.fr:  = - — 

where  a = (ao.  )" 


sin  a sin  a 


Obtain  J 


J = 0.3  (Cl  + 1)  y cos  HU  |(Cr  + 1)  (C2  + 1) 
Calculate  (Cnj)"  vs  a."  (equation  4.1.3.3-a) 


(C2  + 1)  A" tan  AftsT 
7 


-]'}  = 


tan  ( ac-  V' 

V 1 L mux  / 1« 


(a(xx: 

figure 

4.1.3.3-55a 


(cN  My: 

= [(Cs„„),,.r 

+ ACs^]" 


(cNan);'sinV'  (C  xay:^~- 


® sinza" 


= 3.106 


sin  2a" 


© + © 


Plot  (C*,)"  vs  a and  read  values  at  a — € (since  b'/b"  > 1.5) 


a 

deg 

a" 

(a-€) 

(«i  r: 

5 

3.5 

0.195 

10 

7.1 

0.408 

15 

10.1 

0.583 

20.5 

12.5 

0.720 

(Cn2)"  ~ 0,  since  i"  = 0 

Step  4.  Wing-body  and  tail-body  interference  factors  (Section  4.3. 1.2) 
From  sample  problem  1,  paragraph  A,  Section  4.5. 1.1 
[Km  4-  Kw(B)  4'  Ki„wi]'  — 1.257 


[Kw(B)  4-  Kb(W,]"  — 1.460 

Step  5.  Dynamic  pressure  at  horizontal  tail  (Section  4.4.1) 

Sample  problem  1,  paragraph  A,  Section  4.5.1. 1,  has  the  procedure  briefly  outlined  and  sample  problem  4 , 
paragraph  A,  Section  4.4.1,  is  a detailed  example. 

The  final  result  is  shown  below. 

— — 1.0  for  all  o’s 

q<* 


(since 


z 


> 1.0  for  all  Vs) 


Step  6.  Vortices  effect  (Section  4.3. 1.3) 


ill 

d' 


= 10 


Since  these  ratios  are  both  greater  than  3.0,  the  vortices  effect  can  be  neglected. 

^vB(W'i  ~ ^vn<w"i  “ ® 

Step  7.  Solution  for  CN  vs  o 


Cm 


— ■|(Cn1)[  [Ks.  + Kw,ni  + KjkW)]'  4-  (Cm2)'  [kwin>  + knnv)],j  -gr 
4-  •j(CN,)"  [Kw,»,  4“  Kb,w.]"  4 (Cm^)"  [kw(H)  4-  kn(\v)]"|  ^ — g— 


(equation  4.5.1.2-a  simplified) 


Cm  — (Cs-i);  (1.257)  (.896)  + (Cm,)"  (1.460)  (1.0)  (.118) 
= 1-126  (Cm',);  4-  .1723  (Cm,)" 


© 

© 

© 

© 

@ 

© 

a 

d'g 

(c*o: 

(c>>y: 

1-126  (Cm,); 

.1723  (Cm,)" 

Cm 

= © + © 

0 

0 

0 

0 

m 

5 

0.333 

0.195 

0.375 

10 

0.674 

0.408 

0.759 

1 

15 

0.947 

0.583 

1.066 

0.1000 

■ 

20.5 

1.053 

0.720 

1.186 

0.1240 

1.310 
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2.  The  span  of  Che  forward  panel  is  approximately  equal  to  or  less  than  the  span  of  the  aft  panel 

(b'/b"<  1.5). 


Given:  Configuration  of  sample  problem  2,  paragraph  A,  Section  4.5. 1.1. 


Compute: 

The  calculation  procedures  of  sample  problem  2 that  are  similar  to  those  of  sample  problem  1 are  not  listed  in 
detail  here. 


Stepl.  (Ctfi)',  and  (C£4)'  (Section  41.3.3) 

The  low-aapect-ratio  method  is  used  to  calculate 
35 

(Ck„)'  = 0.0405  per  deg  = 2.32  per  rad 
J = 1.60 


[(CK..)r.,]:- 0.655  per  rad 
[C;  © Cl^J;  = 1.04 


= (Cw,)i  *^2~  + (C"«)'.  | ain  » |(equation  41.3.3-a) 


© 

® 

® 

® 

® 

a 

deg 

tan  a 

tan  («wK 

figure 

41.3.3-55a 

(C*««K 

-[(C»««)r.t 

+ AC*..]; 

(C»„)'.  «n’a 

/n  sin  2o 

2 

(«,): 

= G>+® 

5 

.179 

2.10 

2.755 

.021 

.202 

.223 

10 

.361 

2.10 

2.755 

.083 

.397 

.480 

15 

.549 

1.80 

2.455 

.164 

.580 

.744 

20 

.746 

1.00 

1.655 

.194 

.746 

.940 

23 

.870 

.50 

1.155 

.176 

.835 

1.011 

26 

1.0 

0 

.655 

.126 

.914 

1.040 

(Ckj)  ' = 0,  since  i'  = 0 

Step  2.  (C^)"  and  (C*,)'.'  (Section  41.3.4) 

Since  ~ < 1.5,  evaluate  (C^)''  at  a. 

From  low-aspect-ratio  method,  the  following  is  obtained. 

(C  Laj:=  0.705  (“OL„„):=  14.5“ 

Since  (ac,  is  considerably  tower  than  /«c  V , the  solution  for  (C*,)" 

below-stall  and  above-stall  calculations.  The  final  result  is  listed  below. 


a 

deg 

W 

5 

.330 

10 

.625 

15 

.749 

20 

.738 

23 

.767 

26 

.824 

must  include  both 


Because  of  the  limitation  of  the  method,  the  accuracy  deteriorates  at  high  angle*  of  attack.  Calculate  the 
remaining  portion  of  the  solution  at  a 20°. 


(«,)."  = 0, since  i"  = 0 

Step  3,  Wing-body  and  tail-body  interference  factors  (Section  4.3.1. 2) 

From  sample  problem  2,  paragraph  A,  Section  4.5.1. 1 

[K*  + Kw,b)  + KB(w,]'  = 1-497 

[Kw(b>  4"  Kww]”  = 1.450 

Step  4.  Dynamic  pressures  at  horizontal  tail 

From  the  methods  of  Section  4.4.1  the  following  is  obtained. 


Step  5.  Vortices  effect 


a 

deg 

q» 

0 

.859 

5 

.937 

10 

.999 

15 

1.0 

20 

1.0 

b' 

'& 

- 5.25 

[I 

ja  |t3 

Since  these  ratios  are  both  greater  than  3.0,  the  terms  involving  and  IY  ,t] 

Calculate  lift  of  tail  due  to  wing  vortices. 

From  sample  problem  2,  paragraph  A,  Section  4.5.1. 1 

(Ci-«K  ~ 1,696  P"  r#d 

(Ci — 3.28  per  rad  (at  a = 0) 

Therefore  (Q,  V'  — = 3.82  — per  rad 

v ; q«  q» 


K 


W(B)  — 1.16 

b"  _ 

2 2 


= 0.04106 


2xA‘ 


■\2  2) 

_ (c-.).|:(c,.)':£k»..,.  .i..,,,  ,(g_  |) 

= 1.696  ^3.82  ^ (1.16)  (0.04106)  al. 


“,LW"(y) 


iTW'(W") 


— 0.308  3—  al,_. (a  in  radians) 

qM  w <w  ' 


can  be  neglected. 
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The  variation  of  Lw.  (W..(  with  « has  been  calculated  in  sample  problem  3>  paragraph  A,  Section  4.4.1 
and  is  not  repeated  here. 


© 

© 

© 

~~l 

© 

© 

a 

deg 

a 

rad 

Ivw'(W") 

-0.3083-  (a)  © 
q*> 

p 

h;VV"(») 

— ©/cos  a 

0 

0 

--3.0 

0 

0 

5 

0.08725 

-2.5 

-0.063 

- 0.063 

10 

0.1745 

-2.0 

-0.108 

-~o.no 

15 

0.2018 

-1.68 

-0.135 

—0.140 

20 

0.3490 

-1.40 

-0.150 

-0.160 

Step  6.  Solution  for  CK  vs  a 

l‘N  = |(CN,)'  [K„  + KW(B)  + KB(W)]'  + (Cn2)'  [k,VlRi  4-  k„,«  \ ^~- 

+ IKW(b)  + Kb,w)]"  + (Cy2)"  [kw,B>  4-  k||(\V) ] " j- 

+ CNw..(v)  (equation  4.5.1. 2-b  simplified) 

Substituting  the  constants  gives 


CN  = (1.497)  (.730)  + (CJ,)"  (1.-150)  ^ (.205)  4 CNw„(y) 

— 1.093  (Cnj)',  4'  .2973  (C'sjl  f -r  CNw„(y) 

Moo 


© 

© 

© 

© 

© 

© 

© 

© 

a 

deg 

(CV/. 

(<*.>: 

£ 

1.093  (C'Nly. 

.2973  (<**£ 

CN 

© + ©4-0 

0 

0 

0 

.859 

0 

0 

0 

0 

5 

.223 

.330 

.937 

.244 

.092 

-0.063 

0.265 

10 

.480 

.625 

.999 

.525 

.186 

-0.110 

0.601 

15 

.744 

.749 

1.0 

.813 

.223 

-0.140 

0.896 

20 

.940 

.738 

1.0 

1.027 

.219 

-0.160 

1.086 

B.  TRANSONIC 

At  present  it  is  not  possible  to  predict  the  aerodynamic  characteristics  of  wing-body-tail  combinations  in 
the  nonlinear  angle-of-attack  range.  However,  it  is  anticipated  that  the  interference  effects  can  be  large. 

DATCOM  METHOD 

It  is  recommended  that  the  equations  presented  in  paragraph  A above  be  applied  throughout  the  transonic 
speed  range.  Care  should  be  exercised  to  evaluate  the  various  terms  of  these  equations  at  the  proper  Mach 
number.  The  interference  k factors  are  most  accurate  for  slender  configurations.  The  ’ vortex 


4.5. 1.2-9 


terms  lVB(Wy  etc.,  are  thought  to  be  quite  valid.  But  the  characteristics  of  the  isolated  panels  and  the 
downwash  cannot  be  determined  as  accurately. 

C.  SUPERSONIC 

At  supersonic  speeds  the  direct  influence  of  the  wing  shock-expansion  field  on  the  horizontal  tail  must  be 
considered,  as  well  as  the  effects  of  wing  vortices  and  body  vortices  considered  in  the  subsonic  method  of 
paragraph  A.  The  introductory  discussion  pertaining  to  body-vortex  and  wing-vortex  effects  applies  equally 
as  well  at  subsonic  and  supersonic  speeds. 

In  cases  for  which  the  wing  shock-expansion  effects  are  important,  account  can  be  taken  of  the  downwash 
angle,  dynamic  pressure,  and  Mach  number  at  the  tail  by  direct  application  of  shock-expansion  theory.  It  is 
assumed  that  the  flow  in  the  region  of  the  horizontal  tail  is  the  two-dimensional  shock-expansion  field 
radiating  from  the  exposed  root  chord  of  the  wing  (see  sketch  (a)).  Any  effects  of  wing-body  interference 
or  wing  section  in  distorting  the  shock-expansion  field  are  neglected.  This  assumption  is  valid  only  if  the 
span  of  the  forward  surface  is  greater  than  the  span  of  the  aft  surface;  i.e.,  b'  > b". 


The  tail  in  sketch  (a)  is  in  a high  downwash  field  so  that  the  flow  at  the  tail  is  nearly  parallel  to  the  tail 
chord.  As  the  angle  of  attack  is  increased,  the  tail  will  move  downward  with  respect  to  the  trailing-edge 
shock  wave,  out  of  the  shock -expansion  field  and  into  a region  of  lower  downwash.  If  the  tail  were  initially 
above  the  expansion  fan  from  the  wing  leading  edge,  an  increase  in  angle  of  attack  would  move  the  tail  into 
the  shock-expansion  field  and.  consequently,  into  a region  oi  increased  downwash.  It  is  seen  then  that  the 
wing  shock -expansion  field  can  cause  either  an  increase  or  a decrease  in  the  tail  download  in  contrast  to 
body  vortices  arid  wing  vortices,  which  cause  only  an  increase  in  tail  download 

DATCOM  METHOD 

The  lift  of  a wing-body-tail  combination  in  the  nonlinear  angle-of-attack  range  at  supersonic  speeds  is 
approximated  by  using  the  subsonic  method  (paragraph  A)  minus  the  second  term  on  the  right-hand  side  of 
the  equation.which  accounts  for  the  horizontal  tail  effects,  plus  an  additional  term  to  account  for  the  direct 
influence  of  the  wing  shock-expansion  field  on  the  horizontal  tail.  The  influence  of  the  shock-expansion 
field  may  be  evaluated  only  for  configurations  with  b'  > b".  Furthermore,  the  shock-expansion  term 
presented  in  the  Datcom  is  applicable  only  to  configurations  with  neither  wing  nor  tail  incidence.  In  using 
the  method  of  paragraph  A,  care  should  be  taken  to  evaluate  all  parameters  at  the  proper  Mach  number. 

It  should  be  noted  that  if  the  tail  is  in  the  wing  shock -expansion  field,  it  cannot  “see”  the  wing  trailing 
vortices.  In  this  case,  the  contribution  of  the  wing-vortex  interference  (third  term  of  equation  4.5. 1.2-b)  is 


neglected.  If,  however,  the  tail  is  behind  the  wing  shock-expansion  field,  it  can  “see”  the  wing  trailing 
vortices  and  the  wing-vortex  interference  should  be  considered  rather  than  the  shock-expansion  field. 


The  shock-expansion  term  for  configurations  with  neither  wing  nor  tail  incidence,  taken  from  reference  1*, 
is 


‘a 


La 


4.5.1.2-c 


where  all  terms  except  r?a  are  defined  in  the  subsonic  paragraph. 


r\Q  is  a “lumped”  angle-of-attack  effectiveness  parameter  obtained  from  figures  4.5. 1.2-1 3a  through  j 
4.5.1.2-13p  for  combinations  of  angle  of  attack  of  5°,  10°,  15°,  and  200  and  Mach  numbers  of  2,  3,  4,  and  j 
5.  riQ  accounts  for  the  change  in  dynamic  pressure  at  the  tail,  the  change  in  the  tail  lift-curve  slope,  and  j 
the  downwash  at  the  tail,  and  is  defined  as  j 


where 

/c^  \ is  the  lift-curve  slope  of  the  horizontal  tail  operating  at  the  local  Mach  number  of  the 

\ °7mh  flow  in  the  region  of  the  horizontal  tail. 

/C."  \ is  the  lift-curve  slope  of  the  isolated  horizontal  tail  at  the  free-stream  Mach  number. 

The  procedure  for  using  figure  4.5.1 .2-13  is  as  follows: 

Step  1.  Determine  the  exposed-wing  root  chord  c^  and  the  exposed -tail  root  chord  Cr". 

Step  2.  Determine  the  longitudinal  distance  x'  from  the  trailing  edge  of  the  exposed-wing  root 

chord  to  the  leading  edge  of  the  exposed-tail  root  chord,  positive  for  the  leading  edge  of  the 
exposed-tail  root  chord  aft  of  the  trailing  edge  of  the  exposed-wing  root  chord  (see  sketch 
(a)). 

Step  3.  Determine  the  vertical  distance  z',  measured  normal  to  the  longitudinal  axis,  between  the 
exposed-wing  root  chord  and  the  exposed-tail  root  chord,  positive  for  the,  tail  plane  above 
the  wing  plane  (see  sketch  (a)). 


Step  4.  Calculate  x'/c^  and  z’/cr ' , and  by  using  these  parameters  locate  the  exposed-tail  root 
chord  cr<T  in  the  proper  influence  zone  of  the  shock-expansion  field  of  figure  4.5. 1 .2-13. 


•In  reference  1,  the  case  of  a configuration  with  tail  incidence  is  analyzed.  The  shock-expansion  term  is  given  by 

» jw 

<acl)se  ■ CLa®  ~ {rkx  +cr^  V 


where  « is  the  tail-incidence  effectiveness  parameter.  Unfortunately,  no  design  cherts  are  available  for  determining  r)6. 
6 
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Step  5. 


The  exposed-tail  root  chord  will  be  divided  into  several  segments  by  the  shock-expansion 
field.  It  is  assumed  that  the  average  value  of  T\a  in  the  various  influence  zones  is  uniform 
over  the  tail  area  within  that  zone.  The  average  value  of  17  in  each  zone  is  then  multiplied 
by  the  ratio  of  the  tail  area  in  that  zone  to  the  total  exposed  tail  area  Se  to  obtain  a 
weighted  value  in  each  zone. 

Step  6.  Sum  the  weighted  values  of  7 (Q  to  obtain  the  total  “lumped”  effectiveness  parameter  r)Q. 

Step  7.  Interpolation  for  angle  of  attack  and/or  Mach  number  may  be  necessary,  if  so,  a three-point 
interpolation  for  a should  be  made  using  weighted  values  of  i\  . Two  points  are  sufficient 
for  Mach  number  interpolation. 

For  a specified  initial  Mach  number  there  is  a maximum  value  of  the  angle  of  attack  for  which  there  exists 
an  oblique-shock  solution.  Or,  conversely,  for  a specified  angle  of  attack  there  is  a minimum  initial  Mach 
number  for  which  there  is  an  oblique-shock  solution.  The  relation  between  Mach  number  and  angle  of 
attack,  below  which  no  solutions  for  -qa  may  be  obtained,  is  indicated  in  sketch  (b). 


OO 
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4.5. 1.3  WING-BODY-TAIL  MAXIMUM  LIFT 

In  this  section  a general  method  applicable  to  all  speed  regimes  is  presented  for  estimating  the 
usable  or  trimmed  maximum  lift  coefficient  for  a wing-body-tail  configuration  with  no  high-lif; 
devices.  The  wing-body-tail  maximum  lift  is  assumed  to  occur  at  the  wing-body  angle  of  attack  for 
maximum  lift. 

The  effective  tail-body  lift  component  is  a direct  result  of  the  wing-body  pitching  moment  that 
must  be  trimmed.  Most  conventional  clean-wing  tail-off  configurations  exhibit  a positive  pitching 
moment  at  stall,  therefore  requiring  a positive  tail  lift,  which  generates  a balancing  negative  pitching 
moment. 

The  contribution  of  the  tail  lift  is  only  as  accurate  as  the  wing-body  pitching-momcnt  estimate  at 
stall.  Unfortunately,  many  configurations  exhibit  nonlinear  pitching-moment  characteristics  at  or 
before  stall  that  effectively  prohibit  an  accurate  analytical  estimate  of  the  pitching  moment  at  stall. 
For  this  reason,  it  is  highly  desirable  to  have  pitching-moment  test  data  for  the  particular 
configuration  or  for  a similar  configuration. 


DATCOM  METHOD 

The  wing-body-tail  angle  of  attack  at  maximum  lift  is  assumed  to  be  identical  to  the  wing-body 
angle  of  attack  at  maximum  lift  from  Section  4.3. 1.4. 

The  following  method  is  based  on  the  wing-body  maximum  lift  plus  the  tail-body  lift  that  is 
required  to  trim  the  vehicle  at  (aci  )„m-  The  wing-body-tail  maximum  lift,  based  on  the  wing 

Mnax  WB 

area  Sw  and  neglecting  the  vertical-tail  drag,  is  determined  by 

^Lnux  “ ^Lmax-'wB  +^LH(WBV)  4.5.i.3-a 


where 

(Q-max^wB  is  the  wine-body  maximum  lift  from  test  data  or  Section  4.3. 1.4  at  the 

appropriate  speed,  based  on  Sw. 

ClH(WBV)  is  the  horizontal-tail  lift  at  (aCl^  - e)  *n  the  presence  of  the  wing. 

body,  and  vertical  tail,  based  on  the  wing  area  Sy/.  The  value  of  this  term 
is  determined  from  considering  the  horizontal-tail  forces  that  affect  the 
vehicle  pitching  moment. 

The  tail  lift  can  be  evaluated  using  one  of  the  three  equations  that  are 
presented  below.  The  first  equation  is  complete;  whereas,  the  second  and 
third  equations  are  simplifications  of  the  first  equation. 


4.5. 1.3-1 


(c  \ +C  cos  /a,,  — e\  — Cn  sin /a,  - e\  — - +C 

' "W«C,  H \CLm«  /c  TW  /C 


II(WBV) 


lH(WBV) 


where 


/ \ * ■ / v /jh 

cos  (OL.  - e\  — + sin  /a,,  - e|  — 

' Lmax  f ^ ' Lm:,«  / C 


4.5.1 ,3-b 


°fc 


L 


max 


€ 


is  the  wing-body  pitching  moment  at  the  stall  angle  of  attack  based  on 
Sw  Cy  with  respect  to  cw/4,  obtained  from  test  data  for  the  particular 
configuration.  If  no  test  data  are  available,  it  is  suggested  that  an 
approximation  be  made  by  using  the  methods  of  Sections  4. 1.4.2,  4. 1.4.3, 
and  4. 3. 2.2  in  conjunction  with  test  data  on  a similar  configuration. 

is  the  horizontal-tail-body  drag  at  /q^,'  — e\  based  on  Sw  , obtained 

' ax 

from  test  data  or  the  appropriate  methods  of  Sections  4.3.3. 1 and  4. 3. 3. 2. 

is  the  wing-body  angle  of  attack  at  stall,  obtained  from  test  data  or  from 
the  appropriate  method  of  Section  4. 3. 1.4. 

is  the  wing  downwash  at  the  horizontal  tail,  obtained  from  test  data  or  the 
appropriate  method  of  Section  4.4.1 . 


is  the  ratio  of  the  height  of  the  quarter-chord  point  of  the  horizontal-tail 
MAC  above  the  quarter-chord  point  of  the  wing  MAC,  to  the  wing  MAC. 
The  height  is  measured  perpendicular  to  the  longitudinal  axis  and  is 
positive  for  the  horizontal  tail  above  the  wing  (see  Sketch  (a)). 
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r 

c 


C 


m 


H(WBV) 


is  the  ratio  of  the  distance  from  the  quarter-chord  point  of  the  wing  MAC 
to  the  quarter-chord  point  of  the  horizontal  panel  MAC  (measured  parallel 
to  the  longitudinal  axis),  to  the  wing  MAC  (see  Sketch  (a)). 

is  the  horizontal-tail  pitching  moment  at  !ac  - e)  based  on  Swcw 

' Lmax  ' 

with  respect  to  the  quarter-chord  point  of  the  horizontal-tail  MAC 
obtained  from  test  data.  If  no  test  data  are  available,  it  is  suggested  that  an 
approximation  be  made  by  using  the  methods  from  Sections  4. 1.4.2, 
4.1. 4.3,  and  4.3.2.2  in  conjunction  with  test  data  on  a similar  configura- 
tion. However,  for  horizontal  tails  with  symmetrical  airfoil  sections,  this 
term  can  be  neglected. 


For  those  configurations  where  the  horizontal-tail  drag  is  very  small  in  comparison  with  the 
wing-body  pitching  moment'  the  drag  terms  of  Equation  4.5.1. 3-b  can  be  omitted.  In  addition, 
since  most  horizontal  tails  have  symmetrical  airfoil  sections,  the  C„  term  can  also  be 

omitted.  Thus  Equation  4.5. 1. 3-b  can  be  written  as 


H(WBV) 


4.5.1.3-c 


If  the  small-angle  approximation  can  be  justified  for  faQ  -e  ] , the  above  can  be  further 

' *"max  / 

simplified  to  yield 


H(WBV) 


4.5.1. 3-d 


No  substantiation  is  presented  because  of  the  lack  of  test  data  on  wing-body-tail  configurations. 

Sample  Problem 


Given: 


at  = 16.5° 

^max 


Cn  = 0.02 

UH 


mH(WBV) 


= 0 


e = 9.2° 


c 


c 


4.5. 1.3-3 


4.5.2  WING-BODY-TAIL  PITCHING  MOMENT 

4.5.2.1  WING-BODY-TAIL  PITCHING-MOMENT-CURVE  SLOPE 

Pitching-moment-estimation  methods  are  inherently  less  accurate  than  those  for  lift,  since  pitching  moment  is  dependent 
primarily  on  load  distribution,  while  lift  depends  primarily  on  gross  forces.  Many  of  the  comments  on  lift  given  in 
Section  4.5. 1.1  are  also  applicable  to  this  Section. 


A.  SUBSONIC 


DAT COM  METHODS 


Two  methods  are  presented,  differing  in  their  treatment  of  the  effect  of  the  forward-surface  flow  field  on  the  aft  surface. 

Method  1 (byb"  > 1.5)  f 

For  configurations  in  which  the  span  of  the  forward  surface  is  large  compared  to  that  of  the  aft  surface,  the  following 
approach  can  be  used.  This  method  is  to  be  used  when  the  ratio  of  the  forward-  to  the  aft-surface  span  is  1.5  or  greater. 

The  complete  equation  for  the  pitching-nioment-curve  slope  C„,n  of  a wing-body-tail  configuration  based  on  the  gross 
area  and  MAC  of  the  forward  panel  and  an  arbitrary  center-of-gravity  position  is  given  by 

c„.  - - yyjj  - (to- + (&.)')*..+ { (ct.)' + (cD)'jc<>..j 

- ~V’-[f(C--)'  + ' l(c-)'  - (&>.)'}  eo..] 

- <Cl>"  + <C„.)"J  .in  (.  - .)  + { (C,,)"  + (C„)")  co.  (.-«)] £ £ £ ( 1 - £) 

- ~^[((C.,)"  + (Cn>")  .in  (.-«)+  {(Cl)"  - (Cl.)")  lo.  („  - - £) 


geometric  parameters  are  defined  in  figure  4.5.2.1-7  (note  that  g',  g"  and  V are  always  positive) 

primed  quantities  pertain  to  the  forward  panel 

double-primed  quantities  pertain  to  the  aft  panel 

the  lift  and  drasr  terms  below  are  calculated  by  the  methods  of  Sections  4.3.1.2  and  4.3.3.2,  respectively 

(Cl)'  and  (Cn)'  are  the  complete  lift  and  drag  coefficients  of  the  forward  panel  and  body,  including  wing-body 
interference.  The  coefficients  are  evaluated  at  the  angle  a ---  a*  f-  i'. 

(Cj.ff)'  and  (Coff)'  are  the  complete  lift-curve  and  drag-curve  slopes  of  the  forward  panel  and  body  including 
interferences. 

(Cl)"  and  (CD)"  are  the  lift  and  drag  coefficients  of  the  aft  panel  evaluated  at  the  tail  angle  of  attack 
o"  = a — € + i".  These  coefficients  include  wing-body  interferences. 

(Cl,,)"  and  (C[>o)"  are  the  lift-curve  and  drag-curve  slopes  of  the  aft  panel  including  wing-body  interference 
effects. 
d€ 

t and  - are  the  downwash  angle  and  downwash  gradient,  respectively,  from  Section  4.4.1 

O a 

a"  is  the  angle  of  attack  of  the  aft  panel,  a-(  + i",  where  e is  the  average  downwash  angle  (Section  4.4.1) 
acting  on  the  aft  pane!  evaluated  at  the  forward-panel  angle  of  attack  a — a,  + i' 


ce  - x'  xclt  {l±i\  (Z£\  - L _ OS 

™ x"  ..  i"  , , (hl'\  AA  - £.  - 25 


4.5.2.1-b 


4.5.2.1-c 


4.5.2. 1-1 


■ JSr.' 


is  the  aerodynamic  center  of  the  forward  panei  obtained  from  Section  4.3. 2.2  (referred  to 
the  forward-panel  apex  and  based  on  exposed  panel  geometry) 


xa.c.  *s  aerodynamic  center  of  the  aft  panel  obtained  from  Section  4. 3. 2. 2 (referred  to  the 
alt-panel  apex  and  based  on  exposed  panei  geometry) 

For  most  configurations  the  terms  involving  zlt  are  negligible,  and  frequently  the  drag  terms  are  small  enough  to  be 
negligible.  If,  in  addition,  the  usual  approximations  for  small  angle  of  attack  are  made,  equation  4.5.2.1-a  can  be  sim- 
plified to  give 


r - - - X'  y *cS  - x"  q"  S"  c'  / <9e\ 


which  cart  be  written  as 

[Kx  + KB(v/,  + Ktt-(B)]'  (Q^V 


4.5.2.1-d 


[KB(W,  H*  Kw(bi]"  (C,Ln)''  ^1 


Se\  q"  S/'  S"  c" 
(la  ) qw  S"  S'  c' 


4.5.2. \-y 


- P + (77)  (f7)  ~ f7  ” ’25  (equation  4-5-2-Lh 


- x"  jr 

5"  c"  + ,7 


and  the  remaining  terms  are  defined  ir.  Section  4.5. 1.1. 


4.5.2. 1-e 


Method  2 (b'/b")  <1.5 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less  than  that  of  ihe  aft  surface, 
the  vortex  shed  from  the  forward  surface  interacts  directly  with  the  aft  surface  and  the  resulting  interference  effects 
nust  be  accounted  for  in  the  tail  terms.  This  method  is  to  be  used  when  the  ratio  of  the  forward-  to  the  alt-surface  span 
is  less  than  1.5.  The  contribution  of  this  interference  effect  to  the  drag  coefficient  is  not  given  in  literature.  However, 
by  making  the  assumptions  that  led  to  equation  4.5.2.1-d,  a simplified  expression  for  the  pitching-moment-curve  slope 
of  a complete  wing-body-tail  configuration  based  on  the  gross  area  and  MAC  of  the  forward  panel  and  an  arbitrary 
center-of-gravity  position  is: 


r*  

~ ” C' 


:x_'  c X,r  x"/c"\r  c 1 

' ( *'  c"  \c'  ) S'  qM  (0,'.)w"(vi 


4.5.2.1-r 


Equation  4.5.2. l-f  can  be  written  as 


Cm.  = 


[Km  + K,b,w  + Kv,,b,)'  (C,a)'|P 


-(y){[Kw(n,+Klllwl]''(CLx|v|£  ' (Cuft)w..(v)| 


4.5.2. l-f' 


x,c  — x . 


is  given  by  equation  4.5.2.1-h 


x(. . — x'  , , w 

— ^7, is  given  by  equation  4.5. 2. 1-e 

(Ct-n)w"ivi  i®  effect  of  the  forward-surface  vortices  on  the  aft  surface  as  defined  in  Seriion  4.5. 1.1  and  the 
remaining  terms  are  rictineil  in  Section  4.5. 1.1. 


4.5.2.1-2 


Sample  Problems 


1.  Method  1 (b'/b"  > 1.5) 
Given ; 


Configuration  of  sample  problem  1,  paragraph  A,  Section  4.5. 1.1.  Additional  characteristics  are  based  on  total- 
panel  dimensions. 

. c ' 
c.g.  at  ~ 


Cr  _ 


1.316 


-St  = 1.745 
c ' 


r = - 0.783 


ir  = 0.566 
c ' 

l" 

~ = 5.30 
c 


Cf  / N 


r / W<B) 


— 1.650  \ from  Section  4.3.2.2;  functions  of  wing-body  geometry 


(t) 


= 0.822 


B(W) 


Compute: 
Step  1. 


X*c 

c/ 

From  Section  4.3. 1.2: 

(Cv)n  = Kn'  (Cca)',  ”• 

(Cl'a)w(B)  = KW(B)'  (<*„)', 

(Cta)  B(W)  = (CLa)',  -gr 

The  above  parameters  have  been  calculated  in  sample  problem  1.  paragraph  A,  Section  4. 5. 1.1. 

(CCr)'.§^  ~ -0664  (-896)  = -0595  per  deg 

(Cl„)n  " 0.037  (.0595)  = 0.0022  per  deg 
(Ct,„)W(B)  - 1.08  (.0595)  = 0.0643  per  deg 
(Q,a)B(W,  = °-14  (•0595)  = 0.0083  per  deg 
From  Section  4.3.2,2: 


/ = (4  (CL°)n  + («r  )w,a.  (Cl°)w<bi  + UL  (ClJiI,W1 

(CgN-  (C-..U  + (Cr.),,, 

.783  (.0022)  + 1.650  (.0643)  -f  .022  (.008,3) 


(equation  4.3.2.2-a) 


0.(X)22  + 0.0643  +-  0.0083 


1.49 


4.5.2. 1-3 


.1 


o »re  — X'  J XCK  - X" 

Nep  2.  --^r—  and  — ■ 


= 0 
c 


^ -*+(s)(£)-£- •*  {',ua,ion1'5-21-1" 


= 0 + 1.49  (1.316)  - 1.745  - .25 
= - 0.034 


r?— ,/*—  — ~j  + — 5.30  (equation  4.5.2.1-e) 


Step  3.  Solution  for  Cm<t 

(CT,a)'  and  (CLa)"  have  been  calculated  in  sample  problem  1,  paragraph  A,  Section  4.5. 1.1. 

(CLa)'  = 0.0748  per  deg 

— — ^7-  f 1 ~ ^ j = 0.0065  per  deg  (this  value  includes  wake  and  wash  effects  calculated  in 


referenced  problem) 


r — 

'Jni/y 


~ (Cl«)'  - -J7TX-  (cn„)"  ~ fr  |r  (x  - (e<luation  4.5.2.1-d) 


= -(-.034)  (.0748)  - (5.30)  (.566)  (.0065) 

~ 0.0025  - 0.0195 
— —0.0170  per  deg 


2.  Method  2 (b'/b"  < 1.5) 


Configuration  of  sample  problem  2,  paragraph  A,  Section  4.5.1. 1.  Additional  characteristic*  are  based  on  total 
panel  dimensions. 


C-S‘  at  4* 


~zrr  ~ 0.343 
c' 


c'  i" 

3?  = 0.389  — = 5.32 

c'  c" 


— 1 = -0.333 


c J — 0.526  \ From  Section  4.3.2;2;  functions  of  wing-body  geometry 


= 0.356 


4.5.2. 1-4 


Compute: 


k c* 


Step  1. 

cr 

From  Section  4.3.1.2: 

(C,a)K  = K/  (C,a)' 

(Cl-«)w(B>  ~ K'V(II)'  (Cl„)'  %" 

(CI'<,)b(W)  " KB(W)'  (Ci,„)'  -gr 

The  above  parameters  have  been  calculated  in  sample  problem  2,  paragraph  A,  Section  4.5.1. 1. 

(C = (0.0405)  (0.730)  - 0,0296  per  deg 

(CL(t)N  = (0.67)  (0.0296)  = 0.0198  per  deg 
(CL<t)W(B,  = (1-16)  (0.0296)  = 0.0343  per  deg 
(Co0)B,w)  = (°-27)  (0.0296)  = 0.0080  per  deg 


, Or)  (co»  + (t-)  + (v)  I6--). 

/ = \Cr  /N \Cr  /W(B) \ ^ / B ( W) 

(-0.333).  (0.0198)  -f  (0.526)  (0.0343)  + (0.356)  (0.0080) 
0.0198  Jr  0.0343  + 0.008 

= 0.230 


(equation  4.3.2.2-a) 


Step  2. 


•^  = 0 
o' 


’-pL  = ¥ + (i f)  (f)  - f ~ -25  <e’ua,ion  4S-2-1-1 


= 0 + (0.230)  (1.38)  - 0.389  - .25 
= -0.3216 

Xcs  X = ~r  + -2s-  (equation  4.5.2, 1-e) 
c " c " c" 

~ 5.32 


Step  3.  Solution  for  C„lrt: 

Cma  — — [Kn  + Kw(B)  + Kbot,]'  (Cl,,)' 


V*1  (£)  {[K”»  + i + We,  } ('qu“ion  45'2'w') 


4.5.2. 1-5 


Using  the  above  results  and  the  parameters  calculated  in  sample  problem  2,  par  graph  A,  Section  4.5. 1.1 
gives 

Cma  = -(-0.3216)  (1.497)  (0.0405)  (0.730) 

- (5.32)  (0.343)  [(1.45)  (0.0667)  (0.741)  (0.277)  <0.859}  + (-0.0139)] 

= 0.0085  per  deg 


B.  TRANSONIC 

At  transonic  speeds  the  mutual  interferences  that  exist  between  components  can  have  pronounced  effects  upon  the  pitch- 
ing-moment characteristics  of  wing-body-tail  combinations.  The  sensitivity  of  shock-wave  position  and  strength  to  minor 
configuration  changes  and  the  common  occurrence  of  shock-induced  boundary-layer  separation  have  significant  effects 
on  the  pressure-loading  variations  and  hence  the  pitching  characteristics.  At  present  the  methods  of  predicting  these 
effects  are  either  nonexistent  or  oversimplified.  The  downwash  from  the  forward  panel  is  also  difficult  to  evaluate  for 
cases  of  mixed  flow  and/or  separation  over  the  forward  panel. 

DATCOM  METHOD 

It  is  recommended  that  the  procedure  outlined  in  paragraph  A above  be  applied  at  transonic  speeds. 

C.  SUPERSONIC 

The  information  included  in  the  Datcom  accounts  for  most  of  the  mutual  interferences  that  occur  between  components 
at  supersonic  speeds.  In  particular,  the  wing-body  interferences  have  been  accounted  for  by  the  slender-body  inter- 
ference factors  of  Section  4.3. 1.2.  The  wing-wing  interference  methods  include  the  effects  of  the  downwash  field  due  to 
lift,  the  downwash  due  to  the  local  compressible  flow  field,  Mach  number,  and  the  local  dynamic  pressure. 

DATCOM  METHOD 

The  equations  presented  in  paragraph  A for  estimating  the  pitching-moment-curve  slope  of  wing-body-tail  combinations 
are  applicable  to  the  supersonic  speed  regime. 


VEHICLE  GEOMETRY  FOR  TAIL-LAST  CONFIGURATIONS 

Figure  4.5.2.I-7*  VEHICLE  GEOMETRIC  PARAMETERS 

Note:  Z'  and  Z"  are  measured  from  (he  FRP  to  the  aerodynamic  centeri 
of  the  forward  and  aft  surfaces,  respectively. 


4.5.2.1-7 


Figure  4.5.2.1-7b  VEHICLE  GEOMETRIC  PARAMETERS  (CONTD) 

Note:  Z*  and  Z"  are  measured  from  the  FRP  to  the  aerodynamic  centers 
of  the  forward  and  aft  surface*,  respectively. 


4.5.3  WING-BODY-TAIL  DRAG 


4.5.3.1  WING-BODY-TAIL  ZERO-UFT  DRAG 

The  information  presented  in  this  section  is  for  estimating  the  zero-lift  drag  coefficient  of  complete 
configurations  in  the  aerodynamically  clean  condition.  In  general  it  consists  of  a synthesis  of  material  pre- 
sented in  other  sections.  The  methods  are  presented  for  a tail-aft  configuration.  The  procedures  to  be 
applied  in  treating  canard  configurations  in  the  various  speed  regimes  are  noted. 

The  problem  of  estimating  the  zero-lift  drag  is  one  of  accounting  for  the  mutual  interferences  between  com- 
ponents. The  methods  use  basically  the  same  approaches  to  account  for  mutual  interferences  at  subsonic  and 
supersonic  speeds  as  those  of  paragraphs  A and  C,  respectively,  of  Section  4.3.3. 1 for  determining  wing-body 
zero-lift  drag.  The  Datcom  method  at  subsonic  speeds  consists  of  applying  an  interference  correction  factor 
to  the  skin-friction  and  pressure-drag  contributions  of  the  exposed  wing  and  body,  and  treating  the  tail 
panels  as  exposed  components.  At  supersonic  speeds  the  zero-lift  drag  of  the  configuration  is  obtained  by 
adding  the  drag  contributions  of  the  exposed  lifting  surfaces  and  the  isolated  body.  A simple  fairing  tech- 
nique is  used  to  approximate  the  zero-lift  drag  rise  through  the  transonic  speed  regime. 

Discussions  of  the  various  applicable  theories  are  given  in  Sections  4. 1.5.1,  4.2.3. 1,  and  4.3.3. 1 and  are  not 
repeated  here. 

It  should  be  pointed  out  that  the  basic  approach  taken  here  is  satisfactory  for  preliminary  design  stability 
studies  and  that  no  attempt  is  made  to  provide  methods  suitable  for  performance  estimates. 


A.  SUBSONIC  (M  < 0.70) 

The  zero-lift  drag  of  a wing-body-tail  configuration  is  approximated  by  adding  the  wing-body  zero-lift  drag 
determined  by  the  method  of  Section  4.3. 3.1  and  the  drag  contributions  of  the  isolated  tail  panels  deter- 
mined by  the  method  of  Section  4. 1.5.1.  Although  the  method  for  determining  the  wing-body  contribution 
includes  interference  correction  factors  based  on  experimental  results  for  wing-body  combinations,  it  should 
be  pointed  out  that  most  of  the  bodies  were  conventional,  ogive-cylinder  combinations  of  high  fineness  ratio, 
and  no  detailed  investigation  has  been  made  to  evaluate  body  effects.  The  tail-body  combination  also 
produces  interference  drag,  but  no  explicit  correction  factors  are  presented  for  this  effect.  Chapter  VII  of 
reference  1 discusses  the  interference  drag  produced  by  tail  configurations  at  their  junctions  with  the  fuse- 
lage as  well  as  in  the  corners  formed  by  the  intersection  of  horizontal  and  vertical  tails.  Tail-body  interference 
is  compensated  for  to  some  extent  in  the  Datcom  by  assuming  that  the  average  dynamic-pressure  ratio  at  the 
tail  panels  is  unity. 

The  Datcom  method  is  applicable  to  configurations  employing  the  following  two  classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

Non-straight-tapered  wing  geometric  parameters  are  presented  in  Section  2.2.2. 


DATCOM  METHOD 


The  subsonic  zero-lift  drag  coefficient  of  a complete  configuration  is  approximated  by 


4.5.3, 1-a 


where  the  subscript  p refers  to  the  tail  panels,  and 


is  the  zero-lift  drag  coefficient  of  the  wing-body  configuration,  based  on  the  reference  area, 
obtained  from  paragraph  A of  Section  4.3 .3.1. 


is  the  zero-lift  drag  coefficient  of  a tail  panel,  based  on  the  exposed  panel  geometry  and 
referred  to  the  reference  area,  obtained  from  paragraph  A of  Section  4.1 .5.1.  Applied  in  this 
manner,  equation  4.1 .5. 1-a  is  expressed  as 


where  |(Swet ) j is  the  wetted  area  of  the  exposed  panel.  The  Reynolds  number  used  in 
determining  the  turbulent  fiat-plate  skin-friction  coefficient  is  based  on  the  mean  aerodynamic 


chord  (c  ) of  the  exposed  panel. 

p e 


The  method  is  applied  to  tail-forward  configurations  by  applying  the  wing-body  method  of  Section  4.3.3. 1 
to  the  primary  lifting-surface-body  combination  and  the  method  of  Section  4. 1. 5.1  to  the  exposed  forward 
panel. 


Sample  Problem 

Given:  A wing-body-tail  configuration  of  reference  2,  designated  53-series. 


4.5.3. 1-2 


Wing  Characteristics: 

\/  = 3.0  bw  = 10.80  in.  X*  - 0.40  ^ = Snf  * 38.89  sq  in. 

Alew  53.13°  (cw ) - 3.55  in.  [(Sw#t)  J = 62.86sqin. 

i w;  ^ 

(t/c)IV  = 0.044  (t/c)  @ 0.30c  A.,.  . * 49.3° 

l(s->wl 

— 1.616 

aref 


Horizontal-Tail  Characteristics: 

Ah  = 3.994  bH  = 5.56  in.  X„  * 0.334  A,^*  8.53° 

(cH)e  = 1.296  in.  |(sWet)Hj  " 10.372  sq  in.  t/c  = 0.03 

(t/c^m«x  ® OJOc  A(t/C)  - 0 — m 0.2667 

m«  Swf 

Vertical-Tail  Characteristics: 


Av  = 1.356  bv  * 3.294  in.  Xv  * 0.275  A^*  56.55° 

(cv)^  = 2.305  in.  [(Swel)yj  - 1 1.01  sq  in.  t/c  *0.03 

[(Sw#1)l 

0/e)mix  @ °.30c  A(  / ) -45.3°  — - * 0.2832 

S„f 

Body  Characteristics: 

fiB  = 17.0  in.  d * dm(X  * 1.588  in.  db  - 1,174  in.  SB  « 1.083  sq  in. 


f = «B/d=  10.70  d„/d  = 0.739  (S  ) * 23.63  sq  in. 

s , 


(ss># 

— r-  21.82 


— — * 0.6076  - — - * 0.0278  Body  ordinates:  r « 

ref  S»f 

The  body  is  modified  by  a 1 .369-inch  cylindrical  extension  at  x 


« 12. 


4.5.3. 1-3 


Step  2.  Determine  the  skin-friction  and  pressure-drag  contributions  of  the  components.  (Sec 
tions  4.1 .5.1  and  4,2.3. 1 ) 


L(c)+  10o(c~)|  * 1,05  (f>Sure  4.1 .5.1  -26a, 


for  L - 1 .2) 


Horizontal:  ll  + L^— j+  100| 


- 1.02  (figure  4. 1.5.1 -26a, for  L = 1.2) 


Vertical:  ^1  + + 100^- 


1.02  (figure  4. 1.5.1 -26a,  for  L = 1.2) 


4.5.3. 1-4 


Body; 


60  *b 

1 + + 0.0025  — 

<£B/d)3  d 


1 + +0.0025(10.7)  *=1.0757 

(10.7)3 


Step  3.  Determine  the  lifting-surface  correction  factors.  (Section  4. 1 .5. 1 ) 


Wing-  cos  A, 


49.3°  = 0.6521 


Horizontal;  cos  A(t^c)  “ cos  (0)  * 1.00 


Vertical;  cos  A, 


cos  45.3°-  0.7034 


Lifting-surface  correction  factors  as  f(M)  (figure  4. 1.5.1  -28b) 


M 

Ks-)w 

(**-*)  H 

(Rus.)v 

0.4 

0.960 

1.105 

1.000 

0.6 

1.002 

1.150 

1.044 

0.7 

1.0S8 

1.205 

1.098 

Step  4.  Determine  the  wing-body  interference  correlation  factor  (figure  4.3.3.1-37 

Rp  ■ 6.68  x 1 06  (calculated  above) 
hu 

M Rwb 

0.40  1.028 

0.60  0.988 

0.70  0.963 

Step  5.  Determine  the  wing-body  zero-lift  drag  exclusive  of  base  drag.  (Section  4.3 .3. 1 ) 


(C»o) 


■^I).  „ 

WB  b Swf 


|<S->w), 


+ (Cf^  ■ +0.0025  “j  — ?RWB  (equation  4.3.3. 1-a) 


;,)w  [>  **-€■)*  ,00G)  jw  «i*i. 


LI  <Ss> 


- (Cf)  (1.05)(RL  S ) (1.616)  + (Cf)  (1.0757)  (0.6076)  Rwb 

w ' * W B I 

- (1.697)  (Cf)w(RL<s>)w+ (0.6536)  (Cf)B  RWB 
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Step  6.  Determine  the  base  drag  (b<  «d  on  SB)  (Section  4.2.3. 1) 


Cn  = 0.029 

ub 


■ 001I^R  (equation  4.2.3.1-b) 


+ 0.0025 


'i 

(Ss) 

“T 


= (C.)  (1.0757)  (21 .82) 


B 


= (23.47)  (Cf) 


0 

0 

Q 

0 

0 

M 

<C,) 

1 B 

step  1 

(23.47)  (C.) 

‘ B 

1 1 

>/©■ 

C°b 

eq.  4.2.3.1-b 

0.0117/  (7) 

0.4 

0.00315 

0.0739 

0.272 

0.0430 

0.6 

0.00310 

0.0728 

0.270 

0.0433 

0.7 

0.00308 

0.0723 

0.269 

0.0435 

Step  7.  Determine  the  total  wing-body  zero-lift  drag  using  equation  4.3.3. 1 -a. 


4.5. 1.1-6 


0 

0 

® 

® 

® 

M 

/ \ 88 

(top  3.  cot 

(bued  on  Sg) 

(to|i  6,  cot  0 

h 

CDbS«r 

0 (0.0273) 

(C”°L 

(bued  on  Sref) 

© + 0 

0.4 

C.C0904 

0.0430 

0.00120 

0.01024 

0.6 

aoosM 

0 0433 

0.00120 

0,01004 

a7 

0.00892 

0.0433 

0.00121 

0.01013 

Step  8.  Determine  the  horizontal-  and  vertical-tail  zero-lift  dreg  contribution*. 


,4]  |(S**‘>H 

,tLfe 

h°°k 

(Rt.S.)|j  S 

" J H M aief 

<Cf)  (1.02)  (Rls  ) (0.2667) 

H H 


(0.2720)  (Cf)H  (Rt>s<)„ 


(Cf)v  (1.02)  (Rl.s,)v  (0.2832) 
(0.2889)  (Cf)y(Rus)v 


(equation  4.1.5.1-a) 


(equation  4.1.5.)-a) 


0 

© 

® 

© 

® 

© 

© 

M 

<cf) 

* H 

(top  1 

<RUS.)h 

(top  3 

W. 

(bued  or  S^) 

<a2720)  00 

(Cf) 

1 V 

•top  1 

(Rus.>v 

(top  3 

Nv 

(bued  on  Swf) 
(0.2889)  00 

0.4 

0.00493 

1.103 

' 

0.00149 

0.C0444 

1.000 

0.00128 

0.6 

0.00443 

1.150 

0.00153 

0.00440 

1.044 

0.00133 

0.7 

0.00484 

1.203 

0.00139 

0.00436 

1.098 

0.00138 
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lariatlaiA 


A 


t a 


J 


The  calculated  results  are  compared  with  test  values  from  reference  2 in  figure  4.5.3. 1 -18. 


B.  TRANSONIC  (0.7  s M s 1.1) 

Interference  effects  in  the  transonic  range  are  generally  greater  than  those  in  the  subsonic  range.  This  is  due 
to  the  higher  local  velocities  over  the  individual  components  and  the  greater  propagation  of  the  associated 
perturbations  from  their  source.  Furthermore,  large  supersonic  flow  regions  often  exist  that  contribute  sub- 
stantially to  the  wave  drag.  These  effects  may  be  accounted  for  by  the  application  of  the  area-rule  method, 
whereby  the  zero-lift  drag  of  a wing-body-tail  combination  can  be  calculated  as  though  the  combination 
were  a body  of  revolution  with  equivalent-area  cross  sections. 

Application  of  the  area-rule  method  for  computation  of  transonic  zero-lift  drag  is  discussed  in  paragraph  B 
of  Section  4.3.3. 1 and  will  not  be  repeated  here.  Since  the  method  is  quite  tedious  to  compute  by  hand, 
automatic  computing  equipment  is  invariably  used. 

There  is  no  general  method  available  for  determining  the  interference  drag  between  components  at  transonic 
speeds.  The  method  of  approach  used  in  Section  4.3.3. 1 to  determine  transonic  wing-body  zero-lift  drag 
could  be  extended  to  include  the  contributions  of  the  tail  panels  in  a manner  similar  to  that  used  in  para- 
graph A.  However,  such  a method  is  considered  to  be  unwarranted  in  view  of  the  approximate  nature  of  the 
results  in  conjunction  with  the  labor  required  to  apply  the  method. 

The  Datcom  method  has  been  selected  for  its  ease  of  application.  The  degree  of  accuracy  of  the  Datcom 
method  should  be  equivalent  to  that  using  the  build-up  procedure  discussed  above. 
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DATCOM  METHOD 


An  indication  of  the  wing-body-tail  zero-lift  drag  coefficient  at  transonic  speeds  may  be  obtained  by  the 
following  procedure; 


Step  1.  Calculate  the  zero-lift  drag  coefficient  over  the  subsonic  and  supersonic  speed  regimes  by  the 
methods  of  paragraphs  A and  C,  respectively. 

Step  2.  Obtain  the  drag-divergence  Mach  number  MD  from  figure  4.5.3. 1 -19  as  a function  of  wing 
geometry  and  general  wing-body  configuration. 


Step  3. 


Obtain  the  zero-lift  drag  coefficient  at  MD  by 


(cu  \ + 0.002 

\d°;m=o.7 


4.5.3. l-b 


Step  4.  Using  the  information  determined  in  steps  1 through  3 as  a guide,  construct  the  approximate 

zero-lift  drag  coefficient  for  the  range  of  Mach  numbers  between  0.7  and  1.1.  The  Cn  vs 

0 

M curve  is  faired  tangent  to  a line  whose  slope  is  dCD/dM=  0.10  passing  through  (CD  j 

\ ' md 

Equation  4.5.3. l-b  for  determining  iC^  j is  arbitrary,  since  for  all  configurations  an  initial  drag  rise  at 

' r i 


M,  * 0.7  is  assumed,  and  the  drag-rise  increment  ACD  = 
(See  sketch  (a)). 


(C"»)„0'(C°”)k, 


is  assumed  to  be  0.002. 


The  method  is  applicable  only  to  tail-aft  configurations  with  straight-tapered  wings. 


M,  = 0.7  Md  M = 1.1 

M 

SKETCH  (a) 


Sample  Problem 

Given:  The  configuration  of  the  sample  problem  of  paragraph  A.  Some  of  the  characteristics  are  repeated. 

Aw  = 3.0  Aw  = 0.40  (Ac/4  V = 49,8° 


4.5.3. i-9 


(t/c),v  = 0.044  Swept  wing  design  without  area  rule 
Compute: 

(figure  4.5.3.1-19) 

= 0.0131  (sample  problem,  paragraph  A) 

= /cn  \ +0.002  (equation  4.5.3. 1-b) 

V o/m=o.7 

= 0.0131  +0.002 
- 0.0151 

The  zero-lift  drag  coefficient  is  constructed  for  the  range  of  Mach  numbers  between  0.7  and  1.1  in  figure 
4.5.3.1-18. 


C.  SUPERSONIC  (M  > 1.1) 

The  area-rule  method,  discuss  d in  paragraph  B of  Section  4.3.3. 1,  has  been  adapted  to  supersonic  speeds  to 
allow  the  computation  of  the  zero-lift  drag  of  complete  configurations  at  supersonic  speeds.  The  resulting 
method,  termed  the  “supersonic  area  rule”  gives  wave  drag,  including  aerodynamic  interferences,  at  a given 
Mach  number. 

Application  of  the  “supersonic  area  rule”  requires  automatic  computing  equipment.  A general  discussion  of 
the  method  and  the  steps  required  to  prepare  the  machine  input  and  to  interpret  the  computed  drag  values 
are  given  in  paragraph  C of  Section  4.3.3. 1. 

The  method  presented  is  essentially  the  same  as  that  of  paragraph  A of  this  section.  The  zero-lift  drag  of 
exposed  tail  panels  determined  by  the  method  of  Section  4. 1 .5. 1 is  added  to  the  wing-body  zero-lift  drag 
determined  by  the  method  of  Section  4.3.3.  i. 

The  Datcom  method  may  be  applied  to  configurations  having  the  following  classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  planforms) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

Curved  (Gothic  and  ogee)  wings 

Non-straight-tapered  wing  geometric  parameters  are  presented  in  Section  2.2.2. 

It  is  assumed  that  the  average  dynamic-pressure  ratio  at  the  tail  panels  is  unity. 
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DATCGM  METHOD 


The  supersonic  zero-lift  drag  coefficient  of  a complete  configuration  is  approximated  by  equation  4.5.3. 1 -a; 
i.e., 


c“'-W„+i-K 


where  the  subscript  p refers  to  the  tail  panels,  and 

(CD  } is  the  zero-lift  drag  of  the  wing-body  configuration,  based  on  the  reference  area,  obtained 
°/wb  from  paragraph  C of  Section  4.3.3. 1 . 

(CD  j is  the  zero-lift  drag  coefficient  of  a tail  panel,  based  on  the  exposed  panel  geometry  and 
t 0 / p referred  to  the  reference  area,  obtained  from  paragraph  C of  Section  4. 1 .5. 1 . In  applying  this 
method  the  Reynolds  numbers  used  in  determining  the  turbulent  flat-plate  skin-friction  coef- 
ficients arc  based  on  the  mean  aerodynamic  chord  (c  ) of  the  exposed  panels,  and  the 
wetted  areas  are  the  exposed  wetted  areas  of  the  panel?  |(Swet)  J . 

The  method  is  applied  to  tail-forward  configurations  in  the  same  manner  as  noted  at  the  conclusion  of  para- 
graph A. 

Sample  Problem 

Given:  The  configuration  of  the  sample  problem  of  paragraph  A,  Some  of  the  characteristics  are  repeated. 

Wing  Characteristics: 


Sw 

= Swr  = 38.89  sq  in. 

(Sw>e 

= 31.43  sq  in. 

ALE 

= 53.13° 

* 3.55  in. 

62.86  sq  in. 

(t/e)lv 

= (t/c)efr  = 0.044 

(Sw). 

1 

* 0.808 

1.616 

sref 

Stef 

Horizontal-Tail  Characteristics: 

<s„)t 

* 5.186  sq  in.  |(S„et 

10.372  sq  in. 

alek 

* 8.53°  (c„  ) 

C 

at 

1.296  in.  t/c 

* WCW  = 

0.03 

<SH>e 

(<S.„ 

= 0.1333  — — 

) 1 

0.2667 

rtf 


rtf 
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Vertical-Tail  Characteristics: 


(Sy)  = 5.507  sq  in. 


LE. 


(Sv) 


ref 


= 56.55° 


= 0.1416 


[<S.«>V]  = U-014  sq  in. 

(Cy  ) = 2.305  in.  t/c  = (t/c)eff  = 0.03 

[<s-.,»v] 


= 0.2832 


ref 


Body  Characteristics : 


SB  = 17.0  in. 


8a  =7.0  in. 


»N  ' 1,0 


d-d. 


max 


En=  10.0  in. 


^ » .» f t mi.  — 1 .083  sq  in. 


(Sg)  = 23.63  sq  in 


= 1.588  in.  db  = 1.174  in.  S 
fA  = Ea  I<1  = 4.408 

(SS)e 


fN  = 8N/d  = 6.297 
S„ 


: = 0.6076 


JB 


= 0.02V8 


Jref 


ref 


ihl 


= 21.82 


Additional  Characteristics: 

Rg  “ 0,250  x 106  per  in.  Polished  metal  surface  (assume  k = 0) 


M 

1.10 

1.20 

1.30 

1.40 

0.458 

0.663 

0.831 

0.980 

Biconvex  airfoils 


Compute: 


Stepl,  Determine  C,  for  each  component  (Section  4. 1.5.1)  (For  all  components  the  admissible 
roughness  fi/k  = »,  and  the  skin-friction  coefficient  is  obtained  at  the  calculated  Rg.) 

Reynolds  number 

Wing:  Rg  = (0.250  x 10s)  (cw)  = (0.250  x 106)  (3.55)  = 8.875  x 10s 

Horizontal:  Rg  » (0.250  x 106)  (cH)#  = (0.250  x 106)  (1.296)  = 3.24  x 105 

Vertical:  Rg  = (0.250  x 106)(cv)  = (0.250  x 106)  (2.305)  = 5.76  x 105 

Body:  Rg  = (0.250  x 106)  (8,)  = (0.250  x 106)  (17.0)  = 4.25  x 10* 
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Skin-friction  coefficients  (figure  4. 1 .5. 1 -26) 


(Cf) 

rw 

(Cf) 

1 H 

(Cf) 

1 V 

<Cf) 

* B 

0.00417 

0.00503 

a 00450 

0.00317 

0.00411 

0.00498 

0.00443 

0.00312 

O.OC104 

0.00490 

0.00436 

0.00307 

0.00397 

0.00482 

0.00429 

0.00302 

Step  2.  Determine  the  skin-friction  drag  coefficients  of  the  lifting  surfaces,  based  on  S„r.  (Sec- 
tion 4.3.3. 1) 


(S„,> 


S * c-  -T 


(equation  4.3.3. 1-f) 


W,n«:  (%)w  ■ (t<»w  -1J-1  ■ 1-616(C')* 

Horizontal:  (cD  \ = <Cr)  1 - 0.2667  (C.) 

\ VH  H *ref  h 


Vertical: 


M, 


(C,)y  — 


0.2832  (Cf) 
* 


H 

H 

Nv 

0.00674 

0.00134 

0.00127 

0.00664 

0.00133 

0.00125 

0.00653 

0.00131 

0.00123 

0.00642 

0.00129 

0.00121 

Determine  the  wave-drag  coefficients  of  the  lifting  surfaces,  based  on  S f.  (Section  4.3.3. 1 ) 
(Since  all  lifting  surfaces  are  conventional,  straight-tapered  pianforms,  the  subscript  bw  used 
in  Section  4.3.3. 1 has  been  dropped.) 


K “ — (biconvex  airfoil.  See  table,  paragraph  C,  Section  4. 1 .5. 1 .) 
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^iW 


K: 


• * 

► "■ 


k/ ' 


K-  r?i 


K * 

:v 


i ' 


«iiyi ■ i *.' « . * i-«  i;w *'*'.'  r* * ' ,l.11  m 


p col  Ale  < 1 .0  for  all  M 


:°*)  = 
' w 


(Sw). 


= K cot  A 


^EyA  c 


(equation  4.3.3. 1-i) 


*rr 


ref 


16 


= — cot  53.13°  (0.044)2  (0.808)  «*  0.00626 


Horizontal: 


16 

K = — (biconvex  airfoil) 

p cot  Ale  > 1 .0  for  all  M 
H 


m.  -?a 


<s„) 


ff  ^ref 


16 


(equation  4.3.3. 1-h) 
0.000640 


(0.03)2  (0.1333)  = 0 


M 

1.10 

1.20 

1.30 

1.40 

P 

0.458 

0.663 

0.831 

0,980 

(c“*)„ 

0.00140 

0.000965 

0,000770 

0.000653 

Vertical: 


16 


K = — (biconvex  airfoil) 


p cot  ale  < 1 .0  for  all  M 


/ \ /tV  (Sv)« 

(D*)v  s„, 


(equation  4,3.3. 1-i) 


16 


cot  56.55°  (0.03)2  (0.1416)  = 0.00044S 


Step  4.  Determine  the  zero-lift  drag  of  the  lifting  surfaces  by  combining  the  results  of  steps  2 and  3. 
/cn  \ = /cn  +Cn  ) (based  on  S_,)  (equation  4.3.3. 1-e) 

V °/lif«inE  V D*  M tiffin. 


' lifting 
surfare 


• lifting 
surface 
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nWi  -*  r,m  , n .J.rm  a . 


© 

© 

0 

O 

Q 

© 

© 

© 

® 

© 

N* 

Ww 

N. 

X 

Q 

V ^ 

N)„ 

Nh 

> 

Wm 

a 

Nv 

> 

o 

a 

M 

step  2 

step  3 

©♦® 

step  2 

step  3 

©+© 

step  2 

step  3 

©+© 

1.10 

0.00674 

0.00626 

0.01300 

0.00134 

0.00140 

0.00274 

0.00127 

0.000449 

0.00172 

1.20 

0.00664 

0.01290 

0.00133 

0.00096S 

0.00230 

0.00125 

0.00170 

1.30 

0.OO6S3 

0.01279 

0.00131 

0.000770 

0.00208 

0.00123 

0.00168 

1.40 

0.00642 

0.01268 

0.00129 

0.000653 

0.00194 

0.00121 

0.00166 

5,  Determine  the  body  zero-lift  drag  coefficient. 

Skin-friction  coefficient  (see  step  1 ) 

Wave-drag  coefficients  (method  2,  paragraph  C,  Section  4.2.3. 1 ) 
Forebody 

fN  * 6.297 

KN  = 1.012  (figure  4.2.3. 1 -63) 

[fN  2 + = [(6.297)2  + 4-1  (1.012)=  40.38 


l 

O 

4 J " l 

© 

O 

M 

P 

0‘n 

(7)  /6.297 

flg.  4.2.3.1-61 

1.10 

0.458 

0.073 

1.130 

1.20 

0.663 

0.105 

1.124 

1.30 

0.831 

0,132 

1.112 

1.40 

0.980 

0.156 

1.100 
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Afterbody 


db/d  = 0.739;  fA  = 4.408 


© © 0 © 


M 

P 

0/fA 

Q /4.408 

'-a"*’’ 

fig.  4.2.3.1-64 

1.10 

0.458 

0.104 

0.297 

1.20 

0.663 

0.150 

0.290 

1.30 

0.831 

0.189 

0.265 

1.40 

0.980 

0.222 

0.248 

Nose  bluntness 

Cn  =0  (no  bluntness) 
Nl 


Afterbody  interference-diag  coefficient 


(2)  (7,0)  2 
1.588 


10.0 

7.0 


= 1.429 


CD  \“T~)  = (figure  4.2.3. 1 -44a) 

°A(NC)  \ d / 

CD  = (0.350)/(77,72)  = 0.00450 

UA<NC) 

Base-drag  coefficient 

fA  » 4.408;  (db  /d)2  = (0.739)2  = 0.546 


* -C 


Pb 


(equation  4.2.3. 1-g) 
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U 0.00317 

1.2  0.00312 

1.3  0.00307 


■ 

CPb 

c”b 

flg.  4.2.3.1-60, 

eq.  4.2.3.1-g 

M 

interpolated 

® (0.546) 

1.10 

•0.101 

0.0551 

1.20 

•0,101 

0.0551 

1.30 

•0.101 

0.0551 

1.40 

-0.101 

0.0551 

sT+Cdn2  + Cda+C‘>a(nc)  + C‘>n1  + S>  (basedonSB) 

(equation  4.2.3. 1-h) 


© © © © © 


M .tepl  0 <21.82)  N2  I DA  DA(NC) 


0.0280  0.0153  0.00450 

0.0278  0.0149  ! 


eq.  4.2.3. 1-h 

“Db  0 + 0 + 0 + © + © +® 


0.027}  0.0136 


1.4  0.00302  0.0659  0,0272  0.0128  i 


Solution: 


C = (cn  \ + 2 (cD  ) (based  on  Sref)  (equation  4.5.3. 1 -a) 

0 V °/wB  PV  °'p 


4.5.3.1-17 


0 

Q 

O 

O 

0 

© 

© 

M 

Mw 

step  4 

N„ 

step  4 

Nv 

step  4 

N), 

step  5 

(Cd°)»  67 

0 (0.0278) 

Cl>0 

eq.  4,5,3.  l-» 

©♦©*©  + © 

1.10 

0.01300 

0.00274 

0.00172 

0.1721 

0.00478 

0.02224 

1.20 

0,01290 

0.00230 

0.00170 

0.1704 

0.00474 

(102164 

1,30 

0.01279 

0.00208 

0.00168 

0.1677 

0.00466 

0.02121 

1.40 

0.01268 

0.00194 

0,00166 

0.1655 

0.00460 

0.02088 
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4.5. 3.2  WING-BODY-TAIL  DRAG  AT  ANGLE  OF  ATTACK 


The  information  contained  in  this  section  is  for  estimating  the  drag  coefficient  of  complete  vehicle 
configurations  at  angle  of  attack. 


f* 


The  total  vehicle  drag  at  angle  of  attack  consists  of  the  following  items: 

1.  wing-body  zero-lift  drag 

2.  wing-body  induced  drag 

3.  vertical  stabilizer  zero-lift  drag 

4.  horizontal-stabilizer  zero-lift  drag 

5.  horizontal-stabilizer  induced  drag 

The  aerodynamic  phenomena  associated  with,  and  methods  for  estimating  Items  1-3  are  presented 
in  Sections  4.1.5. 1, 4.3.3. 1, 4.3. 3. 2,  and  4.5.3. 1 and  are  not  repeated  here. 

A vehicle  in  non-maneuvering  flight  has  the  horizontal  stabilizer  or  elevator  deflected  such  that  the 
sum  of  all  moments  about  the  vehicle  center  of  gravity  is  zero.  The  pitching  moment  required  to 
trim  arises  from  the  tail- lift  and  drag  vectors  and  the  position  of  these  vectors  with  respect  to  the 
vehicle  center  of  gravity.  The  method  presented  in  this  section  is  concerned  primarily  with  the 
estimation  of  the  drag  increment  resulting  from  the  horizontal-stabilizer  contribution  required  to 
trim  the  vehicle  (Cm  cg  = 0)  at  usable  lift  coefficients.  A tail-aft  configuration  is  assumed. 

The  equations  pertinent  to  trim  drag  presented  herein  are  applicable  at  all  speeds.  The  method  is 
restricted  only  by  the  limitations  imposed  upon  the  parameters  in  other  sections  of  the  Datcom.  Of 
course,  wing-body  test  values  at  the  appropriate  angle  of  attack  are  preferred. 

DATCOM  METHOb 

All  Speeds 

The  drag  coefficient  of  a wing-body-tail  configuration  at  angle  of  attack  is  given  by 

CD  = (CD  ) +(CD  ) +(CD)  +ACd  4.5.3.2-a 

D ' u0'WB  ' U0'V  ' ui'WB  utrim 


where  all  coefficients  are  based  on  total  wing  area,  and 

/Cn  \ is  the  wing-body  zero-lift  drag  coefficient  obtained  from  Section  4.3.3. 1. 

I UQ/WB 


v 


is  the  vertical-stabilizer  zero-lift  drag  coefficient  obtained  from  Section  4.1.5. 1 
(see  Section  4.5.3. 1 for  proper  treatment  of  this  term). 


(SIwb 


is  the  induced  drag  coefficient  of  the  wing-body  combination  obtained  from 
Section  4.3.3. 2. 
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is  the  drag- coefficient  increment  between  the  drag  coefficient  of  the  complete 
vehicle  in  pitch  equilibrium  and  the  drag  coefficient  of  the  wing-body-vertical- 
tail  configuration. 


AC 


D 


trim 


The  trim-drag  coefficient  is  given  by 


Sr  qH 

ACn  — (f-n  cos  6m  "t-  C,  sin  e.ij  ~ 

Dtrim  \ °H  H LH  S,„ 


Too 
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where 

CD  is  the  horizontal-stabilizer  drag  coefficient,  based  on  total  horizontal-stabilizer 

11  area  and  taken  relative  to  the  local-flow  direction  at  the  horizontal  stabilizer. 

0,  is  the  horizontal- stabilizer  lift  coefficient  required  to  trim,  based  on  total 

11  horizontal-  stabilizer  area  and  taken  relative  to  the  local-flow  direction  at  the 

horizontal  stabilizer. 

eH  is  the  average  downwash  angle  at  the  horizontal  stabilizer,  obtained  from 

Section  4.4.1 . 

SH  /Sw  is  the  ratio  of  total  horizontal-stabilizer  area  to  total  wing  area. 

%/Qoo  the  avera8e  dynamic- pressure  ratio  at  the  horizontal  tail,  obtained  from 

Section  4.4.1. 

The  horizontal-stabilizer  drag  coefficient  is  given  by 

C°H  = (Cdq)h  +(CDi)H  4.5.3,2-c 


where 


where 

ah 


is  the  horizontal -stabilizer  zero-lift  drag  coefficient  obtained  from  Section 
4. 1.5.1  fsee  Section  4.5.3. 1 for  proper  treatment  of  this  term). 


is  the  horizontal-stabilizer  induced-drag  coefficient  given  by 

(S,)2 


(C°X 


*AHeH 


4.5.3.2-d 


is  the  geometric  aspect  ratio  of  the  horizontal  stabilizer. 


is  Oswald’s  efficiency  tactor  for  induced  drag  of  the  horizontal  tail.  No  method 
presently  exists  for  determining  this  parameter.  For  purposes  of  the  Datcoin 
eH  - 0.50  for  a horizontal  stabilizer  mounted  on  a body,  and  0.70  for  a 
horizontal  stabilizer  mounted  on  the  vertical  stabilizer. 


The  horizontal-stabilizer  lift  coefficient  required  to  trim  is  given  by 


a 

4.5.3.2-e 


where 


is  the  wing-body  pitching-moment  coefficient  given  by 


4.5.3.2-f 


where 


&s\ 
Vic  L/WB 


is  the  wing-body  pitching-moment-curve  slope  obtained  from  Section 
4.3. 2.2. 

is  the  wing-body  zero-lift  pitching-moment  coefficient.  This  parameter 
must  be  obtained  from  test  data  on  a similar  configuration  or  from 
Section  4.3.2. 1. 

is  the  wing-body  lift  coefficient  given  by 

(Cl)wb  * (COwb  ("_ao)wB  4.5.3.2-g 


wn',re 


(a°)wB 

aWB 


is  the  wing-body  lift-curve  slope,  obtained  from  Section  4.3.1 .2. 

is  the  w^ng-body  zero-lift  angle  of  attack  obtained  from  the 
wing-alone  data  of  Section  4. 1.3.1*. 

is  the  wing-body  angle  of  attack, 


•Test  drt«  from  * similar  configuration  should  be  used  if  available.  Wing  surface  velocity  is  increased  by  the  presence  of  the  fuselage; 
therefore,  when  the  fuselage  is  below  the  wing  the  lift  is  reduced  and  with  the  fuselage  above  the  wine  the  lift  will  be  increased.  This 
effect  is  generally  small  unless  wing-mounted  bodies  such  as  stores  or  nacelles  are  close  to  the  fuselage  or  to  each  other. 
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is  the  distance  between  the  vehicle  center  of  gravity  and  the 
quarter-chord  point  of  the  horizontal -stabilizer  MAC  (see  Figure 
4. 5. 3. 2-4). 


x 


H 


ft 


is  the  angle  defined  by  the  intersection  of  xH  with  the  FRP  (see 
Figure  4. 5. 3. 2-4). 


The  drag  increment  due  to  longitudinally  trimming  a vehicle  is  used  in  conjunction  with  the  lift 
increment  required  for  trim  to  obtain,  points  on  the  trimmed  drag  polar.  The  procedure  used  to 
obtain  points  on  the  trimmed  drag  polar  is  illustrated  in  Sketch  (a). 


Point  1 represents  the  horizontal  tail-off  trimmed  condition  (CmWB  = 0).  To  trim  the  vehicle  at 
Point  2 the  drag  polar  is  corrected  for  the  horizontal-tail  load  required  to  apply  ACm . This  tail  load 
is  (see  Figure  4.5. 3. 2-5) 

-AC  = - AO,  — sin  (ft  - a)  + AC.  “ cos  (ft  - a) 

m D trim  Zy  L trim  C^, 

where  the  lift  increment  required  to  trim  is 


AC, 


'trim 


cos  eH 


sin  eH 


SH 
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VIEW  IN  PLANE  OF  SYMMETRY 
a - Airplane  angle  of  attack  (positive  as  shown) 

xH  = Distance  from  c.g.  to  quarter-chord  point  of  horizontal- stabilizer  MAC 

ft  = Angle  defined  by  intersection  of  xH  with  FRP  (positive  as  shown 
with  horizontal  stabilizer  above  c.g.) 


FIGURE  4.S.3.2-5  DEFINITION  SKETCH  FOR  TRIM  DRAG  CALCULATIONS 
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4.6  POWER  EFFECTS  AT  ANGLE  OF  ATTACK 


The  propulsion  unit  has  many  important  influences  upon  the  aerodynamic  parameters  of  a 
vehicle,  other  than  its  main  function  of  overcoming  drag.  The  stability  and  control  characteristics 
in  particular  can  often  be  affected  significantly  by  the  effects  of  power. 

This  section  presents  methods  for  analyzing  the  power  effects  of  jet-  and  propeller-propulsion 
units.  In  order  J.o  apply  the  Datcom  methods,  it  is  necessary  to  have  experimental  results  for  or 
to  be  able  to  estimate  power-off  lift  and  drag-force  characteristics  of  the  wing. 

The  power  effects  arising  from  propeller  operation  are  frequently  large  enough  to  warrant 
consideration  in  preliminary  analysis,  especially  in  take-off  and  landing  configurations.  The 
propeller  wash  usually  interacts  with  the  flow  around  several  of  the  airplane  components, 
creating  numerous  separate  effects  that  must  be  evaluated. 

Propeller  and  propeller-wash  characteristics  are  dependent  upon  several  factors,  such  as  blade 
shapes,  fin  effects,  flow  entrainment,  and  propeller  rotating  properties  (dual  rotating,  counter 
rotating,  etc.).  These  factors  have  prevented  the  formulation  of  a complete  and  accurate 
theoretical  analysis.  Consequently,  propeller  and  propeller-wash  effects  are  usually  estimated  by 
empirical  methods. 

The  majority  of  the  experimental  data  used  to  formulate  the  methods  and  design  charts  for 
propeller  effects  in  this  section  were  based  on  single-engine  flaps-up  configurations,  because  of  a 
scarcity  of  adequate  flaps-down  data  on  single-  or  multiple-engine  configurations.  Consequently, 
the  accuracy  of  the  method  for  evaluating  the  power  effects  for  flaps-down  configurations  is 
unknown.  Methods  are  presented  in  Section  9.2  for  evaluating  the  power  effects  of 
V/STOL-type  aircraft  configurations.  For  flaps-down  configurations  the  methods  of  Section  9.2 
should  be  used,  since  they  will  probably  give  a more  accurate  evaluation  of  the  propeller  power 
effects. 

Although  many  of  the  power  effects  arising  from  propellers  are  undesirable,  i.e.,  destabilizing, 
some  are  advantageous.  For  instance,  large  increases  in  maximum  lift  can  be  obtained  from  wing 
sections  immersed  in  the  propeller  slipstream  with  the  propeller  operating  at  high-power  condi- 
tions. 

The  power  effects  from  jet-propelled  aircraft  are  generally  easy  to  analyze  and  have  relatively 
minor  effects  on  the  stability  and  control  characteristics  of  a vehicle.  The  increased  simplicity  is 
due  to  the  elimination  of  the  propeller  and  of  the  complex  flow  region  of  its  slipstream  on  the 
wing,  tail,  and  other  surfaces.  Jet-propelled  aircraft  are  designed  to  keep  the  jet  exhaust  at  a safe 
distance  from  the  horizontal  tail  because  of  its  extreme  heat.  Therefore,  slipstream  problems  are 
minimized. 

The  Datcom  methods  presented  in  the  following  sections  estimate  the  propeller  effects  at 
subsonic  speeds  and  the  jet  effects  at  subsonic  and  supersonic  speeds  on  the  lift,  drag,  and 
pitching  moments  of  a vehicle.  By  using  the  methods  presented,  a variety  of  vehicle  and 
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power-plant  configurations  can  be  evaluated.  These  include  conventional  tail-aft  aircraft  and 
canard  aircraft,  having  tractor,  pusher,  and  single-  and  multiple-power  plants.  Positive-  and  nega- 
tive-thrust and  windmilling  conditions  for  propellers  are  included,  Reverse-thrust  conditions  that 
cause  large  interferences  and  flow  separation  cannot  be  evaluated  by  the  methods  presented  in 
the  following  sections. 

A general  notation  list  and  reference  list  are  included  in  this  section  for  all  power-effects 
sections.  Figures  4.6-12  and  4.6-13  indicate  the  geometric  data  required  by  the  methods  of  these 
sections.  Figure  4.6-12  specifically  illustrates  the  geometric  data  required  for  calculating  the  wing 
area  immersed  in  the  slipstream.  » 


SYMBOL 

A 

ah 

A, 

Aj 


bi 

bp 

C1  ' C2 
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NOTATION 

DEFINITION 

aspect  ratio 

aspect  ratio  of  horizontal  tail 
engine  inlet  duct  area 

effective  aspect  ratio  of  the  immersed  wing 
inflow  factor 

span  of  horizontal  tail,  ft 

span  of  immersed  wing,  ft 
blade  width,  ft 

constants  for  determining  downwash 
drag  coefficient 
base  drag  coefficient 

drag-coefficient  due  to  lift 

* 

zero-lift  drag  coefficient 
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DEFINITION 

increment  in  zero-lift  drag  coefficient 

increment  in  skin-friction  drag  caused  by  change  in  dynamic  pressure 

local  skin-friction  drag  coefficient 
lift  coefficient 
propelier  lift  coefficient 

wing  lift  coefficient 

change  in  lift  coefficient  due  to  horizontal  tail 
increment  of  maximum  lift  due  to  power  effects 

increment  in  lift  due  to  the  turning  of  the  free-stream  flow  at  the  engine  inlet 
increment  in  lift  due  to  propeller  normal  force 

change  in  lift  coefficient  due  to  the  change  in  slipstream  dynamic  pressure 

) 

increment  in  lift  due  to  thrust 
lift-curve  slope  of  the  power-off  lift  curve 
lift-curve  slope  of  the  horizontal  tail 

increment  in  lift  due  to  the  upwash  or  downwash  of  the  propeller  flow  field 

increment  in  lift  due  to  jet  interference  effects 

pitching-moment  coefficient 
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SYMBOL. 


DEFINITION 


N, 


immerstd 


body 


zero-lift  pitching-moment  coefficient  of  the  components  immersed  in  the 
slipstream 

zero-lift  pitching-moment  coefficient  of  the  area  not  immersed  in  the  slipstream 


zero-lift  pitching-moment  coefficient  of  the  wing-body  combination 


total  change  in  pitching-moment  coefficient  of  the  horizontal  tail 


increment  in  pitching-moment  coefficient  due  to  the  immersed-wing  lift 
increments 


increment  in  pitching-moment  coefficient  due  to  propeller  normal  force 


increment  in  pitching-moment  coefficient  due  to  the  change  in  slipstream 
dynamic  pressure 

increment  in  pitching-moment  coefficient  due  to  the  offset  of  the  thrust  axis 
from  the  origin  of  the  axes 


increment  in  pitching-moment  coefficient  due  to  a change  in  the  dynamic 
pressure  on  the  horizontal  tail 

increment  in  pitching-moment  coefficient  due  to  a change  in  the  downwash  at 
the  horizontal  tail 


propeller  normal-force  coefficient 
propeller  normal-force  derivative 

propeller  normal-force  derivative  based  on  KN 
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c(  average  chord  of  immersed  wing  section 

c mean  aerodynamic  chord,  hi  AC 


SYMBOL 


DEFINITION 


:<i 

3 


°H 

7 

ATM  not 
immened 

f 

h 

*T 

% 

K 

K, 

Kd 

kn 

®H 
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n 

t 

n 

p 

Ap 

q 

Aq 


nr  m aerodynamic  chord  of  the  horizontal  tail 

mean  aerodynamic  chord  of  the  wing  area  not  immersed  in  the  slipstream 

propeller-inflow  factor 
altitude 

incidence  of  the  horizontal  tail 
incidence  of  the  thrust  axis 
incidence  of  the  wing 
maximum-lift  empirical  constant 

nacelle  or  fuselage  empirical  constant 
propeller  drag  factor 
empirical  normal-force  factor 

distance  from  axes  origin  to  quarter-chord  point  on  the  mean  aerodynamic 
chord  of  the  horizontal  tail 

free-stream  Mach  number 

number  of  engines 
load  factor 
pressure 

change  in  pressure 

dynamic  pressure 
change  in  dynamic  pressure 
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SYMBOL 


DEFINITION 


r.  radius  of  jet  orifice 

radius  of  equivalent  jet  orifice 
Rp  propeller  radius 

S reference  area 

S area  of  portion  of  horizontal  tail  immersed  in  propeller  slipstream 

Hi 

S,  total  surface  area  immersed  in  the  slipstream 

Sp  propeller  disk  area 

Sw  wing  area 

S,,,  wing  planform  area  including  and  directly  forward  of  flap  area 

wf 

T thrust  per  engine 

thrusi  coefficient  pei  engine 

V velocity 

Vj  actual  jet  velocity 

Vj  equivalent  jet  velocity 

W weight 

longitudinal  distance  from  the  jet  exit  to  the  quarter-chord  point  of 
horizontal-tail  mean  aerodynamic  chord 

x^  longitudinal  distance  from  jet-wake  origin  to  quarter-chord  point  of  hori- 

zontal-tail mean  aerodynamic  chord 

x(  longitudinal  distance  from  quarter-chord  point  of  wing  mean  aerodynamic 

chord  to  leading  edge  of  engine  inlet 

xj  longitudinal  distance  from  jet-wake  origin  to  jet  exit,  usually  considered  to 

be  4.6  tines  the  orifice  exhaust  radius 


DEFINITION 


longitudinal  distance  from  intersection  of  propeller  plane  with  thrust  axis 
and  the  c rter-chord  point  of  the  wing  mean  aerodynamic  chord 

longitudinal  distance  from  moment-reference-center  location  to  the  aero- 
dynamic center  of  the  wing  area  immersed  in  the  slipstream,  positive  for  the 
aerodynamic  center  forward  of  the  moment  reference  center, 
spanwise  distance  from  thrust  axis  to  fuselage  center  line 

vertical  distance  from  X-axis  to  quarter-chord  point  of  horizontal-tail  mean 
aerodynamic  chord 

vertical  distance  from  quarter-chord  point  of  horizontal-tail  mean  aero- 
dynamic chord  to  the  slipstream  center  line 

vertical  distance  from  propeller  thrust  axis  to  quarter-chord  point  of 
horizontal-tail  mean  aerodynamic  chord 

vertical  distance  from  jet  thrust  axis  to  quarter-chord  point  of  horizontal-tail 
mean  aerodynamic  chord 

vertical  distance  from  X-axis  to  propeller-slipstream  center  line  at  the 
quarter-chord  point  of  the  wing  mean  aerodynamic  chord 

vertical  distance  from  propeller  thrust  axis  to  coordinate  origin 

vertical  distance  from  the  quarter-chord  point  of  the  wing  mean  aerodynamic 
chord  to  the  coordinate  origin 

angle  of  attack 

angle  of  attack  at  zero  lift 

angle  between  thrust  axis  and  direction  of  local  velocity 
angle  between  direction  of  local  airstream  and  thrust  axis 
angle  between  thrust  axis  and  direction  of  free  stream 
wing  angle  of  attack 


angle  of  attack  at  maximum  lift 


SYMBOL 


DEFINITION 


0 

£h 


Ae 

Ae 

Ae 

Ae 

h 

dap 

K 

da 


c/4 


b 

H 

i 

L 
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propeller  blade  angle  at  0.75  radius 

downwash  at  the  quarter-chord  point  of  the  horizontal-tail  mean  aerodynamic 
chord 

downwash  angle  behind  the  propeller 
upwash  angle  ahead  of  wing 

effective  downwash  over  the  wing  span 
downwash  increment 
mean-effective-downwash  increment 

mean-effective-downwash  ratio 

propeller-downwash  gradient 

upwash  gradient 

taper  ratio  of  the  horizontal  tail 

sweep  angle  of  the  wing  quarter-chord 

sweep  angle  of  the  horizontal-tail  quarter-chord 

SUBSCRIPTS 

base  conditions 
horizontal  tail 
immersed  in  slipstream 
lift 

normal  force 


SYMBOL 


DEFINITION 


Np  propeller  normal  force 

s slipstream  conditions 

T thrust 


W wing 

a angle  of  attack 

00  free-stream  conditions 
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4.6.1  POWER  EFFECTS  ON  LIFT  VARIATION  WITH  ANGLE  OF  ATTACK 


A.  PROPELLER  POWER  EFFECTS  ON  LIFT 

The  primary  purpose  of  a propeller  is  to  develop  thrust.  In  performing  this  function,  the 
propeller  often  causes  pronounced  changes  in  the  aerodynamic  characteristics  of  a vehicle. 

The  effects  of  a propeller  on  the  forces  and  moments  acting  on  a vehicle  may  be  divided  into 
two  groups,  those  due  to  the  direct  action  of  the  propeller  forces  and  those  due  to  the  propeller 
slipstream. 

The  first  group  includes  the  forces  and  moments  due  to  the  thrust  vector  and  the  forces  and 
moments  acting  on  the  propeller  as  a result  of  its  inclination  to  the  oncoming  stream.  When  a 
propeller  is  placed  at  an  angle  of  attack,  a force  results  normal  to  the  thrust  axis  in  the  vertical 
plane.  A pitching  moment  and  a yawing  moment  also  result.  These  forces  and  moments  act  on 
the  propeller  because  of  the  unsymmetrical  loading  on  the  blades  as  a function  of  their 
rotational  position.  For  counterrotating  propellers  the  normal  forces  and  pitching  moments  are 
additive,  but  the  yawing  moments  cancel.  These  forces  and  moments  are  generally  functions  of 
propeller  geometry. 

The  second  group,  those  due  to  slipstream  effects,  depends  greatly  upon  the  component 
arrangement  of  the  vehicle.  However,  the  following  generalizations  can  be  made. 

The  dynamic  pressure  behind  the  propeller  may  be  greater  or  less  than  the  frce-stream 
dynamic  pressure,  depending  upon  whether  the  propeller  is  delivering  positive  or  negative 
thrust,  respectively.  The  forces  and  moments  acting  on  airframe  components  immersed  in 
the  slipstream  are  directly  proportional  to  the  slipstream  dynamic  pressure. 

Because  of  the  normal  force  acting  on  a propeller  at  angle  of  attack,  a downwash  field  is 
generated  behind  the  propeller  plane.  This  downwash  field  changes  the  angle  of  attack  of 
the  airframe  components  operating  in  the  propeller  slipstream. 

The  method  presented  in  this  section  for  estimating  propeller  power  effects  on  lift  is  based  on  a 
tail -last  configuration.  The  method  was  taken  from  reference  1,  which  was  developed  from 
reference  2.  Tire  nv.thcd  predicts  increments  of  lift  for  given  values  of  thrust  coefficient  and 
angle  of  attack  in  the  linear  range.  The  effect  of  power  on  maximum  lift  is  given  in 
Section  4.6.2. 


DATCOM  METHOD 


The  Datcom  method  estimates  the  power-on  lift  curves  based  on  power-off  lift  curves  as  a 
function  of  angle  of  attack,  thrust  coefficient,  and  lift  coefficient. 
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This  method  analyzes  the  increments  of  lift  coefficient  due  to  propeller  power  effects  in  the 
following  order: 

1.  Lift  component  of  the  thrust 

2.  Lift  component  of  the  propeller  normal  force 

3.  Change  in  angle  of  attack  of  the  section  of  the  wing  in  the  propeller  slipstream,  due  to 
the  downwash  flow  field  behind  the  propeller 

4.  Change  in  dynamic  pressure  over  the  section  of  the  wing  in  the  propeller  slipstream 

5.  Change  in  lift  due  to  downwash  and  changes  in  dynamic  pressure  acting  on  the 
horizontal  tail 

After  the  above  lift  increments  for  a given  angle  of  attack  have  been  calculated,  the  accumulated 
total  is  then  applied  to  *he  power-off  lift  curve  to  obtain  a point  on  the  power-on  lift  curve. 
After  several  points  have  been  generated  (by  considering  several  angles  of  attack),  the  linear 
section  of  the  power-on  lift  curve  is  obtained  for  a given  thrust  coefficient. 


The  above  increments  in  lift  can  be  determined  by  the  following  steps.  (Reference  should  be 
made  to  figure  4.6-13a  for  geometric  definitions.  In  all  cases  the  lift  increments  are  based  on  the 
wing  reference  area.) 

Step  1.  Calculate  the  lift  component  of  thrust  as  follows: 


a.  Calculate  the  angle  of  attack  of  the  thtrU  axis  otj  measured  from  the  free-stream 
direction  by 


aT  ‘t  + a 


4.6.1 -a 


b.  Calculate  the  thrust  coefficient  per  engine  Tc'  (if  not  given  or  assumed)  by 

T‘  ■ dr 


where  the  thrust  per  engine  T is  a given  or  chosen  quantity. 


c.  Calculate  the  lift  component  of  thrust  by 

(*Cl)t  “ nT;  »n  «T  4 61  c 

where  n is  the  number  of  engines.  This  equation  is  valid  only  when  the  thrust 
coefficients  and  the  angles  of  attack  of  the  thrust  axis  to  the  free  stream  are  equal 
for  all  n engines. 


Step  2.  Calculate  the  lift  component  of  propeller  normal  force  per  engine  as  follows: 


a.  Calculate  the  empirical  normal-force  factor  per  blade  (usually  supplied  by  the 
propeller  manufacturer)  by 


where  the  subscript  indicates  the  radial  position  from  the  center  of  the  propeller 
where  the  blade  width  bp  is  to  be  evaluated. 


b.  From  figure  4.6.1-25a  (taken  from  reference  3)  obtain  a value  for  the  propeller 
normal-force  coefficient  J/CN  \ j , based  on  KN  = 80.7,  as  a function  of 

[\  0/p)kn  = 80.7 

propeller  blade  angle  and  type  of  propeller. 


c. 


Calculate  the  true  propeller  normal-force  coefficient  (Cnq  jp  by 


1+0.8 


(per  radian)  4.6.1-e 


d.  Evaluate  the  propeller  correlation  parameter  defined  as 

8RJ 

e.  From  figure  4.6.1 -25b  (taken  from  reference  3)  obtain  a value  for  the  propeller- 
inflow  factor  f as  a function  of  the  propeller  correlation  parameter  evaluated  above 
(step  2.d). 

f.  Calculate  the  propeller  disk  area  Sp  by 

Sp  = 4.6. 1-f 

g.  Calculate  the  angle  of  attack  of  the  propeller  plane  (local  airstream  to  thrust  axis) 
ap  by 


«p  - aT  + 


da 


(aw  - a0) 
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where  the  upwash  gradient  9eu/&x  at  the  propeller  may  be  obtained  in  Section  4.4. 1 
and 


aw  = a + iw 


4.6. 1-h 


h.  Calculate  the  lift  component  of  the  propeller  normal  force  by 

(ACtk  ‘ fN,  ™ i m,ar 

For  multiple-engine  configurations  the  total  lift  component  of  the  propeller  normal 
force  is  found  by  summing  the  single  components  due  to  each  engine. 

Step  3.  Calculate  the  increment  of  lift  due  to  the  change  in  angle  of  attack  on  the  wing  induced 
by  the  propeller  flow  field  per  engine  as  follows: 

a.  Calculate  the  upwash  gradient  3ep/3ap  by 

$ = Citc’KL 

where  the  constants  Ct  and  C2  are  obtained  from  figure  4.6. 1-26  as  a function  of 
the  propeller  correlation  parameter.  The  parameter  /c’Na\  is  obtained  from 
step  2 c.  ^ ' P 

b.  Calculate  the  downwash  ep  behind  the  propeller  by 


4.6.1-k 


where  the  angle  of  attack  of  the  propeller  plane  ap  is  determined  in  step  2.g. 

c.  Calculate  the  change  in  the  wing  angle  of  attack  Aaw  ahead  of  or  behind  the 
propeller  by 


Act 


w 1 + 9eu/3a 


d.  Calculate  the  angle  of  upwash  eu  at  the  propeller  by 

3e.. 


dot 


(aw  ao ) 
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4.6. 1-m 
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c.  Calculate  the  vertical  distance  from  the  X-axis  to  the  propeller  slipstream  center  line 
at  the  quarter-chord  of  the  wing  MAC  by 

zf  = Xp  tan  (aT  + eu  - ep)  - z r 4.6.1-n 


It  should  be  noted  that  this  equation  is  based  on  the  assumption  that  the  upwash 
and  downwash  are  constant  from  the  propeller  to  the  quarter-chord  of  the  MAC. 

f.  Calculate  the  span  of  the  immersed  wing  b(  by 


b,  = 2 [Rj  -(z,  + Zw)2]1/2  4.6. l-o 

g.  Calculate  the  immersed  wing  area  Sj  by 

S,  * b,c,  4.6. 1-p 

h.  Calculate  the  effective  aspect  ratio  A,  of  the  wing  immersed  in  the  slipstream  (see 
figure  4.6-12)  by 


4.6.1-q 


i.  From  figure  4.6.1-27  obtain  a value  for  the  empirical  constant  Kj  accounting  for  a 
nacelle  or  fuselage  as  a function  of  the  wing  and  immersed-wing  aspect  ratio  and  the 
propeller  correlation  parameter  (step  2.d). 

j.  Calculate  the  gain  or  loss  in  slipstream  dynamic  pressure  by 

Aq,  S^T’ 

= (per  engine)  4.6. 1-r 

k.  Calculate  the  change  in  wing  lift  due  to  the  upwash  or  downwash  of  the  propeller 
flow  field  per  engine  by 

(4C0*v  = ('  + $)  J-  **  K' 


where  Cj.a  is  the  lift-curve  slope  of  the  power-off  lift  curve,  obtained  by  using  the 
method  of  Section  4. 1.3.2. 

For  multiple-engine  configurations,  the  total  lift  component  due  to  the  change  in 
angle  of  attack  on  the  wing  is  found  by  summing  the  single  components  due  to  each 
engine. 


4.6. 1-5 


Step  4. 


Step  5. 


Step  6. 
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Calculate  the  increment  of  lift  per  engine  due  to  the  change  in  slipstream  dynamic  pres- 
sure on  the  wing  by 


(AC,  \ = K,  — (C,  \ 4.6. 1 -t 

V Lh  ' <u  s*  \ '■Iff* 

where  /C|\  must  be  obtained  from  the  power-off  lift  curve  at  the  given  angle  of 

attack.  For  multiple-engine  configurations,  the  total  lift  component  due  to  the  change  in 
slipstream  dynamic  pressure  acting  on  the  wing  is  found  by  summing  the  single  compo- 
nents due  to  each  engine. 


Calculate  the  increment  of  lift  on  the  horizontal  tail  due  to  the  change  in  dynamic  pres- 
sure and  angle  of  attack  as  follows: 


a. 


Calculate  the  total  change  in  pitching-moment  coefficient  of  the  horizontal  tail 


K)„  - (4C»„).  + (aS, 


4.6.  l-u 


where  ^AC mHj  and  ^ACmH^  are  calculated  in  Section  4.6.3. 


b.  Calculate  the  lift  due  to  the  horizontal  tail  by 

K)H  3 “ (ACm)H 


Calculate  the  total  change  of  lift  due  to  the  propeller  power  effects  by  summing  the  pre- 
viously calculated  elements  as  follows: 

(^L ' (AC0r + (AC4„ + KU* (ACt), + K)„ 

on  P W 

4.6. 1-w 

This  equation  is  computed  for  a range  of  angles  of  attack  and  thmst  coefficients,  and  the 
lift  curves  are  constructed.  These  curves  are  valid  only  in  the  linear-lift  range. 


Sample  Problem 


The  following  example  is  based  on  the  single-engine  test  configuration  of  reference  3.  The  example 
is  presented  for  one  value  of  a and  one  value  of  T«  . 

Given: 

Wing  Parameters: 

S*  - 380  ft1 

c,  * 9.17  ft 
Wing  tip  section:  NA 

Angles: 

a « 4.0°  (assumed) 

Propeller  Parameters: 

Four-bladed  propeller 

Engine  Parameters: 

T^  * 0.150  per  engine  (assumed) 

n « 1 ij.  * ° ^r'0  XP“  109  ft 

Horizontal-Tail  Parameters: 

SH  = 80  ft7  fiH  * 20.4  ft  = 0.0218  (Section  4.6.3) 

Compute: 

Determine  the  lift  component  of  thrust 
ctj.  ■ ij.  + a (equation  4.6. 1-a) 

- 0 + 4 = 4° 

= 0.150  (given) 


A - 6.23 

iw  = 2.0° 

c « 8.17  ft 

* 1.4  ft 

Wing  root  section:  NACA  2416 

.4412  C.  « 

0.08  per  deg 

use  test  data  or 

L<* 

Sections  4. 1.3. 2 

CL 

= 0.50 

and  4.1.3  3 

Lpow« 

off 

% - -2-«° 

3eu/3a  * 0.13  (Section  4.4.1) 

Rp  • 6.79  ft  0 

» 18°  (at  0.75  Rpj  KN  * 65.8 

4.6. 1-7 


n lc  sin  otj,  (equation  4.6. 1-c) 


- 


- (1)  (0.15)  (0.0698)  * 0.0105 
Determine  the  lift  component  of  propeller  normal  force 
Kn  = 65.8  (given) 

f/^N  \ ] * 0.165  (figure  4.6.1- 25a) 

l'  ®/pJkn  " 80  7 


Nl ' |(Cn“)Jkn.„, 

/65.8 

+ 0.8  f 

\80.7 


1 + 0.8 1 


K 

l80,7 


- 0.165 

= 0.141 


-1 


The  propeller  correlation  parameter  is 

swT«  (380)  (0.15) 

» = 0.155 

8H;  (8)  (6.79)2 

f - 1.1  (figure  4.6.1- 25b) 

Sp  ~ *Rp  (equation  4.6. 1-f) 

- (3.14)  (6.79)2  = 144.8  ft2 

deu 

“ ~ 0.13  (given) 

aw  = « + iw  (equation  4.6.1 -h) 

= 4.0  + 2.0  = 6.0“ 

deu 

ap  ” «x  + (<**.  - <*0)  (equation  4,6. 1 -g) 


(equation  4.6. 1-e) 


= 4.0  + 0.13  (6.0  + 2.8) 


p 

•“  cos  Or 


(equation  4.6.1  -i) 


= (U)  (0.141) 


5.14  144.8 
57.3  380 


(0.998) 


- 0.00529 


Determine  the  increment  of  lift  due  to  the  change  in  angle  of  attack  on  the  wing  induced  by 
the  propeller  flow  field 


da. 


« C, 


+ Cj  M 


(equation  4.6. 1-j) 


Cl  - 


0.08 


(figure  4.6.1  26) 


C,  « 0.25 


= 0.08  + (0.25)  (0.141)  = 0.115 


de„ 


a (equation  4.6. 1-k) 


= (0.115)  (5.14)  = 0.59° 


A Cty,  - 


1 + d€u/da 


(equation  4.6.1-fi) 


-0.59 

i'Vo.l? 


= -0.522° 


9e.. 


e„  = (ou,  - an)  (equation  4.6.1-m) 
u da  u 


= 0.13  (6.0  + 2.8)  - 1.14° 


z,  ~ x tan  (oT  + eu  — e ) — zT  (equation  4.6. 1-n) 
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Using  the  small-angle  approximation. 


z 


S 


Tn(ai+e  u - v + o 

10.9 

— (4.0+  1.14  - 0.59)  = 0.866  ft 


bi  = 2 [Rp  - (z,  + Zw  ^ ) 1/2  (equation  4.6.  l-o) 

= 2 [(6.79)2  _ (o.866  + 1.4)2]1/2 
* 12.8  ft 

Si  = bic{  (equation  4.6. 1-p) 


= (12.8)  (9.17)  = 117.4  ft2 


(equation  4.6. 1-q) 


12.8 

9.17 


1.40 


Kq  - 0.96  (figure  4.6.1-27) 


q“ 


(equation  4.6. 1-r) 


(380) (0,15) 
(3.14)  (6.79)2 

= 0.394 


(1  + 0.394) 


Si 

c cl  Ki  (equation  4.6. 1-s) 
°w  a 


117.4 

(0.08)  (-0.522)  (0.96) 


0.0173 


Determine  the  increment  of  lift  due  to  the  change  in  slipstream  dynamic  pressure 


(ACk  ’ K‘  1Z  t (Cl)t-  (K,mlion  4'6  H) 


- (0.96)  (0.394)  ^ (0.50) 


= 0.0584 

Determine  the  increment  of  lift  on  the  horizontal  tail  due  to  the  change  in  dynamic  pressure 


and  angle  of  attack 

(ac  \ 

_ 

/AC 

[ ™Jh 

\ mH 

Kh) 

= 

0.0218 

(AC~„)S 

= 

0 

(ac) 

_ 

0.0218 

l m/H 

(N. 

- 

(sample  problem.  Section  4.6.3) 


= -(0.0218) 


(—\ 

\20.4  / 


- -0.00873 

Determine  the  total  change  of  lift  due  to  the  propeller  power  effects 

K U * K)t  + Kk + (*c4.w + (AC0, + (N. 

on 


(equation  4.6. 1-w) 

= 0.0105  + 0.00529  - 0.0173  + 0,0584  - 0.00873 


= 0.0482 

The  value  of  ^ACL  ^ 


from  reference  4 at  a = 4.0^  and  T'  = 0.15  is  0.080. 


B.  JET  POWER  EFFECTS  ON  LIFT 

The  effects  of  jets  on  the  aerodynamic  characteristics  of  vehicles  are  generally  of  smaller 
magnitude  than  the  effects  of  propellers.  There  are  three  effects  of  jets  on  the  lift  of  a vehicle. 
The  First  is  a contribution  to  the  lift  due  to  the  thrust  component.  The  second  is  a force  acting 
at  the  engine  inlet  duct  in  a direction  normal  to  the  thrust  axis.  This  force  is  due  to  the  turning 
of  the  free  stream  in  a direction  parallel  to  the  thrust  axis.  The  third  is  the  induced  effect  of  the 
jet  on  wing  or  tail  surfaces,  i.e.,  that  caused  by  the  jets  on  the  surrounding  how. 

The  First  two  effects  are  analyzed  by  the  methods  of  reference  1 at  both  subsonic  and  supersonic 
speeds.  The  third  effect  requires  special  treatment. 

The  following  discussion  on  jet  flow  Fields  will  help  clarify  some  of  the  important  distinctions 
between  subsonic  and  supersonic  jets  operating  in  subsonic  and  supersonic  flows. 

Subsonic  Jets  in  Subsonic  Flow 

The  velocity  proFile  across  a jet  exit  is  nearly  uniform.  Mixing  of  the  jet  flow  and  the  local 
free-stream  flow  starts  at  the  lip  of  the  jet  and  propagates  laterally  in  the  downstream  direction. 
The  velocity  profile  is  modiFied  by  this  viscous  mixing  action,  and  at  some  distance  downstream 
of  the  apex  of  the  core  the  velocity  proFiies  become  similar.  This  usually  occurs  at  approxi- 
mately eight  exit-diameters  from  the  nozzle.  The  region  of  flow  less  than  approximately  eight 
exit-diameters  downstream  is  referred  to  as  the  transition  region,  and  the  region  beyond  this 
point  is  referred  to  as  the  fully  developed  region  (see  sketch  (a)). 


AXIAL  VELOCITY  COMPONENT 


CENTRAL 
CORE  ZONE 


)EVELOPED  REGION 


TRANSITION  REGION ►] 

SKETCH  (a) 

Existing  within  the  transition  region  is  the  central  core  zone  of  uniform  flow,  which  dissipates 
downstream.  The  remaining  segment  of  the  two  regions  is  made  up  of  the  mixing  zone,  which 
lies  between  the  central  core  and  the  external  flow. 
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The  external  flow  is  entrained  by  the  jet,  causing  a radial  inflow  velocity  component  in  the 
external  flow  as  shown  in  sketch  (b). 


Airframe  components  immersed  in  this  external  flow  field  experience  changes  in  forces  and 
moments  due  to  these  induced  angle-of-attack  changes. 


Two  methods  are  presented  for  calculating  the  interference  effects  of  subsonic  jets  in  a subsonic 
free  stream.  The  first  method  is  valid  for  downstream  distances  less  than  eight  exit-diameters. 
This  method  incorporates  a technique  presented  in  reference  5 with  a temperature-ratio  correc- 
tion from  reference  6 and  a span  correction  factor  from  reference  7. 


The  second  method  is  valid  for  downstream  distances  greater  than  eight  exit-diameters.  This 
method  is  based  on  a technique  from  reference  7. 

Supersonic  Jet  in  Subsonic  Flow 

If  the  jet  pressure  ratio  becomes  sufficiently  large,  the  jet  expands  supersonically  beyond  the 
exit.  The  jet  will  “plume”  or  bulge,  as  shown  in  sketch  (c). 


At  some  station  downstream,  the  jet  reaches  a condition  where  it  is  expanded  to  atmospheric 
pressure.  This  station  is  termed  the  equivalent  jet  exit  station.  The  external  flow  in  the  region  of 
the  jet  plume  can  cause  either  inflow-  or  outflow-radial-velocity  components.  In  general,  large 
jet-pressure  ratios  and  high  free-stream  velocities  cause  outflow  velocities,  and  lower  jet-pressure 
ratios  and  low  free-stream  velocities  cause  inflow  velocities  resulting  from  the  entrainment  of  the 
external  flow.  A quantitative  evaluation  of  these  effects  is  not  available.  The  external  flow 
downstream  of  the  equivalent  jet  exit  station  always  has  an  inflow  velocity  component  and  is 
similar  in  this  respect  to  subsonic  jets. 
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> / 


Flow  depends  upon  jet  pressure  ratio, 
free-stream  velocity,  and  boattail  geometry 


mm* 

mm 

muss 

iS 

SKETCH  (c) 

No  accurate  flow  model  is  available  for  predicting  the  jet  interference  effects  of  a supersonic  jet 
exhausting  into  a subsonic  flow.  However,  an  approximate  method  is  presented  that  is  based  on 
the  method  for  analyzing  subsonic  jets  in  subsonic  flow.  The  accuracy  of  this  method  has  not 
been  established. 


Supersonic  Jets  in  Supersonic  Flow 

At  supersonic  speeds  the  exhaust  from  supersonic  jets  causes  strong  disturbances  in  the  external 
flow  field  in  the  form  of  shock  and  expansion  waves.  A typical  flow  pattern  is  shown  in 
sketch  (d). 


SKETCH  (d) 


Jets  become  greatly  underexpanded  at  extreme  altitudes,  a phenomenon  that  results  in  strong 
effects  on  the  flow  upstream  of  the  jet  exit.  Some  limited  data  on  this  problem  are  available  in 
reference  8 . 
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The  correct  approach  for  analyzing  the  lift  increment  should  consider  the  change  in  pressure 
distribution  on  the  wing  ‘or  tail  due  to  the  presence  of  the  jet.  The  surface  pressure  distribution 
is  a function  of  the  free-stream  Mach  number  and  jet  pressure  ratio.  Unfortunately,  insufficient 
test  data  are  available  to  provide  complete  charts  for  this  estimation  procedure.  Test  data  at 
Mw  = 2.0  and  a jet  pressure  ratio  of  7.0  from  reference  9 are  presented  in  figure  4.6.1-33  as 

representative  data.  The  chart  shows  pressure  contours  at  the  vertical  plane  of  symmetry  of  the 
jet.  It  is  intended  that  these  limited  data,  together  with  a description  of  the  procedure,  will 
provide  some  feeling  for  the  problem. 


DATCOM  METHOD 

The  Datcom  method  estimates  the  power-on  lift  curves,  based  on  power-off  lift  curves,  as  a 
function  of  angle  of  attack,  thrust  coefficient,  engine-inlet  area,  and  horizontal-tail  parameters. 

This  method  analyzes  the  increments  of  lift  coefficient  due  to  jet  power  effects  in  the  following 
order: 

1 . Lift  component  of  thrust 

2.  Lift  component  due  to  the  turning  of  the  free-stream  flow  parallel  to  the  thrust  axis 

3.  Lift  component  due  to  jet  interference  effects 

After  the  above  lift  increments  for  a given  angle  of  attack  have  been  calculated,  the  accumulated 
total  is  then  applied  to  the  power-off  lift  curve  to  obtain  a point  on  the  power-on  lift  curve. 
After  several  points  have  been  generated  (by  considering  several  angles  of  attack),  the  linear 
section  of  the  power-on  lift  curve  is  obtained  for  a given  thrust  coefficient. 

The  above  increments  in  lift  can  be  determined  by  the  following  steps.  (Reference  should  be 
made  to  figure  4.6-1 3b  for  geometric  definitions.  In  all  cases  the  lift  increments  are  based  on  the 
wing  reference  area.) 


Step  1. 


Calculate  the  lift  component  of  thrust  as  follows: 

a.  Calculate  the  angle  of  attack  of  the  thrust  axis  to  the  free  stream  aT  by 

aT  = *r  + a 4.6.1 -a 

b.  Calculate  the  thrust  coefficient  per  engine  T^  (if  not  given  or  assumed)  by 


T_ 


where  the  thrust  per  engine  T is  a given  or  chosen  quantity. 
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Calculate  the  lift  component  of  thrust  by 


(^Cl  )T  “ n Tc'  sin  a. 


where  n is  the  number  of  engines.  This  equation  is  valid  only  when  the  thrust 
coefficients  and  the  angles  of  attack  of  the  thrust  axis  to  the  free  stream  are 
equal  for  all  n engines. 


Step  2.  Calculate  the  lift  component  per  engine  due  to  the  turning  of  the  free-stream  flow  in  a 
direction  parallel  to  the  thrust  axis  as  follows: 

a.  Calculate  the  angle  between  the  thrust  axis  and  the  local  velocity  aj  at  the  engine 
inlet  by 


a,  = aT  + e 

} T 


where  the  upwash  ahead  of  the  wing  eu  is  obtained  by 


4.6.1-x 


<«w  ~“o> 


4.6. 1-m 


and  the  downwash  gradient  — — is  obtained  from  Section  4.4. 1 . 

da 


b.  Calculate  the  turning  component  of  lift  by 


K),.  ■ 


2A,  sin  a. 
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For  multiple-engine  configurations,  the  total  lift  component  due  to  the  turning  of 
the  free-stream  flow  is  found  by  summing  the  individual  lift  increments  due  to 
each  engine. 

Step  3.  Calculate  the  lift  component  per  engine  due  to  the  jet  interference  effects. 

The  various  possible  combinations  of  Mach  number  for  the  free-stream  and  nozzle  exit 
conditions  require  different  combinations  to  be  analyzed  separately.  Methods  for 
calculating  four  different  jet  interaction  cases  are  presented.  The  surface  affected  is 
assumed  to  be  a horizontal  tail.  Application  to  other  lifting  surfaces  and  to  other 
bodies  is  similar. 

Case  1.  Subsonic  Free  Stream  - Subsonic  Jet  - Downstream  Distance  Less  than 
Eight  Exit-Diameters 


a.  Obtain  the  lift-curve  slope  of  the  horizontal  tail  ClQh  from  Sec- 
tion 4.1 .3.2. 
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b.  Obtain  the  ratio  of  the  horizontal-tail  to  free-stream  dynamic 
pressure  q^q^  at  the  quarter-chord  of  the  horizontal-tail  MAC 

from  wind-tunnel-test  data'or  Section  4.4.1. 

c.  From  figure  4.6.1-28  obtain  a value  for  the  mean-effective- 
downwash  ratio  Ae/Ae  as  a function  of  aircraft  geometry. 

d.  From  figure  4.6.1-29  obtain  the  equivalent-jet-velocity  ratio  Vj /Vx 
as  a function  of  the  actual-jet-velocity  ratio  Vj/V^  and  the  ratio  of 
ambient  temperature  to  jet  static  temperature. 

e.  From  figures  4.6.1-30a  through  -30c  obtain  a value  for  the  down- 
wash  increment  Ac  as  a function  of  aircraft  geometry  and 
equivalent-jet-velocity  ratio. 

f.  Calculate  the  mean-effective-downwash  increment  A?  by 


g.  Calculate  the  increment  in  lift  per  engine  due  to  jet  interference 
effects  by 


% 

Sw  %o 


Af 
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For  multiple-engine  configurations,  the  total  lift  component  due  to 
jet  interference  effects  is  found  by  summing  the  individual  lift 
increments  due  to  each  engine. 


Care  II.  Subsonic  Free  Stream  - Subsonic  Jet  - Downstream  Distances  Greater  than 
Eight  Exit-Diameters 

a.  Obtain  the  lift-curve  slope  of  the  horizontal  tail  CL  from 
Section  4. 1.3.2. 

b.  Obtain  the  ratio  of  the  horizontal-tail  to  free-stream  dynamic 
pressure  q^q^  at  the  quarter-chord  of  the  horizontal-tail  MAC 

from  wind-tunnel-test  data  or  Section  4.4.1. 

c.  From  figure  4.6.1-28  obtain  a value  for  the  mean-effective- 
downwash  ratio  A?/ Ac  as  a function  of  aircraft  geometry. 

d.  From  figure  4.6.1-31  obtain  a value  for  ZjAe/xn  as  a function  of 
aircraft  geometry  and  thrust  coefficient. 
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e.  Calculate  the  jet-induced  downwash  angle  Ae  by 


Ae  = 


zjAe  ^ 

XH  Zj 


where  x,i  = x'  + x' 

n j c 


and  xj  is  usually  expressed  as 


x 

j 
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4.6.1-cc 


4.6.1-dd 


f.  Calculate  the  mean-effective-downwash  increment  Ae  by 

* ■ (lf)ie 
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g.  Calculate  the  increment  in  lift  per  engine  due  to  jet  interference 
effects  by 


4.6.1-aa 


For  multiple-engine  configurations,  the  total  lift  component  due  to 
jet  interference  effects  is  found  by  summing  the  individual  lift 
increments  due  to  each  engine. 


Case  III.  Subsonic  Free  Stream  - Supersonic  Jet  - Distances  Downstream  of  the 
Fully  Expanded  Flow 

a.  From  figure  4.6.1 -32a  obtain  a value  for  the  equivalent-jet  orifice 
radius  ratio  Rj/Rj  as  a function  of  the  jet-exit  total-pressure  ratio. 

b.  From  figure  4.6.1 -32b  obtain  a value  for  the  downstream  displace- 
ment of  the  equivalent-jet  orifice  as  a function  of  the  equivalent-jet 
orifice  radius. 

The  aownstream  displacement  distance  corresponds  to  the  point  at  which  the 
supersonic-jet  flow  has  expanded  to  ambient  pressure.  The  corresponding  jet 
ratio  at  this  station  is  the  equivalent  radius  Rj.  These  values  are  used  in  lieu 
of  the  actual  jet  radius  and  jet  location  in  approximating  the  inflow  veloc- 
ities of  the  surrounding  flow  downstream  of  this  equivalent  jet-exit  station. 
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Depending  on  the  location  of  the  surface  of  interest,  the  remaining  steps  are 
identical  to  those  of  case  1 (less  than  eight  exit-diameters  downstream)  or 
case  II  (greater  than  eight  exit-diameters  downstream).  For  locations 
upstream  of  the  fully  expanded  flow  no  method  is  available. 


As  pointed  out  in  the  discussion,  the  accuracy  of  this  method  is  not  known. 

Case  IV.  Supersonic  Free  Stream  - Supersonic  Jet 

A complete  method  is  not  presented  because  of  a lack  of  wind-tunnel  test 
data  required  for  the  formulation  of  design  charts.  However,  if  wind-tunnel 
data  are  available  the  following  procedure  is  suggested: 


a.  Divide  the  surface  under  consideration  ipto  incremental  areas  ASh  . 

b.  Calculate  the  respective  axial  and  radial  locations  of  the  incre- 
mental areas  relative  to  the  jet  exit. 

c.  Construct  a pressure-coefficient-contour  chart  from  available  data 
(see  figure  4.6.1-33). 

d.  Obtain  values  of  Ap/q^  for  each  incremental  area  from  the 

pressure-coefficient-contour  chart  as  a function  of  their  relative 
locations. 

e.  Sum  the  incremental  forces  acting  over  the  surfaces  to  obtain  the 
total  change  in  lift  coefficient  by 


AC 


L 
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By  using  the  above  procedure,  several  increments  in  horizontal-tail  lift  coef- 
ficient were  calculated  for  the  configuration  tested  in  reference  10.  The 
calculations  were  computed  from  the  data  of  figure  4.6.1-33  for  a variety  of 
tail  positions  at  Mach  number  of  1.9  and  a jet  pressure  ratio  of  6.66.  The 
results  of  the  calculations  revealed  errors  ranging  from  15  to  133  percent. 

The  total  change  in  aircraft  lift  due  to  jet  power  effects  is  obtained  by 
summing  all  lift  components,  i.e., 


power 

on 


4.6.1-ff 
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Sample  Problem 


The  following  example  is  based  on  the  four-engine  DC-8  configuration.  The  example  is  presented 
for  one  value  of  a and  one  value  of  T^.  The  lift  due  to  jet-interference  effects  is  calculated  by 
using  the  methods  of  case  II,  since  the  downstream  distance  of  the  horizontal  tail  is  greater  than 


eight  engine  exit-diameters. 

Given: 

Wing  Parameters: 

S*  = 2930  ft2 

c : 

= 272.8  in. 

A = 7.52 

iw  = ° 

a ■ 

= 5° 

a0  = -2.5°  (flaps  up) 

Horizontal-Tail  Parameters: 

SH  = 560  ft2  Cj,  153.2  in. 

cL  = 

“H 

0.0627/deg  (Section  4. 1.3.2) 

qu/q^  = 0.968  (Section  4.4.1) 

£h  = 855.0  in. 

bH  = 570.0  in. 

Engine  Parameters; 

Outboard  Engines  (2) 

h 

- 53.0  in. 

z!  = 175.7  in. 

Xj  = 145.2  in. 

K 

= 788.0  in. 

yT  = 44.6  ft 

deu/da  = 0.17  (Section  4.4.1) 

Rj 

= 20  in. 

A,  = 13.64  ft2 

Lj.  = 3.6° 

T 

= 12,500  lb 

Inboard  Engines  (2) 

= 70.8  in. 

z'  = 201.7  in. 

x,  = 283.8  in. 

K 

= 927.0  in. 

yT  = 25.7  ft 

9eu/3a  = 0.24  (Section  4.4.1) 

Ri 

= 20  in. 

A,  = 1 3.64  ft2 

i,.  = 3.6° 

T 

= 12,500  lb 

- Additional  Parameters: 

M = 0.2 

= 57.2  psf 

h = 1000  ft 
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Compute: 


Determine  the  lift  component  of  thrust 


aT  = iy  + o 


(equation  4.6.1 -a) 


* 3.6  + 5 = 8.6° 


. A 

T = 

c 


12,500 

(57.2)  (2930) 


(equation  4.6. 1-b) 


= 0.0746  (per  engine) 


^ACl  'j  = n sin  aT  (equation  4.6.1 -c) 


= (4)  (0.0746)  (0.1495) 


= 0.0446 


Determine  the  lift  component  due  to  the  turning  of  the  free  stream 


«w  “ a + iw 


(equation  4.6, 1-h) 


= 5 + 0 = 5° 


eu  = — — (aw  - a0)  (equation  4.6. 1-m) 


(e  \ = (0.17)  (5  + 2.5)  = 1.27° 

\ u /outboard 


* inboard 
engine 


= (0.24)  (5  + 2.5)  = 1.80° 


«j  = «T  + eu 


(equation  4.6. 1 -x) 


(“,) 


outboard 

engine 


= 8.6  + 1.27  = 9.87° 


( i ) inboard 
engine 


= 8.6  +1.80  « 10.4° 
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2A,  sin  a. 


(equation  4.6. 1-y) 


Considering  the  lift  increment  due  to  both  outboard  engines 


ouebotn! 

engines 


(2)  (1 3.64)  (0.1714)  (2 ) 
2930 


0.00319 


Considering  the  lift  increment  due  to  both  inboard  engines 


Ni 


inboard 

engines 


(2X13.64)  (0.1805)  (2) 
2930 


0.00336 


The  total  lift  component  due  to  the  turning  of  the  free  stream  is 


■ N« 


outboard 

engines 


inboard 

engines 


= 0.00319  + 0.00336 
= 0.00655 


Determine  the  lift  component  due  to  jet  interference  effects  og  the  horizontal  tail.  The  method 
of  case  II  will  be  used  to  evaluate  the  jet  interference  effects,  since  /Rj)  > 8. 


Ae 

Ae 

1 inboard 
| engines 

Ac 

I 

Ac 

outboard 

engines 

Zj'Ac  j 

= 0.37 


= 0.10 


H 


= 0.07 


inboard 

engines 


(figure  4.6.1-28) 


(figure  4.6.1-28) 


(figure  4.6.1-31) 


outboard 

engine 


= 0.08 


(figure  4.6.1-31) 


(equation  4.6.1-cc) 


5 Xj  + x 


t 

e 


; 4.6  R.  (equation  4.6.1-dd) 


r inboard 
engine 


outboard 

engine 


» (4.6)  (20)  + 927 

= 1019  in. 

= (4.6)  (20)  + 788 

* 880  in. 


z’Ae  x' 


H 


XH  Zj 


|m  - m 


engine 


« 0.354 


) outboard  ~ (°  08) 


engine 


(equation  4.6.!-bb) 

(1019) 

(201.7) 

(880) 

175.7 


0.40 


f Ae  ^ 


Ac  / 


inboard 

cnjints 


outboard 

engine* 


! Ae  (equation  4.6. 1-z) 


= (0.37)  (0.354) 


= 0.131 


= (0.10)  (0.40) 


= 0.04 


SH 


~ -C,  r — — At  (equation  4.6.1-aa) 
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inboard 

engirds 


-(0.0627) 


__  (0.968,(0.131) 


outboard 

engines 


-0.00152 

-(0.0627)  2930  (0>968)  (0  °4) 


= 0.00046 


The  total  lift  component  due  to  jet  interference  effects  on  the  horizontal  tail  is 
=-0.00152  - 0.00046 

= -0.0020 

(4C«- ' K )T  + )«. + K ),  ,equa,ion  4-61-fn 

on  ' 

« (0.0446)  + (0.00655)  + (-0.0020) 

= 0.049 
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(Cn«)  p j Kkj=  80.7  -propeller  norm*!  force 
N derivative  at  Tcf  = 0 
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NOMINAL  BLADE  ANGLE  AT  .75  RADIUS,  /3  (deg) 
FIGURE  4.6.1 -25a  PROPELLER  NORMAL-FORCE  PARAMETER 


f = propeller  inflow  factor  to  increase 
(CnJ  p due  to  inflow  velocity 


f 3 
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FIGURE  4 6 1 25b  PROPELLER  INFLOW  FACTOR 
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FIGURE  4.6.1-27  CORRELATION  PARAMETER  FOR  ADDITIONAL  WING  LIFT  DUE 
TO  PROPELLER  POWER 
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JET-FXIT  TOTAL  PRESSURE  RATIO,  — * 

J p 

roo 

FIGURE  4.6.1 -32a  EQUIVALENT  JET  ORIFICE  RADIUS  FOR  SUPERSONIC  JET  IN 
A SUBSONIC  STREAM 


FIGURE  4.6.1 -32b  DOWNSTREAM  DISPLACEMENT  OF  EQUIVALENT  JET  ORIFICE 
LOCATION  FOR  A SUPERSONIC  JET  IN  A SUBSONIC  STREAM 
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FIGURE  4.6.1-33  PRESSURE  FIELD  DUE  TO  JET  EXHAUST  — M = 2.0  AND 
PtJP"  — 7.0  (FROM, REFERENCE  9 ) 
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4.6 2 POWER  EFFECTS  ON  MAXIMUM  LIFT 


A.  PROPELLER  POWER  EFFECTS  ON  MAXIMUM  LIFT 

Over  the  linear  lift-curvc-slope  range,  increases  in  lift  due  to  propeller  power  result  from  the 
factors  discussed  in  Section  4.6.1,  paragraph  A.  However,  near  or  at  maximum  lift  an  additional 
increase  in  lift  coefficient  occurs  because  the  angle  of  attack  for  stall  increases  with  power.  This 
effect  depends  primarily  upon  the  ratio  of  the  immersed  wing  area  to  the  total  wing  area.  An 
empirical  method,-  based  on  data  from  references  1 and  2,  is  presented  in  this  section  for 
estimating  the  maximum  lift  increase  due  to  power. 

DATCOM  METHOD 


Step  1.  From  figure  4.6.2-3  obtain  a value  for  the  empirical  constant  K as  a function  of  the 
ratio  of  immersed  wing  area  to  total  wing  area  Sj/Sw  • (The  immersed  wing  area  Sj  is 
calculated  in  Section  4.6.1.) 

Step  2.  Calculate  the  increment  in  lift  due  to  power  at  ^e  angle  of  attack  for 

, 00 

maximum  lift,  power  off.  This,  value  is  obtained  from  equation  4.6. 1-w  of  Section 
4.6.1. 


Step  3.  Calculate  the  increment  of  maximum  lift  due  to  propeller  power  by 


AC, 


4.6.2-a 


The  shift  in  ®Clbjix  for  the  power-on  lift  curve  can  only  be  approximated,  based  on 

the  shape  of  the  poweroff  curve.  Based  on  this  geometrical  approximation,  the 
complete  lift  curve  can  then  be  constructed  as  shown  in  sketch  (a). 


4.6.2-I 


Table  4.6. 2-A  compares  the  results  obtained  by  this  method  with  test  data. 


Sample  Problem 


Given: 


Sw  = 314  ft2  T'  = 0.20  (“stall)  ~ 1 6°  (wind-tunnel  data) 

\ /^f'er 

/ AC,  \ = 0.438  (Section  4.6.1)  S.  = 1 14  ft2  (Section  4.6.1) 

\ h™ 


Compute: 


Sw  314 


K = 1.38 


= 0.364 


(figure  4.6. 2-3) 


KMi 


(equation  4.6.2-a) 


= (1.38)  (0.438) 


= 0.604 


B.  JET  POWER  EFFECTS  ON  MAXIMUM  LIFT 

The  maximum  lift  due  to  jet  power  is  described  in  Section  4.6.1,  paragraph  B,  since  the  angle  of 
attack  for  stall  does  not  exhibit  an  increase  with  power  as  in  the  case  for  propellers.  The 
increment  in  maximum  lift  is  therefore  found  by  calculating  the  lift  increment  at  the  angle  of 
attack  for  maximum  lift,  power  off,  by  using  the  method  of  Section  4.6.1.  The  shape  of  the 
power-on  lift  curve  near  stall  is  similar  to  that  of  the  power-off  curve  determined  by  using  other 
sections  of  the  Datcom. 
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4.6.3  POWER  EFFECTS  ON  PITCHING-MOMENT  VARIATION  WITH  ANGLE  OF  ATTACK 


A.  PROPELLER  POWER  EFFECTS  ON  PITCHING  MOMENT 

This  section  presents  a method  from  references  I and  2 for  estimating  the  power  effects  of 
propellers  on  the  pitching-moment  characteristics  of  a vehicle.  Since  power  effects  on  pitching- 
moment  characteristics  are  primarily  a result  of  the  increments  in  lift  due  to  propellers,  part  A of 
Section  4.6.1  is  directly  applicable  to  this  section,  and  the  reader  is  referred  to  that  discussion 
for  a general  description  of  the  fundamental  phenomena. 

DATCOM  METHOD 

The  Datcom  method  estimates  the  power-on  pitching-moment  curves  based  on  power-off  curves, 
as  a function  of  angle  of  attack,  thrust  coefficient,  and  lift  coefficient. 

This  method  analyzes  the  increments  of  pitching-moment  coefficient  due  to  propeller-power 
effects  in  the  following  order: 

1 . Offset  of  the  thrust  axis  from  the  origin  of  the  axes 

2.  Propeller  normal  force  due  to  angle  of  attack 

3.  Change  in  dynamic  pressure  over  the  section  of  the  wing  in  the  propeller  slipstream 

4.  Change  in  lift  of  the  wing  caused  by  power  effects 

5.  Change  in  dynamic  pressure  acting  on  the  horizontal  tail 

6.  Change  in  angle  of  attack  at  the  horizontal  tail 

After  the  above  pitching-moment  increments  for  a given  angle  of  attack  have  been  calculated,  the 
accumulated  total  is  then  applied  to  the  power-off  pitching-moment  curve  to  obtain  a point  on 
the  power-on  pitching-moment  curve.  After  several  points  have  been  generated  (by  considering 
several  angles  of  attack),  the  iinear  section  of  the  power-on  pitching-moment  curve  is  obtained 
for  a given  thrust  coefficient. 

All  increments  of  pitching-moment  coefficients  are  nondimensionalized  with  respect  to  the 
product  of  wing  area  and  wing  MAC.  Their  moment  center  is  at  the  quarter-chord  point  of  the 
wing  MAC. 

Step  1.  Calculate  the  increment  in  pitching-moment  coefficient  per  engine  due  to  an  offset  of 
the  thrust  axis  from  the  origin  of  the  axes  by 


4.6.3-a 


4.6 .3-1 


where  the  thrust  coefficient  is  a given  or  chosen  quantity.  For  multiple-engine  config- 
urations the  total  pitching-moment  component  is  found  by  summing  the  component 
due  to  each  engine. 


Step  2.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  propeller  normal 
force  by 


Xp  cos  iT 
_ c cos  aT 

p * 


4.6.3-b 


where  (ACl)n  is  obtained  from  Section  4.6.1  and  <Xt  is  given  by  equation  4.6.1 -a, 

" p 
i.e., 

aT  = o + iT 

Step  3.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  change  in  slipstream 
dynamic  pressure  acting  on  the  wing  as  follows: 

a.  Calculate  the  zero-lift  pitching-moment  coefficient  (Cm  0).  of  those  components  of 
the  tail-off  configuration  that  are  immersed  in  the  slipstream  by 


4.6.3-c 


area  not 
immersed 


where  (C~  must  be  obtained  from  wind-tunnel  tests  and 

- m 0 wing-body 

rr  ) may  be  obtained  from  Section  4. 1.4,1  and  is  based  on  the  corn- 

m 0 area  not 
immersed 

bined  planform  area  of  the  wing  not  immersed  in  the  propeller  slipstream. 

b.  Calculate  the  change  in  slipstream  dynamic  pressure  given  by  equation  4.6. 1-r,  i.e., 

= vn 

rrR2 

p 

c.  Calculate  the  pitching-moment  increment  due  to  the  change  in  slipstream  dynamic 
pressure  by 


K),  ■ ? N, 


4.6. 3-d 


Step  4.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  change  in  lift  of  the 
wing  caused  by  power  effects  as  follows: 

a.  Calculate  the  lift  increments  (ACL)q  and  (ACl)AWw  by  the  method  in  Section 
4.6.1. 


4.6. 3-2 


b.  Calculate  the  pitching-moment  increment  due  to  th;  immersed  wing  lift  incre- 
ments by 

(ac-)l  = [h),+(AC0-w 

where  xw  is  the  longitudinal  distance  from  the  aerodynamic  center  of  that 
portion  of  the  wing  immersed  in  the  propeller  slipstream  to  the  moment-reference- 
center  location,  positive  for  the  aerodynamic  center  forward  of  the  moment  refer- 
ence center  (see  Figure  4.6-1 2). 


' w 


4.6.3-e 


Step  5.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  change  in  dynamic 
pressure  acting  on  the  horizontal  tail  as  follows: 


a.  Calculate  the  angle  of  attack  at  the  horizontal  tail  och  by 


«H 


a+iH 


power 

off 


4.6.3-f 


where  (eH ) er  is  obtained  in  Section  4.4. 1 . 
off 


b. 


Obtain  a value  for  the  lift-curve  slope  of  the  horizontal  tail  (CLotH 


) 

power 

oft 


Section  4. 1.3.2. 


from 


c.  Calculate  the  lift  coefficient  of  the  horizontal  tail  by 


4.6.3-g 


d.  From  figure  4.6.3-14  or  4.6.3-15  obtain  a value  for  the  change  in  downwash  at 
the  horizontal  tail  Atn  as  a function  of  geometric  characteristics,  thrust  coef- 
ficient, and  the  power-off  downwash  angle. 


e.  C:il>'') tile  power-on  downwash  angle  at  the  horizontal  tail  by 


l e 
\ 


«) 


power 

on 


power 

off 


+ a*h 


4.6.3-h 


f.  Calculate  the  geometric  distance  z,  by  equation  4.6. 1-n,  i.e. 


z,  = xp  tan  (aT+eu  - ep)  - zJ 


4.6 .3-3 


g.  Calculate  the  geometric  distance  zh  eff  by 


' 

* 

Z»eff  = Z>  + ZH  + £H  tan 

% + eu  - ep  - 

\ 

h) 

J power 

'on 

h.  From  figure  4.6.3-16  obtain  a value  for  the  change  in  dynamic  pressure  Aa^/q^ 
as  a function  of  geometric  characteristics  and  thrust  coefficient. 


Calculate  the  change  in  pitching-moment  coefficient  due  to  the  incremental 
change  in  dynamic  pressure  at  the  horizontal  tail  by 


4.6.3-j 


Step  6.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  change  in  angle  of 
attack  of  the  horizontal  tail  as  follows: 

a.  Calculate  the  power-on  dynamic-pressure  ratio  at  the  horizontal  tail  by 


/Qh\  + 

\q«  j <ioo 

\ /power 


4.6.3-k 


where  Aq,,/q_  is  found  in  step  5.h  and  (qH/q  ) is  obtained  in  Section 

H " power 

off 

4.4.1. 

b.  Calculate  the  change  in  pitching-moment  coefficient  due  to  the  change  in  angle  of 
attack  at  the  horizontal  tail  by 


4.6.3-ie 


where  Aey  is  found  in  Step  5.d. 


Step  7. 


Calculate  the  total  incremental  change  in  pitching-moment  coefficient  due  to  propeller 


power  effects  by 
/ AC  \ 

l m J power 

'on 


■ (AC")x  + + (AC"),  + (AC"V 

+ (4C"h),+(^h). 


4.6. 3-m 


4.6.3-4 


Sample  Problem 


The  configuration  used  in  this  sample  problem  is  the  same  as  that  used  in  the  sample  problem 
for  propeller  effects  on  lift  in  Section  4.6.1. 

Given: 


Wing  Parameters: 

Sw  = 380  ft2  Sj  = 117.4  ft2 


b.  = 12.8  ft 


(calculated  in  Section  4.6.1) 


K)m  ■ 

0.00529 

p 

(acl) 

-0.0173 

K),  = 

0.0584 

c = 8.17  ft 

\/4 

(calculated  in  Section  4.6.1) 


Cj  = 9.17  ft 


A.„,  no.  = 4.90 

atm  not 
insn  tiled 


(’■») 


area  not 
hanened 


N. 


= -0.080  (tail-off  wind-tunnel  data) 


/wing-body 

a = 4.0° 


Caiea  not  T £0  ft 
imroetied 

= —0.07  (average  value  for 
wing  sections  not 
immersed  in  the 
slipstream) 


xw  = 0 


<xT  = 4.0° 


€u  = 1.14° 


ep  = 0.59° 


e er  = 4.0°  (wind-tunnel  data  or  Section  4.4.1) 

off 


Horizontal-Tail  Paiameters 

S, 


SH  = 80  ft2 


Ah  - 0.59 


°H 


59 

80 


= rr  = 0.738 


c/4 


iH  = 0 


Ah  = 4.26 


= 0 


= 0.9  (Section  4.4.1) 


powar 

off 


4.6. 


CL  = 0.057  ^ = -4.10  ft  Zh  = 3.0  ft  fiH  = 20.4  ft 


Engine  Parameters: 

Tc  = 0.15  Rp  = 6.79  ft  Xp  = 10.9  ft  ^ = -1.10  ft 


Compute: 


Determine  the  increment  of  pitching  moment  due  to  an  offset  of  the  thrust  axis  from  the 
origin  of  the  axes 


/ \ 

^ACm ) = ~ (equation  4.6.3-a) 


' <ols>  TOF  * -°'0202 

Determine  the  increment  of  pitching  moment  due  to  the  propeller  normal  force 


(4C”)n„  = o' 


p 1 


p c cos  aT 


(equation  4.6.3-b) 


10.9  1 

= (0.00529)  — = 0.00707 

Determine  the  increment  of  pitching  moment  due  to  the  change  in  dynamic  pressure 


A cos  Ac/4 
1 o A + 2 cos  A, 


Ac/4  Cm, 


(equation  4.1 ,4.1 -a) 


where  A is  the  aspect  ratio  of  the  combined  wing  not  immersed  in  the  slipstream. 


4.90 

C = (-0.07) 

mo  4.90  + 2 


4.6.3.-6 


= -0.05  (Note:  this  is  based  on  the  wing  area  not  immersed  in  the  slipstream) 


(c  ) -c  fch) 
{ "»L.oo,  -»\  s,  / 

immersed 


c . — (based  on  Sw  and  c) 

area  p w 

inmersed  v 


„ (380  - 1 7.4)  (7.50) 

= (-0.05)  = -0.0317 

v } 380  (8.17) 


(equation  4.6.3-c) 


(Cm0)  = (Cm0)  (Cmo) 

' V 0 /wing-body  \ vsre*  not 

immersed 

= -0.080  + 0.0317 
= -0.0483 
Aq,  SWT; 

- (equation  4.6. 1-r) 

ffRp 


(380)  (0.1S) 
(3.14)  (6.79)2 


0.394 


(equation  4.6. 3-d) 


= (0.394)  (-0.0483) 
= -0.019 


Determine  the  increment  of  pitching  moment  due  to  the  change  in  lift  of  the  wing 


(equation  4.6.3-e) 


= - (0.0584-0.0173] 


0 

8.17 


= 0 


Determine  the  increment  of  pitching  moment  due  to  the  change  in  dynamic  pressure  on  the 
horizontal  tail 


a 


H 


a + iH 


power 

off 


(equation  4.6.3-f) 


=4+0-4  =0 


C 


L 


H 


(equation  4.6.3-g) 


= (0.057)  (0)  = 0 


4.6. 3-7 


*■»  - °-7 


M 


power 

on 


(figure  4,6.3-14) 

Ho„„ + 4e» 


(equation  4.6.3-h) 


off 

= 4.0  + 0.7 


= 4.7° 

zf  = xp  tan  (oj.  + eu  - ep)  - Zj  (equation  4.6. 1-n) 

= 10.9  tan  (4.0+ 1.14  - 0.59)+ 1.10 
= 1.96  ft 


ZH  = Z, 

Heff  * 


+ tBH  «“  K +‘u 

7 on 


= 1.96  - 4.10  + 20.4  tan  (4  + 1.14  - 0.59  - 4.7) 
= -2.14  + 20.4  (-0.00262) 

= -2.19  ft 


AqH 

__ — = o.l4  (figure  4.6.3-16) 


(equation  4.6. 3-i) 


AqH  SH  2h 

-C,  — — (equation  4.6.3-j) 

L«  q«  s*  c 


= -(0)  (0.14) 


= 0 


80  20.4 

380  8.17 


Determine  the  increment  of  pitching  moment  due  to  the  change  in  angle  of  attack  at  the 
horizontal  tail 


9h\ 

<W 

/power 

on 


/M  + ^ 

\ q“  /pow..  ^ 
off 


(equation  4.6.3-k) 


= 0.90  + 0.14  = 1.04 


4.6.3-8 


£h 

sw 


c 


(0.057)  (0.7) 


( 


M 


q*°  M 


(equation  4, 6.3-4) 


powei 

on 


/ 20.4\ 
\8.17/ 


(1.04) 


= 0.0218 


Determine  the  total  change  in  pitching  momtnt  due  to  propeller  power  effects 

(4C»L.„  ■ (AC»)r  + (AC»)np  + (4C")a  + (4C»)L 

on  P ' 

/AC  \ + /AC  \ (equation  4.6.3-m) 

V mH/q  l m H /e 

= —0.0202  + 0.00707  - 0.019  + 0 + 0 + 0.0218 
= -0.0103 

B.  JET  POWER  EFFECTS  ON  PITCHING  MOMENT 


This  section  presents  a method  from  references  1,3,  and  4 for  estimating  the  subsonic  jet  power 
effects  on  pitching  moment.  The  method  presented  here  for  estimating  the  supersonic  jet  power 
effects  is  based  on  approximate  methods  developed  for  the  Datcom.  Since  the  power  effects  on 
pitching-moment  characteristics  are  primarily  a result  of  the  increments  in  lift  due  to  jet  effects, 
part  B of  Section  4.6.1  is  directly  applicable  to  this  section,  and  the  reader  is  referred  to  that 
discussion  for  a general  description  of  the  fundamental  phenomena. 

DATCOM  METHOD 

The  Datcom  method  estimates  the  power-on  pitching-moment  curves,  based  on  power-off 
pitching-moment  curves,  as  a function  of  angle  of  attack,  thrust  coefficient,  and  lift  coefficient. 

This  method  analyzes  the  increments  of  pitching-moment  coefficient  due  to  jet  power  effects  in 
the  following  order: 

1 . Offset  of  the  thrust  axis  from  the  origin  of  the  axes 

2.  Normal  force  acting  at  the  engine  inlet 

3.  Interference  effects 

After  the  above  lift  increments  for  a given  angle  of  attack  have  been  calculated,  the  accumulated 
total  is  then  applied  to  the  power-off  pitching-moment  curve  to  obtain  a point  on  the  power-on 
pitching-moment  curve.  After  several  points  have  been  generated  (by  considering  several  angles  of 


attack),  the  linear  section  of  the  power-on  pitching-moment  curve  is  obtained  for  a given  thrust 
coefficient.  (Refer  to  figure  4.6-13b  for  geometrical  definitions.) 


AH  increments  of  pitching-moment  coefficients  are  nondimensionalized  with  respect  to  the 
product  of  wing  area  and  wing  MAC.  Their  moment  center  is  at  the  quarter-chord  of  the  wing 
MAC. 

Step  1 . Calculate  the  increment  in  pitching-moment  coefficient  j engine  due  to  an  offset  of 
the  thrust  axis  from  the  origin  of  the  axes  by 


4.6.3-a 


where  the  thrust  coefficient  is  a given  or  chosen  quantity.  For  multiple-engine  configura- 
tions the  total  pitching-moment  component  is  found  by  summing  the  single  components 
due  to  each  engine. 

Step  2.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  normal  force  at  the 
engine  inlet  as  follows: 


a.  Calculate  the  inclination  of  the  thrust  axis  to  the  oncoming  stream  a.  at  the  engine 
inlet,  given  by  equation  4.6. 1-x,  i.e., 

“ °r  + eu 

where  the  upwash  ahead  of  the  wing  eu  is  obtained  from  equation  4.6. 1-m,  i.e., 


eu  = TT  <«W  - ao> 


and  the  upwash  gradient  3 t'u/da  at  the  engine  inlet  may  be  obtained  in  Section  4.4.1. 
b.  Calculate  the  incremental  pitching-moment  coefficient  per  engine  by 


(4C")h,  ■ 


2A,XjSin  a. 


4.6.3-n 


where  A(  is  the  inlet  duct  area.  For  multiple-engine  configurations  the  total  pitching- 
moinent  component  is  found  by  summing  the  single  components  due  to  each  engine. 

Step  3.  Calculate  the  increment  in  pitching-moment  coefficient  due  to  the  jet  interference  effects 
at  the  horizontal  tail  or  other  surface  by 
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where  ^ACL^  is  calculated  in  Section  4.6.1  and  where  x is  the  distance  from  the 

moment  center  to  the  centroid  of  the  affected  area,  positive  ahead  of  the  moment  center 
(in  the  case  of  tail-last  configurations  x corresponds  to  the  negative  value  of  the  tail 
length  f H). 

Step  4.  Calculate  the  total  incremental  change  in  pitching-moment  coefficient  due  to  jet  effects 
by 


KU  - K)T  + (*c*)Nl  + (ac™)<  4-6-3-f 

on  * 

Sample  Problem 

The  configuration  used  in  this  sample  problem  is  the  same  as  that  used  in  the  sample  problem  of 
Section  4.6.1,  paragraph  B. 

Given: 

Engine  Parameters: 

= 13.64  ft2  x,  * 145.2  in. 

- 9.87°  (Section  4.6.1) 

= 13.64  ft2  x,  = 283.8  in. 

= -10.4°  (Section  4.6.1) 

(*cl)e  “ -0.002  (Section  4.6.1)  fiH  * 855.0  in. 

Wing  Parameters: 

c = 272.8  in.  S^  ■ 2930  ft2 


Outboard  Engines  (2) 

= 0.0746  (per  engine)  Aj 

= 53.0  in.  «j 

Inboard  Engines  (2) 

= 0.0746  (n<*r  ngine)  Aj 

zT  = 70.8  in.  aj 

Horizontal-Tail  Parameters: 


Compute: 


Determine  the  increment  in  pitching-moment  coefficient  due  to  an  offset  of  the  thrust  axis 
from  the  origin  of  the  axes  by 


4.6.3-11 


2Rp 
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4.6.4  POWER  EFFECTS  ON  DRAG  AT  ANGLE  OF  ATTACK 


This  section  presents  methods  for  estimating  jet  and  propeller  power  effects  on  the  drag  of  an 
aircraft.  Many  of  the  basic  phenomena  associated  with  changes  in  the  drag  are  discussed  in 
Section  4.6.1,  and  the  reader  is  referred  to  that  discussion  for  a more  complete  description  of 
the  fundamental  phenomena. 

A.  PROPELLER  POWER  EFFECTS  ON  DRAG 

The  effects  of  propeller  power  on  the  drag  of  an  airplane  require  corrections  to  the  zero-lift  drag 
and  the  lift-dependent  drag. 

The  zero-lift  drag  is  corrected  to  account  for  the  change  in  dynamic  pressure  caused  by  the 
propeller  slipstream. 

The  lift-dependent  drag  of  an  airplane  is  affected  by  propeller  power  in  the  following  ways: 

1 . The  components  of  propeller  thrust  and  normal  force  that  are  parallel  to  and  have  the 
same  direction  as  the  wing  lift  reduce  the  wing  lift  required,  thereby  reducing  the  wing 
drag  due  to  lift. 

2.  The  propeller  slipstream  modifies  the  downwash  over  portions  of  the  wing,  thus 
changing  the  wing  drag  due  to  lift. 

3.  Propeller  thrust  is  usually  assumed  to  act  parallel  to  the  free  stream.  However,  the 
free-stream  component  of  thrust  is  really  T cos  a? . Therefore,  the  drag  component 
must  include  this  differential  thrust  and  the  propeller  normal-force  component  parallel 

i to  the  free  stream. 


DATCOM  METHOD 

The  Datcom  method  (reference  1 ) estimates  the  drag  increment  due  to  propeller-thrust  effects  as 
a function  of  angle  of  attack,  thrust  coefficient,  and  propeller  normal  force. 

This  method  analyzes  the  increments  of  drag  coefficient  due  to  propeller  power  effects  in  the 
following  order: 

1 . Change  in  zero-lift  drag  due  to  the  slipstream  dynamic  pressure  of  that  portion  of  the 
vehicle  immersed  in  the  propeller  slipstream 

2.  Change  in  vehicle  drag  due  to  lift  as  a result  of  the  lift  components  of  propeller  thrust 
and  propeller  normal  force 


3.  Change  in  drag  due  to  lift  as  a result  of  the  change  in  angle  of  attack  of  the  wing 
section  immersed  in  the  propeller  slipstream 


After  the  above  drag  increments  for  a given  lift  coefficient  have  been  calculated,  the  accumulated 
total  is  then  applied  to  the  power-eff  drag  curve  to  obtain  a point  on  the  power-on  drag  polar. 
After  several  points  have  been  generated  (by  considering  several  lift  coefficients),  the  power-on 
drag  polar  is  obtained  for  a given  thrust  coefficient. 

The  above  increments  in  drag  can  be  determined  by  the  following  steps.  (Reference  should  be 
made  to  figure  4.6-1 3a  for  geometric  definitions.  In  all  cases  the  drag  increments  are  based  on 
the  wing  reference  area) 


Step  1.  Calculate  the  zero-lift  increment  of  change  in  drag  coefficient  due  to  propeller-power 
effects  as  follows: 


a. 


Calculate  the  increment  of  skin-friction  drag  caused  by  a higher  local  dynamic 
pressure  on  all  surface  area  immersed  in  the  propeller  slipstream  S,  by 


Cf  Aq4  ds 
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where  Cf  is  the  local  sain-friction  drag  coefficient  determined  by  the  methods  of 
Sections  4.1. 5.1  and  4.2.3. 1,  By  assuming  that  q and  C(  are  constant  over  the 
area  wetted  by  the  slipstream,  equation  4.6.4-a  may  be  simplified  to 


4.6.4-b 


where  Aq  /q„  is  determined  in  Section  4.6. 1 . 

I CO 

b.  Calculate  the  (tap  inclement  of  zero-lift  drag  due  to  propeller  power  effects  when 
the  wing  flaps  are  extended  and  are  partially  or  entirely  immersed  in  the  propeller 
slipstream,  as  follows: 


(1)  Evaluate  the  propeller  correlation  parameter  defined  as 


VL 

*1 


I 1 + a 

(2)  From  figure  4.6.4-12  obtain  a vaiuo  for  Tc  \j~ — as  a function  of 

V 1 + 2a  S_ 


of  the  propeller  correlation  parameter. 


(?) 


Obtain  a value  for  the  power-off  drag  increment  of  the  deflected  flap 
/AC..  \ from  test  data  if  available  or  from  Section  6.1.7. 

\ 
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(4)  Calculate  the  wing  planform  area  Swf  including  and  directly  forward  of  the 
flap  area. 

(5)  Calculate  the  part  of  Sw*  immersed  in  the  propeller  slipstream  Sj. 

(6)  Calculate  the  flap  increment  of  zero-lift  drag  by 


(N..Lmn4,:  (v 

on 
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c.  Calculate  the  total  zero-lift  increment  of  drag  due  to  propeller  power  effects  by 


(ACd°L~  = 

on 
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When  the  flaps  are  retracted  the  total  zero-lift  increment  is  given  by  equation  4.6.4-b. 
Step  2.  Calculate  the  propeller  power  effects  on  drag  due  to  lift  as  follows: 

a.  Calculate  the  propeller  normal-force  coefficient  per  engine  by 

X * (X),  57J  4"  A-6A* 

where  / CM  \ is  obtained  from  Section  4.6. 1 . 

\ H 

b.  Calculate  the  angle  of  attack  of  the  thrust  axis  Oj  measured  from  the  free-stream 
direction  and  given  by  equation  4.6.1 -a,  i.e., 

oT  = a + ij. 

c.  Calculate  the  thrust  coefficient  T'  per  engine  given  by  equation  4.6. 1-b,  i.e., 


where  the  thrust  is  a given  or  chosen  quantity. 


d.  Calculate  the  sum  of  the  propeller  lift  components  by 


C,  = T'  sin  a_  + Cv,  cos  ax 

Lp  C * * 
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For  multiple-engine  configurations  the  total  lift  component  due  to  propellei  forces 
is  found  by  summing  the  components  due  to  each  engine. 


e.  Calculate  the  wing  lift  coefficient  CL  by 

cL  = J5. 

1 O* 

where  n'W  is  the  product  of  load  factor  and  weight. 


4.6.4-g 


f.  From  figure  4.6.4-13a  obtain  a value  for  the  empirical  drag  factor  KD  as  a function 
of  geometry  and  thrust  coefficient. 

g.  Calculate  the  wing  lift  coefficient  with  power  effects  CL^  by 


c = c - c 

Lw  l lp 
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where  CL  is  the  total  lift  component  due  to  propeller  forces. 

p 

h.  From  figure  4.6.4- 1 3b  obtain  a value  for  the  ratio  of  effective  downwash  to  propeller 

downwash  e/ep  as  a function  of  the  propeller  correlation  parameter  and  aircraft 
geometry. 


i.  Calculate  the  upwash  gradient  3ep/3ap  given  by  equation  4.6. 1 -j,  i.e., 


3c. 


3a_  ''I  + Cj  (CN«)_ 


= C, 


where  the  constants  Cj  and  C2  are  obtained  from  figure  4.6.1-26  as  a function  of 
the  propeller  correlation  parameter,  and  *s  obtained  from  Section  4.6.1. 


j.  Calculate  the  angle  of  attack  of  the  propeller  plane  ap  given  by  equation  4.6.  i-g,  i.e., 


3e“ 

“p  aj  + 3a 


(a^  a0) 


where  the  upwash  gradient  be  Ida  at  the  propeller  may  be  obtained  in  Section  4.4.1. 


4.6. 4-4 


k.  Calculate  the  effective  downwash  over  the  wing  span  e by 


- . i /M 

e \da  / ap 
p \ ?/ 
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1.  Calculate  the  ratio  of  the  power-on  induced  drag  to  the  power-off  induced  drag  by 

N, 


/power 

on 


N 


c ' 2 
"c. 


power 

off 


W \ 

W 


1 + 


ff2Ae 
180  C, 


-w  J 


+ Kr 


/ h \ /CL  , , 

W VvJ 
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The  contribution  from  the  last  term  in  the  above  equation  is  generally  less  than  ten 
percent. 


The  value  for  fc 


must  be  available  from  wind-tunnel  data  or  may  be  approximated 


\ /power 

off 

by  the  wing-alone  value  of  CD  obtained  by  using  the  method  of  Section  4. 1.5. 2. 


Step  3.  Calculate  the  total  drag  of  an  aircraft  including  power  effects  by 

- (s)_  + (^o)^  +(c°l) 

on 
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power 

on 


This  equation  is  computed  for  a range  of  lift  coefficients  and  thrust  coefficients,  and  the 
drag-polar  curves  are  constructed.  These  curves  are  valid  only  in  the  linear-lift  region. 

Semple  Problem 

The  configuration  used  in  this  sample  problem  is  the  same  as  that  used  in  the  sample  problem  for 
propeller  power  effects  on  lift  in  Section  4.6.1.  The  quantities  listed  below  are  either  given  or 
calculated  in  the  sample  problem  of  paragraph  A,  Section  4.6.1,  or  assumed. 

Given: 


Wing  Parameters: 


a. 

Sw  = 380  ft2  — = 0.309  A = 6.23 


= 0.394 


dot. 


= 0.115 


CL  = 0.523 


= 0.20  5f  = 30° 


0.80  b = 48.65  ft 
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Engine  Parameters: 


(c4  - 0141  ■» 


ap  = 5.14° 


Additional  Parameters: 
a = 4.0°  n' 


N), 


= 0.0160 


power 

off 


= 0 

«T  = 4°  Rp 

= 6.79  ft 

n - 

= 1 

= 1.0 

Cf  = 0.0040 

Nl, 

= 0.040 

(Cd°L«, 

off 

= 0.10 

Compute: 

Determine  the  zero-lift  increment  in  drag 
S,  Aqf 


- C, 


s 


(equation  4.6. 4-b) 


= (0.0040)  (0.309)  (0.394) 
= 0.0005 


SwT; 


RpI 2 


= 1.236 

(6.79)2 


I 1 + a fw 

V 1 + 2a  S 


(figure  4.6.4-1 2) 


(equation  4.6.4-c) 


= (0.040)  (0.25)  (0.80) 


ACD0\ 

= cD  \ + 

(equation  4.6.4-d) 

\ y power 

on 

V 7* 

\ °/fhpi 

power 

on 

= 0.0005  + 0.0080 
■ 0.0085 


Determine  the  effects  on  drag  due  to  lift 


p p 

57.3  S* 


(equation  4.6.4-e) 


= (0.141) 


A.14\  (3.14)  (6.79)? 
\57.3  / 380 


= 0.0048 


CL  = T'  sin  aT  + CN  cos  aT  (equation  4.6.4-f) 

p p 

= (0.150)  (0.0698) + (0.0048)  (0.998) 

= 0.0105  + 0.0048 
= 0.0153 

Kd  - 3.75  (figure  4.6.4-1 3a) 

CL  = CL  - CL  (equation  4.6.4-h) 

w P 

= 0.523  - 0.0153 
= 0.508 

— = 0.24  (figure  4.6.4-1 3b) 

€„ 


€ 


e 


cr. 


(equation  4.6.4-i) 


= (0.24)  (0.115)  (5.14°) 
= 0.142° 
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(equation  4.6.4-j) 


t ( (3.14)2  (6.23)  (0,142) 
(180)  (0.508) 


+ 3.75 


= 0.943  [1.0954]  +3.75  [0.01098] 
= 1.074 


CD  \ = (1.074)  (0.016) 

*7  power 

on 


= 0.0172 


Determine  the  total  drag 


power 

on 


power 

off 


+ 


(*s), 


power 

on 


+ 


power 

on 


(equation  4.6.4-k) 


= 0.10  + 0.0085  + 0.0172 


= 0.126 


B.  JET  POWER  EFFECTS  ON  DRAG 

There  are  three  jet  power  effects  on  the  drag  of  an  airplane.  A jet  emanating  from  the  rear  of  a 
fuselage  or  nacelle  has  large  effects  on  both  the  afterbody  drag  and  the  base  drag  of  the  fuselage 
or  nacelle.  The  remaining  two  jet  power  effects  on  drag  can  be  attributed  to  the  lift  force  of  the 
jet  (the  vertical  component  of  the  thrust)  and  the  inlet  normal  force.  (See  Section  4.6.1, 
paragraph  B,  for  additional  discussion.)  These  lift  forces  reduce  the  wing  lift  and  therefore 
reduce  the  wing  drag  due  to  lift. 

Accurate  and  rapid  procedures  for  estimating  the  effects  of  jets  on  base  and  afterbody  drag  are 
not  available.  The  large  number  of  internal-  and  external-flow  variables  and  the  large  number  of 
geometric  variables  pertaining  to  the  nozzle  and  the  afterbody  prevent  the  prediction  of  these 
effects  by  the  use  of  either  simplified  theory  or  empirical  correlation  of  the  available  test  data. 
Therefore,  no  Datcom  method  for  treating  jet  power  effects  on  base  and  afterbody  drag  is  given. 
However,  a brief  discussion  is  given  from  references  2 and  3 presenting  the  salient  aspects  of  the 
flow  elements.  The  major  portion  of  the  discussion  is  taken  from  a method  for  treating  transonic 


and  supersonic  base  drag  due  to  jets  from  reference  3.  (The  complexity  of  the  method  prevents 
its  formulation  into  a Datcom  method.)  Curves  are  presented  that  indicate  the  fiends  of  base 
pressure  with  some  of  the  significant  variables. 

DATCOM  METHOD 


The  Datcom  method  is  composed  of  two  parts.  The  first  part  presents  a discussion  of  the  jet 
power  effects  on  base  and  afterbody  drag.  The  second  part  presents  a method  for  estimating  the 
jet  power  effects  due  to  the  vertical  component  of  thrust  and  the  inlet  normal  force. 

Jet  Power  Effects  on  Base  and  Afterbody  Drag 


The  mathematical  expression  for  base  drag  in  terms  of  base  pressure  may  be  expressed  as 


1 

%oS 


fp*  - Pb  (*,  y)l  dxdy 
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where  Sb  is  the  base  area  and  S is  the  reference  area.  The  base  lies  in  the  XY -plane,  and  the  base 
pressure  pb  may  vary  over  the  base.  For  most  cases,  pj,  is  almost  constant  and  equation  4.6.4-C 
reduces  to 


4.6.4-m 


A plot  of  some  of  the  data  of  reference  2 is  given  in  figure  4.6.4-14  for  the  model  geometry 
sketched  in  the  upper  part  of  the  figure.  The  base-pressure  coefficient  is  presented  as  a function 
of  Mach  number  for  three  ratios  of  jet  total  pressure  to  ambient  pressure.  From  figure  4.6.4-14 
it  can  be  seen  that  the  highest  base-drag  conditions  occur  in  the  transonic  regime. 

The  geometry  and  initial-flow  parameters  for  an  axially  symmetric  boattailed  afterbody  with  a 
nozzle  are  presented  in  figure  4.6.4-15.  Directly  behind  the  base  area  is  a region  of  low-velocity 
air  at  pressure  pt, . The  free-stream  flow  expands  to  this  pressure  pj,  as  it  passes  the  end  of  the 
afterbody.  The  expanded  free-stream  flow  mixes  with  the  low-velocity  air  along  a boundary  until 
it  encounters  flow  from  the  jet.  In  similar  fashion,  flow  from  the  jet  expands  as  it  passes  through 
the  nozzle  exit  plane.  The  flow  mixes  with  the  low-velocity  air  at  the  base  along  some  boundary. 
When  the  external  and  internal  flows  meet,  each  must  go  through  a shock  wave  that  (1)  turns 
the  flows  until  they  are  parallel,  and  (2)  equalizes  the  pressures  of  the  two  flows.  The  external 
flow  and  the  flow  from  the  jet  then  proceed  downstream  v ith  a mixing  zone  lying  between 
them.  A flow  pattern  for  the  above  geometrical  description  is  indicated  in  figure  4.6.4-16  for  a 
supersonic  jet  and  free  stream  at  a ratio  of  total  pressure  to  ambient  pressure  greater  than  2.35. 

The  influence  of  major  design  parameters  on  the  base-pressure  ratio  of  axially  symmetric 
afterbodies  with  jets  is  presented  in  figures  4.6.4-17  through  4.6.4-21.  The  influence  of  free- 
stream  Mach  number  on  afterbody  pressure  is  given  in  figure  4.6.4-17  for  a convergent  nozzle 
with  the  indicated  geometry  and  pressure  conditions.  Figures  4.6.4-18a  and  4.6.4-18b  present  the 
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effects  of  the  ratios  of  jet  total  pressure  to  ambient  pressure  and  of  jet  diameter  to  body 
diameter,  respectively,  on  base  pressure.  In  these  two  figures  the  free-stream  and  exit  Mach 
numbers  are  constant.  For  the  given  free-stream  and  geometric  parameters,  divergence  of  the 
nozzle  significantly  increases  the  base  pressure,  causing  a decrease  in  base  drag.  The  importance 
of  nozzle  divergence  angle  is  shown  in  figure  4.6.4-19. 

The  low-speed  air  at  the  base  of  a boattailed  afterbody  can  interact  with  the  boundary  layer  of 
the  exterior  flow.  If  the  jet  pressure  is  sufficiently  high,  the  interaction  will  increase  the  pressure 
in  the  boundary  layer  on  the  rear  of  the  afterbody,  decreasing  the  afterbody  drag.  Figure 
4.6.4-20  presents  the  probably  favorable  effects  of  boattail  angle  and  nozzle  divergence  angle  on 
both  the  base  pressure  and  afterbody  drag. 

The  unfavorable  effects  on  base  pressure  caused  by  the  flaring  of  an  afterbody  are  presented  in 
figure  4.6.4-21.  The  flared  afterbody  is  also  likely  to  have  more  afterbody  drag  because  of  its 
forward-facing  slopes. 


Jet  Power  Lift  Effects  on  Drag  Due  to  Lift 


The  power-on  drag  due  to  lift  is  obtained  from  the  following  equation: 


(Cd4c...  = (Cu4 

on 


power  L 

off 


C,  - (acl)t  - (*xL 
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is  the 


power 

off 


where  CL  is  the  power-off  lift  coefficient  required  for  the  given  flight  condition,  ^CD  ^ j 
drag  due  to  lift  corresponding  to  CL  obtained  by  the  method  of  Section  4. 1.5.2,  and 


are  found  in  Section  4.6.1. 


Sample  Problem 

The  configuration  used  in  this  sample  problem  is  the  same  as  that  used  in  the  sample  problem  oi 
Section  4.6.1,  paragraph  B. 

Given: 

CL  = 0.75  (ACl)t  - 0.0446  ) 

/AC 


0.00655 


(Section  4,6.1) 


N, 


= 0.16  (Section  4. 1.5.2) 


Compute: 


Determine  the  power-on  drag  due  to  lift 


(c°  ■ CH 


= 0.16 


- (acl)t  - (^cl)n_ 


0.75  - 0.0446  - 0.00655  I2 


= (0.16)  (0.868) 


= 0.139 


(equation  4.6.4-n) 
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4.7  GROUND  EFFECTS  AT  ANGLE  OF  ATTACK 


Methods  are  presented  in  subsequent  sections  for  estimating  ground  effects  in  the  linear-lift  range 
on  lift,  pitching  moment,  and  drag. 

In  order  that  the  Datcom  user  may  better  understand  ground  effects,  a qualitative  discussion 
regarding  various  aspects  of  ground  effects  is  presented. 

Because  of  the  obvious  influence  of  ground  proximity  during  the  takeoff  and  landing  phases,  it  has 
been  the  subject  of  considerable  investigation..  However,  despite  this  consideration,  an  adequate 
amount  of  reliable  ground-effects  data  does  not  appear  in  the  literature.  In  particular,  the  prediction 
of  CLmax>  and  pitching  moment  need  additional  investigation  in  ground  effects. 

The  effects  of  ground  proximity  generally  become  measurable  at  a height  above  the  ground  of  one 
wing-‘7„  i and  increase  in  magnitude  as  the  height  above  the  ground  decreases.  Both  theoretical  and 
experimental  investigations  indicate  that  ground  proximity  produces  an  increase  in  the  lift-curve 
slope,  a decrease  in  drag,  and  a reduction  of  nose-up  pitching  moment  for  most  aircraft  planforms  in 
the  clean  configuration.  However,  high-lift  configurations  deviate  from  this  trend  in  that  the  ground 
effect  tends  to  reduce  the  lift-curve  slope  (Reference  1). 

Wind-tunnel  investigation  of  ground  effects  has  been  approached  by  using  the  following  testing 
techniques:  (1)  fixed  ground  plane,  (2)  moving-belt  ground  plane,  and  (3)  an  image-model  aircraft 
with  respect  to  a fictitious  ground.  The  fixed  ground-plane  technique  provides  the  most 
straightforward  approach  to  simulation.  However,  this  approach  does  not  giva  a true  representation 
of  the  phenomena  because  of  the  lack  of  relative  motion  between  the  ground  plane  and  the  model. 
This  lack  of  motion  permits  a boundary-layer  build-up  on  the  ground  plane  that  introduces  an 
objectionable  component  into  the  simulation.  Moving-belt  ground-plane  simulations  eliminate  this 
undesirable  feature;  however,  not  all  wind  tunnels  offer  this  capability.  The  third  testing  technique, 
the  image-model  approach,  has  the  disadvantage  of  added  cost  and  complexity  of  constructing  and 
installing  a second  model  in  the  tunnel  to  simulate  the  mirror  image  of  the  test  model.  Most 
authorities  tend  to  agree  on  the  relative  advantages  of  these  different  approaches.  As  might  be 
expected,  results  from  these  different  testing  techniques  do  not  predict  identical  results  for  the 
same  configuration.  The  lack  of  agreement  between  various  wind-tunnel  results  is  exemplified  in  the 
comparisons  presented  in  References  3 and  4.  In  addition,  these  wind-tunnel  predictions  do  not 
compare  favorably  with  the  limited  flight-test  results  of  References  3 and  4. 

The  majority  of  the  theoretical  approaches  analyzing  ground  effects  employ  an  image-vortex  theory 
to  represent  the  ground  plane.  The  salient  aspects  of  this  theory  are  discussed  below. 

The  lifting  wing  is  represented  theoretically  by  a bound  vortex  and  two  trailing  vortices.  The  effect 
of  a ground  plane  on  this  “horseshoe”  vortex  system  is  represented  by  placing  a mirror  image  of  the 
vortex  system  two  ground-plane  heights  below  the  vortex  system  representing  the  wing.  The 
resulting  plane  of  symmetry  satisfies  the  boundary  condition  of  zero  vertical  velocity  at  the  ground 
plane.  The  two  vortex  systems  (the  wing-vortex  system  and  the  image-vortex  system)  and  the 
ground  plane  are  illustrated  in  Sketches  (a),  (b),  and  (c). 
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SKETCH  (b) 

THEORETICAL  WING  VORTEX  SYSTEM,  SIDE  VIEW 


WING  VORTEX  SYSTEM 


(Arrows  indicate  direction  of  circulation) 

SKETCH  (c) 


Away  from  the  ground  plane,  the  downwash  of  the  two  trailing  vortices  contributes  to  the  wing 
drag  due  to  lift  by  rotating  the  force  vector  rearward,  as  shown  in  Sketch  (d).  However,  near  the 
ground  plane,  the  trailing  vortices  of  the  image  vortex  system  have  an  upwash  component,  as  shown 
in  Sketch  (c)  and  Sketch  (e)  (Reference  5).  This  upwash  velocity  component  reduces  the  downward 
rotation  of  the  flow  direction  caused  by  the  wing  trailing  vortices,  thus  decreasing  the  wing  drag  due 
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SKETCH  (e) 

GROUND-INDUCED  UPWASH 

to  lift.  The  classical  treatment  of  this  effect  is  given  by  Wieselsberger  in  Reference  6.  Wieselsberger’s 
approach  has  been  extended  in  Reference  7 by  Tani,  Taima,  and  Simidu  to  consider  the  induced 
effects  of  the  image  bound  vortex.  Both  of  these  approaches  are  summarized  in  Reference  8.  As 
indicated  in  the  side  view  of  the  vortex  system  presented  as  Sketch  (b),  the  bound  vortex  of  the 
image-vortex  system  will  reduce  the  longitudinal  velocity  component  at  the  wing  bound  vortex, 
thus  modifying  the  circulation  of  the  wing  bound  vortex.  These  effects  of  the  image  bound-vortex 
system  become  more  predominant  as  the  height  above  the  ground  is  reduced. 

Improved  theoretical  analyses  of  the  effects  of  ground  proximity  have  been  formulated  using 
lifting-surface  theory.  Because  of  the  general  nature  of  lifting-surface  theory,  computer  programs 
have  been  generated  to  facilitate  the  computations.  Reference  9 presents  an  example  of  an 
image-vortex  representation  using  lifting-surface  theory,  generalized  to  apply  to  a straight-tapered 
wing  in  nonviscous  flow. 

The  influence  of  ground  effects  on  the  lateral-control  characteristics  of  aircraft  has  received 
consideration  in  References  10  through  12.  Results  of  Reference  10  suggest  that  ground  effects 
completely  alter  the  basic  lateral  characteristics  of  slender  aircraft  during  the  period  immediately 
preceding  touchdown.  As  a result,  disturbances  in  bank  angle  are  drastically  attenuated  just  prior  to 
aircraft  touchdown. 

The  influence  of  wing-tip  fairings  and  wing-tip  end  plates  is  examined  in  References  13  through  15. 
The  general  effect  of  these  wing-tip  devices  is  an  increase  in  lift-curve  slope  and  a reduction  in 
induced  drag,  which  generally  results  in  a significant  increase  in  the  lift-drag  ratio. 

The  reader  is  referred  to  Reference  16  for  a comprehensive  literature  search  and  survey  of  the 
literature  available  prior  to  1966  in  the  general  field  of  wings  operating  in  ground  effect  and  related 
phenomena.  Comments  are  included  in  this  reference  regarding  some  of  the  papers  published,  along 
with  sketches  of  the  methods  of  approach  taken  by  the  authors.  The  bibliography  presents  sources 
that  consider  the  problem  from  the  theoretical,  experimental,  and/or  applications  points  of  view. 
Tables  are  included  that  provide  a convenient  breakdown  of  the  various  sources,  for  a quicker 
method  of  locating  specific  references  dealing  with  an  area  of  special  interest  to  the  reader. 

A list  of  pertinent  references  is  included  at  the  end  of  this  section,  following  a list  of  notation  used 
in  subsequent  sections. 
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NOTATION 


A 

B 

belT 


b 


f 


bi 


w 


c 


Nn 

Vc^, 

(H 


wing  aspect  ratio 

parameter  accounting  for  change  in  circu)  tion 
effective  wing  span 

effective  span  for  increment  in  load  due  to  flaps 
effective  span  for  unflapped  wing 
wing  mean  aerodynamic  chord 

wing  drag  coefficient, 

qS 

drag  coefficient  due  to  lift 

increment  in  drag  due  to  lift  in  the  presence  of  the  ground 

wing-body  drag  coefficient  in  absence  of  ground  plane 

wing-body  drag  coefficient  in  the  presence  of  the  ground 

zero-lift  drag  coefficient 

wing  lift  coefficient  in  absence  of  ground  plane 

increment  in  lift  coefficient  due  to  flaps  in  absence  of  ground  plane 

wing-body  lift  coefficient  including  flap  effects,  out  of  ground  effect 

empirical  factor  accounting  for  flap  effects  in  the  presence  of  the  ground 

increment  in  lift  coefficient  in  the  presence  of  the  ground 

increment  in  horizontal-tail  lift  coefficient  in  the  presence  of  the  ground 

maximum  lift 

maximum  lift  coefficient, 

qS 
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M>)o 

(Cl»)w, 

Mo 

M)o 

(AC”wb)g 


wing-body  lift  coefficient  in  absence  of  ground  plane 

increment  in  wing-body  lift  coefficient  in  the  presence  of  the  ground 

wing-body  lift-curve  slope 

increase  in  pitching  moment  in  the  presence  of  the  ground 

increase  in  horizontal-tail  pitching  moment  in  the  presence  of  the  ground 

increase  in  wing-body  pitching  moment  in  the  presence  of  the  ground 


Cr. 

b 

H 

H» 

h 


K 


ratio  of  wing  root  chord  to  wing  span 

height  of  quarter-chord  point  of  wing  mean  aerodynamic  chord  above  the  ground 

height  of  quarter-chord  point  of  horizontal-tail  mean  aerodynamic  chord  above  the 
ground 

average  height  above  the  ground  of  the  quarter-chord  point  of  wing  chord  at  75- 
percent  semispan  and  the  three-quarter-chord  point  of  the  wing  root  chord  (see 
sketch  on  Figure  4.7.1-14) 

height  of  the  quarter-chord  point  of  the  wing  root  chord  above  the  ground 
parameter  accounting  for  effective  wing  thickness 


SH  distance  from  moment  reference  center  to  the  quarter-chord  point  of  horizontal-tail 

MAC,  measured  parallel  to  body  center  line 
L 

— - 1 parameter  accounting  for  effect  of  image  bound  vortex  on  lift 

L0 


n 


distance  from  wing  apex  to  moment  reference  center  measured  in  wing  mean 
aerodynamic  chords,  positive  aft 


<4t 

q_ 


-w 


eirective  dynamic-pressure  ratio  at  horizontal  tail 
parameter  accounting  for  effect  of  finite  span 
ratio  of  area  of  horizontal  tail  to  wing  area 
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T 


x 


Ax 

x».c. 

Act 

H= 

e 

M° 

\/4 


parameter  accounting  for  reduction  in  longitudinal  velocity 
ratio  of  maximum  wing  thickness  to  wing  chord 

parameter  accounting  for  effect  of  image  trailing  vortex  on  lift 

the  chordwise  distance  from  the  quarter-chord  point  of  the  75-percent-semispan 
chord  to  the  three-quarter-chord  point  of  the  wing  root  chord,  positive  when  the 
latter  is  aft  of  the  former  (see  Figure  4.7. 1-14) 

distance  from  the  wing  apex  to  the  wing-body  aerodynamic  center,  positive  for  a.c. 
aft  of  wing  apex 

increment  in  angle  of  attack 

wing  angle  of  attack  at  maximum  lift  coefficieni 

increment  in  angle  of  attack  at  a constant  lift  coefficient  in  the  presence  of  the 
ground 

increment  in  angle  of  attack  of  the  horizontal  tail  in  the  presence  of  the  ground 
downwash  angle  out  of  ground  effect 

increment  in  downwash  due  to  ground  effect  in  linear-lift  range 
sweep  angle  of  the  wing  quarter-chord 
Prandtl  interference  coefficient 
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4.7.1  GROUND  EFFECTS  ON  LIFT  VARIATION  WITH  ANGLE  OF  ATTACK 


Methods  are  presented  in  this  section  for  estimating  the  ground  effects  on  lift  in  the  linear-lift 
region.  The  reader  is  referred  to  Section  4.7  for  a basic  discussion  of  various  aspects  of  ground 
effects. 

Representation  of  the  ground  plane  by  an  image-vortex  system  (see  Sketches  (a),  (b),  and  (c)  in 
Section  4.7)  enables  the  ground  effects  on  lift  to  be  identified  (Reference  1)  as  follows:  (l)the 
decrease  in  longitudinal  velocity  at  the  real  wing  due  to  the  reflected  bound  vortex,  (2)  the  change 
in  circulation  about  the  real  wing  due  to  the  reflected  bound  vortex,  (3)  the  increase  in  induced 
upwash  at  the  real  wing  due  to  the  reflected  trailing  vortices,  and  (4)  the  change  in  the  flow  pattern 
due  to  the  finite  thickness  of  the  wing.  The  first  two  effects  are  opposite  and  approximately  equal, 
while  the  effects  of  wing  thickness  are  generally  small.  As  a result,  the  ground  effects  on  lift  can  be 
approximated  by  considering  only  the  increase  in  the  upwash.  This  is  the  approach  taken  in  the 
classical  theoretical  treatment  of  ground  effects  by  Wieselsberger  in  Reference  2.  Wieselsberger’s 
method  of  approach  has  been  extended  in  Reference  3 by  Tani,  Taima,  and  Simidu  to  include  the 
induced  effects  of  the  reflected  bound  vortex  and  of  wing  thickness. 

The  increase  in  aircraft  lift  due  to  ground  proximity  decreases  in  magnitude  as  the  height  above  the 
ground  increases.  Flight-test  data  from  Reference  4,  showing  the  increase  in  lift  due  to  ground 
effects  at  a constant  angle  of  attack  as  a function  of  ground  height,  are  presented  in  Sketches  (a) 
and  (b)  for  the  F5D-!  and  XB-70  airplanes,  respectively.  These  trends  are  representative  of  the 
variation  of  lift  due  to  ground  effects  that  might  be  expected  from  similar  aircraft. 
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Empirical  prediction  methods  have  been  formulated  for  low-aspect-ratio  delta  configurations  in 
References  5,  6,  and  7.  However,  calculated  ground  effects  using  these  methods  do  not  compare 
favorably  with  the  flight-test  data  of  Reference  4.  The  comparisons  indicate  an  inability  to  predict 
accurately  the  variation  of  ground  effect  on  lift  as  the  height  above  the  ground  is  varied. 

The  ground  effects  on  lift  are  determined  somewhat  by  the  planform  of  the  configuration.  For 
low-aspect-ratio  delta  configurations,  the  general  trend  is  a constant  increase  in  C'L  due  to  ground 
effect,  as  shown  in  Sketch  (c)  (Reference  8).  However,  transport-type  configurations  show  quite  a 
different  trend,  as  presented  in  Sketch  (d)  (Reference  8).  This  trend  is  dependent  upon  the  type  of 
high-lift  system  employed.  Computer  programs  utilizing  lifting-surface  thc^.y  are  currently  the 
most  favorable  means  of  evaluating  the  effects  of  various  components  of  high-lift  systems  on  ground 
effects. 
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DATCOM  METHODS 


For  most  vehicles,  calculating  the  change  in  lilt  due  to  ground  effects  consists  of  evaluating  two 
components: 


1 . the  change  in  wing-body  lift 

2.  the  change  in  tail-body  lift  due  to  the  effects  of  downwash 
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The  change  in  tail-body  lift  due  to  the  presence  of  the  ground  is  generally  small  in  comparison  to 
the  downwash  effects  and  is  neglected  in  the  Datcom  methods.  For  canard-type  configurations  the 
change  in  downwash  due  to  ground  effect  should  be  accounted  for  in  the  wing  contribution. 

Both  of  the  Datcom  methods  presented  require  the  user  to  construct  wing-body  and  tail-body  lift 
curves  in  ground  effect  based  on  their  corresponding  free-air  lift  curves.  Equations  are  given  that 
calculate  the  change  in  angie  of  attack  due  to  ground  effect  at  a constant  lift  coefficient.  The 
ground-effect  lift  curves  are  then  constructed  by  shifting  the  free-air  lift  curves  at  every  CL  by  the 
corresponding  increment  in  angle  of  attack  due  to  ground  effect  at  constant  lift  coefficients  (see 
Sketch  (e)). 


SKETCH  ve) 


Method  1 

This  method  estimates  the  ground  effects  on  lift  in  the  linear-lift  range  for  a subsonic  transport 
configuration.  The  methr  in  extension  of  the  Tani  method  of  References  3 and  4 and  includes 
the  effects  of  taper  ratio,  -ep-back,  dihedral,  and  flap  deflection,  while  neglecting  the  effects  of 
wing  thickness  since  they  are  generally  small.  The  wing-flap  effects  are  valid  only  for  split  and 
slotted  flaps  as  they  are  accounted  for  by  empirical  curves.  The  first  term  in  Equation  4.7.1 -a 
accounts  for  the  effects  of  he  trailing  vortex,  the  second  term  for  the  effects  of  the  bound  vortex, 
and  the  third  term  for  v j-flap  effects.  The  method  does  not  account  for  the  effects  of 
wing-leading-edge  devices. 


The  change  in  wing-body  angle  of  attack  at  a constant  lift  coefficient  due  to  ground  effect  with 
respect  to  the  out-of-ground-effect  lift  curve  is  given  by 

(A*,0  - -[9-f-  ♦ (CL[)wbX  - jjA-  (^)(i  - l)  (cL,)„r 


(fif/50  )2 

kr  ^ 

\ 7WB 


(per  deg) 
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where 


A 


is  the  wing  aspect  ratio. 


b 


is  the  ratio  of  wing  root  chord  to  wing  span. 


is  the  wing-body  lift  coefficient  including  flap  effects,  out  of  ground  effect, 
obtained  from  test  data  or  Section  4.3.1  and  Section  6. 1.4.1. 


x accounts  for  the  effects  on  lift  due  to  the  image  trailing  vortex  and  is  obtained 

from.  Figure  4.7.1-14  as  a function  of  wing  geometry  and  the  wing  height  above 
the  ground. 

/CL  J is  the  wing-body  lift-curve  slope,  per  degree,  out  of  ground  effect,  obtained 

WB  from  test  data  or  Section  4.3. 1 .2. 


— - 1 accounts  for  the  effects  on  lift  due  to  the  image  bound  vortex  and  is  obtained 

0 from  Figure  4.7.1-15  as  a function  of  wing  geometry,  lift  coefficient,  and  the 

height  of  the  quarter-chord  point  of  the  wing  root  chord  above  the  ground. 

r accounts  for  the  effect  of  finite  span  and  is  obtained  from  Figure  4.7. 1 -1 6 as  a 

function  of  wing  height  above  the  ground. 

A/ACl\  ^ is  an  empirical  factor  to  account  for  the  effect  of  flaps  and  is  obtained  from 
' Figure  4.7.1-17  as  a function  of  the  height  of  the  quarter-chord  point  of  the 

wing  root  chord  above  the  ground. 


In  the  linear-lift  region,  the  change  in  downwash  (a  decrease)  on  the  tail-body  due  to  ground  effects 
is  derived  theoretically  by  representing  the  ground  plane  as  an  image-vortex  system.  A modification 
to  the  method  of  Reference  9 is  given  in  Reference  10,  wherein  certain  geometric  terms  are 
redefined.  This  modified  method  is  the  method  presented  in  the  Datcom.  The  change  (a  decrease) 
in  tail-body  downwash  due  to  ground  effects  in  the  linear-lift  range  is  given  by 


(^)g 


beff2  + 4(Hh  - H)2' 

-beff2+4(HH  + H>2- 
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where 

(Ae)c  is  the  difference  between  the  downwash  in  free  air  and  the  downwash  in 

ground  effect. 

e is  the  downwash  out  of  ground  effect. 

H is  the  height  of  c/4  of  the  wing  above  the  ground. 

Hh  is  the  height  of  c/4  of  the  horizontal  tail  above  the  ground. 
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is  the  effective  wing  span  defined  as 


where 


C.  + AC, 


b\v  b' 


4.7.1-c 


is  the  wing-body  lift  coefficient,  flaps  retracted,  out  of  ground 
effect,  obtained  from  test  data  or  Section  4.3.1. 


is  the  change  in  lift  coefficient  due  to  flaps,  out  of  ground 
effect,  obtained  from  test  data  or  Section  6. 1.4.1. 


*-(£) 
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*-©(*) 
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b; 

The  i iio  — - is  given  in  Figure  4.7.  l-!8a  as  a function  of  taper  ratio  and 

w . 

aspect  ratio,  and  — *s  &ven  in  Figure  4.7.1-18b  as  a function  of  the  ratio 
of  flap  span  to  wing  span. 


The  horizontal-tail  lift  curve  in  ground  effect  is  constructed  by  shifting  the  free-air  lift  curve  at 
every  CL  by  the  corresponding  -(Ae)c , i.e., 

(A«h)g  - — (Ae)G  4.7. 1-f 

Method  2 

This  method  estimates  the  ground  effects  on  wing-body  lift  in  the  linear-lift  range  for  all 
configurations  not  included  in  Method  1.  The  method  is  Tani’s  method  from  References  3 and  1 1, 
modified  to  include  the  effects  of  dihedral.  The  change  in  wing-body  angle  of  attack  due  to  ground 
effects  with  respect  to  the  out-of-ground-effect  lift  curve  is  given  by 


where 


a is  Prandtl’s  interference  coefficient  from  multiplane  theory  and  is  obtained 

from  Figure  4.7.1 -19  as  a function  of  wing  height  above  the  ground. 

r accounts  for  the  effect  of  finite  span  and  is  obtained  from  Figure  4.7.1-16  as  a 

function  of  wing  height  above  the  ground. 

T accounts  for  the  reduction  of  the  longitudinal  velocity  and  is  obtained  from 

Figure  4.7. 1 -20  as  a function  of  wing  height  above  the  ground. 

B accounts  for  the  change  in  circulation  and  is  obtained  from  Figure  4.7,1-21  as  a 

function  of  wing  height  above  the  ground. 

K accounts  for  the  effective  wing  thickness  and  is  obtained  from  Figure  4.7.1-22 

as  a function  of  wing  height  above  the  ground. 


is  the  wing-body  lift-curve  slope,  per  degree,  out  of  ground  effect,  obtained 
from  test  data  or  Section  4.3. 1.2. 


is  the  ratio  of  maximum  wing  thickness  to  wing  chord. 


is  the  wing-body  lift  coefficient  including  flap  effects,  out  of  ground  effect, 
obtained  from  test  data  or  Section  4.3.1  and  Section  6.1.4. 1, 


The  change  in  lift  on  the  horizontal  tail  due  to  ground  effect  is  accounted  for  in  the  same  manner  as 
in  Method  1 above. 


Sample  Problems 


1.  Method  1 


Given:  a jet-transport  configuration 
Wing  Characteristics: 


A = 6.8 

X = 0.30 

H - 158  in. 


cr 

— = 0.291 
b 

b = 1864.4  in. 


hcr/4 


0.29 


br 

— = 0.54 
b 


0.078  per  deg  (test  data) 


Ac/4  = 35° 


6f  = 50° 


_h_ 

b/2 


0.168 
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Slotted  flaps 


Ax 

b/2 


0.04 


From  wind-tunnel-test  data  (out  of  ground  effect): 


a 

(<*•«) 

0 

2 

4 

l~'  ’ 

6 

8 

10 

(CL,)w9 
(with  flap*) 

1.19 

1.36 

1.S0 

1.66 

1.82 

1i>6 

C«-WB 

(without  flaps) 

0.18 

0.34 

0.49 

0.66 

0.81 

0.97 

1.01 

— 

1.01 

1.01 

1.01 

1.01 

099 

Tail  Characteristics: 

ct 

A = 3.79  — = 0.386  Ac/4  = 35° 

iH  = -6°  IIH  = 233.7  cos  a - 664.1  sin  a 

From  wind-tunnel-test  data  (out  of  ground  effect): 


4 

(d*g> 

0 
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8 

10 

c. 

*-H 

-0.606 

-0.638 

—0.476 

-0.416 

-0.360 

-0.300 

4 

6.1 

6.0 

99 

79 

89 

9.7 

SH 

“ = 0.377 


Compute:  The  change  in  wing-body  lift  due  to  ground  effect 
x = 0.56  (Figure  4.7.1-14) 

57.3  CL  57.3  CL 


2ir  cos2  Ac/4  (6.28)  (0.67 1 ) 


= 13.6  CL 


Inc  in-ground-effect  lift  curve  can  be  constructed  and  is  shown  in  Sketch  (f).  A comparison  of  the 
predicted  lift  curve  to  wind-tunnel-test  data  is  shown  in  Sketch  (g). 
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SKETCH  (g) 


Compute  the  change  in  downwash  at  the  horizontal  tail  due  to  ground  effect 


- 0.725  (Figure  4.7.1 -18a) 


rr  - 0.70  (Figure  4.7. 1-1 8b) 
•>w 


b (Equation  4.7.1 -d) 


= (0.725)  (1864.4) 


s 1352  in. 


bt  SUTAT)b  (equation  4./.1-C) 


* (0.70)  (0.725)  (1864.4) 
= 946  in. 


ClWb  + AC^r 
b'ff  " r ac 

6lwb  A(-t{ 


(Equation  4.7. 1 -c ) 
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1.01 

1049 
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0.65 

1.01 
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8 

0,81 

1.01 

1092 

10 

0.97 

0.99 

1111 

The  height  of  the  quarter-chord  of  the  horizontal-tail  MAC  above  the  ground  is  calculated  by 
hH  = 233.7  cos  a - 664.1  sin  a 


n 

0 

2 



4 

6 

c 

I 

X 

233.7 

210.3 

186.6 

163.1 

138.7  114.8 


V + 4(hh  -h>21 

(Ae)r  =e (Equation  4.7. 1-b) 

Lbeff 2 + 4(H„  + H)2J 


(AaH)G  = 


-(Ac)g  (Equation  4.7. 1-f) 


0 1 

beff 

H 

(deg) 

(In.) 

(in.) 

0 

991 

158.0 
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1023 

158.0 
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1049 

158.0 

6 

1072 

158.0 

8 

1092 

158.0 

10 

1111 

158.0 

€ 

<Ae)Q 

<a“h>g 

(deg) 

(deg) 

(deg) 

6.1 

3.21 

-3.21 

6.0 

3.99 

-3.99 

6.9 

4.83 

-4.83 

7.8 

5.74 

-5.74 

8.8 

6.80 

-6.80 

9.7 

7.86 

-7.86 
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The  in-ground-effect  lift  curve  can  be  constructed  for  ii{  ~ -6°  and  is  shown  in  Sketch  (h).  No  test 
data  are  available  for  comparison. 


2.  Method  2 
Given:  the  F5D-1  aircraft 
Wing  Characteristics: 

h h 

A - 2.02  ~ = 0.329  — - = 0.36 

c b/2 


From  wind-tunnel-test  data: 


0.0363  per  degree 
(test  data) 


a 

(dog) 

O 

2 

4 

6 

8 

10 

12 

14 

18 

Clwb 
(fr«  air) 

-0.023 

0.048 

0.12 

0.184 

0.267 

0.34 

0.418 

0.496 

0,672 
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Compute: 


a = 0.322 
r = 0.703 
K = 4.6 
T = 6.06 


(Figure  4.7. 1-19) 
(Figure  4.7.1-16) 
(Figure  4.7.1-22) 
(Figure  4.7.1-20) 


8 (dag I 

(rig.  4.7.1-21) 


-0.023  0.048  0.12  0.194  0.267  0.34  0.418  0.495  0.572 


0.1?  0.30  0.50  0.68  0.86  1.04  1.21  1,41 


Solution: 


(A  a)G  = -18.24 


(H»°  rTN)w,2  ,, 

“~A  + 57.^"  - rB  + K(lL  (E<,Ua,i0n  4'7',-g) 


© © 


or 

(dffl) 

C*"WB 
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14 

0.495 
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(Eq.  4.7.1 -g) 
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- 

0.23 
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0.0047 

-0.0844 

0.23 

-0.349 
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-0.211 

0.23 

-0.564 

0.0771 

-0.352 

0.23 

-0.776 

0.143 

-0.478 

0.23 

-0.989 

0.237 

-0.605 

0.23 

-1.216 

0.358 

-0,731 

0.23 

-1.440 

0.502 

-0,851 

0.23 

-1.663 

0.670 

-0.991 

0.23 

0.298 
0.010 
-0.300 
-0.609 
~0  378 
—1.127 
-1.359 
-1.559 
-1.754 


The  calculated  F5D-1  lift  curve  in  ground  effect  is  now  constructed  in  Sketch  (i)  by  shifting  the 
free-air  lift  curve  at  every  CL  by  the  corresponding  (Aa)c  . A comparison  of  the  predicted  lift 
curve  to  wind-tunnel-test  data  is  shown  in  Sketch  (j). 
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FIGURE  4.7.1-19  PRANDTL'S  INTERFERENCE  COEFFICIENT  — INDICATIVE  OF 
VARIATION  IN  INDUCED  VERTICAL  VELOCITY  WITH 
GROUND  HEIGHT 
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FIGURE  4,7.1-21  PARAMETER  ACCOUNTING  FOR  VARIATION  IN  CIRCULATION 
WITH  LIFT  AND  HEIGHT  ABOVE  GROUND 
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FIGURE  4.7.1-22  PARAMETER  ACCOUNTING  FOR  INFLUENCE  OF  WING 
THICKNESS  DUE  TO  HEIGHT  ABOVE  GROUND 
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4.7 .3  GROUND  EFFECTS  ON  PITCHING-MOMENT  VARIATION 
WITH  ANGLE  OF  ATT  ACK 


A method  is  presented  in  this  section  for  estimating  the  ground  effects  on  pitching  moment  in  the 
linear-lift  region.  The  reader  is  referred  to  Section  4.7  foi  a basic  discussion  of  various  aspects  of 
ground  effects. 

The  change  in  pitching  moment  due  to  ground  effects  is  due  primarily  to  the  change  in  lift  on  the 
horizontal  tail,  which  in  most  cases  can  be  attributed  to  the  change  in  downwash.  An  additional 
pitching-moment  increment  is  produced  by  the  increased  lift  on  the  wing  and  any  possible  shift  in 
the  aerodynamic  center  due  to  ground  effect. 

DATCOM  METHOD 

The  method  presented  herein  is  based  upon  the  lift  estimates  of  Section  4.7.1.  The  method  assumes 
no  change  in  the  location  of  the  wing  aerodynamic  center  due  to  ground  effects.  The  total  change  in 
pitching-moment  coefficient  due  to  ground  effects  is  the  sum  of  the  changes  of  the  horizontal-tail- 
body  and  wing-body  pitching-moment  components,  based  on  the  product  of  wing  area  and  wing 
MAC,  and  is  expressed  as 

Mo  ■ M)o + N»)c 

The  change  in  pitching-moment  coefficient  of  the  horizontal-tail-body  due  to  ground  effects  may  be 
expressed  as 


where 


(ACmH)G  (AClh)g  c 


Qh 
Sw  q» 
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/ACl\  is  the  change  in  lift  on  the  horizontal-tail-body  at  a given  angle  of  attack  due  to 
' > G ground  effect,  based  on  the  horizontal-tail  area,  and  is  found  from  the  tail-body 

lift  curves  constructed  by  using  Section  4.7.1 . 

fiH  is  the  distance  from  the  quarter-chord  point  of  the  horizontal-tail  MAC  to  the 

moment  reference  center,  measured  parallel  to  the  body  center  line. 

c is  the  wing  mean  aerodynamic  chord. 


SH 


is  the  ratio  of  horizontal-tail  area  to  wing  area. 


Th 

Q- 


is  the  effective  dynamic-pressure  ratio  at  the  horizontal  tail,  obtained  from 
Section  4.4.1. 
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Tiio  change  in  pitching-moment  coefficient  of  the  wing-body  due  to  ground  effects  may  be 
expressed  as 


(AC  \ = 

/ Vc.  > 

1 n - 

I /Ac,  \ 

V C , 

1 \ Lwiy 

is  the  distance  from  the  wing  apex  to  the  desired  moment  reference  center 
measured  in  wing  mean  aerodynamic  chords,  positive  aft. 

is  the  wing-body  aerodynamic  center  location  measured  from  the  wing  apex, 
positive  for  a.c.  aft  of  wing  apex,  obtained  from  Section  4. 3. 2.2. 

is  the  wing  mean  aerodynamic  chord. 

is  the  change  in  lift  due  to  ground  effect  on  the  wing-body  and  is  found  from 
the  wing-body  lift  curves  constructed  by  using  Section  4.7.1. 

Sample  Problem 

Given:  Same  jet-transport  configuration  as  Sample  Problem  1 of  Section  4.7.1 . 

Wing-Body  Characteristics. 

*a.c. 

— = 1.182  n = 1.242 

c 

From  Sample  Problem  1 of  Section  4.7.1 : 


where 


a 

(<*g> 

0 

2 

4 

6 

8 

10 

0.04 

0.01 

-0.025 

-0.06 

-0.09 

-0.11 

Tail  Characteristics: 


— = 2.43 
c 


— = 0.377 
Sw 


SlH 

<1.. 


= 0,95 


From  Sample  Problem  1 of  Section  4.7.1: 


a 

0 

2 

4 

6 

8 

10 

(Ni 

0.255 

0.305 

0.355 

0.416 

0.47  0 

0.530 

4.7. 3-2 


Compute: 


£jj  SH 

(AC-h)g  * ~(AChl)c  T g;  ^ (Equation  4.7.3-b) 

■ -(AClh)g  (2.43)  (0.377)  (0.95) 

* -°'870  (4C4,)G 


a 

<<**) 


(*H 


-0.222 


-0.266 


-0.300 


-0.361 


-0.406 


10 


-0.461 


(AC«"wb)g  ■ (n  - ~t)  f^wojc  (Equation  4.7.3-c) 

= (1.242  - 1.182)  (AClwBjc 

“ (0  06)  (ACiwb)c 


A 

4d*e> 

r n 

o ! 

2 

4 

8 

1 

8 

(AC,"wb)0 

*1 

0.0024 

i ! 

0.0006 

-0.0015 

-0.0036 

-0.0064  -0.0068 

Solution: 

r-)o = 


No  test  data  are  available  for  comparison. 


(ACmH)G  + (ACmwg)c  (Equation  4.7.3-a) 


a 


(AC"')c 


-0.220 


-0.264 


-0.31 1 


-0.366 


-0,414 


10 


0.468 
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4.7.4  GROUND  EFFECTS  ON  DRAG  AT  ANGLE  OF  ATTACK 


In  this  section,  methods  are  presented  for  estimating  the  ground  effects  on  drag  in  the  linear-lift 
region.  The  reader  is  referred  to  Section  4.7  for  a basic  discussion  of  various  aspects  of  ground 
effects. 

The  drag  of  a vehicle  in  the  presence  of  a ground  plane  is  affected  in  three  ways. 

1.  The  drag  due  to  lift  is  decreased. 

2.  A change  in  the  drag  at  zero  lift  is  also  experienced,  but  is  small  relative  to  the  change  in 
drag  due  to  lift. 

3.  The  presence  of  a ground  plane  introduces  a pitchmg-moment  increment  (Section  4.7.3), 
which  changes  the  drag  due  to  lift  of  the  trimmed  vehicle. 

The.  second  effect  is  ignored  in  most  calculations  and  is  not  presented  in  the  Datcom. 

Two  methods  are  presented  to  determine  the  reduction  in  drag  due  to  lift  in  the  presence  of  the 
ground.  Both  methods  are  based  on  an  image-vortex  representation  of  the  ground  plane  (see 
Sketches  (a),  (b),  (c),  and  (d)  in  Section  4.7).  The  method  of  Wieselsberger  from  Reference  1 
considers  only  the  effects  of  the  bound  image  vortex.  However,  the  method  of  Tani  (References  2 
and  3)  considers  the  effects  of  both  the  bound  and  trailing  image  vorflees. 

The  change  in  drag  due  to  lift  resulting  from  trimming  the  pitching-moment  increment  due  to 
ground  effect  consists  of  a synthesis  of  material  presented  in  other  sections. 

DATCOM  METHODS 

Change  in  Trim  Drag  Due  to  Ground  Plane 

Procedures  for  calculating  the  drag  increment  due  to  longitudinally  trimming  a vehicle  are  presented 
in  Section  4.5 .3.2.  To  determine  trim  drag  in  ground  effect,  the  pitching-moment  increment  due  to 
ground  effect  (ACm)e  of  Equation  4.7, 3-a  is  added  to  the  vehicle  pitching  moment  out  of  ground 
effect.  The  combined  pitching  moment  is  then  used  in  the  standard  procedure  for  determining  trim 
drag  out  of  ground  effect  (Section  4.5.3. 2). 

Change,  Due  to  Ground  Effect,  of  Drag  Due  to  Lift  of  the  Wing 

According  to  Reference  3,  the  two  methods  presented  herein  for  predicting  ground  effects  on  drag 
due  to  lift  give  nearly  identical  results  at  moderate  to  large  ground  heights.  Therefore,  Method  1 is 
preferred  for  its  simplicity.  At  ground  heights  within  the  approximate  range  0.3  > h/b  > 0 
however,  Method  2 should  be  used,  since  its  accuracy  is  significantly  better  than  that  of  Method  1 
in  this  range.  Both  methods  have  been  modified  slightly  to  include  the  effects  of  wing  dihedral. 


Neither  Method  1 nor  Method  2 is  very  successful  in  estimating  ground  effects  on  drag  with  flaps 
down.  At  low  heights  above  the  ground,  Method  2 gives  results  closer  to  experimental  data  than 
does  Method  1.  although  both  methods  underestimate  the  reduction  of  drag  in  ground  effect.  At 
intermediate  heights  above  the  ground,  the  two  methods  yield  nearly  equivalent  results. 

Method  1 

The  change  in  wing  drag  due  to  lift  caused  by  ground  effect  as  determined  by  Wieselsberger 
(Reference  1)  is  given  by 


4.7 .4-a 


where 


o is  Prandtl’s  interference  coefficient  from  multiplane  theory  and  is  obtained  from 
Figure  4.7.1-19  as  a function  of  wing  height  above  the  ground. 

CL  is  the  lift  coefficient  of  the  wing  out  of  ground  effect,  obtained  from  test  data  or 
estimated  by  using  the  method  of  Section  4. 1 .3.3. 

A is  the  wing  aspect  ratio. 


The  total  drag  of  a wing-body  configuration  in  ground  effect  is  then  given  by 


(Cdwb)g  = C°wb  + (ACdl){ 


4.7. 4-b 


where  Cpw  B is  the  total  drag  coefficient  of  the  wing-body  configuration  out  of  ground  effect 
obtained  from  test  data  or  Section  4.3. 3.2,  and  /ACDLjG  is  obtained  by  using  either 
Method  1 or  2.  ^ 

Method  2 


The  reduction  in  drag  due  to  lift  as  determined  by  the  method  of  Tani  (References  2 and  3)  is  given 

by 


, QCL^,TCL 
VD  jtA  / 57.3 
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where 


Cjj  is  the  wing-alone  drag  coefficient  corresponding  to  CL  out  of  ground  effect,  obtained 
from  test  data  or  estimated  by  the  method  of  Section  4. 1.5. 2,  i.e.,  ^Cd0  + Cp  . 

r accounts  for  the  condition  of  finite  span  and  is  obtained  from  Figure  4.7.1-16  as  a 
function  of  wing  height  above  the  ground. 


T accounts  for  the  reduction  of  the  longitudinal  velocity  and  is  obtained  from  Fig- 
ure 4.7. 1 -20  as  a function  of  wing  height  above  the  ground. 

All  remaining  parameters  haw  been  defined  in  Method  1 above. 

The  total  drag  of  a wing-body  configuration  in  ground  effect  is  calculated  by  using  the  procedure  in. 
Method  1 above;  i.e., 

(C°»b)0  - C°«.  + (iCV)c  4-7-4-b 

The  sample  problems  presented  below  illustrate  the  use  of  both  Methods  1 and  2 applied  to  a 
wing-alone  configuration.  It  should  be  noted  that,  in  applying  Method  2 to  a wing-body 
configuration,  the  value  of  CD  in  Equation  4.7.4-c  is  that  of  the  wing  alone.  If  no  test  data  are 
available  for  the  particular  configuration,  the  wing  drag  may  be  estimated  by  using  the  method  of 
Section  4. 1.5. 2,  as  noted  previously.  On  the  other  hand,  if  only  wing-body  test  data  are  available,  it 
is  suggested  that  the  wing-body  result  be  used  instead  of  attempting  to  estimate  a wing-alone  value. 


Sample  Problems 

1.  Method  1 

Given:  The  sweptback  wing  of  Reference  4 
Wing  Characteristics: 

A = 4.01  b = 11.375  ft  c=  2.89  ft  Ac/4  = 40° 

Additional  Characteristics: 
h = 1.97  ft 

The  following  drag  variation  with  lift  (out  of  ground  effect)  from  Reference  4: 


CL 

■ . ■<— — 

0.10 

0.20 

0.40 

0.60 

0.70 

0.80 

CD 

Wing  Alon* 

0.0063 

0.0003 

00220 

0.0400 

0.0600 

00660 

Compute: 

h/(b/2)  = (2)  (1.97)/ 11. 375  = 0.346 
a = 0.33  (Figure  4.7. 1-19) 
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Solution: 


oCL2 

ACD  \ = - (Equation  4.7.4-a) 

L /G  trA 


0.33  Ct2 

(Tmh^oT) 


The  calculated  results  are  compared  with  test  values  from  Reference  4 in  Sketch  (a). 
2.  Method  2 

Given:  The  same  configuration  as  that  of  Sample  Problem  1 
Compute: 

<?CL2 

= 0.0262  CL2  (see  Sample  Problem  1) 

rrA 

r = 0.712  (Figure  4.7. 1-16) 

T = 3.24  (Figure  4.7.1-20) 
rT  = (0.7  12)  (3.24)  = 2.31 
Solution. 

°ci2  / aCL2\  iTCl 

(A Cn.  ) = - — 7“  - CD  - ~ ~ — 7 (Equation  4.7.4-c) 


= -0.0262  CL2  - (CD  - 0.0262  CL2j  (0.0403)  CL 


o 

0 

© 

© 

0 

O 

Co 

cCL2 

(c 

/ oCL2\rTCL 

Cl 

Wing  Alone 

c ^ 

wA 

0.0262  (?) 

\C°~  .A  / 
0 - © 

\C°  *A  / 57.3 
0.0403  00 

(Eq.  4.7.4-C) 
-0-@ 
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0.0053 

0.01 

••7003 

0.0050 

0.00002 

-0.0003 

0.20 

0,0093 

0.04 

0.0010 

0.0083 

0.0001 

-0.0011 

0.40 

0.0220 

0.16 

0.0042 

0.0178 

0.0003 

-0.0045 

0.60 

0.0400 

0.36 

0.0094 

0.0306 

0.0007 

-0.0101 

0.70 

0.0600 

0.49 

0.0128 

0.0372 

0.0011 

-0.0139 

0.80 

0.0650 

0.64 

0.0168 

— 

0.0482 

0.0016 

-0.0184 

The  calculated  results  are  compared  with  test  values  from  Reference  4 in  Sketch  (a). 


SKETCH  (a) 
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4.8  LOW-ASPECT-RATIO  WINGS  AND  WING-BODY 
COMBINATIONS  AT  ANGLE  OF  ATTACK 


During  recent  years  much  work  has  been  done  on  problems  associated  with  the  design  and  operation  of 
advanced  flight  vehicles.  These  vehicles  include  re-entry  configurations  and  those  designed  for  hypersonic 
cruise.  The  requirement  that  these  vehicles  operate  within  the  atmosphere  at  hypersonic  speeds  necessitates 
the  use  of  configurations  that  are  not  well  suited  for  subsonic  flight  at  low  altitudes.  The  configurations 
proposed  for  this  type  of  mission  feature,  for  the  most  part,  extremely  low  aspect  ratios  of  the  order  of  two 
or  less,  and  thick,  generously-rounded  lifting  surfaces.  These  configurations  also  often  have  large  blunt 
bases. 

The  subsonic  flow  about  these  vehicles  is  extremely  complex,  so  much  so  that  in  most  cases  the  use  of 
available  theoretical  methods  does  not  result  in  satisfactory  estimates  of  the  aerodynamic  characteristics  for 
this  type  of  vehicle.  The  methods  presented  in  this  section  for  estimating  the  aerodynamic  characteristics  of 
advanced  flight  vehicles  at  subsonic  speeds  are  necessarily  semiempirical  in  nature.  The  methods  are  based 
on  test  data,  which  have  been  correlated  with  the  aid  of  the  extension  of  available  theory.  A large  portion 
of  the  material  is  related  to  delta  and  modified-delta  configurations,  since  a major  portion  of  the  pertinent 
theory  and  test  results  relate  to  these  planforms. 

In  the  following  group  of  sections  (4.8.1 , 4.8.2,  and  4.8.3)  methods  are  presented  for  estimating  the  normal 
force,  axial  force,  and  pitching  moment  on  specific  types  of  advanced  flight  vehicles  at  angles  of  attack  up 
to  200. 

The  aerodynamic  forces  acting  on  the  vehicle  are  illustrated  in  figure  4.8-12.  In  the  lift  axis  system,  the 
force  is  resolved  into  components  perpendicular  to  and  parallel  to  the  free  stream,  called  the  lift  and  drag, 
respectively.  In  the  normal-force  axis  system,  the  force  is  resolved  into  components  perpendicular  to  and 
parallel  to  the  zero-normal-force  reference  plane,  called  the  normal  force  and  axial  force,  respectively.  For 
unsymmetrical  configurations  the  zero-normal-force  reference  plane  is  inclined  at  some  angle  aN  0 to  the 
body  horizontal  plane.  The  body  horizontal  plane  passes  through  the  most  forward  point  on  the  vehicle 
nose  and  its  inclination  to  the  free  stream  defines  the  angle  of  attack  a in  the  familiar  lift  axis  system  (see 
figure  4.8-12).  The  normal-force  and  axial-force  coefficients  and  the  angle  of  attack  of  unsymmetrical 
configurations  are  designated  as  Cn  ',  Cx  ',  and  a',  respectively.  For  symmetrical  configurations  Q!n0  = 0 
and  a'  = a,  and  the  zero-normal-force  reference  plane  coincides  with  the  body  horizontal  plane  of 
symmetry.  For  symmetrical  configurations  the  normal-force  and  axial-force  ceofficients  are  designated 
as  Cn  and  Cx , respectively. 

The  equations  relating  lift,  drag,  normal  force,  and  axial  force  are  as  follows: 

For  unsymmetrical  configurations 
Cjj  - = CL  cos  a ' + CD  sin  a ' 

Cx-  =-CD  cos  a'  + CL  sin  a ' 

CL  = Cj^'cosa'  + Cx-sin  a' 

Cn  =~CY  * cos  a'  + C ,sin  a' 
ox  N 
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For  symmetrical  configurations  (symmetry  about  the  Z = 0 plane) 

Cjj  = CL  cos  a + CD  sin  a 

Cx  =-CD  cos  a + CL  sin  a 
CL  - CN  cos  a + Cx  sin  a 
CD  =-~Cx  cos  a + CN  sin  a 

The  pitching-moment  coefficient  at  a specified  angle  is  independent  of  the  axis  system. 

The  normal-force  axis  system  is  used  throughout  the  following  group  of  sections,  since  it  was  found  to  be 
more  convenient  in  the  correlation  of  the  available  test  data. 

Many  of  the  available  test  results  do  not  separate  the  base  pressure  from  other  aerodynamic  forces. 
Therefore,  the  total  axial  force  is  analyzed  in  Section  4.8.2  by  separating  it  into  a component  produced  by 
base  pressure  plus  a component  related  to  the  viscous  forces  acting  on  areas  other  than  the  base. 

A general  notation  list  is  included  in  this  section  for  all  sections  included  under  Section  4.8. 

Sketches  showing  planform  geometry  for  nearly  all  the  configurations  analyzed  in  Sections  4.8.1 .1  through 
4.8. 3.2  are  presented  in  table  4.8-A. 


NOTATION 

SYMBOL 

DEFINITION 

SECTION 

A 

aspect  ratio  of  surface 

4.8.1. 2 

4.8. 2. 2 

4.8. 3. 2 

B 

...  tan  $ 

blunting  parameter,  

v/  tan2  0 + 2 

4.8. 3.2 

b 

surface  span 

4.8.1. 2 

4.8. 2.2 
'•.8.3.2 

bb 

maximum  span  of  base 

4.8.2. 1 

4.8.2. 2 

Cr 

surface  root  chord 

4.8.1. 2 

4.8. 3. 2 

hb 

maximum  height  of  base 

4.8.1. 1 

4.8.2. 1 

4.8. 2. 2 
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SYMBOL 


DEFINITION 


SECTION 


i 


B 


M 


N' 

P 

‘loo 


s 


s* 

Sf 


s 


»f 


v 


X 


total  length  of  body  4.8. 1.1 

4.8.2. 1 

Mach  number  4.8. 1.2 

4.8. 2. 2 

4.8. 3. 2 

normal  force,  perpendicular  to  zero-normal-force  reference  plane  4.8.2. 2 
(unsymmetrical  configuration) 

perimeter  of  base  (see  figure  4.8.2. 1- 7a)  4.8.2. 1 

free-stream  dynamic  pressure  4.8.2. 2 

Reynolds  number  4.8. 1.2 

4.8. 2. 2 

4.8.3. 2 

effective  radius  of  round  leading-edged  wing,  perpendicular  to  leading  4.8. 1.2 

edge  at  cr/3  from  the  nose  (see  figure  4.8. 1.2- lib)  4.8. 2. 2 

planform  area  4.8. 1.2 


4.8.2. 1 

4.8. 2. 2 

4.8.3. 2 


base  area  4.8.2. 1 

4.8. 2. 2 

projected  frontal  area  perpendicular  to  zero-normal-force  reference  4.8. 1.2 

plane  4.8. 2. 2 

4.8. 3. 2 

reference  area  4.8. 1,2 

4.8.2. 1 

4.8. 2. 2 


wetted  area,  excluding  base  area 


free-stream  velocity 


blunting  parameter, 


4 tan  $ 
V A 


4.8.2. 1 

4.8. 1.1 


4.8. 3. 2 


axial  force  parallel  to  zero-normal-force  reference  plane  (unsymmetri-  4.8. 2. 2 

cal  configuration) 


4.8-3 


SYMBOL 


DEFINITION 


SECTION 


calculated  value  of  parameter  at  a'  = 20° 


x 


c.p. 


(Xc.p.)A 

A(Xc-P.)b 

A(Xc.p)t 


z 


a 


a 


a 


o 


*1 


8 


e 


J. 


8 


L 


1 


e 


chordwise  distance  from  the  wing  apex  to  the  wing  center  of  pressure, 
positive  for  c.p.  aft  of  apex 

value  of  parameter  for  thin,  pointed-nose  delta  wing 

shift  in  thin  delta  wing  c.p.  due  to  nose  blunting 

shift  in  pointed-nose  delta  wing  c.p.  due  to  wing  thickness 


axial  distance  from  the  body  nose  to  the  chosen  moment  center 

vertical  distance,  measured  normal  to  the  body  horizontal  plane, 
between  the  centroid  of  the  base  area  and  the  body  horizontal  plane, 
positive  as  shown  in  figure  4.8-12 

normal-force  non-linearity  parameter 

angle  of  attack,  positive  nose  up 

angle  of  attack  at  zero  normal  force 


angle  of  attack  measured  from  zero-normal-force  reference  plane, 

a - aN  (see  figure  4.8-12) 

"o 

angle  of  attack  at  zero  lift 

total  wedge  angle  of  sharp-leading-edged  wing,  perpendicular  to  leading 
edge  at  cr/3  from  nose  (see  figure  4. 8. 1.2-1  la) 

effective  wedge  angle  of  sharp-leading-edged  wing,  perpendicular  to 
leading  edge  at  cr/3  from  nose  (see  figure  4. 8.1.2- 1 la) 

average  lower-surface  angle  of  sharp  leading-edged  wing,  perpendicular 
to  wing  leading  edge  at  cf/3  from  nose  (see  figure  4. 8. 1.2-1  la) 

lower-surface  angle  of  round-leading-edged  wing,  perpendicular  to  wing 
leading  edge  at  cf/3  from  nose  (see  figure  4.8. 1.2-1  lb) 

wing  semiapex  angle 


4.8. 2. 2 

4.8.3. 2 

4.8. 3. 2 

4. 8. 3. 2 

4.8.3. 2 

4.8. 3. 2 

4.8.1. 1 

4.8.1. 2 
4.8. 1.1 

4.8.1. 1 

4.8.3. 1 

4.8. 1.1 

4.8. 2. 2 

4. 8. 3. 2 

4.8. 1.1 

4.8. 1.2 

4.8. 1.2 

4.8. 1.2 

4.8. 1.2 
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SYMBOL 


DEFINITION 


SECTION 


ale 

sweepback  angle  of  wing  leading  edge 

4.8. 1.2 

4.8. 2. 2 

4.8. 3. 2 

X 

tip  chord 

taper  ratio,  - 

root  chord 

4.8. 1.2 

4.8. 2. 2 

\ 

4.8.3. 2 

drag 

drag  coefficient, 

qS 

4.8. 1. 1 

cf 

skin-friction  coefficient  for  incompressible  flow 

4,8.2. 1 

ACf 

increment  in  skin-friction  coefficient  for  incompressible  flow 

4.8.2. 1 

cL 

• lift 

lift  coefficient,  

qS 

4, 8.1.1 

. pitching  moment 

pitching-moment  coefficient,  

qScr 

4.8.3. 2 

c 

m vi 

pitching-moment  coefficient  at  zero  normal  force 

4.8.3. 1 

No 

4.8. 3. 2 

q. 

N 

normal-force  coefficient,  — - - , for  a symmetrical  configuration 

qS 

4.8. 1.1 

cN- 

N' 

normal-force  coefficient,  — - , for  an  unsymmetrical  configuration 

qS 

4.8. 1.1 

4.8. 1.2 

4.8. 2. 2 

4.8.3. 2 

value  of  coefficient  at  o'  = 20° 

4.8.1. 2 

(FN'c*lc) 

calculated  value  of  coefficient  at  a'  = 20c 

20 

4.8.1. 2 

normal-force-coefficient  correlation  factor 

20 

4.8. 1.2 

[?»)» 

value  of  (CN  corrected  for  rounded  leading  edges 

4.8. 1.2 

dCN- 


A 


fc-y 


rate  of  change  of  normal-force  coefficient  with  angle  of  attack 


4.8. 1.2 


SYMBOL 


DEFINITION 


SECTION 


*b 

N 


Cx 


AC, 


AC, 


Cllc 


ACV 


CC)W 


'30 


value  of  derivative  at  zero  normal  force 

calculated  value  of  the  derivative 

normal-force-curve-slope  correlation  factor 

Pb  ~ Poo 

base  pressure  coefficient, 

%o 

value  of  coefficient  at  zero  normal  force 

value  of  coefficient  at  given  angle  of  attack,  a ' 
value  of  coefficient  at  a'  = 20° 

pressure-coefficient-ratio  correlation  factor 

X 

axial-force  coefficient,  — , for  a symmetrical  configuration 
qS 

X' 

axial-force  coefficient,  — , for  an  unsymmetrical  configuration 
qS 

value  of  coefficient  at  zero  normal  force 

increment  in  coefficient  due  to  angle  of  attack 
calculated  value  of  the  increment 

axial-force  correlation  factor  at  a ’ = 20° 


4.8. 1.2 

4.8. 1.2 

4.8.1. 2 

4.8.2. 1 

4.8. 2. 2 

4.8.2. 1 

4.8. 2. 2 

4.8. 2. 2 

4.8. 2. 2 

4.8. 2. 2 

4.8.1. 1 

4.8. 2. 2 

4.8.2. 1 

4.8. 2. 2 

4.8. 2. 2 
4.8. 2. 2 

4.8. 2. 2 


4.8-6 


SYMBOL 


DEFINITION 


SECTION 


AC. 


AC. 


(ac‘J' 

ACV' 


AC. 


increment  in  coefficient  due  to  base  pressure 

value  of  increment  at  zero  normal  force 

value  of  increment  at  a given  angle  of  attack,  a' 

increment  in  coefficient  due  to  skin  friction 

value  of  increment  at  zero  normal  force 


4.8.2. 1 

4.8.2. 2 


4.8.2. 1 


4.8.2. 2 


4.8.2. 1 


4.8.2. 1 
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4.8.1  WING,  WING-BODY  NORMAL  FORCE 
4.8.1. 1 WING,  WING-BODY  ZERO-NORMAL-FORCE  ANGLE  OF  ATTACK 


The  longitudinal  data  for  the  low-aspect-ratio  configurations  are  presented  in  terms  of  the  normal-force 
and  axial-force  coefficients  of  a normal-force  axis  system  rather  than  the  more  common  lift  and  drag 
coefficients  of  the  lift  axis  system.  The  problem  arising  with  the  normal-force  axis  system  is  that  of 
defining  a reference  plane  for  the  nonsymmetrical  configurations  which  specifies  the  direction  of  the 
normal  force  and  axial  force.  This  is  accomplished  by  defining  a reference  axis  system  which  is  oriented 
with  respect  to  the  particular  configuration  so  that  the  normal  force  is  zero  at  zero  angle  of  attack. 

The  defined  normal-force  axis  system  is  illustrated  in  figure  4.8-12.  The  nonnal-force  coefficient  C^'  is 
perpendicular  to  and  the  axial-force  coefficient  Cx'  is  parallel  to  a reference  plane  which  passes  through 
the  centroid  of  the  base  area  and  the  most  forward  point  on  the  vehicle  nose.  For  symmetrical 
configurations  this  is  the  plane  of  symmetry. 

The  zero-norrual-force  angle  of  attack  O!n0  is  defined  as  the  angle  of  attack  at  which  the  normal  force 
acting  on  the  body  is  zero.  For  a symmetrical  configuration,  the  normal  force  is  zero  when  the  plane  of 
symmetry  iz  parallel  to  the  free  stream.  Therefore,  for  symmetrical  configurations  On  0 = 0.  For 

unsymmetrical  configurations,  «n0  may  be  related  to  an  arbitrary  plane  as  shown  in  figure  4.8-12.  This 
arbitrary  reference  plane  is  chosen  so  that  its  inclination  to  the  free  stream  defines  the  angle  of  attack  in 
the  familiar  lift  axis  system.  It  is  referred  to  as  the  body  horizontal  plane. 

From  the  geometry  of  figure  4.3-12,  the  angle  of  attack  a'  in  the  defined  normal-force  axis  system  is 

a'  = a ~OL  4.8.1. 1-a 

No 


where 

Of  is  the  angle  of  attack,  positive  nose-up,  measured  from  the  free  stream  to  the  body  horizontal 
axis. 

ttN  is  the  zero-normal-force  angle  of  attack,  measured  between  the  reference  plane  and  the  body 
0 horizontal  plane,  positive  as  shown  in  figure  4.8-12. 


DATCOM  METHOD 

The  zero-normal-force  angle  of  attack  is  determined  from  the  configuration  geometry  as  follows: 

Step  1.  Determine  the  location  of  the  centroid  of  the  base  area  and  the  location  of  the  most  forward 
point  on  the  vehicle  nose. 


Step  2.  Determine  aN(J  as  the  angle  between  the  line  connecting  the  centroid  of  the  base  and  the 
most  forward  point  on  the  nose,  and  the  horizontal  plane  of  the  body. 


4.8.1. M 


Values  of  the  zero-normal-force  angle  of  attack  calculated  by  using  this  method  are  compared  with  test 
results  in  table  4.8.1.1-A,  Many  of  the  configurations  tested  were  complex  re-entry  shapes,  and  the  reader 
should  refer  to  table  4.8-A  for  a more  complete  description  of  the  model.  Unfortunately,  there  are  not 
enough  data  available  to  illustrate  a consistent  effect  of  planform  geometry  on  the  zero-normal-force  angle 
of  attack. 


Sample  Problems 

1.  Given:  The  right-triangular  pyramidal  body  designated  as  configuration  1 of  reference  6. 


£b  = 31.55  in.  Nose  radius  = 0.1875  in.  1^  = 6.44  in. 


Compute: 

Centroid  of  base 

2 2 

z.  = — h.  - nose  radius  = — (5.44)  - 0.1875  = 4.106  in. 

base  3 d 3 

Solution: 


Of  m = tan 


base 


f.B  -2.45 


= tan"1 


4.106 


31.55  - 2.45 


= tan- 1 0.1412 


= 8.04° 


This  compares  with  a test  value  of  = 8.6°  from  reference  6. 

o 


2.  Given: 


A re-entry  configuration  of  the  wing-body  group  of  reference  1 designated  WB-10(0).  This  is  a 
round-nosed,  wing-body  model  of  75°  sweep  back  with  a semicircular-body  cross  section  at 
the  point  of  maximum  thickness  and  with  twin  vertical  tails. 


Solution: 

<*N  = tan-1  = tan-1  = tan-1  0.0340 

No  1B  20.0 

= 1.95° 

This  compares  with  a test  value  of  0^  = 0.30°  from  reference  1. 
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TABLE  4.&1.1-A 

SUBSONIC  ZERO-NORMAL-FORCE  ANGLE  OF  ATTACK 
DATA  SUMMARY 


Raf. 

Configuration 

"0 

(dag) 

Calc. 

<*N 

N0 

(dag) 

Tast 

(dag) 

Calc.-Taat 

1 

0-7 

- 2.16 

- 2.6 

0.36 

0-8 

020 

- 0.20 

0.40 

04 

0 

2.60 

- 2.50 

0*10 

- 1.46 

- 1.60 

0.16 

WB-1 

1.36 

1.00 

0.38 

WB4 

1.46 

1.70 

- 0.24 

WB-4 

1.35 

- 0.30 

1.65 

WB-6 

1.21 

0.70 

0.51 

WB-6 

1.21 

0.70 

0.51 

WB-7 

1.63 

1.20 

0.43 

WB-B 

1.67 

0.90 

0.67 

WB-9 

2.12 

1.90 

0.32 

WB-1 0(0) 

126 

0.30 

1.65 

R-2 

3.79 

2.30 

1.49 

R-3 

2.62 

2.00 

0.62 

3 

Rt.  triangular 
pyramid 

7.40 

5.20 

2.20 

4 

Dal  tawing 

wfhalf-cona 

fuaalaga 

0.66 

0.40 

0.26 

S 

a 

7.23 

6.60 

1.73 

b (basic) 

6.44 

6.60 

- 0.06 

c (basic) 

7.16 

10.20 

- 3.06 

d 

4.40 

4.60 

- 0.20 

6 

Rt.  triangular 
pyramid 

8.04 

8.60 

- 0.66 

7 

Bluntad  ritfit 

triangular 

pyramid 

6.91 

! 

i 

6.30 

0.61 

B 

Dal  tawing 
bocat-gllda 

- 0.20 

0.60 

- 0.80 

9 

W-ll  E-3 

- 1.80 

- 2.00 

0.20 

W ill  E-3 

2.40 

1.80 

0.60 
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4.8, 1.2  WING,  WING-BODY  NORMAL-FORCE  VARIATION 
WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method  for  estimating  the  normal-force  variation  with  angle  of  attack  for  a delta- 
or  modified-delta-planform  re-entry  configuration  at  subsonic  speeds. 

The  subsonic  normal-force  characteristics  of  thin  delta  wings  at  small  angles  of  attack  can  be 
satisfactorily  predicted  through  the  use  of  linearized  theory,  which  assumes  that  the  flow  is  unseparated 
and  that  the  cross-flow  components  are  negligible.  At  higher  angles  5°,  approximately)  both 
cross-flow  and  separation  phenomena  become  important  and  these  assumptions  are  no  longer  valid.  The 
normal  force  tends  to  increase  more  rapidly  with  angle  of  attack  as  the  angle  is  increased. 

A major  factor  influencing  the  normal-force  characteristics  of  delta  wings  is  leading-edge  geometry. 
Sharp  leading  edges  influence  relatively  large  amounts  of  air  and  the  corresponding  variation  of  the 
normal  force  with  angle  of  attack  tends  to  be  high.  Rounded  leading  edges  affect  a smaller  amount  of 
air  and  the  normal-force-curve  slope  is  consequently  less. 

The  method  presented  herein  is  taken  from  reference  1,  and  is  based  on  a study  of  test  data  on 
low-aspect-i atio  delta  wings  with  thick  and  thin  surfaces,  with  sharp  and  rounded  leading  edges,  and 
with  varying  degrees  of  nose  bluntness.  Thin,  shaip-leading-edged  delta  wings  were  selected  as  “reference 
wings”  and  theoretical  relationships  were  written  for  the  normal-force  characteristics  of  these-  planforms. 
The  normal-force  characteristics  of  all  the  test  configurations  were  then  calculated  by  using  these 
“reference  wing”  relationships,  and  any  deviation  between  the  calculated  and  the  test  values  was  related 
to  the  geometry  of  the  wing  leading  edge.  It  was  found  that  satisfactory  correlation  could  be  obtained 
by  relating  the  deviation  in  normal-force  characteristics  to  the  leading-edge  geometry  in  a plane  normal 
to  the  wing  leading  edge  and  located  one-third  the  length  of  the  root  chord  aft  of  the  nose. 

Design  charts  are  presented  for  estimating  the  normal-force-curve  slope  at  Cn’  = 0,  the  value 
of  Cn'  at  a’  = 20°,  and  the  characteristics  of  the  normal-force  variation  with  angle  of  attack.  The 
correlation  parameters  used  to  develop  these  charts  are  leading-edge  radius  and  leading-edge  angle  for 
round  and  sharp  leading  edges,  respectively.  It  should  be  noted  that  as  the  leading-edge  radius 
approaches  zero,  the  normal-force-curve  slope  at  Cn'  = 0,  the  normal  force  at  a'  = 20°,  and  the 
normal-force-variation  parameter  all  approach  the  respective  values  for  a sharp  leading  edge.  Therefore,  a 
configuration  with  a small  leading-edge  radius  can  be  analyzed  as  one  having  a sharp  leading  edge. 

For  configurations  with  round  leading  edges,  an  empirical  correction  factor  is  presented  to  account  for 
the  reduction  in  normal  force  at  higher  angles  of  attack  as  the  wing  thickness  is  increased.  This  separate 
correlation  is  required,  since  the  limited  number  of  test  data  for  very  thick  delta  wings  does  not  correlate 
well  with  the  thin  wing  results. 


DATCOM  METHOD 

The  normal-force  variation  with  angle  of  attack  for  a delta  or  modified -delta  configuration  at  low 
speeds,  based  on  the  reference  area  (usually  the  planform  area),  is  obtained  from  the  procedure  outlined 
in  the  following  steps: 


Step  1.  Determine  the  effective  leading  edge  angle.  5el  for  sharp  leading  edges  or  the  effective 


4.8. 1.2-1 


Step  2. 


leading-edge  radius  R 1 and  lower  surface  angle  8L  for  round  leading  edges.  These 

JLE 

parameters  are  functions  of  the  configuration  geometry  in  a plane  normal  to  the  leading 
edge  at  — ct  from  the  nose.  The  applicable  configuration  geometry  is  illustrated  on  figures 

4.8.1.2-1  la  and  4.8.1.2-1  lb. 


Determine  the  normal-force-curve  slope  at  zero  normal  force  (CN » = 0)  by 


4.8.1.2-a 


where 


is  the  normal-force-curve  slope  at  zero  normal  force 


is  the  empirical  correlation  factor  of  normal-force-curve  slope  for  delta 
or  modified-delta  configurations.  It  is  presented  as  a function  of  the 
effective  leading-edge  angle  for  configurations  with  sharp  leading  edges 
in  figure  4.8. 1.2- 12a,  and  as  a function  of  the  effective  leading-edge 
radius  for  configurations  with  round  leading  edges  in  figure  4.8. 1 .2- 1 2b. 


(C"^l 


is  the  calculated  normal-force-curve  slope  at  zero  normal  force,  given  by 

SE 


z_  . , /jtA  „ SA  4 

(SJ„  '(*  + 


(per  radian)  4.8.1.2-b 


where 


^nr  is  the  reference  area. 


SF  is  the  projected  frontal  area  perpendicular  to  the  zero- 
normal-force  reference  plane  (projected  frontal  area  at 
CN-  = 0). 

A is  the  aspect  ratio  of  the  surface. 


4.8.1 .2-2 


Step  3.  Determine  the  normal-force  coefficient  at  a ‘ - 20°  by 


4.8.1.2-c 


where 


‘jV’ 

cd3 

(SrteX 


is  the  normal-force  coefficient  at  a'  = 20°. 

is  the  empirical  correlation  factor  of  the  normal  force  for  delta  and 
modified-delta  configurations.  It  is  presented  as  a function  of  the 
effective  leading -edge  angle  foi  configurations  with  sharp  leading  edges 
in  figure  4.8. 1.2- 13a,  and  as  a function  of  the  effective  leading-edge 
radius  for  configurations  wlMi  round  leading  edges  in  figure  4.8. 1.2- 13b. 

is  the  calculated  norms ! force  at  a'  ~ 20°,  given  by 


- \ ^ 2.195 

V NcicL  l A + 4.0 


A v 0.61 


4.8.1.2-d 


Step  4.*  Determine  the  thickness  correction  to  the  normal  force  at  a'  = 20°  for  configurations 
with  round  leading  edges  by 


I?")*] , = 


1 + cos  6, 


4.8.1.2-e 


where  St  is  the  lower  surface  angle  from  step  1 and  (CN  ^ is  obtained  from  step  3. 

Step  5.  Determine  Z,  the  empirical,  nonlinear-normal-force  correction  factor.  This  parameter  is 
obtained  as  a function  of  the  effective  leading-edge  angle  or  the  effective  leading-edge  radius 
for  configurations  with  sharp  leading  edges  or  round  leading  edges,  respectively,  from 
figure  4.8.1,2-14. 

Step  6.  The  variation  of  the  normal  force  with  angle  of  attack  is  given  by: 

For  round-leading-edged  configurations 

Cn’-W  «'  +8.21  j f(CN)  1 —0.349  (CNJ'  j £ + 2.81(1 -Z)«V! 

N0  * L J t N0J 

4.8.1.2-f 


®St*p  4 I*  required  only  for  configuration*  with  round  Itodlng  edge*.  For  tb»rp-l*adlr>jr*dg#d  configuration*,  go  to  ttep  5. 


4.8. 1.2-3 


For  sharp-leading-edged  configurations 
(CN-)^)  is  used  instead  of  the  term 


the  normal-force  coefficient  at  a.'  = 20°  from  step  3 
[(c»H  in  the  above  equation. 


a'  in  the  above  relation  is  in  radians. 


A comparison  of  the  normal-force  variation  with  angle  of  attack  calculated  by  this  method  with  test  results 
is  presented  as  table  4.8. 1 ,2-A.  The  Reynolds-number  range  of  the  test  data  is  not  sufficient  to  allow  analysis 
of  the  effect  of  Reynolds  number  on  the  normal  force.  However,  over  the  angle-of-attack  range  of  this 
method  (a  < 20°),  Reynolds-number  effects  should  be  negligible  even  for  the  thicker  configurations. 

Sample  Problems 

1.  Round  Leading  Edge 

Given:  A delta  model  with  a symmetrical  diamond  cross  section  and  a blunt  trailing  edge.  This  is  model 
D-6  of  reference  6. 


A = 1.868  b = 22.1 16  in.  Sref  = S = 261.95  sq  in.  ALE  = 65° 


SF  = 57.42  sq  in.  (base  area)  5L  =9°  R,  = 0.525  in. 

— l£ 

3 


Compute: 

Determine  the  normal-force-curve  slope  at  CN>  - 0 


R j / b = 0.525/22.116  = 0.0237 

— LE 
3 


4.8. 1.2-4 


0.982  (figure  4.8. 1.2- 12b) 


(equation  4.8.1.2-b) 


_ U 1.868)  57.42  ] 4 

~ [ 2 261.95  J 4+1.868 

= 2.30  per  rad 


a 


calc 


CN  y ' (equation  4.8.1. 2-a) 

1 “calc'V 


= (0.982)  (2.30) 
= 2.26  per  rad 


Determine  the  normal-force  coefficient  at  a'  = 20° 
" CN'-| 

= 0.935  (figure  4.8. 1.2- 13b) 

(c^)x  ■ (ot) 

/ 1 .868  + 0.61  \ 
y 1.868  + 4.0  / 


(equation  4.8.1.2-d) 


= 2.195 
= 0.927 


r CN'l 


(equation  4.8.1.2-c) 


* (0.935)  (0.927) 

* 0.867 


4.8. 1.2-5 


Determine  the  thickness  correction  factor  to  the  normal  force  at  Ot  - 20°  (round  leading  edge) 


(equation  4.8,1.2-e) 


= (I±iSi£)  (0.867) 
= 0.862 


Determine  the  empirical,  nonlinear-normal-force  correction  factor 
Z = 0.945  (figure  4.8.1.2-14) 

Solution: 

<V  - (C*,)  ' «'  + 8.21  j [(CN.)J  - 0.349  (CN<>)  ‘ i [z  + 2.81(1  - 

No  * * No  ’ 

(equation  4.8.1.2-f) 

« 2.26  ® + 8.21  j 0.862  - 0.349(2.26)  j 10.945  + 2.81(1  - 0.945)  «']<*' 2 
= 2.26  o' + 0.568  o' 2 + 0.0930  o'3 


© 

® 

© 

© 

© 

© 

© 

at 

(d«0) 

a 

(rad) 

<r»d2) 

a3 

<r«d3) 

2.26  a' 

2.26  @ 

0.668  a2 
0.668  0 

0.0930  a3 
0.0930  0 

cn' 

(bmad  on  S) 

(«q.  4.8.1 ,2-f) 

© + ® + © 

0 

0 

0 

0 

0 

0 

0 

0 

6 

0.0873 

0.00762 

0.000666 

0.1973 

0.00433 

0.00006 

0.2017 

10 

0.1746 

0.0304S 

0.006314 

0.3944 

0.01730 

0.00049 

0.4122 

16 

0.2618 

0.06854 

0.01794 

O.S917 

0.03893 

0.001668 

0.6323 

20 

0.3490 

0.12180 

0.04261 

0.7087 

0.Q6918 

0.003963 

0.8618 

The  calculated  results  are  compared  with  test  values  from  reference  6 in  sketch  (a)  and  in  table  4.8.1.2-A. 
4.8, 1.2-6 


2.  Sharp  Leading  Edge 


Given:  A delta  model  with  a symmetrical  diamond  cross  section  and  a blunt  trailing  edge.  This  is  model 
D-3  of  reference  6.* 


Compute: 

Determine  the  normal-fcrce-curve  slope  at  CN'  = 0 


* 0.775  (figure  4.8. 1.2- 12a) 


= 1.821  per  rad 


(equation  4.8.1.2-b) 


4 

4 + 1.076 


(equation  4.8.1.2-a) 


- (0.775)  (1.821) 
= 1.411  per  rad 


Although  this  modal  Km  a vary  small  noaa  radiuf  (0.032  In.),  it  if  anslyzad  as  having  a fhatp  lading  ndga. 


Determine  the  normal-force  coefficient  at  Of  * - 20° 


"cate 


= 0.960  (figure  4.8. 1.2- 13a) 


:J  20 


/CN-  N * 2.195  (equation  4.8.1. 2-d) 

V Ncate/20  \ A + 4.0  / 

„ / 1.076  + 0.61  \ 

= 2J  5 ( 1.076  + 4.0/ 


(CN') 


= 0.7291 


20 


-'N 


'calc 


20 


(cN>  ) (equation  4.8.1. 2-c) 

\ calc/ 20 


= (0.960)  (0.7291)  = 0.700 

Determine  the  empirical,  nonlinear-normal-force  correction  factor 
Z = 0.972  (figure  4.8.1.2-14) 

Solution: 

- (<*,)'  «'t8-2,kC»')M'°'349(CN,)'  I [Z  + 2-81<>  - 2 

N0  I " *05 

(equation  4.8.1.2-f,  sharp  leading  edge) 

~ 1.411  a'  + 8.21  j (0.700)  - 0.349(1.411)}  [0.972  + 2.81(1  - 0.972)  o' ] o' 2 
a.  1.411  o'+  1.656  o' 2 +0.134  o' 3 

© © ® ® © 


a 

(deg) 


0 

6 

10 

16 

20 


a 

(rad) 


0 

0.0673 

0.1746 

0.2018 

0.3490 


ei* 

(rad2) 


0 

0.00762 

0.03045 

0.06864 

0.12180 


a 


•3 


(rad2) 


0 

0.000665 

0.005314 

0.01794 

0.04291 


1.411a1 
1.411  @ 


0 

0.1232 

0.2462 

0.3664 

0.4024 


1.656  a4 

1.666  (3) 


0 

0.0126 

0.0604 

0.1136 

0.2017 


0.134  ar 
0.134  0 


0 

0.00009 

0.00071 

0.00240 

0.00970 


CN 

(bawd  on  S) 
(aq.  4.8.1.2-f) 
©♦©♦© 


0 

0.1369 

0.2973 

0.4893 

0.9998 


1 


The  calculated  results  are  compared  with  test  values  from  reference  6 in  sketch  (a)  and  in  table  4,8.1.2-A. 
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FIGURE  4.8. 1.2-1  la  DEFINITION  OF  THE  EFFECTIVE  LEADING-EDGE.  ANGLE  FOR  DELTA 

AND  MODIFIED-DELTA  CONFIGURATIONS  WITH  SHARP  LEADING  EDGES 
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FIGURE  4.8. 1 .2-1 1 b DEFINITION  OF  THE  EFFECTIVE  LEADING-EDGE  RADIUS  FOR  DELTA 

AND  MODIFIED-DELTA  CONFIGURATIONS  WITH  ROUND  LEADING  EDGES 


4.8.1.2-11 


SHARP  LEADING  EDGES 


FIGURE  4.8. 1.2- 13a 


5#1  (deg) 


NORMAL-FORCE-COEFFICIENT  CORRELATION  FACTOR  AT  a'  = 20°  - 
DELTA  AND  MODIFIED-OELTA  CONFIGURATIONS  WITH  SHARP  LEADING 
EDGES 


ROUND  LEADING  EDGES 


FIGURE  4.8. 1.2-  13b 


NORMAI^FORCE-COEFFICIENT  CORRELATION  FACTOR  AT  a'  « 20°  - 
DELTA  AND  MODIFIED-DELTA  CONFIGURATIONS  WITH  ROUND  LEADING 
EDGES 


4.8.1.2-13 


FIGURE  4.8.1.2-14  EFFECT  OF  LEADING-EDGE  GEOMETRY  ON  THE  NORMAL-FORCE 
COEFFICIENT  - DELTA  AND  MODIFIED  DELTA  CONFIGURATIONS 
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4.8.2  WING,  WING-BODY  AXIAL  FORCE 
4.8.2.1  WING,  WING-BODY  ZERO-NORMAL-FORCE  AXIAL  FORCE 


A.  SUBSONIC 

This  section  presents  a method,  taken  from  reference  1 , for  estimating  the  zero-normal-force  axial  force 
of  advanced  flight  vehicles  at  subsonic  speeds. 

The  drag  at  zero  normal  force  is  assumed  to  be  composed  of  skin-friction  drag,  base  drag,  and  the 
pressure  drag  acting  on  portions  of  the  configuration  other  than  the  base.  For  most  advanced  flight 
vehicles  at  subsonic  speeds,  the  component  of  pressure  drag  acting  on  portions  of  the  vehicle  other  than 
the  base  is  relatively  small  compared  to  the  sum  of  the  base  drag  and  the  skin-friction  drag,  and  it  is 
difficult  to  isolate.  Consequently,  in  this  section  it  is  included  as  part  of  an  “effective”  friction  drag. 

The  “effective”  friction  drag  is  determined  by  multiplying  the  total  wetted  area,  excluding  the  base  area, 
by  some  friction  coeffic  ent.  For  configurations  having  an  average  aerodynamic  cleanliness,  and  for 
thickness  ratios  not  exceeding  approximately  fifteen  to  twenty  percent,  the  equivalent  friction  drag 
coefficient,  based  on  wetced  area,  can  be  assumed  to  be  Cf  = 0.0040.  Of  course,  this  quantity  will 
depend  upon  such  items  as  surface  condition  and  Reynolds  number.  Heat  and  drag  loads  during  re-entry 
could  be  such  as  to  roughen  the  surface  and  increase  surface  drag  significantly.  However,  for  most 
configurations  of  this  class,  surface  drag  is  a relatively  small  part  of  the  total  drag  at  most  speeds  and 
angles  of  attack,  and  it  is  not  considered  necessary  to  go  into  these  effects  in  greater  detail. 

Advanced  flight  vehicles  are  frequently  characterized  by  large  surface  areas  approximately  normal  to  the 
direction  of  flight  and  facing  aft.  The  “base  pressures”  acting  upon  these  areas  can  significantly  increase 
the  drag  and  reduce  the  maximum  lift-drag  ratio  of  these  aircraft.  For  the  purpose  of  definition,  “bases” 
are  considered  to  be  those  external  surface  areas  which  face  aft  and  are  approximately  perpendicular  to 
the  direction  of  flight;  they  are  formed  by  the  “cutting-off.’ '■  some  component.  The  flow  ahead  of  the 
base  should  be  unseparated  and  approximately  parallel  to  the  free  stream,  at  least  near  zero  lift.  In 
keeping  with  this  definition,  bases  include  the  aft  facing  areas  produced  by  blunting  wing  trailing  edges 
and  by  the  jet  exits  of  inoperative  rocket  engines. 

The  manner  in  which  base  drag  arises  can  be  visualized  by  considering  the  viscous  pumping  action  of  the 
air  flowing  around  the  periphery  of  the  base.  The  viscous  forces  produced  by  the  external  flow  tend  to 
drag  the  air  away  from  the  base  and  consequently  reduce  the  base  pressure.  In  addition,  the  .base 
pressure  would  be  other  than  ambient  even  for  a nonviscous  flow,  since  the  base  would  be  influenced  by 
the  static  pressures  in  the  external  flow,  which  are,  in  general,  other  than  ambient.  Consequently,  the 
base  pressure  would  depend  both  on  the  magnitude  of  the  pumping,  which  is  related  to  the  ratio  of  the 
viscous  mixing  area  to  the  total  base  area,  and  on  the  shape  of  the  body  ahead  of  the  base,  which 
determines  the  static  pressures  in  the  external  flow  at  the  boundary  of  the  base. 

Because  of  the  complexity  of  base  pressure  phenomena  at  subsonic  speeds,  it  has  not  been  possible 
theoretically  to  predict  base  pressures  for  even  the  most  simple  configurations  without  entailing  complex 
computational  techniques,  which  nevertheless  produce  results  of  doubtful  accuracy.  Hence,  the  approach 
presented  in  this  section  is  based  on  semiempirical  techniques  aimed  at  isolating  the  parameters  known 
to  be  of  primary  importance. 


4.8.2. 1-1 


1 


‘l 


h 

V ■ 

V ■ 

t;: 


h :• 
L’-  .• 


t-- 


N 


Factors  that  might  be  expected  to  influence  base  pressure  but  which  were  not  isolated  in  the  analysis 
reported  in  reference  1 include  scale  effect  and  Reynolds  number,  Available  test  data  show  that  the 
variation  in  Reynolds  number  produces  little  effect  in  base  pressure  when  the  flow  is  turbulent  at  the 
base. 


DATCOM  METHOD 

The  subsonic  axial-force  coefficient  at  zero  normal  force,  based  on  the  reference  area  (usually  the 
planform  area),  is  obtained  from  the  procedure  outlined  in  the  following  steps: 

Step  1.  Determine  the  increment  in  axial-force  coefficient  due  to  skin  friction  at  zero  normal 
force  by 


4.8.2. 1-a 


where 

Cf  is  the  turbulent  flat-plate  skin-friction  coefficient  based  on  the  wetted  area. 
It  is  recommended  that  a value  of  Cf  = 0.0040  be  used  unless  detailed  data 
on  surface  condition  are  available.  In  that  case  the  method  of  paragraph  A of 
of  Section  4. 1.5.1  should  be  used  to  obtain  Cf. 

Swet  is  tbe  wetted  area  or  surface  area  of  the  configuration  excluding  the  base  area. 
Sref  is  the  reference  area  (usually  the  configuration  planform  area). 

Step  2.  Determine  the  base-pressure  coefficient  at  zero  normal  force,  based  on  the  base  area,  by 


P 

2yVS^ 

is  the  perimeter  of  the  base  of  the  configuration  (see  figure  4.8.2. l-7a). 
is  the  base  area  of  the  configuration. 

p is  obtained  from  figure  4.8.2. 1- 7b  as  a function  of  the  shape  parameter 

2 2 St, 

* (N,  + bb>  ‘ 


pbk 


where 

P 

s* 


pb. 


2v^ 
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n 
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!„  is  the  total  length  of  the  body. 


h^  is  the  maximum  height  of  the  base  of  the  configuration  (see  figure 
4.8.2.  l-7a). 


bb  is  the  maximum  span  of  the  base  of  the  configuration. 

Step  3.  Determine  the  increment  in  axial-force  coefficient  at  zero  normal  force  due  to  base  pressure 
by 


4.8.2.1-c 


where  C 

pb 


N 


0 


is  obtained  from  step  2. 


Step  4.  Determine  the  axial-force  coefficient  at  zero  normal  force,  based  on  the  reference  area,  by 


AC* 


+ ACV 


4.8.2. 1-d 


where  ACX- 
fN 


0 


and  ACy- 


are  obtained  from  steps  1 and  3,  respectively. 


Figure  4.8.2. 1- 7b  presents  a semiempirical  correlation  of  the  base-pressure  coefficient  at  zero  normal  force. 
This  correlation  comprises  both  a measure  of  the  ratio  of  the  viscous  pumping  area  to  the  base  area,  and 
the  effect  of  the  shape  of  the  configuration  ahead  of  the  base  on  the  pressures  in  the  external  flow. 


A comparison  of  the  zero-normal-force  axial  force  calculated  by  this  method  with  test  values  is  presented 
as  table  4,8.2. 1-A. 


Sample  Problem 

Given:  The  blunted,  right-triangular  pyramidal  lifting  body  of  reference  2. 


4.8.2. 1-3 


iB  = 19.125  in.  Swf  * S “ 104.98  sq  in.  Sb  = 21.96  sq  in. 

Swet  = 248.83  sq  in.  P = 22.16  in.  = 4.12  in.  bb  = 9.08  in. 

Compute: 

Determine  the  increment  in  axial-force  coefficient  due  to  skin  friction  at  zero  normal  force. 
Cf  * 0.0040 

S„ 


ACV ' — — C. 


wet 


f s. 


(equation  4.8.2.!-a) 


ref 


/ 248.83  \ 

(0  0040)(w) 


= - 0.00948 

I>etermine  the  base-pressure  coefficient  at  zero  normal  force 
P 22.16 

1.333 


2n/F3£  2 y*  (21,96) 

2Sb  2(21.96) 


trlj^+bh)  ?r  (19.125)  (4.12  + 9.08) 
C. 


= 0.0554 


pb. 


= -0.181  (figure  4.8.2. 1- 7b) 


pbx 


pbx 


2 V* 


(equation  4.8.2. 1-b) 


2^TS^ 

= (-0.181)  (1.333) 

- —0.241  (based  on 

Determine  the  increment  in  axial-force  coefficient  at  zero  normal  force. 
ACX-  = C — — - (equation  4.8.2. 1-c) 

\ \ Tef 


4.8.2.1-4 


Solution: 


= —0.0S04  (based  on  Sref) 


ACv'  + ACX>  (equation  4.8.2. 1-d) 


= -0.00948  - 0.0504 


= -0.0599  (based  on  S) 

This  compares  with  a test  value  of  -0.0582  from  reference  2. 
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4.8.2, 2 WING,  WING-BODY  AXIAL-FORCE  VARIATION 
WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method  for  estimating  the  axial-force  variation  with  angle  of  attack  for  a delta  or 
modified-delta  planform  re-entry  configuration  at  subsonic  speeds. 

The  method  presented  herein  is  taken  from  reference  1 . The  total  axial  force  at  angle  of  attack  is  taken  as 
the  sum  of  that  at  zero  normal  force,  the  increment  due  to  angle  of  attack,  and  an  increment  due  to  the 
base  pressure  at  angle  of  attack. 

The  axial  force  at  zero  normal  force  is  given  by  the  method  of  Section  4.8.2. 1. 

The  increment  of  axial  force  due  to  angle  of  attack  is  obtained  by  a procedure  that  closely  parallels  the  one 
used  to  obtain  the  normal-force  variation  with  angle  of  attack  as  discussed  in  Section  4.8. 1.2.  The  method 
is  based  on  a study  of  test  data  on  low-aspect-ratio  delta  wings  with  thick  and  thin  surfaces,  with  sharp  and 
rounded  leading  edges,  and  with  varying  degrees  of  nose  bluntness.  Thin,  sharp-leading-edge  delta  wings 
were  selected  as  “reference  wings,”  and  theoretical  relationships  were  written  for  the  axial-force  character- 
istics of  these  planforms.  The  axial-force  characteristics  of  all  the  test  configurations  were  then  calculated  at 
a'  - 20°  by  using  these  “reference  wing”  relationships,  and  any  deviation  between  the  calculated  and  test 
values  was  related  to  aspect  ratio,  frontal  area,  and  leading-edge  characteristics.  The  variation  of  this  compo- 
nent of  axial  force  between  that  at  zero  normal  force  and  that  at  a'=  20°  is  then  approximated  as  a func- 
tion of  the  normal-force  variation  with  angle  of  attack. 

In  general,  the  base  pressures  acting  on  advanced  flight  vehicles  become  less  as  the  angle  of  attack  increases 
and,  consequently,  the  component  of  axial  force  due  to  base  pressure  increases  negatively  as  the  angle  of 
attack  increases.  In  reference.  1 the  change  in  base  pressures  of  the  test  configurations  are  correlated  with 
changes  ir.  angle  of  attack  by  using  the  base  pressures  at  Ot'  = 20°  and  at  zero  normal  force  as  the  basis  for 
the  correlation. 


DATCOM  METHOD 


The  axial-force  variation  with  angle  of  attack  for  a delta  or  modified-deUa  configuration  at  low  speeds, 
based  on  the  reference  area  (usually  the  planform  area),  is  obtained  from  the  procedure  outlined  in  the 
following  steps: 

Step  i.  Deteimine  the  increment  of  axial-force  coefficient  due  to  angle  of  attack  by 


4.8.2.2-a 


4.8.2.2-1 


where 


fell 

L c*kU20 


is  the  calculated  ratio  of  the  axial  force  to  the  normal  force  at  or'=  20°, 
given  by 


pai  • Mm 


4.8.2.2-b 


ACx' 

ACV- 

L X«*J2 


is  the  empirical  correlation  factor  of  the  axial-force  coefficient  at 
a'  = 20°  for  delta  or  modified-delta  configurations.  This  parameter 
is  presented  as  a function  of  configuration  geometry  in  figure  4.8.2.2-10. 
Figure  4.8.2.2-10  is  entered  with  the  following  geometric  parameters: 

A the  aspect  ratio  of  the  surface 

SF  the  projected  frontal  area  perpendicular  to  the  zero- 

normal-force  reference  plane  (projected  frontal  area  at 

cv  = o) 

Sfef  the  reference  area  (usually  the  configuration  planform 
area) 

b the  surface  span 

R,  the  leading-edge  radius  in  a plane  normal  to  the  leading 
3 LE  edge  at  i.  c from  the  nose 

3 ' 

is  the  angle  of  attack  in  degrees. 

ot'  = a-a*. 


is  the  normal-force  variation  with  angle  of  attack  obtained  by  using  the 
method  of  Section  4.8. 1.2. 


Step  2.  Determine  the  variation  of  base  pressure  with  angle  of  attack  by 


where  a'  is  defined  above,  and 


4.8.2.2-c 


4.8.2. 2 -2 


is  the  empirical  correlation  of  the  ratio  of  the  pressure  coefficient  at 
a'  = 20°  to  that  at  zero  normal  force.  This  parameter  is  obtained  from 
figure  4.8. 2. 2-1 1 as  a function  of  the  shape  parameter 


where 

bfa  is  the  maximum  span  of  the  base  of  the  configuration. 

1^  is  the  maximum  height  of  the  base  of  the  configuration  (see  figure 
4.8.2.  l-7a). 

Sb  is  the  base  area  of  the  configuration. 

The  two  curves  on  figure  4.8. 2.2- 1 1 refer  to  two  types  of  re-entry 
configurations.  The  upper  curve  is  to  be  applied  to  configurations  for  which 
the  entire  base  is  influenced  directly  by  the  primary  lifting  surface.  The 
lower  curve  is  to  be  applied  to  configurations  for  which  portions  of  the  base 
are  aft  of  nonlifting  components,  e.g.,  bodies  and  vertical  surfaces. 

S>b  is  the  base  pressure  coefficient  at  zero  normal  force  obtained’  as  outlined  in 
No  step  2 of  the  Datcom  method  of  Section  4.8.2. 1. 

Step  3.  Determine  the  variation  of  the  increment  of  axial-force  coefficient  due  to  the  base  pressure 
with  angle  of  attack  by 

(iC*  J ‘ N)a. 

where 

fC  ) is  the  variation  of  base  pressure  with  angle  of  attack  from  step  2. 

V pb/a' 

Sref  is  the  reference  area  (usually  the  configuration  planfom  area). 

Step  4.  Determine  the  zero-normal-force  axial  force  C*-  by  using  the  method  of  Section  4.8.2. 1. 

No 

Step  5.  The  variation  of  axial  force  with  angle  of  attack,  based  on  the  reference  area,  is  given  by 
Cx-  = -ACx-  + /ACX  ) + CX'  4.8.?.2-e 

• \ hQ,/  aN0 

where  ACX>,  / ACX  N , and  Cx-  are  from  steps  1,3,  and  4,  respectively. 

\ ba/  No 


4.8.2.2-d 


ref 


4.8.2.2-3 


A comparison  of  the  axial-force  variation  with  angle  of  attack  calculated  by  this  method  with  test  results  is 
presented  as  table  4.8.2.2-A. 


While  it  is  considered  that  the  results  presented  are  satisfactory  for  use  in  preliminary  design,  it  should  be 
noted  that  scale  effect  and  Reynolds  number,  which  might  be  expected  to  influence  the  base  pressure,  were 
not  isolated  in  the  data  correlation  reported  in  reference  1.  (Available  test  data  showed,  however,  that  the 
variation  in  Reynolds  number  produced  little  effect  in  base  pressure  when  the  flow  was  turbulent  at  the 
base.)  Furthermore,  in  many  cases  the  data  were  not  sufficient  to  accurately  define  the  variation  of  base 
pressure  over  the  surface  of  the  base.  Consequently,  much  of  the  data  included  in  the  empirical  correlation 
for  axial-force  coefficient  at  a'  = 20°  (figure  4.8.2.2-10)  and  in  the  empirical  correlation  for  the  ratio 
of  the  pressure  coefficient  at  O'  = 20°  to  that  at  zero  normal  force  (figure  4.8.2. 2-1 1),  are  known  to  be  in 
error. 

Sample  Problem 

Given:  A delta  model  with  a symmetrical  diamond  cross  section  and  a blunt  trailing  edge.  This  is  model  D-3 
of  reference  3 and  is  the  same  configuration  as  sample  problem  2 of  Section  4.8. 1.2. 


A = 1.076  b = bb  = 12.374  in.  Sref  = S = 142.30  sq  in. 

Sp  = Sb  = 44.20  sq  in.  Swet  = 329.0  sq  in.  1^  = 7.14  in. 

1B  - 23.0  in.  P = 28.58  in. 


The  following  variation  of  CN  - with  a from  sample  problem  2 of  Section  4.8. 1 .2 : 


o' 

0 

c 

10 

15 

20 

<v 

0 

0.1359 

0.2S73 

0.4853 

0.6998 

4.8.2.2-4 


Compute: 

Determine  the  increment  in  axial-force  coefficient  due  to  an|le  of  attack. 

( n7)  I = -0.349  (equation  4.8.2.2-b) 

- 20 

/ 1.076 + 2 \ 

' -0J49(T^77)m  -°M,S 

Sp/^f  = 44.20/142.30  * 0.311 

389  (figure  4.8.2.2-10,  sharp  leading  edge) 


- ACy" 

ACX-  = °* 


ACX'  « 


fei,  m 


— Cjj*  (equation  4.8.2.2-a) 


* (-0.21 15)  (0.389)  Z7  C*, 
20  N 


= -0.0823  y — Cj,'  (see  calculation  table  below) 

Determine  the  variation  of  base  pressure  with  angle  of  attack. 
(12.374)2 


V 


7.14>/44^0 


3.226 


“*b 


”pb. 


20 

*0 

P 


= 1.42  (figure  4.8.2. 2-1 1,  upper  owe) 


28.58 


1.213 


2^/Ts^  2y/w  (44.2) 

2 ^ 2 (44.2) 


* 1B  (hfc  + V IT  (23.0)  (7.14  + 12.37) 


0.0627 


4.8.2.2-S 


i,  ■ . 
> ■ 11 
fV;; 


r.';-. 

r 

t;: 


[:■  . 
f .•■  . 

C’-'O 

r(  - * ’ mi 

kV*;. 

f-'O' 

h- 


{<■ 

mV-' 

L-  _ r- 

r-  ;• 

t'::- 


~pbv 


2 V Sb 


= -0.196  (figure  4.8.2. 1- 7b) 


"pb. 


2V^ 


(equation  4.8.2. 1-b) 


= (-0.196)  (1.213) 

= -0.238  ^This  result  is  also  used  below  in  calculating  Cx^  ^ 


(U 


pb. 


1 1 Cn  (equation  4.8.2.2-c) 


pb* 


- (142  - *>  * (-0.238) 


?3 


= -0.100 


(I) 


Determine  the  variation  of  the  increment  of  axial-force  coefficient  due  to  the  base  pressure  with  angle 
of  attack. 

(ACX  \ = /C_  } - — (equation  4. 8.2.2-d) 

V *W  V Pb4'  ^ref 

» 2 

~ -0.0311  (see  calculation  table  below) 

Determine  the  zero-normal-force  axial  force  by  the  method  of  Section  4.8.2. 1. 


0.0040 


4.8.2 .2-6 


AC„-  = — Cf  - — (equation  4.8.2.  i -a) 

\ s»< 

- (-0  0040>  (is?) 


Cn  = -0 

pbw, 


= -0.00925 

-0.238  (calculated  in  determining  (C  ) above) 

V pb  /(*' 


ACV  = C - — (equation  4.8.2. 1-c) 

V*,  bM  d- 


“N0  -ref 


= -0.0739 

C K>  = ACX<  + ACv-  (equation  4.8.2.1-d) 

N0  fN0  *>N0 

= -0.00925  + (-0.0739) 

= -0.0832 

Solution: 

C x'  =-ACx*  + + Cj^  (equation  4.8.2.2-e) 

- -(-0.0823)  Cjj'  + (-0.0311)  (~)2  + (-0.0832) 


-00823 

-0.0623 


0 

-0.00660 

-001727 

-00346 

-0.0676 


< 

(band  on  3) 

Jeq.  4000-0) 

- 04  0-0.0832 

0 

-00632 

-0.00104 

-00706 

-0.00776 

-00737 

-00176 

-0.0661 

-00311 

-00667 

4.8. 2.2-7 


The  calculated  results  are  compared  with  test  values  from  reference  3 in  sketch  (a)  and  in  table  4.8.2.2-A. 


ANGLE  OF  ATTACK.a'  (deg) 
SKETCH  (a) 
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Mold  analyzed  as  having  sharp  leading  edge,  although  LER  - 0.032  in. 
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4.8.3  WING,  WING-BODY  PITCHING  MOMENT 
4.8.3. 1 WING,  WING-BODY  ZERO-NORMAL-FORCE  PITCHING  MOMENT 

A.  SUBSONIC 

This  section  presents  a design  chart,  taken  from  reference  1 , to  be  used  in  approximating  the  zero-normal- 
force  pitching-moment  coefficient  of  nonsymmetricai  delta-planform  configurations  with  rounded  leading 
edges  at  low  speeds. 

The  design  chart  is  based  on  a limited  amount  of  experimental  data  and,  furthermore,  does  not  represent  an 
extensive  analysis  of  the  zero-normal-force  pitching  moment.  It  is  considered  to  provide  only  a first-order 
approximation  of  CmN))  . 


DATCOM  METHOD 

The  low-speed  zero-normal-force  pitching-moment  coefficient- of  a nonsymmetricai  delta-planform  configu- 
ration with  rounded  leading  edges,  based  on  the  product  of  the  planform  area  and  root  chord  Sc,,  is 
approximated  from  the  procedure  outlined  in  the  following  steps: 

Step  1.  Determine  the  zero-normal-force  angle  of  attack  aty,  by  using  the  method  of  Section 
4.8. 1.1. 

Step  2.  Obtain  the  zero-normal-force  pitching-moment  coefficient  CmN^  fr0m  figure  4.8.3. 1-4  as 
a function  of  aN()  determined  in  step  1. 

Figure  4.8.3. 1-4  is  not  applicable  to  configurations  with  sharp  leading  edges. 

A comparison  of  the  zero-normal-force  pitching-moment  coefficient  of  unsymmetrical  delta-planform 
configurations  calculated  by  this  method  with  test  results  is  presented  as  table  4.8.3. 1-A.  The  values  of  On0 
used  in  this  data  summary  were  calculated  by  using  the  method  of  Section  4.8. 1.1. 

Sample  Problem 

Given:  The  right-triangular  pyramidal  body  designated  configuration  1 in  reference  7.  This  is  the  configu- 
ration of  sample  problem  1 of  Section  4.8. 1.1. 

1B  = 31.55  in.  Nose  radius  = 0.1875  in.  h^  = 6.44  in. 

■ 4-105  in. 

Compute: 

Determine  cxn0 

aN  = 8.04°  (sample  problem  1,  Section  4.8. 1.1) 

o 


4.8.3. 1-1 


Solution: 


Cm  = 0.00  7 (based  on  Sc.)  (figure  4.8.3. 1-4,  extrapolated) 

ni  u 1 

No 

The  calculated  result  compares  with  a test  value  of  0.0028  from  reference  7. 
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TABLE  40.3.1-A 


: ZERO-NORMAL-FORCE  PITCHING  MOMENT 
ELTA  PLANFORM  CONFIGURATIONS 
ROUND  LEADING  EDGES 

DATA  SUMMARY 


a\-c. 

S, 

N0 

<S*ct  4.8.1 .1) 

Calc. 

T*ai 

-2.16 

-0.0007 

-0.002 

0.20 

0.0001 

-0.0008 

0 

0 

0.0315 

1.36 

0.00046 

0 

1.48 

0.00048 

0 

1.36 

0.03046 

-0.002 

1.21 

0.0004 

-0.004 

1.21 

00004 

-0.001 

1jB3 

0.00064 

-0.002 

1.67 

0.00062 

00016 

2.12 

0.0007 

0.001 

1.06 

O.OOC66 

-0.004 

3.78 

000136 

-0.000 

2.62 

0.00087 

-0.001 

7.40 

0.00246 

0002 

066 

0.00022 

-0.0123 

723 

0.00244 

000133 

6.44 

000214 

-0.00133 

7.16 

0.00214 

0.00622 

4.40 

00016 

0 

864 

0.0027 

0.0028 

801 

00023 

0.0023 

-020 

-0.0001 

-00087 

-100 

-0.0006 

00100 

-2.1 

-0.0007 

-000146 
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ROUND  LEADING  EDGES 


FIGURE  4.8.3. 1-4  VARIATION  OF  ZERO-NORMAL-FORCE  PITCHING-MOMENT  COEFFICIENT 
WITH  CAMBER  - DELTA  AND  MODIFIED  DELTA  CONFIGURATIONS 
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4.8.3.2  WING,  WING-BODY  PITCHING-MOMENT  VARIATION 
WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method  for  estimating  the  variation  of  pitching-moment  coefficient  with  angle  of 
attack  for  delta  or  modifled-delta  planform  re-entry  configurations  at  subsonic  speeds. 

The  design  charts  are  given  in  terms  of  the  center-of-pressure  location.  The  following  equation  is  used  to 
find  the  pitching-moment  coefficient,  based  on  the  product  of  the  planform  area  and  root  chord  Sc*: 


C = C 

m m 


♦(i  - 2»)  c, 

Na  V c.  c,  / ^ 


4.8.3.2-a 


where 
/ *m\ 


f:>. 

H <?  ♦ 

t 

(*) 

1.  • 

I*  .* 

Cn 

is  the  distance  from  the  nose  of  the  configuration  to  the  desired  moment  reference  center 
measured  in  root  chords,  positive  aft. 


is  the  distance  from  the  nose  of  the  configuration  to  the  center  of  pressure  measured  in 
root  chords,  positive  aft. 


Section  4.8. 1.2. 


Cm  is  the  zero-normal-force  pitching-moment  coefficient  obtained  by  using  the  method  of 
No  Section  4.8.3. 1.  For  symmetrical  configurations  C„,No  = 0. 

The  method  for  estimating  the  center-of-pressure  location  is  taken  from  reference  1.  A theoretical 
variation  of  center-of-pressure  location  with  aspect  ratio  (or  semiapex  angle)  from  reference  2 was 
corrected  to  provide  center-of-pressure  estimates  for  thin,  pointed-nose,  symmetrical  delta  configurations. 
This  result  was  then  corrected  to  account  for  the  effects  of  nose  blunting  and  finite  thickness. 

The  effect  of  nose  blunting  on  delta  wings  was  evaluated  by  assuming  that  the  normal  force  acting  on  a 
pure  delta  wing  can  be  divided  into  two  components.  One  of  these  components  is  distributed  uniformly 
over  the  planform  and  the  other  is  concentrated  at  the  leading  edge.  The  strength  of  the  concentrated 
component  has  a magnitude  at  any  spanwise  station  proportional  to  the  local  chord.  In  accordance  with 
this  concept,  the  resultant  of  the  uniform  load  acts  1/3  of  the  root  chord  forward  of  the  trailing  edge 
and  the  resultant  of  the  leading-edge  component  acts  2/3  of  the  root  chord  forward  of  the  trailing  edge 
for  a pure  delta  wing.  The  nose-blunting  effects  were  then  determined  by  assuming  that  the  pitching 
moment  depends  only  on  normal  force  and  by  analyzing  a simplified  situation  where  a part  of  the  nose 
of  a puie  delta  wing  is  removed  by  a straight  cut  normal  to  the  root  chord.  The  center-of-pressure 
movement  predicted  in  this  manner  is  different  from  experimental  results,  since  actual  nose  blunting 
usually  consists  of  a rounding  of  the  forward  part  of  the  wing  rather  than  a sharp  cut-off.  Therefore,  an 
empirical  factor  was  applied,  based  on  the  results  of  reference  3,  to  compensate  for  this  difference. 
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Finite  thickness  modifies  the  center-of-pressure  location  because  of  the  contribution  of  axial  force  to 
pitching  moment.  The  axial  force  produces  a nose-down  pitching  moment  at  positive  lifts  as  a result  of 
the  negative  pressures  on  the  upper  surface  of  the  wing  and  the  positive  pressures  on  the  lower  surface. 
An  empirical  correction  for  this  effect,  taken  from  reference  i,  is  presented  in  the  Datcom  method. 

The  Datcom  method  is  applicable  for  angles  of  attack  up  to  20°. 

DATCOM  METHOD 

The  center-of-pressure  location  of  delta  or  modified-delta  configurations  is  given  by 


-C.p. 


4.8.3.2-b 


where 

is  the  distance  from  the  wing  apex  to  the  center-of-pressure  location,  measured  in 
root  chords,  of  thin,  pointed-nose,  symmetrical  delta  configurations.  This  parameter 
is  obtained  from  figure  4.8,3.2-6b  as  a function  of  the  wing  semiapex  angle  6.  The 
semiapex  angle  is  measured  as  illustrated  on  figure  4.8 .3. 2 -6a. 

is  the  increment  in  the  center-of-pressure  location,  measured  in  root  chords,  due  to 
nose  blunting.  This  parameter  is  obtained  from  figure  4.8.3.2-  7a  as  a function  of 
the  configuration  semiapex  angle  6 and  aspect  ratio.  The  aspect  ratio  is  that  of  the 
blunt-nose  configuration. 

is  the  increment  in  the  center-of-pressure  location,  measured  in  root  chords,  due  to 
finite  thickness.  This  parameter  is  obtained  from  figure  4.8.3.2-7b  as  a function  of 
the  ratio  of  the  projected  frontal  area  to  the  planform  area  SF/S. 

Figure  4.8.3. 2- 6a  illustrates  the  cpnfiguration  geometry  used  in  this  method. 

A comparison  of  the  center-of-pressure  location  calculated  by  this  method  with  test  results  is  presented 
as  table  4.8.3.2-A.  It  should  be  noted  that  Reynolds-number  effects  might  be  expected  to  influence  the 
pitching-moment  characteristics  of  these  configurations  as  the  angle  of  attack  and  normal-force 
coefficients  increase.  However,  the  limited  Reynolds-number  range  of  the  test  data  precluded  isolation  of 
Reynolds-number  effects  during  the  data  correlation  reported  in  reference  1 . 


Sample  Problem 

Given:  A blunt-nose  delta-wing  model  with  a symmetrical  diamond  cross  section  and  a blunt  trailing  edge. 
This  is  model  D-4  of  reference  S. 

A * 1.087  b - 13.934  in.  S * 178.56  sq  in,  SK  = 41.44  in. 

0 - 15°  c,  = 23.0  in. 
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Compute: 


60  (figure  4.8,3.2-6b) 


4 tan  9 4 tan  15° 

1 — = 1 - » 0.0140 


1.087 


049  (figure  4.8.3.2-7a) 


Sp/S  = 41.44/178.56  = 0.232 

= 0.0238  (figure  4.8.3.2- 7b) 


Solution: 


’(if  * 4(-f ) + aCit)  <",u*tio"  4-8-3-2-b) 

r r A * B * t 

= 0.600  - 0.049  + 0.0238 
- 0.5748 

This  compares  with  a test  value  of  0.582  from  reference  5. 
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5.1  WINGS  IN  SIDESLIP 

5.1.1  WING  SIDESLIP  DERIVATIVE  Cy? 

5.1. 1.1  WING  SIDESLIP  DERIVATIVE  CYff  IN  THE  LINEAR  ANGLE-OF-ATTACK  RANGE 

The  wing  contribution  to  the  derivative  is  small,  of  the  order  a2 , and  its  accurate  estimation  is 
not  vital. 

Methods  are  presented  in  this  section  for  estimation  of  wing  side  force  due  to  sideslip  in  the 
subsonic  and  supersonic  speed  regimes.  Methods  for  the  estimation  of  this  derivative  in  the 
transonic  speed  regime  are  not  available. 

A.  SUBSONIC 

InReference  1 a simplified  theory  consisting  of  an  application  of  strip  theory  and  lifting-line  theory 
is  applied  to  constant-chord  swept  wings  in  sideslip  to  determine  approximate  relations  for  the 
low-speed  sideslip  derivatives.  The  method  presented  in  this  section  for  estimating  the  wing  side 
force  due  to  sideslip  at  low  subsonic  speeds  is  taken  from  Reference  1.  It  is  valid  in  the  linear-lift 
region. 


DATCOM  METHOD 


The  wing  sideslip  derivative  CYj  at  low  speeds  neglecting  the  effect  of  dihedral  is  given  inReference 
1 as 


6 tan  Aej4  sin  Ac^ 
*A  (A  + 4 cos  Ac^4  ) 


1 

57.3 


(per  deg) 
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The  increment  in  side  force  due  to  dihedral  at  low  subsonic  speeds  can  be  approximated  by 


AS 

iri 


-0.0001  (fl  and  r in  degrees) 
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For  subcritical  speeds,  the  low-speed  derivative  can  be  modified  by  the  Prandtl-GIauert  rule  to 
yield  approximate  corrections  for  the  first-order  three-dimensional  effects  of  compressibility.  The 
resulting  expression  fromReference  2 is 

A + 4 cos  Ac/<  /Cyf 
m AB  + 4cosAc/4  \Cl 

tpeei 


where 


B = y/  1 - M2  cos2  Ac/4 
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Calculated  values  for  the  wing  side  force  due  to  sideslip  obtained  by  the  Datcom  method  for  the 
wing  configurations  of  References  3,  4,  and  5 are  compared  with  experimental  data  in  Figure 
S.  1.1. 1-5.  The  comparison  indicates  that  the  calculated  values  are  fairly  reliable  over  a range  of  lift 
coefficient  (starting  from  zero)  that  decreases  as  wing  sweep  increases.  Large  discrepancies  are  noted 
for  highly  swept  wings  at  lift  coefficients  for  which  the  flow  is  believed  to  be  partially  separated. 

Sample  Problem 


Given:  The  wing  of  Reference  S 

A = 4.0  Ac/4=60°  X = 0.6  r = 0.6  M = 0.13 

Compute: 

sin  Ac/4  = 0.866 
cos  A cjA  = 0.500 
tan  Acy4  = 1.732 

Solution: 


6 tan  Ac/4  sin  Ac/4 
wA  (A  + 4 cos  Ac/4  ) 


1 

57.3 


(per  deg) 


(Equation  5.1.1.1-a) 


(6)(  1.732X0-866)  _l_ 

*(4)  [4  + 4(0.500)]  57.3 

9 1 

24ir  57.3 


= 0.00208  per  deg 


CL 

c2 

'-'L 

Cv  x 103 

YP 

(per  deg) 

0.05 

0.0025 

0.0052 

0.10 

0.010 

0.0208 

0.20 

0.040 

0.0832 

0.30 

0.090 

0.1872 

0.40 

0.160 

0.3328 

0.50 

0.250 

0.5200 

0.60 

0.360 

0.7488 

These  results  are  compared  with  experimental  values  in  Figure  5. 1.1 .1-5. 
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B.  TRANSONIC 


No  method  is  available  in  the  literature  for  estimation  of  the  wing  contribution  to  the  derivative 
CY(J  in  the  transonic  speed  regime  and  none  is  presented  in  the  Datcom.  Furthermore,  no 

experimental  data  are  available  in  this  speed  regime. 

C.  SUPERSONIC 

No  general  method  has  been  developed  for  estimating  the  wing  side  force  due  to  sideslip  at 
supersonic  speeds.  However,  theoretical  methc  is  are  available  for  discrete  planforms  over  certain 
speed  ranges.  A comprehensive  summary  of  the  available  theoretical  methods  for  calculating  the 
wing  side  force  due  to  sideslip  is  presented  in  Reference  6.  The  expressions  for  the  derivatives  for 
each  planform  have  been  obtained  from  application  of  the  linearized  theory  for  compressible  flow 
as  applied  to  thin  airfoils.  The  linearized  theory  is  directly  applicable  for  the  lateral  motion  of 
sideslip  and  the  results  are  limited  only  by  the  complexity  of  the  calculations  required  to  determine 
the  load  distributions  for  certain  planforms  under  certain  conditions.  Calculation  complexities  arise 
as  a result  of  the  existence  of  regions  of  interacting  or  mutually  subsonic  edges  (a  subsonic  edge 
lying  within  the  region  of  influence  of  another).  Consequently,  the  theoretical  calculations  available 
are  limited  primarily  to  combinations  of  planforms  and  Mach  lines  that  do  not  have  interacting  or 
mutually  subsonic  edges. 

No  experimental  data  are  available  in  the  supersonic  speed  regime;  consequently,  the  quantitative 
accuracy  of  the  estimation  methods  cannot  readily  be  assessed.  However,  a review  of  the  application 
of  linearized  theory  for  the  prediction  of  wing  lift-curve  slope  at  supersonic  speeds  can  at  least  lead 
to  a qualitative  conclusion  of  the  theory's  accuracy  when  applied  to  lateral  derivatives.  Comparison 
has  shown  that  the  agreement  between  experiment  and  linear  compressible-flow  theory  with  regard 
to  wing  lift-curve  slope  is  satisfactory  for  most  practical  purposes.  To  conclude  that  linearized 
theory  is  therefore  adequate  for  lateral  derivative  prediction  seems  somewhat  questionable  in  that 
the  lift-curve  slope  is  dependent  on  the  integrated  pressure;  whereas  the  lateral  derivatives  are 
dependent  on  pressure  distribution.  However,  when  coupled  with  the  fact  that  the  lateral  derivatives 
are  relatively  insensitive  to  small  shifts  in  spanwise  center  of  pressure,  the  indication  is  that 
application  of  the  linearized  compressible-flow  theory  should  give  fairly  good  results  at  least  insofar 
as  general  trends  and  orders  of  magnitude  are  concerned. 

DATCOM  METHODS 

The  Datcom  methods  are  taken  from  References  7,  8,  and  9 and  present  the  wing  side  force  due  to 
sideslip  over  limited  Mach  number  ranges  for  rectangular  planforms,  triangular  planforms,  and  fully 
tapered  sweptback  planforms  with  swept  forward  or  sweptback  trailing  edges.  The  results  are 
mainly  functions  of  planform  geometry  and  Mach  number. 

Rectangular  Planform:  A/3  > 1.0 

The  wing  side  force  due  to  sideslip  for  rectangular  planforms  (neglecting  the  effect  of  dihedral)  is 
derived  inReference  7 as 
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(per  deg) 
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where  a is  in  radians  and  0 = M2  - 1. 
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5.1. 1.1-3 


Equation  5. 1.1. 1-6  is  valid  for  Mach  number  and  aspect  ratio  greater  than  that  for  which  the  Mach 
line  from  the  leading  edge  of  the  tip  section  intersects  the  trailing  edge  of  the  opposite  tip  section 
(A/3  > 1.0). 


Sweptback  Planform  (X  = 0):  0 cot  AtE  < 1 .0 

The  wing  side  force  due  to  sideslip  for  fully  tapered  sweptback  planforms  (neglecting  the  effect  of 
dihedral)  is  derived  in  Reference  8 for  triangular  planforms  and  in  Reference  9 for  planforms  with 
sweptforward  or  sweptback  trailing  edges  as 


-^-AM2Q(/3C)  jL  (perdeg)  5.1.1.1-e 


whereat  is  in  radians  and  Q(/3C)  is  obtained  from  figure  S.  1.1. 1-6. 


Equation  5.1.1.1-e  is  valid  for  Mach  number  and  aspect* ratio  for  which  the  wing  is  contained  within 
the  Mach  cones  springing  from  the  apex  and  the  trailing  edge  at  the  center  of  the  wing. 

The  increment  in  side  force  due  to  dihedral  given  by  Equation  5.1.1.1-b  is  also  applicable  at 
supersonic  speeds. 
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FIGURE  5.1. 1.1-5  COMPARISON  OF  CALCULATED  AND  EXPERIMENTAL  VALUES  OF  WING  SIDE 
FORCE  DUE  TO  SIDESLIP  FOR  THE  WING  CONFIGURATIONS  OF  REFERENCES 
3,  4,  AND  5 
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5.1.2  WING  SIDESLIP  DERI VA1IVE  C 
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5.1.2.1  WING  SIDESLIP  DERIVATIVE  C>  IN  THE  LINEAR  ANGLEOF-ATTACK  RANGE 


A.  SUBSONIC 


For  wings  at  low  angles  of  attack  and  subsonic  speeds,  the  rolling  moment  due  to  sideslip  is  principally  a 
function  of  wing  aspect  ratio,  taper  ratio,  dihedral  angle,  and  sweep. 


The  effect  of  aspect  ratio  on  the  rolling  moment  of  unswept  wings  is  treated  theoretically  in  reference  1 . In 
this  reference,  a wing  in  sideslip  is  represented  by  a suitably  restricted  system  of  vortices.  The  span  loading 
is  calculated  and  then  integrated  to  obtain  the  rolling  moment.  The  results  show  that  C{  for  three- 

P 

dimensional  unswept  wings  increases  approximately  linearly  with  1 /A  and  decreases  slightly  with  taper 
ratio. 


The  vortex  representation  used  in  reference  1 for  unswept  wings  is  applied  to  swept  straight-tapered  plan- 
forms  in  reference  2.  Here,  the  rolling  moment  is  found  to  be  a strong  function  of  sweep,  but  the  increment 
provided  by  sweep  is  relatively  insensitive  to  variations  of  aspect  ratio  and  taper  ratio. 

A rather  different  approach  to  the  straight-tapered-wing  rolling-moment  problem  is  taken  in  reference  3. 
Here,  the  effects  of  sweep  on  Cl  are  calculated  as  the  difference  between  the  effective  lift-curve  slopes 

0 

for  the  upwind  and  downwind  wing  panels.  Panel  lift-curve  slope  is  assumed  to  oe  a function  of  effective 
sweep  angle  (A  ± 0)  and  effective  geometric  aspect  ratio.  Aspect-ratio  effects  are  then  taken  to  be  the 
di/Terence  between  the  experimental  and  the  calculated  values  for  swept  wings. 

In  spite  of  their  widely  differing  approaches,  references  2 and  3 give  similar  results.  For  very  low  aspect 
ratios,  slender-body  theory,  as  applied  in  reference  4,  shows  that  C|  = -2/3  A (per  radian).  This  value 

0 

compares  well  with  experimental  data  for  low-aspect-ratio  delta  wings. 

Neither  reference  2 nor  reference  3 defines  a lower  aspect-ratio  limit,  below  which  the  respective  theories 
are  invalid.  However,  since  neither  theory  converges  to  the  slender-body  value  at  low  aspect  ratios,  there 
must  be  a transition  region  between  the  high-aspect-ratio  values  of  references  2 and  3 and  the  slender-body 
value  of  reference  4. 

At  subsonic  speeds  methods  are  presented  for  determining  the  rolling  moment  due  to  sideslip  for  the  follow- 
ing classes  of  wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  wings) 

Non-Straight-Tapered  Wings 

Double-delta  wings 
Cranked  wings 

These  two  general  categories  of  non-straight-tapered  wings  are  illustrated  in  sketch  (a)  of  Section 
4. 1 .3.2.  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 


5.1.2.1-1 


The  Datcom  method  for  straight-tapered  wings  is  a combination  of  the  methods  of  references  1,  2, 3,  and  4, 
Reference  4 is  used  for  low-aspect-ratio  wings.  References  1,2,  and  3 are  used  for  high  aspect  ratios,  with 
experimental  data  serving  as  a guide  as  to  which  theory  is  most  applicable.  For  intermediate  aspect  ratios 
the  experimental  data  of  references  8 through  1 3 are  used  as  a guide  in  constructing  a faired  curve  between 
the  slender-body  values  of  reference  4 and  the  high-aspect-ratio  values  of  references  1 , 2,  and  3.  Mach  num- 
ber effects  are  calculated  by  the  method  of  reference  3.  The  effect  of  uniform  geometric  dihedral  is 
accounted  for  by  the  method  of  references  5 and  6,  that  of  nonuniform  geometric  dihedral  by  the  method 
of  reference  6,  and  that  of  wing  twist  by  the  method  of  reference  7. 

The  Datcom  method  for  double-delta  and  cranked  wings  is  taken  from  reference  1 4.  In  addition  to  wing 
aspect  ratio,  taper  ratio,  dihedral  angle,  and  sweep,  the  location  of  the  leading-edge  or  trailing-edge  sweep 
break  is  an  important  factor  in  determining  the  rolling  moment  due  to  sideslip  of  these  non-straight- 
tapered  wings.  The  method  is  based  on  the  results  presented  for  straight-tapered  wings.  The  composite  wing 
is  divided  into  two  individual  panels  and  a “weighted-lift"  relationship  is  applied  to  the  rolling  moment 
due  to  sideslip  of  each  panel  calculated  using  the  straight-tapered  wing  method. 

The  subsonic  methods  presented  in  this  section  are  valid  for  sideslip  angles  between  -5°  and  +5°  at  speeds 
up  to  M “ 0.60  and  low  angles  of  attack. 

No  provision  is  made  for  the  effective-dihedral  contribution  of  the  wing  tip  shape.  This  contribution  is 
important  only  for  thick  wings  and  taper  ratios  near  1 .0. 

DATCOM  METHODS 


Straight-Tapered  Wings 


The  subsonic  rolling  moment  due  to  sideslip  of  a straight-tapered  wing  with  uniform  geometric  dihedral  at 
low  angles  of  attack  is  given  by  the  following  equations: 


For  A 2 1.0: 
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For  A < 1.0: 
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where 


is  the  wing-sweep  contribution  obtained  from  figure  5.1.2.1-27. 


is  the  compressibility  correction  to  the  sweep  contribution,  obtained  from 
figure  5.1. 2.1-28a. 


is  the  aspect-ratio  contribution,  including  taper-ratio  effects,  obtained  from 
figure  5. 1.2. l-28b. 


is  the  dihedral  effect  for  uniform  geometric  dihedral,  obtained  from 
figure  5.1.2.1-29. 


r 


is  the  dihedral  angle  in  degrees. 


is  the  compressibility  correction  factor  to  the  uniform-geometric-dihedral 
effect,  obtained  from  figure  5.1.2.1-30a. 


AC 


P 


0tanAc/4 
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is  the  wing-twist  correction  factor,  obtained  from  figure  5. 1.2.1  -30b. 


is  the  wing-twist  between  the  root  and  tip  stations,  negative  for  washout  (see 
figure  5. 1.2.1 -30b). 


For  wings  with  nonuniform  dihedral,  the  dihedral  term  of  equation  5. 1.2.1 -a;  i.e., 


replaced  by 


(per  degree). 


where 

is  the  rolling-moment-due-tosideslip  parameter  for  any  symmetric,  spanwise  distribution 
of  dihedral  angle,  obtained  from  figure  5.1.2.1-31  as  a function  of  Ap  and  0A /k. 

Tie  parameter  k is  the  ratio  of  the  two-dimensional  lift-curve  slope  at  the  appropriate 
Mach  number  to  2»;  i.e.,  ^ ^2*i  The  two-dimensional  lift-curve  slope  is  obtained 

from  Section  4. 1 . 1 .2.  For  wings  with  airfoil  sections  varying  in  a reasonably  linear  manner 
with  span,  the  average  value  of  the  lift-curve  slopes  of  the  root  and  tip  sections  is  adequate. 

The  parameter  Ap  is  the  compressible  sweep  parameter  given  as  Ap  = tan'1  (tan  Ac/4  /p). 

f is  the  geometric  dihedral  in  degrees. 


*1, 

kT 


Figure  5. 1 .2.1-3 1 applies  directly  to  a gull-wing  arrangement  with  the  dihedral  starting  at  the  wing  root  and 
extending  outboard  to  some  spanwise  station.  For  partial-span  dihedral  starting  at  some  spanwise  station 


and  extending  outboard  to  some  spanwise  station  rja,  the  value  of 


kT 


is  obtained  as  illustrated  in 


sketch  (a). 
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SKETCH  (a) 


V , V0 
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Lifting-surface  theory  has  been  used  in  reference  6 to  obtain  the  rolling  moment  due  to  sideslip  for  any 
symmetric,  spanwise  distribution  of  dihedral.  The  theory  is  applicable  only  to  wings  for  which  0A  > 2 and 
Ap  s 60°. 

It  should  be  noted  that  at  r?  = 1.0  figure  5. 1.2. 1-31  gives  the  dihedral  effect  due  to  uniform  dihedral.  How- 
ever, the  uniform-dihedral  term  of  equation  5. 1.2.1  -a  has  been  retained  because  of  the  ease  with  which 
figure  5. 1.2. 1-29  can  be  applied. 

Sample  problem  1 at  the  conclusion  of  this  paragraph  (page  5. 1 .2. 1 -S)  illustrates  the  use  of  this  method 
applied  to  a straight-tapered,  untwisted  wing  with  no  dihedral.  A sample  problem  including  the  effect  of 
uniform  dihedral  is  presented  in  paragraph  A of  Section  5.2.2. 1. 

A comparison  of  low-speed  test  values  with  results  calculated  by  using  this  method  for  straight-tapered 
wings  is  presented  as  table  5.1.2.1-A.  The  ranges  of  geometric  parameters  of  the  test  data  are: 

0.25  s AS  6.93 

-CAC/J  £ 75.3° 

0 s ^ 1.0 

r » o 

0 = 0 - . > 

Test  data  are  not  available  to  permit  substantiation  of  the  effects  of  either  wing-twist  or  dihedral  on  the 
wing  rolling  moment  due  to  sideslip. 

Non-Straight-Tapered  Wings 

The  method  for  determining  the  rolling  moment  due  to  sideslip  of  double-delta  and  cranked  wings  is  taken 
from  reference  14.  The  non-straight-tapered  wing  is  divided  into  two  panels,  with  each  panel  having  con- 
ventional straight-tapered  geometry.  Then  for  each  of  the  constructed  panels,  the  individual  rolling  moment 
due  to  sideslip  is  estimated  by  the  method  presented  above  for  straight-tapered  wings.  The  individual 
rolling-moment  coefficients  derived  for  each  constructed  panel  are  then  weighted  according  to  the  propor- 
tion of  the  total  lift  that  those  panels  produce.  In  order  to  maintain  the  proper  span  reference,  the  roiling- 
moment  coefficient  of  the  constructed  inboard  set  of  panels  is  further  modified  by  multiplying  its 
contribution  by  the  ratio  of  the  inboard  span  to  the  reference  span  (total  wing  span). 


The  method  is  applicable  only  to  untwisted  wings  with  zero  degrees  dihedral  at  low  angles  of  attack. 

The  rolling  moment  due  to  sideslip  of  double-delta  and  cranked  wings  is  obtained  from  the  procedure 
outlined  in  the  following  steps: 

Step  1.  Divide  the  composite  wing  into  constructed  inboard  and  outboard  panels  as  discussed  in 
paragraph  A of  Section  4. 1.4.2  (see  pages  4. 1.4. 2-5,  -61),  and  determine  their  pertinent 
geometric  parameters. 

Step  2.  Determine  the  lift-curve  slopes  of  the  constructed  inboard  and  outboard  panels  from 
figure  4. 1.3.2-49,  based  on  their  respective  areas  Sj  and  Sj  . 

Step  3.  Determine  the  rolling  moment  due  to  sideslip,  based  on  the  total  wing  area  and  span,  by 


where  the  subscript  i and  the  prime  and  subscript  o denote  the  constructed  inboard  and 
outboard  panels,  respectively. 

The  parameters  ^C|^/CLj  ^ KM^,  and  (c  l^/CLJA  are  obtained  from  figures 

5.1.2.1-27,  5.1.2.1-28a,  and  5.1 .2. l-28b,  respectively,  by  using  the  geometry  of  the  con- 
structed inboard  and  outboard  panels. 


If  the  aspect  ratio  of  an  individual  set  of  constructed  wing  panels  is  less  than  one,  Ci  /C,  for  that  set 

P L 

of  panels  is  calculated  by  equation  5.1 .2.1 -a.  For  example,  if  the  aspect  ratio  of  the  constructed  inboard 
panel  is  less  than  one,  then  equation  5.1.2.1-b  would  be  expressed  as 
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Sample  problem  2 on  page  5. 1.2. 1-6  illustrates  the  use  of  this  method. 


A comparison  of  low-speed  test  values  with  results  calculated  by  this  method  is  presented  as  table  5.1 .2. 1-B 
(taken  from  reference  14).  The  limited  availability  of  experimental  data  precludes  substantiation  of  this 
method. 


1 . Straight-Tapered  Wing 


Sample  Problems 


Given:  A sweptback  wing  of  reference  29. 


A = 4.0 


X = 0.60 


r = o 


m 


r 


N' 


h’-.v. 


r~ 


\,2  =59.2" 


= -0.0072  per  deg  (figure  5.1.2  1-27,  interpolated) 


0 = 0 


4.0 


cos  59.2° 


= 7.81 


cy2  = 0.1 3 cos  A ci2  = 0.067 


Km  = 1.00  (figure  5.1.2.1.28a) 
A 


= -0.0016  per  deg  (figure  5.1 .2.1  -28b) 


A-l 


(equation  5.1 .2.1 -a  with  P = 0,  6 = 0) 


■(0.0072)  (1.0)  + (-0.00 16)J 
= -0.0088  per  deg  (based  on  Sw  bw  ) 

This  result  compares  with  a test  value  of  -0.0094  from  reference  29. 

2.  Non-Straight-Tapered  Wing 

Given:  A cranked  wing  of  reference  30. 

Total-Wing  Characteristics: 
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Constructed-lnboard-Panel  Characteristics: 


Sj  = 8. 1 8 sq  ft 

Aj  = 1.50 

X;  = 0.70 

(!)  -■•75n 

V,  * 55-°° 

A,  F = 59.0° 

LEj 

M = 0.13 
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— = 0.676 


Constructed-Outboard-Panel  Characteristics: 


*•  ■7'72sqft  a;  =2.34  x;  =0.35  (|)  = 2.12Sft 


(Mo  “ V.  " 4S  ;°  ■ Ac/J  - 41.0° 


= 0.638 


Additional  Characteristics; 


M - 0.18;  0 m 0.984 


K ~ 1 .0  (assumed) 


Compute 


(%),  and  (%)'  <Secti0«  41.3.2) 

+ ,anI  Ao«,]  ‘ " - Trf°  9676  + « A28f)2j  1 11  = 2.60 

_ 

\T~/  ~ 1.19  per  rad  (figure  4.1.3.2-49) 

/1 


\,A/  ' 0-19)(1.5)=  1.785  perrad 

— |^2  + tan2  Ac/2'j,/2  = yj  [0.9676 + (0.8693)2J,/2  = 3.07 


~£~J  ~ 1 . 1 1 per  rad  (figure  4. 1 .3.2-49) 


m:  ■ (?)' 


M ~ (!•!!)  (2.34)  = 2.60  pet  rad 


(Cl«L  = (cO,  £ + M' 


“ 1.785  (0.676)  + 2.60  (0.638)  = 2.865 
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-0.0045  per  deg  (figure  5.1.2.1-27,  interpolated  for  A;,  X.,  and  Ac/2  ) 


-0.0032  per  deg  (figure  5.1.2.1-27,  interpolated  for  A^,  X^,  and  \/2' 


M . 


and  K 


ma: 


\ 1.50 

= = 2.615 

cosAc/2  0.5736 

McosAc/lj  = (0.18)  (0.5736)  = 0.103 

Km^  = 1.0  (figure  5. 1.2.1 -28a) 

Ao  _ 2.34  _ 

co$Ac/2'  ~ 0.7547  “ 3,10 

M cos  Ac/j^  - (0.18)  (0.7547)  = 0.136 

kmA'  = 1-0  (figure  5. 1.2.1-28a) 

O 


- -0.0065  per  deg  (figure  5.1 .2.1 -28bat  A(  and  Xj) 

= -0.0034  per  deg  (figure  5.1 .2.1-28b  at  A0  and  X^) 
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Solution; 


i 


2.865 


2.865 


3.5  1 

1 785  (0.676)  -0.0045  (1.0) + (-0.0065)  — + 2.60(0.638)  -0.0032  (1 .0)  + (-0.0034) 

6.0 


-0.00774-0.01095 


= -0.00652  per  deg  (based  on  Swbw) 


This  result  compares  with  a test  value  of  -0.00628  from  reference  30. 


B.  TRANSONIC 


As  the  Mach  number  increases  above  M = 0.6,  the  rolling-moment  derivative  Ci  of  straight-tapered  wings 

also  increases,  up  to  the  force-break  Mach  number.  The  increase  is  nonlinear,  with  the  largest  gradient 
occurring  just  below  the  force-break  Mach  number.  Beyond  the  force-break  Mach  number  the  value  of 
the  rolling-moment  derivative  falls  off  abruptly. 


This  variation  with  Mach  number  is  quite  similar  to  that  of  the  wing  lift-curve  slope,  as  discussed  in  para- 


fully  treated  by  using  the  effective  lift-curve  slopes  of  the  upwind  and  downwind  panels  (reference  3 ). 

The  similarity  in  Mach  number  characteristics  between  rolling  moment  and  lift-curve  slope  suggests  a 
transonic  interpolation  method  based  on  lift-curve  slope,  for  calculating  rolling  moment.  An  interpolation 
equation  is  presented  that  is  based  on  the  square  of  the  lift-curve  slope  values  at  M = 0.6  and  at  M * 1 .4. 


Although  this  interpolation  method  gives  good  results  in  most  cases,  it  must  be  recognized  that  it  is  an 
interpolation  technique  and  should  be  replaced  by  more  accurate  methods  or  data  if  they  are  available. 

The  Datcom  method  is  limited  to  straight-tapered  wings  and  is  valid  for  sideslip  angles  between  -5°  and 
+5°  and  low  angles  of  attack. 

DATCOM  METHOD 


The  wing  rolling  moment  due  to  sideslip  of  straight-tapered  wings  may  be  approximated  through  the 
transonic  region  by  means  of  the  interpolation  formula 
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where 


is  the  sideslip  derivative  at  M = 0.6  from  the  straight-tapered  wing  method  of 
paragraph  A. 


is  the  sideslip  derivative  at  M = 1 .4  from  the  straight-tapered-wing  method  of 
paragraph  C. 


is  the  square  of  the  lift-curve  slope  at  M = 0.6  from  the  straight-tapered-wing  method 
of  paragraph  A of  Section  4. 1 .3.2  (figure  4. 1 .3.2-49). 

is  the  square  of  the  normal-force-curve  slope  at  M = 1 .4  from  the  straight-tapered- 
wing  method  of  paragraph  C of  Section  4. 1 .3.2. 


The  transonic  interpolation  procedure  is  the  same  for  wing-alone  and  wing-body  configurations.  Since  the 
only  available  experimental  data  are  for  wing-body  configurations,  the  sample  problem  of  paragraph  B of 
Section  5.2.2. 1 can  be  taken  as  an  example  of  the  application  of  this  method. 


C.  SUPERSONIC 


The  roiling  moment  due  to  sideslip  for  a wing  at  supersonic  speeds  is  mainly  a function  of  planfonn,  Mach 
number,  and  dihedral  angle. 

A comprehensive  summary  of  theoretical  methods  for  calculating  the  effect  of  planfonn  on  rolling  moment 
is  given  in  reference  15.  The  information  presented  in  this  reference  is  not  generalized,  but  is  presented  for 
discrete  straight-tapered  planforms  over  certain  speed  ranges.  This  is  done  because  the  theoretical  calcula- 
tions available  are  limited  primarily  to  combinations  of  planforms  and  Mach  lines  that  do  not  have 
mutually  interacting  subsonic  edges.  Techniques  for  handling  mutually  interacting  subsonic  edges  are 
lengthy  and  involved.  Consequently,  numerical  results  are  available  for  only  a relatively  few  planforms  that 
require  such  methods.  Even  when  the  boundary  conditions  can  be  specified  and  a linear-theory  analysis 
carried  out,  the  rolling  moment  cannot  be  generally  expressed  as  a linear  function  of  sideslip  angle  (see 
reference  1 6).  To  obtain  the  derivative  Cj^,  it  is  necessary  to  plot  against  J3  and  measure  the  slope. 

For  planforms  having  streamwise  tips  there  are  additional  questions  concerning  whether  or  not  the  Kutta 
condition  applies  at  the  trailing  tip.  In  reference  6 it  is  assumed  that  it  does.  In  reference  8 it  is  assumed 
that  it  does  not,  and  values  of  opposite  (negative)  sign  are  obtained.  In  very  few  cases  should  any  signifi- 
cant contribution  be  expected  from  the  trailing  tip.  Nevertheless,  most  experimental  measurements  made 
to  date  give  negative  values  of  Ci  . 


Reference  17  indicates  that  agreement  between  experiment  and  theory  for  straight-tapered  swept  wings  with 
streamwise  tips  may  be  obtained  by  integrating  the  span  loading  at  combined  angles  of  attack  and  sideslip; 
references  7 and  18  show  calculations  for  such  span  loadings.  However,  there  is  no  simple  analytic  expres- 
sion for  calculating  C^/a , and  general  digital  computer  solutions  are  not  yet  available. 

For  delta  wings,  the  theory  of  reference  1 6 predicts  a discontinuity  and  change  in  sign  for  C | at  the 

Mach  number  at  which  the  leading  edge  is  sonic.  Since  discontinuities  of  this  type  do  not  occur  physically, 
there  is  some  question  as  to  what  shape  the  Cj  curve  should  have  in  the  sonic-leading-edge  region. 

Hie  above  discussions  indicate  the  present  uncertain  status  of  supersonic  rolling-moment  theory. 
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None  of  the  previously  mentioned  theoretical  methods  are  used  in  the  Datcom,  However,  the  discussion 
is  included  because  no  method  yet  developed  is  entirely  satisfactory  lor  a|!  configurations  over  the  entire 
speed  range.  It  is  felt  that  the  Datcoin  does  give  best  results  for  the  widest  range  of  configurations  and 
speeds,  but  it  must  be  recognized  that  there  may  be  regions  where  one  of  the  references  mentioned  gives 
better  results. 


Methods  are  presented  for  determining  the  rolling  moment  due  to  sideslip  for  the  following  classes  of 
wing  planforms: 

Straight-Tapered  Wings  (conventional,  trapezoidal  wings) 

Non-Straight-Tapered  Wings 


Double-delta  wings 
Cranked  wings 


These  two  general  categories  of  non-straight-tapered  wings  are  illustrated  in  sketch  (a)  of  Section 
4. 1 J.2.  Their  wing-geometry  parameters  are  presented  in  Section  2.2.2. 

The  straight-tapered-wing  method  is  essentially  that  of  reference  19,  with  the  nomograph  of  page  J.2-1,10 
represented  by  an  equation.  This  is  done  because  of  the  inaccuracy  of  the  nomograph  at  the  higher  Mach 
numbers,  where  the  rolling  moments  are  small.  The  nomograph  of  reference  19  was  derived  by  writing 
the  effective  lift-curve  slope  for  each  wing  panel  as  a function  of  swcepback  and  sideslip,  multiplying  this 
effective  lift-curve  slope  by  the  spanwisc  center-of-pressure  location,  and  taking  the  derivative  of  this 
product  with  respect  to  sideslip  angle.  One  characteristic  of  this  method  is  that  it  does  not  give  positive 
rolling  moments  with  positive  sideslip  angles  (negative  dihedral  effect)  for  any  speed  range  or  planform. 
This  is  in  direct  opposition  to  certain  other  theories  (reference  16)  but  is  in  qualitative  agreement  with 
experimental  dala.  (References  20  through  27). 


Another  characteristic  of  the  straight-tapered-wing  method  is  that  it  predicts  a lineal  variation  of  0 


I* 


with  Cj . This,  however,  is  not  in  agreement  with  the  experimental  data  of  references  20  through  27.  In 
these  tests,  Ci  is  nonlinear  with  both  angle  of  attack  and  sideslip.  Since  all  these  experimental  tests 
P 

are  on  wing-body  combinations,  it  is  not  known  to  what  extent  the  experimental  nonlinearities  may  be 
caused  by  the  body  or  by  wing-body  interference  effects. 

Geometric-dihedral  effects  are  accounted  for  by  the  method  of  reference  28.  This  reference  bases  the 
dihedral  parameter  Ci  IT  on  the  darnping-in-roll  parameter  Ci  , by  means  of  the  following  equation: 
P p 


2 /1+2X\ 

(57,3>-  \l  + 3A/ 


(per  degree2) 
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Although  this  equation  is  strictly  an  approximation,  comparison  of  experimental  data  with  values  calculated 
from  it  shows  that  it  gives  good  results.  This  success  is  largely  due  to  the  use  of  Ci  as  a base,  since  this 

P 

latter  derivative  is  one  tor  which  supersonic  theory  has  given  best  results. 

The  Datcom  method  for  double-delta  and  cranked  wings  is  taken  from  reference  14.  The  supersonic  pre- 
diction method  has  resulted  from  an  analysis  based  on  the  same  guide  lines  as  the  subsonic  analysis.  The 
straight-tapered-wing  method  is  used  as  a base  and  a wing-lift  prediction  technique  is  used  to  weight  the 
rolling-moment  contributions  of  the  various  portions  of  the  wing. 
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The  nonlmearit ies  of  C j with  both  angle  of  attack  and  sideslip,  discussed  above  in 

straight-tapered  wings,  also  exist  for  the  double-delta  and  cranked  wings  investigated 
the  study  conducted  in  connection  with  reference  ' 1. 


connection  with 
during  the  course  of 


DATCbrt  METHODS 


Straight-Tapered  Wing- 


The  rolling  moment  at  Mach  numbers  above  1 .4  for  conventional,  untwisted  wings  with  uniform  geometric 
dihedral  in  the  linear  angle-of-attack  and  sideslip  ranges  is  given  by 


where 


= -0.061  CN 

J\) 

\r  / 


(per  degree) 
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is  the  wing  leading-edge  sweep  in  radians. 

is  the  wing  normal-force-curve  slope  per  radian,  obtained  from  the  straight-tapered-wing 
method  of  paragraph  C of  Section  4. 1.3.2. 

is  the  dihedral  parameter  calculated  by  using  equation  5.1 ,2.1-d  with  Cj  (per  radian) 
obtained  from  paragraph  C of  Section  7. 1 .2.2.  P 

is  the  dihedral  angle  in  degrees  (uniform  dihedral). 


Sample  problem  1 on  page  5.1.2.1-16  illustrates  the  use  of  this  method  applied  to  a straight-tapered  wing 
with  zero  degrees  dihedral. 


A sample  problem  including  the  effect  of  uniform  dihedral  is  presented  in  paragraph  C of  Section  5.2.2. 1 . 

A comparison  of  test  values  of  supersonic  wing  rolling  moments  due  to  sideslip  with  results  calculated  by 
using  this  method  is  presented  as  table  S.1.2.1-C.  The  ranges  of  Mach  number  and  geometric  parameters 
of  the  data  are: 


3.0  <A<  4.0 
20.9°  62.9° 

0.140i  X £0.250 

r = o 

1.62  s6  M*  4.65 

A data  summary  of  calculated  versus  test  values  of  the  dihedral  parameter  (AC  ^ (including  fuselage 
effects)  is  presented  for  wing-body  configurations  at  supersonic  speeds  in  Section  5.2.2. 1 (table  5.2.2. 1-E> 
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o 


Non-Stiaight-Tapered  Wings 

The  method  for  determining  the  rolling  moment  due  to  sideslip  of  double-delta  and  cranked  wings  is  taken 
from  reference  14.  The  composite  wing  is  divided  into  two  panels  with  each  panel  having  conventional 
straight -tapered  geometry.  Then  the  lift-curve  slopes  and  geometric  characteristics  of  the  two  panels  are 
substituted  into  the  straight-tapeaed-wing  method  (equation  5.1 ,2.1-e).  In  order  to  maintain  the  proper  span 
reference  the  rolling-moment  contribution  of  the  innermost  panel  is  further  modified  by  multiplying  its 
contribution  by  the  ratio  of  Us  span  to  the  reference  span  (total  wing  span). 


The  method  is  applicable  only  to  untwisted  wings  with  zero  degrees  dihedral  at  low  angles  of  attack  and 
sideslip.  A further  restriction  is  that  the  composite-wing  trailing  edge  must  be  unbroken  (straight  trailing 
edge  from  root  to  tip). 


The  rolling-moment  derivative 
lined  in  the  following  steps: 


of  double-delta  and  cranked  wings  is  obtained  from  the  procedure  out- 


step 1.  Divide  the  composite  wing  into  two  panels  as  follows  (see  sketch  (b)),  and  determine  their 
pertinent  geometric  characteristics. 


Basic  Wing  - the  outboard  leading  and  trailing  edges  extended  to  the  center  line. 
This  constructed  panel  is  denoted  by  the  subscript  bw. 

Glove  - a delta  wing  superimposed  over  the  basic  wing.  The  glove  leading  edge 

is  that  of  the  inboard  panel.  This  zero-taper  wing  is  denoted  by  the 
subscript  g. 


SKETCH  (b) 


Step  2.  Determine  the  normal-force-curve  slopes  of  the  glove  and  basic  wing  (per  radian)  by  using 
the  supersonic  design  charts  of  Section  4. 1.3. 2.  ?CN  \ is  obtained  from  figure  4.1 ,3.2-56 
and  ^CN  j from  figure  4.1.3.2-63.  \ aAw 
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« 

Step  3.  Determine  the  “lift-interference  factor”  KL  from  figure  4.1 .3.2-61  as  a function  of  the 
glove  normal-force-curve  slope. 


1 


m 

<9 


Step  4.  Determine  the  rolling  moment  due  to  sideslip,  based  on  the  total  wing  area  and  span,  by 

K 


!|3 


= -0.061 


-0.061 


W.  sw 

L 

57.3 

\ 2 

r~ 

/ \ ^bw 

KL  (CNa)  ~ 

' a/bw 

[ 57.3 

j 

/tan  A 


LE_ 


M2  cos2  A 


LE, 


'W 


/tan  ALEb  \ 


1 + Xbw  l1  + ALEb 


M2cos2AIF  /tanA.p  \4/3' 

LEbw  ( LEbw\ 

- + l J (per  degree) 

Abw  V 4 / J 
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where  the  subscripts  g and  bw  denote  the  glove  and  basic  wing,  respectively.  The  leading- 
edge  sweep  of  the  panels,  A,  P and  A,  c , are  in  radians. 

g Ltbw 


Another  class  of  composite  wings  of  practical  interest  are  those  with  the  outboard  wing  sweep  greater  than 
•the  inboard  wing  sweep.  In  treating  such  wings,  if  the  basic  wing  breakdown  is  defined  as  in  sketch  (b), 
some  additional  wing  area  is  created  forward  of  the  wing  sweep  break  as  illustrated  in  sketch  (c). 
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SKETCH  (c) 
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is  determined  by 


For  this  class  of  composite  wings  the  normal-force-curve  slope  of  the  basic  wing  / C,  \ 

' <w 

extending  the  basic-wing  leading  edge  to  the  center  line,  calculating  the  normal-force-curve  slope  of  the 
extended  basic  wing  panel,  and  calculating  and  subtracting  the  normal-force-curve  slope  of  the  section  of  the 
basic-wing  panel  forward  of  the  wing  sweep  break.  This  is  shown  schematically  in  sketch  (d). 


SKETCH  (d) 


During  the  course  of  study  conducted  in  connection  with  reference  1 4,  the  normal-force-curve  slopes  of  the 
basic  wing  and  glove  were  correlated  with  test  data  for  configurations  with  the  outboard  wing  sweep  greater 
than  the  inboard  wing  sweep  through  the  use  of  an  empirical  correlation  factor  K,  which  corresponds  to  the 
“lift-interference  factor”  K,  . A complete  analysis  was  not  accomplished;  however,  based  on  a limited 
amount  of  rolling-moment  data,  K appears  to  be  approximately  one. 

The  rolling  moment  due  to  sideslip  for  this  class  of  composite  wings  is  obtained  using  equation  5.1 .2. 1-f  in 
the  following  manner: 

1 . The  term  KL  is  replaced  by  the  term  K,  where  K = 1.0. 

2.  The  product  of  the  normal-force-curve  slope  and  the  ratio  of  basic-wing  area  to  total-wing  area  is 
replaced  by  the  expression  shown  in  sketch  (d). 

3.  The  aspect  ratio,  taper  ratio,  and  sweepback  of  the  basic  wing  are  considered  to  be  those  of  the 
extended  basic  wing,  which  corresponds  to  pane)  © in  sketch  (d). 

4.  The  glove  has  the  same  geometry  us  in  cases  where  the  glove  sweep  is  greater  than  the  outboard 
wing  sweep. 

Sample  problem  2 on  page  5. 1 .2. 1 -1 8 illustrates  the  use  of  the  non-straight-tapered-wing  method. 

A comparison  of  test  values  of  supersonic  wing  rolling  moments  due  to  sideslip  with  results  calculated  by 
using  this  method  is  presented  as  table  5.1.2.1-D  (taken  from  reference  14).  A specific  comparison  of  test 
values  with  calculated  results  for  a cranked  wing  is  shown  in  sketch  (e).  Also  shown  is  a comparison  of 
test  values  and  results  calculated  by  using  the  straight-tapered-wing  method  for  the  case  where  the  basic- 
wing  and  the  glove  sweep  angles  are  the  same. 


It  is  suggested  that  this  method  be  restricted  to  Mach  numbers  above  1 .4  and  to  glove  leading-edge  sweep 
angles  less  than  80°.  At  high  leading-edge  sweep  angles  the  terms  tan  AL£  IP  and  /tan  ALE  / 4p3 
become  excessively  large  and  equation  5. 1.2. 1-f  overpredicts  Cl.  * ' * ' 
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(per  deg) 


CRANKED-WING  PREDICTIONS 

DATCOM  STRAIGHT-WING  PREDICTION 

p ~j  OUTBOARD  PANEL  LEADING- 

SVMBOL  EDGE  SWEEP  ANGLE,  ALE 

0 

1 o 3Q0 

V > 45° 

° 650 

\ v 75° 

GLOVE  LEADING-EDGE  | 
SWEEP  ANGLE  = 65° 


0 4 

1.2  I 


MACH  NUMBER 


COMPARISON  OF  CRANKED-WING  ROLLING-MOMENT- 
COEFFICIENT  PREDICTIONS  WITH  TEST  DATA 


SKETCH  (e) 


Sample  Problems 


1.  Straight-TaperedWing 

Given:  A wing-body  configuration  with  a niidwing  location  from  reference  25. 


A * 3.0 

M = 2.01;  0 = 1.744 


X = G.250 


Ale  = 30.97°  = 0.540  rad 


Airfoil  section:  4-percent  circular  arc 


T = 0 


Compute: 


* 0.47  (figure  2.2. 1-8) 
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Ay  = -Ay  a 0.47 

4-  cos  ale  0.8575  ~ (Section  4. 1. 3. 2) 

- -l  Ay± 

dj-  ~ tan  5^5  * tan'1  0.09368  = 5.35° 


tan  Ale  0.6002 


1.744 


- 0.3442 


M2  cos 2 A 


H _ (2-01  f (0.8575)2 


(^r-(-y-o.oW 


CNa  (Section  4. 1.3.2) 


AtanALE  51  (3.0X0.6002)  = 1.80 
fP*aL*n  * Per  rad  (figure  4.1.3.2-S6c) 

Wta,  " 2.20  per  rad 


(C"«)« 


= l.J  (figure  4.1.3.2-60) 


(1.0X2.20)  = 2.20  per  rad 


Solution: 


lfi  Sr  r 

cT  " ■0'061  57J  I1  +X<I  + Al*> 


b¥) 


t3n  Ale[m2cos2Alf 


\ 4 / 


- -0.061  ~ [l  + 
57.3 


0.25  (1  + 0.540)]  (l  + -y~)  (0.3442)  |o.990  + 0.0797] 


(equation  5 . 1 . 2. 1 -e  with  T ~ 0) 


- -0.00152  per  deg  (based  on  Swbw ) 

This  result  compares  with  a test  value  of  -0.00143  from  reference  25. 


5.1.2.1-17 


2.  Non-Straight-Tapered  Wing 
Given:  A hypothetical  cranked  wing 


Total  Wing  Characteristics: 


ALE  ~ A,E  * 60°  = 1 .047  rad 

g i 


Basic  Wing  Characteristics: 

Abw  = 3,97  = °-407  Sbw  = 6 30  s9  ft 

S„ 


= Ale  = 45°  = 0.785  rad 


Additional  Characteristics: 
M = 2.96;  § = 2.79 

Compute: 

ale 

1 + ~~  = 1-524 


tan  A 


LF-  1.732 


0 2.79 

M2cos2  A 


= 0.621 


LEg  (2.96)2  (0.50)2 


2.31 


= 0.948 


ubw 

T 


2 


= —~  = 2.50  ft 


Jw 


= 0.894 
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= 0.3276 


R*)  -ra 

|cn  j (Section  4. 1 


(Section  4. 1.3. 2) 
P 2.79 


tanA^.  1.732 


= 1.611 


(c0. 


= 0.624  per  rad  (figure  4.1.3.2-63) 


(CNa)  = 1'44Perrad 

Kt  (Section  4. 1.3.2) 

1 u \ 1 

P \ Na/  s;  = ^79  ^*44H0*246)  - 0.1 27  per  rad 
Kl  * 0.873  (figure  4.1.3.2-61) 


= 1.393 


1+Xuw 

le 

= 1.785;  1 + ~ 

2 

‘“'X. 

p 

1.00 

‘ 53?  ■ 0 358 

M2cos2Abw 

(2.96)2  (0.707 1)2 

3.97 

(,anXj| 

4/3  / \ 

| _ / 1.00V/3 

V 4 / 

v°  / 

(Cn«L 

(Section  4. 1.3. 2) 

- 3.103 


= 0.1575 


= 0.358;  A tan  A.  F =3.97 

Ltbw 


^Na  4-07Perrad  (figures  4. 1 .3.2-56c  through  -56e,  interpolated) 
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(Cn»! 


= 1.46  per  rad 


Solution: 


= -0.061 


'0.061 


(cO. 


t 

' “ bw 


M2  cos2Ale^  | tan  ALE^  ^ b 

A_  \ 4 / bv 


M2cos2  A, 


(1+ALFt.) 

+ \ 4 / 

J 


(equation  5.1.2.1-f) 


® -0.061 


0.873  (1.44)  (0.246) 


(1.524)  (0.621)  0.948  + 0.3276 


= -0.00148  per  deg 


.873  (1.46)  (0.894 


-°061[0873<'54,63(08?Hlt 

= -0.061  [o.0026l] -0.061  [o.0216 


•^J  [l  + 0.407  (1.785)]  (1.393)  (0.358)  [l.  103  + 0.1575 


REFERENCES 


1.  Weissinger,  J.:  Der  achiebenda  Tragfluegel  bei  gesunder  Stroemung.  Bericht  S 2 der  Lilienthal-Getellochaft  fuor  Luftfahrtforschung, 

1938-39.  <U> 

2.  Queiio,  M.:  Theoretical  Span  Load  Distributions  and  Rolling  Moments  for  Sideslipping  Wings  of  Arbitrary  Planform  in  Incompressible 
Flow.  NACA  TR  1269,  1966.  <U) 

3.  Polhamut,  E.,  and  Sleeman,  W.,  Jr.:  The  Rolling  Moment  Due  to  Sideslip  of  Swept  Wings  at  Subsonic  and  Transonic  Speeds.  NASA  TN 
D-20E,  1960.  (U) 

4.  Ribner.H.:  The  Stability  Derivatives  of  Low-Aspect  Ratio  Triangular  Wings  at  Subsonic  and  Supersonic  Speeds.  NaCA  TN  1423, 1947.  <U) 

6.  Bird,  J.:  Some  Theoretical  Low-Speed  Spar*  Loading  Characteristics  of  Swept  Wings  in  Roll  and  Sideslip.  NACA  TR  969, 1950.  (U) 

6.  DeVoung.J.:  Theoretical  Antisymmetric  Span  Loading  for  Wings  of  Arbitrary  Plan  Form  at  Subsonic  Speeds.  NACA  TR  1066,  1961.  (U) 

7.  Sherman,  W.,  and  Margolis,  K,:  Theoretical  Calculations  of  the  Effects  of  Finite  Sideslip  at  Supersonic  Speeds  on  the  Span  Loading  and 
Rolling  Moment  for  Families  of  Thin  Sweptback  Tapered  Wings  at  Angle  of  Attack.  NACA  TN  3046, 1953.  (U) 

8.  Goodman,  A.,  and  Brewer,  J.:  Investigation  at  Low  Speeds  of  the  Effect  of  Aspect  Ratio  and  Sweep  on  Static  and  Yawing  Stability 
Derivatives  of  Untapered  Wings.  NACA  TN  1669, 1948.  <U) 

9.  McCormack,  G.,  snd  Welling,  W.:  Aerodynamic  Study  of  a Wing-Fusel  ago  Combination  Employing  a Wing  Swept  Back  63®— Investigation 
of  a Large-Scale  Modal  at  Low  Speed.  NACA  RM  A8D02,  1949.  <U) 


10.  Goodman,  A.,  and  Thomas,  D.:  Effects  of  Wing  Position  and  Fuselage  Size  on  the  Low-Speed  Static  end  Rolling  Stability  Characteristics 
of  e Delta  Wing  Model.  NACA  TR  1224, 1955.  (U) 


5.1.2.1-20 


11.  Wolhart,  W.,  and  Thomas,  D.:  Static  Longitudinal  and  Lmnl  Stability  Charntsrlstic* at  Low  Speed* of  Unwupt-MM^H  Modsh 
Having  Wingt  wittt  an  Aapact  Ratio  of  2,  4,  or  6.  NACA  TN  3649,  1956.  !U) 

12.  Thomas,  D..  and  Wolhart,  W.:  Static  Longitudinal  and  l.atarai  Stability  Characteristic*  at  Low  Spaed  of  45°  Sweptbeck-MkhMng 
Modal*  Having  Wings  with  an  Aipect  Ratio  of  2, 4,  or  6.  NACA  TN  4077, 1957.  (U) 

13.  Letko,  tV.:  Experimental  Datarminatlon  at  Subsonic  Spaed*  of  the  Oscillatory  and  Static  Lateral  Stability  Oar  (votive*  of  a Saria*  of  Delta 
Wings  with  Leading^  dee  Sweep  from  30°  to  86.6°.  NACA  RM  L67A30,  1957.  (U) 

14.  Benepe,  O.B.,  Kouri,  fl,G„  Webb,  J.B.,  at  al:  Aerodynamic  Characterieticeof  Non-Sfraight-T spar  Wings.  AFFDL-TR-66-73, 1966.  (U) 

15.  Jons*.  A.,  and  Alkane,  A.:  A Summery  of  La  tarsi -Stability  Derivative*  Calculated  for  Wing  Plan  Forma  in  Supersonic  Flow.  NACA 
TN  1062, 1961.  <U) 

16.  Jonas,  A.,  and  Spreiter,  J.:  The  Rolling  Moment  Due  to  Sideslip  of  Triangular,  Trapezoidal,  and  Related  Plan  Forme  in  Supersonic 
Flow.  NACA  TN  1700, 1948.  <U) 

17.  Harmon,  S.:  Stability  Derivativts  at  Supersonic  Speeds  of  Thin  Rsctangular  Wing*  with  Diagonal*  Ahead  of  Tip  Mach  Llnss.  NACA 
TR  925,  1949.  (U) 

18.  Margolia,  K„  Sharman,  W.,  and  Hannah,  M.:  Tltaoraticai  Calculation  of  tha  Pressure  Distribution,  Span  Loading,  and  Rolling  Moment  due 
to  Sideslip  at  Supersonic  Speeds  for  Thin  Sweptbsck  Tapered  Wings  with  Supersonic  Trailing  Edgse  and  Wing  Tipe  Parallel  to  the  Axle  of 
Wing  Symmetry.  NACA  TN  2898,  1953.  (Oi 

19.  Decker,  J.,etal:  USAF  Stability  end  Control  Handbook.  M-03671. 1956.  (C)  Title  Unclassified 

20.  Lessing,  H.:  Aerodynamic  Study  of  a Wing-Fuselage  Combination  Employing  e Wing  Swept  Back  630— Effect  of  Sideslip  on  Aerodynamic 
Characteristics  at  a Mach  Number  of  1 .4  with  the  Wing  Twisted  and  Cambered.  NACA  RM  ASOF09,  1950.  IUI 

21.  Hamilton,  C.:  Aerodynamic  Characteristics  at  Supersonic  Speeds  of  a Series  of  Wing-Body  Combinations  Having  Cambered  Wing*  With  an 
Aspect  Ratio  of  3.5  and  a Taper  Ratio  of  0.2.  Effects  of  Sweep  Angle  and  Thlcknaa*  Ratio  on  tha  Static  Lateral  Stability  Characteristic* 
at  M - 2.01.  NACA  RM  L52E23, 1962.  <UI 

22.  CHrisieraan,  F,:  Ant  xparl  mental  Investigation  of  Four  T rlangular-Wing-Body  Compilation*  in  Sideslip  at  Mach  Numbers  0.6, 0.9,  1 .4, 
and  1.7.  NACA  RM  A53L22, 1954.  <U) 

23.  Dunning,  R„  and  Ulman,  E.:  Static  Longitudinal  and  Lateral  Stability  Date  From  an  Exploratory  Investigation  at  Mach  Number  4.06  of 
an  Airplane  Configuration  Having  a Wing  of  Trapezoidal  Plan  Form.  NACA  RM  L5SA21,  1955.  (U* 

24.  Spaen nan,  M.:  Investigation  of  the  Aerodynamic  Characteristics  in  Pitch  and  Sideslip  cf  a 45° Sweptbeck-WIng  Airplane  Model  With 
Various  Vertical  Locations  of  the  Wing  and  Horizontal  Tail.  NACA  RM  L56B18, 1965.  <U> 

26.  Robinson,  R. : Effects  of  Vertical  Location  of  tha  Wing  and  Horizontal  Tall  on  the  Static  Lateral  and  Directional  Stability  of  a 
Trapezoidal-Wing  Airplane  Model  at  Mach  Numbers  of  1.41  and  2.01.  NACA  RM  L58C18,  1958.  (U) 

26.  Jaquet.  B.M.,  and  Fournier,  R.:  Effects  of  Wing  Sweep,  Horizontal-Tall  Configuration,  and  a Ventral  Fin  on  Static  Stability  Charectarlatiol 
of  a Modal  with  Wing  of  Ajpect  Ratio  3 at  Mach  Number*  from  2.29  to  4.55.  NACA  RM  L58E06,  1968.  (U) 

27.  Boatright,  W..  Experimental  Investigation  of  Effects  of  Wing  Plan  Form  snd  Dihedral  Angie  on  Sideslip  Derivetiv**  of  Swsptbeck- 
Wing-Body  Combinations  stSupsrsonic  Speeds.  NACA  RM  L58E06, 1958.  (U) 

28.  Purser,  P.:  An  Approximation  to  tha  Effect  of  Geometric  Dihedral  on  tha  Rolling  Moment  du*  to  Sideslip  for  Wings  at  Transonic  and 
Supersonic  Speeds.  NACA  RM  LS2B01,  1952.  <U) 

29.  Wolhart,  W.,  and  Thomas,  D.:  Static  Longitudinal  snd  Lateral  Stability  Characteristic*  at  Low  Speed  of  60°  Sweptbeek-Midwing 
Models  Having  Wing* With  an  Aspect  Ratio  of  2.  4.  or  6.  NACA  TN  4397, 1968.  (U> 

30.  Mansall.  C.J.:  Low-Spaed  Wind-Tunnel  Teats  on  Two  Thin  Cranked  Wings  with  60-Degrsa  Sweepback  Inboard.  ARC  R>M  2996, 

1957.  <U) 

31.  Kruger,  W.:  Six-Component  Measurements  on  s Cranked  Swapt-Bsck  Wing.  Great  Britain  Ministry  of  Supply  Translation  B16, 1947.  (U) 

32.  Langs,  R.H.,  and  McLemort,  H.C.:  LowSpaad  Lateral  Stability  and  Aileron  Effectiveness  Charactariatkai  at  a Reynold*  Number  of 

3.S  x 10®  of  a Wing  With  Laading  Edge  Sweepback  Decreasing  From  45°  at  the  Root  to  20^  at  the  Tip.  NACA  RM  L60O14,  1950.  IU,' 


5.1.2.1-21 


33.  JemeN,  L5.:  Aerodynamic  Che  rMIc*  at  Mach  Number*  from  2.80  to  4.63  of  a Variable-Samp  Model  at  Swaep  Anglea  from 
650  to  760.  NASA  TM  X-066,  1064.  (C)  TWa  Undaaelfted 

34.  Landrum,  6. J.:  Effect  of  Skawed  Wing-Tip  Control*  on  a VeriabieSvteep  Wlng-Fueelage  Configuration  at  Mach  Numbere  of  1.41  and 
2.20.  NASA  TM  X-961, 1964.  (Cl  TWa  UndMfflad 

35.  Landrum,  E.J.,  and  Babb,  C.O.:  Effect  of  Skewed  Wlng-TIp  Controb  on  a Variable  Sweep  Wlng-F  milage  Configuration  at  Mach  Humbert 
from  2.60  to4.62.  NASA  TM  X-1031, 1064.  (C)  Title  Undaerifled 

36.  Spearman,  M.L.,  and  Fataer.  Q.V.:  Static  Longitudinal  and  Lateral  Aerodynamic  Characterlttict  at  Mach  Number  of  2.01  of  a Tallleal 
Delta  V/STOL  Configuration  Having  Variable  Sweep  Wing  Fane*.  NASA  TM  X-634,  1961.  (C)  Title  Unciaaeifled 

37.  Spearman,  M.L.:  Static  Longitudinal  and  Lateral  Aerodynamic  Charaeterirtiee  at  Mach  Numban  of  1.41  and  2.20  of  a Modal  of  a 
Low  Aapect  Ratio  63.6°  Delta-Wing  Airplane  Having  Auxiliary  Variebl^Swoap  Wing  Fenth.  NASA  TM  X-706,  1963.  (C)  Title 
Unclaaaified 

36.  Campbell,  J.P.,  and  McKinney,  M.O.:  Summary  of  Method!  for  Calculating  Dynamic  Lateral  Stability  and  Raaponaa  and  for  Ettimetlng 
Lateral  Stability  Derivet ivea.  NACA  TR  1096, 1962.  (U) 


5.1.2.1-22 


r -V 


TABLE  5.1.2.1-B 

LOW-SPEED  ROLLING  MOMENT  DUE  TO  SIDESLIP 
OF  NON ■STRAIGHT-TAPERED  WINGS 

DATA  SUMMARY 


Planform  I (deg)  (deg) 


Cranked  TE 
Cranked  LE 
Cranked**^ 
Crankad**1 


(%\ 

fc,A  x1o3 

1 ! x 10 

V CL  / 

' L ' calc 

CL 

(par  deg) 

(per  dag) 

(per  deg) 

-5.6a 

-5.03 

-0.6b 

-6.52 

-6.28 

•0,24 

-2.45 

•2.97 

0,02 

•2.97 

-2.20 

-0.77 

(a)  Two  brooks  in  leadinfredge  sweep 


Avar  ago  Error  - 


iH 


0.65  x lO"'*  par  dag 


Average  Error 


n 


1.61  x 10'^  per 


SUBSONIC  SPEEDS 


\n  <dc8) 


FIGURE  5.1 .2.1  27  WING  SWEEP  CONTRIBUTION  TO  C t 

P 


5.1.2.1-27 


2.2 


SUBSONIC  SPEEDS 


M COS  A d2 

FIGURE  5. 1.2.1-28a  COMPRESSIBILITY  CORRECTION  FACTOR  TO 
SWEEP  CONTRIBUTION  TO  WING  C/„ 

7? 

ASPECT  RATIO,  A 


0 2 4 6 8 


FIGURE  5. 1.2. 1 -28b  ASPECT  RATIO  CONTRIBUTION  TO  WINGC; 

lP 


5. 1. 2. 1 -28 


SUBSONIC  SPEEDS 


(per  deg2) 


FIGURE  5.1.2.1-29  EFFECT  OF  UNIFORM  GEOMETRIC  DIHEDRAL  ON  WINGC 
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FIGURE  5. 1 . 2. 1 -3 1 ROLLING  MOMENT  DUE  TO  SIDESLIP  FOR  SYMMETRIC  SPANWISE 
DISTRIBUTION  OF  DIHEDRAL  ANGLE 
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5. 1.2.2  WING  ROLLING-MOMENT  COEFFICIENT  C;  AT  ANGLE  OF  ATTACK 


A.  SUBSONIC 


In  Section  5.1. 2.1,  the  wing  rolling  moments  due  to  sideslip  were  discussed  in  terms  of  the  parameters 


r 


and 


These  parameters  imply  that  the  rolling  moment  is  a linear  function  of  both  lift  coefficient  and  dihedral  angle. 


This  linearity  holds  true  only  if  the  flow  is  everywhere  attached.  Once  separation  takes  place,  the  rolling-moment 
derivatives  may  vary  considerably  from  the  linear-range  value,  even  changing  sign  in  certain  cases. 


Because  of  4he  nonlinear  nature  of  the  separation  effects  governing  C(fl,  no  theoretical  analysis  ol  this  parameter  at 
the  higher  angles  of  attack  has  been  successful.  An  empirical  approach  along  the  lines  of  Section  4.1.3.4  appears  to  be 
feasible.  However,  until  a systematic  method  is  developed,  the  presentation  of  this  Handbook  will  be  limited  to  a 
qualitative  discussion  of  the  important  parameters  governing  Cifi  at  high  angles  of  attack,  including  certain  repre- 
sentative examples. 

Effect  of  Planform 


As  was  mentioned  in  Section  4.1.3.4,  planform  shape  plays  an  important  part  in  determining  the  place  at  which  separation 
first  appears  on  a wing  and  how  it  subsequently  progresses  with  increasing  angle  of  attack.  The  manner  in  which  the 
various  separation  patterns  influence  the  rolling-moment  characteristics  is  illustrated  in  figure  5. 1.2.2-  4. 

For  the  unswept  wing  of  figure  5. 1.2.2-  4 , separation  occur*  first  at  the  wing  trailing  edge  and  then  progresses 
forward  with  increasing  angle  of  attack.  When  this  wing  is  yawed,  the  separated  area  is  displaced  toward  the  downwind 
wing  tip  (presumably  the  result  of  spanwise  boundary-layer  flow).  The  sise  of  the  separated  arcs  on  the  downwind  panel 
also  increases  with  increasing  angle  of  attack.  The  resulting  lift  differential  between  the  upwind  and  downwind  panels 
then  gives  rise  to  a powerful  negative  rolling  moment  (positive  dihedral  effect). 

For  swept  and  delta  wings,  separation  occurs  first  at  the  wing  leading  edge.  The  separated  flow  rolls  into  two  strong 
vortices  lying  along  the  wing  leading  edges.  Changes  in  magnitude  and  distribution  of  the  lift  force  on  the  wing  are 
associated  with  these  vortices.  When  these  wings  are  yawed,  the  decrease  in  sweep  angle  of  the  upwind  wing  panel  causes 
the  leading-edge  vortex  on  this  panel  to  lose  strength  and  to  turn  away  from  the  leading  edge  farther  inboard  than  the 
corresponding  vortex  on  the  downwind  panel  (see  figure  5.1.2. 2- 4 ).  This  asymmetry  results  in  a relative  loss  in 
lift  on  the  upwind  wing  panel,  even  though  there  is  a partially  compensating  effective  increase  in  angle  of  attack  due  to 
the  geometry  of  combined  sweep  and  yaw.  At  angles  of  attack  beyond  the  stall,  flow  over  the  wing  is  completely  separated 
and  all  wing  planforms  have  basically  similar  rolling-moment  characteristics. 

The  trends  presented  in  hgure  5.1.2.2-  4 are  valid  only  for  small  sideslip  angles  ( ± 5’  I.  At  larger  angles  of  sideslip, 
the  curves  of  C,  as  a function  of  0 for  the  swept  and  delta  wings  reverse,  and  these  wings  then  show  positive-dihedral 
characteristics,  as  shown  in  figure  5. 1.2.2-  5 • 


Effect  of  Leading-Edge  Shape 

Since  leading-edge  shape  is  shown  to  have  an  important  effect  on  the  strength  of  the  wing  ieading-edge  vortex,  and  hence 
on  the  wing  lift  (Section  4. 1.3.4),  it  is  to  be  expected  that  wing  rolling  moments  that  also  depend  on  vortex  character- 
istics are  influenced  by  wing  leading-edge  shape. 
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The  effect  of  win  ig  airfoil  section  (leading-edge  shape  I on  Q|  is  illustrated  in  figure  5.1J.2-6  • 

Briefly  summarised,  this  figure  shows  that  the  sharper  the  wing  lead  ing  edge,  the  lower  the  lift  coefficient  at  which 
deviates  from  the  linear-theory  value  ( figures  5. 1.2.2  6a  and  5.1.2.2-  6b  L Reducing  the  Reynolds  number  tends  to  promote 
leading-edge  separation  and  thus  produces  the  same  effects  as  sharpening  the  leading  edge  (figure  5.1.2.2-6c). 

also  triggers  lending-edge  separation  and  therefore 


Under  certain  circumstances,  introduction  of  leading-edge  rough 
causes  the  rolling-moment  characteristics  to  deviate  from  linear  val 

Very  Low  Aspect  Ratios 

For  very  low-aspect-ratio  wings,  C <t  at  high  anglea  of  attack  is  not  only  highly  nonlinear  but  may  also  be  non- 
symmetrical  with  respect  to  sideslip.'  Experimental  data  showing  this  effect  for  low-aspect-ratio  triangular  wings  is 
given  in  reference  3.  This  unusual  characteristic  may  be  related  to  the  formation  of  unsymmetrical  leading-edge  vortices 
similar  to  those  observed  for  bodies  of  revolution  at  high  angles  of  attack  in  references  4 and  5.  In  these  two  references 
it  is  shown  that  as  the  angle  of  attack  is  increased  for  bodies  of  revolution,  the  vortex  system  changes  from  a steady 
symmetric  pair  to  a steady  asymmetric  configuration  of  two  or  more  vortices  and,  finally,  at  large  angles  of  attack,  to  an 
unsteady  asymmetric  arrangement.  Experimental  teats  with  free  flying  low-aspect-ratio-wing  models  have  shown  that 
undesirable  lateral  characteristics  are  present  for  aspect  ratios  considerably  larger  than  those  at  which  static  asymmetric 
rolling  moments  cease  to  be  apparent  (reference  6).  However,  in  this  teat  the  atatic  rolling-moment  characteristics  may 
be  obscured  by  the  dynamic  coupling  effects  of  free  flight. 

Geometric  Dihedral 

The  effects  of  geometric  dihedral  on  wings  at  high  anglea  of  attack  are  directly  related  to  the  lift-curve  alone  at  the 
same  angle  of  stuck.  This  relationship  is 
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It  is  evident  that  near  maximum  lift,  where  the  lift-curve  slope  is  small,  a variation  in  geometric  dihedral  is  not  an 
effective  way  to  change  the  wing  rolling-moment  characteristics. 

B.  TRANSONIC 

The  transonic  rolling-moment  characteristic*  of  wings  at  high  angles  of  attack  generally  show  considerable  variation 
with  Mach  number.  ( reference  2). 

The  changes  in  rolling-moment  characteristics  are  roughly  related  to  changes  in  panel  lift  characteristics.  At  transonic 
Mach  numbers  (M  > .91  the  wing  lift-curve  slope  and  maximum-lift  characteristics  undergo  marked  changes  (sec 
Sections  1. 1.3.2  and  4.I.3.4),  which  are  reflected  in  changes  in  the  wing  rolling  moments. 

For  sWept  wings,  the  negative-dihedral  effects  at  high  angles  of  attack  are  reduced  or  eliminated  with  increasing  Mach 
number.  This  is  due  to  changes  in  the  leading-edge  vortex  characteristics  with  Mach  number  that  permit  the  leading  wing 
panel  to  carry  more  lift. 

For  unswept  wings,  the  increased  compressibility  effects  on  the  force-break  characteristics  of  tbe  more  highly  loaded 
leading  wing  jend  to  reduce  or  even  reverse  the  positive-dihedral  characteristics  in  evidence  at  lower  speeds.  Mach 
number  effects  on  the  rolling  moment  due  to  geometric  dihedral  of  any  wing  at  high  angles  of  attack  are  small. 
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C.  SUPERSONIC 


Experimental  data  on  wing  rolling  momenta  due  to  aidealip  at  supersonic  speeds  and  high  anglea  of  attack  are  relatively 
scarce,  hut  the  following  general  trends  are  observed. 

Effect  of  Planform 

For  swept  wings,  the  poaitivc-dihedral  effects  that  are  in  evidence  at  low  angles  of  attack  increase  in  magnitude  with 
increasing  angle  of  attack.  This  characteristic  is  relatively  insensitive  to  Mach  number  variations  (reference  7). 

For  unswept  wings  at  Mach  numbers  below  2 the  value  of  C,f  tends  toward  aero  with  increasing  angle  of  attack.  This 
is  true  for  the  high-wing,  midwing,  and  low-wing  configurations  tested  in  reference  8.  At  Mach  numbers  above  2 the  same 
configurations  show  a trend  toward  increasingly  positive  dihedral  effects  with  increasing  angle  of  attack.  At  the  higher 
Mach  numbers  the  unswept-wing  characteristics  are  similar  to  the  swept-wing  characteristics. 

Geometric  Dihedral 

The  experimental  data  of  reference  7 show  that  up  to  12*  angle  of  attack  the  rolling-moment  increment  due  to  dihedral 
is  essentially  the  same  as  at  aero  angle  of  attack.  This  result  is  somewhat  unexpected,  since  a calculation  of  the  local 
angles  of  attack  of  the  left  and  right  wing  panels  individually  would  predict  a variation  in  dihedral  effect  ( see  reference  7 ) . 
Possibly  the  discrepancy  is  due  to  sweep  and/or  wing-body  interference  effects. 

If  the  geometric  dihedral  effects  are  assumed  to  be  independent  of  angle  of  attack  for  all  configurations  at  supersonic 
speeds,  then  the  methods  of  Section  5. 1.2.1  intended  for  low  angles  of  attack  are  alao  applicable  at  the  higher  anglea 
of  attack. 
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5.1.3  WING  SIDESLIP  DERIVATIVE  C 

% 

5.1. 3.1  WING  SIDESLIP  DERIVATIVE  C„  IN  THE  LINEAR  ANGLE-OF-ATTACK  RANGE 

nfi 

The  yawing  moment  of  a wing  in  sideslip  is  primarily  caused  by  the  asymmetrical  induced-drag 
distribution  associated  with  the  asymmetrical  lift  distribution.  The  wing  contribution  to  the 
derivative  Cn^  is  important  only  at  large  incidences. 

Methods  are  presented  in  this  section  for  estimating  the  wing  yawing  moment  due  to  sideslip  in  the 
subsonic  and  supersonic  speed  regimes.  Methods  for  estimating  this  derivative  in  the  transonic  speed 
regime  are  not  available. 

A.  SUBSONIC 

The  Datcom  method  presented  herein  is  based  on  the  same  theory  as  that  used  to  determine  wing 
side  force  due  to  sideslip,  and  the  general  discussion  of  Paragraph  A of  Section  5. 1.1.1  is  directly 
applicable  here.  The  method  is  valid  in  the  linear  angle-of-attack  region. 

DATCOM  METHOD 


The  yawing  moment  derivative  at  low  speeds  is  given  in  Reference  1 as 


1 

57.3 


1 tan  / A 

4irA  irA(A  + 4 cos  A c/4)  l c/4  2 


A2  , X 

— - — +6  — 

8 cos  Ac/4  c 


(per  deg)  5. 1.3.1 -a 


where  x is  the  longitudinal  distance  (positive  rearward)  from  the  coordinate  origin  (usually  the 
center  of  gravity)  to  the  wing  aerodynamic  center. 

The  wing  contribution  to  the  yawing  moment  due  to  sideslip  at  low  speeds  is  shown  to  be 
independent  of  both,  taper  ratio  and  dihedral  in  References  2 and  3,  respectively. 

Fr.r  subcritical  speeds,  the  low-speed  derivative  can  be  modified  by  the  Prandtl-Glauert  rule  to  yield 
approximate  corrections  for  the  first-order  three-dimensional  effects  of  compressibility.  The 
resulting  expression  from  Reference  4 is 

/^n  A / A + 4 cos  Ac/A  / A1  B2  + 4AB  cos  Ac/4  — 8 cos2  Ac/4\  /C",\ 

\ C. 2/  \AB  + 4 cos  Ac/4/  \ A2  + 4A  cos  Ac,4  - 8 cos2  Ac,4  / \C,  2 / 

1.  M C/4  C/4  l,  f Jow 

*pecd 

5.1.3.1-b 


where 


B = y/\  - M2  cos2  Ac/4. 


5.1 .3.1-1 


Calculated  values  for  the  wing  yawing  moment  due  to  sideslip  at  low  subsonic  speeds  obtained  by 
the  Datcom  method  for  the  wing  configurations  of  References  5,  6,  and  7 are  compared  with 
experimental  data  in  Figure  5. 1.3. 1 -5.  The  comparison  indicates  that  the  calculated  values  are  fairly 
reliable  over  a range  of  lift  coefficient  (starting  from  zero)  that  decreases  as  wing  sweep  increases. 
Large  discrepancies  are  noted  ior  highly  swept  wings  at  lift  coefficients  for  which  the  flow  is 
believed  to  be  partially  separated. 


Sample  Problem 


Given:  The  wing  of  Reference  5 

A = 4.0  Ac/4  = 60°  ~ = 0.037  M = 0.13 

Compute: 

sin  Ac/4  = 0.866 
cosAc/4  * 0.500 
tan/.c/4  = 1.732 

Solution: 


» -L.  JL  _ _ . tan  /'  _ A _ „ x sin  Ac/4N 

CL2  57.3  [4ffA  irA(A  + 4 cos  Ac/4)  l c/4  2 8 cos  A, 


+*  6 -rr  * 
lc/4  c A 


1 

57.3 

1 


! 

1 6w  4ir  (4 


1.732  / 4 

+ (4)  (0.50)J  \°'5°  " 2 


(per  deg)  (equation  5.1.3. 1 -a) 


(4)2 


(8)  (0.50) 


+ (6)  (0.037) 


0.866' 


~ [(0.01989)  - (0.02297)  (-5.452)1 


[(0.01989)  + (0.1252)] 


- 0.00253  per  deg 


CL 

O 

r 

* — — 

C x 103 

"s 

Iwr  dtfl) 

o.os 

0.0025 

O.OOS33 

0,10 

0.010 

0.0253 

0.20 

0.040 

0.1012 

0.30 

0,090 

0.2277 

0.40 

0.160 

0.4048 

0.50 

0.250 

0.6325 

0.60 

0.360 

0.9108 
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These  results  are  compared  with  experimental  values  in  Figure  5.1. 3.1-5. 

B.  TRANSONIC 

There  are  no  methods  available  for  estimating  the  wing  yawing  moment  due  to  sideslip  in  the 
transonic  regime  and  none  are  presented  in  the  Datcom.  Furthermore,  there  are  no  experimental 
data  available  in  the  transonic  speed  regime. 

C.  SUPERSONIC 

No  general  method  has  been  developed  for  estimating  the  wing  yawing  moment  due  to  sideslip  at 
supersonic  speeds.  However,  theoretical  methods  are  available  for  discrete  planforms  over  certain 
speed  ranges.  A comprehensive  summary  of  the  available  theoretical  methods  for  calculating  the 
wing  yawing  moment  due  to  sideslip  is  presented  in  Reference  9.  Datcom  methods  are  based  on  the 
same  theory  as  that  used  to  determine  wing  side  force  due  to  sideslip,  and  the  general  discussion  of 
Paragraph  C of  Section  5. 1.1.1  is  directly  applicable  here. 

DAT  COM  METHODS 


The  Datcom  methods  are  taken  from  References  10,  11,  and  12  and  present  the  wing  yawing 
moment  due  to  sideslip  for  rectangular  planforms,  triangular  planforms,  and  fully  tapered 
sweptback  planforms  with  sweptforward  or  sweptback  trailing  edges.  The  results  are  mainly 
functions  of  planform  geometry  and  Mach  number.  The  general  trend  of  the  variation  of  CBp  with 
Mach  number  and  aspect  ratio  is  a reduction  in  the  magnitude  of  the  derivative  with  an  increase  in 
these  parameters. 


Rectangular  Planform:  Afl  > 1.0 


The  wing  yawing  moment  due  to  sideslip  for  rectangular  planforms  referred  to  an  arbitrary  moment 
center  is  given  in  Reference!  0 as 


a* 


?rA2/32  L 3 


IMi  + -- 


(ah  -£)  3 + 0=11  _J_ 

l t & IJ S7- 


(per  deg) 


5.1.3.1-c 


where  (X  is  in  radians,  0 = >/  M2  - 1 and  x is  the  distance  of  the  origin  of  moments  from  the 
midcnord  point,  measured  along  the  longitudinal  axis,  positive  ahead  of  midchord  point. 


Equation  5.1.3.1-c  is  valid  for  Mach  number  and  aspect  ratio  greater  than  that  for  which  the  Mach 
line  from  the  leading  edge  of  the  tip  section  intersects  the  trailing  edge  of  the  opposite  tip  section 
(A/3  > 1.0). 


Sweptback  Planform  (X  = 0):  0 cot  AtE  < 1.0 


The  wing  yawing  moment  due  to  sideslip  for  fully  tapered  sweptback  planforms  is  derived  in 
Reference  1 1 for  triangular  planforms  and  in  Reference  12  for  planforms  with  sweptforward  or 
sweptback  trailing  edges  as 
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2l 


IT 

3 


E"(/3C)Fg(N)  + 


(S j) 


M2Qtf  ') 


57.3 


(per  deg) 
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where  a is  in  radians  and 

QiPC)  is  obtained  from  Figure  5 . 1 . 1 . 1 -6 
E"(/JC)  is  obtained  fromFigure7.1.1.1-8 
Fn  (N)  is  obtained  from  Figure  7. 1.1. 2-8 
F$(N)  is  obtained  fromFigure5.1.3.!-6 

x is  the  distance  of  the  origin  of  moments  from  the  2/3  ctfi  point  of  the  basic 

triangular  wing,  measured  along  the  longitudinal  axis,  positive  ahead  of  the  2/3  c, 
point.  (See  Sketch  (a)  of  Section  7. 1.1.1  for  definition  of  basic  triangular  wing.) 

For  a triangular  planform  the  factors  F9(N)  and  Fj  j (N)  are  equal  to  1.0. 


IB 


Equation  5.1.3.1-d  is  valid  for  Mach  number  and  aspect  ratio  for  which  the  wing  is  contained  within 
the  Mach  cones  springing  from  the  apex  and  the  trailing  edge  at  the  center  of  the  wing. 
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5.2  WING-BOOY  COMBINATIONS  IN  SIDESLIP 
5.2.1  WING-BODY  SIDESLIP  DERIVATIVE 

5. 2.1.1  WING-BODY  SIDESLIP  DERIVATIVE  CYfi  IN  THE  LINEAR  ANGLE-OF-ATTACK  RANGE 

The  wing-body  side  force  due  to  sideslip  can  be  considered  as  the  sum  of  the  side  forces  of  the  body,  the  wing,  the 
wing-body  interference,  and  the  wing  dihedral  effect.  The  wing  side  force  due  to  sideslip  at  low  lift  coefficient  is 
small  in  comparison  to  that  due  to  the  body  and  is  neglected  in  the  Datcom  methods  of  this  Section. 

Wing-body  interference,  which  is  primarily  a function  of  wing  vertical  position  on  the  body,  is  presented  as  a frac- 
tion of  the  body  contribution.  Experimental  investigations  show  that  the  contribution  of  wing-body  interference  to 
the  sideslip  derivative  CY/3  is  essentially  independent  of  sweep,  wing  planform,  taper  ratio,  and  Mach  number. 

The  body  is  the  chief  contributor  to  the  side  force  of  a wing-body  combination.  Experimental  results  for  the  body 
alone  show  a negative  lateral  force  which  increases  as  the  body  fineness  ratio  is  decreased. 

The  range  of  applicability  of  the  method  is  limited  to  the  linear  angle-of-attack  range. 

A.  SUBSONIC 

The  wing-body  side  force  due  to  sideslip  is  estimated  by  the  following  method. 


DATCOM  METHOD 


The  wing-body  side  force  due  to  sideslip,  based  on  wing  area,  is  given  by 


«VwB 


v , / Body  Reference  Area  \ . 

= K,  tCy/g)B\i — (ACy^p 


5.2.1.1-a 


where 

K|  is  the  wing-body  interference  factor  obtained  from  figure  5.2. 1.1-7 

(Cy^n  >s  the  body  side  force  due  to  sideslip  obtained  from  paragraph  A of  Section  4.2. 1.1  as 
<Cy^H  = * <CLa)B 

(ACy^glp  is  the  increment  in  side  force  due  to  wing  dihedral  and  is  approximated  by  (ACy^lp  = -0.0001  |F| 
<r  and  /?  in  degrees)  (equation  5.1.1.1-b) 

For  a rapid  but  approximate  estimation  of  the  body  side  force  due  to  sideslip,  slender-body  theory  can  be  used, 
which  gives  (CyX  = -2  (per  rad),  where  (CY JB  is  based  on  the  body  cross-sectional  area  at  x<>  (see  page 
4.2. 1.1-1  for  definition  of  x0). 

A comparison  of  experimental  data  and  values  of  wing-body  side  force  due  to  sideslip  at  subsonic  speeds  calcu- 
lated by  equation  5.2.1.1-a  is  presented  as  table  5.2.1.1-A. 


Sompl*  Pmbltrn 

Given:  The  wing  body  configuration  of  reference  3. 


1B  = 3.45  ft  d = 0.5  ft  f = 6.90  zw  = 0.  ±0.1667  ft  Sw  = 2.25  sq  ft 
— = 0.50  \'™  = 0.542  sq  ft  T = 0 


Va3^  = 0.542  sq  ft 


S0  = 0.175  sq  ft  (area  distribution  curve  at  — ) 

1b 

Compute: 

zw/4  = 0,  ±0.667 
2 

Ki  High  = 157 

K|  Mid  = 1.0  (figure  5.2.1. 1-7) 

K,  low  = 1.33 

<ka  - k,)  = 0.890  (figure  4.2. l.l-20a) 

^ = 0.640  (figure  4.2.1. l-20b) 

1b 

2(ka  - k^  S0  . „ , , v 

(CyJ B =-  (per  rad)  (equation  4.2.1. 1-a) 


(2)  (0.89)  (0.175) 
0.542 


-0.575  per  rad  (based  on  VB  ) 


Solution: 


(CVwb  = Ki  <CVb 


Body  Reference  Area 


) ♦ (A  C 


Y0>p  (equation  5.2.1. 1-a) 


= K,(-0.575)P^V  0 

y 2.25  / 

= -0. 1385  K(  per  rad 
= -0.00242  K,  per  deg 


Wing 

Position 

Ki 

(CVwb 
(per  deg) 

High 

1.57 

-0.00380 

Mid 

1.0 

-0.00242 

Low 

1.33 

-0.00322 

These  results  compare  with  experimental  values  of  -0.004  per  deg,  -0.0024  per  deg,  and  -0.0034  per  deg  for  the 
high-,  mid-,  and  low-wing  configurations,  respectively,  obtained  from  reference  3. 

B.  TRANSONIC 

The  contribution  of  wing-body  interference  to  the  side  force  derivative  is  essentially  independent  of  Mach  number. 
Furthermore,  slender-body  theory  states  that  body  force  characteristics  are  not  functions  of  Mach  number. 

DATCOM  METHOD 

The  method  presented  in  paragraph  A is  applicable  throughout  the  transonic  speed  regime. 
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C.  SUPERSONIC 


The  contribution  of  wing-body  interference  to  the  side  force  derivative  is  essentially  independent  of  Mach  number. 
Several  of  the  theoretical  methods  that  have  been  developed  for  estimating  body  force  characteristics  at  supersonic 
speeds  are  discussed  in  paragraph  C of  Section  4. 2.1.1. 

The  experimental  results  of  reference  6 indicate  a negative  lateral  force  increment  due  to  wing  camber  at  super- 
sonic speeds;  however,  no  method  is  available  to  predict  this  effect. 

DATCOM  METHOD 

The  method  presented  in  paragraph  A is  applicable  throughout  the  supersonic  speed  range.  The  body  side  force  due 
to  sideslip  is  obtained  by  conversion  of  the  body  lift-curve  slope  of  paragraph  C of  Section  4.2. 1.1. 

A comparison  of  experimental  data  and  values  of  wing-body  side  force  due  to  sideslip  at  supersonic  speeds  calcu- 
lated by  the  Datcom  method  is  presented  as  table  5.2.1.1-B. 

Samp/*  Problem 

Given:  The  midwing -ogive -cylinder  body  configuration  of  reference  12. 


d = 0.0625  ft 

T = 10° 
Compute: 


= 0.2188  ft 
M = 1.62,  2.62 


*A  = 0.4062  ft 


Sw  = 0.0506  sq  ft 


Sfc  = 0.00307  sq  ft 


fN  = 


3.5 


fA  = ~ = 6.5 
a 

- - 
fN  " 3.5 

= 1.275 


= 1.857 


At  = 2.83 


= VM3  - 1 = 2.42 
1.275 


M « 1.82 


3.5 


0,364 


<Mn>m  . a.6a  » « 0.691 

^<CVb]m  » i.#a  = .78  per  rad  (based  on  Sb) 

L(CY)8)b]m  _ aea  = -3.06  per  rad  (based  on  Sb) 

Kj  = 1.0  (figure  5.2. 1,1-7;  mid-wing  configuration) 

(ACy^f  = (-0.0001) (10)  = -0.0010  per  deg  (equation  5.1.1. 1-b) 


(figure  4.2.1. l-21a;  (Cy/e)B  = 


5.2.1. 1-3 


Solution: 


«v„  .AcVr 

= 1.0  (Cy«)b  (-0.0010) 

<P  B \ 0.0506  / 

= 0.0607  (CYya)„  -0.0010 


(equation  5.2.1.1-a) 


M 

«VB 

(per  rad) 

«VB 

(per  deg) 

0.0607  (CY/8)b 
(per  deg) 

(per  deg) 

1.62 

2.62 

-2.78 

-3.06 

-0.0486 

-0.0534 

-0.00294 

-0.00324 

-0.00394 

-0.00424 

These  results  compare  with  experimental  values  of  -0.0038  per  degree  and  -0.0042  per  degree  at  Mach  numbers  1,62 
and  2.62,  respectively,  obtained  from  reference  12. 
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LOW  SPEED  WlNC.-BODY  SIDE  FORCE  DUE  TO  SIDESLIP 
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Average  Error  = 0.217  * 10* 1 (per  deg) 
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SUPERSONIC  WING-BODY  SIDE  FORCE  DUE  TO  SIDESLIP 
DATA  SUMMARY 
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5.2.1.2  WING-BODY  SIDE-FORCE  COEFFICIENT 
CY  AT  ANGLE  OF  ATTACK 


The  wing-body  side  force  developed  at  combined  angles  is  nonlinear  with  respect  to  both  sideslip  and  angle  of 
attack  due  to  viscous  cross-flow  effects  and  cross-coupling  of  upwash  and  sidewash  velocities.  To  obtain  the  side- 
slip derivative  Cy/Sw8  it  is  recommended  that  CYwjj  be  calculated  at  several  angles  of  attack  for  a small  side- 
slip angle  (/ 3<  4°).  Then  at  each  angle  of  attack  the  side  force  is  assumed  linear  with  sideslip  lor  small  values 
of  J3  so  that 


A.  SUBSONIC 

No  method  is  presently  available  for  determining  the  viscous  cross-flow  effects  and  cross-coupling  of  upwash  and 
sidewash  velocities  at  angles  of  attack  and  subsonic  speeds. 

The  method  presented  herein  is  restricted  to  first-order  approximations  at  relatively  low  angles  of  attack. 

DATCOM  METHOD 

It  is  recommended  that  the  method  of  paragraph  A of  Section  5.2. i.l  be  used  in  the  linear-lift 
angle-of-attack  region. 

B.  TRANSONIC 

The  comments  of  paragraph  A for  the  subsonic  case  also  apply  to  wing-body  combinations  at  combined  angles  and 
transonic  speeds. 


DATCOM  METHOD 

It  is  recommended  that  the  method  of  paragraph  B of  Section  5.2. 1.1  be  used  in  the  linear-lift 
angle-of-attack  region. 

C.  SUPERSONIC 

Although  higher  order  slender-body  solutions  which  account  for  cross-coupling  of  upwash  and  sidewash  velocities 
at  supersonic  speeds  are  presently  unavailable,  an  approximate  method  is  developed  in  reference  1 which  accounts 
for  the  effects  of  angle  of  attack  on  wing-body  interference, 

Two  types  or  interference  forces  are  considered  significant  at  combined  sideslip  and  angle  of  attack.  One  effect  is 
due  to  the  influence  of  the  forebody  on  cross  flow.  The  resulting  asymmetric  wing  loading  causes  interference  pres- 
sures on  the  sides  of  the  body  that  increase  the  body  side  force.  The  other  effect  is  produced  by  the  wing  inhibiting 
the  viscous  cross  flow  occuring  along  the  body  at  large  angles  of  attack.  This  phenomenon  is  termed  “viscous  cross- 
flow suppression"  in  that  it  reduces  the  body  side  force.  No  attempt  is  mude  to  estimate  the  magnitude  of  wing 
sweepback  effects  on  wing-body  interference  and  the  effect  of  body  vortices  on  wing-body  interference  is  considered 
negligible. 


DATCOM  METHOD 

The  method  presented  in  this  Section  for  estimating  the  wing-body  side-force  coefficient  is  that  of  reference  1.  The 
determination  of  the  body-alone  contribution  is  adapted  from  the  method  of  reference  2 which  is  discussed  in  Sec- 
tion 4.2. 1.2.  For  combined  angles  the  method  is  valid  only  for  circular  bodies.  In  addition  reference  1 specifies  that 
the  wing  leading  edge  be  supersonic.  But  fair  accuracy  is  obtained  for  configurations  with  subsonic  leading  edges 
when  the  aspect  ratio  is  not  too  low.  The  wing-alone  contribution  to  side  force  is  usually  very  small  and  is  there- 
fore neglected. 


5.2. 1.2-1 


Reference  1 gives  two  expressions  for  wing-body  interference  effects,  one  for  midwing  and  one  for  tangent-wing 
configurations.  The  forebody  cross-flow  effect  is  zero  for  the  midwing  case  since  the  wing  plane  then  coincides 
with  a body-alone  cross-flow  streamline  and  no  change  in  cross  flow  takes  place.  Therefore,  the  midwing  ease  is 
based  on  the  premise  that  the  sole  effect  of  the  wing  is  to  inhibit  the  nonlinear  effects  of  the  viscous  body  cross 
flow. 

The  wing-body  contribution  to  the  side-force  coefficient  ut  combined  sideslip  and  angle  of  attack  is  given  by 


CyWB  " ^y8  + 


5.2.1.2-a 


where  CyB  is  the  body-alone  side-force  contribution  given  by 
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where 


Sw 

a 

C<*0 

ShB 

Sw 

a' 


^YW(B) 


is  the  ratio  of  the  body  frontal  area  to  the  total  wing  area 
is  the  sideslip  angle  in  radians 

is  the  cross-flow  drag  coefficient,  obtained  from  figure  4.2. 1.2-23b)„  with  Mu  - M^sin  a' 
is  the  ratio  of  the  body  side  area  to  the  total  wing  area 
is  the  angle  of  inclination,  a - 'fa?  + , in  radians 

is  the  side-force  contribution  of  the  wing  due  to  tlie  presence  of  the  body,  given  by 
-27JB  Kwj,,)  k(a)  §S/3  - (3{(3  - a!)  5.2.1.2-c 


where  the  first  term  on  the  right-hand  side  is  the  forebody  cross-flow  effect  and  is  taken  as  zero  for  the  midwing 
case,  and  the  second  term  on  the  right-hand  side  is  an  approximate  effect  of  the  wing  inhibiting  the  viscous  cross 
flow  occuring  along  the  body  at  large  angles  of  attack. 

77b  is  the  Mach  number  correction  to  the  wing-body  interference  coefficient,  from  figure  5.2. 1.2-7 

Kw^b)  is  the  wing-body  interference  coefficient,  or  apparent-mass  ratio,  from  figure  5.3.1. l-25oo.  For 

wing  positions  other  than  midwing  (K^)  ~ 0)  or  tangent,  a nonlinear  interpolation  is  described  in 
Method  3,  paragraph  A,  Section  5.3.1. 1. 

k(a)  is  the  angle-of-attack  correction  to  the  wing-body  interference  coefficient.  Values  of  this  param- 

eter for  high-  and  low-tangent  wings  are  presented  in  figure  5. 2. 1.2-8.  For  wing  positions  other 
than  midwing  (k(a)  = 0)  or  tangent,  a nonlinear  interpolation  is  described  in  Method  3,  paragraph 
A,  Section  5.3.1. 1. 

d is  the  average  body  diameter  at  the  exposed  wing  root 

cr>  it.  the  exposed  root  chord  of  the  wing 

Values  for  the  incremental. coefficient  resulting  from  the  addition  of  wings  in  the  mid-  and  high-  and  low-tangent 
positions  on  circular  bodies,  calculated  using  equation  5.2.1.2-c,  are  compared  with  experimental  results  in  figure 

5.2.1.2- 5. 

The  incremental  coefficient  resulting  from  the  addition  of  a wing  in  the  midbody  position  is  presented  in  figure 

5.2.1.2- 5a.  The  Datcom  method  does  not  account  for-  additional  differential  load  on  the  body  resulting  from  unequal 
panel  loading  occuring  with  yawed  sweptback  wings.  This  neglected  effect,  in  conjunction  with  the  approximate 
account  of  viscous  cross-flow  suppression  may  account  for  the  lack  of  better  agreement  between  experimental  and 
calculated  results  at  higher  angles  of  attack. 


5.2.1. 2-2 


The  incremental  coefficient  resulting  from  the  addition  of  sweptback  wings  in  the  high-  and  low-tangent  positions 
on  a body  are  presented  in  figure  5.2.1 .2-5b  through  -5d.  The  agreement  between  experimental  and  calculated  values 
is  surprisingly  good  in  view  of  the  fact  that  the  angie-of-attack  correction  to  the  wing-body  interference  coefficient, 
k(a),  applies  strictly  to  unswept  two-dimensional  wings.  The  additional  differential  load  on  the  body  occuring  v.ith 
yawed  sweptback  wings  tends  to  compensate  for  the  reduction  in  k(a)  resulting  from  wing  sweepback. 


Sample  Problem 

Given:  The  wing-body  configuration  of  reference  3.  Find  the  side-force  coefficient  developed  by  the  wing-body 
combination  at  a - 12°  and  fi  - 4° . 


Wing  Characteristics 


High-tangent  wing 

Sw  = 144.0  sq  in. 

bw  = 24.0  sq  in. 

Body  Characteristics 

Ogive-cylinder  body 

d = 3.33  in. 

SB  = 8.70  sq  in. 

Additional  Characteristics 

= 2.01 

a = 12°  = 0.209  rad 

*3=4°  = 0.070  rad 

a'  = \faTTW  - 12-65  deg 

= 0.221  rad 

cr<s  = 8.90  in. 

SBs  = 110.0  sq  in. 


Compute: 

Body-along  contribution 
Mc  = M^sin  a!  = 2.01  sin  12.56°  = 0.440 
cdc  = 1.30  (figure  4.2.1. 2-23b) 
o S 

CyB  - — -? P - ™~/3a'  (equation  5.2.1. 2-b) 

l'  Sw  Sw 

= - (2)  (0.070)  - (1.30)  (0.070)  (0.221) 

144.0  144.0 

= -0.0238  (based  on  Sw) 


Wing  interference  contribution 

= ^(2M)2  - 1 (Mi)  = 
c1{,  \8.90  / 


0.651 


7;b  n 0.81  (figure  5.2. 1.2-7) 
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d_  _ M3 


= 0.139 


bw  24.0 

Kw^b,  = 1.22  (figure  5.3.1.1-25oo) 

= 2.67 

d 3.33 

k(a)  = 2.27  (figures  5.2.1.2-8d,  5.2.1.2-8e,  and  5.2.1.2-8f  by  interpolation) 

Cy^  = -2  77B  Kw(b)  k(a)  ° * — /3(/3  - a)  (equation  5.2.1. 2-c) 

bw  b\y 

= -2(0  31)  (1  22)  (2  27)  8-70  (0  070)  - <1-30)  (8.90)  (3.33)  (0.70)  (0.070  - 0.221) 

144.0  ‘ 144.0 

- -0.0162  (based  on  Sw) 

Solution: 

CYwb  = CyB  + CYtt<B)  (equation  5.2.1. 2-a) 

= -0.0238  - 0.0162 
= -0.0400  (based  on  Sw) 

This  compares  with  an  experimental  value  (based  on  Sw)  of  CYwb  - -0.0480  from  reference  3. 

A comparison  between  calculated  and  experimental  results  for  this  configuration  at  sideslip  angles  of  2,  4,  and  8 
degrees  and  over  an  angle-of-attack  range  to  16  degrees  is  presented  in  figure  5.2. 1.2-6. 
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FIGURE  5.2. 1.2-5  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  SDE-FORCE 
COEFFICIENT  INCREMENTS  DUE  TO  ADDING  A WING  TO  A BODY 
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FIGURE  5.2. 1.2-6  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  VALUES  OF  WING- 
BODY  SIDE-FORCE  COEFFICIENT  FOR  TOE  SAMPLE  PROBLEM 
CONFIGURATION 
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ANGLE  OF  ATTACK,  a ~ DEGREES 

FIGURE  5.2. 1.2-8  ANGLE-OF-ATTACK  CORRECTION  TO  WING-BODY  INTERFERENCE 
COEFFICIENT 
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ANCLE  OF  ATTACK,  a ~ DEGREES 

FIGURE  5.2. 1.2 -8  ANGLF.-OF-ATTACK  CORRECTION  TO  WING-BODY  INTERFERENCE 
COEFFICIENT  (coiitd) 


5.2.1. 2 -9 


Reviled  June  19ft 9 


5.2.2  WING-BODY  SIDESLIP  DERIVATIVE  C lfi 

5.2.2.1  WING-BODY  SIDESLIP  DERIVATIVE  C,  IN  THE 
LINEAR  ANGLE-OF-ATTACK  RANGE 


A.  SUBSONIC 

The  addition  of  a body  to  a wing  in  sideslip  is  shown  experimentally  to  change  the  wing  rolling  moment  in 
two  ways.  First,  there  is  the  well  known  change  in  effective  dihedral  as  a function  of  wing  height  on  the 
body.  This  occurs  because  the  cross  flow  around  the  body  induces  changes  in  the  local  angle  of  attack  of 
the  wing  (see  sketch  (a)).  The  resulting  change  in  lift  distribution  has  a significant  influence  on  C !//,.  The 
simplified  expression  presented  in  the  Datcom  for  determining  the  body-induced  effect  on  wing  height  is 
based  on  a fuselage  of  circular  cross  section,  and  is  presented  in  such  sources  as  references  1 and  2.  The  sign 
of  the  value  of  this  effect  is  dependent  upon  whether  the  wing  is  located  above  or  below  the  center  line  of 
the  fuselage.  A high  location  of  the  wing  results  in  more  positive  effective  dihedral  and  a low  location 
results  in  less  positive  effective  dihedral  than  a midwing  location. 


For  wings  with  geometric  dihedral,  the  body-induced  effect  on  wing  height  must  be  modified,  since  the 
vertical  position  of  the  wing  relative  to  the  fuselage  varies  along  the  span  (see  sketch  (b)).  The  method 
presented  in  the  Datcom  to  account  for  this  modification  is  taken  from  reference  3.  The  method  is 
applicable  only  for  wings  with  dihedral  that  intersect  the  vertical  plane  of  symmetry  of  a body  of 
circular  cross  section  at  or  near  the  midfuselage  height.  In  reference  3 the  wing  with  dihedral  is  replaced 
with  a wing  without  dihedral  at  some  effective  height  relative  to  the  fuselage,  and  the  fuselage  flow 
effect  for  the  equivalent  wing  is  then  evaluated.  The  vertical  position  of  the  equivalent  wing  was  taken 

to  coincide  with  the  wing  with  dihedral  at  the  spanwise  position  equal  to  0.7d. 
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The  second  fuselage  effect  on  rolling  moment  is  a decrease  in  wing-body  positive  effective  dihedral  with 
increasing  fuselage  length.  This  effect  is  discussed  in  reference  3,  where  it  is  suggested  that  this  may  be 
the  result  of  the  fuselage  reducing  the  wing  effective  sideslip  angle  (see  sketch  (c)). 


SKETCH  (c) 


In  reference  3 an  empirical  study  of  limited  scope  shows  that  the  fuselage  effects  may  be  correlated 
function  of  the  ratio  of  fuselage  length  ahead  of  the  wing-tip  half-chord  point  and  the  wing  span 


as  a 

*f 

b 


More  extensive  studies  indicate  that  the  par 


cos  Ac/ 2 


is  also  important.  There  may  be  additional 


- *C/  L 

parameters,  such  as  the  ratio  of  the  body  diameter  to  wing  span  and  fuselage  cross-sectional  shape  that 

if  A 

also  exert  an  influence.  The  design  chart  presented  herein  is  limited  to  the  parameters  — and  , 

b cos  Ac/2 

and  is  based  on  experimental  data  from  configurations  employing  fuselages  of  circular  cross  section. 


The  increments  in  Cfy  due  to  the  body-induced  effects  on  wing  height  and  the  effect  of  fuselage  length 
have  been  derived  for  configurations  with  fuselages  of  circular  cross  section.  Not  enough  test  data  exist 
to  determine  any  effect  the  fuselage  cross-sectional  shape  may  have  on  the  fuselage-length  parameter.  On 
the  other  hand,  both  theory  and  experiment  indicate  that  the  body-induced  effects  on  wing  height  are 
strongly  influenced  by  the  cross-sectional  shape  of  the  fuselage. 

It  is  suggested  that  for  non-body-of-revolution  configurations  the  equivalent  diameter  be  used  in 
determining  the  increments  in  C/p  due  to  the  body  induced  effects  on  wing  height. 

The  subsonic  method  is  valid  for  configurations  with  straight-tapered  wings  for  sideslip  angles  between 
-5°  and  +5o  at  speeds  up  to  the  force-break  Mach  number  and  at  low  angles  of  attack.  The 
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fuselage-effect  parameters  do  not  include  the  effect  of  either  nonuniform  geometric  dihedral  or 
non-straight-tapered  planforms. 


DATCOM  METHOD 

The  rolling  moment  due  to  sideslip,  based  on  the  product  of  the  wing  area  and  span  Sb,  for  straight-tapered 
wing-body  combinations  at  low  angles  of  attack  is  given  by 


is  the  wing-body  lift  coefficient. 


is  the  wing-sweep  contribution  obtained  from  paragraph  A of  Section  5. 1.2.1  (figure 
5.1.2.1-27) 


is  the  compressibility  correction  to  the  sweep  contribution  obtained  from  paragraph  A of 
Section  5. 1.2.1  (figure  5.1.2.1-28a) 


K{  is  the  empirical  fuselage-length-effect  correction  factor  obtained  from  figure  5.2.2.1-26. 


is  the  aspect  ratio  contribution  obtained  from  paragraph  A of  Section  5. 1.2.1  (figure 
5.1.2.  l-28b> 


T is  the  geometric  dihedral  angle  in  degrees,  positive  for  the  wing  tip  above  the  plane  of  the 

root  chord. 


is  the  wing  dihedral  effect  for  uniform  geometric  dihedral  obtained  from  paragraph  A of 
Section  5. 1.2.1  (figure  5.1.2.1-29). 


Km  is  the  compressibility  correction  factor  to  the  dihedral  effect  obtained  from  paragraph  A 

r of  Section  5. 1.2.1  (figure  5.1.2.1-30a). 
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is  the  oody-induced  effect  on  wing  height  due  to  uniform  geometric  dihedral  given  by* 


AC  i 


= -0.0005 


^(tJ 


(per  degree2) 
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where  d/b  is  the  average  fuselage  diameter  at  the  wing  root  divided  by  the  wing  span.  For 
non-body-of-revolution  configurations,  the  average  equivalent  diameter  at  the  wing  root 

/ average  cross-sectional  area 


should  be  used,  where  (dequiy)  = y~ 


0.7854 


/AC / \ is  the  increment  in  C/^  due  to  the  body-induced  effect  on  wing  height  for  configurations 
' *'«w  with  wings  located  above  or  below  the  midfuselage  height.  Inis  increment  is  given  by 


where 


ljlrr  (t)  (t-)  <p"  de8r“) 


5.2.2.1-c 


--  is  the  vertical  distance  from  the  center  line  of  the  fuselage  to  the  quarter-chord 
b point  of  the  root  chord  divided  by  the  wing  span,  positive  for  the  w'ng  located 
below  the  center  line  of  the  fuselage. 

— is  defined  under  equation  5.2.2.1-b 


AC  i 

£ — is  the  wing-twist  correction  factor  obtained  from  paragraph  A of  Section  5. 1.2.1  (figure 

0 tan  ac/4  5.1.2.1.30b). 

0 is  the  wing  twist  between  the  root  and  tip  sections  in  degrees,  negative  for  washout 

(see  figure  5.1,2.1-30b). 


For  the  case  of  a w.ng  with  dihedral  mounted  on  a body  at  a location  other  than  at  or  near  the 
midfuselage  height,  both  the  modification  of  the  body-induced  effect  on  wing  height  due  to  dihedral 
(equation  5.2.2.1-b)  and  the  body-induced  effect  on  wing  height  (equation  5.2.2.1-c)  should  be 
considered. 

A comparison  of  test  values  with  results  calculated  by  using  the  Datcom  method  for  wing-body 
configurations  without  dihedral  and  with  the  wings  mounted  at  the  midutsclage  location  is  presented  as 
table  5.2.2. 1 -A.  Comparisons  of  test  values  with  results  calculated  by  using  the  Datcom  method  for  the 
effects  of  dihedral  and  wing  height  are  presented  in  tables  5.2.2.1-B  and  5.2.2.1-C,  respectively. 


'Equation  5.2.2.1-b  is  derived  by  replacing  zyy  in  aquation  5.2.2.1-c  with  the  expression  for  the  height  abos*  the  fuselage  center  line  of  an 
equivalent  wing  at  a height  oorre*»ndingto  the  height  of  the  ,0.7d  epanwtsa  station  of  a wing  with  dihedral  (see  sketch  (b)). 


Test  data  are  not  available  to  permit  substantiation  of  the  effect  of  wing  twist  on  the  wing-body  robing 
moment  due  to  sideslip. 


Sample  Problem 


1.  Midwing,  no  dihedral,  no  twist 

Given:  The  wing-body  configuration  of  reference  8 designated  60-4-0.6-006. 

A - 4.0  X = 0.6  Ac/2  = 59.08°  b = 36.0  in. 

zw  = 0 (midwing)  T = 0 0=0  M = 0.60 

Body  of  revolution 
Compute: 

‘ \ 

~ -0.00723  per  deg  (figure  5.1.2.1-27) 

c/2 

| = -0.00180  per  deg  (figure  5. 1.2.1 -28b) 

A 

M cos  Ac/2  = (0.60)  cos  59.08°  = 0.308 
A/cos  Ac/2  = 4.0/cos  59.08°  - 7.785 
IC.  =1.02  (figure  5.1.2.1-28a) 

tf/b  = 49.58/36.0  = 1.377 
Kf  » 0.685  (figure  5.2.2.1-26) 

Solution: 


c/ 


8 


c, 


+ 


(equation  5.2.2. 1 -a) 


= CL  [(-0.00723)  (1.02)  (0.686)  + (-0.00180)] 


= CL  (-0.00505  - 0.00180] 


i{  ~ 49.58  in. 
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= —0.00685  per  deg 


This  result  compares  with  a test  value  of  -0.0074  per  degree  from  reference  8. 


2.  High  wing,  dihedral,  no  twist 
Given:  A wing-body  configuration  of  reference  16. 

A = 6.383  X = 1.0  Ac/2  = 0 

d = 6.70  in.  (average  over  root  chord) 

T = 5°  6=0  M = 0.105 

Compute: 

= 0 (figure  5.1.2.1-27) 

A c/2 

c>,\ 

— — j - -0.001 3 per  deg  (figure  5.1.2. 1 -28b) 


b = 60.0  in.  if  = 

= -2.66  in.  (high  wing) 

Body  of  revolution 


M cos  Acp  = (0.105)  (cos  0)  = 0.105 
A/'cos  i\cj2  - 6.383/(cos  0)  = 6.383 

Ku  = 1.0  (figure  5. 1.2.1 -28a) 

ma 

if/b  = 15.7/60.0  = 0.262 
Kf  - 1.0  (figure  5.2.2,1-26) 

Determine  dihedral-effect  parameters 
Geometric  dihenral 


C 


r 


-0.O00224  per  deg2  (figure  5.1.2.1-29) 


15.7  in. 
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Km^  * 1.0  (figure  5.1.2.1-30*) 


Body-induced  effect  on  wing  height  due  to  dihedral 
AC, 


= -0.0005 


^0 


(equation  5.2.2. 1-b) 


= -0.0005  ^6.383  (~IJ 

= -0.00001 6 per  deg2 
Determine  the  effect  of  wing  height 
Zy/b  = -2.66/60.0  = -0.0443 

2d/b  * 2(6.70)/60.0  = 0.223 


57.3  \b/\b 


(equation  5.2.2.1-c) 


1.2  y/6363 

“ 57  3 (-0-0443)  (°-233) 


- —0.000547  per  deg 


Solution: 


C/,  * Cl 


(|)  s^.6)].rfcs.fil 

Ac n L a J L J 


+ AC/ 


‘c/2 

(equation  5.2.2.1-«) 


Midwing,  no  dihedral 


fe)A  K- + 

ac/2  U 

- [(0)  (1.0)  (1.0) + (-0.0013)] 

* -0.00(3  per  deg 
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Dihedral  effect 


r 


(5.0)  [(-0.000224)  (1.0)  + (-0.000016)] 


-0.0012  per  deg 


This  compares  with  a test  value  of  -0.00115  per  degree  from  reference  16. 
Wing-height  effect 

(&C t\  = -0.000547  per  deg 


This  compares  with  a test  value  of  -0.00053  per  degree  from  reference  16. 


B.  TRANSONIC 

Test  data  show  that  the  variation  of  wing-body  rolling  moment  due  to  sideslip  is  similar  to  that  of  the 
lift-curve  slope.  This  correspondence  should  be  expected,  since  Cl§  has  been  treated  by  using  effective 
lift-curve  slopes  in  reference  3. 

The  similarity  in  Mach  number  characteristics  between  rolling  moment  and  lift-curve  slope  suggests  a 
transonic  interpolation  method,  based  on  lift-curve  slope,  for  calculating  rolling  moment.  An  interpola- 
tion equation  is  presented  that  is  based  on  the  square  of  the  lift-curve-slope  values  at  the  force-break 
Mach  number  Mfb  and  at  M = 1 .4. 

Since  no  reliable  method  exists  for  predicting  the  variation  of  the  wing-body  lift-curve  slope  with  Mach 
number  over  the  transonic  speed  range,  wing-alone  lift-curve  slopes  are  used  in  the  Datcorn  method.  For 
slender  wing-body  configurations,  the  aerodynamic  interference  effects  are  relatively  insensitive  to  Mach 
number,  and  the  use  of  the  wing-alone  lift-curve-slope  values  in  the  interpolation  method  should  give 
satisfactory  results.  However,  for  nonslender  configurations  transonic  interference  effects  can  become 
quite  large  and  sensitive  to  minor  changes  in  local  contour.  For  these  configurations  the  interpolation 
method  cannot  be  expected  to  provide  satisfactory  results  unless  wing-body  test  values  of  the  lift-curve 
slope  are  used. 

The  method  is  limited  to  configurations  with  straight-tapered  wings  and  is  applicable  over  the 
sideslip-angle  range  of  0 = ±5°. 


DATCOM  METHOD 

The  wing-body  roiling  moment  due  to  sideslip  of  straight-tapered  wing-body  configurations,  based  on  the 
product  of  the  wing  area  and  span  Sb,  may  be  approximated  through  the  transonic  re.-ion  from  to 
M = 1.4  by  means  of  the  interpolation  formula 
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(per  degree) 


5.2.2. 1 -d 


where 


is  the  wing-body  sideslip-derivative  slope  at  the  force-break  Mach  number  Mq, , 
obtained  by  using  the  method  of  paragraph  A.  The  force-break  Mach  number  is 
defined  in  paragraph  B of  Section  4. 1.3. 2. 


M = 1.4 


is  the  wing-body  sideslip-derivative  slope  M = 1.4,  obtained  by  using  the  method  of 
paragraph  C. 


is  the  square  of  the  wing-alone  lift-curve  slope  at  Mq,,  obtained  by  using  the  method 
of  paragraph  B of  Section  4. 1.3. 2. 


is  the  square  of  the  wing-alone  normal-force-curve  slope  at  M = 1 .4,  obtained  by 
using  the  straight-taper ed-wing  method  of  paragraph  C of  Section  4. 1.3.2. 

is  the  square  of  the  wing-alone  lift-curve  slope  at  pre-determined  Mach  numbers, 
obtained  by  using  the  methods  of  paragraphs  B and  C of  Section  4. 1.3. 2.  The  pre- 
determined Mach  numbers  consist  of  those  at  the  end  points  of  the  method 
(M  = Mq,  and  M = 1.4)  and  two  intermediate  Mach  numbers  defined  in  paragraph  B 
of  Section  4. 1.3. 2 as  Ma  = Mft  + 0.007  and  Mb  = Mft+0.14. 


i ii,  increments  in  C/(J  due  to  fuselage  transverse  flow  and  wing  height  may  be  approximated  by 
^.nations  5.2.2. 1 -b  and  5.2.2.1-c,  respectively. 


hq nation  5.1.2.1-d  for  determining  the  effect  of  geometric  dihedral  at  supersonic  speeds  is  also 
applicable  at  transonic  speeds.  However,  no  known  method  exists  for  determining  transonic  values 
required  for  this  method.  It  is  suggested  that  reference  be  made  to  table  7-A  for  tran- 
Mw: ic  ( f test  data. 

!;  u;  l data  are  not  available  the  supersonic  method  of  paragraph  C of  Section  7. 1.2. 2 should  be  used  to 
approximate  Cyp . 
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Sample  Problem 


Given:  A wing-body  configuration  of  reference  6. 

Wing  Characteristics: 

A = 2.0  X = 0 AL£  = 63.4°  ATE  = 0 Ac/2  = 4S° 

b = 34.0  in.  Sw  = 578.0  sq  in.  zw  = 0 (midwing) 

NACA  0005-63  airfoil  6 = 0 r = 0 t/c  = 0.05 

Body  of  revolution 
Body  Characteristics: 

d = 6.12  in.  = 55.12  in. 

Additional  Characteristics: 

tc  - 1.0  (assumed)  Mft  < M < 1.4 


Compute: 

Determim  , (C.  ) > (C0  . and  (CL  \ (paragraph  B,  Section  4. 1.3. 2). 

"lb  “ M*  a Mb 

(Mn>)  = 10  (figure  4. 1.3. 2- 53a) 

= 1.0  (figure  4. 1.3. 2-5  3b) 

(CL  ) 

K La'to 


Pa  - - o 


7 [(Ptb)2  + tan2  Ac/2]1/2  = — 1(0)  + (I)]1'2  = 2.0 

[(Cl«)mJ 


theory 


- 1.30  per  rad  (figure  4.1.3.2-49) 


[(Cl«)mJ 


- (1.30)  (2)  = 2.60  per  rad 


theory 


= 1.08  (figure  4.1. 3.2-54a) 


(cO»ft 


theory 

= (2.60)  (1.08) 


(C  \ = (2.60)  (1.08)  = 2.81  per  rad  = 0.049  per  deg 

V 

M*  = Mfb  + 007  " 1-07 


(CJm. 

a 

- = -0.07 
c 

(figure  4.1.3.2-54b) 

(Cla\  = 

{l  ~ c)(C0Mfb 

= [1  —(—0.07)]  (2.81)  = 3.00  per  rad 

Mb  = Mfb  + °-14  = !.14 

fCL  ) 

' 

b 

- = 0.11 
c 

(figure  4.1.3.2-54c) 

■i 

JO 

3 

0 ~cXC0Mfb 

= 

[1  — (0.11)]  (2.86)  = 2.55  per  rad  = 

= 0.0444  per  deg 


Determine  (c^)M„14  (paragraph  C,  Section  4. 1.3.2) 
li  = s/MJ  - 1 = 0.98 
0/tan  = 0.98/tan  63.4°  = 0.491 


tan  ATC/tan  A^  = 0 


(Cn  ) 

V "flr/  theory 

- = 1.31  per  rad  (figure  4.1.3.2-63) 
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(CN  \ - (1.31)  (2)  = 2.62  per  rad 

V O'  / theory 

Ay^  = 1.37  (figure  2.2. 1-8) 


theory 


M = 1.4 


1.0  (figure  4. 1.3.2-60) 

(1.0)  (2.62)  = 2.62  per  rad  = 0.0457  per  deg 


= -0.0035  per  deg  (figure  5.1.2.1-27) 

A c/2 


: -0.0022  per  deg  (figure  5.1.2.  l-28b) 
c/2  = (1.0)  (cos  45°)  = 0.7071 


cos  Ac/4  0.7071 

Km  =1.015  (figure  5. 1.2.1 -28a) 

tf/b  = 55.12/34.0  = 1.62 
Kf  = 1.0  (figure  5.2.2.1-26) 


(equation  5.2.2. 1 -a) 


5.2.2.1-12 


= [(-0.0035)  (1.015)  (1.0)  + (-0.0022)] 
= —0.00575  per  deg 


-0.061  ^ [l  ♦ M>  + V]  (>  ' 


M2cos2  /tanA^X4/3 

A + {-T-)  _ 


—0.061  -rrrr  [1+0]  [ 1 + 


57.3 


(equation  5.2.2. 1-e) 
63.4/57. 3\  ( tan  63.4°  \ 


/ ( 63.4/57.3\  / tan  63.' 
V 2 / \ 0.98' 

^tan  63.4°y/3j 


j(1.4)2cos2  63.4°  / tan  63.4° 

L 2.0  + V 4 

= -0.061  (0.0457>[  1 ](1  + 0.5532)  (2.038)[0.1965  + (03965)] 
= -0.00523  per  deg 


Solution: 


(equation  5.2.2. 1-d) 

I R— 0.00523)  (-0.00575)]  / M - 1.0  \ (-0.00575) 

[L (0.0457)2  (0.049)2  J \lA  - 1.0/  + (0.049)2  ( (CLa  ) 


2.309 


M 


5.2.2.1-13 


\ L /M,-1.07 


\ / 1 .07  — 1 .0  \ / 

j [-0.100]  l — J -2.309  J (0.0524)2 

j [-0.100]  (0.175)  -2.309  j (0.002745) 
-0.00639  per  deg 


1.14 


J [-0.1001(1^2)  -2.309  J (0.0444)2 
j [-0.100]  (0.350)  -2.309  j (0.00197) 


= —0.00462  per  deg 

The  calculated  results  are  compared  with  test  values  in  sketch  (d).  Additional  points  have  been  calculated 
at  M = 0.6,  0.9,  and  1.7. 

MACH  NUMBER 


5.2.2.1-14 


C.  SUPERSONIC 


The  present  status  of  supersonic  rolling-moment  theory  is  discussed  in  paragraph  C of  Section  5. 1.2.1. 
As  indicated  therein,  insufficient  experimental  data  exist  at  the  present  time  to  distinguish  between  the 
supersonic  rolling  moments  for  wing-alone  and  for  wing-body  configurations  where  the  wing  is  mounted 
on  the  fuselage  center  line.  Therefore,  for  configurations  with  the  wing  mounted  on  the  fuselage  center 
line  the  supersonic  wing-alone  method  of  paragraph  C is  employed. 

Experimental  data  indicate  that  for  wings  located  at  positions  other  than  on  the  fuselage  center  line 
there  is  a considerable  variation  in  effective  dihedral  with  wing  height  on  the  body.  Furthermore,  the 
effect  of  geometric  dihedral  on  the  body-induced  effect  due  to  wing  height,  discussed  in  paragraph  A, 
must  also  be  considered  at  supersonic  speeds.  No  methods  have  been  developed  to  account  for  the 
body-induced  effects  on  wing  height  at  supersonic  speeds.  The  subsonic  methods  of  paragraph  A 
(equations  5.2.2. 1-b  and  5.2.2.1-c)  are  applied  at  supersonic  speeds. 


DATCOM  METHOD 

The  supersonic  rolling  moment  due  to  sideslip  for  wing-body  configurations  with  straight-tapered  wings  at 
low  angles  of  attack  and  at  M = 1.4  and  higher  speeds  is  approximated  by 


AC/  (per  degree) 
'«w 


M2cos2  Ajjg  ^ ^ tan  ALEyt/3j 
5.2.2.1-e 


where 


Ajj.  is  the  wing  leading-edge  sweep  in  radians. 


CNa  is  the  wing  normahforce-curve  slope  per  radian,  obtained  by  using  the  straight-tapered- 

wing  method  of  paragraph  C of  Section  4. 1.3.2. 


is  the  wing  dihedral  effect  for  uniform  geometric  dihedral,  calculated  by  using  equation 

5.1.2.1-d  with  C / (per  radian)  obtained  by  using  the  method  of  paragraph  C of 
Section  7. 1.2. 2. 


is  the  body-induced  effect  on  wing  height  due  to  uniform  geometric  dihedral  obtained  by 
using  equation  5.2.2. 1-b. 


is  the  increment  in  C/ff  due  to  the  body-induced  effect  on  wing  height  for  configurations 
witli  wings  located  above  or  below  the  fuselage  center  line,  obtained  by  using  equation 

5.2.2.1-c. 


5.2.2.1-15 


A comparison  of  test  values  with  results  calculated  by  using  the  Datcom  method  for  wing-body 
configurations  without  dihedral  and  with  wings  mounted  at  the  midfuselage  location  is  presented  as 
table  5.2.2. 1-D.  A comparison  of  test  values  with  results  calculated  by  using  the  Datcom  method  for  the 
effects  of  dihedral  is  presented  as  table  5.2.2. 1-E. 

it  is  difficult  to  assess  the  validity  of  the  Datcom  method  for  establishing  the  value  of  C/^/Cl,  even  at 
small  lift  coefficients.  Test  data  show  that  for  many  configurations  the  variation  of  C/p  with  Cl  at 
supersonic  speeds  is  nonlinear  throughout  the  lift-coefficient  range.  Some  of  the  test  values  listed  in 
table  5.2.2. 1-D  are  questionable,  and  those  configurations  for  which  no  test  values  are  listed  exhibit 
nonlinear  rolling  moment  due  to  sideslip  throughout  the  lift-coefficient  range. 

Although  the  data  of  table  5.2.2. 1-E  are  limited,  it  appears  that  the  method  provides  relatively  good 
results  for  the  effect  of  dihedral  on  C/^  at  supersonic  speeds. 

Not  enough  experimental  data  are  available  to  assess  the  validity  of  equation  5.2.2. 1-c  applied  at 
supersonic  speeds  for  determining  the  effect  of  wing  vertical  location.  Equation  5.2.2. 1-c  has  been 
applied  to  the  configurations  of  references  19  and  20;  the  results  of  these  calculations  are  compared 
with  test  values  in  table  5.2.2. 1-F.  The  calculated  values  are  somewhat  less  than  the  test  values  in  all 
cases. 


Sample  Problem 

Given:  The  wing-body  configuration  of  reference  19. 

Wing  Characteristics: 


A = 4.0  X 

- a2  ale  = 

49-4°  Ac/2 

= 42.5° 

b - 24.0  in. 

r = 3° 

= 0 (midwing) 

NASA  65A004  airfoil 

Body  Characteristics: 

d - 3.33  in. 

d/b  = 0.139 

Body  of  revolution 

Additional  Characteristics: 


M = 2.01;  0 = 1.74 
Midwing,  no  dihedral 
Compute: 


2n  = 2.235  per  rad  (test  value) 


T + A 


LE 


v 49.4 

) = 1 +TTTT  = 1.862 


57.3 


[1  + X(1  + A^)]  - [1  + 0.2  (1.862)]  = 1.372 


(,+2h)  „ r1  + _i£i] , 

\ 2 / L 2(57.3) J 


5.2.2.1-16 


7-r 


to 


h «.* 


(tan  Ajjr/jS)  * tan  49.4°/1.74  » 0.6705 


+ _ p2,0|).  m.  49  4.  + ^ 49.4°y/ij  _ ,06ji 


2.235 


Solution: 

Q £ 

\ [1  +X(1  + A.„)1  ( 1 +^-H  - 

0/1  A 

(equation  5.2.2. 1-e  with  r - 0, 2^  -0) 

= -°  061  ITT  11.3721(1.431)  (0.6705)10.621] 

- -0.00195  per  deg 

Tliis  compares  with  a test  value  of  -0.0019  per  degree  from  reference  19. 

Dihedral  effect 
Compute: 

fiA  = (1.74)  (4.0)  = 6.96 
A tan  ac/2  ■ (4.0)  (tan  42.5°)  = 3.67 

C'p 

p theory 

= -0.0665  per  rad  (figure  7.1.2.  ;!-38,  interpolated) 

Ayj^  = 0.80  (figure  2.2.1-8) 


Si  , 0^0  _ 

1 c oc  5.85 


(S), 


5.85 


= 0.918  (figure  7.1.2.2-40) 


theory 


(cO 


1 ci 
*22.  a - p 

* J (C/p) 

' p'theory 


(equation  7.1.2.2-d) 


= [-0.0665)  (4.0)  (0.918)  * -0.244  per  rad 


5.2.2. 1- 


&J.J,  ,_A.»  " 


..‘I  J ■ I ■ » I I HIM  ' 


(equation  5.1.2.1-d) 


(57.3) 


__2 

(57.3) 


(Rfh 

~ — ( “~)  (-0.244)  - -0.000130  per  deg2 

3y;  \1.6/ 


AC,  d 2 

-0.0005  y/T  (b')  (equation  5.2.2. 1-b) 


= -o.ooiov^o(^) 


= -0.0000193  per  deg2 


Solution: 


(c‘,  AC'„\ 

r^— p—  +— - — J (dihedral  effect  term  of  equation  5.2.2. 1-e) 

3.0  [-0.000130  + (-0.0000193)1  = -0.000448  per. deg 
This  compares  with  a test  value  of  - 0.00046  per  degree  from  reference  19. 
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TABLE  5.2.2.1-A 

SUBSONIC  WING-BODY  ROLLING  MOMENT  DUE  TO  SIDESLIP 

Midrving  Configurations 
No  Dihedral 

DATA  SUMMARY 


Rsf. 

A 

\ 

Ac/2 

(deg) 

if 

6 

M 

<7  /CL 

Calc. 

(per  deg) 

%/CL 

Tilt 

(per  deg) 

$ 
Calc-Test 
(per  deg) 

e 

Percent 

Error 

2.0 

0 

.6 

58.1 

0.962 

0. 

13 

-0.0102 

-0.0092 

-0,0010 

10.9 

4.0 

69.1 

0.680 

-0.0083 

-0.0086 

0.0006 

- 6.7 

6.0 

69.4 

0.555 

-0.0079 

-0.0083 

0.0004 

- 4.8 

1 


TABLE  6.2J2.1-C 


EFFECT  OF  WING  HEIGHT  ON  SUBSONIC 
ROLLING  MOMENT  DUE  TO  SIDESLIP 
a - c 


TABLE  6.2.1. 1-0 


SUPERSONIC  WING-BODY  ROLLING  MOMENT  DUE  TC  SIDESLIP 

Midwins  Configuration! 

No  Dihadral 

DATA  SUMMARY 


Raf. 

■ 1 

X 

ale 

(dag) 

M 

— 

%*«- 

CMC. 

(par  dag! 

C//CL 

Trot 
(PM  das) 

*<fc//CL) 

Calc. -Tart 
(par  dag) 

• 

Ptfcmt 

Error 

■ 

0.2 

49.4 

2.01 

-0.00161 

-00019 

0.0002® 

-188 

70 

3.0 

i 

0.26 

30.97 

1 

1.41 

-0.00231 

—00023 

-000001 

0.4 

1 

2.01 

-0.0017 

-00019 

00002 

-108 

1 

8 

4.0 

0 

46.0 

1 40 

1 

-0.00248 

— 

— 

2.0 

i 

0 

83.43 

I 

-0.00624 

-000630 

0.00000 

- 1.1 

1.70 

-000304 

-00040 

0.00006 

- 1.6 

2 

1 

3- 

0 

0.2 

i 

50.71 

182 

-00030 

-00030 

0 

0 

282 

—0.0022 

— 

4.0 

0.2 

49.4 

182 

-00024 

— 

__ 

1 

| 

282 

-00017 

— 

— 

J 

n _ 

3.u 

0.2 

i 

•2.9 

182 

—0.00466 

— 

— 

— 

| 

» 

282 

-000270 

-000207 

-0.00083 

30.4 

| * 

2 

3.0 

0.28 

31 

° 

280 

-000179 

— OC012 

-000069 

498 

1 

1 

289 

-00017 

-000122 

—0.50048 

398 

388 

-090164 

-00014 

—0.30024 

17.1 

483 

-000183 

-000144 

-0.00019 

13.2 

113 

0. 

18 

73 

0 

180 

-0.00883 

—000831 

-0.00062 

8.3 

2.18 

-0.00700 

-0.00880 

-0.00019 

28 

| 

280 

-000676 

-000662 

-0.00014 

28 

U- 

286 



-000494 

-000484 

-9.00030 

68 

*T<tcil  «Mum  of  arara  wad  In  calculating  C/^Cl-  A van*  Error  12.7% 
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TABLE  5.2.2,1-E 


EFFECT  OF  OIHEDRAL  ON  SUPERSONIC  ROLLING 
MOMENT  DUE  TO  SIDESLIP 

Midwing  Configuration! 

a « o 

DATA  SUMMARY 


(“%)r  (4%)r  ‘[(“'A] 


Calc, 
(par  dag) 


-0.00045 

0.00045 

0.00086 

0.00173 

0.00059 

0.00119 

0.00092 

0.00185 

0.00060 

0.00120 

0.00071 

9.00143 

0.00061 

0.00123 

-0.00036 

-0.000327 

-0.00018 

-0.00027 

0.00027 

-0.000282 

0.000282 

-0.000273 

0.000273 

-0.0002* 

0.00021 


Tatt 

(par  dag) 


Calc.-Tan 
(par  dag) 


-0.C0046 

0.00001 

0.00048 

-0.00001 

0.00091 

-0.00005 

0.0016 

0.00023 

0.0008 

-0.00001 

0.00116 

0.00003 

0.0009 

0.00002 

0.0016 

0.00025 

0.00065 

0.00006 

0.00106 

0.00015 

0.00085 

-0.00014 

0.0018 

-0.00037 

0.0006 

0.00001 

0.0011 

0.00013 

-0.00041 

0.00006 

-0.00036 

0.000033 

-0.00019 

0.00001 

-0.00026 

-0.00002 

0.00023 

( 0.00004 

-0.00026 

-0.000022 

0.00030 

-0.000018 

-0.00022 

-0.000063 

0.00025 

0.000023 

i 

—C. 00019 

-0.00006 

0.00024 

-0.00003 
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5.2.3  WING-BODY  SIDESLIP  DERIVATIVE  Cttf 

5.2.3. 1 WING-BODY  SIDESLIP  DERIVATIVE  C*.  IN  THE 
UNEAR  ANGLE-OF-ATTACK  RANGE 


The  wing-body  yawing  moment  due  to  sideslip  can  be  considered  as  the  sum  of  the  yawing  moments  of 
the  body,  the  wing,  and  the  wing- body  interference.  The  wing  contribution  is  important  only  at  large 
incidences  and  is  deleted  from  the  solution  of  wing-body  yawing  moment  due  to  sideslip.  The  method 
provided  herein  gives  the  total  wing-body  sideslip  derivative  Cnf  as  the  sum  of  the  body  and  wing-body 
interference  contributions.  ” 

The  unstable  directional  stability  contribution  of  the  fuselage  is  dominant  in  this  analysis,  and  since 
slender-body  theory  predicts  the  body  contribution  to  be  essentially  independent  of  Mach  number,  the 
method  presented  is  considered  to  be  valid  for  all  speeds. 

Experimental  investigations  have  shown  that  the  wing-body  interference  contribution  to  the  yawing- 
moment  derivative  is  essentially  independent  of  sweep,  taper  ratio,  and  Mach  number.  Furthermore,  the 
evidence  of  references  1,  2,  and  3 is  that  the  effect  of  wing  vertical  position  on  wing-body  yawing 
moment  is  small. 

The  maximum  angle  of  applicability  is  limited  to  the  linear-lift  region.  Above  this  angle-of-attack  limi- 
tation, separation  occurs  and  both  the  wing  and  wing-fuselage  interference  have  an  appreciable  effect  on 
the  wing-body  sideslip  derivative  C„f  as  a result  of  the  changes  in  the  magnitude  and  orientation  of 
the  resultant  force  on  the  two  wing  semispans. 

DATCOM  METHOD 

All  S poods 

The  total  wing-body  sideslip  derivative  C,fl  based  on  the  product  of  total  wing  area  and  wing 
span  Sb,and  referred  to  an  arbitrary  moment  center,  is  given  by 

sB  t 

(C-X.  ‘ s-2-3  '-* 


where 

Kn  is  an  empirical  factor  related  to  the  sideslip  derivative  for  body  plus  wing-body  interfer- 
ence, obtained  from  figure  5.2.3. 1 -8  as  a function  of  the  body  geometry. 

Kr  is  an  empirical  Reynolds-number  factor  obtained  from  figure  5.2.3. 1 -9  as  a function  of 
the  fuselage  Reynolds  number. 

SB  is  the  projected  side  area  of  the  body, 

s 

IB  is  the  length  of  the  body. 


5.2.3. 1-1 


4 Aiwifintr 


A comparison  of  results  calculated  by  using  this  method  with  test  data  is  presented  as  table  5.2.3. 1-A. 


It  should  be  noted  that  the  upper  limit  of  the  fuselage  Reynolds  number  of  the  test  data  is  49.2  million. 
For  configurations  at  higher  full-scale  Reynolds  numbers  the  method  is  expected  to  give  results  that  are 
satisfactory  for  preliminary  design. 

Sample  Problem 

1.  Given:  The  wing-body  configuration  of  reference  12. 

Body  Characteristics: 

JfB  = 4.1ft  SB  = 1.35  sq  ft  Xm  = 2.5  ft  h = 0.416  ft 
s 

w = 0.416  ft  hj  = 0.315  ft  h2  = 0.388  ft 

Wing  Characteristics: 

* 2.25  sq  ft  b = 3.0  ft 


Additional  Characteristics: 

M = 0.91  Rj  = 3.87  x 106  per  ft 


Compute: 


xm  2.5 
tB  " 4.1 


0.610 


*b2  _ (4. 1)2 

sT  ~ T35 

"s 


f 0.315 
0.388 


0.902 


h __  0.416 
w 0.416 


1.00 
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Kn  = 0.00105  per  deg  (figure  5.2.3. 1-8) 

R,  = (3.87  x 106)£h  = (3.87  x 106)  (4.1)  = 15.87  x 106 

* fuselage  " 

Kr^  = 1.567  (figure  5. 2.3. 1-9) 

Solution: 


(S) 


fij  WB 


= -Kn  % 


Sw  b 


(equation  5.3.2. 1-a) 


= -(0.00105)  (1.567)  ~ 

2.25  3.0 


= -0.00 1 35  per  deg  (based  on  b) 


This  compares  with  a test  value  of  -0.00130  per  degree  from  reference  12. 
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WING-BODY  YAWING  MOMENT  DUE  TO  SIDESLIP 
DATA  SUMMARY  - ALL  SPEEDS 


•*fu» 
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(ft) 


*8 

(ft) 

SB 

Bs 

(w  ft) 

^2 

h 

w 

kn 

(p*r  d«) 

V 

(cu  ft) 

K„  , 

Ri 

(Cnu)wB 
Calc, 
(per  dag) 

( np) WB 
Ttrt 

(per  dog) 

• 

Percent 
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3 
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4 
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1.0 

2 
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12 
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.0 

1.03 

1.C 
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l 
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i 

2.32 

3.’0 
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3.10 

I 

3.00 

3.48 


40.2 
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5.36 

9.20 

10J3 
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1.93 

i 

1.26 

1.67 

2.5 

1.67 

i 

1.67 
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2.12 
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23.91 
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1.67 

2.25 
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83.08 


3.30 

1 
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Ref  M X 10-6  (ft) 


11.4 
14.42 
16.® 

16.87 

16.92 

8.0  3.18 

10.6  I 

6.11  0.87 


(C,VwB  I 


13.86  2.60  4.66 

2 16.63  i 1 

7.61  2.266  3.78 

16.60  3.18  5.04 

20.00  ^ ^ 

S.»2  1.56  3.06 

I » 

6.04  2.08 


9.11  1.73 

2.01  8.79  i 

1.61  7.64  1.58 

1.62  2.69 

2.62  3.015 


2.01  9.747  1.734  3.04 

23  2.01  8.42  1.357  2.626 

24  2.01  3.38  1.80  2.74 

26  2.01  9.76  1.73 


w (par  deg)  (cult) 


0.00105 
0.00105 
0.00106 
0.00106 
0.00106 
0.00110 
0.00110 
0.00110 
0.00110 
0.00098  1 

0.00110  6.76 

0.00110  I 

0.00095  6.69 

1.0  I 0.00110  11.36 


1.0  0,00116  2.0 

J 0.00115  1 

1.0  0.00170  2.36 

1.0  0.00122  0.023 

0.00122 
0.00122 
0.00122 

1.0  0.00106 

1.0  0.00130  1.07 

1.34  0.00160  1.26 

1.0  0.00116 


1.488 

-0.00129 

1.548 

-0.00133 

1.658 

-0.00134 

1.567 

-0.00135 

1.667 

-0.00136 

1.427 

-0.00140 

1.483 

-0.00147 

1.336 

-0.00168 

1.3S0 

-0.00174 

1.336 

-0.00144 

1.380 

— C.Q0149 

1.537 

-0.00188 

1.676 

-0.00192 

1.417 

-0.00096 

1.573 

—0.00166 

1.62 

-0.00160 

1.462 

-0.00123 

1.413 

-0.00120 

1.37 

-0.00152 

1.36 

-0.00151 

1.331 

-0.00148 

1.462 

-0.00189 

1.447 

-0.00188 

1.416 

-0.00227 

1.204 

-0.00130 

1.228 

-0.00152 

1.228 

-0.00152 

1.228 

-0.00132 

-0.00170 

-0.00297 

-0.00298 

-0.00189 


-0.00130 
-0.00130 
-0.00130 
-0.00130 
-0.00130 
-0.00130 
-0.00136 
-0.00110 
-0.00160 
-0.00150 
-0.00180 
-0.00170 
-0.00180 
-0.00097 
-0.00130 
-0.00140 
-0.00115 
-0.00094 
-0.00160 
-0.00165 
-0.00160 
-0.00150 
-0.00170 
-0.00253 
— 0.00095 
-0.00145 
-0.00152 
-0.00127 
-0.00170 
-0.00345 
-0.00296 
-0,00176 


2.3. 1-6 


5.2.3. 1-8 


5. 2.3. 2 WING-BODY  YAWING-MOMENT  COEFFICIENT 
q,  AT  ANGLE  OF  ATTACK 


The  wing-body  yawing  moment  developed  at  combined  angles  is  nonlinear  with  respect  to  both  sideslip  and  angle 
of  attack  because  of  viscous  cross-flow  effects  and  cross-coupling  of  upwash  and  sidewash  velocities.  To  obtain 
the  sideslip  derivative  it  is  recommended  that  CnwB  be  calculated  at  several  angles  of  attack  for  a small 

sideslip  angle  </3  < 4 ).  Then  at  each  angle  of  attack  the  yawing  moment  is  assumed  linear  with  sideslip  for 
small  values  of  ft  so  that 

U"/SWB  “ ~ ■ 

A.  SUBSONIC 

No  method  is  presently  available  for  determining  the  wing-body  yawing  moment  at  large  angles  of  attack  and  sub- 
sonic speeds.  The  method  presented  herein  is  restricted  to  first-order  approximations  at  relatively  low  angles  of 
attack. 


DATCOM  METHOD 

It  is  recommended  that  the  method  of  Section  5.2.3.1  be  used  in  the  linear-lift  angle-of-attack  range. 


B.  TRANSONIC 

No  method  is  presently  available  for  determining  the  wing-body  yawing  moment  at  large  angles  of  attack  and  tran 
sonic  speeds.  The  method  presented  herein  is  restricted  to  first-order  approximations  at  relatively  low  angles  of 
attack. 


DATCOM  METHOD 

It  is  recommended  that  the  method  of  Section  5.2. 3.1  be  used  in  the  linear-lift  angle-of-attack  range. 


C.  SUPERSONIC 

The  method  for  est  imating  the  wing-body  yawing-moment  coefficient  CnwB  is  based  on  the  theory  involved  in  esti- 
mating Cyi-b  presented  in  Section  5.2. 1.2.  Therefore,  the  comments  in  that  Section  applying  to  the  aerodynamics 
of  wing-body  interference  also  apply  to  this  Section  but  are  not  repeated  here. 

To  obtain  the  wing-body  yawing-moment  coefficient  it  i3  necessary  to  apply  the  appropriate  moment  am  to  the  side- 
force  coefficient  of  Section  5.2. 1.2.  The  center  of  pressure  of  the  aerodynamic  forces  on  the  body  at  angle  of  attack 
establishes  one  moment  arm.  No  simple  method  is  available  for  estimating  the  body-alone  center  of  pressure.  The 
method  suggested  herein  is  necessarily  tentative  and  will  be  updated  cs  information  becomes  available.  Of  course, 
test  values  at  the  appropriate  angle  of  attack  are  to  be  preferred.  The  position  at  which  the  wing-body  interference 
side  force  acts  on  the  body  establishes  a second  moment  arm.  In  the  method  that  follows,  this  position  is  expressed 
as  a function  of  the  vertical  location  of  the  wing  on  the  body  and  is  based  on  the  assumption  that  both  the  pressure 
and  viscous  force  components  of  interference  act  at  the  same  location. 

The  same  limitations  apply  to  the  estimation  of  the  yawing  moments  as  to  the  estimation  of  the  side  force:  although 
the  wing  leading  edge  should  be  supersonic,  fair  reuu  *s  are  obtained  for  subsonic  leading  edges  if  the  aspect  ratio 
is  not  too  low.  Furthermore,  correlation  of  experimental  and  estimated  values  of  the  wing-body  interference  moment 
indicates  that  the  Datcom  method  is  in  actuality  only  warranted  for  cases  in  which  the  mid-point  of  the  wing  root 
chord  is  substantially  displaced  from  the  moment  reference  point. 


5.2.3.2-1 


OATCOM  METHOD 


The  yroving-moment  coefficient  for  wing-body  combinations  at  supersonic  speeds  is  given  by  the  equation 


where 

C, 


"8 


where 


'Y*<m 


^"n  + 


*» 


b« 


-*M|  C 


5:2.3.2-a 


is  the  body-alone  contribution  given  by 

5s.  - * 1 is  r 

P1  b,  °Yb 


5.2.3.2-b 


is  the  distance  from  the  body  nose  to  the  moment  center 
is  the  body  length 


is  the  distance  from  the  body  noBe  to  the  body  center  of  pressure,  measured  in  body  lengths. 

Q 

This  parameter  is  approximated  by  Xc.p,  = — *• 

Cl 


bw 

°Vb 


where  Cw  and  Cl  are  obtained  from  paraf  aph  C of  Sections  4.2.2.2  and  4.2. 1.2,  respectively, 
at  a = a'.  The  pitching-moment  coefficient  from  Section  4.2.2.2  is  referred  to  the  body  nose 
= «)• 

is  the  wing  span 


is  the  body-alone  side-force  coefficient  obtained  from  Section  5.2. 1.2 
is  the  side-force  interference  contribution  obtained  from  Section  5.2. 1.2 

is  the  distance  from  the  body  nose  to  the  center  of  pressure  of  the  wing-induced  body  side  force 
For  midwing  configurations 

liini  = !_  + 


»WCB)  = * 

where 

I „ is  the  distance  from  the  body  nose  to  the  juncture  of  the  wing  leading  edge  and  body 


5.2.3.2-c 


For  tangent  wing  configurations 


where 


is  the  distance  to  the  center  of  pressure  of  the  wing-induced  body  side  force  from  the  juncture  of 
the  wing  leading  edge  and  the  body  at  the  prop--  ingle  of  attack 

the  distance  to  the  center  of  pressure  of  the  wing-induced  body  side  force  from  the  juncture  of 
the  wing  leading  edge  and  the  body  at  zero  angle  of  attack 


X|*> 

xV**o> 


is  obtained  from  figure  5.2. 3.2-6 
is  obtained  from  figure  5.2. 3.2-8 


S.2.3.2-2 


Values  for  the  incremaW-.il  coefficient  resulting  from  the  addition  of  wings  in  the  mid  and  hiah-  arid  low-tnngent 
positions  on  circular  bodies,  calculated  using  the  second  term  on  the  right-hand  side  of  equation  5.2.3.2-a,  are 
compared  with  experimental  results  in  figure  5.2. 3.2-5.  This  correlction  is  somewhat  inconclusive  in  that  for  the 
conventional  wing  locations  considered  the  centers  of  pressure  of  the  wing-body  interference  side  forces  are 
close  to  the  moment  reference  point.  The  resulting  small  yawing  moments  are  likely  no  larger  than  the  yawing 
moments  of  the  wing  alone  which  are  neglected  in  the  method.  Furthermore,  exact  knowledge  of  the  wing  effects 
on  the  body  cross-flow  load  distribution  is  precluded  since  the  center  of  pressure  of  the  body  cross-flow  loading 
is  not  accurately  known. 


Sampl • ProbUa 

Given:  Configuration  of  the  sample  problem,  paragraph  C,  Section  5.2.I.2.  This  configuration  is  also  tested  in 

reference  I of  this  Section.  Some  of  the  characteristics  are  repeated.  Find  the  yawing-moment  coefficiwit 
developed  by  the  wing-body  combination  at  a = 12“  and  (i  4“. 


Characteristics 

IB  = 36.5  in.  In  - 15.62  in.  **  = 20.81  in.  cr.  = 8.90  in. 

bw  - 24.0  in.  v*.  = 0.36  at  a'  = 12.65°  (test  results)  M = 2.01 


cr./d  = 2.67 
a'  = 12.65° 


Compute: 

Body-alone  yawing-moment  coefficient  C„B 
CYfl  = -0.0238  (baaed  on  S„)  (sample  problem,  paragraph  C,  Section  5.2.1.2) 

C„B  - Xc.p.j  ^ CyB  (equation  5.2.3.2-b) 

= (0.57  - 0.36)  38=5  (-0.0238) 

24.0 

= -0.0076  (baaed  on  S*bw) 

Wing  interference  yawing-moment  coefficient 

_xj£A_  s 0.77  (figure  S.2.3.2-6) 

Xk«»<» 

VS5"ri|J_]=  V(2.01)4  "-  lj  JgJ  = 0.651 

= 0.90  (figure  5.2.3.2-8) 
cu 

=IB  *■  (equation  5.2.3.2-d) 

= 15.62  ♦ 8.90  (0.77)  (0.90) 

= 21.78 

<jv<to  - -0.0162  (based  on  Sw)  (sample  problem,  paragraph  C-,  Section  5.2.1.2) 


5.23.2-3 


Solution; 


■ c~  ’Hr31 


(equation  5.2.3.2-«) 


= -0.0078  + 2&SJ---2L78  (-0.0162) 

24.0 

= -0.00695  (based  on  Swb*) 

This  compares  with  an  experimental  value  (based  on  Swbw)  of  C„WB  - -0.0070  from  reference  1. 

A comparison  between  calculated  and  experimental  results  for  this  configuration  at  sideslip  angles  of  2,  4,  and 
8 degrees  and  over  an  angle-of-attack  range  to  16  degrees  is  presented  in  figure  5.2.3.2  -4. 
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FIGURE  5.2. 3.2-4  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  VALUES  OF  WING- 
BODY  YAWING-MOMENT  COEFFICIENT  FOR  THE  SAMPLE  PROBLEM 
CONFIGURATION 
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ANGLE  OF  ATTACK,  a ~ DEGF.3ES 


FIGURE  5.2.3.2-S  EFFECT  OF  ANGLE  OF  ATTACK  ON  CENTER-OF-PRESSURE  LOCATION  OF 
WING-INDUCED  BODY  SIDE  FORCE 


M.8,2-6 


i. 


ANGLE  OF  ATTACK,  a -DEGREES 

FIGURE  5.2.3, 2-6  EFFECT  OF  ANGLE  OF  ATTACK  ON  CENTER-OF-PRESSIJRF.  I .OCATION  01 
WiNG-INDUCED  BODY  SIDE  FORCE  (cootd) 


5.3  TAIL-BODY  COMBINATIONS  IN  SIDESLIP 
5.3.1  TAIL-BODY  SIDESLIP  DERIVATIVE  CY/3 


5.3.1. 1 TAIL-BODY  SIDESLIP  DERIVATIVE  IN  THE  LINEAR  ANGLE-0 F- ATTACK  RANGE 

The  contributions  of  panels  present  in  the  empennage  to  the  vehicle  sideslip  derivative  CY(5  are  presented  in  this  sec- 
tion for  speeds  ranging  from  low  subsonic  to  hypersonic.  The  methods  presented  include  the  mutual  interference 
effects  of  the  wing,  body,  and  the  horizontal  panels. 

A.  SUBSONIC 

At  subsonic  speeds  the  vehicle  body  and  horizontal  tail  affect  the  flow  on  the  vertical  tail  in  such  a way  as  to  in- 
crease the  effect  iveness  of  the  vert  .cal  tail.  This  phenomenon,  known  hr  the  ‘end-plate  effect,*  is  frequently  repre- 
sented by  an  effective  change  in  panel  aspect  ratio  required  to  give  the  same  lift  effectiveness  as  the  actual  panel 
in  the  presence  of  the  other  vehicle  components,  Interferences  also  exist  between  the  vertical  tail,  the  body,  and 
any  forward  lifting  surface. 

In  the  literature,  these  mutual  interference  effects  are  treated  in  various  ways.  In  some  cases,  the  wing-body  wake 
and  sidewush  effects  are  treated  independently  of  the  body  and  horizontal-tail  end-plate  effects.  The  British  are 
notable  for  this  approach.  In  other  cases,  all  the  interference  effects  are  lumped  into  a single  vertical-tail  effec- 
tiveness parameter.  One  of  the  methods  presented  herein  uses  this  latter  approach. 

The  effect  of  each  of  the  vehicle  components  on  the  subsonic  vertical-tail  effectiveness  is  discussed  in  the  follow- 
ing paragraphs. 

Effect  of  Body  Cross  Flow 

A body  in  sideslip  exhibits  a flow  characteristic  similar  to  a cylinder  in  cross  flow.  For  potential  flow  the  peak 
local  velocity  occurs  at  the  top  of  the  cylinder  and  is  equal  to  twice  the  free-stream  cross-flow  velocity.  Actually, 
separation  exists  on  the  leeward  side,  reducing  the  peak  velocity  from  the  potential-flow  value.  In  either  case, 
the  velocity  decays  to  the  free-stream  cross-flow  value  with  distance  from  the  body  surface,  Thus,  it  is  to  be  ex- 
pected that  tail-body  combinations  with  large  bodies  and  small  tails  have  a greater  effectiveness  per  unit  area 
than  combinations  with  large  tails  and  small  bodies.  This  trend  is  exhibited  by  test  data.  The  vertical  panel  itself 
causes  a load  carry-over  from  the  panel  onto  the  body.  This  carry-over  increases  the  effectiveness  of  the  vertical 
panel  and  is  included  in  the  methods  presented. 

Effect  of  Horizontal  Surface 

The  presence  of  a horizontal  panel  in  the  vicinity  of  a vertical  panel  causes  a change  in  the  pressure  loading  of 
the  latter  if  the  horizontal  panel  is  at  a height  where  the  vertical  panel  has  an  appreciable  gradient,  i.c.,  at  a 
relatively  high  or  low  position.  Test  data  substantiate  the  greater  effectiveness  of  horizontal  panels  in  these 
positions  and  the  relative  ineffectiveness  of  a horizontal  panel  at  the  midspan  position  on  the  vertical  panel. 

Effect  of  Wing-Body  Wake  and  Sidewanh 

The  effect  of  wing-body  wake  and  sidewash  on  the  effectiveness  of  the  vertical  panel  is  discussed  in  detail  in 
Section  5,4.1.  This  effect  is  implicitly  included  in  only  one  of  the  methods  presented  herein  (Method  3). 

Several  approaches  to  this  problem  have  been  taken  in  the  literature.  Reference  1 presents  a method  accounting 
for  the  effects  of  body  size  relative  to  vertical-panel  size,  and  dealing  with  horizontal-tail  height  ranging  from 
positions  on  the  body  to  the  top  of  the  vertical.  This  method  appears  to  be  the  most  accurate  one  available.  It  is 
presented  in  this  Section  as  Method  1. 

Reference  2 contains  a method  which  is  also  widely  used.  Included  in  this  method  is  a chart  for  twin  tails  that  is 
presented  in  this  section.  The  charts  give  the  average  lift-curve  slope  of  the  two  panels.  (The  interferences  and 
hence  the  individual  lift-curve  slope  of  the  petrels  differ  somewhat.) 

A different  approach  is  given  in  reference  3.  This  method  is  based  on  the  assumption  that  the  ratio  of  the 
increment  in  side  force  due  to  the  addition  of  a vertical  panel  to  the  side  force  developed  by  the  panel  alone 
is  the  same  as  the  ratio  of  the  increment  in  apparent  mass  of  the  cross  section  at  the  base  of  the  empennage 
with  panel  added  to  the  apparent  mass  of  the  panel  alone.  The  development  of  the  apparent-mass  concept  is 

5.3. 1.1-1 


given  in  many  places  in  the  literature,  e.g.,  reference  4.  The  panel  alone  is  taken  to  be  the  actual  panel 
reflected  about  a reflection  plane.  This  assumption  implies  two-dimensional  flow  and  a slender 
configuration  with  all  surfaces  of  the  empennage  lying  in  the  base  plane  of  the  configuration.  It  is  shown  in 
reference  3,  however,  that  good  accuracy  is  ob'ained  for  nonslender  configurations  where  tire  longitudinal 
locations  of  the  separate  surfaces  are  not  in  ,e  base  plane.  This  method  is  limited  to  configurations  in 
which  the  horizontal  surfaces  are  mounted  on  the  body  or  configurations  with  no  horizontal  surface.  The 
charts  for  this  method  are  also  used  for  the  supersonic  method. 

There  are  som~  additional  effects  that  are  not  accounted  for  by  these  methods.  For  instance,  dorsal  fins 
may  cause  a considerable  error  in  the  values  obtained,  although  the  effect  of  dorsal  fins  is  more  pronounced 
at  the  higher  angles  of  sideslip.  The  use  of  lift-curve  slopes  for  double-delta  wings  may  decrease  this  error,  A 
method  for  calculating  the  lift-curve  slope  of  double-delta  wings  is  presented  in  Section  4. 1.3.2  under  the 
nonstraight- tape  red- wing  methods.  Dihedral  in  the  horizontal  surfaces  is  known  to  change  the  pressure 
loading  on  the  vertical  panel  and  hence  its  effectiveness.  For  rapidly  converging  bodies,  flow  separation 
frequently  exists  at  the  juncture  of  the  vertical  panel  with  the  body.  This  effect  generally  decreases  the 
effectiveness  of  the  vertical  tail  and  is  not  accounted  for  by  the  methods  included  herein.  Similar  effects 
can  result  when  the  maximum  thickness  of  two  orthogonal  panels  are  made  to  coincide. 


Method  1 


DATCOM  METHODS 
Vertical  Panels  on  Plane  of  Symmetry 


The  contribution  of  the  vertical  panel  to  the  sideslip  derivative  Cy„  is  determined  by  the  following  steps 
(reference  1). 


Step  1 . The  effective  aspect  ratio  of  the  vertical  panel  is  detennined  by  means  of  the  equation 


where 


A«ff  “ 


(A). 
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(A)y, 
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*AV(HB) 


V(B) 
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is  the  ratio  of  the  aspect  ratio  of  the  vertical  panel  in  the  presence  of  the  body 
to  that  of  the  isolated  panel.  This  ratio  is  given  in  figure  5.3.  l.l-22a  as  a 
function  of  span-to-body-diameter  ratio  and  tail  taper  ratio. 


<A)V 

(A)v(HB) 

(AV(B) 


is. the  geometric  aspect  ratio  of  the  isolated  panel  with  the  span  and  area  of  the 
panel  measured  to  the  body  center  line. 

(AV(HB) 

is  tlie  ratio  of  the  vertical-panel  aspect  ratio  in  the  presence 
of  the  horizontal  tail  and  body  to  that  of  the  panel  in  the 
presence  of  the  body  alone.  This  ratio  is  given  in  figure 
5.3.1.1-22b  as  a function  of  the  horizontal  and  vertical 
position  of  the  horizontal  tail  on  the  vertical  panel. 


(A), 


V(B) 


(A)v 


(A). 


is  a factor  accounting  for  the  relative  size  of  the  horizontal  and  vertical  tails, 
obtained  from  figure  5.3.1.1-22c. 


Step  2.  The  lift-cuxve  slope  of  the  vertical  panel  is  detennined  from  paragraph  A of  Section  4. 1.3.2,  with 
the  effective  aspect  ratio  of  the  vertical  panel  detennined  from  equation  5.3.1. 1-a. 


Step  3.  The  wake  and  sidewash  effects  as  represented  by  the  parameter 
in  Section  5.4.1  for  the  appropriate  Mach  number  and  vehicle  geometry. 


are  presented 


Step  4.  The  increment  in  Gy/)  due  to  the  vertical  panel  is  given  by  the  equation  (based  on  wing  area) 


<ACy^)V(WBH)  - 


c ) / . sv 
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where  (Cl^,  is  obtained  from  Step  2 


H 


— is  obtained  from  Step  3 

is  an  empirical  factor  obtained  from  figure  5.3.1.i-22d 

is  the  ratio  of  the  vertical  panel  area  (measured  to  the  body  centerline)  to  the  total 
wing  area 


This  method  is  substantiated  by  test  data  in  table  5.3.1.1-B. 


Method  2 


Twin  Vertical  Panels 

The  contribution  of  twin  vertical  panels  mounted  on  the  tips  of  a horizontal  tail  or  wing  is  given  by  the  following 
steps.  This  method  (from  reference  2)  includes  tire  effects  of  the  wing-body  wake  and  sidownsh. 

Step  1.  Determine  the  ratio  of  the  effective  to  actual  aspect  ratio,  , from  figure  5.3. 1.  l-24a  as  a function 
of  the  geometric  variable  shown.  A 

Step  2.  Determine  the  lift-curve  slope  of  the  equivalent  rectangular  vertical  panel  (Cy„)V(,,(  from  figure  5.3. 1. 1-2 lb; 
use  the  effective  aspect  ratio  found  in  Stop  1 and  the  total  trailing-edge  angle  of  the  airfoil  section. 

Stop  3.  The  increment  in  vehicle  sideslip  derivative  CY^  due  to  the  twin  panels  (based  on  total  wing  area)  is 
given  by  the  equation 


J vfWBII)  2SV 

<ACya>v<wl„  = * -7——  <CVv,„  ~S 
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<CY0>Voft 


is  obtained  from  figure  5.3.1.1-24c  for  the  appropriate  geometry  shown 


is  obtained  from  Step  2 above 


Sv  is  the  area  of  a single  vertical  panel 

There  are  not  sufficient  data  existing  to  substantiate  the  accuracy  of  this  method,  although  reference  2 indicates 
that  the  method  is  accurate  to  within  j 10  percent. 

Method  3 


A third  general  method  is  based  on  the  v,  rk  in  reference  3.  This  method  is  limited  to  configurations  in  which  the 
horizontal  tail  is  mounted  on  the  body  or  configurations  with  no  horizontal  tail.  It  is  discussed  in  the  introduction 
to  this  Section.  The  charts  of  this  method  are  also  used  in  the  supersonic  method  of  paragraph  C. 

The  method  as  presented  for  the  vertical  panel  estimates  the  increment  in  Cy,  due  to  the  addition  of  one  panel  in 
the  empennage  and  includes  the  effects  of  all  existing  panels  on  the  added  panel.  An  extension  of  the  method  to 
determine  the  total  empennage  side  force  due  to  sideslip  at  subsonic  speeds  which  results  from  the  addition  of  all 
panels  present  in  the  empennage  ia  presented  in  paragraph  A of  Section  5.6. 1.1. 


5.3. 1.1-3 


Contribution  of  Vertical  Panel 


The  aide  force-curve  slope  (based  on  total  wing  area)  of  a vertical  panel  added  to  an  empennage  is  given  by  the 
equation 


<ACt*>p  = -K<Cl^ 


Sp. 

Sw 
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where  the  subscript  » refers  to  the  added  vertical  panel  (either  an  upper  vertical  stabilizing 

surface  V or  a lower  vertical  stabilizing  surface  U) 

(ClJp  is  the  lift-curve  slope  of  the  isolated  vertical  panel  mounted  on  a reflection  plane  from 
paragraph  A of  Section  4. 1.3.2.  For  this  calculation  the  aspect  ratio  must  be  taken  as 
twice  the  aspect  ratio  defined  by  the  average  exposed  span  and  exposed  area. 

Bp,  is  the  area  of  the  exposed  vertical  panel 

K is  the  apparent  mass  factor  from  figures  5.3.1.1-25a  through  5.3.1.  l-25nn.  When  using 

these  figures  the  vertical  panel  for  which  the  contribution  to  is  desired  is  termed 
the  “added  panel”  and  other  panels  existing  in  the  empennage  are  termed  the  ‘existing 
panels”  as  shown  schematically  in  sketch  (a). 

The  body  radii  dimensions  r<  and  r2  are  defined  in  the  region  of  the  tail  panels.  If 
these  dimensions  change  in  this  region  the  average  values  should  be  used.  In  general 
interpolation  procedures  must  be  used  since  the  geometry  rarely  coincides  with  that  of 
a specific  figure.  Since  the  variation  of  parameters  between  figures  is  generally  non- 
linear, graphical  inteipolation  using  at  least  three  points  is  recommended.  An  index  of 
the  K charts  and  the  range  of  variables  covered  by  each  is  presented  as  table  5.31.1-A 


PANEL 

SKETCH  (a) 

Although  the  sketches  on  the  figures  show  only  the  upper  vortical  panel  as  the  added 
panel,  the  added  panel  can  be  either  the  upper  or  lower  vertical  panel.  Special  mention 
ia  made  of  figures  5.3.1. l-25g  through  5.3.1.  l-25p.  Figures  5.3.1.  l-25g  through  5.3.1. l-25k 
are  used  to  estimate  the  K value  due  to  adding  an  upper  /ertical  stabilizing  surface  to  a 
body  with  the  horizontal  surface  in  the  high  tangent  position.  These  figures  also  apply  in 
estimating  the  K value  due  to  adding  a lower  vertical  stabilizing  surface  to  a body  with 
a horizontal  surface  located  in  the  low  tangent  position.  Figures  5.3,1.1-251  through 
5.3.  l.l-25jp  are  used  in  the  same  manner  as  figures  5.3.1.1-25g  through  5.3. 1.1- 25k 
except  that  the  horizontal  surface  ia  tangent  to  the  body  on  the  side  opposite  to  which 
the  panel  is  added. 
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n 


•% 


f* 


Apparent  mass  factor  solutions  for  bodies  other  than  circular  or  elliptic  cross  sections 
are  not  available.  In  treating  bodies  of  other  c rose-sectional  shapes  the  assumption  is 
made  that  the  ratio  of  height  to  width,  r/ra  , is  the  important  parameter  and  that  details 
of  the  body  contour  are  of  secondary  importance.  This  assumption  has  been  used  in 
reference  3,  where  the  body  was  other  than  circular  or  elliptic,  and  the  resulting  corre- 
lation with  experiment  was  as  good  as  for  the  cases  to  which  the  figures  apply  directly. 

The  case  of  a vertical  tail  added  to  an  empennage  consisting  of  a horizontal  panel  lo- 
cated at  other  than  the  mid-position  on  the  elliptical  body  is  not  covered  by  the  K charts 
(see  table  5.3.1.1-A).  To  handle  such  a case,  either  the  body  must  be  considered  cir- 
cular and  an  interpolation  made  for  horizontal  panel  height,  or  the  horizontal  panel  must 
be  assumed  located  at  the  mid-position  and  an  interpolation  performed  between  rj/ra 
ratios.  A comparison  of  the  effect  of  both  horizontal  panel  location  and  body  shape  on 
the  K factor  should  be  made  in  determining  the  proper  approach  to  the  K factor  solution. 

Contribution  of  Horizontal  Tail 

In  determining  the  total  empennage  side  force  due  to  sideslip  which  results  from  the  addition  of  all  panels  present 
in  the  empennage  the  horizontal  tail  must  be  added  first  (see  method  3,  paragraph  A,  Section  5.6. 1.1).  Although 
the  horizontal  tail  contribution  to  CYfl  is  usually  small  and  for  most  calculations  can  be  neglected;  it  can  provide 
a significant  contribution  to  the  sideslip  derivative  Cu^. 

The  contribution  to  the  sideslip  derivative  CL  (based  on  total  wing  area)  of  a horizontal  tail  added  to  a body  is 
given  by  p 


<ACY/3>h(B) 


Sb 
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sw 
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where 


(Cy 


K 


«P) 


is  the  side  force  due  to  sideslip  (based  on  body  reference  area,  SBR.r)  obtained  ftom  Section 
4.2.1.1  by  conversion  of  the  body  lift-curve  slope  i.e.;  (Cy/3)b  = -(CLa)B 

is  the  apparent  mass  factor  due  to  the  addition  of  a horizontal  tail  in  the.presence  of  a body  for 
the  appropriate  tail  span  and  vertical  position  from  figure  5.3.1.1-25oo. 

For  a horizontal  tail  mounted  at  an  intermediate  position  on  the  body  (between  mid-  and  high-  or 
low-tangent  position),  the  following  second  order  interpolation  using  the  equation  of  an  ellipse 
should  be  applied 


K 


HCB) 


K 


High  or  Low 
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A substantiation  table  comparing  experimental  data  with  results  calculated  by  this  method  is  shown  in  table  5.3.1. 1-B. 
A comparison  is  made  in  this  table  of  the  relative  accuracy  of  Method  1 and  Method  3. 


Sample  Problems 


1.  Method  1 


Given:  The  configuration  of  reference  6 consisting  of  wing,  body,  horizontal  tail,  and  vertical  tail.  Find  the  effect 
of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  combination. 


Ayy  - 3.0 


Sw  = 576,0  sq  in. 


Wing  Characteristics 
bw  = 41.56  in.  zw  = 0 


'o/iy 


= 45 


5.3. 1.1-5 


Horizontal  Tail  Characteristics 


Ah  = 4.0 


SH  = 121.6  sq  in.  - bH  = 22.42  in. 


zH  - 


Vertical  Tail  Characteristics 
Av  -•  1.50  Sv  = 153.7  sq  in.  bv  = 15.23  in.  cry 
A&2y  = 41.9°  Airfoil:  NACA  0003.5-64 


M = 0.25  r i - 2.8  in. 


Additional  Characteristics 
d = 6.0  in.  x/cy 


Compute: 

(c  ia)v  = 6, 18  per  rad  (Section  4. 1. 1,2) 
K = — — = 0.984 

27 T 

by/2n  = 2.72 


<A)V 


■(B) 


(Ah 


= 1.47  (figure  5.3.1.  l-22a) 


(A)v(a)  = 7^<A)v  = 2,20 

Sh/8v  = 0.820 

Kh  = 0.83  (figure  5.3.1.  l-22c) 

Zf|  /by  r 0 


(A) 


V(HB) 


^A)V(b> 

Sv/Sw  = 0.267 
zw/d  - 0 

A.fr  - (A)v(B) 
A 


= 1.10  (figure  5.3. 1.1- 22b) 


1 + Kh 

(A)y<HB)  j 

(A)y(B) 

L 

'•ff 


[/3*  + tan*  A,^  ] * = 3.193 


K 

cLa 

1 — = 1.08  (figure  4,1 .3.2-49) 


<ClJ 


WvOW) 


H) 


= 2.38  (equation  5.3.1. 1-a) 


2.57  per  rad 

Qv  Sy/Sw 

— = 0.724  + 3.06  - — 
q^  1+  cos  A 


q/4W 


+ 0.4  + 0.009  Aw 

d 


k = 0.87  (figure  5.3.1. l-22d) 


0 

17.40  in.  Av  = 


= 0.55 


1.230  (equation  5.4.1-a) 
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Solution: 


("  S) 


— (equation  5.3.1.1-b) 


= -0.734  per  rad 

This  compares  with  an  experimental  value  of  - 0.76  per  radian  obtained  from  reference  6. 

2.  Method  2 

Given:  A configuration  consisting  of  wing,  body,  and  twin  vertical  panels  mounted  on  the  tips  of  a horizontal  tail. 
Find  the  effect  of  adding  the  twin  vertical  panels  to  the  configuration. 


Av  = 1.39 

S*  = 144.0  sq  ft 
Compute: 

by /bv  = 0.80 

— = 1.20  (figure  5.3.  l.l-24a) 

A 

A«n  = 1.67 

(CYfl>vof , = 2.40  (figure  5.3.1. l-24b) 

2ri/by  = 0.6 

b|f/  Xb  = 0.22 

(Cy>vt™,)  = 0.61  (figure  5.3.1.1-240 

<CVvef , 

Solution: 

2Sy 


Twin  Vertical  Tail  Characteristics 
by  = 5.0  ft  by  = 4.0  ft  Sy  = 18.0  ft 

Additional  Characteristics 
XB  = 55.0  ft  bH  = 12.0  ft  ri  = 1.50  ft 


<A V.™»  = - 17  <«*“■*» 


= -0.366  per  rad 


0TEv  = 10° 


3.  Method  3 


Given:  A configuration  of  reference  10  consisting  of  wing,  body,  horizontal  tail,  and  vertical  tail.  Find  the  effect 
of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  configuration. 

Vertical  Tail  Characteristics 

Ay  = 1.40  Aye  = 1.37  Sy  = 48.6  sq  in.  Sv#  = 36.2  sq  in.  Ac/2y  = 39.4° 

\v  = 0.645  KVe  = 0.60  by  = 8.25  in.  NACA  65008  airfoil 
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Additional  Characteristics 


M = 0.13  r,  = 1.20 

Compute: 


r2  = 2.65 


= 6.70  in. 

2 


Sw  = 324  sq  in. 


(c jta)v  = 6.67  per  rad  (Section  4.1. 1.2) 

(c|a)v 

K _ =1.06  (ratio  of  section  lift-curve  slope  to  277) 

2 77 

2AV,  = 2.74 

2AV.  u 

— 1 [/S2  + tan3A^v]W  - 3.26 
K 

(Qt^v 

— = 1.08  per  rad  (figure  4.1.3.2-49) 

2AV(I 

(CLa)v  = ( 1 08)  <2  Av#)  = 2.96  per  rad  (based  on  Sy,) 

Determine  Die  apparent-mass  factor  due  to  adding  the  upper  vertical  stabilizer  to  the  wing-body-horizontal  tail 
configuration.  In  this  case  the  empennage  consists  of  the  body,  horizontal  tail,  and  upper  vertical  stabilizer. 
The  apparent-mass  factor  to  be  found  is  that  due  to  adding  the  upper  vertical  stabilizer  to  the  combination  of 
body  and  horizontal  tail,  K v<hb) 


pfinol  panel 


Using  the  above  parameters  and  table  5.3.1. 1-A  it  is  seen  that  K V(hb>  is  obtained  by  interpolation  horn  figures 
5.3.1.1-25s,  -25t,  -25'“  for  ri/r2  = 0.333,  5.3.1.1-25y,  -25z,  -25a®  for  ri/ra  = 0.667;  5.3.1.1-25c,  -25d,  -25e  for 
r,/r2  = 1.000.  An  interpolation  between  those  values  of  KV(bh)  gives,  for  ri/r2  = 0.451 
^v(bhj  = 1.135. 

p> 

Solution  cv 

$ 

( A C y a ) = -KIC^)  ——  (equation  5.3.1. i-d) 

• p p Sw 

Sv, 

(ACy^)V(WBH)  = -KV(hb)  ^ 

= (-1.135)  (2.S6) 


= -0.375  per  rad  (based  on  Sw) 

This  corresponds  to  an  experimental  value  of  -0.367  per  radian  obtained  from  reference  10. 
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B.  TRANSONIC 


The  side  force  on  a vertical  panel  depends  on  three  general  factors.  These  are  the  lift  characteristics  of  the  panel 
itself,  the  effect  of  the  wing-body  wake  and  sidewash,  and  the  interference  effects  of  the  body  and  horizontal  eurface. 

The  lift  characteristics  of  the  isolated  panel  at  transonic  speeds  can  be  estimated  by  methods  such  as  that  described 
in  paragraph  B of  Section  4.1. 3.2.  The  wake  aid  sidewash,  on  the  other  hand,  are  affected  by  the  detailed  geometry 
of  the  flow  field,  which  can  be  radically  changed  by  relatively  rainor  variations  in  the  vehicle  geometry.  This  is 
true  because  of  the  sensitivity  of  transonic  flow  to  local  contour  and  area  distribution  changes  and  because  of  shock- 
induced  boundary-layer  separation.  In  addition,  the  vertical  panel  is  usually  contained  in  a small  segment  of  the 
flow  field  so  that  local  variations  in  the  field  can  have  pronounced  effects  upon  the  resultant  forces  on  the  tail. 

The  interference  effects  of  the  body  and  horizontal  tail  at  transonic  speeds  are  likewise  sensitive  to  local  configu- 
ration geometry  and  cannot  be  eliminated. 

Because  of  the  above  reasons,  the  vertical  tail  contribution  to  the  sideslip  derivative  CY/J  is  difficult  to  estimate 
reliably,  and  its  value  is  usually  obtained  by  wind-tunnel  testing  or  estimated  from  comparison  with  similar  con- 
figurations. 


OATCOM  METHOD 

No  method  is  available  in  the  literature  for  estimating  this  derivative  and  none  is  presented  in  the  Datcom.  How- 
ever, some  data  in  this  speed  regime  can  be  found  in  references  11,  12,  and  13. 

C.  SUPERSONIC 

The  problem  of  estimating  the  effectiveness  of  panels  in  the  empennage  in  generating  side  forces  due  to  sideslip 
at  supersonic  speeds  is  complicated  by  the  presence  of  shock  waves.  These  shock  waves  cause  marked  regions 
of  differentiation  on  the  surfaces  of  an  added  panel  (see  sketch  b).  Each  region  is  characterized  by  different  Mach 
numbers,  pressures,  and  velocity  directions.  In  addition,  vortices  from  the  body  and  the  wake  from  the  forward  lift- 
ing surfaces  can  have  important  effects  on  the  forces  generated.  The  method  presented  herein,  taken  from  reference 
3,  docs  not  account  for  the  effects  of  vortices  and  wakes.  However,  these  effects  are  small  at  low  angles  of  attack. 

OATCOM  METHOD 

The  method  of  this  Section  is  for  estimating  the  increment  in  Cy^  due  to  the  addition  of  a panel  (either  a vertical 
stabilizer  or  a horizontal  tail)  in  the  empennage.  The  vertical  panel  contribution  includes  the  effects  of  all  exist- 
ing panels  on  the  added  panel.  An  extension  of  the  method  to  determine  the  total  empennage  side  force  due  to  side- 
slip at  supersonic  speeds  which  results  from  the  addition  of  all  panels  present  in  the  empennage  is  presented  in 
paragraph  C of  Section  3.6. 1.1. 

The  method  is  based  on  the  same  apparent  mass  concept  as  used  in  Method  3 of  paragraph  A.  A weighted  apparent 
mass  factor  is  obtained  for  each  region  defined  by  n system  of  Mach  lines  characteristic  of  the  configuration.  The 
total  effective  apparent  mass  K'  is  then  determined  and  used  to  obtain  the  desired  force  contribution  of  the  added 
panel. 

This  method  is  limited  to  configurations  in  which  the  horizontal  tail  is  mounted  on  the  body  or  configurations  with 
no  horizontal  tail. 

Contribution  of  Vertical  Panel 

When  adding  a vertical  panel  to  a configuration,  the  following  general  procedure  is  used.  However,  a more  thorough 
understanding  will  be  gained  by  studying  the  sample  problems. 

Step  1.  Construct  the  Mach  lines  ^ = sin’1  ^ catenating  from  the  exposed  root  chord  leading  and  trailing  edges 

of  all  panels  other  than  that  to  be  added,  as  shown  in  sketch  (b).  (This  is  an  approximation  to  the  hori- 
zontal panel  flow  field  boundaries  strictly  applicable  to  a flat  plate  airfoil  at  zero  argle  of  attack  and  does 
not  account  for  the  effects  of  vortices  and  wakes.) 
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Step  2.  Determine  the  areas  or  regions  on  the  added  panel  affected  by  each  vehicle  component,  Si , Sa,  S, , etc. 

Step  3.  Determine  the  body-radius-to-semi-span  ratios  for  each  region  for  both  the  horizontal  and  vertical  surfaces. 

The  vertical  span  of  a given  region  is  taken  as  the  total  span  of  the  added  panel  measured  to  the  body  centi 
line,  as  shown  in  sketch  (b).  The  semi-span  of  horizontal  surfaces  (wings  and  horizontal  tails)  is  the  max- 
imum semi-span  of  these  surfaces.  The  radius  of  the  body  for  a given  region  is  taken  to  be  the  average 
radius  for  that  region. 

Step  4.  The  apparent  mass  factors  K for  each  region  are  determined  from  figures  5.3.1. l-25a  through  5.3.1.1-25nn 
using  ihe  geometry  of  each  region  as  determined  in  Step  3.  In  determining  the  K factors  for  each  region  any 
point  lying  forward  of  the  Mach  line  from  the  leading-edge  body  juncture  of  a panel  docs  not  feel  the 
presence  of  the  panel,  and  any  point  lying  behind  the  shock  wave  drawn  from  the  trailing-edge  body  junc- 
ture of  a panel  does  not  feel  the  presence  of  the  panel.  For  example,  referring  to  sketch  (b),  the  upper 
vertical  panel  is  divided  into  three  regions  of  influence.  Region  Si  senses  the  presence  of  the  body  and 
the  wing;  region  S3  only  the  body;  and  region  S3  the  body  and  , 1 =>  lower  vertical  stabilizer.  Interpolation 
for  the  appropriate  geometry  must  frequently  be  made  when  using  these  charts.  It  ia  recommended  that  at 
least  three  points  be  used  in  these  interpolations  because  of  the  nonlinearities  of  the  characteristics  in- 
volved. (See  Method  3 of  paragraph  A for  a general  discussion  on  the  use  of  the  K charts.) 

Step  5.  Each  apparent  mass  factor  is  reduced  by  the  ratio  of  the  area  of  its  region  on  the  added  panel  (Step2)  to 
the  total  exposed  panel  area. 

Step  6.  The  total  effective  apparent-mass  factor  for  the  added  panel  K'  is  then  the  sum  of  those  calculated  for 
each  region  (Step  5).  For  example  in  the  case  illustrated  in  sketch  (b),  K'  of  the  upper  vertical  panel  in 
the  presence  of  wing,  body,  horizontal  tail,  and  ventral  is  given  as 

K'  - K S|  + K 52  + K 85 

Step  7.  The  side-force  curve  slope  (based  cn  total  wing  area)  of  a vertical  panel  added  to  an  empennage  is  given 

by 


<A(Vr 


-K'<CNa)p 


S« 
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where  the  subscript  p and  S^  are  as  defined  in  Method  Q of  paragraph  A,  and  is  the  normal-force- 

curve  slope  of  the  isolated  vertical  panel  mounted  on  a reflection  plane,  from  paragraph  C of  Section 
4. 1.3.2,  based  on  twice  the  aspect  ratio  defined  by  the  average  exposed  span  and  exposed  area. 
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Contribution  of  Horizontal  Tail 


In  determining  the  total  empennage  side  force  due  to  sideslip  which  results  from  the  addition  of  all  panels  present 
in  the  empennage  the  horizontal  tail  must  be  added  first  (see  paragraph  C,  Section  5.6. 1.1).  Although  the  horizontal 
tail  contribution  to  Cys  is  usually  small  and  for  most  calculations  can  be  neglected;  it  can  provide  a significant 
contribution  to  the  sideslip  derivative  Cn^. 

The  contribution  to  the  sideslip  derivative  (based  on  total  wing  area)  of  a horizontal  tail  added  to  a body  is 
given  by 


(ACVhcb>  = KiWCy^b  g ^ 

where  KH(b>i  (C vp>B > ^ SBRef  816  as  defined  in  Method  3 of  paragraph  A 

S.ot 
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S„ 


is  the  ratio  of  the  actual  projected  side  area  of  the  fuselage  to  that  of  the  extended  fuselage  as  deter- 
mined by  Mach  lines  f /^=  sin" 1 A (originating  from  the  leading  and  trailing  edge  of  the  exposed  root 
chord  (see  sketch  (c)  r 


This  method  is  substantiated  in  table  5.3.1. 1-C  (from  reference  3). 


Sample  Problem* 

1.  Given:  The  configuration  of  reference  16  consisting  of  wing,  body,  horizontal  tail,  and  upper  vertical  stabilize 
Find  the  effect  of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  combination. 


Av  = 1.59  Av,  = 1.48  Sv  = 35.3  sq  in. 

Av  = 0.153  Ay,  = 0.192  bv  = 7.48  in. 


Sye  = 21.9  sq  in.  AUEy  = 50.4° 

NACA  65A005  airfoil 
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Additional  Characteristics 


M = 1.61 

/j,  - sin'1  - 38.5° 

r ] = 1.78  in. 

*2 

= 1.78  in. 

= 6.06  in. 

Sw  = 160.4  sq  in. 

Si  = 19.9  sq  in. 

S3 

= 2.0  sq  in. 

zH  = 0 (horizontal  tail  on  body  centerline) 

Compute: 


2Ay^  tan  Aley  - 3,575 
J3  = v'Mi  - 1 = 1.265 


tan  Ai 


= 0.955 


0 

/3(CNa)y  = 3.90  per  rad  (figures  4.1. 3.2-56a, -56b, -56c  interpolated  for  A.  v.  = 0.192) 

<CNa  )y  = 3.08  per  rad  (based  on  Syt) 

Determine  the  effective  apparent  mass  ratio  due  to  adding  the  vertical  stabilizer  to  the  wing-body-horizontal 
stabilizer  combination.  The  empennage  in  this  case  consists  of  body,  horizontal  stabilizer  and  vertical  stabil- 
izer. The  effective  apparent  mass  ratio  to  be  found  is  that  due  to  adding  the  vertical  stabilizer  to  the  body  and 
horizontal  tail,  K'vchr). 

Referring  to  the  configuration  sketch,  the  region  S,  senses  only  the  body,  while  S2  senses  both  the  body  and  the 
horizontal  stabilizer.  Therefore,  the  effective  apparent  mass  ratio  is  given  by 


K vow)  = K 


®i  , i/ 

- — + rv  vfUB,  ~ — 

Sv„ 


V(B)  — *»  V(HB> 


Determine  KV(B) 


~A=  1.000; /-.A  = 0.238;  A A 


fe) 


V) 


V 

iwidrd 

panel 


bA 


= 1.000 


existing 

panel 


using  the  above  parameters  and  table  5.3.1.1-A  it  is  seen  that  K VlB)  is  obtained  from  figure  5.3.1.1-25a 
K v(R)  = 1.25 


Determine  KV(HB) 


/ -‘-V  1000;/  - 0.293;/  —•} 

\r2/  \bH/2i  \b/v 

\ t \ / added 

panel 


= 0.238;( 


= 1.000 


l! 

existing 

panel 


Using  the  above  parameters  and  table  5.3.1.1-A  it  is  seen  that  Kv<hb>  is  obtained  from  figures  5.3.1.1-25b, 

-25c,  and  -25d  interpolated  for  = 0.293 

2 


K 


V(HB) 


= 1.375 


kW»  = U,25.(1?|).(1.»5)(||)=1.26 
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Solution: 


R 


(ACy»)  = -K'  (CNa)  (equation  5.3.1.1-f) 
p Sw 

Sv, 

= (-1.26)  (3.08)/"’ 


(AC  y») 


“ K V(HH1  <CN„ ), 


Y/J'v(WBH)  = "«V(HB)'VNa/v  g 


U60.4  ) 


= -0.529  per  rad  (based  on  S*) 


This  compares  with  an  experimental  value  of  -0.486  per  radian  from  reference  16. 

2.  Given:  The  configuration  of  reference  18  consisting  of  wing,  body,  upper  vertical  stabilizer  and  lower  vertical 
stabilizer.  Find  the  effect  of  adding  the  upper  vertical  stabilizing  surface  to  the  wing-body-lower  verti- 
cal stabilizer  combination. 


Upner  Vertical  Tail  Characteristics 

Ay  - 1.29  = 1.12  Sv  = 43.5  sq  in.  Sye  = 31.6  sq  in.  A ugy  - 32.5 

Xv  = 0.42  A-va  = 0.482  by  = 7.48  in.  airfoil:  wedge  nose,  slab  sides  (constant  thickness) 

Additional  Characteristics 

M = 2.01  n = sin-1  =29.8°  r,  = 1.50  in.  r3  = 1.50  in. 

Sw  = 144  8qin.  = 12.0  in.  S!  = 16.35  sq  in.  S2  = 14.10  sq  in.  Ss  = 1.15  sq  in. 

zw  = 0 (wing  on  body  centerline)  b^  = 3.05  in. 
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Compute: 


2AV#  tan  Alev  = 1.425 
yS  = VMS  - 1 = 1.744 

= 0.365 

= 3.68  per  rad  (figures  4.1.3.2-56c,  -56d,  -56e  interpolated  for  X.v.  = 0.482) 
2.12  per  rad  (based  on  Sy,) 


tan  A 


LEy 


0 

(Cua)v  = 


Determine  the  effective  apparent  mass  ratio  due  to  adding  the  upper  vertical  stabilizer  to  the  wing-body-lower 
vertical  stabilizer  combination.  The  empennage  in  this  case  consists  of  body,  upper  vertical  stabilizer  and 
lower  vertical  stabilizer  (ventral).  The  effective  apparent  mass  ratio  to  be  found  is  that  due  to  adding  the  upper 
vertical  stabilizer  to  the  body  and  ventral,  KVcbuj- 

Referring  to  the  configuration  sketch,  the  region  S:  senses  the  wing  and  the  body,  S2  senses  only  the  body  and 
Ss  senses  both  the  body  and  the  ventral.  Therefore,  the  effective  apparent  mass  ratio  is  given  by 


Kl  If  S|  T/  ^3 

V(BU)  - *W(WB)  g— - + *V(B)  g— 
^ %| 


+ Kvcbu) 


S,. 

Sy. 


Determine  KV(wb> 


panel 


The  ventral  surface  is  not  felt  in  region  St , therefore 


(%  ■ 1000 
axlatln* 
panel 

Using  the  above  parameters  and  table  5.3.1. 1-A  it  is  seen  that  Kv<wb)  is  obtained  from  figures  5.3.1.1-25b, 
-25c,  -25d  interpolated  for  (ra/-~-)  = 0.125 

It 

Kv(wb)  = 1.36 
Determine  K-v®) 


1.000;  = 0.200;  = 1.000  (region  S2  does  not  sense  the  ventral) 

added  existing 

panel  panel 

Using  the  above  parameters  table  5.3.1. 1-A  it  is  seen  that  KV(b)  is  obtained  from  figure  5.3.1. l-25a 
K vjb)  = 1.13 


5.3.1.1-14 


Determine  K V(WLr) 

(t) ■'  1000;(t-)v  - 0492 

added  existing 

panel  panel 

Using  the  above  parameters  and  table  5.3.1.1-A  it  is  seen  that  KVly  is  obtained  from  figure  5.3.1.1-25a 
interpolated  for  (r,/b)u  =0.492 


= 1.253 


Solution: 


(ACy^  = -K'(CNa)p^t  (equation  5.3.1.1-f) 


S« 


(ACy^)  V(WBO  = ~^V(BW 


s» 


= (-1.253)  (2.12)/3M0 
1 144 

= -0.583  per  rad  (based  on  S*) 


5) 


This  compares  with  an  experimental  value  of  -0.601  per  radian  from  reference  18. 

D.  HYPERSONIC 

A general  discussion  of  hypersonic  flow  is  given  in  paragraph  D of  Section  4. 1.3.3  and  in  the  references  cited  therein’. 
The  application  of  theories  to  tail  components  is  complicated  by  the  flow  disturbances  of  forward  components  (body 
and  wings)  in  the  form  of  vortices,  shock  waves,  and  wakes.  In  general . these  effects  have  not  been  general  ized  and 
specific  configurations  must  either  be  compared  to  similar  configurations  for  which  data  exist  or  be  submitted  to  a 
test  program.  The  recommendations  of  the  Datcom  for  this  speed  regime  are  necessarily  tentative  and  will  be  up- 
dated as  information  becomes  available. 


DATCOM  METHOD 

For  configurations  in  which  the  tail  panels  are  mounted  on  the  body,  it  is  recommended  that  the  supersonic  method 
described  in  paragraph  C be  applied  at  the  higher  Mach  numbers.  Howevpr.  this  method  has  not  been  substantiated 
beyond  a Mach  number  of  6.86  (see  table  5.3.1. 1-C). 

Alternatively,  the  vertical-panel  contribution  to  Cy^  maj  bo  estimated  by  the  hypersonic  small-disturbance  theory, 
which  gives  a local  pressure  coefficient  of 


where  !>  is  the  local  slope  of  the  surface  of 'the  vertical  panel  with  respect  to  the  vertical  plane  of  symmetry  in 
radians 


y is  the  ratio  of  specific  heats 
P is  the  sideslip  angle  in  radians 
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The  sign  of  (,5  ± S)  should  be  chosen  to  give  the  correct  local  angle  of  sideslip. 

The  plus  sign  before  the  radical  in  equation  5.3.1.1-h  applies  to  the  compression  side  of  the  surface  and  the  minus 
sign  to  the  expansion  side.  The  equation  is  strictly  valid  only  for  sharp-edged  sections  and  for  8 « 1.  For  a slab- 
sided  section  the  pressure  coefficient  becomes  the  side-force  coefficient  directly  (based  on  exposed  panel  area). 

For  very  high  Mach  numbers,  Newtonian  flow  can  be  assumed.  The  pressure  coefficient  for  this  case  is 

Cp  = 2 sinI 2  {£  ± 5)  5.3.1.1-i 

C are  must  be  taken  to  assure  that  portions  of  the  panels  that  are  “blanketed*  by  forward  components,  i,e.,  are  not 
“seen*  from  the  free-stream  direction,  are  not  included  in  the  calculation.  In  these  regions  the  pressure  coefficient 
is  assumed  to  be  zero.  The  pressure  coefficient  is  also  assumed  to  be  zero  on  the  leeward  side  of  the  panel  when 
the  sideslip  angle  3 is  greater  than  the  local  panel  slope  8. 

These  methods  have  not  been  substantiated,  since  not  enough  test  data  are  available. 

Sample  Problem 

Given: 


Region 

0 -±.  3 (rad) 

Compression  Side* 

Expansion  Side* 

1 

.04240 

+ .00750 

2 

.01745 

-.01745 

3 

-.01396 

-.04886 

Values  of  pressure  coefficient,  Cp,  calculated  for  each  region  by  means  of  equation  5.3.1.1-h  are  listed  in  the  fol- 
lowing table  (plus  signs  are  used  for  flow  compressions  and  minus  signs  for  flow  expansions  in  both  tables). 


Region 

— 

C 

Compression  Side 

Expansion  Side 

1 

.01960 

+ .00300 

2 

.00748 

-.00674 

3 

-.00546 

-.01728 

•f-'nr  a similar  s!ab-*i<I*i|  Kurffltfre. 

■•V 


In  actuality,  both  sides  of  region 


I are  In  compression  and  both  sides  of  region  3 are  in  an  expansion  field. 
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Solution: 

The  sum  of  the  pressure  coefficients  acting  (Hi  the  two  sides  of  a given  region  is  given  by  the  difference  of  the 
two  pressure  coefficients 

ICp  1 oo«ip»**»lcra  (Cp)  = 

•Id*  cld* 

Thus,  combining  the  pressure  coefficients  for  each  region  and  converting  to  side  force  coefficient  gives 
ACy  = ACpi  + ACpj  + ACP3  — 

Oy  i>y  Oy 

= .0166  x .5  + .01422  x .3  + .01182  x .2 
= .015 

Therefore 

(ACy^)v  = - ,015  per  degree  or  - .86  per  radian 
This  is  essentially  the  configuration  of  reference  19. 
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TABLE  5.3.1.1-A 

APPARENT  MASS  FACTOR  INDEX 


(b/2  )„ 


Figure 

5.3.1. 1-25C  ) 

To 

Horizontal 

Surface 

Position 

or 

(b/2  )w 

/ --i-\  added 
\ b / vesical 
panel 

/ r , \ 

I L j existing 

\ b / vertical 
panel 

. 

a 

1.000 

0 to  1.0 

0.1  to  1.0 

b 

0 

Oto  1.0 

C 

0.2 

0.1  to  1.0 

d 

1.000 

Mid 

0.4 

Oto  1.0 

0.1  to  1.0 

e 

0.6 

0.1  to  1.0 

f 

0.8 

0.1  to  1.0 

g 

Tangent  to 

0 

0 to  1.0 

h 

body  on 

0.2 

0.1  to  1.0 

i 

1.000 

same  side 

0.4 

Oto  1.0 

0.1  to  1.0 

. 

J 

as  added 

0.6 

0.1  to  1.0 

k 

panel 

0.8 

0.1  to  1.0 

1 

Tangent  to 

0 

0 to  1.0 

m 

body  on 

0.2 

0.1  to  1.0 

n 

1.000 

side  opposite 

0.4 

Oto  1.0 

0.1  to  1.0 

o 

added 

0.6 

0.1  to  1.0 

p 

panel 

0.8 

0.1  to  1.0 

q 

0.333 

Oto  1.0 

0.1  to  1.0 

r 

k 0 

Oto  1.0 

8 

0.2 

0.1  to  1.0 

t 

0.333 

Mid 

0.4 

0 to  1.0 

0.1  to  1.0 

U 

0.6 

0.1  to  1.0 

V 

0.8 

0.1  to  1.0 

w 

0.667 

— 

Oto  1.0 

0.1  to  1.0 

X 

0 

, Oto  1.0 

y 

0.2 

0.1  to  1.0 

z 

0.667 

Mid 

0.4 

Oto  1.0 

0.1  to  1.0 

aa 

0.6 

0.1  to  1.0 

bb 

0.8 

0.1  to  1.0 

cc 

1.500 

0 to  1.0 

0.1  to  1.0 

dd 

0 

0 to  1.0 

ee 

0.2 

0.1  to  1.0 

ff 

1.500 

Mid 

0.4 

0 to  1.0 

0.1  to  1.0 

gg 

0.6 

0.1  to  1.0 

hh 

0.8 

0.1  to  1.0 

ii 

3.000 

0 to  1.0 

0.1  to  1.0 

jj 

0 

0 to  1.0 

kk 

0.2 

0.1  to  1.0 

11 

3.000 

Mid 

0.4 

Oto  1.0 

0.1  to  1.0 

rora 

0.6 

0.1  to  1.0 

nn 

0.8 

0.1  to  1.0 

oo 

1.000 

Mid  or  tangent 

0 to  fX) 

1.0 

1.0 

position 
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9.90  .600  .630  3 5 NACA  6SA008 


*Thia  table  i»  a condensed  form  of  that  appearing  in  reference  3.  Additional  substantiation  can  be  obtained  from  tbia  r 


/ 


b 

(iai 


TAHLK  r>.:u. l-H* 

SUBSONIC  CONTRIBUTION  OF  VERTICAL  PAN  El  is  TO  CVfj 
DATA  SUMMARY  AND  SUBSTANTIATION 


Ale 

(deg) 


Airfoil 


ri/fj 


j/c. 


Panel 

Aililerl 


M 


Mellon!  1 


MQ.„)V(biii 

(per  rail) 


(l  F1’")-'- 
V <W'l* 


( ACVfl) 
Ole. 
(per  rad) 


3.0 


4.0 


1.50 


1.50 


41.56 


22.42 


13.28 


15.23 


.50 


BWHVS-RW 


.25 


.431 


53.1 


1.000 


.55 


BWHVl-BW 


.25 


.597 


BVS  B 


.25 


.428 


.160 


.195 


54.0 


NACA  0003.5-64 


BV.-B 


.25 


.578 


.160 


.189 


54.0 


NACA  0003.5-64 


.55 


BHVl-B 


.25 


.597 


.50 


BHVj-B 


.25 


.431 


1.115 


1.230 


1.0 


1.0 


1.0 


1.0 


.481 


- .734 


-.428 


-.578 


-.597 


-.431 


2.31 


2.18 


36.50 


10.37 


1.000 


BV-B 


.17 


.254 


42.5 


NACA  65-006 


1.0 


-.254 


2.31 


2.18 


36.50 


11.74 


1.000 


BV-B 


.17 


.317 


42.5 


NACA  65-006 


1.0 


-.317 


2.31 


2.31 


2.31 


2.18 


36.50 


36.50 


36.50 


14.23 


60.0 


1.000 


BW,V-BW, 


.17 


.446 


60.0 


BWjV-BW, 


.17 


.446 


60.0 


BW,V-BW, 


.17 


.446 


42.5 


NACA  65-006 


BV-B 


.17 


.446 


1.050 


.918 


1.184 


1.0 


-.468 


-.409 


-.528 


-.446 


4.0 


4.0 


1.18 


36.00 


16.08 


10.19 


46.7 


1.000 


1.00 


BWHV-BW 


.461 


.500 


.61 


57.5 


NACA  63(10) A009 


BV-B 


1.247 


-.575 


4.0 


4.0 


2.02 


36.00 


16.10 


9.90 


3.6 


1.000 


.25 


BWHV-BW 


.13 


.430 


.600 


.647 


3.5 


NACA  65A008 


.25 


BHV-BH 


.13 


.990 


-.426 


'4.0 


4.0 


2.02 


36.00 


16.10 


9.90 


2.210 


.25 


BHV-BH 


.13 


.600 


.678 


3:5 


NACA  65A008 


4.0 


4.0 


2.02 


36.00 


16.10 


.451 


.25 


BHV-BH 


.13 


9.90 


.600 


.630 


3.5 


NACA  6SA003 


iring  in  reference  3.  Additional  substantiation  ran  be  obtained  from  this  reference. 
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•\HI.K  5.3.  1 .1 

SI  TKKSONIC  CONTRIUrnoN  OK  \KKTIOAL  TAMILS  TO  CV(J 
MATA  SLMMARV  AM)  SI  INSTANTIATION' 


M 

| ( per  rail) 


V 

i :i2 

3.80 

.378 

44  0 

\v 

4.0 

|M 

.338 

.38.  t 

H 

12.12 

.541 

385 

V 

3.0 

7.48 

.102 

50.4 

W 

3.18 

1 0.08 

.483 

48.(1 

H 

3.06 

0.12 

■HCT 

48.0 

BWHVVBWH 


BWHWBYIH 


BWHV„,BWII 


BWHVmvBWH  1.61 


BWVBW 

1 M2 

-.418 

BV-ll 

1.61 

-.420 

BVHIV  -BWH 

1.61 

-.420 

BWHI  BWH 

2.01 

-.021 

BWHl  V-BWHll 

2.01 

- .308 

BWVj-BW 

1.61 

-.247 

BWVjBW  v 

2.01 

-.105 

BWV-BW 


BWV-HW 


I 

■U3  | .110  38.83  BW HllV-BlUiV  0(16 


.261  22.63  HWUl'VKWH 


61  BWHUVBW 


‘This  (able  is  a condensed  form  of  that  appearing  in  reference  3.  Additional  substantiation  ran  he  obtained  from  this  reference. 


1.4! 

-.810 

2.0! 

-.482 

1.41 

-.761 

2.01 

-.512 

1.41 

- .670 

2 01 

- .551 

6 86 

.0670 

6.86 

.1110 

6.86 

1 

} 

I 
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RTICAL  PANELS  TO 
tSTANTIATION 


Panel 

Added 


M 


<C.Jv 
(per  rad) 


( A<V 

Calr- 
(p<*r  rad) 


( AC.,) 
Te*t 

(per  rad) 


Percent 

Er-nr 


1.82 


-.418 


1. 41 


-.589 


-.56 


5.2 


IlV-il 


lot 


-.420 


1.25 


- .52 


0.96 


6whv  -bwh 


1.61 


-.420 


1.26 


— .529 


-.487 


8.6 


BWHl’BWH 


2.01 


-.021 


2.76 


— .056 


-.057 


1.8 


BWHUVBWHi; 


2.01 


-.398 


1.32 


— .S2S 


— .52 


1.0 


BWVrBW 


1.61 


-.247 


1.45 


— .358 


-.33 


8.5 


BWV.BW 


2.01 


-.195 


1 72 


-.335 


-.30 


11.7 


BWHVrBWH 


1.61 


-.247 


1.49 


- .308 


-.37 


.5 


BWHVrBWH 


201 


-.195 


1.72 


-.335 


-.30 


11.7 


BWHV„ ,-BWH 


1.61 


-J21 


1.32 


-.424 


— .41 


3.4 


BWHV,nvBWH 


1.61 


-.349 


1.33 


-.471 


.44 


7.0 


BWV.BW 


1.41 


-.788 


1.06 


-A36 


-.92 


9.1 


BWV.BW 


2.01 


-.470' 


1.16 


-.545 


-.65 


16.2 


BWV-BW 


1.41 


-.810 


1.04 


-.342 


-.88 


4.3 


BWVBW' 


2.01 


-.482 


1.11 


-.540 


-.00 


10.0 


BWV.BW 


1.41 


-.761 


1.04 


792 


-.85 


6.8 


BWV.BW 


2.01 


-.512 


1.06 


-.542 


-.53 


2.3 


BWV.BW 


1.41 


-.679 


1.04 


- .<00 


-.07 


5.4 


BW'VHW 


2.01 


— .554 


1.04 


.58<j 


— .50 


17.2 


HWHUV-HW  IV 


«..«0 


.0070 


1.70 


-.120 


BWIIl'V-BW  II 


o.8o 


.1110 


1 758 


-.195 


nw  iiuvbw 


0.80 


-.3):, 


— .->21 


1.9 


1 from  tlite  referetf 


“Sum  of  tlic  two  term*  jbv'e. 
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FIGURE  5.3. 1.1-24  CHARTS  FOR  ESTIMATING  THE  SIDESLIP  DERIVATIVE 
«Vvnvnn.  FOR  TWIN  VERTICAL  TAILS  . 
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5.3. 1.1-25 


SUBSONIC  AND  SUPERSONIC 


(r,/b)  AfcDr.n  VSKTICAf.  PANKL 


FICURE  5.3. 1.  l-25e  APPARENT  MASS  FACTORS  (CONTD) 


5.3.1.1-29 


SUBSONIC  AND  SUPERSONIC 


(r,/b)  added  vertical  panel 


FIGURE  5.3.  l.l-25k  APPARENT  MASS  FACTORS  (CONTD) 
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SUBSONIC  AND  SUPERSONIC 


5.3.1.1-37 


SUBSONIC  AND  SUPERSONIC 
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SUBSONIC  AND  SUPERSONIC 


FIGURE  5.3. l.l-25c|  APPARENT  MASS  FACTORS  (CONTD) 
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SUBSONIC  AND  SUPERSONIC 


5.3.1.1-45 


w”,  <r. 


(ri/b)  ADIklCD  VriT’CAI,  tAMl. 

FIGURE  5.3.1.  l-25y  APPARENT  MASS  FACTORS  (CONTD) 
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_JtL  - 


SUBSONIC  AND  SUPERSONIC 


' k ;v. 

-V , 
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SUBSONIC  AND  SUPERSONIC 


(ri/b)  wu  ntincjL  n»n 

FIGURE  5.3.1.1-25CC  APPARENT  MASS  FACTORS  (CONTD) 


5.3.  L 148 


SUBSONIC  AND  SUPERSONIC 


APPARENT 


<n/b)  ADM.D  VISTICAi.  1'AND. 


FIGURE  5.3.1.1-25ee  APPARENT  MASS  FACTORS  (CONTD) 
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1 


SUBSONIC  AND  SUPERSONIC 


5,3.1.1-67  ! 


SUBSONIC  AND  SUPERSONIC 


5.3.1.1-59 


SUBSONIC  AND  SUPERSONIC 


5.3.1.1-62 


SUBSONIC  AND  SUPERSONIC 


(r,/b)  ADCKP  YE*TI>'AI.  1'amsl 

FIGURE  5.3.  l.l-25mm  APPARENT  MASS  FACTORS  (CONTD) 


5.;U.l-£3 


SUBSONIC  AND  SUPERSONIC 


ZH=  VERTICAL  POSITION 
OF  HORIZONTAL  TAIL 


riCURF,  5.3.1.1-2500  APPARENT  MASS  FACTORS  (CONTD) 
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5.3.1. 2 TAIL-BODY  SIDE-FORCE  COEFFICIENT 
Cy  AT  ANGLE  OF  ATTACK 


The  tail-body  side  force  developed  at  combined  angles  i3  nonlinear  with  respect  to  both  sideslip  and  angle  of 
attack  because  of  the  body-vortex  induced  sidewash  on  the  upper  vertical  tail  and  the  cross-coupling  of  upwash 
and  sidewash  velocities.  To  obtain  the  sideslip  derivative  Cvg,  it  is  recommended  that  CY  be  calculated  at 
several  angles  of  attack  for  a small  sideslip  angle  < j3  < 4°).  Then  at  each  angle  of  attack  the  side  force  is  as- 
sumed linear  with  sideslip  for  small  values  of  /3  so  that  r 

C'V 


JyP 


B 


A.  SUBSONIC 

The  analysis  of  tail-body  combinations  at  subsonic  speeds  and  zero  angle  of  attack  is  described  in  paragraph  A of 
Section  5.3. 1.1.  At  combined  sideslip  and  angle  of  attack,  however,  two  other  phenomena  must  be  considered:  the 
body-vortex  interference,  and  the  cross-coupling  effect  of  sideslip  and  angle-of-attack  induced  cross-flow  velocities. 
Unfortunately  neither  of  these  phenomena  can  be  estimated  at  other  than  supersonic  speeds. 

The  method  presented  herein  is  restricted  to  first-order  approximations  at  relatively  low  angles  of  attack. 

DATCOM  METHOD 

It  is  recommended  that  the  methods  of  paragraph  A of  Section  5.3.1. 1 be  used  in  the  linear-lift 
angle-of-attack  region. 

B.  TRANSONIC 

As  stated  for  the  subsonic  case  the  body-vortex  interference  and  cross-coupling  of  upwash  and  sidewash  velocities 
due  to  combined  angles  cannot  be  estimated  at  other  than  supersonic  speeds. 

Furthermore,  as  stated  in  paragraph  B of  Section  5.3.1. 1,  no  method  is  available  for  estimating  the  side  force  on  a 
vertical  panel  at  zero  angle  of  attack. 


DATCOM  METHOD 

No  method  is  available  for  estimating  this  coefficient  and  none  is  presented  in  the  Datcom. 

G.  SUPERSONIC 

The  method  of  this  Section  is  an  extension  of  that  presented  as  Method  3 of  paragraph  A and  in  paragraph  C of  Sec- 
tion 5. 3. 1.1.  The  discussion  appearing  there  also  applies  here  and  will  not  be  repeated.  At  combined  sideslip  and 
angle  of  attack,  however,  two  additional  effects  must  be  considered.  The  cross-coupling  effect  of  sideslip  and  angle 
of  attack  induces  cross-flow  velocities  at  the  tail  panels,  and  at  angle  of  attack  the  body  sheds  vortices  which 
proceed  downstream  to  cause  interference  at  the  tail. 

The  method  presented  herein  does  not  account  for  interferences  existing  between  a wing  and  tail  surfaces.  If  a wing 
is  present  in  the  configuration  three  additional  types  of  interference  exist  between  the  wing  and  tail  panels  at  super- 
sonic speeds.  These  interferences  produce  additional  nonlinear  effects  which  are  accounted  for  in  paragraph  C of 
Section  5.6. 1.2. 


DATCOM  METHOD 

The  method  presented  in  this  Section  for  estimating  the  tail  contribution  to  the  sideslip  coefficient  CY  is  from 
reference  1,  and  uses  the  apparent-mass  concept  described  in  Method  3 of  paragraph  A in  Section  5. 3. 1.1.  The 
method  prescribes  the  order  in  which  the  tail  panels  should  be  added  to  the  configuration  for  analysis  purposes. 


5. 3. 1.2-1 


This  order  is: 


The  horizontal  tail  is  always  added  first,  but  the  method  is  valid  only  for  configurations  with  a horizontal 
tail  mounted  on  the  body  or  for  configurations  with  no  horizontal  tail. 

The  remaining  tail  panels  are  then  added,  starting  with  the  most  aft  and  working  forward  (the  position  is 
measured  in  a streamwise  direction  to  the  leading  edge  of  the  exposed  root  chord). 


The  proper  weighting  of  the  app  uent-mass  ratios,  which  accounts  for  partial-panel  areas  affected  by  existing 
panels,  is  outlined  in  paragraph  C of  Section  5. 3. 1.1.  The  result  is  an  effective  apparent-mass  factor  K'. 

For  tail-body  configurations  at  angle  of  attack,  the  horizontal-tail  pressure  field  is  not  delineated  by  Mach  lines 
alone.  The  pressure  field  produced  is  bounded  by  shock  waves  at  the  upper  trailing  edge  and  the  lower  leading 
edge  (at  positive  angles  of  attack).  If  the  airfoil  is  assumed  to  be  thin,  it  is  an  easy  matter  to  define  the  expan- 
sion and  compression  fields  by  direct  application  of  shock-expansion  theory.  We  assume  that  the  flow  in  the 
region  of  the  tail  is  the  two-dimensional  shock-expansion  field  corresponding  to  the  exposed  root  chord  of  the 
horizontal  surface.  Any  effects  of  horizontal  surface-body  interference  or  horizontal  surface  section  in  distorting 
the  shock-expansion  field  are  neglected.  This  method  is  also  used  in  Section  5.6. 1.2  to  define  the  pressure  field 
produced  by  a wing.  The  method  is  described  below: 


Upper  surface  of  panel: 

1.  Find  the  leading-edge  Mach  line  jj,  = sin  1 — (measured  relative  to  the  free  stream). 

M« 

2.  Find  Mach  number  aft  of  expansion  from  figure.  4.4.1-82, Read  v at  Mm.  Then  read  Mi  at  v + a = vit 

3.  Find  trailing-edge  shock  angle.  Enter  figure  4.4.1-81  at  -8  = a and  read  at  M!  (measured  relative  to 
the  chord  plane  of  the  horizontal  surface). 

Lower  surface  of  panel: 

1.  Find  leading-edge  shock  angle.  Enter  figure  4.4.1-81  at  - 8'  = a and  read  8 at  (measured  relative  to 
the  free  stream). 

2.  Find  Mach  number  Ms  beneath  wing  from  figure  4.4.1-82.  Read  v at  M^.  Then  read  M2  at  v - a = v3. 

3.  Find  trailing-edge  Mach  line  (end  of  expansion),  /u  = sin  1 -—  (measured  relative  to  the  free  stream). 


For  a specified  initial  Mach  number  there  is  a maximum  value  of  the  angle  of  attack  for  which  there  exists  an 
oblique  shock  solution.  Or,  conversely,  for  a specified  angle  of  attack  there  is  a minimum  initial  Mach  number  for 
which  there  is  an  oblique  shock  solution.  The  relation  between  Mach  number  and  angle  of  attack  below  which  no 
oblique  shock  solutions  may  be  obtained  is  indicated  in  sketch  (a). 
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5. 3. 1.2-2 


The  pressure-field  boundaries  produced  by  a horizontal  tail  are  defined  in  sketch  (b)  which  shows  the  body  area 
influenced  by  the  horizontal  tail.  Compare  this  with  skckcli  (c)  of  Section  5. 3. 1.1. 


The  pressure-field  boundaries  of  a typical  tail-body  configuration  are  illustrated  in  sketch  (c).  For  this  example 
the  vertical  tail  exposed  root-chord  leading  edge  is  afl  of  the  ventral  fin  exposed  root-chord  leading  edge;  there- 
fore, the  ventral  fin  has  no  effect  on  the  vertical  tail  since  it  is  added  later.  At  the  angle  of  attack  and  Mach  num- 
ber represented  the  horizontal  tail  influences  both  the  vertical  tail  and  the  ventral  fin;  however,  the  vertical  tail 
does  not  influence  the  ventral  fin. 


The  modifying  effect  of  angle  of  attack  o;i  the  tail  contribution  to  the  side-force  coefficient  is  accounted  for  by  the 
cross-coupling  interference  factor  K^, , developed  from  slot.dcr-body  theory  in  reference1  2. 

The  effect  of  body-vortex  iiidiu  ed  sidewash  on  the  upper  vortical  tail  side-force  coefficient  is  calculated  using 
interference  factors  from  references  3 and  4,  and  vortex  strengths  and  positions  from  Section  4.3. 1.3.  A simplified 
model  of  body-vortex  separation  is  shown  in  sketch  (d).  At  some  distance  x,  behind  the  body  nose  a pair  of  vortices 
separates  from  the  body.  As  the  vortices  progress  downstream,  they  increase  in  strength  as  a result  of  small  vortex 
filaments  originating  on  the  body  and  feeding  into  the  voitex  cores.  The  positions  and  vortex  strengths  of  a body 
of  revolution  are  dependent  upon  angle  of  attack  and  the  axial  distance  x behind  the  body  nose.  Those  vortex 
strengths  and  positions  are  presented  in  Section  4, 3. 1.3  as  functions  only  of  a single  nondimensional  parameter 
and  the  results  ore  presented  in  the  y - z coordinate  system.  In  the  method  that  follows  these  vortex  strengths  and 
positions  are  resolved  into  vertical  tail  reference  coordinates  for  the  configuration  at  combined  angle  of  attack  and 
sideslip.  The  estimation  procedure  for  finding  vortex  positions  and  strengths  is  restricted  to  circular  bodies;  there- 
fore, the  Dnlcom  method  is  not  valid  for  other  body  shapes. 


5.3. 1.2-3 


Path  of  vortex  cores  as 
they  progress  downstream 


!T»e  contribution  of  the  tail  panels  to  the  side-force  coefficient  is  determined  from  the  following  equation 


^mvikb)  = C*jxb)  + C*V  + C*u  5.3.1.2-a 

where 

is  the  contribution  of  the  horizontal  tail  u>.  the  presence  of  the  body,  calculated  by  equation 
5.3.1.2-b 

Cyv  is  the  contribution  of  the  vertical  tail,  including  body  and. horizontal  tail  interference  effects, 

effects  of  cross-coupling  of  a and  p , and  effects  of  body  vortices,  and  may  include  ventral 
fin  interference.  Calculate  by  equation  5.3.1.2-c. 


CYu  is  the  contribution  of  the  ventral  fin,  including  body  and  horizontal  tail  interference  effects,  and 

effects  of  cross-coupling  of  a and  P,  and  may  include  vertical  tail  interference.  Calculate  by 
equation  5.3.1.2-g.  (Ventral  fins  are  not  affected  by  body  vortices.) 

The  following  procedure  is  used  in  determining  the  contributions  of  the  tail  panels: 

Step  1 


Determine  the  contribution  of  the  bori'zoiital  tail  in  the  presence  of  the  body.  The  procedure  is  completely  analo- 
gous to  tiurt  for  determining  the  contribution  of  the  wing  in  the  presence  of  the  body  in  Section  5.2. 1.2.  This  is 
always  calculated  first  but  cannot  be  analyzed  if  the  panel  is  not  body-mounted.  The  equation  is 


2 ’)b  ^kts)  k(a) 


SB 


PiP  - a) 


5.3.1  2-b 


where  the  first  term  on  the  right-hand  side  is  the  forelody  cross-flow  effect  and  is  taken  a3  zero  for  the  midtail 
case,  and  the  second  term  on  the  right-hand  side  is  an  approximate  effect  of  the  horizontal  in- 
hibiting the  viscous  cross-flow  occuring  along  the  body  at  large  angles  of  attack. 

t?b  is  the  Mach  numb®  correction  to  the  horizontal  tail-body  interference  coefficient  from  figure 

5. 2. 1.2-7  using  the  exposed  root  chord  of  the  horizontal  tail  and  the  average  body  diameter  at 
the  horizontal  tail 

Kjujb  is  the  horizontal  tail-body  interference  coefficient,  or  apparent-mass  ratio,  from  figure  5.3.1.  l-2boo. 

For  vail  positions  other  than  midtail  (K ^ = 0)  or  tangent,  a nonlinear  interpolation  is  described 
in  Method  3,  parsgmph  A,  Section  5.3.1. 1. 

k(<x)  is  the  engle-of-attack  correction  to  the  horizontal  tail-body  interference  coefficient  obtained  from 

figure  5.2. 1.2-8  using  the  exposed  root  chord  of  the  horizontal  tail  and  th-?  average  body  diameter 
at  the  horizontal  tail.  For  tail  positions  other  than  midtail  <k(a)  = 0)  or  tangent,  a nonlinear  inter- 
polation io  described  in  Method  3,  paragraph  A,  Section  5. 3. 1.1. 


5. 3.1. 2-4 


<r* 


~1  is  the  ratio  of  the  actual  projected  side  area  of  the  fuselage  to  that  of  the  extended  fuselage  as 

°ext  illustrated  in  sk'etch  (b).  These  areas  are  bounded  by  the  shock  waves  and  expansion  fans  of  the 

horizontal  tail. 

cdc  is  the  cross-flow  drag  coefficient,  obtained  from  figure  4.2. 1.2-35b, with  Mc  - Mw  sin  a! 

is  file  exposed  root  chord  of  the  horizontal  tail 

/ 3 is  the  sideslip  angle  in  radians 

a1  is  the  angle  of  inclination,  a'  = s/o?  + fi2  , in  radians 


Step  2 

Determine  the  vertical  tail  contribution  by 


Cyv  = CyV(Ki^+  CYV(rB)  5. 3.1. 2-c 

where 

CyV(K  4> ) accounts  for  horizontal  tad-body  interference  and  cross-coupling  of  a and  fi  acting  on  thi  verti 
cal  stabilizer,  given  by  equation  5.3.1.2-d 

CYv(pb)  accounts  for  the  effect  of  body  vortices  on  the  vertical  stabilizer,  given  by  equation  5.3.1.2-e 
Compute: 


^yV(k,0)  = Kv  “ k4>v  atan  ALEv  j (-CNo)v  (i 


Sv. 

Sw 


5.3.1.2-d 


where 


k; 


K^,v 

a 

^LEy 

(CNtt)V 

Compute: 

c*v(rB)  = 


is  the  effective  appa  ■ent-mass  ratio  of  the  vertical  tail,  as  described  in  paragraph  C of  Section 
5. 3. 1.1,  but  refers  to  sketch  (c)  of  this  Section.  This  factor  includes  the  presence  of  the  hori- 
zontal tail;  but  does  not  include  the  presence  of  the  ventral  fin  if  the  ventral  fin  is  farther  forward 
than  the  vertical  tail  as  measured  from  the  leading  edges  of  the  exposed  root  chords. 

is  the  cross-coupling  interference  factor  of  the  vertical  tail,  from  figure  5.3.1.2-12 

is  the  angle  of  attack  in  radians 

is  the  sweepback  angle  of  the  vertical  tail  leading  edge 

is  the  normal-force-curve  slope  of  the  vertical  tail  ao  defined  in  paragraph  C of  Section  5. 3. 1.1 


Ai, 


rB 

(_CNa)v  a'  Sv. 

2 w a'  Vr 

5.3.1.2-e 


I 


where 


rR 


2na!  Vr 


/ 

a 

r 


is  the  nondimensional  vortex  strength  obtained  from  figure  4.3.1.3-15  of  Section  4. 3.1. 3 with  a 
replaced  by  a'  in  all  cases  and  x taken  as  the  distance  from  the  body  nose  to  the  midpoint  of 
the  MAC  of  the  exposed  panel. 

is  the  angle  of  inclination  in  radians:  a!  - Vaa  + /?3 

is  the  average  radius  of  the  body  along  the  vertical  tail  exposed  root  chord 


5.3.1.2-5 


Aiv 


i3  the  vortex  interference  factor: 

Aiv  = iV(  - i The  values  of  iv,  and  iVa  are  given  in  figure  5.3.1,2-13,  where  they  are  pre- 
sented as  functions  of  the  positions  of  the  body  vortices  at  the  vertical  tail 

2 y 2 y 

-Ai,  — , -A2.,  and  — (see  sketch  (e)  ).  These  are  given  by 

by  by  by  by 
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where  0 = tan 


a 


V 5.3.1.2-f 


J 


is  the  vertical  position  of  the  body  vortex  in  the  y - z coordinate  system  from 
figure  4. 3. 1.3- 13b 

is  the  lateral  position  of  the  body  vortex  in  the  y - z coordinate  system  from  figure 

4.3.1.3-14 


In  reading  these  last  two  figures  a must  be  replaced  by  a'  in  all  cases  and  x is  taken 
as  the  distance  from  the  body  nose  to  the  midpoint  of  the  MAC  of  the  exposed  panel. 


TYPICAL  ORIENTATION  OF  BODY  VORTICES  WITH  RESPECT 
TO  TAIL  PLANE  FOR  CONFIGURATION  AT  COMBINED  ANGLES 


SKETCH  (e) 


5. 3. 1.2-6 


Step  3 

Determine  the  ventral  fin  contribution  by 


5.3.1.2-g 


Cvu  r cvlw.O)  = [K<  4 a tan  A'ki]  (_CNa\'  ft 

where 

KE  is  the  effective  apparent-mass  ratio  of  the  ventral  fin,  as  described  in  paragraph  C of  Section 

5. 3. 1.1,  but  refers  to  sketch  (c)  of  this  Section.  This  factor  includes  the  presence  of  a hori- 
zontal tail;  but  does  not  include  the  presence  of  the  vertical  tail  if  the  vertical  tail  is  farther 
forward  than  the  ventral  fin,  as  measured  from  the  leading  edge  of  the  exposed  root  chords. 

K$0  is  the  cross-coupling  interference  factor  of  the  ventral  fin  from  figure  5.3.1.2-12 

ALEl,  is  the  sweepback  angle  of  the  ventral  fin  leading  edge 

(CNa)t,  is  the  normal-force-curve  slope  of  the  ventral  fin  as  defined  in  paragraph  C of  Section  5. 3. 1.1 

Step  4 

All  terms  are  now  available  for  substitution  into  equation  5.3.1.2-a  for  finding  C Yhv,w 

Values  for  the  incremental  coefficient  resulting  from  the  addition  of  upper  vertical  tails  to  circular  bodies,  calcu- 
lated using  equation  5.3.1.2-c,  are  compared  with  experimental  results  in  figure  5.3.1.2-11.  It  is  evident  from  the 
experimental  data  that  a strong  destabilizing  elTect  occurs  with  increasing  angle  of  attack  and  that  this  cfTect  is 
accurately  predicted  by  the  Datcom  method  over  the  angle-of-attack  range  of  the  tests. 


Sample  Problem 


(liven: 


The  configuration  of  reference  5 consisting  of  body,  vertical  tail,  and  ventral  tail.  This  is  the  same  con- 
figuration as  that  of  sample  problem  2,  paragraph  C,  Section  5. 3. 1.1.  Find  the  side-force  coefficient  devel- 
oped by  the  vertical  and  ventral  tails  in  the  presence  of  a body  at  a ; 12°  and  /j  = 4 . 


Ogive  cylinder,  with  slight  boattai! 


d = 3.33  in.  r,  = r2  = 1.5  ;n.  (average  values 

in  region  of  tail  panels) 


Vertical  Tail  Characteristics 

Sv#  = 31.6  sq  in.  - 7.48  in.  A,.Ev  = 32.5°  Av,  = 1.12 

\v„  = 0.482 


5. 3. 1.2-7 


Ventral  Tail  Characteristics 


Su. 

= 8.54  sq  in. 

bu  = 3-05  in. 

Aleu  = 70°  Au#  = 0.36 

*«. 

= 0.428 

Additional  Characteristics 

M = 

2.01 

a = 12°  = 0.209  rad 

0 = 4°=  0.070  rad 

a'  = 

Va*  t 0*  = 12.65° 

- 0.221  rad 

S«  = 144.0  sq  in. 

x/t  = 21.87  (a  nwasured  from  nose  to  50-percent-chord  point  of  MAC  of  exposed  vertical  panel) 

At  positive  angle  of  attack,  vertical-tail  exposed  root-chord  leading  edge  ie  aft  of  ventral-fin  exposed  root- 
chord  leading  edge. 

Ventral  fin  is  not  influenced  by  presence  of  vertical  tail  at  this  angle  of  attack  and  Mach  number. 


Compute: 

Step  1.  Determine  the  horizontal-tail  contribution  CV|VI) 

CYim  = 0 (horizontal  tail  off) 

Step  2.  Determine  the  vertical  tail  contribution  Cyv 

Vertical  tail  interference  «nd  cross-coupling  term  CyV0K 

Determine  K'v  = 1.13  (fig  re  5.3.1.1-25a>  at  (r,/r,)  = 1.000;  (r,/b)v  = 0.200;  (rj/Wy  = 1.000; 

•tfdwl  Mlatlnc 

p*wl 

Determine  K*v  = 0.687  (figure  5.3.1.2-12  at  (r,/b)v  = 0.200) 

Determine  (C„a)v  using  2 Av. 

(CNb)v  = 2.12  per  rad  (based  on  Sv<)  (sample  problem  2,  paragraph  C,  Section  5.3.1. 1) 

g 

Cy vtk.^i)  " J^v  " a*an  ("Cn0)v  0 — — (equation  5.3-1.2-d) 

= 11.13  - (0.687)  (0.209)  tan  32.5°  ] (-2.12)  (0.070)  (-&&-  \ 

\144.0  / 


= -0.0339  (baaed  on  S*) 

Effect  of  body  vortices  on  vertical  tail  contribution  Cyv( 

^ = 10.6  (figure  4.3.1.3-13a  at  a'  = 12.65°) 
r 

=,  0.221  (21.87  - 10.6)  = 2.49 
r 

— !jL_  = o.86  (fig we  4.3.1.3-16  nt  a'  = 12.05°) 

271  a Vr 

^2.  = 0.71  (figure  4.3.1.3-14  at  a'  = 12.65°) 
r 


2*  = 1.53  (figure  4.3.1.3-13b  at  a' = 12.65°) 

r 


5.3. 1.2*6 


1 


7>  = tan* 1 ^ - tan’ 1 -4-  = 18.4° 
a.  12 

Calculate  position  of  vortices  at  vertical  tail 


»v,  r *0 
by  by  r 


yo 

oos  <p  + — sin  4> 

t 


(equation  5.3.1.24) 


= ^ <1.53  cob  18.4°  ♦ 0.71  sin  18.4°) 


0.336 


*0  . , y0 

BUI  <p  - COB  d> 

r r 


(equation  5.3. 1.2-0 


= ^ <1-53  ain  18.4°  - 0,71  coa  18.4°) 


= -0.038 


va  r 
by  by 

_ 1.50 


z°  , yo  . 

— cob  <p 8 in  <j> 

t r 


(equation  5.3.1.2-f) 


7.48 
= 0.246 


(1.53  cos  18.4°  - 0.71  sin  18.4°) 


by  by 

- L50 
7.48 

= 0.232 


— sin  <p  + 


fo  1 

— COS  <P  I 

r J 


(equation  5.3.1.2-f) 
(1.53  sin  18.4°  + 0.71  cos  18.4°) 


Find  vortex  interference  factor 
•».  * -1.4  l 


*va  = -0.9 


(figure  5.3.1.2-13a) 
A«v  = iy,  - ira  = < - 1.4)  - (-0.9)  = -0.5 
Cv  p = Ai,f [« — 1 Cn»)v  a'Sv. 

l27,aWJ(^-l)Sw 

= (-0.5)  (0.86)  (-2,12)  (0.221)  (31.6) 

‘ ■)<•«.<» 

= 0.01104(baBed  on  S») 


(equation  5.3.1.2-e) 


5.3.1.29 


.1 


Total  vertical  tail  contribution: 

CYv  = Cvv(K,<*)  * CYV(rB)  (equation  5.3. 1.2-c) 

= (-0.0339)  + (0.01104) 

= -0.0229 (based  on  S*) 


Step  3 Determine  the  ventral  tail  contribution  CYu 
Ventral  fin  interference  and  cross-coupling  term  CYy(1(  ^ ) 

Determine  liy  = 2.11  (figure  5.3.1. l-25a)  at  <r,/r*)  - 1.000;  (r[/b)u  = 0.492;  (rj/b) v = 1000 

added  existing 

panel  pane) 

(no  horizontal  tail,  and  ventral  fin  is  out  of  vertical  tail  influence). 

Determine  K,*.,  -■  0.535  (figure  5.3.1 .2-12  at  <r(/b)n  = 0.492) 

Determine  (CNa)(J  using  2AUt 

(C^),  = 1.09  per  rad  (Section  4. ’.3.2;  based  on  Su,) 

Total  ventral  fin  contribii.on: 

cYu  = C,w  * [.K(,  + K^,,  atan  A,^,]  (-C^),  fi  ^ (equation  5.3.1.2-g) 

Ow 

= l 2.11  + (0.535)  (0.209)  tan  70° ] (-1.09)  (0.070) 

\ 144.0/ 


Solution; 


- - 0.0109  (based  on  Sw) 


C'hvucb)  = c>hcb)  + Cyv  * cYu  (equation  5.3.1. 2-a) 

= 0 ^ (-0.0229)  i (-0.0109) 

= -0.0338  (based  on  S») 
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5.3.2  TAIL-BODY  SIDESLIP  DERIVATIVE  C/, 

5.3.2.1  TAIL-BODY  SIDESLIP  DERIVATIVE  C IN  THE  LINEAR 
ANGLE-OF-ATTACK  RANGE 


The  method  of  estimating  the  contribution  of  panels  in  the  empennage  to  the  sMeslip  derivative 
Qp  is  similar  to  that  for  estimating  the  contribution  of  panels  in  the  empennage  to  C'n..  That  is, 
the  side  force  generated  by  an  added  panel  is  multiplied  by  an  appropriate  moment  arm  in  order  to 
obtain  the  rolling-moment  contribution. 

A refinement  is  required  in  the  case  of  the  contribution  of  a vertical  panel  (either  an  upper  or  lower 
vertical  panel),  since  the  pressure  field  that  is  generated  by  the  vertical  pane!  is  reflected  on  the 
surface  of  the  horizontal  tail.  These  induced  loads  on  the  horizontal  tail  are  perpendicular  to  this 
surface  and  therefore  do  not  significantly  affect  the  vehicle  yawing  moments  or  side  forces.  They 
do,  however,  contribute  to  the  rolling  moments  and  hence  must  not  be  neglected.  The 
rolling-moment  contribution  of  the  horizontal  tail  is  positive  (opposes  that  du’  to  the  vertical 
panel)  when  the  horizontal  surface  is  in  the  low  position  with  respect  to  the  vertical  panel.  The 
rolling-moment  contribution  has  no  effect  when  the  horizontal  tail  is  mounted  near  the  midspan  of 
the  vertical  panel  and  is  negative  for  the  horizontal  surface  in  the  high  position. 

At  subsonic  speeds  these  contributions  are  usually  small,  and  reasonable  results  are  obtained  when 
they  are  neglected.  (Actually  they  would  be  quite  difficult  to  estimate.)  At  transonic  speeds  they 
can  be  quite  pronounced,  because  the  pressure  field  of  the  entire  horizontal  surface  is  strongly 
influenced  by  the  presence  of  the  vertical  panel.  At  supersonic  speeds  the  interferences  are 
restricted  to  regions  on  the  horizontal  surfaces  with;n  the  boundaries  defined  by  the  shock-wave 
pattern  of  the  vertical  panel.  As  the  Mach  number  increases,  the  region  of  influence  decreases 
because  the  shock  pattern  becomes  more  swept.  It  is  to  be  expected,  therefore,  that  this 
horizontal-tail  effect  will  become  less  significant  as  the  supersonic  Mach  number  increases. 

Because  of  the  complexity  of  the  problem,  no  method  for  predicting  the  effects  of  panels  in  the 
empennage  at  transonic  speeds  is  presented,  and  the  method  presented  for  supersonic  speeds  does 
not  account  for  the  horizontal-tail  contribution.  However,  the  effect  of  the  presence  of  a horizontal 
tail  is  accounted  for  at  supersonic  speeds  in  computing  the  contribution  of  a vertical  panel. 

A.  SUBSONIC 

The  contribution  of  panels  in  the  empennage  to  the  vehicle  sideslip  derivative  is  based  on  the 
values  of  the  panel  contribution  to  Cy?  estimated  by  the  methods  of  Paragraph  A of  Section 
5.3. 1.1. 

In  addition  to  the  pressure  forces  induced  on  the  horizontal  tail  by  the  vertical  tail,  there  can  be 
other  forces  for  a configuration  having  either  significant  twist  and/or  dihedral  on  the  horizontal  tail. 
If  the  horizontal  tail  is  large  relative  to  the  wing,  the  effects  of  twist  and/or  dihedral  may  be  worthy 
of  consideration.  To  consider  these  effects  on  the  horizontal  tail,  the  method  of  Section  5. 1.2.1  is 
used;  i.e.,  treating  the  horizontal  tail  as  an  isolated  wing.  (Caution  should  be  exercised  to  make 
certain  that  the  horizontal-tail  contribution  to  is  converted  to  the  same  reference  area  and 
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length  Swbw  as  the  wing-body  contribution,  before  adding  them  together.)  However,  since  the 
horizontal-tail  contribution  is  very  small  for  most  configurations  in  the  subsonic  speed  regime,  the 
method  presented  here  neglects  this  contribution. 


As  mentioned  above,  reasonable  results  are  obtained  at  subsonic  speeds  when  the  horizontal  tail 
contribution  is  neglected.  However,  in  using  Method  3 of  Paragraph  A,  Section  5.3. 1.1,  if  a 
horizontal  tail  is  present  in  the  empennage,  its  effect  on  the  vertical-tail  contribution  must  be 
accounted  for  by  proper  use  of  the  apparent-mass  factor  (K)  charts.  If  Method  i or  Method  2 of 
Paragraph  A,  Section  5.3.1. 1 is  used,  the  effect  of  a horizontal  tail  on  the  vertical-tail  contribution 
is  implicitly  accounted  for  by  the  method. 

DATCOM  METHOD 

The  contribution  of  a vertical  panel  to  the  sideslip  derivative  C/  is  estimated  by 

z cos  a - £ sin  a 

(AC,  \ = MCy  \ ' 5.3.2. 1 -a 

\ le)  p 1 yP)p  bw 


where 

p is  the  subscript  referring  to  the  added  vertical  panel  (either  an  upper  vertical 

stabilizing  surface  V or  a lower  vertical  stabilizing  surface  U). 

/ACyX  is  the  side  force  due  to  sideslip  of  the  added  vertical  pane!  determined  as 
' ' follows: 

For  configurations  with  horizontal  panels  mounted  on  the  body  or  with  no 
horizontal  panels,  use  Method  1 or  Method  3 of  Paragraph  A,  Section  5. 3.1. 1 . 

For  configurations  with  horizontal  panels  mounted  on  the  vertical  panel,  use 
Method  1 of  Paragraph  A,  Section  5.3. 1.1. 

For  twin-vertical-panel  configurations,  use  Method  2 of  Paragraph  A,  Section 
5.3.1. 1. 

zp  is  the  distance  in  the  z-direction  (normal  to  the  longitudinal  body  axis) 

beiween  the  moment  reference  center  (usually  the  vehicle  center  of  gravity) 
and  the  MAC  of  the  added  panel,  positive  for  the  panel  above  the  body. 

, Pp  is  the  distance  parallel  to  the  longitudinal  body  axis  between  the  moment 

reference  center  (usually  the  vehicle  center  of  gravity)  and  the  quarter-chord 
point  of  the  MAC  of  the  added  panel,  positive  for  the  added  panel  behind  the 
moment  reference  center.  The  aerodynamic  center  of  the  vertical  panel  could 
be  used,  but  the  inaccuracies  of  the  basic  method  do  not  warrant  this  degree  of 
refinement. 

bw  is  the  span  of  the  wmg. 
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All  geometry  used  in  determining  the  moment  arms  for  the  above  method  is  based  on  the  vertical 
panel  extended  to  the  body  center  line. 

Fora  wingless  configuration,  bw  is  replaced  by  the  vehicle  reference  length  and  (ACy  ?)p  is  based 
on  the  vehicle  reference  area. 

Results  calculated  at  zero  angle  of  attack  by  this  method  are  compared  to  experimental  data  in 
Table  5.3.2. 1 -A.  The  detailed  geometry  of  the  configurations  used  in  this  table  is  given  in  Table 

5.3.1. 1- B.  It  should  be  noted  that  the  values  of  A Cy^  used  in  Table  5.3.2. 1-A  are  not  test  data, 
but  are  calculated  by  the  method  of  Section  5.3.1. 1.  The  errors  inherent  in  estimating  ACyff  are 
therefore  implicitly  included  in  Table  5.3.2.1-A.  However,  the  errors  due  to  ACy^  and  those  due 
to  the  moment  arm  can  be  separated  by  comparing  the  errors  for  a given  configuration  from  Table 

5.3.1. 1- B  (for  ACY(J)  with  those  of  Table  5.3.2.1-A  (for  AC/(}). 

Sample  Problems 

1.  Given:  The  configuration  of  Reference  1 consisting  of  a wing,  body,  horizontal  tail,  and 
upper  vertical  tail.  This  is  the  same  configuration  as  that  of  Sample  Problem  1, 
Paragraph  A,  Section  5.3. 1.1.  Some  of  the  characteristics  are  repeated. 

Win*  Characteristics: 


Sw  = 576.0  aq  in.  bw  = 41.56  in.  zw  = 0 

Additional  Characteristics: 

M » 0.25  8y  * 24.89  in.  (c.g.  to  (c/4\ ) Zy  = 5.78  in.  (c.g.  to  (MAC)V ) 
or  - 0,2°,  4°,  6° 

Compute: 

(ACy  \ * -0.734  per  rad  (based  on  Sw)  (Sample  Problem  1,  Paragraph  A,  Section 

\ */V(WBH>  s.3.1.1) 

Solution: 

K).  * K),  «*—*»■« 


(4S) 


V(WBH) 


Zy  cos  a - £v  sin  a 

(4S)  V(WBH)  bw 


_ . ( 5.78  cos  a - 24.89  sin  a \ 

- -0.734  ^ 4\~$6 / f>er  rad  ^based  on  Sw  b,^  ] 
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Test  results  from  Reference  1 are  listed  in  Column  6 of  the  calculation  table. 


© 

© 

(?) 

© 

© 

© 

a 

(d*o) 

zv  cot  a 
(in.) 

Kv  dna 
fin.) 

Zy  oo«  a - Sy  Un  a 

bw 

I© 

(*c,\ 

\ AV(wbh) 
-0.734  (7) 

(par  rad) 

(ACA 

V >V(wbh) 
(tail) 

(par  rad) 

0 

6.780 

O 

0.1390 

-0.1020 

-0.0677 

2 

6.777 

0870 

0.1180 

-0.0665 

-0.0602 

4 

5.766 

1.740 

0.0967 

-0.0710 

-0.0663 

6 

6.760 

2.600 

0.0768 

-0.0666 

-0.0464 

2.  Given:  The  configuration  of  Reference  2 consisting  of  a wing,  body,  horizontal  tail,  and 
vertical  tail.  This  is  the  same  configuration  as  that  of  Sample  Problem  3,  Paragraph 
A,  Section  5. 3.1.1.  Some  of  the  characteristics  are  repeated. 

Wing  Characteristics: 

Syy  = 324  sq  in.  b^  = 36.0  in.  zw  - 0 

Additional  Characteristics: 

M = 0.13  = 16.70  in.  (c.g.  to  (c/4)y  ) Zy  = 3.78  in.  (c.g.  to  (MAC)y  ) 


a = 0,  2°,  4°,  6° 


Compute: 


V(WBH) 


—0.375  per  rad  (based  on  Sw)  (Sample  Problem  3,  Paragraph  A,  Section 
5.3.1. 1) 


Solution: 


K)p  ■ (4C0 


z„  cos  a - £ sin  a 
p p 


(Equation  5.3.2. 1-a) 


Zy  cos  a — £y  sin  a 


V(WBH) 


UW 


/3.78cosa-  16.70  sin  a\ 

= -0.3751 J per  rad  (based  on  Sw  bw  ] 


Test  results  from  Reference  2 are  listed  in  Column  6 of  the  calculation  table. 


G ) 

a 

® 

® 

a 

(d*0> 

iveo*« 

(In.) 

«v«lna 

(in.) 

*v  co»  a — Bv  «in  a 

bw 

[(A)  -(3)1/360 

-0.376(4) 

(par  rad) 

fC^(W8H, 

(tart) 

(par  rad) 

0 

3.780 

0.1  OS 

-0.0384 

-0.0401 

2 

3.778 

mm 

0.0887 

-0.0333 

-0.0287 

mm 

3.771 

1.166 

0.0723 

-0.0271 

-0.0115 

n 

3.760 

1.746 

0.0680 

-00210 

-0.0067 

R TRANSONIC 

A brief  discussion  of  the  flow  phenomena  associated  with  a vertical  panel  at  transonic  speeds  is 
given  in  Paragraph  B of  Section  5.3. 1.1.  The  rolling  moments  due  to  the  vertical  panel  are  partly 
determined  by  the  transonic  lift-curve-slope  characteristics  of  the  isolated  tail  and  partly  by  the 
wake  and  wash  characteristics  of  the  wing-body  combination.  In  addition,  the  impingement  on  the 
horizontal-tail  surface  of  the  pressure  field  generated  by  the  vertical  panel  can  cause  rolling 
moments.  This  latter  effect  can  be  large,  since  the  pressure  field  at  transonic  speeds  is  frequently 
strong  and  is  propagated  to  large  distances  from  the  source.  The  entire  horizontal  surface  is 
therefore  usually  immersed  in  the  Held  of  the  vertical  panel. 

DATCOM  METHOD 

Because  of  the  complexity  of  the  problem,  no  explicit  method  is  available  in  the  literature  for 
estimating  the  contribution  of  a vertical  panel  to  at  transonic  speeds  and  none  is  presented  in 
the  Datcom.  Some  examples  of  the  limited  data  available  in  the  literature  are  shown  in  Figure 
5.3.2.1-13. 


C SUPERSONIC 

The  procedure  for  estimating  the  rolling-moment  contribution  due  to  vertical  panels  at  supers  >nic 
speeds  is  essentially  the  same  as  that  at  subsonic  speeds.  That  is,  the  rolling-moment  contributor  of 
a vertical  panel  is  based  on  the  sideslip  derivative  ACy^  as  obtained  from  Section  5.3. 1.1.  The 
problem  of  estimating  the  forces  generated  on  vertical  panels  is  complicated  by  the  presence  of 
shock  waves.  This  effect  is  discussed  in  Paragraph  C of  Section  5.3. 1.1. 

As  stated  in  the  introduction  to  this  section,  no  method  is  available  for  determining  the 
horizontal-tail  contribution  to  the  derivative  Qff.  However,  the  effect  of  the  horizontal  tail  on  the 
vertical-tail  contribution  is  accounted  for  by  proper  use  of  the  apparent-mass  factor  (K)  charts  in 
determining  the  vertical-panel  side  force. 

This  method  is  limited  to  configurations  in  which  the  horizontal  tail  is  mounted  on  the  body  or 
configurations  with  no  horizontal  tail. 


DATCOM  METHOO 


The  contribution  of  a vertical  panel  to  the  sideslip  derivative  at  supersonic  speeds  is  given  by 
Equation  5.3.2. 1-a. 


z„  cos  a -fi_  sin  or 

( AC,X  ‘ (iCv»)r  v 

where  the  subscript  p,  zp(  and  bw  are  defined  in  Paragraph  A,  and 

/ACy  p is  the  side  force  due  to  sideslip  of  an  added  vertical  panel  obtained  from 
' ' Paragraph  C of  Section  5. 3. 1.1.  (If  a horizontal  panel  is  present,  its  effect  on 

the  vertical  panel  must  be  included.) 

Cp  is  the  distance  parallel  to  the  longitudinal  body  axis  between  the  moment 

reference  center  and  the  50-percent-chord  point  of  the  MAC  of  the  added 
vertical  panel,  positive  for  the  panel  aft  of  the  moment  reference  center.  The 
aerodynamic  center  of  the  vertical  panel  could  be  used,  but  the  inaccuracies  of 
the  basic  method  do  not  warrant  this  degree  of  refinement. 

AH  geometry  used  in  determining  the  moment  arms  of  the  vertical  panels  is  based  on  the  exposed 
panel. 

For  a wingless  configuration  the  remarks  following  the  Datcom  method  of  Paragraph  A above  are 
also  applicable  here. 

Results  calculated  at  zero  angle  of  attack  by  this  method  are  compared  to  experimental  data  in 
Table  5.3.2. 1-B.  The  detailed  geometry  of  the  configurations  used  in  this  table  is  given  in  Table 
5.3.1.1-C.  It  should  be  noted  that  the  values  of  ACyfl  used  in  Table  5.3.2. 1-B  are  calculated  by  the 
method  of  Paragraph  C of  Section  5.3. 1 . 1 . 

Sample r ms 

1.  Given:  The  configuration  of  Reference  3 consisting  of  a wing,  body,  horizontal  tail,  and 
upper  vertical  stabilizer.  This  is  the  same  configuration  as  that  of  Sample  Problem  1 , 
Paragraph  C,  Section  5.3. 1.1.  Some  f the  characteristics  are  repeated. 

Wing  Characteristics: 

Sw  - 160.4sqin.  Ify  = 25.31  in.  zw  = 0 

Additional  Characteristics: 

M = 1.61  Cv  = 1 1.40in.  (c.g.  to  (c/2)y  ) zv  = 4.0  in.  (c.g.  to  (MAC)y  ) 

6 C 


a = 0,  2°,  4°,  6° 
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Compute: 


/ACy  \ = -0.529  per  rad  (based  on  Sw)  (Sample  Problem  1,  Paragraph  C,  Section 

\ 6/  V(WBH)  5, 3, i.l) 


Solution: 


(*S), = (AC* . ), 


z„  cos  a — 2„  sin  a 

p p 


(Equation  5.3.2. 1-a) 


/AC,  ) = /ACy  \ 

\ 0/ V(WBH)  \ 


V(WBH) 


zv  cos  a - 2V  sin  a 


Jw 


= 0.529  ( 


4.0  cos  a - 1 1 .40  sin  a ' 


"2  j 31 1 per  rad  (based  on  Sw  bw ) 


Test  values  from  Reference  3 are  listed  in  Column  6 of  the  calculation  table. 


0 

© 

© 

® 

© 

a 

(<*)> 

*vco.a 

tin.) 

1 

8y  *in  a 
(In.) 

cot  a — ly  «in  a 

bW 

[©  -©1/26-31 

—0.629  (7) 

(par  rad) 

AC,\ 

\ (J/V(WBH) 
<J«t) 

(per  rad) 

0 

4.000 

0 

0.168 

-0.0836 

-0.1010 

2 

3.998 

0.398 

0.143 

-0.0766 

-0.0930 

4 

3.990 

0.796 

0.126 

-0.0667 

-0.0803 

6 

3378 

1.191 

0.110 

-0.0682 

-0.0647 

2.  Given:  The  configuration  of  Reference  4 consisting  of  a wing,  body,  upper  vertical 
stabilizer,  and  lower  vertical  stabilizer.  This  is  the  same  configuration  as  that  of 
Sample  Problem  2,  Paragraph  C,  Section  5.3.1. 1.  Some  of  the  characteristics  are 
repeated. 

Wing  Characteristics: 

Sy,  = 144.0  sq  in.  by,  = 24.0  in.  zw  = 0 

Additional  Characteristics: 

M = 2.01  £v  = 12.0in.  (c.g.  to(c/2)y  ) zv  = 4. 1 5 in.  (c.g.  to  (MAC\,  ) 

e c 

a = 0,  2°,  4°,  6° 
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Compute: 


(4S) 


V(WBU) 


-0.583  per  rad  (based  on  S^)  (Sample  Problem  2,  Paragraph  C,  Section 
5.3.1. 1) 


Solution: 


(iC'.)P  ‘ (AS), 


zp  cos  a — fip  sin  a 


(Equation  5.3.2.  i-a) 


/AC.  ) = / ACy  ) 

\ 'pj  v(wbu)  \ ,<i/ 


Zy  cos  a - sin  a 


VCWJU) 


/4.15  cosa  - 12.0  sina\  . . c v \ 

= -0.583  I — - J per  rad  (based  on  S^,  byy ) 


Test  values  from  Reference  4 are  listed  in  Column  6 of  the  calculation  table. 


(..fin  a 
(In.) 


*v  co • a - 8y  »in  a 


[©  -®)n“ 


ra,™ 

-0.581  (<) 
(per  rad) 


-0.0906 

-0.0806 

-0.0700 


(ACf  \ 

\ 'pV(WBUJ 
(taat) 

(par  rad) 


-0.0746 

-0.0774 

-0.0803 

-0.0830 


D.  HYPERSONIC 


A general  discussion  of  hypersonic  flows  is  given  in  the  introduction  to  Paragraph  D of  Section 
4. 1.3.o  and  in  several  standard  texts.  No  explicit  method  exists  for  estimating  the  contribution  of 
an  added  tail  panel  to  the  sideslip  derivative  C at  hypersonic  speeds. 


The  supersonic  method  for  estimating  the  derivative  ^ACY?  L (Paragraph  C,  Section  5. 3.1. 1)  has 
been  substantiated  to  reasonably  high  Mach  numbersx(6.86)  and  can  be  used  for  estimating  the 
contribution  of  an  added  vertical  panel,  as  in  Paragraph  C above.  However,  the  method  should  be 
applied  with  caution,  since  the  basic  assumptions  are  increasingly  violated  as  the  Mach  number 
increases.  Tne  hypersonic  small-disturbance  theory  and  Newtonian  theory  can  also  be  used  to 
estimate  the  forces  and  therefore  the  moments  on  the  vertical  panel.  Newtonian  flow,  however,  is 
limited  to  the  upper  range  of  hypersonic  Mach  numbers. 
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DATCOM  METHODS 


Method  1 


Extended  Supersonic  Method 

The  method  described  in  Paragraph  C of  this  section  can  be  used  up  to  Mach  numbers  of 
approximately  7. 

Method  2 


Hypersonic  Small-Disturbance  Theory 

Equation  5.3.2. 1-a  can  be  used  to  estimate  hypersonic  values  of  the  vertical-panel  contribution 
lACfXf,  where  (aCyX,  in  this  equation  is  obtained  from  Equation  5.3.1.1-h,  and  fip  is 
determined  as  in  Paragraph  C above. 

Method  3 


Newtonian  Theory 

Equation  S.3.2.1-a  is  again  used,  but  the  vertical-panel  contribution  |ACy  A,  in  this  equation  is 
based  upon  the  use  of  Equation  5.3.1.1-i  for  this  case,  and  Ep  is  determined  as  in  Paragraph  C 
above.  This  method  is  most  successful  in  the  upper  range  of  hypersonic  Mach  numbers. 

Because  of  the  general  lack  of  test  data  in  this  speed  regime,  no  substantiation  tables  are  presented. 

BMlklAaM 

wnpif  rroDwm 


Method  2 

Given:  The  configuration  of  Reference  5.  This  is  the  same  configuration  as  that  of  the  sample 

problem,  Paragraph  D,  Section  5.3.1. 1.  Some  of  the  characteristics  are  repeated. 

Wing  Characteristics: 

S^  * 19.15  sq  in.  bw  * 5.60  in.  - 0 

Additional  Characteristics: 

M = 5.0  Zy  = 0.795  in.  (c.g.  to  (MAC)y  ) a = 0 


Compute: 


fv  _ 0,795 
hw  ~ 5.60 


= 0.142 
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(AS)  V 


-0.86  per  rad  (based  on  Sw)  (Sample  Problem,  Paragraph  D,  Sect'on  5. 3. 1.1) 


Solution: 


z_  cos  a — sin  a 


(AC,  \ « 

(ACy  \ 

p 

p 

\ Vv 

\ VP 

bw 

(AC,  ) = 

/ACy  ) 

_fv 

(ct  = 0) 

l Vv 

\ Vv 

bw 

(Equation  5.3.2. 1 -a) 


= -0.86(0.142) 

- -0. 1 22  per  rad  (based  on  Sw  bw ) 


This  corresponds  to  an  experimental  value  (based  on  Sw  bw ) of  -0. 1 1 46  per  radian  obtained  from 
Reference  5. 
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TABLE  5.3.2.1-B* 

SUPERSONIC  CONTRIBUTION  OF  VERTICAL  PANELS  TO  C,fl 
DATa  SUMMARY  AND  SUBSTANTIATION 


V 


r 

r • 


a 


Ref.* 

Configuration 

Sketch 

M 

Panel 

Added 

( A Cy^g  1 v 

Calc, 
(per  rad) 

*V_ 

bw 

<AC(/3)v 

Calc, 
(per  rad) 

(ACj^)v 

Teat 

(per  rad) 

Percent 

Error 

e 

16 

4 

161 

BV-B 

-.525 

.158 

-.083 

-.083 

0 

1.61 

BWHV  -BWH 

-.529 

.158 

-.084 

-.101 

16.8 

17 

^ ^ 

1.61 

BWV„-BW 

-.358 

.145 

-.052 

-.049 

6.1 

2.01 

1 M 

BWV.-BW 

RWHV  RU/H 

-.335 

q/j* 

.145 

i q/; 

-.048 

-.034 

rvtq 

41.2 

1 f,  q 

2.01 

BWHV -BWH 

-.335 

.145 

-.048 

-.034 

41.2 

1.61 

BWH  V„, -BWH 

-.424 

.151 

-.064 

-.054 

18.5 

1.61 

BWHV  BWH 

-.471 

.146 

-.069 

-.060 

15.0 

18 

■—  f~\ 

1.41 

BWV-BW 

-.836 

.182 

-.152 

-.126 

20.6 

2.01 

BWV-BW 

-.545 

.182 

-.099 

-.103 

3.9 

18 

A 

1.41 

BWV-BW 

-.842 

.182 

-.153 

-.126 

21.4 

-A- 

2.01 

BWV-BW 

-.540 

.182 

-.098 

-.100 

2.0 

18 

1.41 

BWV-BW 

-.792 

.182 

-.144 

-.126 

14.3 

— — Av-— 

2.01 

BWV-BW 

-.542 

.182 

-.099 

-.092 

7.6 

18 

— 

n 

BWV-BW 

-.706 

.182 

-.128 

-.097 

32.0 

2.01 , 

BWV-BW 

-.586 

.182 

-.107 

-.086 

244 

19 

33 

5.0 

\ 

\ 

BWV-BW 

\ 

-.860* 

.142 

-.122 

-.123 

.8 

1.  Refer  to  Table  5.3. 1.1-0  for  configuration  data 

2.  These  references  are  found  in  Section  5.3. 1.1 

3.  Refer  to  Sample  Problem,  Paragraph  D,  Section  5.3. 1.1 


I 
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3.3  TAIL-BODY  SIDESLIP  DERIVATIVE  Cni 

5.3.3. 1 TAIL-BODY  SIDESLIP  DERIVATIVE  C„(,  IN  THE  LINEAR  ANGLK-OE- ATTACK  RANGE 

The  contribution  of  panels  present  in  the  empennage  to  the  vehicle  sideslip  derivative  CL,  is  estimated  by  the  meth- 
ods of  this  Section.  The  methods  generally  include  the  interference  effects  of  other  vehicle  components. 

Detailed  discussion  of  the  various  aerodynamic  aspects  of  adding  tail  panels  to  flight  vehicles  is  given  in  Section 
5.3. 1.1  and  is  not  repeated  here. 

A.  SUBSONIC 

The  methods  of  estimating  the  contribution  of  panels  present  in  the  empennage  to  the  sideslip  derivative  0n^ 
are 'based  on  the  methods  for  estimating  the  contribution  of  panels  present  ir;  the  empemiRge  to  the  sideslip  deriva- 
tive in  Section  5.3, 1.1,  The  moment  arm  through  which  the  panel  side  force  acts  can  be  taken  as  (a)  the  dis- 
tance parallel  to  the  longitudinal  axis  between  the  vehicle  center  of  gravity  and  the  quarter-chord  point  of  the  mean 
aerodynamic  chord  of  the  panel  or  (b)  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  center  of 
gravity  and  the  actual  aerodynamic  center  of  the  panel.  In  most  cases  the  former  approximation  is  used,  since  the 
inaccuracies  of  estimating  the  side  force  of  the  panel  do  not  warrant  the  refinements  of  (b).  For  short -coupled 
configurations,  however,  where  the  tail-length  distance  is  relatively  short  and  the  size  of  the  panel  may  be  Urge, 
significant  differences  between  results  estimated  by  (a;  and  (b>  may  result;  in  such  cases  (b)  is  recommended. 


DATCOH  METHOD 


Method  1 


Simplified  Method 

The  contribution  of  a panel  to  the  sideslip  derivative  C„„  at  subsonic  speeds  is  given  by 


<AC„~) 

I* 


<a<Vp 


4 


5.3.3. 1-a 


where  the  subscript  » refers  to  panels  present  in  the  empennage 

<ACV/)>.  is  the  side  force  due  to  sideslip  of  the  added  panel  determined  as  follows: 

For  configurations  with  the  horizontal  panel  mounted  on  the  body,  or  with  no  horizontal  panel, 
use  Method  1 or  Method  3 of  paragraph  A,  Section  5. 3. 1.1. 

For  configurations  with  the  horizontal  panel  mounted  on  the-  Vertical,  use  Method  i of  para- 
graph A,  Section  5. 3.1.1. 

For  twin-vertical  panel  configurations,  use  Method  2 of  paragraph  A,  Section  5. 3. 1.1. 

I,,  is  the  distance  parallel  to  the  longitudinal  axis  between  the  moment  reference  center  (usually 

the  vehicle  center  of  gruvitv and  the  quarter-chord  point  of  the  MAC  of  the  added  panel,  |x>si- 
tive  for  the  added  panel  behind  the  moment  reference  center. 

bw  is  the  span  of  the  wing 


Method  2 


In  this  case  the  contribution  of 


<A<Vp  1 -<ACVp 


Refined  Method 
a panel  to  the  sideslip  derivative 

l L)  r (Xp.f.lpl 

b7~ 


is  given  by 
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5.3.3. 1-1 


where  (ACY^)p,  and  bw  are  defined  in  Method  1 above,  and 

<*r..e.>p  is  the  distance  between  the  quarter-chord  point  of  the  MAC  of  the  added  panel  as  determined 
from  paragraph  A of  Section  4. 1.4.2,  positive  for  the  a.c.  behind  the  quarter-chord  point.  (In 
determining  the  vertical  panel  a.c.  use  the  aspect  ratio  of  the  panel  mounted  on  an  infinite 
reflection  plane.) 

All  geometry  for  the  added  panel  of  these  methods  is  based  on  the  panel  extended  to  the  body  centerline. 

Methods  i and  2 of  paragraph  A,  Section  5.3.1. 1 lunp  the  total  empennage  increment  in  CYfl  into  a single  parameter. 
On  the  other  hand,  Method  3 gives  the  increment  due  to  the  addition  of  one  panel  (either  a horizontal  or  vertical 
pnnel)  including  the  mutual  aerodynamic  interference  effects  of  all  o'her  panels  present.  An  extension  of  Method  3 
lo  determine  the  total  empennage  side  force  due  to  sideslip  at  subsonic  speeds  which  results  from  the  addition  of 
all  panels  present  in  the  empennage  is  presented  in  paragraph  A of  Section  5. 5. 1,1. 

For  a wingless  configuration,  bw  is  replaced  by  the  reference  length  for  the  vehicle,  and  (ACY/, ) is  based  on  the 
vehicle  reference  area.  p p 

Table  5.3.3.1-A  compares  results  calculated  by  Method  1 with  test  data.  The  test  cases  for  this  table  are  the  same 
as  these  used  for  table  5.3.1. 1-B.  Pertinent  detailed  information  for  table  5.3.3.1-A  is  therefore  found  in  table 
5.3. 1.1-B  and  is  not  repeater’. 

Sample  Problems 

1.  Method  1 

Cdven:  The  configuration  or  reference  1,  consisting  of  wing,  body,  horizontal  tail,  and  upper  vertical  tail.  This  is 

the  same  configuration  as  that  of  sample  problem  1,  paragraph  A,  Section  5.3.1. 1.  Some  of  the  characteristics 
are  repeated.  Find  the  effect  of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  configuration. 

Wing  Characteristics 


Sw  - 576.0  sq  in. 

bw  - 4i.56  in.  zw  = 0 

Additional  Characteristics 

M = 0.25 

iv  - 24.89  in.  (c.g.  to  <c/4)v) 

Compute: 

-k  = 24J9  = o.599 

b„  41.56 

(AC Y£>V(wbh)  - "0.73*.  per  rad  (based  on  Sw)  (sample  problem  1,  paragraph  A,  Section  5.3.1. 1) 

Solution: 

<AC.^)p  = -(ACYa>  (equation  5.3.3. 1-a) 

D W 

= - <ACyfl)VtWBH) 

ow 

= - (-0.734)  (0.599) 

= 0.440  per  rad  (based  on  Swbw) 

'ftiaa  compares  with  an  experimental  value  of  0.415  per  radian  obtained  from  reference  1. 

2.  Method  1 

Given:  The  configuration  of  reference  2,  consisting  of  wing,  body,  horizontal  tail,  and  vertical  tail.  This  is  the 
aame  configuration  as  that  of  sample  problem  3,  paragraph  A,  Section  5.3.1. 1.  Some  of  the  characteristics 
■**  Find  the  effect  of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  combination. 
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Wing  Characteristics 

S»  = 324  sq  in.  b*  = 36.0  in.  zw  = 0 

Additional  Characteristics 

M = 0.13  K = 16.70  in.  <c.g.  to  <c/4)v> 

Compute: 

*v  _ 16.7  _ 
bw  ' 36.0 

(ACy^)V{WBH) 

Solution: 

(ACn/))  = -(AC Yfl)  (equation  5.3.3. 1-a) 

t t P » bw 

(AC.-yj)V(WBH)  = -(ACy^ >V(WBH) 

-(-0.375)  (0.464) 

= 0.174  per  rad  (based  on  Swbw> 

This  compares  with  an  experimental  value  of  0. 178  per  radian  obtained  from  reference  2. 

B.  TRANSONIC 

A brief  discussion  of  the  flow  phenomena  associated  with  forces  generated  on  a vertical  panel  at  transonic  speeds 
is  given  in  p*  agraph  B of  Section  5.3.1. 1.  As  in  the  case  for  the  vertical  tail  contribution  to  Cy^,  the  transonic 
characteristics  of  the  sideslip  derivative  C„^  are  closely  associated  with  the  transonic  lifl-curve-slopc  character- 
istics of  the  isolated  panel  (see  introduction  to  paragraph  B of  Section  4. 1.3. 2). 

DAT COM  METHOD 

No  method  is  available  for  estimating  the  contribution  of  a tail  panel  to  the  sideslip  derivative  and  none  is 
presented  in  the  Datcom.  Figure  5.3.3.1-11  presents  some  available  information  for  this  derivative. 

C.  SUPERSONIC 

As  in  the  subsonic  case,  the  method  of  estimating  supersonic  values  of  (ACn^)p  is  based  on  the  values  of 
(ACy^)^  estimated  by  the  method  of  Section  5. 3. 1.1.  The  problem  of  estimating  the  forces  generated  on  vertical 
panels  is  complicated  by  the  presence  of  shock  waves.  See  paragraph  C of  Section  5. 3.1.1  for  a detailed  descrip- 
tion of  this  method.  The  moment  arm  through  which  the  added  vertical  panel  side  force  acts  can  be  taken  as  (a)  the 
distance  parallel  to  the  longitudinal  axis  between  the  vehicle  center  of  gravity  and  the  50-percont~chord  point  of 
the  mean  aerodynamic  center  of  the  vertical  panel,  or  (b)  the  distance  parallel  to  the  longitudinal  axis  between  the 
vehicle  center  of  gravity  and  the  actual  aerodynamic  center  of  the  vertical  panel.  For  short-coupled  configurations 
the  latter  approximation  is,  of  course,  more  accurate.  At  supersonic  speeds  the  centroid  of  area  of  the  region  of 
interference  approximates  the  moment  arm  in  the  case  of  the  increment  gained  by  adding  a horizontal  surface. 

This  method  is  limited  to  configurations  in  which  the  horizontal  tail  is  mounted  on  the  body  or  configurations  with 
no  horizontal  tail. 


0.464 

= -0.375  per  rad  (baaed  on  Sw)  (sample  problem  3,  paragraph  A,  Section  5,3.1. 1) 


DATCOM  METHODS 


Method  1 


Simplified  Method 

The  contribution  of  an  added  panel  (either  a horizontal  or  vertical  panel)  to  the  sideslip  derivative  C,^  at  suiter- 
sonic  speeds  is  given  by  equation  5.3.3. 1-a 

(A C*, ) --  -<ACy„>  ^ 

T8  p V p bw 


where  the  subscript  p and  bw  are  defined  in  paragraph  A,  and 

(ACyJ  is  the  side  force  due  to  sideslip  of  an  added  panel  obtained  from  paragraph  C of  Section 
5.3.1. 1 

Jtp  is  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center  and  the 

50-pereent-chord  point  of  the  MAC  of  an  added  vertical  panel,  positive  for  the  vertical  panel 
aft  of  the  vehicle  moment  center.  In  the  case  of  the  increment  gained  by  adding  a horizontal 
panel,  |p  is  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center 
and  the  centroid  of  area  of  the  region  of  interference,  positive  for  the  horizontal  panel  afl  of 
the  vehicle  moment  center.  (See  sketch  (c)  of  Section  5.3.1. 1 for  definition  of  area  of  region 
of  interference.) 


Method  2 


Refined  Method 

For  a more  refined  estimate  of  the  contribution  of  an  added  panel  to  the  sideslip  derivative  Cn^,  equation  5. 3.3.1- 
is  used 


(ACJ  = -(ACVfl) 

V P '0  D 

where  (ACY^)D,  Ip,  and  bw  are  defined  in  Method  1 above,  and 

* (Xp.j.lp  is  the  distance  parallel  to  the  longitudinal  axis  between  (he  50-percent-chord  point  of  the 

MAC  of  an  added  vertical  panel  and  the  aerodynamic  center  of  the  added  panel  obtained  from 
paragraph  C of  Section  4. 1.4.2,  positive  for  the  a.c.  behind  the  50-percent-chord  point,  (in 
determining  the  vertical  panel  a.c.  use  the  aspect  ratio  of  the  isolated  panel  mounted  on  an 
infinite  reflection  plane.) 

In  the  case  of  the  increment  gained  by  adding  a horizontal  panel,  the  moment  arm  is  treated  as  iu  Method  1 above. 

All  geometry  used  in  determining  the  moment  arms  of  the  vertical  panels  in  the  above  methodp  is  based  on  the 

exposed  panel. 

For  a wingless  configuration  the  remarks  following  the  Dab  >m  methexis  of  paragraph  A above  are  also  applicable 

here. 

Table  5.3.3.1-B  compares  results  obtained  by  Method  1 with  experimental  data.  The  test  configurations  used  in 

this  table  are  the  same  as  those  used  in  Table  5.3.1.1-C.  Detailed  geometric  variables  are  given  in  this  latter 

table. 


Sample  Problems 

1.  Method  1 

Given:  The  configuration  of  reference  3 consisting  of  wing,  body,  horizon  La  I tail,  and  upper  vertical  stabilizer. 

This  is  the  same  configuration  as  that  of  sample  problem  1,  paragraph  C,  Section  5. 3. 1.1.  Some  of  the  char- 
acteristics are  repeated.  Find  the  effect  of  adding  the  vertical  tail  to  the  wing-body-horizontal  tail  combi- 
nation, / 


5.3.3.1-4 


Sw  = 160.4  sq  in. 


bw  = 25.31  in. 


Wing  Characteristics 
zw  = 0 

Additional  Characteristics 
M = 1,61  lv  = 11.40  in.  (c.g.  to  (c/2)v#> 


Compute: 


iv  . 11.40 
bw  ' 25.31 


0.450 


(A CY^)  V(WBH)  = -0.529  per  rad  (based  on  S»)  (sample  problem  1,  paragraph  C,  Section  5.3.1. 1) 
Solution: 


(ACn^)p  = -(AC*^  (equation  5.3.3.1-a) 

(AC,^)V(,W.W  = "(ACy^)  V(WBH)  —■ 

= -(-0.529)  (0.450) 


= 0.238  per  rad  (based  on  S*bw) 

This  compares  with  an  experimental  value  of  0.218  per  radian  obtained  from  reference  3. 


2.  Method  1 

Given:  The  configuration  of  reference  4 consisting  of  wing,  body,  upper  vertical  stabilizer,  and  lower  vertical  sta- 
bilizer. This  is  the  same  configuration  aa  that  of  sample  problem  2,  paragraph  C,  Section  5.3.1. 1.  Some  of 
the  characteristics  are  repeated.  Find  the  effect  of  adding  the  upper  vertical  stabilizer  to  the  wing-body- 
lower  vertical  stabilizer  combination. 

Wing  Characteristics 

Sw  = 144.0  sq  in.  b*  = 24.0  in.  zw  = 0 

Additional  Characteristics 

M * 2.01  ty  = 12.00  in.  (c.g.  to  (c/2)v.) 

Compute: 

h.  = IM2.  = o.500 

bw  24.0 

<ACy^,)v(WBU)  = -0.583  per  rad  (baaed  on  Sw)  (sample  problem  2,  paragraph  C,  Section  5.3.1. 1) 

Solution: 

<ACB/j)p  --  -<ACY/5)P  jj*-  (equation  5.3.3.1-a) 

(ACn^)V(WB0)  = ~(ACy£)v(WB0)  ^ 

= -(-0.583X0.500) 

= 0.2915  per  rad  (based  on  Swb*> 

This  compares  with  an  experimental  value  of  0.277  per  radian  obtained  from  reference  4. 


5.3.3. 1-5 


D.  HYPERSONIC 


A general  discussion  of  hypersonic  flows  is  given  in  the  introduction  to  paragraph  D of  Section  4. 1.3.3  and  in  sev- 
eral standard  texts.  No  explicit  method  exists  for  estimating  the  contribution  of  an  added  tail  panel  to  the  sideslip 
derivative  C,yj  at  hypersonic  speeds. 

The  supersonic  method  for  estimating  the  derivative  (ACY^)p  (paragraph  C,  Section  5.3.1. 1)  has  been  substantiated 
to  reasonably  high  Mach  numbers  (6.86)  and  can  be  uaed  for  estimating  (AC^)b  as  in  paragraph  C above.  However, 
the  method  should  be  applied  with  caution,  since  the  basic  assumptions  are  increasingly  violated  as  the  Mach  num- 
ber increases.  The  hypersonic  small-disturbance  theory  and  Newtonian  Theory  can  also  be  used  to  estimate  the  forces 
and  therefore  the  moments  on  the  vertical  panel.  Newtonian  flow,  however,  is  limited  to  the  upper  range  of  hyper- 
sonic Mach  numbers. 


DAT COM  METHODS 


Method  1 


Extended  Supersonic  Method 

The  method  described  in  paragraph  C can  be  used  up  to  Mach  numbers  of  approximately  7. 

Method  2 

Hypersonic  Small-Disturbance  Theory 

Equation  5.3.3. 1 -a  or  5.3.3. 1-b  can  be  used  to  estimate  hypersonic  values  of  (ACn^)v,  where  (ACy5>v  is  obtained 
from  equation  5.3.1.1-h  and  lp  is  as  defined  in  paragraph  C above.  This  method  is  generally  limited  to  small  angles 
of  flow  deflection. 


Method  3 


Newtonian  Theory 


Equation  5.3.3. 1-a  or  5.3.3. l-t»  can  be  used,  but  <ACv*>v  is  obtained  by  using  equation  5.3.1. 1-i  to  determine  C„ 
in  this  case.  1„  is  as  defined  in  paragraph  C above.  This  method  is  most  successful  at  the  high  hypersonic  Mach 
numbers. 

Because  of  the  general  lack  of  test  data  in  this  speed  regime,  no  substantiation  table  is  presented. 


Method  2 


Somplt  Problem 


Given:  The  configuration  of  reference  5.  This  is  the  same  configuration  as  that  of  the  sample  problem,  paragraph 

D,  Section  5. 3. 1.1.  Some  of  the  characteristics  are  repeated.  Find  the  effect  of  adding  the  vertical  stabilizer 
to  the  wing-body  configuration. 


Wing  Characteristics 


S*  - 19.15  sq  in. 


M = 5.0 


bw  » 5.60  in. 


Additional  Characteristics 


lv  - 2.79  in.  (c.g.  to  (c/2)v.) 


Compute: 


(ACY/3)v  = -0.86  per  rad  (based  on  Sw>  (sample  problem,  paragraph  D,  Section  5.3.1. 1) 


Solution: 


<AS>r  = "<ACVp  g 


(equation  5.3.3. 1-a) 


- -<«V, 


5.3.3. 1-6 


■ -(-0.3d;  (0.499) 

- 0.430  per  rad  (based  on  Swbw) 


This  corresponds  to  an  experimental  value  of  0.59  per  radian  obtained  from  reference  5. 
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Tl 


TABLE  S.3.3.1.A'  «*» 

SUBSONIC  CONTRIBUTION  OF  VERTICAL  PANELS  TO  C,1(! 
DATA  SUMMARY  AND  SUBSTANTIATION 


Ref.* 

Configuration 

Sketch 

M 

Panel 

Added 

(ACy^)v 
Calc, 
(per  rad) 

m 

<A<Vv 

Calc, 
(per  rad) 

<*<vv 

Teat 

(per  rad) 

Percent 

Error 

e 

6 

.25 

BWHVrBWH 

— .481 

.463 

.223 

.24 

mm 

.25 

BWHVL-BWH 

- .734 

.443 

.325 

.31 

4.8 

.25 

BV.B 

-.428 

.620 

.265 

.31 

14.5 

25 

BVfB 

-.578 

.599 

.346 

.39 

11.3 

.25 

BHVl-BH 

-.597 

.599 

.358 

.41 

12.7 

.25 

BHV.-BH 

-.431 

.620 

.267 

.32 

16.6 

8 

.17 

BV-B 

-.254 

.58 

.147 

.14 

5.0 

X" 

.17 

BV-B 

-.317 

.57 

.181 

.18 

.6 

/! 

.17 

BV-B 

-.446 

.56 

.250 

.26 

3.8 

.17 

BW.V-BW, 

-.468 

.56 

.262 

.25 

4.8 

JL 

.17 

BW.V-BW, 

-.409 

.56 

.229 

.18 

27.2 

.17 

BW.V-BW, 

-.528 

.56 

.296 

.30 

1.3 

9 

.6 

BWHV-BW 

-.575 

.425 

.244 

.23 

6.1 

.6 

BV-B 

-.492 

.425 

.209 

.24 

12.9 

10 

. Q 

.13 

BWHV-BW 

-.426 

.464 

.198 

.21 

m 

.13 

BHV-BH 

-.504 

.464 

.234 

.22 

.13 

BHV-BH 

-.506 

.464 

.235 

.21 

11.9 

Configuration 

Sketch 


TABLE  5.3.3.1A'*1  (CONTD) 


.13  BHV-BH 


-.497  .464 


<ac„5\  ] 

Calc.  i 
(perrnd)  J 

Test 

(per  rad) 

Pcrienl 

Error 

e 

.230 

.20 

15.0 

NOTES: 

1.  This  table  is  a condensed  form  of  that  appearing  in  reference  2. 

Additional  substantiation  can  be  obtained  from  this  reference. 

2.  Refer  to  table  5.3.1.1-B  for  configuration  data. 

3.  These  references  are  found  in  Section  5.3.1. 1. 

TABLE  5.3.3.1-B'** 

SUPERSONIC  CONTRIBUTION  OF  VERTICAL  PANELS  TO  C 
DATA  SUMMARY  ANI)  SUBSTANTIATION 


Configuration 
- Sketch 


M 

Panel 

Added 

1.82 

BWV-BW 

1.61 

BV-B 

1.61 

BWHV  BWH 

2.01 

BWHU-BWH 

2,01 

BWHUV-BWHU 

1.61 

BWV..-BW 

2.01 

BWV„-BW 

1.61 

BWHV..BWH 

2.01 

BWHV„-BWH 

1.61 

BWHV..,, -BWH 

l.ol 

BWHV,  -BWH 

(ACyo)v 
Calc, 
(per  rad) 


(AC  n(3>v  (ACn/?)v  Percent 

Calc.  Test  Error 

(pcrradf  (per  rad)  e 


2 

12.5 

5 

1.3 

5.3.3. 1-9 


2 


TABLE  5.3.3.1-B'*1  (CONTD) 


Ref.1 

Configuration 

Sketch 

M 

11 
* < 



<acY(3)v 

Calc. 

(per  rad) 

B 

(ACfyj)  y 

Calc. 

(per  rod) 

<ACn^)v 

Test 

(per  rad) 

Percent 

Error 

e 

18 

1.11 

BWV-BW 

— .836 

.465 

.389 

.37 

5.1 

2.01 

BWV-BW 

-.545 

.469 

.256 

.31 

17.4 

18 

1.41 

BWV-BW 

-.842 

.564 

.475 

.42 

13.1 

-A- 

2.01 

BWV-BW 

-.540 

.564 

.305 

.30 

1.7 

18 

- — 

1.41 

BWV-BW 

-.792 

.630 

.499 

.45 

10.9 

2.01 

BWV-BW 

-.542 

.630 

.342 

.30 

14.0 

18 

1.41 

BWV-BW 

-.706 

.748 

.528 

.36 

46.7 

• ■ 

2.01 

BWV-BW 

-.586 

.748 

.438 

.32 

36.9 

20 

6.86 

BWHUV-BW 

-.315 

.645 

.203 

.18 

12.8 

NOTES: 

1.  This  Uble  ia  a condensed  form  of  that  appearing  in  reference  2. 
Additional  substantiation  can  be  obtained  from  this  reference. 

2.  Refer  to  table  5.3.1.1-C  for  configuration  data. 

3.  fiaoe  references  are  fotnd  in  Section  5 3. 1.1. 


ri 

he 

h\*. 

k-- 

C->: 

■4 
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Rovijed  Februuy  1972 


5.3.3. 2 TAIL-BODY  YAWING  MOMENT  COEFFICIENT  Crt  AT  ANGLE  OF  ATTACK 

The  tail-body  yawing  moment  developed  at  combined  ai.gles  is  nonlinear  with  respect  to  both 
sideslip  and  angle  of  attack  because  of  the  body-vortex  induced  sidewash  on  the  upper  .ertica!  tail 
and  the  cross-coupling  of  upwash  and  sidewash  velocities.  To  obtain  the  derivative  CnjJ,  it  is 
recommended  that  CL  be  calculated  at  several  angles  of  attack  for  a small  sideslip  angle  03  < 4°). 
Then,  at  each  angle  of  attack,  the  yawing  moment  is  assumed  linear  with  sideslip  for  small  values  of 
j3  so  that 


A.  SUBSONIC 

The  comments  appearing  in  Paragraph  A of  Section  5.3. 1.2  apply  here  also.  The  method  presented 
herein  is  restricted  to  first-order  approximations  at  relatively  low  angles  of  attack. 

DATCOM  METHOD 

It  is  recommended  that  the  method  of  Paragraph  A of  Section  5.3.3. 1 be  used  in  the  linear-lift 
angle-of-attack  range. 

fjl 

B.  TRANSONIC 

The  comments  appearing  in  Paragraph  B of  Section  5.3. 1.2  appiy  here  also  and  will  not  be  reperted. 

DATCOM  METHOD 

No  method  is  asailable  for  estimating  this  coefficient  at  angle  of  attack  and  none  is  presented  in  the 
Da  t com. 


C.  SUPERSONIC 

The  comments  in  Paragraph  C of  Section  5.3. 1.2  apply  here  also.  As  noted  therein,  the  method  for 
determining  the  side-force  coefficient  at  angle  of  attack  does  not  account  for  wing-tail  interference 
effects.  The  yawing-moment  coefficient  at  angle  of  attack  for  a configuration  including  a wing  at 
supersonic  speeds  must  be  obtained  from  Paragraph  C of  Section  5. 6.3. 2. 

DATCOM  METHOD 

The  method  for  estimating  the  empennage  contribution  to  the  yawing  moment  at  combined  angles 
is  essentially  that  of  Section  5. 3. 1.2.  The  yawing-moment  coefficient  is  obtained  simply  by  applying 
the  proper  moment  arms  to  the  various  side-force  coefficients  that  comprise  the  total  tail 
contribution.  As  noted  in  Section  5. 3. 1.2,  the  method  is  limited  to  circular  bodies,  and  to  the 
analysis  of  horizontal-tail  effects  only  when  the  surface  is  body-mounted. 


5.3.3.2-1 


The  contribution  of  the  tail  panels  to  <'ie  yawing-moment  coefficient  is  given  as 


<c4 


CH  cos  a + 7.,,  sin  a 


:vu(B) 


' (cy) 


liy  cos  a + 7,y  sin  a 


■'w 


M(B) 


'W 


'H 


Sy  cos  a + zu  sin  a: 

b%f 


(cy). 


5.3.3.2-a 


where 

(Cy^  is  defined  under  Equation  5.3.1.2-a. 

(CY)  is  defined  under  Equation  5.3. 1 ,2-a. 

(CY)^  is  defined  under  Equation  5.3. 1 .2-a. 

?.,j  is  the  distance  from  the  moment  reference  center  to  the  center  of  pressure  of  the 

horizontal-tail  interference  side  force,  measured  parallel  to  the  longitudinal  axis.  The 
c.p.  is  taken  at  the  centroid  of  the  interference  area,  indicated  by  shading  in 
Sketch  (a)  of  Section  5.3. 1.2. 

zH  is  the  distance  to  the  center  of  pressure  of  the  horizontal-tail  interference  side  force, 

measured  from,  and  normal  to,  the  longitudinal  axis.  zH  is  positive  when  the  c.p.  is 
above  the  longitudinal  axis.  (The  c.p.  location  is  as  assumed  above.) 

kv  is  the  distance  from  the  moment  reference  center  to  the  center  of  pressure  of  the 

upper  vertical  tail,  measured  parallel  to  the  longitudinal  axis. 

zv  is  the  distance  to  the  center  of  pressure  of  the  upper  vertical  tail,  measured  from, 

and  normal  to,  the  longitudinal  axis.  zv  is  positive  when  the  c.p.  is  above  the 
longitudinal  axis. 

StJ  is  the  distance  from  the  moment  reference  center  to  the  center  of  pressure  of  the 

ventral  fin,  measured  parallel  to  the  longitudinal  axis. 

zv  is  the  distance  to  the  center  of  pressure  of  the  ventral  fin,  measured  from,  and 

normal  to,  the  longitudinal  axis.  zy  is  negative  when  the  c.p.  is  below  the 
longitudinal  axis. 

For  the  vertical  panels  the  center  of  pressure  is  taken  as  the  50-percent-chord  point  of  the  mean 
aerodynamic  chord  of  the  exposed  panel. 

Values  for  the  incremental  coefficient  resulting  from  the  addition  of  upper  vertical  tails  to  circular 
bodies,  calculated  using  the  Datcom  method,  are  compared  with  experimental  results  in  Figure 
5. 3. 3. 2-4,  It  is  evident  from  the  experimental  data  that  a strong  destabilizing  effect  occurs  with 
increasing  angle  of  attack,  and  that  this  effect  is  fairly  accurately  predicted  by  the  Datcom  method 
over  the  angle-of-attack  range  oi  the  tests. 


5. 3. 3. 2-2 


Sample  Problem 


Given:  Configuration  of  Sample  Problem,  Paragraph  C,  Section  5.3. 1.2.  No  horizontal  tail.  Some 
characteristics  are  repeated.  Find  the  yawing-moment  coefficient  developed  by  a vertical  tail 
and  a ventral  fin. 

Wing  Characteristics : 

a = 12°  Sw  * 144.0  sq  in. 

Additional  Characteristics: 

fiv  = 12.0  in.  ^ = 12.0  in.  bw  = 24.0  in.  zv  = 4.15  in.  zv  = -2.15  in. 
<Cy)  - -0.02291 

v > (based  on  Sw ) (Sample  Problem,  Paragraph  C,  Section  5.3. 1 .2) 

(CJ  = -0.0109 ) 

Yu 

M * 2.01 


Solution: 


<C-W 


fiy  cos  a + zv  sin  o 


(B) 


<Cy)v  ~ 


8l,  cos  a + Zy  sin  a 


<Py!. 


H 


(Equation  5.3.3.2-a, 
horizontal  tail  of0 


12.0  cos  12° +4.15  sin  12°  12.0  cos  12°  - 2.15  sin  12° 

(-0.0229)  - ‘ — ^ (-0.0109) 


24.0 

0.0171  (based  on  Swbw) 


24.0 
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FIGURE  5. 3. 3.2-4  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  YAWING-MOMENT 
COEFFICIENT  INCREMENTS  DUE  TO  ADDING  A VERTICAL  TAIL  TO 
A BODY 


5.4  FLOW  FIELDS  IN  SIDESLIP 


5.4.1  WING-BODY  WAKE  AND  SIDEWASH  IN  SIDESLIP 


For  a wing-body  combination  there  are  two  contributions  to  the  sidewash  present  at  a vertical  tail  - 
that  due  to  the  body  and  that  due  to  the  wing. 

The  sidewash  due  to  a body  arises  from  the  side  force  developed  by  a body  in  yaw.  Asa  result  of 
this  side  force  a vortex  system  is  produced,  which  in  turn  induces  lateral-velocity  components  at  the 
vertical  tai..  This  sidewash  from  the  body  causes  a destabilizing  flow  in  the  airstream  beside  the 
body.  Above  and  below  thc-  *'uselage,  however,  the  flow  is  stabilizing. 

The  sidewash  arising  from  a wing  in  yaw  is  small  compared  to  that  of  a body.  The  flow  above  the 
wak**  center  line  moves  inboard  and  the  flow  below,  the  wake  center  line  moves  outboard. 


For  conventional  aircraft  the  combination  of  the  wing-body  flow  fields  is  such  as  to  cause  almost  no 
sidewash  effect  below  the  wake  center  line. 


At  subsonic  speeds  an  empirical  equation  is  presented  that  gives  the  total  sidewash  effect  directly, 
i.e.,  the  combined  sidewash  angle  and  dynamic-pressure  loss.  ,, 


At  supersonic  speeds  no  generalized  method  is  available. 


t 


OATCOM  METHOD 


A.  SUBSONIC 


A simple  algebraic  equation  is  presented  that  predicts  the  combined  sidewash  and  dynamic-pressure 
parameter : 


/ da  \ qv 


This  empirically  derived  expression  is 


Sy 


( 1 + 17)  “ = °‘724  + 3 06  — — 
\ dp  f q^  1 + cos/ 


- + .4—  +0.009AW 
COSAc/4w  d 


5.4.1 -a 


where 

a is  the  sidewash  at  the  vertical  tail,  positive  out  the  left  wing 


Sv  is  the  vertical  tail  area,  including  the  submerged  area  to  the  fuselage  center  line,  square 
feet 

Zy  is  the  distance,  parallel  to  the  Z-axis,  from  wing  root  quarter-chord  point  to  fuselage 
center  line,  feet. This  value  is  positive  for  the  quarter-chord  point  below  the  fuselagelcen- 
ter  line. 

d is  the  maximum  fuselage  dcptn,  feet 


A comparison  of  test  data  with  results  calculated  from  Equation  5.4. 1-a  is  shown  in  Table  5.4.1 -A. 


5.4.1-1 


Ref. 

-V/4 

(de,) 

A 

Zj  /d 

S. 

s. 

(l+ ife 

Te*» 

C-5)s 

CJe. 

1*1 

Perfect 

Error 

10 

45 

4 

0 

mm 

1.09 

14B9 

55 

45 

4 

0 

I 

.963 

14129 

6.9 

45 

4 

0 

mm 

1034 

1.029 

05 

45 

4 

0 

KB 

1.030 

1.029 

0.1 

11 

63 

35 

0 

.168 

1.130 

1JB7 

4l8 

12 

565 

2 

0 

3fA 

1.136 

1.274 

12.1 

13 

45 

6 

0 

.151 

1.063 

| 

3.4 

45 

6 

0 

.151 

1282 

6JI 

14 

0 

5.9 

.063 

.160 

14130 

1.047 

L7 

15 

40 

25 

.125 

.165 

14)70 

14)83 

12 

16 

35.92 

6.95 

587 

507 

1.140 

1.152 

1J0 

17 

33.21 

2.91 

.417 

.266 

1J63 

2.364 

84) 

. c aslel 

Average  Error  = 

Q 



| 
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5.5  LOW-ASPECT-RATIO  WINGS  AND  WING-BODY  COMBINATIONS  IN  SIDESLIP 


During  recent  years  much  work  has  been  done  on  problems  associated  with  the  design  and  operation  of 
advanced  flight  vehicles.  These  vehicles  include  re-entry  configurations  and  those  designed  for  hypersonic 
cruise.  The  requirement  that  these  vehicles  operate  within  the  atmosphere  at  hypersonic  speeds 
necessitates  the  use  of  configurations  that  are  not  well  suited  for  subsonic  flight  at  low  altitudes.  For 
the  most  part,  the  configurations  proposed  for  this  type  of  mission  feature  extremely  low  aspect  ratios 
of  the  order  of  two  or  less,  and  thick,  generously  rounded  lifting  surfaces.  These  configurations  also 
often  have  large  blunt  bases. 

The  use  of  conventional  subsonic  theories  and  related  test  data  does  riot  result  in  adequate  estimates  of 
the  aerodynamic  characteristics  for  this  type  of  chicle.  The  methods  presented  in  this  section  for 
estimating  the  aerodynamic  characteristics  of  advai-wd  flight  vehicles  at  subsonic  speeds  are  necessarily 
semiempirical  in  nature.  The  methods  are  based  on  test  data,  which  have  been  correlated  with  the  aid  of 
the  extension  of  available  theory.  A large  portion  of  the  material  is  related  to  delta  or  modified-delta 
configurations,  since  a major  portion  of  the  pertinent  theory  and  test  results  relates  to  these  planforms. 

In  the  following  group  of  sections  (5.5.1,  5.5.2,  and  5.5.3)  methods  are  presented  for  estimating  the  side 
force,  rolling  moment,  and  yawing  moment  on  specific  types  of  advanced  flight  vehicles  over  the  linear 
sideslip-angle  range  and  at  angles  of  attack  up  to  20°. 

The  pertinent  aerodynamic  forces  and  moments  acting  on  the  vehicle  are  illustrated  on  figure  5.5-6. 
These  forces  and  moments  are  presented  in  a normal-force  axis  system  that  is  introduced  in  Section  4.8. 
The  reference  axes  are  oriented  with  respect  to  the  particular  configuration  under  consideration  such 
that  the  normal  force  is  zero  at  zero  angle  of  attack  and  also  so  that  the  rolling  moment  due  to  sideslip 
is  zero  for  zero  normal  force. 

The  axis  designated  X'  — X'  in  Figure  5.5-6  is  the  zero-normal-force  reference  axis  defined  in  Section 
4.8  as  the  axis  passing  through  the  centroid  of  the  base  area  and  the  most  forward  point  on  the  vehicle 
nose.  If  this  axis  is  parallel  to  the  free  stream,  the  normal  force  acting  on  the  body  is  zero  by  definition, 
and  the  zero-normal-force  angle  of  attack  a^o  is  specified  (see  Section  4.8.1. 1). 

Although  the  position  of  the  axes  such  that  the  normal  force  is  zero  at  zero  angle  of  attack  is  readily 
determined,  there  is  no  accurate  way  of  establishing  the  position  of  the  axes  for  an  arbitrary 
configuration  such  that  the  rolling  moment  due  to  sideslip  is  zero  at  zero  normal  force. 

In  the  sections  that  follow,  the  position  of  the  axis  which  results  in  zero  rolling  moment  due  to  sideslip 
at  zero  normal  force  has  been  defined  by  using  available  test  data.  The  required  axis  position, 
represented  by  axis  0 - 0 of  figure  5.5-6,  is  parallel  to  the  X'  - X'  axis  and  located  at  a 
distance  A from  X'  - X',  where  A is  given  by 


The  data  in  the  following  sections  are  presented  with  respect  to  this  “zero  normal  force  - zero  rolling 
moment”  axis  system.  In  this  axis  system  the  normal-force  coefficient,  angle  of  attack,  side-force 
derivative  with  respect  to  sideslip,  rolling-moment  derivative  with  respect  to  sideslip,  and  yawing-moment 
derivative  with  respect  to  sideslip  are  designated  by  Cn  <*'>  Ky  p>  K/?>  and  K^,  respectively. 


The  lateral-directional  characteristics  for  the  defined  body-axis  system  are  related  to  the  more  familiar 
stability-axis  system  by 


N • % 


= c/„  cos  o'- C sin  a'  - Kv„  — 


V V 


n0 


rp  b 


Kn^  = Cnp  cos  Q'+Cl»  Sin  «' 

For  symmetrical  configurations  (symmetry  about  the  Z = 0 plane) 
a'  - a 


% ■ S 


K'„  * K„„ 
"0  "0 


A general  notation  list  is  included  in  this  section  for  all  sections  included  under 

Section  5.5. 

Sketches  showing  pla.nform  geometry  for  nearly  all  configurations  analyzed  in 
5. 5. 3. 2 are  presented  in  table  4.8-A 

Sections  5.5 

.1.1  through 

NOTATION 

SYMBOL 

DEFINITION 

SECTION 

A 

aspect  ratio  of  surface 

Several 

b 

surface  span 

Several 

Cr 

surface  root  chord 

5.5.3. 1 

5. 5. 3. 2 

\ 

maximum  height  of  base 

Several 

total  length  of  body 

Several 

N’i 

uniform  distribution  of  normal  force  acting  cn  a pure  delta  wing 

5.5. 2.1 

Ni 

concentrated  component  of  normal  force  acting  on  leading  edge  of  a 
pure  delta  wing 

5.5.2. 1 

Ni. 

left  .aading-edge  component  of  concentrated  normal  force 

5.5.2. 1 

SYMBOL 


DEFINITION 


SECTION 


right  leading-edge  component  of  concentrated  normal  force 


effective  radius  of  round  leading-edge  wing,  perpendicular  to  leading 
edge  at  cr/3  from  the  nose  (see  figure  4.8.1. 2-1 1 b) 


S planform  area 

S„  projected  side  area  of  configuration 

Bs 


projected  side  area  of  configuration  forward  of  ,2cr 


Vqo  free-stream  velocity 

(xc  p ) chordwise  distance  from  the  configuration  nose  to  the  center  of 

pressure  of  the  pressure  component  of  the  side  force,  positive  for  c.p. 
aft  of  nose 

xcentroid  chordwise  distance  front  the  nose  of  the  configuration  to  the  centroid 

sfls  location  of  the  projected  side  area,  positive  aft  of  the  nose 


Xcentroidw 


“N0 


chordwise  distance  from  the  nose  of  the  configuration  to  the  centroid 
location  of  the  wing  planform,  positive  aft  of  the  nose 

angle  of  attack  at  zero  normal  force 


a'  angle  of  attack  (a  -aN  ),  (see  figure  4.8-12) 

"o 


/3  angle  of  sideslip,  positive  nose  left 

A 1.  perpendicular  distance  between  zero-normal-force  reference  axis 

X'-X'  and  “zero  normal  force  - zero  rolling  moment”  reference 
axis  0-0,  positive  for  0-0  below  X -X  '(see  figure  5.5-6) 

2.  distance  of  c.p.  of  leading-edge  component  of  normal  force  on  a 
pure  delta  wing,  measured  from  and  normal  to  the  root  chord  (see 
sketch  (b),  Section  5.5.2. 1) 

5^  total  wedge  angle  of  sharp-leading-edged  wing,  perpendicular  to  leading 

edge  at  ct/3  from  nose  (see  figure  4.8. 1.2-1  la) 


effective  wedge  angle  of  sharp-leading-edged  wing,  perpendicular  to 
leading  edge  at  ct/3  from  nose  (see  figure  4.8.1.2-lla) 


5.5. 2.1 


5.5.1 .2 

5.5.2.2 

5.5.3. 1 

5. 5.3. 2 

Several 

Several 


5.5.3. 1 

5. 5.3. 2 


5.5. 2.1 


5.5.3. 1 

5.5.3. 2 


5.5.3. 1 

5. 5.3. 2 


5.5.3. 1 

5. 5. 3.2 

5.5 


5.5 

5.5. 2.2 
Several 

5.5 


5.5.2. 1 


5. 5. 1.2 

5. 5.2.2 

5. 5. 1.2 

5. 5.2.2 


5.5-3 


SYMBOL 


DEFINITION 


SECTION 


average  lower-surface  angle  of  sharp-leading-edged  wing,  perpendicular  5. 5. 1.2 

to  wing  leading  edge  at  c,/3  from  nose  (see  figure  4.8. 1.2-11  a)  5. 5. 2.2 


wing  semiapex  angle 


5.5.2.1 

5. 5. 2. 2 


sweepback  angle  of  wing  leading  edge 


Several 


tip  chord 

taper  ratio, 

root  chord 

skin-friction  coefficient  for  incompressible  flow 


Several 

5.5. 1.1 

5.5.3. 1 


rate  of  change  of  rolling-moment  coefficient  with  sideslip  angle, 
3C» 

-r-r  (stability  axes) 


normal-force  coefficient  — — measured  with  respect  to  zero-normal- 

qS 

force  reference  plane 


5.5. 1.2 

5.5.2. 1 

5.5.2.2 

5. 5. 3. 2 


value  of  coefficient  at  a'  - 20° 


5.5. 1.2 

5. 5. 2. 2 


rate  of  change  of  yawing-moment  coefficient  with  sideslip  angle, 

(stability  axis) 
dp 

3Cy 

rate  of  change  of  side-force  coefficient  with  sideslip  angle,  — ~ 
(stability  axes)  ^ 


rate  of  change  of  rolling-moment  coefficient  with  sideslip  angle, 
dK/ 

—r - , referred  to  the  defined  body  axes 


5.5 

5.5.2. 1 

5. 5.2.2 


valve  of  parameter  for  a pointed-nose  delta  wing 


5. 5. 2. 2 


calculated  valve  of  parameter  at  a’  = 20° 


value  of  derivative  referred  to  zero-normal-force  axis 


S.5.2.2 


5.5-4 


SYMBOL 


DEFINITION 


SECTION 


k; 


k; 


V 


value  of  derivative  near  zero-normal-force 


value  of  parameter  for  pointed-nose  delta  wing 


increment  in  value  of 


of  thin  delta  wing  due  to  nose  blunting 


sideslip-derivative  correlation  factor  for 


at  a'  = 20° 


A T7Jr\ — T increment  in  correlation  factor  at  a'  = 20°  due  to  thickness  effects 

fVc"H» 


rate  of  change  of  yawing-moment  coefficient  with  sideslip  angle, 
3Kn 

-jr  » referred  to  the  defined  body  axes 
op 

value  of  derivative  at  zero  normal  force 


rate  of  change  of  side-force  coefficient  with  sideslip  angle, 
referred  to  the  defined  body  axis 


0Ky 

IT 


value  of  derivative  at  zero  normal  force 


value  of  derivative  at  a'  = 20° 

increment  in  derivative  accounting  for  change  in  or'  from  0 to  20° 


aideslip-derivative  correlation  factor  for  Ky 


0 


at  a'  = 20° 


5.5.2. 1 

5.5. 2.2 


5.5.2. 1 

5. 5. 2.2 


5.5.2. 1 

5. 5.2. 2 


5. 5. 2. 2 


5.5. 2.2 


5.5 

5.5.3. 1 

5. 5.3. 2 


5.5.3. 1 


5.5 

5.5.1. 1 

5.5. 1.2 

5.5.3. 2 

5.5.1. 1 

5. 5. 1.2 

5.5.3. 1 

5.5.1.2 


5.5. 1.2 


5.5. 1.2 
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5.5.1  WING,  WING-BODY  SIDESLIP  DERIVATIVE  Ky0 
5.5.1. 1 WING,  WING-BODY  SIDESLIP  DERIVATIVE  AT  ZERO  NORMAL  FORCE 

A.  SUBSONIC 

This  section  presents  a method,  taken  from  reference  1,  for  estimating  the  sideslip  derivative  KYp  at 
zero  normal  force  for  delta  and  modified-delta  configurations  at  subsonic  speeds. 

The  side  force  at  zero  normal  force  is  assumed  to  be  composed  of  two  parts,  side  force  due  to  skin 
friction  and  side  force  due  to  the  pressures  acting  on  the  configuration.  For  thin  configurations 
(essentially  zero  side  area)  the  side  force  can  be  taken  as  equal  to  the  skin-friction  drag  of  the  wing.  As 
the  thickness  is  increased,  the  influence  of  pressure  distribution  is  introduced  and  the  side  force 
increases.  However,  this  increase  would  be  expected  to  be  relatively  small  until  the  thickness  becomes 
large  enough  so  that  the  flow  separates,  causing  the  pressure  drag  to  become  appreciable.  It  is  reported 
in  reference  1 that  many  attempts  were  made  to  relate  this  phenomenon  to  existing  theories,  but 
without  success.  The  available  theories  are  usually  appropriate  only  when  the  flow  is  attached  or  when 
the  point  of  separation  is  known,  as  in  the  case  of  a thin,  sharp-leading-edged  delta  wing.  For  the  case 
of  a moderately  thick  delta  wing,  the  cross-flow  components  associated  with  sideslip  tend  to  induce 
separation  in  an  unpredictable  manner.  Therefore,  the  method  presented  is  based  on  an  empirical 
correlation  of  available  test  data. 

The  design  chart  presented  was  obtained  by  relating  the  sideslip  derivative  at  zero  normal  force  to  the 
side  area  of  the  configuration.  For  zero  side  area,  KY(3n  is  taken  to  be  equal  to  the  incompressible 

skin-friction  coefficient  of  the  wing.  For  the  purpose  of  the  Datcom,  the  skin-friction  coefficient  of  the 
wing  is  taken  as  Cf  = 0.006.  Therefore,  for  a wing  with  zero  side  area,  KY(JNo  = -0.006  per  radian. 

Factors  which  might  be  expected  to  influence  side  force,  but  which  are  not  isolated  in  the  analysis, 
include  planform  geometry,  aspect  ratio,  section  thickness,  and  camber. 

DATCOM  METHOD 

The  zero-normal-force  sideslip  derivative  Ky.„  of  a delta  or  modified-delta  configuration,  based  on 

PN  o 

planform  area,  is  obtained  from  the  procedure  outlined  in  the  following  steps: 

Step  1.  From  the  configuration  geometry  determine  the  projected  side  area  of  the 
configuration  Sbs  and  the  planform  area  S. 

Step  2.  Obtain  KY(JNq  as  a function  of  Sbs/S  from  figure  5.5. 1.1-6  . 

Values  of  the  zero-normal-force  sideslip  derivative  calculated  by  using  this  method  are  compared  with 
test  results  in  table  5.5.1.1-A.  It  should  be  noted  that  a considerable  amount  of  scatter  was  involved  in 
the  data  correlation  used  to  define  the  design  chart.  A more  accurate  correlation  was  not  obtainable 
because  of  the  limited  availability  of  test  data  and  the  uncertainties  in  the  test  results. 

Sample  Problem 

Given:  The  delta-series  configuration  of  reference  6 designated  D-2.  This  is  a sharp-edged  delta  model  with 
a symmetrical  diamond-shape  cross  section  and  a blunt  trailing  edge. 


5.5.1. 1-1 


2^ 


—(23.0X12.374)  = 142.3  sq  in. 

SB  = \ = ~(23.0)(4.32)  * 49.68  sq.  in. 


Sb 


S 49.68 


S 142.3 
Solution: 


= 0.349 


Ky  = -0.110  per  rad  (based  on  S)  (figure  5. 5.1. 1-6) 


This  compareds  with  a test  value  of  -0.122  per  radian  from  reference  6. 
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TABLE  SS.I.I-A 

SUBSONIC  ZERO-NORM  AL-FORCE  SIDE-FORCE  DERIVATIVE  WITH  RESPECT  TO  SIDESLIP 
DELTA  PLANFORM  CONFIGURATIONS 
DATA  SUMMARY 


Configi/ratioit 


Wing  Along 
2 
1 
4 
6 
8 

Wing  Along 
Wing  Along 
Wing  Along 


b(R  - IS  in.) 


1.076  j 

1.075  j 

1.076  i 

I 

1.076  ■ 

1.868 
1.702  j 

1.074  j 

I 

2.00  I 


ale 

Mgg) 

1 

SB 

Bs 

S 

ky 

% 

N0 

Calc. 

(per  rsdi 

75 

0.386 

-0.150 

75 

0.386 

-0.150 

75 

0.349 

-0.110 

75 

0.386 

-0.150 

65 

0.236 

-0.030 

75 

0.296 

-0.060 

75 

0.282 

-0.051 

63.4 

0.060 

— O.r-'M 

60 

0.115 

-O.OOS 

53 

0.045 

-0.003 

63 

0.050 

-0.004 

76 

0.060 

-0.004 

83 

0.070 

-0.005 

Gothic 

0.125 

-0.009 

60 

0.04S 

-0.003 

60 

0.145 

-0.011 

79.5 

0.491 

-rO.325 

79.6 

0.536 

-0.412 

79.5 

0.491 

-0.325 

79.5 

0,500 

-0.337 

79.5 

0.518 

-0,375 

79.4 

0.528 

-0.396 

Test 
(per  rad) 


0 

0 

O 

0 

0 

0 

-O.017 

-0.336 

-0.413 

-0.344 

-0.321 

-0.372 

-0.401 


Cale.-T«t 
(per  rad) 
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FIGURE  5.5.1. 1-6  SIDE-FORCE  DERIVATIVE  WITH  RESPECT  TO  SIDESLIP  AT  ZERO 

NORMAL  FORCE  - DELTA  AND  MODIFIED  DELTA  CONFIGURATIONS 


P 
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5.5.1J2  WING,  WING-BODY  SIDESLIP-DERIVATIVE 
KY,  VARIATION  WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method  for  estimating  the  effects  of  angle  of  attack  on  the  sideslip 
derivative  Kyfi  of  a delta  or  modifled-delta  planform  re-entry  configuration. 

The  Datcom  method  is  taken  from  reference  1.  An  empirical  correlation  is  presented  for  estimat- 
ing Ky,  at  a'  *200,  and  this  correlation  has  been  related  to  the  normal-force  coefficient  to 
estimate  Kyfi  at  intermediate  angles  of  attack. 

Leading-edge  shape  was  shown  to  have  an  important  influence  on  the  side  force  as  well  as  on  its 
variation  with  angle  of  attack.  A lifting  delta  wing  is  characterized  by  two  vortices  that  extend  aft  of 
the  nose,  at  or  somewhat  inboard  of  the  wing  tips.  These  vortices  move  with  respect  to  the  wing  as  it  is 
sideslipped,  tending  to  remain  fixed  with  respect  to  the  free  stream.  Minimum  pressures  and,  as  a result, 
maximum  local  lifts,  are  observed  in  the  area  immediately  below  the  cores  of  these  vortices.  It  would, 
therefore,  be  expected  that  the  side  force  produced  by  sideslipping  a delta  wing  would  depend  to  a 
significant  degree  upon  the  shape  of  the  wing  below  the  vortices.  For  example,  if  the  minimum  pressure 
acts  on  a region  where  the  surface  of  the  wing  is  doped  so  that  the  contribution  to  side  force  is  large, 
the  value  of  KYff  would  be  expected  to'differ  from  that  observed  on  a configuration  with  flat  upper 
surfaces.  During  the  study  reported  in  reference  1 available  test  results  were  analyzed  in  an  attempt  to 
isolate  this  phenomenon;  however,  the  results  were  not  conclusive.  Therefore,  the  influence  of 
cross-sectional  shape  other  than  that  related  to  leading-edge  rounding  or  leading-edge  angle  is  not 
included  in  the  correlation  curve  presented  in  the  Datcom  method. 

Test  data  show  that  Kyf  tends  to  become  more  negative  as  angle  of  attack  is  increased  for  wings  with 
small  leading-edge  radii,  while  the  opposite  is  true  for  configurations  with  generously  rounded  leading 
edges.  This  phenomenon  can  be  explained  as  follows:  On  a lifting  delta  wing  the  upper-surface  pressures 
on  the  up-stream  leading  edge  decrease  as  the  sideslip  angle  is  increased  and  the  upper-surface  pressures 
acting  on  the  down-stream  edge  increase.  If  the  leading-edge  radius  is  large  so  that  the1  flow  does  not 
separate  readily,  and  so  that  these  pressures  are  effective  over  a relatively  large  area,  the  change 
in  KY0  due  to  increases  in  Cn  ' is  positive.  For  sharper  leading  edges,  the  combination  of  the  flow 
separating  readily  at  the  leading  edges  and  the  small  side  area  in  the  vicinity  of  the  minimum  pressures 
at  the  up-stream  leading  edge  results  in  a reduction  in  KY  f as  Cn  ' is  increased.  This  observation  led  to 
the  development  of  the  estimation  procedure.  Since  the  change  in  KY^  with  Cn  depends  upon  the 
pressure  distribution  produced  by  the  lifting  process,  it  was  assumed  that  a correlation  procedure  could  be 
developed  that  relates  KYfl  to  the  normal-force  coefficient.  The  expression  used  in  the  correlation  proce- 
dure is 


kYo  = kYo  + ( kYo  - ky  ) 

Y0  X V Y02O  Y<V 

Semiempirical  correlation  curves  based  on  the  above  expression  and  test  values  at  a'=  20°  are  presented 
in  the  Datcom  method  for  delta,  and  modifled-delta  wings  with  either  round  or  sharp  leading  edges. 
These  design  charts  are  considered  valid  for  sideslip  angles  between  ±50  and  angles  of  attack  up  to 
200. 
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OATCOM  METHOD 


The  variation  of  the  sideslip  derivative  Ky^  with  angle  of  attack  for  a delta  or  modified-delta  configuration 
at  low  speeds,  based  on  planform  area,  is  obtained  from  the  procedure  outlined  in  the  following  steps: 


Step  1.  Determine  the  effective  leading-edge  angle  5ej_  for  sharp  leading  edges  or  the  effective 
leading-edge  radius  Rj  for  round  leading  edges.  The.se  parameters  are  functions  of 

7LE  1 

the  configuration  geometry  in  a plane  normal  to  the  leading  edge  at  -Cr  from  the  nose. 
The  applicable  configuration  geometry  is  illustrated  on  figures  4.8.1. 2-1  la  and  4.8.1. 2-1  lb. 


Step  2.  Determine  the  variation  of  sideslip  derivative  with  angle  of  attack  by 


5.5.1.2-a 


where 

Ky„  is  the  side  force  due  to  sideslip  at  zero  normal  force  obtained  by  using  the 

^N0  method  of  Section  5 . 5 . 1 . 1 . 

CN-  is  the  normal-force  coefficient  at  angle  of  attack  obtained  by  using  the 

method  of  Section  4.8. 1.2. 

is  the  semiempirical  correlation  factor  for  the  sideslip  derivative  Ky  ? for 
delta  and  modified-delta  configurations.  It  is  presented  as  a function  of 
effective  leading-edge  radius  R j and  SB  /S  for  configurations  with 

jle  s 

round  leading  edges  in  figure  5.5. 1.2-  8,  and  as  a function  of  effective 
leading-edge  angie  5tj.  and  SBs/S  for  configurations  with  sharp  leading 
edges  in  figure  5.5. 1.2-9. 

Sbs/S  is  the  ratio  of  the  projected  side  area  of  the  configuration  to  the 
planform  area. 

It  should  be  noted  that  a considerable  amount  of  scatter  was  involved  in  the  data  correlation  used  to  define 
the  design  charts.  In  the  case  of  sharp-leading-edged  configurations  it  was  necessary  to  estimate  the  nature 
of  the  effect  of  leading-edge  angle  on  the  basis  of  very  few  test  data.  Therefore,  the  accuracy  of  the  design 
chart  for  sharp  leading  edges  (figure  5.5. 1.2- 9)  is  questionable. 

Nonlinearities  in  the  variation  of  side  force  with  sideslip  may  appear  if  the  upper  surface  slope  is  such 
that  spanwise  components  of  normal  force,  due  to  the  negative  pressures  under  the  vortex,  appear  only 
for  a limited  range  or  sideslip  angles.  As  indicated  in  the  introduction,  the  available  data  are  not 
sufficient  to  allow  isolation  of  this  effect.  However,  it  should  be  realized  that  a constant  value 
of  Ky  £ valid  for  0 = ±5°  may  not  be  a useful  representation  of  the  physical  phenomena  involved. 


(<v) 


20 
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The  variation  of  the  sideslip  derivative  KY/S  with  nonr.ai  force  calculated  by  this  method  is  compared 
with  test  data  in  table  S.5.1.2-A. 


Sample  Problem 


Given: 


A delta  model  with  a symmetrical  diamond  cross  section,  a blunt  trailing  edge,  and  round  leading 
edges.  This  is  model  D-6  of  reference  6.  This  is  the  configuration  of  sample  problem  1 of  Section 
4.8. 1.2. 


A = 1.868  b = 22.1 16  in. 

S = 261.95  sq  in. 

R1le  = 0.525  in. 

3 

Sg^  = 61.82  sq  in. 


The  following  variation  of  C^'  with  a from  sample  problem  1 of  Section  4.8. 1.2: 


a 

0 

5° 

10° 

15° 

20° 

<v 

0 

0.2017 

0.4122 

0.6323 

0.8618 

Compute: 

SR  /S  = 61.82/261.95  = 0.236 
“s 


(figure  5.5. 1.1-6) 

0.0237 


•AK^ 

(C»)’ 


KY  = -0.030  per  rad 

^Nn 


R{  / b = 0.525/22.116  = 

TLE 


-0.095  per  rad  (figure  5.5. 1.2- 8) 


Solution: 


9 


(equation  5.5.1.2-a) 


= -0.030  + (-0.095)  (eN)2 


© 

© 

© 

© 

© 

V 

(flivtn) 

(S')2 

©2 

-0.095  (CN.)  2 
-0,096® 

(bated  on  S) 

(par  rad) 

-0.030  + ® 

0 

0 

0 

-0.030 

6 

0.2017 

0.041 

-0.004 

-0.034 

10 

0.4122 

0.170 

-0.016 

■0.046 

16 

0.6323 

0.400 

-0.038 

-0.068 

20 

0.8618 



0.743 

-0.071 

-0.101 

The  calculated  results  are  compared  with  test  values  in  sketch  (a)  and  in  table  5.5.1.2-A. 
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ANGLE  OF  ATTACK,  a (deg) 
SKETCH  (a) 


REFERENCES 


1.  S eager,  D.  B.,  and  Rosa,  R.:  Investigation  of  the  Low-Speed  Stability  and  Control  Characteristics  of  Advanced  Plight  '/ehius» 
ASD-TDR -63-671, 1963.  (C)  Title  Unclassified 

2.  S eager,  0.  B.,  and  Meyar,  J,  E.:  An  Investigation  of  the  Subsonic  Aerodynamic  Characteristics  end  the  Landing  Flare  Maneuver  for 
Hypersonic  Re-entry  Configurations.  ASD-TDR-62-2/1,  1962,  (C)  Title  Unclassified 

3.  Mantz,  K.,  and  Seeger,  O.  B.:  Tests  to  Determine  the  Subsonic  pressures.  Forces  and  Moments  Acting  on  a Hypersonic  Re-entry 
Configuration,  ASD-TDR -62-270,  1962.  (C)  Title  Unclassified 

4.  Mantz,  K . S auger,  D.  B.,  and  Ross,  R.:  Tests  to  Determine  Subsonic  Pressures,  Forces  end  Moments  Acting  or,  a Hypersonic  Re-entry 
Configuration.  ASD-TDR-62-270,  Supplement  1, 1963.  (U) 

5.  Sipe,  O.  E.,  and  Seeger,  0.  B.-  Tests  to  Determine  Subsonic  Aerodynamic  Characteristics  of  Hypersonic  Re-entrv  Configurations. 
ASD-TR-61-485,  1961.  (C)  Title  Unclassified 

6.  Mantz,  D.,  Seeger,  D.  8.,  and  Ross,  R,:  Tests  to  Determine  Subsonic  Aerodynamic  Characteristics  of  Hypersonic  Re-entry 
Configurations.  ASD-TH-61 -485,  Supplement  1,  1963.  (U) 

7.  Graham,  D.,  and  Koenig,  D.G.:  Tests  in  the  Ames  40-  by  80-Foot  Wind  Tunnel  of  an  Airplane  Configuration  With  an  Aspect  Ratio  2 
Triangular  Wing  and  an  All-Movable  Horizontal  Tail  - Lateral  Characteristics.  NACA  RM  A51L03,  1952.  (U) 

8.  Jaquet,  8.  M..  and  Brewer,  J.  0.:  Low-Speed  Static-Stability  and  Rolling  Characteristics  of  Low-Aspect-Ratio  Wings  of  Triangula:  and 
Modified  Plan  Forms  NACA  RM  L8L29,  1949.  !U) 

9.  McKinney,  M.  O.,  Jr.,  and  Orake,  H.  M.:  Flight  Characteristics  at  Low  Speed  of  Delta-Wing  Models.  NACA  RM  L7K07,  1948.  (Ul 

10.  Keating,  R.  F.  A.:  Low-Speed  Wind-Tunnel  Tests  on  Sharp-Edged  Gothic  Wings  of  Aq>ect-Ratio  3/4.  ARC  CP  676, 1961.  (U) 

11.  Goodman,  A.,  end  Thomas,  D.:  Effects  of  Wing  Position  and  Fuselage  Size  on  tha  Low-Speed  Static  end  Rolling  Stability  Characteristics 
of  a Delta-Wing  Model.  NACA  TR  1224,  1955.  (U) 

12.  Whittle,  E.  F.,  Jr.,  end  Lovell,  J.  C.:  Full-Scale  Investigation  of  an  Equilateral  Triangular  Wing  Having  10-Parc*nt  Thick  Biconvex  Ai;  foil 
Sections.  NACA  RM  L8G05, 1948.  (U) 

13.  Olstad,  W.  B..  Mugler,  J.  P„  Jr.,  end  Cahn,  M.  S.:  Static  Longitudinal  and  Lateral  Stability  Characteristics  of  a Right  Triangular 
Pyramidal  Lift'ng  Re-entry  Configuration  at  Transonic  Speeds.  NASA  TN  D-665, 1961.  (U) 

14.  Ware,  G.  M.;  l.ow-Subsonic-Speed  Static  Stability  of  Right-Triangular-Pyramid  and  Half-Cone  Lifting  Reentry  Configurations.  iJASrt 
TN  0-646. 1961.  IU) 

15.  Paulson,  J.  W.:  Low -Speed  Stetic  Stability  and  Control  Characteristics  of  a Right  Triangular  Pyramid  Re-entry  Configuration.  NAJA 
Memo  4-1 1-69L,  1959.  (U) 

16.  Ribner,  H.:  Tha  Stability  Oeriwtivos  of  Low-Aspaet-Rstio  Triangular  Wings  at  Subsonic  and  Supersonic  Speeds.  NACA  TN  1423.  1947 
(U) 

17.  Queijo.M-:  Theoretical  Spen  Load  Distributions  and  Rolling  Moments  for  Sideslipping  Wings  of  Arbitrary  Planform  in  Luv. .•<(.». 

Flow.  NACA  TR  1269, 1956.  iU) 

18.  Jones.R.T.:  Properties  of  Low-Arpect-Ratio  Pointed  Wings  at  Speeds  Below  and  Above  the  Speed  of  Sound.  NACA  TR835,  1946.  (U; 

19.  Edwards,  G.  G.,  and  Savege,  H.  f.\  The  Subsonic  Aorodynemic  Cherecteristics  of  Some  Blunt  Delta  Configurations  with  75°  SweeirUio* 
NASATM  X-581,  1961.  (Cl  Title  Unclassified 

20.  McDevitt,  J.  B.,  end  Rakich,  J.  V.;  The  Aerodynamic  Characteristics  of  Several  Thick  Delta  Wings  at  Mach  Numbers  to  6 and  of 

Attack  to  50°,  NASATM  X-162, 1960.  (C)  Title  Unclaaiifiad 

21.  Hoerner,  S.  F.:  Fluid  Dynamic  Dreg.  Published  by  author,  1958.  (U) 

22.  Goodwin,  F.  K„  end  Kaatteri,  G.  E.:  Estimation  of  Directional  Stability  Derivatives  at  Smell  Angles  end  Subeonic  ard  Supu.o<u 
Speeds.  NASA  Memo  12-2-68A,  1958.  (U) 

23.  Harvey,  J.  K.:  Some  Measurements  on  a Yawed  Slender  Delta  Wing  with  Leading  Edge  Separation.  ARC  20461,  RAM  3160,  Iffim  i!/' 


5.5. i 2 5 


24.  Nomveilai,  T.:  Theoretical  Stability  Derivatives  of  a Highly  Swapt  Delta  Wing  and  Slander  Body  Combination.  Collage  of  Aeronautics, 
Cranfield,  Report  50, 1958.  (U) 

26.  Ornberg,  T.:  A Note  on  the  Flow  Around  Delta  Wings.  Swedish  Technical  Note,  K.T.H.  Aero  TN  38,  1954.  (U) 

26.  Paulson,  J.  W.:  Low -Speed  Static  Stability  Characteristics  of  Two  Configurations  Suitable  for  Lifting  Re-entry  From  Satellite  Orbit. 
NASA  Memo  10-22-58L,  1958.  (C)  Title  Unclassified 

27.  Paulson,  J.  W.,  Shanks,  R.  £.,  and  Johnson,  J.  L.:  Low -Speed  Flight  Characteristics  of  Re-entry  Vehicles  of  the  Glide-Landing  Type. 
NASA  TM  X-331, 1960.  (C)  Title  Unclassified 

28.  Paulson,  J.  W.,  end  Shanks.  R.  £.:  Investigation  of  Low-Subsonic  Flight  Characteristics  of  a Model  rf  a Hypersonic  Boost-Glide 
Configuration  Haying  a 78°  Delta  Wing.  NASA  TN  D-894, 1961.  (U) 

29.  Ware,  G.  M.,  and  Shanks,  Ft . E . : investigation  of  the  Low-Subsonic  Flight  Characteristics  of  a Model  of  a Re-entry  Configuration  Having 
a 75°  Delta  Wing.  NASA  TM  X-684,  1962.  (C)  Title  Unclassified 

30.  Weber,  J.:  Some  Effects  of  Flow  Separation  on  Slender  Delta  Wings.  RAE  Aaro2425,  ARC  18073, 1955.  (C)  Title  Unclassified 

31.  Campbell,  J.  P.,  and  McKinney.  M.  O.:  Summary  of  Methods  for  Calculating  Dynamic  Lateral  Stability  snd  Response  and  for  Estimating 
Lateral  Stability  Derivatives.  NACA  TR  1098, 1952.  (Uj 

32.  Fink,  P.  T.:  Soma  Low  Spaed  Aerodynamic  Properties  of  Cones.  Experiments  done  in  the  Imperial  College  Aeronautical  Laboratory. 
ARC  17,632, 1955.  (C)  Title  Unclassified 

33.  Lae,  G.  H.:  Note  on  the  Flow  Around  Delta  Wings  with  Sharp  Leading  Edges.  ARC  R8tM  3070,  1958.  (U) 

34.  Levacic,  I.:  Rolling  Moment  Due  to  Sideslip.  Pt,  t II.  The  Effect  of  Swsspback  end  Planform.  ARC  9278.  1945.  (U) 


TABLE  6.5.1.2-A 

SUBSONIC  SIDE-FORCE  DERIVATIVE  WITH  RESPECT  TO  SIDESLIP  --VARIATION  WITH  NORMAL  FORCE 

DELTA  PLANFORM  CONFIGURATIONS 
DATA  SUMMARY 


Ref 

Configuration 

A 

ale 

(deg) 

SB 

BS 

S 

Leading 

Edge 

C ' 
CN 

Ky 

Calc. 

(per  red) 

\ 

Test 
(per  rad) 

AKV 

0 

Calc.-T  est 
(per  rad) 

1” 

Round 

— 

0 

-0.150 

-0.224 

0.074 

D-50 

1.076 

75 

0.386 

R1  ' 

1.05  in. 

-LE 

.2 

-0.124 

-0.215 

0.091 

3 

.4 

-0.044 

-0.205 

-0.161 

' 

.6 

0.088 

— 



Round 

6 

D-t 

1.075 

76 

0.336 

o 

-0.150 

-0,107 

-0.043 

R1  ' 

.525  in. 

-LE 

-2 

-0.150 

-0.100 

-0.050 

3 

.4 

-0.150 

-0.117 

-0.033 

.6 



-0.150 

-0.157 

0.007 
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5.5.2  WING,  WING-BOD  V SIDESLIP  DERIVATIVE  K ^ 

5.5.2. 1 WING,  WING-BODY  SIDESLIP  DERIVATIVE  K/ 
NEAR  ZERO  NORMAL  FORCE 


A.  SUBSONIC 

This  section  presents  a method  for  estimating  the  sideslip  derivative  K/0  near  zero  normal  force  for 
delta  and  inodified-delta  configurations  at  subsonic  speeds. 

The  subsonic  rolling  moment  due  to  sideslip  of  a thin  delta  wing  of  vanishing  aspect  ratio  (A  < 1)  with 
sharp  leading  edges  and  a pointed  nose  can  be  satisfactorily  predicted  at  low  lift  coefficients  by  using 
the  method  presented  in  Section  5. 1.2.1.  However,  this  procedure  is  inadequate  for  proposed  re-entry 
configurations.  These  configurations  range  in  aspect  ratio  from  low  values  of  the  order  of  1/2  up  to  2, 
and,  for  the  most  part,  have  thick,  generously  rounded  lifting  surfaces  and  blunt  nose  shapes. 

The  Datcom  method  is  taken  from  reference  1.  The  method  is  semiempirical  and  was  developed  by  first 
describing  the  pertinent  aerodynamic  phenomena  in  terms  of  a conceptual  model  and  then  using 
available  experimental  data  to  adjust  the  final  theoretical  results. 

In  determining  the  rolling  moment  due  to  sideslip  of  thin  delta  wings  near  zero  normal  force,  it  was 
necessary  to  define  the  spanwise  variation  of  the  normal-force  loading  due  to  sideslip,  the  longitudinal 
and  lateral  shifts  in  the  configuration  center  of  pressure  due  to  sideslip,  and  the  effect  of  sideslip  on  the 
total  normal  force.  Briefly,  the  analysis  proceeded  as  follows:  From  symmetry  considerations  and 
experimental  results  it  was  concluded  that  the  total  normal  force  is  independent  of  sideslip  angle  near 
zero  sideslip.  Experimental  data  also  show  that  the  longitudinal  position  of  the  center  of  pressure  does 
not  change  as  the  wing  is  sideslipped  through  small  sideslip  angles.  Therefore,  it  was  concluded  that  the 
change  in  results  because  of  the  spanwise  shifts  in  normal  force.  It  was  then  assumed  that  the 
normal  force  acting  on  a pure  delta  wing  at  zero  siceslip  can  be  divided  into  two  components,  one 
distributed  uniformly  over  the  planform  and  the  other  concentrated  at  the  leading  edge..  The  magnitude 
of  the  concentrated  component  at  any  spanwise  station  is  proportional  to  the  local  chord.  In  accordance 
with  this  concept;  the  resultant  of  the  uniform  load  acts  at  a point  2/3  of  the  root  chord  aft  of  the 
wing  apex,  and  the  resultant  of  the  leading-edge  component  acts  at  a point  1/3  of  the  root  chord  aft  of 
the  wing  apex  (see  sketch  (a)).  It  was  further  assumed  that  when  the  wing  is  sideslipped,  the  center  of 


SKETCH  (a) 
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pressure  of  the  uniform  load  moves  normal  to  the  root  chord  so  as  to  maintain  a line  from  the  trailing 
edge  of  the  root  chord  to  the  center  of  pressure  in  a plane  parallel  to  the  free  stream.  It  was  also 
assumed  that  the  center  of  pressure  of  the  leading-edge  component  moves  normal  to  the  root  chord 
some  distance  A that  is  a function  of  the  angle  of  sideslip  (see  sketch  (b)).  Any  rolling-moment 
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SKETCH  (b) 


contribution  from  the  leading-edge  component  results  from  a normal-force  differential  between  the  right 
and  left  leading-edge  components.  The  lateral  position  of  their  center  of  pressure  is  determined  by 
balancing  their  rolling  moments  about  the  roll  axis.  By  using  the  results  given  in  reference  2 for  the 
variation  of  the  leading  edge  component  of  normal  force  and  the  configuration  geometry  described  by 
sketches  (a)  and  (b),  an  expression  was  derived  for  the  rolling  moment  due  to  sideslip  of  a thin  delta 
wing  near  zero  normal  force.  Finally,  test  data  were  used  to  refine  the  derived  expression. 


The  final  correlation  is  presented  as  figure  5.5.2. 1 -8a  in  the  Datcopi. 


/ 

The  effect  of  n^se  blunting  was  determined  by  analyzing  Simplified  model  wherein  a portion  of  the 
nose  of  a pure  delta  wing  is  removed  by  a straigh^cut  normal  to  the  root  chord.  The  lateral 
center-of-pressure  movement  predicted  by  this  techn>efue  is  different  from  that  observed,  since  actual 
nose  blunting  usually  consists  of  rounding  the  Jcffward  part  of  the  wing  rather  than  cutting  it  oil 
sharply.  Therefore,  an  empirical  factor  was  applied,  based  on  the  results  of  reference  3,  to  compensate 
for  this  difference.  ✓ 

It  would  be  expected  that  thicknessw'ould  influence  rolling  moment  due  to  sideslip.  The  difference  in 
the  pressure  distribution  on  the  upjSer  and  lower  surfaces  of  a lifting  delta  wing  and  the  variation  of  the 
center-of-pressure  locations  dii^do  thickness  shouid  result  in  an  increment  of  rolling  moment  due  to 
sideslip.  However,  during  the  study  reported  in  reference  1 , it  was  not  possible  to  isolate  the  expected 
thickness  effects  with  any  degree  of  confidence.  Therefore,  the  Datccin  method  does  not  include  an 
increment  showing  the  effect  of  thickness  on  rolling  moment. 


The  Datcom  method  is  considered  valid  for  normal-force  coefficients  up  to  0.3. 
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DATCOM  METHOD 


The  rolling  moment  due  to  sideslip  near  zero  normal  force  for  delta  and  inodified-delta  configurations, 
based  on  the  product  of  the  planform  area  and  span  Sb,  at  low  speeds  is  given  by 


(per  radian) 
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where 

C’N  ■ is  the  normal-force  coefficient. 


o 


is  the  ratio  of  the  sideslip  derivative  K’^  at  zero  normal  force  to  the  normal-force  coeffi- 
cient for  .a  pointed-nose  delta  configuration.  This  parameter  is  obtained  from  figure 
5.5.2. 1 -8a  as  a function  of  the  wing  semiapex  angle  6. 


is  the  increment  of  the  ratio  of  sideslip  derivative  to  the  normal-force  coefficient, 

due  to  nose  blunting.  This  parameter  is  obtained  from  figure  5.5.2. 1 -8b  as  a function  of 
the  configuration  semiapex  angle  9 and  the  aspect  ratio.  The  semiapex  angle  is  measured 
as  illustrated  on  figure  5.5.2. 1 -8b  and  the  aspect  ratio  is  that  of  the  blunt-nose 
configuration. 


A comparison  of  the  rolling  moment  due  to  sideslip  near  zero  normal  force  calculated  by  this  method  with 
test  data  is  presented  as  table  5.5.2.1-A. 


Sample  Problem 

Given:  A blunt-nose  delta-wing  model  with  a symmetrical  cross  section  and  a blunt  trailing  edge.  This  is 
model  D-5  of  reference  7. 


A = 1.076  9 * 15° 


S = 160.19  sq  in.  b = 13.13  in. 
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Compute: 


K' 


^ JA 
4 tan  0 


= -0.65  per  rad  (figure  5.5.2. 1 -8a) 

4 tan  15° 


= 1 - 


1.076 


= 0.0041 


% 

L<Vj 


= 0.033  per  rad  (figure  5.5.2. 1 -8b) 


Solution: 


Hi.) 


'SI 

\ 

|Lcn’  . 


+ A 


k; 


(equation  5.5.2.  J -a) 


= -0.65  + 0.033 
- -0.617  per  rad  (based  on  Sb) 

This  compares  with  a test  value  of  -0.556  per  radian  from  reference  7. 

\ REFERENCES 


1.  Sager,  O . B.,  end  Ro«,  P.:  Investigation  of  the  t ow-Speed  Stability  and  Control  Characteristics  of  Advanced  Flight  Vehicles. 
ASDTDH-63-671.  1963.  (Cl  Title  Unclassified 

2.  S eager,  Cv.  B.,  and  Mayer,  J.  E.:  An  Inveat.gition  of  the  Subionic  Aerodynamic  Characteristics  and  the  Landing  Flare  Maneuver  for 
Hypersonic  Reentry  Configurations.  ASD-TDR-62-271,  1962.  (Cl  Title  Unclassified 

* 

3.  Edwards,  G.  G..  and  Savage,  H.  F.:  The  Subsonic  Aerodynamic  Characteristics  of  Some  Blunt  Delta  Configurations  with  75°  Sweepback. 
NASA  TM  X-681, 1961.  <C)  Title  Unclassified 

4.  Mantz,  K.,  and  Seeger,  D.  B.:  Tests  to  Determine  the  Subsonic  Pressures,  Forces  and  Moments  Acting  on  a Hypersonic  Re-entry 
Configuration.  ASD-TDR  62-270.  1962.  (C)  Title  Unclassified 

6.  Mantz,  K.,  Stager,  D.  B.,  and  Ross,  R.;  Tests  to  Determine  Subsonic  Pressures,  Forces  and  Moments  Acting  on  a Hypersonic  Re-entry 
Configuration.  ASD-TDR-62-270,  Supplement  1,  1963.  (U) 

6.  Sipe.  0.  £.,  end  Stager,  D.  B.:  Tests  to  Determine  Subsonic  Aerodynamic  Characteristics  of  Hypersonic  Re-entry  Configurations. 
ASD-TR-61-486,  1961.  [< ) Title  Unclassified 

7.  Mantz,  K„  Stager,  D.  6.,  end  Rots,  fl.:  Tests  to  Determine  Subsonic  Aerodynamic  Characteristics  of  Hypersonic  Re-entry 
Configurations.  ASD  TR -61-485,  Supplamant  1, 1963.  (Ul 

8.  Graham,  D.,  and  Koanig,  D.  G-  Tasts  in  the  Ames  40-  by  80-Foot  Wind  Tunnel  of  an  Airplane  Configuration  with  an  Aspect  Ratio  2 
Triangular  Wing  and  an  All-Mowble  Horizontal  Tail  - Lateral  Characteristics.  NACA  RM  A5.1L03,  1952.  (U) 

9.  Jaquet,  B.  M„  and  Brawer,  J.  D,:  Low  Speed  Static -Stability  and  Roiling  Characteristics  of  Low-A^reet-Ratio  Wings  of  Triangular  end 
Modified  Triangular  Plan  Forme.  NACA  RM  L8L29.  1949,  (U) 


10.  McKinney,  M.  O.,  Jr.,  and  Drake,  H.  M.:  Flight  Characteristics  at  Low  Spend  of  Dalta-Wing  Models.  NACA  RM  L7K07,  1948.  (U) 

1 1.  Jaqget,  B.  M.,  and  Brewer,  J.  O.:  Effects  of  Various  Outboard  and  Central  Fins  on  Low-Speed  Static-Stability  and  Rolling  Characteristics 
of  a Triangular-Wing  Model.  NACA  RM  L9E18,  1949.  (U) 

12.  Keating,  R.  F.  A.:  Low-Speed  Wind-Tunnel  Teats  onSharp-Edged  Gothic  Wings  of  Aspect-Ratio  3/4.  ARC  CP  676,  1951.  (U) 

13.  Goodman,  A.,  and  Thornes, D.:  Effects  of  Wing  Position  and  Fuselage  Siie  on  the  Low-Speed  Static  and  Rolling  Stability  Charactariatics 
of  a Delta-Wing  Model,  NACA  TR  1224,  1955.  (U) 

14.  Tosti,  L.  P.:  Lew  Speed  Static  Stability  and  Damping-irvRoll  Characteristics  of  Some  Swept  and  Unswept  Low- Aspect- Ratio  Wings. 
NACA  TN  1468,  1947.  (U! 

15.  Lange/Wedte:  Test  Report  on  Three-  and  Six-Component  Measurements  on  a Series  of  Tapered  Wings  of  Small  Aspect  Ratio.  (Partial 
Report:  Triangular  Wing.)  NACA  TM  1176,  1948.  (U) 

16.  Whittle.  6.  F„  Jr.,  and  Lovell,  J.  C.:  Full-Scale  Investigation  of  an  Equilateral  Triangular  Wing  Having  10- Percent  Thick  Biconvex  Airfoil 
Sections.  NACA  RM  L8G06,  1948.  (U) 

17.  Olstad,  W.  B„  Mugler,  J.  P.,  Jr.,  and  Cahn,  M.  S.:  Static  Longitudinal  and  Lateral  Stability  Characteristics  of  a Right  Triangular 
Pyramidal  Lifting  Re-entry  Configuration  at  Transonic  Speeds.  NASA  TN  D-665,  1961.  (U) 

4£.  Ware,  G.  M.:  Low-Subsonic-Speed  Static  Stability  of  Right-Trianguler-Pyramid  and  Half-Cone  Lifting  Re-entry  Configurations.  NASA 
TN  0-646, 1961.  (U) 

19.  Paulson.  J.  W.,  end  Shanks,  R.  6.;  Investigation  of  Low-Subwnic  Flight  Characteristics  of  a Modal  of  a Hypersonic  Boost-Glide 
Configuration  Having  a 78°  Delta  Wing.  NASA  TN  D-894, 1961.  (U) 

20.  Paulson,  J.  W.:  Low-Spaed  Static  Stability  and  Control  Characteristics  of  a Right  Triangular  Pyramid  Ra-entry  Configuration.  NASA 
Memo  4-1 1-59L,  1959.  (U) 

21.  Anderson,  A.  E.:  An  Investigation  of  a Large-Scale  Triangular  Wing  of  Aapect  Ratio  Two.  - I.  Characteristics  of  a Wing  Having  a 
Double-Wedge  Airfoil  Section  with  Maximum  Thteknees  at  20Percent  Chord.  NACA  RM  A7F06,  1947.  (U) 

22.  McOevitt,  J.  B.,  and  Rekich.  J.  V.:  The  Aerodynamic  Characteristics  of  Several  Thick  Delta  Wings  at  Mach  Numbers  to  6 and  Angles  of 
Attack  to  50°.  NASA  TM  X-162,  1960.  (C)  Title Unclaasifiad 

23.  Shenks,  R.  E.:  Inveetigetion of  the  Low-Subionic  Flight  Cheracteristica  of  a Modal  of  an  All-Wing  Hypersonic  Boost-Glide  Configuration 
Having  Vary  High  Sweep.  NASA  TN  D-369,  1960.  <U) 

24.  Boiaaeau,  P.  C.:  Investigation  of  the  Low-Subsonic  Flight  Characteristics  of  a Modal  of  a Ra-entry  Vehicle  with  a Thick  Flat  75°  Delta 
Wing  and  a Half-Cone  Fuaelage.  NASA  TN  D-1007,  1962.  (U) 


5.5.2. 1-5 


Revised  June  1969 


5.5.2 .2  WING,  WING-BODY  SIDESLIP-DERIVATIVE  K/ 
VARIATION  WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method,  taken  from  reference  1,  for  estimating  the  sideslip- 
derivative  K/jj  variation  with  angle  of  attack  for  delta  and  modified-delta  configurations  at  subsonic 
speeds. 

The  variation  of  K/'  with  angle  of  attack  for  a thin  delta  wing  is  based  on  the  conceptual  model 
described  briefly  in  Section  5.5.2. 1,  and  the  semiempirical  technique  used  to  obtain  the  variation  of 
normal  force  with  angle  of  attack  is  that  described  in  reference  2.  It  is  shown  in  reference  2 that  the 
longitudinal  position  of  the  center  of  pressure  and  the  distribution  of  the  load  over  the  surface  of  an 
unyawed,  thin  delta  wing  are  both  independent  of  angle  of  attack.  As  noted  in  Section  5.5.2. 1, 
experimental  data  also  show  that  the  longitudinal  position  of  the  center  of  pressure  does  not  change  as 
the  wing  is  sideslipped  through  small  sideslip  angles.  Therefore,  it  was  concluded  that  the  ratio  of  the 
normal-force  component  that  is  considered  to  act  at  the  leading  edge  to  that  uniformly  distributed  over 
the  wing  (see  discussion  in  Section  5.5.2. 1)  does  not  change,  and  that  the  change  in  K /„  with  angle  of 
attack  results  because  of  the  spanwise  shift  in  one  or  both  of  these  normal-force  components  as  the 
angle  of  attack  is  increased.  In  accordance  with  these  considerations,  the  variation  of  the  sideslip 
derivative  K/p  with  angle  of  attack  is  related  to  the  normal-force  coefficient  by 

Wunear 

(<V 

The  technique  used  to  obtain  a correlation  of  normal  force  in  reference  2 (see  Section  4.8. 1.2)  was  then 
applied  to  determine  a reference  value  for  K/p  at  o;'=20o.  The  correlation  parameters  used  were 
leading-edge  radius  and  leading-edge  angle  for  thin  delta  wings  with  round  and  sharp  leading  edges, 
respectively.  It  was  then  assumed  that  the  variation  of  K/'^/Cn  ' within  the  angle-of-attack  range  from  0 
to  20°  is  parabolic.  It  should  be  noted  that  as  the  leading-edge  radius  i pproaches.  zero,  the 
rolling-moment  coefficient  with  respect  to  sideslip  approaches  the  same  value  as  for  a sharp  .Leading  edge. 
Therefore,  a configuration  with  a small  leading-edge  radius  can  be  analyzed  as  one  having,^ sharp  leading 
edge.  / 

As  wing  thickness  is  increased,  the  pressure  distribution  on  the  upper  aridylow.er  surfaces  of  a 
sideslipping  delta  wing  at  angle  of  attack  become  significantly  different.  A couple  will  be  introduced  due 
to  this  pressure  distribution  and  a corresponding  rolling-moment  increment  will  result.  An  empirical 
correlation,  taken  from  reference  1,  is  presented  to  account  for  this  thickness  effect.  This  correlation  is 
based  on  data  at  a'=20°  only;  however,  it  is  applied  over  the  angle-of-attack  range  from  0 to  20°  in 
the  Datcom. 

The  increment  in  rolling-moment  coefficient  with  respect  to  sideslip  due  to  nose  blunting  is  assumed 
invariant  with  angle  nf  attack.  Therefore,  the  effect  of  nose  blunting  is  taken  as  that  presented  in 
Section  5.5.2. 1. 

The  Datcom  method  is  considered  valid  for  sideslip  angles  between  ±10°  and  angles  of  attack  up  to  20°. 


OATCOM  METHOD 


The  sideslip-derivative  K'/tf  variation  with  angle  of  attack  for  a delta  or  modified-delta  configuration  at 
subsonic  speeds,  based  on  the  product  of  planform  area  and  span  Sb,  is  obtained  from  the  procedure  out- 
lined in  the  following  steps: 

Step  1.  Determine  the  effective  leading-edge  angle  5ei  for  sharp  leading  edges  or  the  effective  lead- 
ing-edge radius  R j for  round  leading  edges.  These  parameters  are  functions  of  the 
T ^ j 

configuration  geometry  in  a plane  normal  to  the  leading  edge  at  --  cf  from  the  nose.  The 

applicable  configuration  geometry  is  illustrated  on  figure  4.8. 1.2-1  la  and  4.8. 1.2-1  lb. 


Step  2.  Determine  the  ratio  — | the  sideslip  derivative  K'^  near  zero  normal  force  to 

the  normal-force  coefficient  for  a thin,  pointed-nose  delta  wing.  This  parameter  is  obtained 
from  figure  5,5.2.  l-8a  as  a function  of  the  wing  semiapex  angle  0. 

Step  3.  Determine  the  calculated  value  of  K'^  /CN<  at  a'  = 20°  by 


(per  radian) 


5.5.2.2-a 


where  0 is  the  semiapex  angle  in  degrees  and 


is  obtained  from  step  2. 


Step  4.  Obtain  the  empirical  correlation  factor  for  the  ratio  of  K to  normal-force  coefficient  at 


a ' = 20°.  This  parameter  is  expressed  as 


(VH 


and  is  presented  as  a 


function  of  the  effective  leading-edge  radius  for  configurations  with  round  leading  edges  in 
figure  5. 5.2. 2-1 2a,  and  as  a function  of  leading-edge  angle  for  configurations  with  sharp  lead- 
ing edges  in  figure  5.5.2.2-12b. 


Step  5.  Obtain  the  empirical  correlation  factor  for  the  increment  in  the  ratio  of  K'/^  to  normal- 
force  coefficient  due  to  thickness  effects  at  = 20°,  This  parameter  is  expressed  as 


(V^)* 
IV*) J 


A — — — - — =j — and  is  presented  in  figure  5.5.2.2-13  as  a function  of  the  ratio  of  the 


projected  side  area  of  the  configuration  to  the  plariform  area  Sbc/S. 
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Step  6.  Determine  the  ratio  of  the  increment  in  sideslip  derivative  K '{n  to  the  normal-force  coeffi- 

<’k'i  - 


Step 


cient  due  to  nose  blunting  A 


from  figure  5.5.2. 1 -8b  as  a function  of  the  con- 


figuration semiapex  angle  d and  the  aspect  ratio.  The  semiapex  angle  is  measured  as 
illustrated  on  figure  5.5,2. 1 -8b  and  the  aspect  ratio  is  that  of  the  blunt-nose  configuration. 

Using  the  terms  obtained  in  steps  2 through  6 determine  the  variation  of  the  ratio  of 
K/0  /CN-  with  by 


(per  radian) 


5.5.2.2-b 


where  a ' is  in  degrees. 

Step  8.  Determine  the  variation  of  K'/^  with  angle  of  attack  by 


5.5.2. 2- 


where  is  from  step  7 and  CN • is  the  normal-force  coefficient  at  angle;  of 

attack  obtained  from  Section  4.8. 1.2. 


The  variation  of  the  sideslip  derivative  Kj  with  angle  of  attack  calculated  by  this  method  is  cornpam! 


with  test  data  in  table  5.5.2.2-A.  The  variations  of  CN'  with  angle  of  attack,  used  to  obtain  the  calculated 
values  of  K'j  in  table  5.5.2.2-A,  were  calculated  by  using  the  method  of  Section  4.8. 1.2. 


It  should  be  noted  that  a considerable  amount  of  scatter  was  involved  in  the  data  correlation  used  to 
def.ie  the  design  charts.  In  the  case  of  sharp-leading-edged  configurations  it  was  necessary  to  estimate 
the  nature  of  the  effect  of  leading-edge  angle  on  the  basis  of  very  few  test  data.  Therefore,  the  accuracy 
of  the  design  chart  used  for  sharp  leading  edges  (figure  5.5.2.2-12b)  is  questionable. 


The  lift  distribution  over  a lifting  delta  wing  is  such  that  maximum  local  lifts  occur  in  the  area 
immediately  below  the  cores  of  the  shed  vortices  (see  discussion  in  Section  5.5. 1.2).  Since  these  vortices 
do  not  move  with  the  wing  as  it  is  sideslipped,  the  region  of  high  local  lift  may  act  on  the  surface 
one  sideslip  angle  while  the  wing-vortex  which  produces  it  may  be  outboard  of  the  leading  eog.  m. 


5.5. 2.2-3 


another.  Therefore,  nonlinearities  in  the  variation  of  rolling  moment  with  sideslip  may  exist  with 
low-aspect-ratio  delta  planforms.  The  available  data  are  not  sufficient  to  allow  isolation  of  this  effect. 
However,  it  should  be  realized  that  a constant  value  of  valid  for  0 = ±IQ°  may  not  be  a useful 
representation  of  the  physical  phenomena  involved. 

Sample  Problems 


1.  Round  Leading  Edge 

Given:  A delta  wing  model  of  reference  6 designated  D-6.  This  is  the  configuration  of  sample  problem  1 
of  Section  4.8. 1.2. 


A = 1.868  b = 22.1 16  in. 


S = 261.95  sq  in. 


SBs  * 61.82  sq  in. 


0.525  in. 


9 = 25° 


1^  = 4.32  in. 


The  following  variation  of  CN>  with  a'  from  sample  problem  1 of  Section  4.8. 1.2: 


a ' 

0 

5° 

10° 

15° 

20° 

<v 

0 

0.2017 

0.4122 

0.6323 

0.8618 

Compute: 


K’, 


-0.36  per  rad  (figure  5.5.2. l-8a) 


r 


5.5.2.24 


5. 5. 2. 2-5 


o 


(0.36)  I 


L'iWJ 


+ ({0.655  + 0.10}  [-0.271]  + 0.005) 


= -0,36  + 0.36  — - 0.200  / — 

\20/  l 20, 


- -0.36  + 0.160  I —J  per  rad 


Solution: 


v/  « ITT-/  CN’  (equation  5.5.2. 2-c) 

P \ ' 

- F -0.36  + 0.160  \ 1 C.,  ner  rad 


© 

L " 

© 

\ 20/  -J 

@ 

@ 

© 

0.160(-~^ 

®N 

(bawd  on  Sb) 
aq.  5.6.2.2-c 

a 

CN 

«'/20 

\20/ 

(par  rad) 

(par  rad) 

(dog) 

(fl>van) 

© /20 

0.160  (3)  2 

-036+  ® 

<D  © 

0 

O 

0 

0 

-0.360 

0 

5 

0.202 

0.25 

0.010 

-0.360 

-0.071 

10 

0.412 

0.60 

0.040 

-0.320 

-0.132 

16 

0.632 

0.76 

0.090 

-0.270 

-6.171 

20 

0.862 

1.00 

0.160 

-0.200 

-0.172 

The  calculated  results  are  compared  with  test  values  from  reference  6 in  sketch  (a)  and  in  table  5.5.2.2-A. 
2.  Sharp  Leading  Edge 

Given:  The  hypersonic  boost-glide  configuration  of  reference  8 without  tip  cones  and  ventrals. 

A = 0.74  b = 35.40  in.  S = 1 1 .70  sq  ft  SR  = 3.39  sq  ft 


The  following  variation  of  CN<  with  a',  calculated  by  using  the  method  of  Section  4.8. 1.2 


a ' 

0 

5° 

10° 

15° 

20° 

<v 

0 

0.119 

0.276 

0.471 

0.704 

Compute: 


Kl 


L-Cn  J £ 


= -0.800  per  rad  (figure  5.5.2.1-8a) 


calc 


i 


20 


1 + 


0.152 
tan  9 


k; 


^Nr 


LCn' 


(equation  5.5.2.2-a) 


1 


1 + 


0.152 


(-0.800) 


tan  12° 

- —0.466  per  rad 


JVMa, 


= 0.950  (figure  5.5.2.2-12b) 


SR  IS  = 3.39/11.70  = 0.290 


(S  /Cn) 


20 


P /r r > /.n  \ 


= 0.12  (figure  5.5.2.2-13) 


c - 0 (no  nose  bluntness) 

N Jb 


(-0.800)  1 + ({0.950  + 0.12}[-0.466]+ 0)(~)2 

> 2 : 2 
= -0.800  + 0.800  (~)  - 0.499  (-^L) 

- —0.800  + 0.301  per  rad 

Solution: 


(equation  5.5.2.2-c) 


-0.800  + 0.301 


per  rad 
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© 


“ 

0.30l(-)2 

''20- 

0.301  © 2 

K- 

!P 

a 1 

V 

(given) 

aho 
© /20 

V 

(per  red) 

-0.800  + @ 

(bated  on  Sb) 
mj.  5.5.2.2-c 
(per  rad) 

<D@ 

0 

0 

0 

0 

-0.800 

0 

5 

0.119 

0,26 

0.019 

-0.781 

-0.093 

10 

0.276 

0.60 

0.075 

-0.725 

-0,200 

15 

0.471 

0.76 

0.169 

-0.631 

-0.297 

20 

0.704 

1.00 

0.301 

—0.499 

-0,361 

r 
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TABLE  5.5.2.2-A 


SUBSONIC  ROLLING  MOMENT  WITH  RESPECT  TO  SIDESLIP  — VARIATION  WITH  ANGLE  OF  ATTACK 


DELTA  PLANFORM  CONFIGURATIONS 


OATA SUMMARY 


-• 


Rtf. 

Configuration  j / 

j 

i 

A 

. — l- 

$ 

<d*g) 

SB 

5 

1 s 

! Leading 

! Ed9e 

1 

a i 
(d*g) 

Ki 

‘0 

Cole. 

(per  rad)  j 

K/ 

‘p 

Test 

(per  rad) 

ak  ; 
lp 

Calc.  T est  i 

(pm  rad) 

1 

1 

i 

i 

i 

1 

Round 

i 

; 

1 1 

i ! 

4 

! DS0  ! 1.076 

15 

0.386 

0 

0 

0 

0 

I 

) 

j 

| ‘ 

fl,  « 2. 10  in 

J 

1 

1 

1 

j 

-LE 

; 5 ; 

-0.076 

-0.077 

1 0.001  , 

i 

1 3 

1 

| ! 

1 

; 

: 10 

-o.i4 a 

-0.1 3B 

I -0.010  | 

| j 

i 

1 

i 

1 1 

i 

i 15 

I i 

-0.210 

-0.183 

j -0.027  j 

i ! 

| ^ 

! J 

i 

1 

i 

j i 

! 20 

-0.257 

-0.217 

: -0.045  i 

1 i i 


J 
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5.5,3  WING,  WING-BODY  SIDESLIP  DERIVATIVE  Kn<} 

5.5. 3.1  WING,  WING-BODY  SIDESLIP  DERIVATIVE  K ' AT 
ZERO  NORMAL  FORCE 


A.  SUBSONIC 

This  section  presents  a method,  taken  from  reference  1,  for  estimating  Kn'^N  , the  yawing-moment 
coefficient  with  respect  to  sideslip  at  zero  normal  force,  for  delta  and  modified-delta  configurations  at 
subsonic  speeds. 

The  yawing  moment  due  to  sideslip  is  estimated  by  determining  the  side  force  due  to  sideslip  and 
determining  its  effective  point  of  application.  The  side  force  due  to  sideslip  at  zero  normal  force  is 
estimated  by  using  the  method  of  Section  5. 5. 1.1. 

The  nature  of  the  side  force,  and  consequently  the  location  of  the  center  of  pressure,  is  basically 
different  for  thin  and  for  thick  wings,  As  noted  in  Section  5. 5. 1.1,  the  side  force  at  zero  normal  force  is 
assumed  to  be  composed  of  two  parts,  side  force  due  to  skin  friction  and  side  force  due  to  the  pressure 
acting  on  the  configuration.  For  thin  wings  the  side  force  is  produced  primarily  by  skin  friction,  and  the 
side-force  center  of  pressure  can  be  related  to  the  wing  planform.  As  the  wing  thickness  is  increased,  the 
side  force  is  produced  primarily  by  the  difference  in  pressure  distribution  between  the  right  and  left 
sides.  While  the  wing  planform  area  would  be  expected  to  influence  this  pressure  distribution,  the 
side-area  distribution  has  a major  effect.  In  accordance  with  these  considerations,  the  skin-friction  drag 
component  is  assumed  to  act  at  the  centroid  of  the  planform  area  and  the  pressure-drag  component  at 
the  center  of  pressure  of  the  side  area  of  the  configuration. 

An  empirical  correlation  was  used  to  determine  the  position  of  the  resultant  of  the  side-force 
components.  It  was  assumed  that  the  center-of-pressure  position  of  the  pressure  component  depends 
primarily  on  the  shape  cf  the  side  area  and  that  the  influence  of  other  geometric  parameters  can  be 
neglected.  Test  data  indicated  that  nose  shape  has  an  important  influence  on  this  center-of-pressure 
location,  and  the  final  correlation  is  presented  as  a function  of  the  ratio  of  the  side  area  forward  of  the 
20-percent  root-chord  point  (see  figure  5.5.3. 1-6)  to  the  total  side  area. 

The  zero-normal-force  sideslip  derivative  Ky^  for  very  thin  wings  is  taken  to  be  equal  to  the 

incompressible  skin-friction  coefficient  of  the  wing,  which  is  taken  as  Cf  = 0.006,  so 
that  Ky  £ =-0.006  per  radian,  based  on  planform  area.  This  value  is  maintained  constant  for 

^ ®thin 
wing 

thicker  wings,  since  the  side  force  due  to  pressure  is  much  greater  than  that  produced  by  friction  and  a 
more  accurate  value  of  it  is  not  required. 

DATCOM  METHOD 

The  zero-normal-force  sideslip  derivative  K„  of  a delta  or  modified-delta  configuration,  based  on  the 

0NO 

product  of  planform  area  and  span  Sb,  and  taken  about  an  axis  at  the  nose  of  the  configuration,  is  deter- 
mined from  the  procedure  outlined  in  the  following  steps: 


5.5.3. 1-1 


Step  1.  From  the  configuration  geometry  determine  the  following: 


the  projected  side  area  of  the  configuration 


^SB  ^ the  projected  side  area  of  the  configuration  forward  of  0.2  cr 

x«ntroid  distance  from  the  nose  of  the  configuration  to  the  centroid  location  of 

w the  wing  planform,  positive  aft  of  the  nose 

xc«ntroid  the  distance  from  the  nose  of  the  configuration  to  the  centroid  location  of 
sbs  the  projected  side  area,  positive  aft  of  the  nose 


Step  2.  Determine  Kn  by 

Pv 

No 


Kv.  . * (Kv  t0006)^—: 


x<xntroidc, 


Bg  centroid^ 

~ — 0.006  (per  radian) 

b 

5.5.3.1-a 


where 


is  the  side-force  coefficient  due  to  sideslip  at  zero  normal  force,  obtained 


flN0  from  Section  5. 5. 1.1. 


v /p  is  the  ratio  of  the  center-ot -pressure  location  of  the  pressure  component 
xcentroidg  of  side  force  to  the  centroid  location  of  the  projected  side  area. 

Bs 

This  parameter  is  obtained  from  figure  5. 5.3. 1-6  as  a function  of 
(Sbs).2c/SV 


b is  the  wing  span. 

A comparison  of  Kn?n  ^ calculated  by  using  this  method  with  test  results  is  presented  as  table  5.5.3.1-A. 
The  sideslip  derivatives  Ky^^,  used  to  obtain  the  calculated  values  of  Kii^^  in  table  5.5.3.1-A, 
were  calculated  by  using  the  method  of  Section  5.5. 1.1. 

It  should  be  noted  that  a considerable  amount  of  scatter  was  involved  in  the  data  correlation  used  to  define 
the  center-of-pressure  location  of  the  pressure  component  of  side  force.  For  configurations  with  values 
of  (Sbs)  .2cr/SBs  greater  than  approximately  0.15,  the  location  of  (xc,p,)p  is  not  well  established. 


Sample  Problem 

Given:  A delta-series  configuration  of  reference  6 designated  D-2. 


5.5.3. 1-2 


S - 142.3  sq  in.  = 49.68  sq  in. 

Cj  = 23.0  in.  b = 12.374  in. 

Compute: 

SBs/S  = 49.68/142.3  = 0.349 

Ky  = -0.110  per  rad  (figure  5. 5. 1.1 -6) 

xcen«roidw  = 2c,/3  = 2(23.0)/3  = 15.33  in. 

xcentroid<;  ~ ^Cf/3  - 15.33  in. 

Bs 

’ '",4968  “ 0040 

(%■)„ 

— = 1.04  (figure  5.5.3. 1-6) 


Solution: 


(S»S).!c,  “ l',9“,ln' 

hb  = 4.32  in. 


K'  = ( K. 


0.006) 


(Xc-P-)t 


centroids 


centroid.. 


centroid 


-0.006 


w 


~ (equation  5.5.3. 1 -a) 


5.5.3. 1-3 


= (-0.110  + 0.006)  (1.04) 


15.33 

12.374 


- 0.006 


15.33 

12.374 


= -0.1414  per  rad  (based  on  Sb) 

This  compares  with  a test  value  of  —0.1485  per  radian  from  reference  6. 
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TABLE  5J5.3.1-A 

SUBSONIC  YAWING  MOMENT  DUE  TO  SIDESLIP  AT 
ZERO  NORMAL  FORCE 

DELTA  PLANFORM  CONFIGURATIONS 

DATA  SUMMARY 


! 

i 

Raf. 

" 

Confi^Ufttion 

A 

b 

(in.) 

Sb 

S 

Nh 

xc*ntroielj. 

BS 

(In.) 

xcantroidw 

(in.) 

K ' 

AK  ' 

Calc.-Tait 
(par  rad) 

. 

Calc, 
(par  rad) 

Teat 

(par  rad) 

4 

D60 

1.076 

26.26 

0.3B6 

0.102 

27.66 

29.78 

-0.164 

-0.2407 

0.0767 

9 

D-1 

1.075 

13.13 

0.3B6 

0.102 

13.83 

14.89 

-0.164 

-0.109 

-0.066 

1 

D-2 

1.076 

12.37 

0.348 

0.040 

15.33 

15.33 

-0.141 

-0.1485 

0.0076 

1 

D-S 

1.078 

1813 

0.386 

0.102 

1383 

14.89 

-0.164 

-0.223 

0.069 

D-6 

1.868 

22.12 

0.236 

0.102 

13.83 

15.11 

-0.020 

0.0138 

-0.0338 

WB-1 

1.084 

1Z44 

0.282 

0.129 

11X0 

12.65 

-0.041 

-0.0706 

0.0295 

Mar*  n 

VlP'vl 

1.074 

IU0 

0.282 

0.088 

12.31 

1Z67 

-0.069 

-0.152 

0.093  ! 

WB-4 

1.147 

14.17 

0.293 

0.189 

10.00 

12.11 

-0.006 

-0.073 

0.068 

9 

1 

3.00 

34.00 

0.046 

0.215 

10.46 

15.09 

-0.003 

0 

—0.003 

4 

ZOO 

27.20 

0.060 

0.216 

10.46 

14.72 

-0.003 

0 

-0.003 

6 

1.00 

17.00 

0.060 

0*2115 

10.46 

1081 

-0.006 

0 

-0.006 

8 

0.50 

27.70 

0.070 

0.212 

13.00 

18.47 

-0.004 

0 

-0.004 

10 

Wing  A Ion* 

2.31 

36.50 

0.046 

0.167 

14.40 

21.07 

-0.0033 

-0.0114 

0.0061 

1 

1 

1 

3.00 

69.06 

0.108 

0.207 

1664 

26.24 

-0.003 

-0.012  . 

0.009 

2 

2.00 

48.23 

0.162 

0.207 

2028 

32.15 

-0.004 

-0.0287 

0.0247 

3 

1.33 

39.37 

0.244 

0.207 

24.82 

39.37 

-0.006 

-0.0372 

0.0312 

4 

1.00 

34.09 

0.325 

0.207 

28.66 

46.46 

-0.008 

—0.0344 

0.0264 

a 

0.783 

21.10 

0.636 

0.051 

36.38 

35.38 

-0.718 

-0.743 

0.  .26 

Wbaalc) 

0.783 

21.10 

0.491 

0.061 

36.36 

36.38 

-0.566 

-0.585 

0.019 

b(R-t.6  in.) 

0808 

21.10 

0.500 

0.072 

31.56 

31.56 

-0.624 

-0.672 

0.048 

d 

0.783 

21.10 

0.581 

0.061 

36.36 

36.38 

-0.663 

-0.708 

0.056 

16 

1 

0.780 

21.10 

0.528 

0.061 

36.38 

36.38 

-0.688 

-0.616 

-0.073 

19 

Wing  Alon* 

2 00 

25(ft) 

0.060 

0.128 

10(ft) 

16.671  ft) 

-0.003 

0 

-0.003 
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5. 5. 3.2  WING,  WING-BODY  SIDESLIP-DERIVATIVE  Knfi 
VARIATION  WITH  ANGLE  OF  ATTACK 


A.  SUBSONIC 

This  section  presents  a method,  taken  from  reference  1,  for  estimating  the  sideslip-derivative  K^(  varia- 
tion with  angle  of  attack  for  delta  and  modified-delta  configurations  at  subsonic  speeds. 

Although  the  pressure  distribution  over  a configuration  is  altered  as  a result  of  the  lifting  process,  test 
data  show  that  side-force  center-of-pressure  location  is  not  affected  appreciably  by  normal  force. 
Therefore,  the  change  in  directional  stability  is  attributed  to  the  change  in  side  force  due  to  sideslip  as 
angle  of  attack  is  increased. 

Because  the  location  of  the  side-force  center  of  pressure  is  considered  to  be  independent  of  angle  of 
attack,  the  relationships  established  in  Section  5.5.3. 1 for  determining  the  location  of  the  side-force 
center  of  pressure  at  zero  normal  force  are  also  applicable  to  this  section.  Furthermore,  the  nature  of 
the  breakdown  of  the  side  force  at  zero  normal  force  may  also  be  applied  at  any  angle  of  attack,  and 
the  expression  for  determining  the  directional  stability  at  angle  of  attack  is  the  same  as  that  presented  in 
Section  5.5.3. 1 for  determining  at  zero  normal  force. 

The  Datcom  method  is  considered  valid  for  sideslip  angles  between  ±5°  and  angles  of  attack  from  0 to 

20o. 

DATCOM  METHOD 

The  variation  of  the  sideslip  derivative  with  angle  of  attack,  based  on  the  product  of  planform  area 

and  span  Sb  and  referred  to  a moment  center  at  the  nose  of  the  configuration,  for  a delta  or 
modified-delta  configuration  at  subsonic  speeds  is  given  by 


K.  = (*y.  + 0.006); 


/ y \ centroids 

( V)0  ‘ 


Bg  Accntroidy|y 

— -0.006 (per  radian) 

b 


5.5  3.2-u 


where  Ky^  is  the  side  force  due  to  sideslip  at  angle  of  attack,  obtained  from  Section  5. 5. 1.2,  and  all  the 
remaining  terms  are  described  in  Section  5. 5. 3.1. 

A comparison  of  the  variation  of  Kj,-  with  normal-force  variation  calculated  by  using  this  method  with 
test  data  is  presented  as  table  5.5.3.2-A. 

The  comments  pertaining  to  nonlinearities  in  the  variation  of  side  force  with  sideslip  in  Section  5.5. 1 .2  ubo 
apply  to  the  side-force  center-of-pressure  location. 

Sample  Problem 

Given:  A delta-series  model  of  reference  6 designated  D-2.  This  is  the  < mfiguration  of  the  sample  problem 
of  Section  5. 5. 3.1. 


5.5. 3.2-1 


S = 142.3  sq  in. 


= 49.68  sq  in. 


(SBs).2c  = 1-99  sq  in. 


cx  = 23.0  in.  b * 12.374  in. 


s.x  - 58° 


The  following  results  from  the  sample  problem  of  Section  5.5.3. 1: 


Ky  = -0.1 10  per  rad 
“*0 


(v). 


centroid,. 


= 1.04 


X • 


SBc 


oentroidc  Xcontrotdw 


= 15.33  in. 


S-  /S  = 0.349 


Compute: 
AK„ 


(<v)! 


- 0.335  per  rad  (figure  5.5, 1.2-9) 


20 


Ky  * Ky  + 


AKX 


‘0 


(<V): 


(CN  )2  (equation  5.5.1. 2-a) 


i0 


= - 0.110  + (0.335)  (CN  ) 2 


© 

© 

0 

© 

CN. 

Ml 

O7 

(0.336)  (CN,)2 
0.336  © 

K 

Yo 

(bend  on  S) 

-0.1 10  + (5) 

0 

0 

0 

-0.110 

0.2 

0.04 

0.0134 

-0  097 

0.4 

0.16 

0.0636 

—0,066 

0.6 

0.36 

0.1206 

0.011 

Solution: 


(Ky  + 0.006) 


(Xc.p.> 


centroid- 


centroid. 


centroid- 


0.006 


w 


(equation  5.5.3.2-a) 
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5 6 WING-BODY-TAIL  COMBINATIONS  IN  SIDESLIP 
5.6.1  WING-BODY-TAIL  SIDESLIP  DERIVATIVE  CY  . 

5.6. 1.1  WING-BODY- TAIL  SIDESLIP  DERIVATIVE  Cv,  IN  THE  LINEAR 

ANGLE-OE-ATTACK  RANGE 


The  information  con  taint'd  in  this  Section  is  for  estimating  the  side-force-eurve  slope  L\  . of  w mg-bods-tail  com- 
binations at  low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of  material  presented  ip  other  Sections. 

The  n^thod  of  Section  5.3.1  1 liased  on  the  apparent-mass  concept  for  the  determination  of  increments  in  ('v,-  due 
to  the  addition  of  one  panel  to  an  empennage  is  extended  herein  to  determine  the  total  empennage  sideslip  deriva- 
tive C’v,  at  low  angles  of  attack  resulting  from  the  addition  of  all  the  panels  present  in  the  empennage.  The  meth- 
ods presented  include  the  mutual  interference  effects  of  other  vehicle  components. 

The  main  contributions  to  the  derivative  (\- . "ill  come  frorr,  the  fuselage  and  the  vertical  stabilizers.  The  wing 
contribution  is  a function  of  a‘  and  can  usnalU  be  neglected  at  low  angle  of  attack.  A discussion  of  the  various 
aerodynamic  aspects  associated  with  the  build-up  of  vehicle  components  in  relation  to  side  force  are  discussed 
in  Sections  5.2. 1. 1 and  5.3. 1.1  and  arc  not  repeated  here. 

The  methods  presented  herein  are  bast'd  on  the  pex'edure  of  totaling  the  coefficient  of  the  wing-bodv  configuration 
and  the  incremental  coefficient  of  the  total  empennage  resulting  from  the  addition  of  all  panels  present  in  the  em- 
pennage. 


A.  STBSONIC 

Three  methods  of  estimating  the  subsonic  derivative  CY:  of  a complete  configuration  are  presented,  differing  in 
their  treatment  of  the  incremental  coefficient  of  the  total  empennage.  Methods  1 and  2 treat  the  mutual  interference 
effects  of  the  wing-body  wake  and  sulewash  independently  of  the  body  :>  d horizontal  tail  end-plate  effects  and 
lump  the  total  empennage  increment  into  a single  parameter.  On  the  othi. , hand.  Method  3 utilizes  a build-up  pro- 
cedure to  determine  the  total  empennage  increment  wherein  the  mutual  interference  effects  are  lumped  into  a single 
effectiveness  parameter  for  each  panel  in  the  empennage. 


Method  1 


DAT COM  METHODS 


For  configurations  with  a single  vertical  stabilizer  and  with  horizontal-stabilizer  heignt  ranging  from  positions  on 
the  body  to  the  top  of  the  vertical  stabilizer  or  configurations  w ith  single  vertical  stabilizer  and  with  no  horizontal 
stabilizer  the  side  force  due  to  sideslip  is  given  by 


< v. 


a»u»i> 


where 
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K'v,)^  is  obtained  from  Section  5. 2. 1.1 

<•' Gy  , 1 ls  l*u'  empennage  increment  in  (’Y,  obtained  from  Method  1,  paragraph  A,  Section  5. 3. 1.1 


Method  2 

For  configurations  with  twin  vertical  panels  mounted  on  the  tips  of  a horizontal  tan  or  wing  the  side  force  due  to 
side'lip  is  given  by  equation  o.li.l.l-a 

^ V:  - ^ ^ Vd'vmHH) 

where 


Yd 


''  ^ 'd\(V.HII) 


is  the  total  empennage  increment  m C 


obtained  from  Method  2,  paragraph  A.  Section  5.3.1. 1 


Method  3 


The  estimation  of  the  total  empennage  side-force  derivative  by  this  method  is  based  on  the  apparent-mass  concept 
for  the  determination  of  increments  in  Cy^  due  to  the  addition  of  one  panel  to  an  empennage,  presented  as  Method 
3 of  paragraph  A of  Section  5. 3. 1.1.  That  method  is  extended  herein  to  determine  the  total  sideslip  derivative  Cv, 
resulting  from  the  addition  of  all  panels  present  in  the  empennage.  The  method  is  limited  to  configurations  in  which 
the  horizontal  tail  is  mounted  on  the  body  or  configurations  with  no  horizontal  tail. 


The  total  empennage  contribution  to  Cy^  is  obtained  by  adding  the  increments  gained  by  successive  additions  of 
the  panels  in  the  empennage  to  the  wing-body  configuration.  The  order  of  build-up  should  proceed  as  follows: 


1. 

o 


Determine  the  increment  in 
<ACv^)H(wb) 


Gyp  due  to  adding  the  horizontal  stabilizer  to  the  wing-body  configuration, 


Determine  the  increment  in  Cy^  due  to  adding  the  upper  vertical  stabilizing  surface  to  the  combination  of 
wing,  body,  and  horizontal  stabilizer,  (ACY^)y(WBfJ) 


3.  Determine  the  increment  in  Cy^  due  to  adding  the  lower  vertical  stabilizing  surface  to  the  combination  of 
wing,  body,  horizontal  stabilizer,  and  upper  vertical  stabilizer,  <ACyy5  ) (yWBlIV) 


The  side  force  due  to  sideslip  for  the  complete  configuration  is  given  by 


Cy/3  = + ~P  <ACY/3)p 

where  the  subscript  P refers  to  the  panels  present  in  the  empennage 
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(Cy^)wb  is  obtained  from  Section  5.2. 1.1 

(ACy^l^  is  the  increment  in  Cy^  gained  by  successive  additions  of  the  panels  in  the  empennage  obtained 

from  Method  3,  paragraph  A,  .Section  5.3. 1.1 

For  a wingless  configuration,  (ACy^)  is  based  on  the  vehicle  reference  area  and  the  contribution  of  the  body  to  the 
total  derivative  can  be  obtained  from  Section  4.2. 1.1  as  (CY/;)B  = - <CLa  )B , based  on  the  vehicle  reference  area. 

So.nple  Problems 


1.  Method  1 

Given.  A configuration  of  reference  1 consisting  of  wing,  body,  horizontal  tail,  and  vertical  tail. 


* 


Wing  Characteristics 

= 4.00 

Svs 

- 36.0  sq  in. 

'V.  «H  --  45'’  1 

Horizontal  Tail  Characteristic 

- 2.78 

- 9.0  sq  in. 

z„  • -3.30  in. 
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Vertical  Tail  Characteristics 

Av  = 1-835  Sv  = 5.94  sq  in.  Ac^v  =0  bv  = 3.30  in.  Av  = 1.00 

NACA  65A006  airfoil 

Body  Characteristics 

1b  = 18.25  in.  X!  = 5.83  in.  V^3  - 10.4  sq  in.  d = 1.667  in. 

t 

Additional  Characteristics 

M = 0 60  r,  = 0.8335  in.  x/cv  =.  0.25 


Compute: 

Step  1.  Determine  the  wing-body  contribution  to  CY/3  using  the  method  of  Section  5. 2.1.1. 
K,  - 1.0  (midwing) 

f = = 10.95 

d 

<k3  - k,)  = 0.95  (figure  4.2.1. l-20a) 
x,/iB  = 0.319 

x0/1b  = 0.545  (figure  4.2.1. l-20b) 
xo  = (0.545)  (18.25)  = 9.95  in. 

S0  = - 2.18  sq  in. 

<CT  = K.<CV/, , *"»)  . (ACv.)r  (equation  5.2. 1.1-.1 


- -0.115  per  rad  (based  on  Sw) 


Step  2.  Determine  the  total  empennage  contribution  to  CY/?  using  Method  1.  Paragraph  A,  Section  5.3.1. 1. 
(c|a)y  = 6.57  per  rad  (Section  4. 1.1.2) 

(ctj  v 

k = — — — = 1.05  (ratio  of  incompressible  section  lift-curve  slope  to  2jt) 

bv/2r,  - 1.98 
k a 0.76  (figure  5.3.1  ,l-22d) 

(A) 


' V(H) 


1.50  (figure  5.3.1. l-22a) 
r\v 

(A)y(H)  - 1.50  (Ay)  - 2.75 

S„/Sv  - 1.518 

K„  = 1.06  (figure  5.3.1. l-22c) 
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iflWWffiMriit»tliiitiiinw^rihiiifiwilri>iiiii 


(A) 


V<HB> 


<A)  V(B) 

Sy/S^v  - 0.155 
zw/d  = 0 

A«ff  = (A)v<b) 


= 1.70  (figure  5.3.1.1-22b) 


1 + Kh 


(A) 


V(HB) 


(A)  V(B) 

= 2.75  {1  + 1.06  [1.70-1]  } = 4.79 


(equation  5.3.1.1-a) 


V«B 


[/32  + tan2A0/2v]W  = 3.65 


(Cl^v  , 

= 1.02  per  rad  (figure  4.1 .3.2-49) 

A«ff 

( C La ) v = 4.88  per  rad 

(\  + Si.  _ q 724  + 3.06  S~-~- + 0.4  — + 0.009  A w (equation  5.4. 1-a) 

\ <9/3/  q 1 + co8Ac/4w  d 

= 0.724  + 3.06  (0-^^  t 0 + 0.036 
(1.707) 

= 1.056 

<A(Vv<™»  = -k  (Ct.)v  (1  * g)  ^ (equation  5.3.1.1-b) 

= -(0.76)  (4.88)  (1.056)  (0.165) 

= -0.645  per  rad  (based  on  Sw) 


Solution; 

Cy/3  = <Cy^) wb  + (AC Yyg ) V(wbh)  (equation  5.6.1. 1-a) 

= -0.115  - 0.645 
= -0.760  per  rad  (based  on  Sw) 

The  experimental  results  (based  on  Sw)  from  reference  1,  are  (Cy^l^  = -0.143  per  radian,  (ACY^)V0VBH) 

= -0.716  per  radian,  and  Cyfi  ' -0.859  per  radian. 

2.  Method  2 

Given:  A configuration  of  reference  1,  consisting  of  wing,  body,  horizontal  tail,  and  twin  vertical  tails  mounted 
the  tips  of  the  horizontal  tail.  The  wing  and  body  are  identical  to  those  of  sample  problem  1 and  their 
characteristics  are  not  repeated. 


Vertical  Tail  Characteristics 


bv  = 2.00  in. 

NACA  65A006  airfoil 


by  = 1.00  in. 


SY  = 3.60  sq  in. 
0TB  v = 7 


Ay  = 1.11 


fi 


fi 


bv 


— h®HHbv 

•b„- 


Additional  Characteristics 
0.8335  in.  bH  * 4.80  in.  M = 0.60 


Compute: 

Step  1.  Determine  the  wing-body  contribution  to  CY/3  using  the  Method  of  Section  5.3, 1.1. 
= -0.115  per  rad  (sample  problem  1) 


Step  2.  Determine  the  toU.,  empennage  contribution  to  CYp  using  Method  2,  paragraph  A,  Section  5.3.1. 1. 
b;/bv  = 0.50 


^ = 1.0  (figure  5.3.1.1-24a) 

A 

A„  = 1.11 

(C ypKtft  = 1.78  per  rad  (figure  5.3.1. l-24b) 

2r1/bv  = 0.8335 

bl  = = 0.263 

1b  18.25 


= 0.595  (figure  5.3,1. l-24c) 


ICyfl  ) V(WBH5 

-(0.595)  (1.78) 


2SV 

YP’V'“<  ~S^~ 


lCyrt)  v. 


2(3.60) 

36.0 


= -0.212  per  rad  (based  on  Sw) 


(equation  5.3.1.1-c) 


Solution: 

Cy^  = ^Y/3^wb  + (A C y^ ) V(wbh>  (equation  5.o.l.  1-a) 

= -0.115  - 0.212 
= -0.327  per  rad  (based  on  Sw)' 


5.6.1. 1-5 


The  experimental  results  (based  on  Sw)  from  reference  1 are  (Cy^  )WB  - -0.143  per  radian,  (ACy^)  V(WBH) 
= -0.258  per  radian,  and  cYe  = -0.401  per  radian. 

3.  Method  3 

Given:  The  configuration  of  reference  2,  consisting  of  wing,  body,  horizontal  tail,  and  upper  vertical  tail. 


Wing  Characteristics 


Aw  = 

3.0 

Sw  = 

576  sq  in. 

zw  = 

-2.08  in. 

r = 

0 

Horizontal  Tail  Characteristics 

Ah  = 

4.0 

bH/2 

= 11.21  in. 

ZH  = 

0 

Vertical  Tail  Characteristics 

Ay  = 

1.50 

Av. 

= 1.43 

Sy  = 

153.7  sq  in. 

Sv. 

= 109.7  sq  in. 

Ao/Sy 

t) 

** 

CO 

0 

Xy  = 

0.16 

Ave 

= 0.J89 

by 

= 15.23  in. 

NACA 

L 0003.5-64 

airfoil 

Body  Characteristics 

la  = 

72.0  in. 

*1  = 

54.0  in. 

vr 

= 133.0  sq  in. 

d = 

6.0  in. 

Additional  Characteristics 


M = 0.25  r(  = 2.76  in.  r3  - 2.76  in 

Compute: 

Step  1.  Determine  the  wing-body  contribution  to  CY^  using  the  method  of  Section  5.2.1. 1. 

iS.  = iM®.  = -0.694 
d/2  3.0 

K,  = 1.58  (figure  5.2. 1.1-7) 

f = -?£-  = 12.0 
d 

kj,  - k|  = 0.955  (figure  4.2. 1.1 -20a) 
x,/lB  = 0.75 


5.6. I. 1-6 


(equation  5.2.1.1-a) 


x0/lB  = 0.765  (figure  4.2.l.l-20b) 
x0  - (0.765)  (72.0)  = 55.08  in. 

S°  - 77^  = 28.28  sq  in. 

r,  , ( Body  Reference  Area  \ . „ . 

K|(Uy/3)b  \ — — § /+ 

1 58/<-2)  (0.955)  (28.28)\ /l33,o\ 
l 133.0  576.0  ) 


+ (ACygip 
1+  0 


= -0.1480  per  rad  (based  on  Sw) 


Step  2.  Determine  the  total  empennage  contribution  to  CY^  using  Method  3,  paragraph  A,  Section  5. 3. 1.1  to  deter- 
mine the  contributions  of  individual  panels. 


(c ia)v  = 6.18  per  rad  (Section  4. 1.1. 2) 

= 0.984  (ratio  of  incompressible  section  lift-curve  slope  to  2 n) 


<clA 

K=  277 

2AVe  = 2.86 
2 Av 


C/32  + tan2A0/3v]H  = 3.84 


(C,  ) 

- — -?—¥■  = 0.995  per  rad  (figure  4. 1 .3.2-49) 

2AVe 

<CLa)v  = (0.995)  (2AVe)  = 2.85  per  rad  (based  on  Sv#) 


Determine  the  increment  in  CY^  due  to  adding  the  horizontal  tail  to  the  wing-body  configuration.  In  this  case  the 
empennage  consists  of  the  body  and  the  horizontal  tail.  The  apparent-mass  ratio  to  be  found  is  that  due  to  adding 
the  horizontal  tail  to  the  body,  KH(b>- 

zH/r,  ^ 0 

Kh®)  z 6 (figure  5.3.1.  l-25oo) 

<ACY,>H(WB)  = KH(H)  <Cy»)b  (equation  5.3.1.1-e) 

= 0 

Determine  the  increment  in  CY^  due  to  adding  the  upper  vertical  stabilizer  to  the  wing-body-horizontal  tail  con- 
figuration, In  this  case  the  empennage  consists  of  body,  horizontal  tail,  and  upper  vertical  stabilizer.  The  apparent- 
mass  ratio  to  be  found  is  that  due  to  adding  the  upper  vertical  stabilizer  to  the  combination  of  body  and  horizontal 
tail,  KY(BH)' 

r,/r2  = 1.000;  = 0.246;  (r,/b)v  = 1.000;  (r,/b)v  - 0.181 

bjj/2  «xi<  added 

pant*)  pan«l 


5. 6. 1.1-7 


By  using  the  above  parameters  and  Table  5.3.1.1-A,  KV(BH)  can  be  obtained  from  figures  5.3.1.1-25b,  -‘25c,  and 


-25d  interpolated  for  a value  of 


= 0.246. 


(ACV«) 


y/3^V(WBH)  "KV(BH)  (CLa)v  - 

ow 

= -(1.225)  (2.85)  12&X 
576 


(equation  5.3.1.1-d) 


= -0.665  per  rad  (based  on  Sw) 


Solution: 


■'Y/8  “ ^Y/3^WB  + 


(equation  5.6.1.1-b) 


= <V*  + (ACYy9)H(WB)  + (ACY>3)V(WBH) 

= -0.1480  + 0 - 0.665 
7 -0.813  per  rad  (based  on  Sw) 

The  experimental  results  (based  on  Sw)  from  reference  2 are  (CY/3)  = -0.149  per  radian,  (ACVo) 

= -0.556  per  radian,  and  Cyg  = -0.705  per  radian.  0 WB  ‘ ” ^ V<WBH> 

B.  TRANSONIC 

A brief  discussion  of  the  flow  phenomena  associated  with  forces  generated  on  a vertical  panel  at  transonic  speeds 
i«  given  in  paragraph  B of  Section  5. 3. 1.1.  The  effect  of  wing-body  wake  and  sidewash,  and  the  mutual  interference 
effects  between  component  combinations  at  transonic  sp.  are  extremely  sensitive  to  changes  in  local  contour. 

At  the  present  time  these  effects  cannot  be  predicted  with  accuracy  and  the  vehicle  sideslip  derivative  Cv  is 
usually  obtained  by  wind-tunnel  testing  or  estimated  from  comparison  with  similar  configurations.  0 

DAT COH  METHOD 

No  method  is  available  in  the  literature  for  estimating  the  vehicle  sideslip  derivative  CY„  at  transonic  speeds 
and  none  is  presented  in  the  Datcom.  Some  typical  transonic  data  for  this  derivative  are  Resented  as  figure  5.6.1.1-14. 

C.  SUPERSONIC 

*7  :8trt,nK  **  ^P***0™0  8ideslip  derivative  CY/>  of  a wing-body-tail  configuration  is  essentially 
Uie  same  as  that  at  subsonic  speeds.  The  problem  of  estimating  the  contribution  of  the  empennage  is  complicated 
by  the  presence  of  shock  waves.  This  effect  is  discussed  in  paragraph  C of  Section  5. 3. 1.1. 

DATCOM  METHOD 

The  side  force  due  to  sideslip  for  the  complete  configuration  at  supersonic  speeds  is  given  by  equation  5.6.1.1-b 
CY/3  = “Vwb  + <acY/3)p 

where  the  subscript  p u fers  to  panels  present  in  the  empennage 
(CY^) wb  is  obtained  from  Section  5. 2. 1.1 

(ACY/3)p  are  the  increments  in  CY/3  gained  by  successive  additions  of  the  panels  in  the  empennage  obtained 
from  paragraph  C,  Section  5.3. 1.1 

The  order  of  configuration  build-up  will  generally  proceed  as  outlined  for  subsonic  speeds  (Method  3,  paragraph  A). 

The  one  exception  to  that  build-up  procedure  is  the  case  at  supersonic  speeds  where  the  vertical  panels  are  stag- 
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SL^ing^mtoMct!’ The  My“farthSt  “‘  <U,fer“l  lM!“i0"‘- ln  thi*  cl“'  “le  •>“«' 

10  C0nr,80rl“iOnS  in  Which  the  “1  * mounted  „„  the  bod,  or  configuration.  „ith 


For  a wingless  configuration  the  remarks  following  the  Datcom  methods  of 
at  supersonic  speeds. 


of  paragraph  A above  are  also  applicable 


Sample  Problem 

vertical  Id  C°nfigUrati°n  °f  reference  3 co»^ting  of  wing,  body,  horizontal 


tail  upper  vertical  tail,  and  lower 


Aw  = 3.18 


Ah  ==  3.06 


Av.  - 1.48 


A,.  = 0.2025 


M = 2.01 

ri/r2  ^ 1.170 

= 0.50  sq  in. 


Wing  Characteristics 
114.5  sq  in.  bw  = 19.08  in. 

Horizontal  Tail  Characteristics 
‘U2  in-  zH  = 0.84  in. 

Vertical  Tail  Characteristics 
10.20  sq  in.  ALEy  ^ 49.2° 

Ventral  Tail  Characteristics 
3.24  sq  in.  A,,Ku  = 70.2° 

Additional  Characteristics 


3.24  sq  in. 


sin'1  1/M  = 29.8" 
; 4.63  sq  in. 

• - 0.875 


ri  r 1.75  in. 


zw  = 0 


r = -3.5° 


bv  --  7.08  in.  \v  = 0.392 


by  r 2.56  in.  Ay  = 0 


r2  = 1.496  in. 


S2  = 14.56  sq  in.  S3  = 2.74  sq  in. 
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Compute: 

Step  1.  Determine  the  wing-body  contribution  to  CY/3  . 

The  Dateom  does  not  present  methods  at  supersonic  speeds  that  will  predict  the  side-force  characteristics 
of  the  wing-body  configuration  of  this  sample  problem.  In  such  cases  it  is  suggested  that  test  results  of  a 
similar  configuration  be  used,  if  available,  and  corrected  for  the  difference  in  relative  size  of  the  fuselage 
and  wing  for  the  two  configurations.  If  the  vertiual  location  of  the  wing  ,;ii  the  fuselage  is  not  similar,  a cor- 
rection for  wing-fuselage  interference  must  also  be  made.* 

An  experimental  result  for  (CY(,)wn  is  not  available  for  this  configuration,  llse  is  made  of  the  experimental 
result  for  (CYg)TOH  . However,  the  increment  due  to  adding  the  horizontal  tail  to  the  wing-body  configuration 
will  be  computed  for  the  sake  of  completeness. 

(Cy^)wbh  - -0.315  per  rad  (based  on  Sw) 

test 

Step  2.  Detennine  the  total  empennage  contribution  to  CY^  using  the  method  of  paragraph  C,  Section  5.3. 1.1  to 
determine  the  contributions  of  individual  panels. 


Upper  Vertical  Panel 
2 AV(,  tan  ALrv  - 3.42 

?Di£v  , U585  = „ ^ 

,3  1.744 

/3(CNft)v  =4.10  per  rad 

(figures  4..l.3.2-56c,-56d,  -56e interpolated 
for  - 0.392) 

(CNa)v  " 2-35  per  rad  (based  on  SV)f) 


Lower  Vertical  Panel 
2AU(j  tan  ALEu  - 1-135 


0 


= 0.628 


tan  A IjBlJ 

tan  ALKl,  (CNa)L,  = 1.73  per  rad  (figure  4.1.3.2-56(0 
(CNa ) - 0.622  per  rad  (based  on  Slio) 


Determine  the  increment  in  CY^  due  to  adding  the  horizontal  tail  to  the  wing-body  configuration.  In  this  ease 
the  empennage  consists  of  the  body  and  the  horizontal  tail.  The  apparent-mass  ratio  to  be  found  is  that  due 
to  adding  the  horizontal  tail  to  the  body,  K^). 


(--H-)=  ^-4-  = 0.480;  / — ^ = 0. 

' ri ' 1.75  \b„/2/  4.56 

From  figure  5.3.1.1-25oo,  values  of  ' are  obtained  for  / — ) = 1.0,  0,  - 1.0  at  / — — ) = 0.328 

V r ] / VbH/2/ 

Since  K cliarts  are  not  presented  for  the  case  of  a horizontal  surface  added  to  an  elliptical  body  the  body 
is  considered  circular  and  an  interpolation  is  performed  t.o  obtain 

(77) 


).328 


K 


HCH) 


at( 


0.480* 


K hod  = 0.130 

The  side-force-curve  slope  of  the  body  is  given  by  slender-body  theory.  (Cy.-j = -2  per  rad  (based  on  Slt ) 

3H,,t 


(^C^'hovu)  - ^ non  (Cy^)„ 


(equation  5.3.1.1-g) 


= (0.130)  (-2)/— (0.875) 
\114.5  / 


*Soe  roforence  fi  for  discussion  of  ’design  coiTOctions. 

••See  Method  3,  paragraph  A,  Section  5.3.  1.1  for  interpolation  procedure. 
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= (0.130)  (-2)  >7T)  <I-75).(1.496)  (q.875) 
* l 114.5  J 


= -0.0163  per  rad  (based  on  Sw) 


Determine  the  increment  in  CY/S  due  to  adding  the  upper  vertical  stabilizer  to  the  wing-body-horizontal 
stabilizer  combination.  The  empennage  in  this  case  consists  of  the  body,  horizontal  tail,  and  upper  vertical 
stabilizer.  The  apparent-mass  ratio  to  be  found  is  that  due  to  adding  the  upper  vertical  stabilizer  to  the  body 
and  horizontal  tail,  KV(HB). 

In  the  configuration  sketch  part  of  the  upper  vertical  panel  Si  senses  only  the  wing-body  combination,  while 
S2  senses  only  the  body.  Therefore,  the  effective  apparent-mass  ratio  is  given  by 

Kl  _ j/  S)  y Sj 

V(HB)  - *'V(WB)  r + 1'V(B)  ^ 

bV„ 

Determine  KV(WB): 


0157;(t) 


v 

added 

panel 


0.247; 


u 

existing 

panel 


1.000 


By  using  the  above  parameters  and  table  5.3.1. 1-A  it  is  seen  that  K V(wb)  can  be  obtained  from  figures 

5.3.1. l-25b,  -25c,  -25e,  and  5.3.1. l-25x,  -25y,  -25z,  and  5.3.1. l-25dd,  -25ee,  -25ff,  interpolated  for 

= 0.157  and  r,/r2  = 1.170. 

bw/2 

Kv(wbj  = 1-49 
Determine  K V(B): 


1.170; 


v 

added 

panel 


°.247;(i) 


u 

existing 

panel 


= 1.000 


By  using  the  above  parameters  and  table  5.3.1. 1-A  it  is  seen  that  KV(B)  can  be  obtained  from  figures 

5.3.1.1-25a,  -25w,  and  -25cc,  interpolated  for  ri/r2  = 1.170 

Kvcb)  = 1*27 


KVchb,  = (1-49)(^)  + 
(A  Cy^g)  y(WBH)  = 


(1.27) 


/ 14.57  \ 

\ 19.20/" 


<C*>y  f2- 


1.32 


(equation  5.3.1. 1-f) 


= -(1.32)  (2.35) 

114.5 


= -0.520  per  rad  (based  on  Sw) 

Determine  the  increment  in  CY^  due  to  adding  the  lower  vertical  stabilizer  to  the  wing-body-horizontal 
stabilizer-upper  vertical  stabilizer  combination.  The  empennage  in  this  case  consists  of  body,  horizontal 
tail,  upper  vertical  stabilizer,  and  lower  vertical  stabilizer.  The  apparent-mass  ratio  to  be  found  is  that  due 
to  adding  the  lower  vertical  stabilizer  to  the  combination  of  body, 'horizontal  tail,  and  upper  vertical  stabilizer, 
Kucbhvv 
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In  the  configuration  sketch  part  of  the  lower  vertical  stabilizer  S3  senses  only  the  body,  while  S<  senses  both 
the  body  and  horizontal  tail.  Therefore,  the  effective  apparent-mass  ratio  is  given  by 


ir'  _ 1/ 

1'kU(BHV)  - l'U(B)  = 


+ ^UCBH) 


Determine  KyH): 

(z>  1170:(r) 


u 

added 

p&n^l 


0.685;  / — ^ = 1.000 

V b/ V 

existing 

panel 


By  using  the  above  parameters  and  table  5.3.1.1-A  it  is  seen  that  RU(B)  can  be  obtained  from  figures 
5.3.1. l-25a,  -25w,  and  -25cc,  interpolated  for  ri/r2  = 1.170. 


K 


U.B) 


= 3.0 


Determine  KU(BH); 


u 

added 

panel 


0,685; 


v 

existing 

panel 


1.000;  / = 0.328;  ( ^)  = 0.480 
\bH/2/  KrJ 


Since  the  horizontal  tail  is  located  below  the  body  centerline  and  the  body  is  elliptical,  we  have  a hori- 
zontal tail-body  combination  not  covered  by  the  K charts  of  Section  5.3.1. 1.  To  handle  this  case,  either 
the  body  has  to  be  considered  circular  and  an  interpolation  made  foi  horizontal  tail  height,  or  the  hori- 
zontal tail  has  to  be  assumed  to  be  located  at  the  mid-position  and  an  interpolation  made  between  r j/r2 
ratios.  A comparison  between  figures  5.3.1.1-25d,  -25z,  and  25ff  shows  that  a small  variation  in  cross 
section  has  a significant  effect  on  the  apparent-mass  ratio  in  the  region  of  (r,/b)u  = 0.685.  Therefore, 
an  interpolation  for  body  shape  will  be  made  rather  than  for  horizontal  tail  height. 

From  figures  5.3.1.1-25c,  -2 fid,  -25e  and  5.3.1.1-25y,  -25z,  -25aa  and  5.3.1. l-25ee,  -25ff,  -25gg  obtain 

Kufh)  interpolated  for  — — = 0.328.  An  interpolation  between  those  values  of  KUBH)  gives,  for 
<r,/ra>  = 1.170  b»/2 


Kucbh)  = 3.04 

K'umm  = <3.0>(*£)«  <3.04>(ttf) 

= 3.01 

(ACYo)U(WBHV)  - -K'ufBHV)  1 - (equation  5.3.1. 1-f) 

= -(3.01)  (0.622)  32L 
114.5 

= -0.053  per  rad  (based  on  Sw) 


t) 
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Solution: 


Cyg  = (Cy^g ) WB  + Sp  (ACy^  (equation  5.6.1. 1-b) 

(Cy/g)WB  + ^CY/3)H(WB)  + <ACYj3)V(WBH)  + <ACY/3)u(W[JH%r) 

For  this  sample  problem  use  is  made  of  the  test  result  for  (Cy^  )WBH,  so 

CY/3  = ^Y/3' WBH  + ^^Y/3  ^ VOVBH)  + (^CY/3)u(V(BHV) 

= (-0.315)+  (-0.520)  + (-0.053) 

= -0.888  per  rad  (based  on  Sw) 

The  experimental  result  from  reference  3 is  Cy^  = -0.888  per  radian  (based  on  Sw). 
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5.6. 1.2  WING-BODY-TAIL  SIDE-FORCE  COEFFICIENT 
Cv  AT  ANGLE  OF  ATTACK 

The  wing-body-tail  side  force  developed  at  combined  aagles  is  nonlinear  with  respect  to  both  sideslip  and  angle  of 
attack  for  the  reasons  cited  in  the  introductory  reMHrita  of  Sections  5. 2. 1.2  and  5. 3.1. 2,  and  as  in  those  Sections,  to 
obtain  CY^,  it  is  recommended  that  Cy  be  calcsdatMl  at  several  angles  of  attack  for  a small  sideslip  angle 
</3  < 4°).  Then  at  each  angle  of  attack  the  sida  farce  is  assumed  linear  with  sideslip  for  small  values  of  /3  so  that 


A.  SUBSONIC 

No  method  is  presently  available  for  determining  the  wing-body-Util  side  force  at  large  angles  of  attack  and  sub- 
sonic speeds.  The  method  presented  herei#  is  reported  to  first-order  afr-eximations  at  relatively  low  angles  of 
attack. 

fcklfcp#  METHOD 

It  is  recommended  that  the  method  of  paragraph  A of  Section  5. 6. 1.1  be  used,  with  consideration  given  to  the  angle- 
of  attack  restriction  presented  in  figure  5. 1.1. 1-4. 

B.  TRANSONIC 

The  comments  appearing  in  paragraph  B of  Sectio*  5. 6. 1.1  are  equally  appropriate  here. 


DAtCtfc  METHOD 

No  method  is  available  for  estimating  this  coefficient  «d  none  is  presented  in  the  Datcom. 

C.  SUPERSONIC 

The  analysis  of  wing-body-iail  configuration#  at  eodthited  angles  is  taken  from  reference  1 and  is  accomplished 
thro  igh  a combination  of  the  methods  of  Sections  5. 2. 1.2  and  5.3. 1.2.  Therefore,  the  discussions  in  paragraph  C of 
those  Sections  apply  to  this  Section  as  well.  Note  in  Section  5. 3. 1.2  that  the  method  is  limited  to  configurations 
with  circular  bodies,  and  to  the  analysis  of  horizon!*!  tail  effects  only  when  that  surface  is  body-mounted. 

In  additon  to  the  phenomena  previously  discussed,  three  types  of  interference  exist  between  the  wing  and  tail  sur- 
faces. If  the  vertical  tail  panels  are  in  the  wing-flow  field,  mutual  interaction  occurs  in  the  same  way  as  that  be- 
tween horizontal  and  vertical  tail  panels.  This  effect  is  taken  into  account  through  the  apparent-mass  factor  con- 
cept. Secondly,  there  is  interference  due  to  the  wing-flow  field  which  alters  the  local  dynamic  pressure  and  Mach 
number  acting  on  the  vertical  tail  surfaces.  This  is  a nonlinear  effect  of  angle  of  attack  and  is  taken  into  account 
by  a tail  effectiveness  parameter  17  w based  on  two-dimensional  shock-expansion  theory.  Wing-vertical  tail  inter- 
ference also  results  from  the  effect  of  the  wing-flow  field  on  the  body  vortices.  The  positions  and  strengths  of  the 
body  vortices  are  both  influenced  by  the  wing.  The  wiag-flow  field  cuts  off  the  body  feeding  vortex  sheet  along  the 
length  of  the  exposed  wing  root  chord  and  the  body  vertex  path  is  curved  as  it  passes  through  the  wing-flow  field. 
The  effect  of  the  wing  is  taken  into  account  herein  by  an  approximation  to  the  method  of  reference  2.  It  is  assumed 
that  both  vortex  strengths  and  positions  are  those  about  a body  alone,  foreshortened  by  the  length  of  the  exposed 
wing  root  chord.  This  assumption  satisfactorily  accounts  for  the  effect  of  the  wing-flow  field  on  vortex  strength 
but  neglects  the  effect  of  the  wing-flow  field  in  altering  the  path  of  the  vortices;  however,  the  error  introduced  at 
small  angles  of  sideslip  is  negligible. 

Two  methods  are  discussed  in  reference  2 for  approximating  the  effect  of  the  wing-flow  field  on  the  body  vortex 
positions.  One  method  is  based  on  two-dimensional  shock-expansion  theory  which  precludes  accurate  prediction  of 
lateral  vortex  positions  and  also  restricts  tj&  rq#ui fcs  ^figurations  with  slender  wing  panels.  A second  method 

applicable  to  slender  configuration#  is  suggested  i*  wlich  tke  calculation  of  the  vortex  paths  with  the  wing  panels 
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k*  ' m 


present  can  be  made  by  using  slender-body  theory  and  proceeding  step  by  step.  However,  the  practical  calculation 
of  the  paths  with  any  degree  of  accuracy  requires  the  use  of  automatic  computing  methods. 

Sections  5.2. 1.2  and  5.3. 1.2  have  considered  separately  wing-body  and  tail-body  configurations.  Wing-body-tail 
configurations  may  be  classified  as  either  uncoupled,  coupled,  or  partially  coupled,  depending  on  the  physical 
relationship  between  the  wing-flow  field  and  the  tail.  The  three  classes  of  configurations  are  illustrated  in  sketch 
(a).  For  the  uncoupled  configurations  a body  section  separates  the  wing  from  the  empennage  so  that  the  wing-flow 
field  does  not  directly  impinge  on  the  tail  surfaces.  For  the  coupled  configuration  the  tail  surfaces  are  totally  en- 
veloped in  the  wing-flow  field.  Partially  coupled  configurations  have  partial  coupling  between  the  wing-flow  field 
and  the  tail.  The  primary  difference  between  the  three  classes  of  configurations  in  so  far  as  the  present  theory  is 
concerned  is  that  the  shock-expansion  effects  of  the  wing  on  the  tail  are  neglected  when  dealing  with  uncoupled 
configurations. 

The  wing-flow  field  at  angle  of  attack  and  supersonic  speeds  is  defined  by  the  method  outlined  in  Section  5. 3. 1.2 
for  determining  the  horizontal  tail-flow  field  at  angle  of  attack  and  supersonic  speeds. 
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SKETCH  (a) 

DAT COM  METHOD 

The  method  for  determining  the  wing-body-tail  side-force  coefficient  at  combined  angles  is  given  by 


^VWBHVU  ^VWH  + ^YHVOfWB) 

where 

CYwB  is  the  wing-body  contribution  obtained  from  equation  5.2.1.2-a 

Cyhvwhb)  *8  empennage  contribution  obtained  from  equation  5.6.1.2-b 

The  contribution  of  the  empennage  is  given  by 


^hvuwb)  = CYh(B)  + CYv(7?)  + CYu(7])  5.6.1.2-t 

where 

^Yhcb)  is  the  horizontal  tail  contribution  obtained  from  equation  5.3.1.2-b 

CyV(ij)  is  the  vertical  tail  contribu  ion  obtained  from  equation  5.6.1. 2-c 

Cy,-,  is  the  ventral  fin  contribute  obtained  from  equation  5.6.1.2-d 

The  order  in  which  the  tail  panels  should  be  added  to  the  wing-body  configuration  for  analysis  purposes  parallels 
that  prescribed  in  Section  5. 3. 1.2  for  a tail-body  configuration. 

The  contribution,  of  the  vertical  tail  is  given  by 


Cyv<t,)  = Cyv<k.^)  + CYv<rfe) 

for  uncoupled  configurations,  and  by 


^Yvpj)  = tCYv<JC,^)  + VVy 

for  coupled  or  partially  coupled  configurations; 
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where 


Cvv(rB; 


CYv(JC  ^ accounts  for  a and  fi  cross-coupling  and  any  mutual  interaction  between  the  vertical  tail  and 
other  surfaces  in  the  empennage  and  is  given  by  equation  5.3.1.2-d.  In  addition,  any  impinge- 
ment of  the  wing-flow  field  on  the  vertical  tail  must  be  considered  in  determining  the  effective 
apparent-mass  factor  Ky.  The  method  for  defining  the  wing  flow  field  is  the  same  as  for  the 
horizontal  tail,  and  is  given  step-by-step  in  paragraph  C,  Section  5.3. 1.2.  Note  that  the  upper 
trailing  edge  is  marked  by  a shock  wave  rather  than  a Mach  line. 

CYv(r  j accounts  for  the  effect  of  body  vortices  on  the  vertical  stabilizer,  and  includes  influence  of  the 

wing  on  the  vortex  strength.  The  wing  effect  is  approximated  by  foreshortening  the  body  length 
by  the  exposed  wing  root  chord  cr<)  when  finding  vortex  strength  and  position  from  figures 

a!(x  *-x  — c ) 

4.3.1.3-13b,  4.3.1.3-14,  and  4.3.1.3-15.  That  is,  the  figures  are  entered  with — , 

r 

&(x  -*  x ) 

rather  than — .*  The  results  are  then  applied  to  equations  5.3.1.2-f  and  5.3.1.2-e  to 

r 

obtain  Cyv^.** 

is  the  tail  effectiveness  parameter  of  the  upper  vertical  stabilizer  obtained  from  figure  5.6. 1.2-  9 
as  a function  of  angle  of  attack  and  Mach  number.  These  charts  take  into  account  the  changes  in 
dynamic  pressure  and  Mach  number  at  the  tail  by  direct  application  of  two-dimensional  shock- 
expansion  theory.  Any  effects  of  wing-body  interference  or  wing  section  in  distorting  the  shock- 
expansion  field  are  neglected. 

For  a specified  initial  Mach  number  there  is  a maximum  value  of  the  angle  of  attack  for  which 
there  exists  an  oblique  shock  solution.  Or,  conversely,  for  a specified  angle  of  attack  there  is 
a minimum  initial  Mach  number  for  which  there  is  an  oblique  shock  solution.  The  relation  between 
Mach  number  and  angle  of  attack  below  which  no  solutions  for  17 w may  be  obtained  is  indicated 
in  sketch  (a)  of  Section  5.3.1. 2. 

The  procedure  for  using  these  charts  is 

Step  1:  Draw  on  transparent  paper  the  relative  positions  of  the  wing  exposed  root  chord  and  the 
vertical  surfaces.  Choose  the  scale  so  that  the  exposed  chord  length  coincides  with  that 
shown  in  figure  5.6. 1.2- 9 . 

Step  2:  Overlay  the  drawing  on  the  figure  to  locate  the  tail  in  the  proper  influence  zone. 

Step  3:  The  vertical  tail  is  divided  into  several  areas.  The  average  value  of  pWv  in  each  area 
is  multiplied  by  the  ratio  of  its  area  to  Sve. 

Step  4:  Sum  the  weighted  values  of  7?Wv  to  obtain  the  total  tail  effectiveness  parameter  r)  Wv • 

Step  5:  Interpolation  for  angle  of  attack  and/or  Mach  number  may  be  necessary.  If  so,  a three- 
point  interpolation  for  a should  be  made  using  weighted  values  of  r)Wy.  Two  points 
are  sufficient  for  Mach  number  interpolation. 

The  contribution  of  the  ventral  fin  is  given  by 


CyUCt,)  = CYu 

for  uncoupled  configurations,  and  by 


5.6.1. 2-d 


CyW7)  " CyU 

for  coupled  or  partially  coupled  configurations; 


5.6.1.2-d' 


• If  x„  indicate,  vortex  separation  aft  of  the  exposed  win*  root-chord  leading  edge,  then  only  that  portion  of  or  aft  of  the  Indicated  separation 
point  ia  subtracted. 

••The  vortex  positions  given  by  equation  5.3.1.2-f  are  the  positions  at  a given  longitudinal  station  about  the  body  alone  foreshortened  by  cr 
and  do  not  Include  the  effeota  of  the  wing-flow  field  In  altering  the  paths  of  the  vortices. 
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where 


CYu  accounts  for  a and  /3  cross-coupling  and  any  mutual  interaction  between  the  vertical  tail  ,uul 

other  surfaces  in  the  empennage,  and  is  given  by  equation  5.3.1.2-g.  In  addition,  any  impinge- 
ment of  the  wing  flow  field  on  the  ventral  tail  must  be  considered  in  determing  the  effective 
apparent-mass  factor  K(j. 

Tjwy  is  the  tail  effectiveness  parameter  of  the  ventral  fin  and  is  obtained  from  figure  5.6. 1 ,2-  9 by 

following  the  steps  describing  the  detenu ination  of  >?wv- 

As  noted  in  paragraph  C of  Section  5. 3. 1.2,  the  body  vortices  do  not  affect  the  ventral  fin. 

Values  for  the  incremental  coefficient  resulting  from  the  addilion  of  vertical  tails  to  wing-body  configurations,  cal- 
culated using  the  Datcom  method,  are  compared  with  experimental  results  in  figure  5. 6.  1.2-8.  The  correlation  be- 
tween experiment  and  estimate  is  Relatively  good  at  (3  = 5.1°  and  poor  at  j3  - 10°.  The  poor  correlation  at  /.<  ■■  !0 ' 
can  be  attributed  to  the  assumption  that  the  body  vortex  position*  are  those  about  a body  foreshortened  by  the 
length  of  the  exposed  wing  root  chord.  Thus  assumption  neglects  the  effects  of  the  wing-flow  field  on  the  body 
vortex  positions  and  poor  correlation  can  be  expected  at-higher  sideslip  angles  where  viscous  lateral  cross-flow 
effects  become  important. 


Sample  Probltm 

Given:  Configuration  of  sample  problem,  paragraph  C,  Sections  5.2. 1.2  (with  slight  boattail)  and  5.3. 1.2.  There  is 
no  horizontal  tail  on  this  configuration.  Some  of  the  characteristics  are  repeated.  Find  the  side-force  coef- 
ficient developed  by  the  wing-body-tail  combination  at  a = 12°,  j3  = 4°,  and  M = 2.01. 


bw  = 24.0  in.  cr<j  = 8.90  in. 

Sv<)  = 31.6  sq  in.  SUa  = 8.54  sq  in.  Sj  = 0.40  sq  in.  S2  = 31.2  »q  in.  Sj  = SUo  = 8.54  sq  in. 

x = 32.8  in.  (x  measured  from  no*e  to  50l>ercent-chord  point  of  MAC  oi  exposed  vertical  panel) 

Cywb  = ~0-4Q0  (sample  problem,  paragraph  C,  Section  5.2. 1.2) 

Cy^)  = 0 (noT^Sflfcntal  tail  on  this  configuration) 

At  positive  angle  of  attack,  vertical-tail  exposed  root-chord  leading  edge  is  afl  of  ventral-fin  exposed  root- 
chord  leading  edge. 
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Ventral  fin  is  not  influenced  by  presence  of  upper  vertical  tail  at  this  angle  of  attack  and  Mach  tuimlxar. 
Configuration  is  partially  coupled  at  tiiis  angle  of  attack  and  Mach  number. 


Compute: 


Determine  the  vertical  tail  contribution  CY..,„. 

K7/) 

Ky  = 1.13  (method  of  paragraph  C,  Section  5. 3.1.1  with  S,  - 0.40  sq  in.  and  S2  = 31.2  sq  in.) 

=0.087  figure  5.3.1.2-12  at  (rj/bly  = 0.200) 

(CNa)v  = 2.12  per  rad  (based  on  Sv  ) (sample  problem,  paragraph  C,  Section  5.3. 1.2) 

Sv 


Cyv(K ,d>)  = ^Ky  " K^v  atan  Au.;v]  (-CNa)y  0 


(equation  5.3.1.2-d) 


= (1.13  - (0.687  X 0. 209)  tan  32.5°]  (-2.12)  (0.070) 


\144.0  j 


= -0.0339  (based  on  Sw> 

For  the  purpose  of  finding  vortex  characteristics: 

^ = 10.6  (figure  4.3.1. 3-13a  at  a'  = 12.65°) 

r 

Vortex  separation  is  forward  of  exposed  wing  root-chord  leading  edge. 
a'(x  - xs  - cr ) , no  O _ „ o an  \ . 


= 0.221 _ io 

\ 1.50 


.6  - = 

1.50  / 


= 0.63  (figure  4.3.1,3-14) 


= 1.25  (figure  4.3.1. 3-13b) 


a'(x  - x„  - c.) 


=0.62  (figure  4.3.1.3-15) 

Zva  Vr  J 

4>  = 18.4°  (sample  problem,  paragraph  C,  Section  5-.3.1.2) 

then  the  positions  of  the  body  vortices  at  the  vertical  tail  (neglecting  the  effect  of  the  wing-flow  field  in 
altering  the  paths  of  the  vortices)  are: 


V | 1 "< 

by  by  r 


r zo  , yo  . , 1 

— — cos  0 + — sin  0 

>v  r r J 


(equation  5.3.1.2-f) 


1=^0  [ 1.25 cos  18.4°  + 0.63  sin  18.4°]  = 0.278 
7,48 


yV|  r fz0  , y0 

— = — — sm  0 - — cos  0 (equation  5. 3. 1.2-0 

by  by  I r r 


- IM  [1.25  gin  18.4°  - 0.63  cos  18.4°]  = -0.0408 
7.48 
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(equation  5.3.1.2-f) 


= 1^0  [ i 25  cos  18.4°  - 0.63  sin  18.4°] 
7.48 


0.198 


*4 

by 


= — I — sin  <fi  + — cos  0|  (equation  5.3.1.2-f) 

bvl r r 1 

- LSI  25  Sin  18.4°  + 0.63  cos  18.4°]  = 0.199 
7.48 


iv,  = -0.9 


iva  = -0.6 


(figure  5.3.1.2-13a) 

Aiv  = ivj  - iva  = (-0.9)  - (-0.6)  = -0.3 
cYv(rB)  = Aiv 


r„ 


27;  a'  Vr 


= (-0.3)  (0.62) 


<-CNa)v 

a'Sv.' 

[(7-  *) 

Sw 

(equation  5.3.1.2-e) 


(-2.12)  (0.221)  (31.6) 

i(lf  -,)<l440> . 


= 0.00478  (based  on  Sw) 

Detennine  tail  effectiveness  parameter  tjWv 

By  interpolation  using  figures  5,6. 1.2 -9g,  -9h,  and  -9i,  obtain  r/v,v  = 0.98  (see  steps  1 through  5, 

page  5.6. 1.2-3) 

Cyvt7,,  = tCyv(K,^)  + Cyv(rB)]  (equation  5.6.1.2-c') 

= [(-0.0339)  + (0.00478)]  (0.98) 

= -0.0285  (based  on  Sw) 


Determine  the  ventral  fin  contribution  Cy^ 

K[j  = 3.15  (method  cf  paragraph  C,  Section  5.3. 1.1  with  S3  « SUe  = 8.54  sq  in.) 

= 0 535  (figure  5.3.1.2-12  at  <r,/b)u  = 0.492) 

CNau  = 1.09  per  rad  (based  on  Sue)  (sample  problem,  paragraph  C,  Section  5. 3.1.2) 

Cvy  = CYuck  0)  = [K(j  + atan  ALEu]  (-C^^  /3  (equation  5.3.1.2-g) 

= [3.15  +(0.535)  (0.209)  tan  70° ] (- 1.09)  (0.070)/-^4  ) 

\144.0  / 


= -0.0156  (based  on  Sw) 
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Determine  the  tail  effectiveness  parameter  t)v/v 

By  interpolation  using  figures  5.6.1. 2-9g,  -9h,  and -9i,  obtain  t?W)j  = 1.20  (see  steps  1 through  5, 

page  5.6. 1-2-3) 

CYufrj)  = CYu  t jyiv  (equation  5.6.1. 2-d') 

= (-0.0156X1.20) 

= -0.0187  (based  on  Sw) 

Determine  total  empennage  contribution 

^YjmxwB)  = ^yh(B)  + ^yv(tj)  + ^Yuoj)  (equation  5.6.1.2-b) 

= 0 + (-0.0285)  + (-0.0187) 

= -0.0472  (based  on  Sw) 

Solution: 

^ywbhvu  = ^ywb  + ^yhvuwb)  (equation  5.6.1.2-a) 

= (-0.0400)  + (-0.0472) 

= -0.0872  (based  on  Sw) 

This  compares  with  an  experimental  value  (based  on  Sw)  of  CYwBKVtJ  = -0.096  from  reference  3. 
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5.6.2  WING-BODY-TAIL  SIDESLIP  DERIVATIVE  C/fl 

5.6.2.1  WING-BODY-TAIL  SIDESLIP  DERIVATIVE  C,f  IN  THE  LINEAR 
ANGLE-OF-ATTACR  RANGE 

The  information  contained  in  this  section  is  for  estimating  the  rolling  moment  due  to  sideslip  Qp 
of  wing-body-tail  configurations  at  low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of 
material  presented  in  other  sections.  Discussions  of  the  various  aerodynamic  aspects  of  vehicle 
components  and  component  combinations  in  sideslip  are  presented  in  other  sections  and  are  not 
repeated  here. 

The  effect  of  a horizontal  tail  is  more  important  in  estimating  than  and  C„p,  since  the 
tad  itself  contributes  to  Qf  in  addition  to  affecting  the  vertical-panel  contribution.  The  effect  of 
the  horizontal  tail  on  the  vertical -pan  el  contribution  and  a discussion  regarding  the  effects  of  the 
induced  pressure  field  on  the  horizontal  tail  that  is  generated  by  the  vertical  panel  are  discussed  in 
the  in  troduction  to  Section  5.3.2. 1 and  are  not  repeated  here. 

For  most  configurations  at  subsonic  speeds  the  horizontal-tail  contribution  is  usually  very  small, 
and  reasonable  results  can  be  obtained  when  it  is  neglected.  However,  for  configurations  employing 
a large  horizontal  tail  with  either  significant  twist  and/or  dihedral,  the  contribution  may  be  worthy 
of  consideration.  For  such  a configuration  the  contribution  of  the  horizontal  tail  may  be  estimated 
by  using  the  method  of  Section  5. 1.2.1;  i.e.,  by  treating  the  horizontal  tail  as  an  isolated  wing. 
(Caution  should  be  exercised  to  make  certain  the  horizontal-tail  contribution  to  Qp  is  converted 
to  the  same  reference  area  and  length  Swbw  as  the  wing-body  contribution,  before  adding  them 
together.)  However,  since  the  horizontal-tail  contribution  is  very  small  for  most  configurations  in 
the  subsonic  speed  regime,  the  method  presented  here  neglects  its  contribution. 

At  transonic  and  supersonic  speeds  the  horizontal-tail  contribution  should  not  be  neglected.  At 
transonic  speeds  the  pressure  field  of  the  entire  horizontal  surface  is  affected  by  the  presence  of  the 
vertical  panel;  while  at  super  inic  speeds  the  effects  are  restricted  to  regions  on  the  horizontal  | 
surface  within  boundaries  defined  by  the  shock-wave  pattern  of  the  vertical  tail.  Because  of  the  J 
complexity  of  the  problem,  no  method  is  presented  at  transonic  speeds.  The  method  presented  at 
supersonic  speeds  does  not  include  the  contribution  of  a horizontal  tail;  however,  the  effect  of  the  j 
horizontal  tail  on  the  vertical-tail  contribution  is  accounted  for  as  in  Section  5.3.2. 1. 

The  methods  presented  are  similar  to  those  of  Section  5.6. 1.1,  in  that  the  derivative  of  the 
configuration  is  given  as  the  sum  of  the  contributions  of  the  wing-body  combination  and  the  ! 
empennage  combination.  The  method  of  estimating  the  empennage  contribution  to  C/s  is  similar 
to  that  for  estimating  the  empennage  contribution  to  Cnp  in  Section  5 .6.3.1 . That  is, the  side-force 
contributions  of  the  panels  of  the  empennage  are  multiplied  by  an  appropriate  moment  arm  to 
obtain  their  individual  contributions  to  the  derivative  Q fl. 

A.  SUBSONIC 

The  method  of  estimating  the  subsonic  values  of  the  empennage  contribution  to  the  derivative  Qlfj 
is  based  on  the  values  of  CYff  estimated  by  the  methods  of  Paragraph  A of  Section  5.3. 1.1.  If  the 
apparent-mass-concept  method  (Method  3,  Paragraph  A,  Section  5. 3. 1.1)  is  used,  the  build-up 
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procedure  outlined  in  Method  3 of  Paragraph  A of  Section  5,6. 1.1  must  be  applied  in  determining 
the  individual  side-force  derivatives,  with  one  exception.  That  is,  the  horizontal-tail  increment  is  not 
to  be  expressed  explicitly  as  a contributing  term  in  the  total  empennage  contribution;  however,  the 
effect  of  the  presence  of  the  horizontal  tail  must  be  considt  ed  in  computing  the  contributions  of 
the  vertical  panels. 

For  most  configurations,  the  presence  of  flaps  at  a given  lift  coefficient  causes  C/(J  to  become  a 
larger  negative  value  (see  References  1 through  7).  The  exceptions  to  this  are  a few  cases  at  iow  lift 
coefficients  where  Qp  becomes  a lower  negative  value  (References  8,  9,  and  10).  However,  the 
incremental  changes  in  C/fl  vary  dramatically  with  variations  in  lift  coefficient  for  different 
configurations.  This  variation  in  the  incremental  change  in  with  flaps  extended  prevents  the 
formulation  of  a hand  procedure  to  estimate  the  flap  effects  on  C/p. 

Comparison  of  the  subsonic  method  presented  here  with  available  flight-test  data  (References  1 1 
through  15)  supplements  the  substantiation  of  the  method  based  on  wind-tunnel  data  that  is 
presented  in  Sections  5.2.2. 1 and  5.3.2. 1.  A typical  comparison  of  flight-test  data  (Reference  1 1) 
with  the  predicted  variation  of  Ci0  as  a function  of  CLtfjm  is  shown  in  Sketch  (a). 


Cltrim 


As  implied  in  the  introduction  to  this  section,  the  Datcom  method  at  subsonic  speeds  is  applicable 
to  a configuration  with  a horizontal  tail  in  the  empennage. 

DATCOM  METHOD 

The  rolling  moment  (about  the  longitudinal  stability  axis)  due  to  sideslip  of  a wing-body-tail 
configuration,  referred  to  an  arbitrary  moment  center  and  based  on  wing  area  and  wing  span,  is 
given  by 
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' z„  cos  a - P sin  <x ' 

(4S), 

p p 

bw 

where 


p is  the  subscript  referring  to  the  vertical  panels  present  in  the  empennage  (either 

an  upper  vertical  stabilizer  V or  a lower  vertical  stabilizer  U). 


is  the  contribution  of  the  wing-body  configuration  to  the  total  rolling  moment 
due  to  sideslip,  obtained  from  Paragraph  A,  Section  5.2.2. 1. 


'ACy  is  the  side  force  due  to  sideslip  of  the  added  vertical  panel  determined  as 

1 ' follows: 


For  configurations  with  the  horizontal  panel  mounted  on  the  body  or  for 
configurations  with  no  horizontal  panel,  use  Method  1 or  Method  3,  Paragraph 
A,  Section  5. 3.1.1.  If  Method  1 of  Paragraph  A of  Section  5.3. 1.1  is  used,  the 
total  empennage  increment  is  given  by  a single  term.  If  Method  3 of  Paragraph 
A of  Section  5.3. 1.1  is  used,  the  build-up  procedure  outlined  in  Method  3 of 
Paragraph  A of  Section  5.6. 1.1  must  be  applied  to  determine  the  individual 
increment  of  each  added  vertical  panel*. 

For  configurations  with  a horizontal  panel  mounted  on  the  vertical  panel,  use 
Method  1,  Paragraph  A,  Section  5.3. 1.1.  The  total  empennage  increment  is 
given  by  a single  term. 

For  configurations  with  twin  vertical  panels  mounted  on  the  tips  of  a 
horizontal  panel,  use  Method  2,  Paragraph  A,  Section  5. 3. 1.1.  The  total 
empennage  increment  is  given  by  a single  term. 

zp  is  the  distance  measured  normal  to  the  longitudinal  body  axis  between  the 

moment  reference  center  and  the  MAC  of  the  vertical  panel,  positive  for  the 
panel  above  the  body. 

2p  is  the  distance  parallel  to  the  longitudinal  body  axis  between  the  vehicle 

moment  center  and  the  quarter-chord  point  of  the  MAC  of  the  vertical  panel, 
positive  for  the  panel  aft  of  the  vehicle  moment  center.** 

bw  is  the  span  of  the  wing. 


All  geometry  used  in  determining  the  moment  arms  for  the  above  method  is  based  on  the  vertical 
panel  extended  to  the  body  center  line. 


•Sea  remarks  of  Psregrspti  A above,  regarding  horiiontei -panel  effects  when  i -sing  Method  3 of  Paragraph  A of  Section  5.3.1 .1 . 
**Tha  aerodynamic  center  of  the  vertical  panel  could  be  used,  but  the  inaccuracies  of  the  basic  method  do  not  warrant  this  degree  ol 
refinement. 


For  a wingless  configuration,  bw  is  replaced  by  the  vehicle  reference  length,  i ACYfl)p  is  ba<:«d  on 
the  vehicle  reference  area,  and  the  contribution  of  the  body  alone  to  the  total  derivative  may  be 
ignored. 


Samoto  Problem* 


1.  Given:  A configuration  of  Reference  16  consisting  of  a wing,  body,  horizontal  tail,  and 
vertical  tail.  This  is  the  same  configuration  as  that  of  Sample  Problem  1,  Paragraph 
A,  Section  5.6. 1.1.  Some  of  the  characteristics  are  repeated. 


Wing  Characteristics: 

Aw  = 4.0  Sw  - 36.0  sq  in. 


bw  = 12.0  in. 


40.9° 


r = 0 


z^  = 0 (midwing) 


Additional  Characteristics: 


M = 0.60  «v  = 6.035  in.  zy  - 1.65  in. 


CL 

a (cteg) 
(«tt) 

0 

0 

0.1 

1.55 

0.2 

3.20 

0.3 

4.66 

Xw  = 0.30 


£f  * 14.3  in. 


Compute: 


— = 1.192 
bw 


-0.0035  perdeg  (Figure  5.1.2.1-27) 


cos  Ac/2  = 0.755 

M cos  A_n  = 0.453 

w 


'w 


cos  A 


'c/2 


W 


5.30 
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Kma  “ 1 035  (Figure  5. 1.2.1 -28a) 
Kj  * 0,91  (Figure  5.2.2.1-26) 


( 


a 


C J * - 0.001  (Figure  5.1.2. l~28b) 

* I® 


N 


WB 


'■c/2 


W 


per  deg  (Equation  5.2.2. 1-c) 


CL  K-0.0035)  (1.035)  (0.91)  + (-0.001)] 


* -0.0043  CL  per  deg 

( Cya)v(wbh)  0.645  per  rad  (Sample  Problem  1 , Paragraph  A,  Section  5.6.1 .1) 
= -0.01 125  per  deg  (based  on  Sw ) 

Solution: 


S m (S)wB  + 

'(cvh. + (iCv,) 


/AC,  \ \ "p 


t 


z cos  cz  - £ Sin  a ' ! 


(Equation  5.6.2. 1-a) 


V(WBH) 


= -0.0043  C + (-0.01125)  ( 
0 0 0 <© 


Zy  cos  a - £v  sill  a i 

J 

1.6S  cos  a - 6.035  sin  a 
12.0 


ce 

01 

<<*0) 

(%u 

(par  dag) 

-0.0043  (7) 

*v  coaa 
(tn.) 

«v  a 

0.0 

*v  co*  a - Sy  tin  a 

bW 

f©  -0J/12.O 

0 

0 

0 

1.660 

0 

0.1376 

0.1 

1.55 

-0.00043 

1.649 

0.163 

0.1236 

0.2 

3.20 

-0.00086 

1.647 

0.337 

0.1090 

03 

4.66 

-0.00129 

1.644 

0.490 

0.0962 

per  deg  (based  onSwbw) 

0 ® 


( (WBH) 
(wr  dag) 

-0.01126  (e) 


-0.00166 

-0.00139 

-0.00123 

-0.00108 


P 

(par  dag) 

0 + 0 


-0.00166 

-0.00182 

-0.00209 

-0.00237 


These  results  are  compared  with  experimental  results  from  Reference  16  in  Sketch  (b). 
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0 


2 


a,  deg 


4 


6 


-0.004 


m 


WBHV 


SKETCH  (b) 

2.  Given:  The  configuration  of  Reference  17  consisting  of  a wing,  body,  horizontal  tail,  and 
vertical  tail.  This  is  the  same  configuration  as  that  of  Sample  Problem  3,  Paragraph 
A,  Section  5.6. 1.1.  Some  of  the  characteristics  are  repeated. 

Wing  Characteristics: 

Aw  - 3.0  Sw  = 576sqin.  bw  - 41.56  in.  Xy,  *-  0 

Ac/2w  = 33-6°  I’  = 0 zw  = -2.08  in. 

Additional  Characteristics: 

M = 0.25  Cv  - 24.89  in.  zv  = 5,78  in.  = 51.13  in. 

d = 6.0  in.  h = 6.0  in. 


c. 

4 

L 

(«•«( 

0 

0 

0.1 

2.0 

0.2 

4.0 

0.3 

6.> 

Compute: 


= 1.23 
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\c,  } A = -0.0027  per  deg  (Figure  5.1.?.  l-27c) 
Ac/2w 


cosAc/2^  * 0.8329 

M cos  Ac/2  = 0.2082 

w 


cos  A. 


e/2 


W 


- 3.60 


KMA  b 1 000  (Figure  5,1.2. l-28a) 

Kj  = 1.000  (Figure  5.2.2.1-26) 


55  - 0.001 


(Figure  5.1.2. J-28b) 


1.2 yOf  zw  '2d' 

~573~  ~b~  (T)  pPr  deg  <E9»ation  5 

_ (JJ)  d.732)  /-2.08  \ 

57.3  \41 .56/  (0,2885) 


.2.2. 1-c) 


— — 0.000S24  per  deg 


9 /WB 


= C, 


per  deg 

(Equation  5.2.2.1-c) 


CL  [(  0.0027)  (1.00)  (1.00)  + ( -0.001)1  + (-0.00052) 


~ -0,0037  CL  - 0.00052 


ACyp)v(wbh,  = °-M>5perrad  (Simple  Problem  3,  Psragraph  A,  Section  5.6. 1. 1) 

= - 0.01 16  per  deg  (based  ofl  S*  ) 
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1 


a 


Solution: 


z_  cos  « — £ sin  a i 

_p p 

bw  I 


(Equation  5.6.2. 1-a) 


IZy  cos  a - fiy  sin  a i 

j 

- -0.0037  C,  - 0.00052  +(-0.0116)  I h]l^SLZ^2A^) 
L \ 41.56  / 

per  deg  (based  on  Sw  bw ) 


k. 


0 © 0 


o 

o.i 


a 

(deg) 


0 

2.0 

4.0 

B.7 


<U. 

(per degl 
-0.0037  (T) 
-0.00062 


-0.00052 

-0.00089 

-0.00126 

-0.00163 


0 


(in.) 


5.780 

5.777 

5.766 


0 0 0 0 


v«ina 

(in.l 

*v  eo«  a - ty  *in  a 

C *0^(W8H) 

(per  deg) 
-0.01185  (?) 

% 

(per  deal 

0+® 

bw 

[0  -0]/41.56 

0 

0.1300 

-0.00161 

-0.00213 

0.870 

0.1180 

-0.00137 

-0.00226 

1.740 

0.0069 

-0.00112 

-0.00238 

2.475 

0.0790 

L 

-0.00092 

-0.00255 

0.3 


5.752 


0.870 

1.740 

2.475 


B.  TRANSONIC 


A brief  discussion  of  the  flow  phenomena  associated  with  the  forces  generated  on  vertical  panels  at 
transonic  speeds  is  given  in  Paragraph  B of  Section  5.3. 1.1.  At  the  present  time  there  are  no 
methods  available  to  predict  the  effect  of  wing-body  wake  and  sidewash  or  the  mutual  interference 
effects  between  vehicle  components  on  the  sideslip  characteristics  at  transonic  speeds.  In  addition, 
the  effects  of  the  impingement  of  the  pressure  field  generated  by  the  vertical  panel  on  the 
horizontal-tail  surface  are  difficult  to  evaluate. 

DATCOM  METHOD 

No  explicit  method  is  available  in  the  literature  for  estimating  the  vehicle  sideslip  derivative  C i0  at 
transonic  speeds  and  none  is  presented  in  the  Datcom.  Some  typical  transonic  data  for  this 
derivative  are  presented  as  Figure  5.6.2.1-15. 

C.  SUPERSONIC 

The  procedure  for  estimating  the  supersonic  sideslip  derivative  C/p  is  essentially  the  same  as  that  at 
subsonic  speeds.  That  is,  the  rolling-moment  contributions  of  vertical  panels  are  based  on  the 
sideslip  derivative  Cy0.  The  problem  of  estimating  the  forces  generated  on  vertical  panels  is 
complicated  by  the  presence  of  shock  waves.  This  effect  is  discussed  in  Paragraph  C of  Section 
5.3.1. 1. 

As  stated  in  the  introduction  to  this  section,  no  method  is  available  for  determining  the 
horizontal-tail  contribution  to  the  derivative  C/#.  However,  the  effect  of  the  horizontal  tail  on  the 
vcrtical-tai!  contribution  is  accounted  for  by  proper  use  of  the  apparent-mass  factor  (K)  charts  in 
determining  the  vertical-panel  side  force. 

DATCOM  METHOD 


The  rolling  moment  (about  the  longitudinal  stability  axis)  due  to  sideslip  of  a wing-body-vertical-tail 
configuration,  referred  to  an  arbitrary  moment  center  and  based  on  wing  area  and  wing  span,  is 
given  by  Equation  5.6.2. 1 -a: 


S “ (S)wB  + (AS)p 


z„  cos  a - 8 sin  a 
p p 


where  C/(J , ^C/^w  B , Zp , and  tty  are  defined  in  Paragraph  A above,  and 


is  the  side  force  due  to  sideslip  of  an  added  vertical  panel  from  Paragraph  C of 
Section  5 .3. 1.1.  The  build-up  procedure  outlined  in  Paragraph  C of  Section 
5.6.1. 1 (neglecting  the  contribution  of  a horizontal  tail)  must  be  applied  in 
determining  the  individual  increment  of  each  added  panel.  The  effect  of  the 
presence  of  a horizontal  tail  must  be  considered  in  computing  the  contributions 
of  the  vertical  panels. 
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£p  is  the  distance  parallel  to  the  longitudinal  body  axis  between  the  moment 

reference  center  and  the  50-percent  chord  of  the  MAC  of  the  added  vertical 
panel,  positive  for  panel  aft  of  the  vehicle  moment  center.* 

All  geometry  used  in  determining  the  moment  arms  of  the  vertical  panels  is  based  on  the  exposed 
panel. 

For  a wingless  configuration  the  remarks  following  the  Datcom  methods  of  Paragraph  A above  are 
also  applicable  at  supersonic  speeds. 


Sample  Problem 

Given:  The  configuration  of  Reference  18  consisting  of  a wing,  body,  upper  vertical  tail,  and 

lower  vertical  tail.  This  is  the  same  configuration  as  that  of  the  sample  problem  of 
Paragraph  C,  Section  5.6. 1.1  with  the  horizontal  tail  removed.  Some  characteristics  are 
repeated. 


Aw  - 3.K  Sw  - 1 14.5  sq  in.  zw  = 0 T = -3.5° 

Xy  = 0.468  No  twist  bw  = 19.08  in. 


Vertical-Tail  Characteristics: 

Ay^  = 1.48  Sy^  = 19.20  sq  in.  A,*  = 49:2°  by  = 7.08  in. 


•See  footnote  at  bottom  of  Pige  5.6.2.1-3. 
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£ 

r-V- 


Xv  = 0.392 


*■ 

r ■ .* 


i 


a <* 


a 


Ventral-Tail  Characteristics: 


Ay  = 0.2025 


X0<  =0 


Sy  = 3.24  sq  in. 


ALEu  = 70.2° 


Additional  Characteristics: 

M = 2.01  n = sin-1  ( 1/M)  = 29.8°  h = 1.75  in. 

r2  ~ 1.496  in.  ri^r2  = 1-170  Sj  = 4.63  sq  in. 

S2  = 14.56  sq  in.  S3  = = 3.24  sq  in.  d/bw  =0.157 

= 10.65  in.  zv  = 4.05  in. 

CN  = 0.10,  a = 2.20°  (test) 

Compute: 

Step  1.  Determine  the  wing-body  contribution  ^C,  j 
sfyP  - 1 = 1.744 


Ky  = 8.40  in. 


I WB 


hi  * 


« 


4 


Ajxw  = 0.84  rad;  1 + A^  _ - 1.84;  1 + 


LE 


W 


W 


= 1.42 


1 + Xw  (l  + Al£w)  = 1.860 


tan  A 


LE 


w 


./m2  - 1 

M2  cos2  A 


= 0.639 


LE 


w _ (4.04)  (0.44S) 


3.18 


= 0.565 


/tan  alew\  4/3 

y — 2 ) = (0.2785)4/3  = 0.182 


- 2.56  iH. 


-2.05  in. 
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Dihedral  effect 


Aw  \/  UP  — 1 - 5.55;  >\/  M2  — 1 cot  A,-  = 1.57 


w 


C,  = -0.28  per  rad  (Figure  7. 3.2. 2-6) 


= 0.805 

\1  + 3X/W 


C, 


JL  = 2 

r (57.3)2 


(---  2X-)  C,  = -0.000137  (per  deg)2  (Equation  5. 1.2.1 -d) 
VI  3X  / ^ p 


1.000159  r 


AC.  . 2 

- — 1 _ -0  0005  ( — - \ = -0.000022  (per  deg)2  (Equation  5.2.2. 1-b) 

(\  ac'(\ 

> Vt  + -r)  *-°( 

(CN  = 0.041  per  deg  (based  on  Sw)  (Section  4. 1.3.2) 

/ ale\  /tanVw\ 

(cs)m  = -006ic»(c».)« 


M2  cos2  w /tanALE  ^ 4/3 
+ 


/tan  Ajc  \4/3l  /C,  AC,  \ 


(Equation  5.2.2. 1-d) 

» (—0.061)  CN  (0.041)  (1.860)  (1.420)  (0.639)  [0.565  + 0.182] 

+ (-3.5)  (-0.000159) 

= -0.00315  CN  + 0.000556  per  deg  (based  on  Swbw) 

Step  2.  Determine  the  empennage  contribution 

(ACv  ) vnuil,  ~ -0.520  per  rad  (based  on  Sw)  (Sample  problem  of  Paragraph  C, 

\ V(WB)  SectjQn  5 6 j }) 


0.009 1 per  deg 
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I 


i: 

L.' . 

f ■■ 


1 

a 


I 


I 


.■*  ' ' 4 -v-  *.  - > 'T^« 


V 


The  vertical  tail  in  the  sample  problem  of  Paragraph  C,  Section  5 .6. 1.1  does  not  “see”  the 
horizontal  tail;  therefore  the  increment  in  C\p  of  the  vertical  tail  in  the  presence  of  a 
wing  and  body  is  identical  to  ^ACY  „jV(WBH)  calculated  in  Section  5.6. 1 . 1 . 


Calculate  the  increment  in  Cyp  due  to  adding  the  lower  vertical  panel  to  the 
wing-body-upper-vertical-panel  combination.  In  the  configuration  sketch  the  ventral  panel 
senses  only  the  body.  The  effective  apparent  mass  ratio  is 


KU(BV)  = KU(B)  = 3-°  (Section  5.3.1. 1 with  (rj/r2)  = 1.170,  (rj/bly  = 0.685, 

idded 

panel 

and  (Tj  /b)v  = 1.000) 

exiiting 

panel 

(c*^  - 0.622  per  rad  (based  on  Sc  ) (Sample  problem,  Paragraph  C*  Section 
5.6.1. 1) 

Su« 

(*»,)»»,  = ^ (Equation  5.3.1. 1-0 


- (-3.0)  (0.622)  (if*) 

= -0.0527  per  rad  (based  on  Sw ) 


= —0.00092  per  deg 


Solution: 


S.  - 


(S)wB  + £p  j (^S) 

(S)wB  + (^S) 


f V(WB) 


zp  cos  a - £p  sin  a 


Jw 


Zy  cos  a - £ v sin  <x 


(Equation  5.6.2. 1 -a) 


+ 


MCy  \ 

Zy  cos  a - £y  sin  a 

\ 'd/UiWBV) 

’°w 

5.6.2.1-13 


* (-0.00315  CN  + 0.000556)  + (-0.0091) 


4.05  cos  a - 10,65  sin  a 
19.08 


+ (-0.00092) 


(-2.05)  cos  a - 8.40  sin  a 
. 194)8 


= [-0.00315(0.1)  + 0.000556]  + [(-0.00193)  cos  2.2°  + 0.00508  sin  2.2°  ] 
+ 10.00010  cos  2.2°  + 0.000405  sin  2.2°) 

= 0.00024  + (-0.00173)  + (0.000116) 

= -0.001374  per  deg  (based  on  Swbw) 
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5.6.3  WING-BODY-TAIL  SIDESLIP  DERIVATIVE  C, 


5.6. 3.1  WING-BODY-TAIL  SIDESLIP  DERIVATIVE  Cn/3  IN  THE  LINEAR 
ANGLE-OF-ATTACK  RANGE 

The  information  contained  in  this  Section  is  for  estimating  the  yawing  moment  due  to  sideslip  Cn^  of  wing-body- 
tail  combinations  at  low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of  material  presented  in  other  Sec- 
tions. Discussion  of  the  various  aerodynamic  aspects  of  vehicle  components  in  sideslip  is  given  in  other  Sections 
of  the  Datcom  and  is  not  repeated  here. 

The  methods  presented  are  based  on  the  procedure  of  totaling  the  wing-body  contribution  and  the  total  empennage 
increment  as  was  done  in  Section  5. 6. 1.1  for  the  determination  of  side  force  due  to  sideslip  for  a complete  configu- 
ration. The  yawing  moment  of  the  complete  empennage  is  determined  by  applying  the  appropriate  moment  arm  to  each 
of  the  incremental  values  of  side  force  which  make  up  the  total,  as  determined  in  Section  5.6. 1.1. 

A.  SUBSONIC 


The  methods  of  estimating  the  subsonic  values  of  the  empennage  contribution  to  the  derivative  C„  9 are  based  on 
the  values  of  Cy^  estimated  by  the  methods  of  paragraph  A of  Section  5. 3. 1.1.  If  the  apparent-mass-concept  method 
(Method  3,  paragraph  A,  Section  5.3. 1.1)  is  used,  the  build-up  procedure  outlined  in  Method  3 of  paragraph  A of  Sec- 
tion 5.6. 1.1  must  be  applied  in  determining  the  individual  panel  side-force  derivatives. 

Two  methods  of  determining  the  moment  arm  through  which  the  empennage  panel  side  force  acts  at  subsonic  speeds 
are  presented  in  Section  5. 3. 3.1.  The  moment  arm  can  be  taken  as  (a)  the  distance  parallel  to  the  longitudinal  axis 
between  the  vehicle  moment  center  and  the  quarter-chord  point  of  the  mean  aerodynamic  chord  of  the  added  panel 
or  (b)  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center  and  tl  e aerodynamic  center 
of  the  added  panel.  For  most  cases  the  simplified  approximation  (a)  is  used.  However,  for  short  coupled  configura- 
tions where  the  tail  length  distance  is  relatively  short  and  the  size  of  the  added  panel  large  the  refined  approxima- 
tion (b)  is  recommended. 


JATCOM  METHODS 


Method  1 


Simplified  Method 


The  yawing  moment  due  to  sideslip  of  a wing-body-tail  configuration,  referred  to  an  arbitrary  moment  center  and 
based  on  the  wing  area  and  wing  span,  is  given  by 


+ sp[-(ACY/3)p 
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where  the  subscript  P refers  to  panels  present  in  the  empennage 
(Cn/3>WB  *s  the  contribution  of  the  wing-body  combination  U 

^ t*  n i • i*  rt  O 1 


is  the  contribution  of  the  wing-body  combination  to  the  total  yawing  moment  due  to  sideslip,  obtained 
from  Section  5.2.3. 1 


<ACY/3)p 


is  the  side  force  due  to  sideslip  of  the  added  panel  determined  as  follows 

For  configurations  with  the  horizontal  panel  mounted  on  the  body,  or  for  configurations  with  no  hori- 
zontal panel  use  Method  1 or  Method  3,  paragraph  A,  Section  5. 3. 1.1.  If  Method  1 of  paragraph  A of 
Section  5.3. 1.1  is  used,  the  total  empennage  increment  is  given  by  a single  term.  If  Method  3 of  para- 
graph A of  Section  5. 3. 1.1  is  used,  the  build-up  procedure  outlined  in  Method  3 of  paragraph  A of 
Section  5.6. 1.1  must  be  applied  to  determine  the  individual  increment  of  each  added  panel. 

For  configurations  with  a horizontal  panel  mounted  on  the  vertical  panel,  use  Method  1,  paragraph  A, 
Section  5.3.1. 1.  The  total  empennage  increment  is  given  by  a single  term. 

For  configurations  with  twin  vertical  panels  mounted  on  the  tips  of  a horizontal  panel  use  Method  2, 
paragraph  A,  Section  5.3.1. 1.  The  total  empennage  increment  is  given  by  a single  term. 
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is  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center  and  the  quarter- 
chord  point  of  the  MAC  of  the  added  panel,  positive  for  the  panel  aft  of  the  vehicle  moment  center 

is  the  span  of  the  wing 


Method  2 


Refined  Method 

In  this  case  the  sideslip  derivative  Cnfl , referred  to  an  arbitrary  moment  center  and  based  on  wing  area  and  wing 
span,  is  given  by 


* * ). 
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where  (ACY»)p,  1P,  and  bw  are  defined  in  Method  1 above,  and 

(x«.o.lp  is  the  distance  parallel  to  the  longitudinal  axis  between  the  quarter-chord  point  of  the  MAC  of  the 
added  panel  and  the  aerodynamic  center  of  the  added  panel  obtained  from  paragraph  A of  Section 
4. 1.4.2,  positive  for  the  a.c.  behind  the  quarter-chord  point  of  the  MAC.  (In  determining  the  vertical 
panel  a.c.  use  the  aspect  ratio  of  the  panel  mounted  on  an  infinite  reflection  plane). 

All  geometry  used  in  determining  the  moment  arms  for  the  above  methods  is  based  on  the  panel  extended  to  the 
body  centerline. 

For  a wingless  configuration,  bw  is  replaced  by  the  vehicle  reference  length,  (ACYn ) is  based  on  the  vehicle 
reference  area,  and  the  contribution  of  the  body  to  the  total  derivative  can  be  obtained  from  Section  4.2.2. 1 as 
(Cn^)B  = -(Cma)B,  based  on  the  vehicle  reference  area. 


Sample . Problem  s 


1.  Method  1 


Given:  A wing-body-horizontal  tail-vertical  tail  configuration  of  reference  1.  This  is  the  same  configuration  as 
that  of  sample  problem  1,  paragraph  A,  Section  5.6.1. 1.  Some  of  the  characteristics  are  repeated. 


S\V  = 36.0  sq  in. 


IB  = 18.25  in. 
h/w  = 1.000 

M = 0.60 
a = 0 


bw  = 12.0  in. 


xm  = 10.42  in. 


Wing  Characteristics 

Body  Characteristics 
l.  SBg  = 25.6  sq  in. 

Additional  Characteristics 


Rj  = 7.43  x 10  (based  on  iB) 


h,/h2  = 0.950 


6.035  in. 


Compute: 


= 0.572 


(£;)“  ■ 


=£-  = 13.00 
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I -Ming  the  above  computed  parameters  and  the  Reynolds  number  obtain  KN  from  figure  5.2.3. 1-5 
Kn  = 0.0014 


(CV'VB  = _Kn  ?7  PGrdeg 

H 0\v 

= -<0.0014)(^)(iS^.) 

\ 36.3  A 12.0  / 


(equation  5.2.3.  l-a) 


= -0.00151  per  deg  (based  on  Swbw) 

= -0.0865  per  rad  (based  on  Swbw) 

(ACY/5)V(WHH)  = -0.645  per  rad  (based  on  $w)  (sample  problem  1,  paragraph  A,  Section  5.6, 1.1) 
Solution: 


Cn/3  = «VWH  + ^p|"(ACY^)p  — j 
= ^Cn^)WB  •*  | - ( A CY^) V(WBfB  ~ j 
= -0.0865  + I -(-0.645) (^y)  ] 


(equation  5. 6. 3. l-a) 


= -0.0865  + 0.324 
= 0.2375  per  rad  (based  on  Swbw) 

The  experimental  results  (based  on  Swbw)  from  reference  1 are  (Cn^we  ~ "0.063  per  radian,  iACn^)VCWBH) 

= 0.350  per  radian,  and  Cn^  = 0.286  per  radian. 

2.  Method  1 

Given:  The  wing-body-horizontal  tail-vertical  tail  configuration  of  reference  2.  3 his  is  the  same  configuration  as 
that  of  sample  problem  3,  paragraph  A,  Section  5.6.1. 1.  Some  characteristics  are  repeated. 

Wing  Characteristics 

Sw  = 576  sq  in.  bw  = 41.56  in. 

Body  Characteristics 

1B  = 72.0  in.  xm  = 39.60  in.  SBs  - 349.9  sq  in.  h,/h3  = 0.730 


1B  = 72.0  in. 
h/w  = 1.000 

M = 0.25 
Xfi  = 26.2  in. 


Compute: 

J®  = 0.550 

(c)”  = 0'854 


h,/h3  = 0.730 


Additional  Characteristics 
Rj  = 9.73  x 10°  (based  on  1B) 
a - 0 


Jtv  = 24.89  in. 
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Using  the  parameters  computed  above  and  the  Reynolds  number  obtain  KN  from  figure  5.2.3. 1-5 
Kn  = 0.0013 


= “Kn  ” -•  per  deg 
v->W  Dyv 

= - (0.0013) 

V576.0A41.56/ 


(equation  5.2,3.1-a) 


= -0.001365  per  deg  (based  on  Swbw) 

= -0.0782  per  rad  (based  cn  Swbw) 

From  sample  problem  3,  paragraph  A,  Section  5.6. 1.1 
^y^hcwb)  = 0 

(ACy^)V(WBH)  = -0.665  per  rad, (based  on  Sw) 
Solution: 


Cny3  - ^ny3^WB  + 


-<ACVP  b 


ip  | 

bw  J 


(equation  5.6.3. 1-a) 


^n/3^wn  + 


-<ACXd)H(WB)  b 


'^^Y/S^vcwbh) 


iv) 

bw  i 


*]  *1 

= -0.0782  + 0 + ["("°-665)(fff|)] 

= -0.0782  + 0.398 
- 0,3198  per  rau  (based  on  Swbw) 

The  experimental  results  (based  on  Swbw)  from  reference  2 are  = -0.057  per  radian,  (ACn£>V(WBH) 

= 0.409  per  radian,  and  = 0.352  per  radian. 

B.  TRANSONIC 

A brief  discussion  of  the  flow  phenomena  associated  with  forces  generated  on  vertical  panels  at  transonic  speeds 
is  given  in  paragraph  B of  Section  5. 3.1.1.  At  the  present  time  there  are  no  methods  available  to  predict  the  effect 
of  wing-body  wake  and  sidewash  or  the  mutual  interference  effects  between  vehicle  components  on  the  sideslip 
characteristics  at  transonic  speeds. 


DAT COM  METHOD 

No  explicit  method  is  available  for  estimating  the  vehicle  sideslip  derivative  Cn^  at  transonic  speeds  and  none  is 
presented  in  the  Datcom.  Some  typical  transonic  data  for  this  derivative  are  presented  as  figure  5.6.3. 1-8. 

C.  SUPERSONIC 

The  procedure  for  estimating  the  supersonic  sideslip  derivative  C„^  of  a wing-body-tail  configuration  is  essentially 
the  same  as  that  at  subsonic  speeds.  The  problem  of  estimating  the  forces  generated  on  vertical  panels  is  compli- 
cated by  the  presence  of  shock  waves.  This  effect  is  discussed  in  paragraph  C of  Section  5.3. 1.1. 

The  moment  arm  through  which  an  added  vertical  panel  acts  can  be  taken  as  (a)  the  distance  parallel  to  the  longi- 
tudinal axis  between  the  vehicle  moment  center  and  the  50-percent-chord  point  of  the  mean  aerodynamic  chord  of 
the  added  vertical  panel  or  (b)  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center  and 
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g# 


the  aerodynamic  center  of  the  added  vortical  panel.  For  short-coupled  configurations  with  a large  vertical  panel  the 
latter  approach  is  recommended.  At  supersonic  speeds  the  centroid  of  area  of  the  region  of  interference  approximates 
the  center  of  pressure  in  the  ease  of  the  increment  gained  by  adding  a horizontal  surface. 

This  method  is  limited  to  configurations  in  which  the  horizontal  tail  is  mounted  on  the  body  or  configurations  with 
no  horizontal  tail. 


DAT  COM  METHODS 


Method  1 


Simplified  Method 

The  yawing  moment  due  to  sideslip  of  a wing-body-tail  configuration,  referred  to  an  arbitrary  moment  center  and 
based  on  wing  area  and  wing  span,  is  given  by  equation  5.6,3. 1-a 


^n/3  ' <CVwb  + 


E*>  ["(ACVp  j“ 

ow 


where  (Cn^)WH  is  defined  in  paragraph  A above,  and 

(ACy^)^  is  the  side  force  due  to  sideslip  of  an  added  panel  obtained  from  paragraph  C,  Section  5. 3. 1.1.  The 
build-up  procedure  outlined  in  paragraph  C of  Section  5.6. 1.1  must  be  applied  in  determining  the 
individual  increment  of  each  added  panel. 


lp  is  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  center  and  the  50- 

percent-chord  point  of  the  MAC  of  an  added  vertical  panel,  positive  for  the  vertical  panel  uft  of 
of  the  vehicle  moment  center.  In  the  ease  of  the  increment  gained  by  adding  a horizontal  panel, 
lp  is  the  distance  parallel  to  the  longitudinal  axis  between  the  vehicle  moment  c.  nter  and  the 
centroid  of  the  area  of  the  region  of  interference,  positive  for  the  horizontal  panel  alt  of  the 
vehicle  moment  center. 


Method  2 


Refined  Method 


In  this  case  the  sideslip  derivative  Cn^,  referred  to  an  ufbiuary  moment,  center  and  based  on  wing  area  and  wing 
span,  is  given  by  equation  5.6.3. 1-b 


=^»/3>WB 


+ 


V 

"P 


•(ACy„) 

'p  P 


j 


where  (Cn/3)WI),  (ACy^)p,  and  lp  are  defined  in  Method  1 above,  and 

(x„i(.,)p  is  the  distance  parallel  to  the  longitudinal  axis  between  the  50-pereent-chord  point  of  the  MAC  of 

an  adder!  vertical  panel  and  the  aerodynamic  center  of  the  added  panel  obtained  from  paragraph  C 
of  Section  4. 1.4. 2,  positive  for  the  a.c.  behind  the  50-percent-chord  point.  (In  determining  the  verti- 
cal panel  a.c.  use  the  aspect  ratio  of  the  isolated  panel  mounted  on  an  infinite  reflection  plane.) 


In  the  ease  of  the  increment  gained  by  adding  a horizontal  panel,  the  moment  arm  is  treated  as  in  Method  1 above. 

All  geometry  used  in  determining  the  moment  arms  of  the  vertical  panels  in  the  above  methods  is  based  on  the  ex- 
posed panel. 

For  a wingless  configuration  the  remarks  following  the  Dateom  methods  of  paragraph  A above  are  also  applicable 
at  supersonic  speeds. 
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Method  ] 


Sample  Problem 


Given:  The  wing-body-horizontal  tail-upper  vertical  tail-lower  vertical  tail  configuration  of  reference  3.  This  is  the 
same  configuration  as  tliut  of  the  -sample  problem  of  paragraph  C,  Section  5. 6.1.1.  Some  characteristics  are 
repeated.. 


Sw  - 114.5  sq  in. 

IB  r 32.88  in. 
h/w  = 1.340 


M = 2.01 
lv  = 10.65  in. 
Compute: 

ym-  r 0.548 


Wing  Characteristics 

bw  = 19.08  in. 

Body  Characteristics 

xm  - 18.00  in.  Slis  = 92.24  sq  in.  hi  /'ha  = 1.1175 

Additional  Characteristics 

H|  --  3.38  > 10*  (based  on  lI()  a - 0 

*u  = 8.40  in.  tfl  - 1 1.45  in.  .(c.g.  to  centroid  of  region  of  interference) 


1 

SAs 


I. 058 

II. 72 


Using  the  parameters  computed  above  and  the  Reynolds  number  obtain  KN  from  figure  5.2.3. 1-5 
Kn  = 0.0017 

(Cn a ) yyu  - -Kn  ---  per  deg  (equation  5.2.3. 1-a) 

p bw  byv 

\ 114.5  A 19.08/ 

= -0.00236  per  deg  (baaed  on  Swbw> 


= -0.135  per  rad  (baser!  on  Swbw) 

1 

(ACvglj^^  ■-  -0.0163  per  rad  (based  on  Sw) 
^C^)v(WBffi  = -0.520  per  rad  (based  on  Sw) 

= -0.053  per  rad  (based  on  Sw) 

Solution: 


(sample  problem,  paragraph  C,  Section  5.6. 1.1.) 


Cn^  --  (Cn^)WH  + Ip  |-(AcY^)p  ^ j 

l-,ACv»V«»  £]*  |- 


(equation  5.6.3. 1-a) 


= ^"/3'wB  + 


(ACv.) 


*v 


Y8 ' voniH)  ^ 


— ♦ - 
w 


<ACY/j)l)(WB 

Dw 
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-(0.01G3)/11-45) 

+ -(-0.520)(i^|)  t 

- (0.053)  (^Q-)l 

v 19.08/ 

X19.08/ 

\19,08/ 1 

= -0.135  + 0.0098  t 0.290  + 0.0233 
= 0.1881  per  rad  (based  on  Swbw) 

The  experimental  results  from  reference  3 (based  on  Swbw)  are  = "0.169  per  radian,  (AC„£)V(WBH) 

= 0.338  per  radian,  (6Cnp  )U{WBHV)  - 0.0286  per  radian,  and  Cn/3  = 0.1975  per  radian. 
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5.6.3. 2 /ING-BODY-TAIL  YAWING-MOMENT  COEFFICIENT 
Cn  AT  ANGLE  OF  ATTACK 


The  wing- body-tail  yawing  moment  developed  at  combined  angles  is  nonlinear  with  respect  to  both 
sideslip  and  angle  of  attack  for  the  reasons  cited  in  the  introductory  remarks  of  Sections  5.2. 1.2  and 
5.3. 1.2.  To  obtain  the  derivative  C^.  it  is  recommended  that  Cn  be  calculated  at  several  angles  of 
attack  for  a small  sideslip  angle  (p<  4°).  Then  at  each  angle  of  attack  the  yawing  moment  is 
assumed  linear  with  sideslip  for  small  values  of  /I  so  that 


A.  SUBSONIC 

No  method  is  presently  available  for  determining  the  wing-body-tail  yawing  moment  at  large  angles 
of  attack  and  subsonic  speeds.  The  method  presented  herein  is  restricted  to  first-order 
approximations  at  relatively  low  angles  of  attack. 

DATCOM  METHOD 

It  is  recommended  that  the  method  of  Section  5.6.3. 1 be  used  in  the  linear-lift  angle-of-attack 
range. 

B.  TRANSONIC 

The  comments  appearing  in  Paragraph  B of  Section  5.6. 1.1  are  equally  appropriate  here. 

DATCOM  METHOD 

No  method  is  available  for  estimating  this  coefficient  and  none  is  presented  ji  the  Datcom. 

C.  SUPERSONIC 

The  discussion  of  Paragraph  C in  Section  5.6. 1.2  applies  here  also  and  will  not  be  repeated. 

DATCOM  METHOD 


The  method  for  estimating  the  wing-body-tail  yawing  moment  at  combined  angles  is  basically  that 
of  Section  5.6. 1.2.  The  yawing-moment  coefficient  is  obtained  simply  by  applying  the  proper 
moment  arms  to  the  various  side-force  coefficients  calculated  in  that  section.  The  restrictions  noted 
in  Section  5. 6. 1.2  also  apply  here. 

The  wing-body  yawing-moment  coefficient  is  given  by 
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is  the  wing-body  contribution  obtained  from  Equation  5. 2. 3. 2-a 


1VU(WB) 


is  the  empennage  contribution  obtained  from  Equation  5.6.3.2-b. 


The  contribution  of  the  empennage  is  given  by 
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are  defined  under  Equation  5,3.3.2-a. 
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Values  for  the  incremental  coefficient  resulting  from  the  addition  of  vertical  tails  to  wing-body 
configurations,  calculated  using  the  Datcom  method,  are  compared  with  experimental  results  in 
Figure  5.6.3. 2-4.  The  assessment  of  the  correlation  parallels  that  of  the  incremental  side-force 
coefficient, and  the  comments  appearing  in  Section  5.6. 1.2  are  equally  applicable  here. 


Sample  Problem 

Given:  Configuration  of  Sample  Problem,  Paragraph  C,  Sections  5. 2.3. 2 (with  slight  boattail)  and 
5.6. 1.2.  There  is  no  horizontail  tail  on  this  configuration.  Some  of  the  characteristics  are 
repeated.  Find  the  yawing-moment  coefficient  developed  by  the  wing-body-tail 
configuration  at  a = 12°,  (3  = 4°,  and  M = 2.01. 

Characteristics: 

£v  = 12.0  in.  zv  = 4.15  in.  = 12.0  in.  zv  = -2.15  in.  bw  = 24.0  in. 
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— 0.00695  (Sample  Problem,  Paragraph  C,  Section  5. 2. 3.2) 
0 (no  horizontal  tail  on  this  configuration) 

-0.0285) 

> (Sample  Problem,  Paragraph  C,  Section  5.6. 1.2) 
-0.0187; 


Compute: 
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Cy  cos  a + Zy  sin  a 

- r "(CY)  (Equation  5.6.3.2-b) 

bw  YU(r,) 

> (12.0)  cos  12°  + (4. 15)  sin  12° 

24.0 

(12.0)  cos  12°  +(-2.15)  sin  12° 

24.0 

= 0.0238  (based  on  Swbw) 

Solution: 


(C  ) = (CJj  +(CJ  (Equation  5. 6.3.2-a) 

"WBHVU  v *WB  “HVUOVB) 

- -0.00695  + 0.0238 


= 0.01685  (based  on  Swbw) 

This  compares  with  an  experimental  value  (based  on  Sy,\)  = 0-0175  from  Reference2. 

REFERENCES 

I,  Kaattari,  G,  E.:  Estimation  of  Directional  Stability  Derivative*  at  Moderate  Angles  and  Supereonlo  Speeds.  NASA  Memo  l2*l*38A,  1050.  (U) 

3.  Spearman,  L.  M. , Driver,  C.,  and  Hughes,  W.  C.i  Investigation  of  Aerodynamlo  Characteristic  a in  Pitch  and  Sideslip  of  a 45°  Sweptback- 
Wing  Alrp>ane  Model  with  Various  Vertloai  Looationa  of  Wing  and  Horizontal  Tail  — Baaio-Data  Presentation,  M = 2.01.  NACA  BM  L04LO0, 
1005.  (U) 


(-0.0285) 

(-0.0187) 


5. 6. 3.2-3 


--DATCOM  METHOD 
O EXPERIMENT 


M = 2.94 


BHHB 


ANGLE  OF  ATTACK,  a - DEG 


ANGLE  OF  ATTACK,  a ~ DEG 


(c)  Ref:  1 
M = 2.94 


"urwBHV) 


mm 


MGLL  °F  ATTACK’  a ~ DEG  ANGLE  OF  ATTACK,  a DEG 

FIGURE  5.6. 3. 2-4  COMPARISON  OF  EXPERIMENTAL  AND  CALCULATED  YAWING-MOMENT 
WINaBODY^1  INCREMENTS  DUE  TO  ADDING  A VERTICAL  TAIL  TOA 


5.6.3.24 


Revised  January  197J4 


6.1  SYMMETRICALLY  DEFLECTED  FLAPS  AND  CONTROL  DEVICES  ON  WING-BODY 

AND  TAIL-BODY  COMBINATIONS 

6.1.1  SECTION  LIFT  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 


Conventional  aerodynamic  high-lift  and  control  devices,  and  jet  flaps  are  similar  in  that  each 
functions  by  changing  the  lift  generated  by  the  portion  of  wing  ahead  of  and/or  behind  it.  Although 
their  stability-and-control  and  performance  applications  are  quite  different,  no  distinction  is  made 
in  this  section  between  the  aerodynamic  characteristics  of  these  devices.  The  fundamental 
aerodynamic  characteristics  of  each  are  discussed  in  the  appropriate  sections. 

The  methods  of  this  section  provide  the  section  lift  characteristics  of  the  following: 

High-Lift  Devices 


Split  flaps 
Plain  flaps 
Single-slotted  flaps 
Double-slotted  flaps 


Fowler  flaps 
Jet  flaps 

Leading-edge  flaps 
Slats 


Control  Devices 

Trailing-edge  flap  types 
Spoilers  (plug  and  flap  types) 

In  general,  sufficient  information  is  presented  in  the  Datcom  to  permit  the  complete  lift 
characteristics  of  a given  device  to  be  calculated.  The  complete  lift  characteristics  can  then  be 
constructed  as  in  the  following  sketch. 
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6.1. 1.1  SECTION  LIFT  EFFECTIVENESS  OF  HIGH-LIFT  AND  CONTROL  DEVICES 


Lift  effectiveness  is  defined  and  used  in  the  literature  in  several  ways.  For  linear  systems,  the  rate  of 
change  of  lift  with  control  or  flap  deflection  at  constant  angle  of  attack  is  frequently  used.  This 
parameter  is  defined  as 


6.i.:.l-a 


In  cases  where  nonlinear  effects  must  be  accounted  for,  it  is  customary  to  use  lift  increments  for 
flap  deflections  at  constant  angle  of  attack.  Another  convention  frequently  used  is  the  rate  of 
change  of  zero-lift  angle  of  attack  with  flap  deflection. 


Again,  for  nonlinear  characteristics,  increments  in  angle  of  attack  at  zero  lift  are  used.  Several  of 
these  definitions  of  lift  effectiveness  are  used  in  this  section,  depending  upon  the  particular  device 
being  discussed. 


In  the  linear-lift  range,  can  be  obtained  from  Cj6,  and  vice  versa,  by  means  of  Equations 
6.1.1.1-a  and  6.1.1.1-b. 


The  methods  presented  in  this  section  are  limited  to  subsonic  flow. 

A.  TRAILING-EDGE  FLAPS 

Trailing-edge  flaps  operating  in  the  linear-lift  range  change  the  lift  of  the  basic  airfoil  by  changing 
the  effective  airfoil  angle  of  attack.  The  means  by  which  each  type  of  flap  accomplishes  this  end  is 
discussed  in  the  following  paragraphs.  Various  types  of  flaps  in  common  usage  are  illustrated  in 
Section  6. 1.1. 3. 


Plain  Trailing-Edge  Flaps 

For  plain,  sealed  trailing-edge  flaps  the  theoretical  derivative  cS6  is  a function  of  flap-chord-to- 
wing-chord  ratio  and  airfoil  thickness  ratio.  Increasing  airfoil  thickness  increases  the  theoretical  lift 
increment  for  a given  flap  deflection. 

The  boundary  layer  for  plain  flapped  airfoils  is  shed  at  the  trailing  edge  of  the  flap.  Lift  increments 
are  therefore  sensitive  to  the  conditions  of  the  boundary  layer  - the  thicker  the  boundary  layer  the 
lower  the  value  of  Cg5  derived  from  the  flap.  Since  boundary  layers  are  thicker  on  thick  airfoils  than 
on  thin  airfoils,  actual  Cg5  values  tend  to  be  lower  for  the  thick  airfoils. 

In  general,  for  a given  increase  in  airfoil  thickness  ratio  the  reduction  in  cSs  due  to  viscous  effects  is 
greater  than  the  increase  in  Cg8  as  predicted  from  inviscid-flow  theory  In  the  charts  of  this  section, 
viscous  effects  are  accounted  for  by  using  the  experimental  lift-curve  slope  as  a parameter,  since  cga 
is  influenced  by  viscous  effects  in  the  same  manner  as  Cg8 . 

Because  of  the  sensitivity  of  plain  flaps  to  the  boundary  layer,  the  flow  separates  over  the  flap 
surface  at  relatively  small  deflection  angles.  The  linear  range  of  cSj  for  plain  flaps  is  therefore 
limited  to  the  range  from  0 to  10°  or  15°  of  flap  deflection.  An  empirical  correction  factor  is 
applied  in  this  section  to  account  for  the  nonlinear  effects  at  high  flap  deflection. 
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Slotted  Trading-Edge  Flaps 


For  efficiently  designed  slotted  trading-edge  flaps  the  airfoil  boundary  layer  is  shed  at  the  slot  lip 
and  a new  boundary  layer  forms  over  the  flap  surface.  The  lift  derived  from  efficiently  designed 
slotted  flaps  is  therefore  not  affected  by  the  boundary  layer  of  the  basic  airfoil.  Experimental  data 
for  slotted  flaps  support  this  observation. 

Fowler  Flaps 

Many  flap  designs  have  been  developed  in  which  the  instantaneous  center  of  rotation  moves 
rearward  as  the  flap  deflects.  An  example  of  such  a flap  is  the  Fowler  flap. 

Aerodynamically,  Fowler  flaps  function  in  the  same  way  as  single-slotted  flaps.  Additional  lift 
benefits  are  derived  from  such  flaps  because  of  the  increase  in  planform  area  due  to  flap  translation. 

The  effect  of  translation  can  be  approximated  by  calculating  the  increase  in  airfoil  chord  as  a 
function  of  flap  deflection. 

Split  Flaps 

The  deflection  of  split  trailing-edge  flaps  causes  a wide  wake  to  appear  behind  the  airfoil.  This  wake 
prevents  the  realization  of  the  full  increase  in  circulation  due  to  flap  deflection.  The  rate  of  increase 
of  lift  with  flap  deflection  is  therefore  lower  than  that  for  the  corresponding  plain  flap.  The  rate 
also  decreases  continuously  with  increasing  flap  deflection,  because  the  wake  widens  as  the  flap 
deflection  is  increased. 

B.  JET  FLAPS 

The  term  jet  flap  has  been  used  to  describe  a propulsive  jet  emitted  from  the  wing  trailing  edge  as  a 
plane  jet  at  an  angle  of  inclination  to  the  mainstream.  In  three  dimensions,  the  jet  is  distributed  in 
the  spanwise  direction  on  a wing.  Such  an  integrated  jet-flap  system  is  depicted  schematically  in 
Sketch  (a),  along  with  a definition  of  the  section  jet  momentum  coefficient  CM. 

In  order  that  the  Datcom  user  may  better  understand  the  jet-flap  concept,  a brief  discussion 
covering  the  salient  aspects  of  the  jet-flap  principle  is  presented.  This  general  discussion  is  taken 
essentially  from  References  1 and  2. 

The  primary  objective  of  a jet-flap  system  is  to  increase  significantly  the  lift  component  beyond 
that  which  a conventional  mechanical  flap  system  can  possibly  attain.  The  lift  of  a jet  flap  can  be 
attributed  to  three  different  sources  as  follows: 

1.  Direct-lift  component  of  the  jet  reaction.  This  is  directly  proportional  to  the  jet 
momentum  emitted  at  the  trailing  edge. 

2.  Circulation  generated  around  the  airfoil.  Since  the  amount  of  circulation  greatly  exceeds 
that  of  a corresponding  pure  airfoil,  it  is  sometimes  termed  supercirculation.  Physically, 
this  additional  increase  in  lift  may  be  explained  as  follows:  The  air  on  the  upper  surface 
of  the  airfoil  is  drawn  down  by  the  deflected  jet,  creating  a suction,  while  the  air  flow 
below  is  blocked  by  the  jet,  producing  pressure.  Both  effects  tend  to  increase  lift  on  the 
airfoil.  Scientists  investigating  jet  lift  prefer  to  call  this  circulation  effect  the 
magnification  of  the  direct  jet  lift. 

3.  Automatic  boundary-layer  control.  The  jet  tends  to  prevent  the  flow  above  the  airfoil 
from  separating  by  reducing  the  adverse  pressure  gradient  which  the  boundary  layer  must 
negotiate.  Some  reduction  of  the  adverse  pressure  gradient  can  be  attributed  to  the  jet 
entrainment. 
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where 

C„  is  the  section  nondimensional  trailing-edgejet  momentum  coefficient, 
nij  is  the  mass-ilcw  rate  of  the  gas  efflux  (per  section). 

Vj  is  the  velocity  of  the  gas  efflux  leaving  the  trailing  edge  of  the  airfoil. 

J is  the  jet  momentum;  i.e.,  the  product  of  m^  and  V. . 
p is  the  density  of  the  free  stream. 

V is  the  velocity  of  the  free  stream, 
c is  the  airfoil  chord. 

c is  the  extended  airfoil  chord  (see  Figures  6.1.1.1-44  through  -46  and  Figure  6.1.1.1-48). 

q is  the  free-stream  dynamic  pressure. 

SKETCH  (a) 

The  above  effect  that  dominates  the  lift  contribution  depends  on  the  magnitude  of  the  jet 
momentum.  The  boundary-layer  control  effect  is  most  significant  when  the  jet  momentum  is  small 
(Cu  < 1),  while  the  supercirculation  effect  predominates  when  the  momentum  is  moderate  or  large. 

With  respect'to  the  supercirculation,  the  downward  extending  jet  acts  generally  in  a manner  similar 
to  that  of  a mechanical  flap.  Although  the  jet  sheet  extends  downstream  to  infinity,  only  its  initial 
portion,  before  it  has  been  curved  around  so  as  to  become  almost  straight,  could  significantly  affect 
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the  flow.  Therefore,  its’ effect  is  analogous  to  some  specific  mechanical  flap  of  finite  extension.  As 
the  jet  momentum  is  increased,  the  jet  would  penetrate  farther  into  the  mainstream,  corresponding 
to  a larger  mechanical  flap.  The  name  “jet  flap”  was  derived  from  such  analogy. 

The  basic  jet-flap  scheme,  often  referred  to  as  an  internal-flow  system,  essentially  requires  the  gas  to 
be  ducted  through  the  wing  either  to  the  trailing  edge  or  to  a slot  at  the  knee  of  a flap  which  is  used 
for  varying  the  jet  angle.  Several  alternatives  to  the  basic  jet-flap  scheme  have  been  devised  for 
directing  the  gas  efflux  to  the  trailing  edge.  Some  of  these  concepts  are  shown  in  Sketch  (b).  For 
the  external-flow  system  shown  in  Sketch  (b),  the  gas  from  the  engine  is  ducted  or  directed  outside 
the  wing.  With  an  underslung  podded  engine,  the  round  jet  may  be  guided  to  impinge  on  a 
mechanical  flap  system  and  form  a flattened  jet  sheet.  Alternatively,  with  the  engine  mounted  on 
the  top,  the  exit  nozzle  may  be  elongated  spanwise  to  generate  a plane  jet  sheet.  Another  approach 
shown  in  Sketch  (b)  is  the  augmentor-wing  concept.  With  this  scheme  the  jet  efflux  can  also  be  used 
to  drive  an  ejector  system  that  will,  in  turn,  augment  the  thrust  by  the  entrainment  of  the 
free-stream  flow. 

The  fact  that  all  these  concepts  exhibit  a flat  jet  sheet  at  the  trailing  edge,  which  characteristically 
has  the  same  effect  of  inducing  supercirculation,  provides  the  basis  for  a common  theoretical 
analysis. 

The  analysis  of  jet-flap  problems  inherently  requires  that  the  wing  and  jet  be  treated  as  an 
integrated  system.  Thus  far,  theoretical  treatments  of  jet-flap  aerodynamic  problems  have  been 
based  on  linearized  small-disturbance  concepts.  In  the  context  of  linearized  theory,  the  basic 
difference  between  the  jet  wing  and  a conventional  wing  is  that,  in  addition  to  the  wing  planform, 
the  jet  sheet  itself  should  be  regarded  as  a discontinuity  sheet  in  longitudinal  velocity.  Roughly 
speaking,  the  jet-flapped  wing  may  be  treated  as  if  the  wing  planform  were  extended  to  infinity. 
Unfortunately,  the  shape  of  the  jet  sheet,  unlike  that  of  the  wing,  is  not  known.  Thus  a dynamic 
boundary  condition  must  be  introduced  for  the  jet,  in  contrast  to  the  kinematic  boundary 
condition  for  the  wing.  Therefore,  the  development  of  an  analytical  solution  for  aerodynamic 
characteristics  of  a jet-flapped  wing  encounters  two  difficulties.  One  is  due  to  the  mixed  boundary 
conditions;  the  other  is  due  to  the  fact  that  the  boundary  conditions  are  prescribed  over  a region  of 
semi-infinite  extent.  An  elegant  solution  for  the  two-dimensional  jet-flap  problem  has  beep  obtained 
by  Spence  in  References  3 and  4.  His  approach  is  based  on  the  assumptions  that  the  flows  inside 
and  outside  the  jet  are  irrotational  and  at  constant,  although  not  necessarily  equal,  densities.  Since 
entrainment  into  the  jet  is  neglected,  it  can  be  regarded  as  if  bounded  by  streamlines.  These 
simplifications  enable  a relation  between  the  pressure  differences  across  the  jet  and  its  curvature  to 
be  found.  The  limiting  case  of  a thin,  high-speed  jet  is  considered  by  assuming  that  the  jet  has  zero 
thickness  but  finite  momentum.  Airfoil  thickness  is  neglected,  the  airfoil  and  jet  are  assumed  near 
zero  angle  of  attack,  and  the  airfoil  and  jet  boundary  conditions  are  transferred  to  the  semi-infinite 
line  through  the  trailing  edge  and  parallel  to  the  undisturbed  flow.  The  result  of  these 
approximations  is  the  representation  of  the  flow  by  a mixed-boundary-value  problem  on  this 
semi-infinite  line.  Spence  has  obtained  three  basic  solutions:  angle  of  attack,  flap  deflection,  and  jet 
deflection.  Close  agreement  has  been  obtained  between  Spence’s  theory  and  the  experimental 
results  of  Dimmock  (Reference  5)  over  the  range  of  jet  momentum  and  jet  deflection  angles  of 
practical  interest. 

Several  experimental  and  theoretical  studies  have  been  conducted  to  investigate  the  effects  of 
ground  proximity  on  jet-flapped  wings.  Insofar  as  theoretical  methods  are  concerned,  however,  only 
a simple  mathematical  representation  of  the  two-dimensional  jet-flap  airfoil  has  been  formulated 
(Reference  6). 
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C.  LEADING-EDGE  FLAPS  AND  SLATS 


Leading-Edge  Flaps 

Leading-edge  flaps  change  the  lift  of  an  airfoil  by  changing  the  effective  angle  of  attack  in  the  same 
way  that  trailing-edge  flaps  do.  Unlike  trailing-edge  flaps,  however,  a positive  Icading-edge-flap 
deflection  (nose  down)  causes  a loss  in  lift  instead  of  an  increase  in  lift.  In  general,  the  change  in  lift 
per  degree  of  flap  deflection  is  sm idler  for  leading-edge  flaps  than  for  trailing-edge  flaps. 

Leading-edge-flap  effectiveness  is  not  affected  by  the  airfoil  boundary'  layer. 

Leading-Edge  Slats 

The  lift  parameter  cSfi  for  leading-edge  slats  is  affected  by  two  factors.  First,  the  deflection  or 
rotation  of  the  slat  causes  a loss  in  lift  similar  to  that  of  leading-edge  flaps.  Secondly,  slat  extension 
or  translation  increases  the  planform  area. 


D.  SPOILERS 

Spoilers  are  generally  used  for  two  reasons  — for  roll  control  when  deflected  asymmetrically  and  for 
high  drag  generation  when  deflected  symmetrically.  Only  the  section-lift  aspects  of  spoilers  are 
discussed  herein. 

Many  types  c f spoilers  have  been  developed,  depending  upon  control-power  limitations,  structural 
limitations,  and  aerodynamic  requirements.  Some  of  the  more  commonly  used  types  are  illustrated 
in  Sketch  (c). 


PLUG  SPOILER  FLAP  SPOILER  SLOTTED  SPOILER 

SKETCH  (c)  TYPICAL  SPOILER  ARRANGEMENTS 


Unlike  flaps,  spoilers  operate  by  causing  a loss  in  airfoil  lift  - rather  than  an  increase  — by 
separating  the  flow  downstream.  The  effective  angle  of  attack  is  decreased  and  the  lift 
correspondingly  reduced.  There  are  two  viewpoints  that  can  be  used  in  explaining  the  operation  of 
spoilers.  One  is  to  consider  the  pressure  field  over  the  airfoil  and  the  other  is  to  consider  the  effect 
of  the  spoiler  on  the  wake  pattern.  These  viewpoints  are  discussed  in  the  following  paragraphs. 

For  flap-  and  plug  type  spoilers  the  pressure  loading  forward  of  the  spoiler  (difference  in  upper- and 
lower-surface  pressures)  is  reduced,  and  the  local  lift  is  reduced  accordingly.  Aft  of  the  spoiler  the 
pressure  loading  is  increased  because  of  high  suction  pressures  behind  the  spoiler  on  the  upper 
surface.  The  increase  in  lift  aft  of  the  spoiler,  however,  does  not  offset  the  decrease  in  lift  forward 
of  the  spoiler,  and  a total  loss  in  lift  results.  These  phenomena  are  illustrated  in  Sketch  (d). 
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SKETCH  (e)  TYPICAL  LIFT  CURVES  FOR  PLUG-TYPE  SPOILER 


For  small  deflections  of  plug-  and  flap-type  spoilers,  the  flow  reattaches  behind  the  spoiler  and  the 
spoiler  becomes  ineffective.  This  generally  occurs  for  spoiler  deflections  less  than  one  percent  of  the 
airfoil  chord.  This  problem  is  discussed  in  detail  in  Reference  9. 
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One  commonly  used  variation  of  the  flap-type  spoiler  is  the  slotted  spoiler  with  a deflector  on  the 
lower  surface  (see  Sketch  (c)).  This  system  has  several  advantages.  First,  the  air  that  is  ducted  from 
the  underside  of  the  airfoil  relieves  the  upper-surface  suction  pressures  behind  the  spoiler  and 
increases  the  spoiler  effectiveness.  Secondly,  the  problem  of  flow  reattachment  does  not  occur  tor 
small  spoiler  deflections.  Thirdly,  the  opposing  aerodynamic  loads  on  the  spoiler  and  deflector  can 
be  used  to  achieve  low  actuation  power  requirements. 

The  information  presented  in  this  section  is  limited  to  the  region  near  zero  lift,  where  the  spoiler  lift 
characteristics  are  essentially  linear  with  angle  of  attack. 

DATCOM  METHODS 


A.  TRAILING-EDGE  FLAPS 


Plain  Flaps 

The  section  lift  increment  due  to  the  deflection  of  plain  trailing-edge  flaps  with  sealed  gaps,  based 
on  the  method  of  Reference  10,  is  given  by 


Aci 


theory 


K' 
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where 

is  the  theoretical  flap-lift  effectiveness  from  Figure  6. 1.1.1 -39a  for  a given  airfoil 
thickness  ratio  and  flap-chord-to-airfoii-chord  ratio. 


is  an  empirical  correction  factor  obtained  from  Figure  6. 1 . 1 . 1 -39b 


The  parameter  Cj0/(cjJ used  in  reading  this  chart  is  obtained  from  Section 
4. 1 . 1 .2  (Figure  4.1.1 .2-8a). 

is  the  flap  deflection. 

is  an  empirical  correction  factor  from  Figure  6.1.1.1-40.  This  factor  has  been 
derived  from  a large  body  of  test  data  (References  1 1 through  28).  It  corrects  Acs 
for  nonlinear  effects  at  high  flap  deflections. 

This  method  does  not  include  the  effects  of  unsealed  gaps,  beveled  trailing  edges,  or  compressibility. 

In  general,  the  effectiveness  of  the  control  is  reduced  when  the  gap  is  unsealed.  This  effect  is  more 
pronounced  for  airfoils  with  beveled  trailing  edges  than  for  airfoils  with  true-contour  trailing  edges. 

The  method  may  be  applied  to  true-contour  airfoils  or  farfoils  with  slightly  modified  trailing-edge 
contours.  The  method  should  not  be  applied  to  airfoiis  with  beveled  trailing  edges.  Not  enough 
experimental  data  are  available  to  allow  a quantitative  prediction  of  the  effect  of  bevel.  However, 
the  data  do  show  a decrease  in  control  effectiveness  wuh  increasing  bevel. 
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Compressibility  will  have  serious  effects  on  the  lift  effectiveness  of  plain  trailing-edge  controls. 
Experimental  data  (References  17, 18,  and  57  through  59)  show  decreases  in  lift  effectiveness  up  to 
one  half  the  low-speed  values  at  high  subsonic  speeds.  Although  there  are  not  enough  data  to  allow 
a quantitative  prediction  of  compressibility  effects,  they  do  demonstrate  significant  effects  of  airfoil 
thickness,  control  size,  and  trailing-edge  angle  on  the  control  effectiveness  as  the  Mach  number  is 
increased.  The  onset  of  an  abrupt  loss  in  control  effectiveness  is  delayed  to  higher  Mach  numbers  by 
a reduction  in  airfoil  thickness  (References  58  and  59),  an  increase  in  control  size  (Reference  17), 
or  a reduction  in  trailing-edge  angle  (References  56  and  57). 

A comparison  of  low-speed  test  data  with  Ac«  of  plain-flapped  airfoils  calculated  by  this  method  is 
presented  as  Table  6.1.1.1-A. 


Single-Slotted  Flaps 

Two  methods  are  presented  for  estimating  the  section  lift  increment  due  to  the  deflection  of 
single-slotted  flaps.  Both  methods  are  applicable  in  the  high-flap-deflection  range  and  limited  to  the 
low-speed  regime.  Method  1 is  preferable  when  test  data  are  available  for  the  section  lift-curve  slope 
of  the  unflapped  airfoil.  When  no  section  lift-curve-slope  test  data  are  available,  Method  2 should  be 
used. 

Method  1 

The  section  life  increment  due  to  the  deflection  of  single-slotted  flaps  is  given  by 

Ac,  « -c,  a,6r  6.1.1.1-d 

a 


where 

Cjn  is  the  section  lift-curve  slope  of  the  unflapped  airfoil,  including  the  effects  of 
compressibility,  obtained  from  test  data  or  Section  4.1.1 .2. 

a*  is  the  section  lift-effectiveness  parameter  of  single-slotted  flaps  obtained  from  the 
empirical  correlation  of  Figure  6.1.1.1-41.  This  parameter,  based  on  the  data  of 
References  29  through  50,  is  presented  as  a function  of  flap  deflection  for  several  values 
of  the  ratio  of  flap  chord  to  airfoil  chord  Cf/c. 

Sf  is  the  flap  deflection. 

A comparison  of  test  data  with  Ac$  due  to  single-slotted  flaps  calculated  by  this  method  is 
presented  as  Table  6. 1 . 1 . 1 -B. 

Method  2 

This  method  (Reference  70)  uses  the  theoretical  lift  effectiveness  of  a simple  trailing-edge  flap  as 
obtained  from  thin-airfoil  theory,  modified  by  an  empirical  lift-effectiveness  parameter.  The 
section-lift  increment  due  to  the  deflection  of  single-slotted  flaps  is  given  by 


= c«5V*i  7 6.1.1.1-e 
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where 


Cis  is  the  theoretical  lift  effectiveness  from  thin-airfoil  theory  of  a simple  trailing-edge  flap, 
obtained  from  Figure  6.1.1.1-42  as  a function  of  flap-chord  ratio  ct/c  (see 
Figure  6.1.1.1-44  for  a geometric  representation  of  ci/c). 

6f  is  the  flap  deflection  in  degrees. 

171  is  the  empirical  lift-efficiency  factor  for  single-slotted  flaps,  obtained  from 
Figure  6. 1 . 1 . 1 -43a  as  a function  of  the  effective  turning  angle  $, 

where 


<t>  = + 


4> 


TE. 


upper 
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where 


^ TE 


upper 
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is  the  upper-surface  ordinate  of  the  flap  at  90%  chord  in  the 
retracted  position,  in  fractions  of  the  chord. 

Y1(XJ  is  the  upper-surface  ordinate  of  the  flap  at  100%  chord  in  the 
retracted  position,  in  fractions  of  the  chord. 


c 

is  the  ratio  of  the  extended-wing  chord  to  the  basic  wing  chord.  (See  Figure  6. 1 . 1 . 1-44 
c for  a schematic  definition.) 

A comparison  of  test  data  with  Ac 2 due  to  single-slotted  flaps  calculated  by  this  method  is 
presented  as  Table  6. 1.1.1  -C.  These  data  are  the  same  data  that  appear  in  Table  6.1.1.1-B. 

It  is  virtually  impossible  to  present  quantitative  information  on  the  effects  of  the  various  geometric 
and  aerodynamic  variables  involved  because  of  the  lack  of  systematic  experimental  data.  Although  a 
large  body  of  test  data  is  available,  the  data  consist  of  a large  number  of  unrelated  combinations  of 
airfoils  and  slotted  'laps.  The  configurations  listed  in  Table  6.1.1.1-B  include  wide  variations  in 
chordwise  position  of  slot  lip,  slot-entry  shape,  slot-lip  shape,  flap-nose  shape,  and  position  of  the 
flap  with  respect  to  the  slot  lip. 

Because  of  the  number  of  variables  involved  and  the  design  parameters  not  considered  in  the 
Datcom  methods,  the  comparison  between  theory  and  experiment  cannot  be  analyzed  by 
examining  the  isolated  effect  of  any  one  variable. 

Fowler  Flaps 

Section  lift  increments  for  Fowler  flaps  are  obtained  by  using  the  methods  presented  for 
single-slotted  flaps.  Fowler  flaps  are  included  in  the  empirical  correlation  of  slotted-flap  lift 
effectiveness  in  Figure  6.1.1.1-41  of  Method  1.  It  should  be  noted,  however,  that  this  design  chart 
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applies  only  when  the  Fowler  flap  is  near  its  fully  extended  position  and  the  slot  is  properly 
developed.  Method  2 predicts  an  increase  in  lift  increment  that  is  directly  proportional  to  the  ratio 
of  the  extended  chord  to  the  retracted  chord. 

Not  enough  test  data  for  airfoils  are  available  to  fully  substantiate  these  methods.  However,  the 
accuracy  of  the  methods  when  applied  to  Fowler  flaps  near  their  fully  extended  position  and  with  a 
properly  developed  slot  should  be  comparable  to  that  shown  for  the  single-slotted  flap  methods  in 
Tables  6.1.1.1-B  and  6.1.1.1-C. 


Double-Slotted  Flaps 

Two  methods,  taken  from  Reference  70,  are  presented  for  estimating  the  section  lift  increment  due 
to  the  deflection  of  a double-slotted  flap.  Both  methods  are  applicable  in  the  high-flap-deflection 
range  and  limited  to  the  low-speed  regime.  Method  1 is  applicable  to  the  conventional 
vane-plus-aft-flap  configuration  as  shown  in  Figure  6. 1.1.1-45  where  Cj/c2  <0.60.  Method  2 is 
applicable  to  a double-slotted  configuration  where  the  two  flap-chord  segments  are  approximately 
equal  (see  Figure  6.1.1.1-46).  This  configuration  is  referred  to  as  a double-deflected  flap  in  several 
references. 


Method  1 


The  section  lift  increment  due  to  the  deflection  of  double-slotted  flaps  of  the  conventional 
vane-plus-aft-flap  combination  is  given  by 


A<*  " % 
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where 


ifpTjj  are  the  empirical  lift-efficiency  factors  for  the  vane  and  aft-flap  segments 

obtained  from  Figure  6. 1.1.1 -43a,  based  on  ct  /c  and  c2/c,  respectively,  and  the 
effective  turning  angle  4>, 

where 


= 8,  + 0T„  (vane  segment) 

ll  1 nipper 


4>  = 5,  +6,  + <t>TV  (flap  segment) 

*1  r2  l£,upper 


and  <t>„  is  defined  in  Equation  6. 1.1.1 -g. 
upper 

c*«  f , c*a  # m toe  theoretical  lifting-efficiency  factors  for  the  vane  and  aft-flap  segments 
1 2 obtained  from  Figure  6. 1 . 1 . 1 -42  and  based  on  Cj  /c  and  c2  /c,  respectively. 


All  remaining  parameters  are  illustrated  and  defined  in  Figure  6.1.1.1-45. 

A comparison  of  test  data  with  Ace  due  to  double-slotted  flaps  calculated  by  this  method  is 
presented  in  Table  6. 1 . 1 . 1 -D. 
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Method  2 


The  section  lift  increment  due  to  the  deflection  of  double-slotted  flaps  with  approximately  equal 
flap-chord  segments  is  given  by 


Ace  = Vi  c8 
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where 

Vx , V2  are  the  empirical  lift-efficiency  factors  for  the  forward-  and  -■'ft-flap  segments 

obtained  from  Figure  6.1.1.1-43a,  based  on  c'j  /c  and  c2/c,  respectively,  and  the 
effective  turning  angle  <f>, 

where 


* - 5f.  + ^TF, 

(forward  segment) 

1 upper 

* = + tf’TE 

(aft  segment) 

2 “hipper 

and  0™  is  defined  in  Equation  6. 1.1.1 -g. 

upper 

c*«  # c6fi  are  the  theoretical  lifting-efficiency  factors  for  the  forward-  and  aft-flap 

1 2 segments  obtained  from  Figure  6.1.1.1-42,based  on  c'j/c  and  c2/c,  respectively. 

i/t  is  the  turning-efficiency  factor  of  the  aft  flap  obtained  from  Figure  6.1.1.1-43b, 

based  on  the  forward-  and  aft-flap-deflection  angles. 


All  remaining  parameters  are  illustrated  and  defined  in  Figure  6.1.1. 1-46. 

No  substantiation  table  is  presented  for  this  method  because  of  the  lack  of  test  data  for  this  type  of 
configuration.  However,  for  those  cases  that  have  been  evaluated,  the  accuracy  of  the  method  is 
analogous  to  that  of  Method  1 above. 

The  double-slotted  flap  may  be  defired  as  a single-slotted  flap  with  a turning  vane  in  the  slot. 
Consequently,  the  important  design  parameters  for  double-slotted  flaps  are  more  complicated  than 
those  for  single-slotted  flaps,  particularly  in  relation  to  determining  the  efficiency  of  flow  through 
the  slot.  As  in  .the  case  foi  single.-slotted  flaps,  a lack  of  systematic  test  data  precludes  quantitative 
examination  of  the  effects  of  the  various  geometric  and  aerodynamic  variables  involved. 

Because  of  the  design  parameters  not  considered  in  the  Datcom  method,  the  comparison  between 
theory  and  experiment  cannot  be  analyzed  by  examining  the  isolated  effect  of  any  one  variable. 
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Split  Flaps 


The  section  lift  increment  due  to  the  deflection  of  split  flaps  is  given  by 


Acs  = -cB  a5  5f 

Ot 
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where 

cSo  is  the  section  lift-curve  slope  of  the  unflapped  airfoil,  including  the  effects  of 
compressibility,  obtained  from  Section  4. 1.1. 2. 

aB  is  the  section  lift-effectiveness  parameter  of  split  flaps  obtained  from  the  empirical  curves 
of  Figure  6.1.1.1-47.  This  parameter,  based  on  the  curves  presented  in  Reference  53,  is 
presented  as  a function  of  flap  deflection  for  several  values  of  the  ratio  of  flap  chord  to 
airfoil  chord  cf/c. 

5f  is  the  flap  deflection,  measured  tangent  to  airfoil  lower-surface  contour  at  trailing  edge. 

A comparison  of  test  data  with  Acg  due  to  split  flaps  calculated  by  this  method  is  presented  as 
Table  6. 1.1.1 -E. 

B.  JET  FLAPS 

Methods  that  are  adaptable  to  a handbook  application  are  not  available  for  all  jet-flap  schemes.  The 
method  presented  below  is  applicable  to  the  pure  jet-flap  concept  and  the  internally-blown-flap 
(IBF)  and  extemally-blown-flap  (EBF)  concepts  with  a plain  trailing-edge  flap.  For  an  IBF  or  EBF 
concept  with  a single-slotted  or  multislotted  flap  configuration,  this  method  should  be  used  only  as 
a First  approximation.  No  handbook  method  is  currently  available  to  analyze  the  section  lift 
increment  due  to  an  augmentor-wing  concept. 

The  method  presented  herein  is  a combination  of  methods  presented  in  References  2 and  70  (based 
on  Spence’s  theoretical  results).  The  pertinent  geometrical  parameters  are  defined  and  illustrated  in 
Figure  6.1.1.1-48.  No  substantiation  of  the  method  is  presented  herein;  however,  the  method  has 
been  acknowledged  as  being  substantiated  in  the  literature  (References  1 and  4). 

This  method  is  capable  of  estimating  the  lift  increments  in  the  linear-lift  range  (preferably  at  zero 
angle  of  attack)  for  three  types  of  configurations: 

1 . Pure  jet  flap 

2.  IBF  or  EBF 

3.  Combination  jet-flap  and  plain-flap  deflection  (see  Figure  6. 1.1.1  -48) 

It  is  of  particular  interest  to  note  that  the  factor  [ 1 + kt(t/c')]  in  Equation  6. 1 . 1 . 1-k  below  corrects 
the  pressure  lift  contribution  for  thickness  effects,  under  the  constraint  of  no  trailing-edge 
separation.  No  values  for  the  lifting-efficiency  factor  are  available  as  a function  of  flap  setting  and 
jet  momentum  coefficient.  For  this  reason,  the  user  must  exercise  caution  not  to  apply  the  method 
to  conditions  where  trailing-edge  separation  exists  and/or  low  values  of  jet  momentum  coefficient 
prevail. 
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It  should  be  noted  that  the  flap-chord  value  cf/c'  used  in  Figure  6.1.1.1-49  is  not  the  true 
mechanical  flap  length  for  flaps  with  Fowler-type  motion.  For  Fowler-type  flaps,  the  flap  chord  is 
the  length  from  the  flap  trailing  edge  to  the  intersection  of  the  flap-chord  and  wing-chord  lines. 

The  section  lift  increment  due  to  flap  deflection  and  jet  efflux  of  a jet-flap  combination,  based  on 
the  retracted  airfoil  chord  c,  is  given  by 


■ {[,+k'(?)]Mvc;)+c;Sf 

+ [’  + *'  (c1)]  S‘  (C,«j  - C")  + C*  S‘|  C 


6.1.1.1-k 


where 


kt  is  the  airfoil-theory  thickness  factor;  i.e., 

k,  = 1 .0  for  elliptic  airfoils 
= 0.637  for  parabolic  airfoils 

For  airfoil  sections  other  than  elliptic  or  parabolic,  a value  of  0.80  for  kt  is  suggested 
(Reference  70). 

4 is  the  airfoil  thickness  ratio,  based  on  the  extended  chord ; see  Figure  6. 1 . 1 . 1 -48. 

C 

c8{  f is  the  rate  of  change  of  section  lift  coefficient  with  respect  to  flap  deflection  obtained 
from  Figure  6. 1 . 1 . 1-49  as  a function  of  the  trailing-edge  jet  momentum  and  the  ratio 
of  the  flap  chord  to  the  extended  wing  chord  cf/c'.  (The  term  c£0  appearing  in 
Figure  6.1.1. 1-49  is  the  jet-flap  lift-curve  slope  uncorrected  for  thickness  effects.) 

As  noted  above,  the  flap-chord  value  cf  is  the  length  from  the  flap  trailing  edge  to  the 
intersection  of  the  flap-chord  and  wing-chord  lines. 

Cj/  is  the  section  nondimensional  trailing-edge  jet-momentum  coefficient  based  on  the 
extended  airfoil  chord  (defined  in  Sketch  (a)  of  this  section). 

5f  is  the  flap  deflection  in  radians,  see  Figure  6. 1 . 1 . 1 -48. 

Cg6 . is  the  rate  of  change  of  section  lift  coefficient  with  respect  to  the  jet  deflection  obtained 
1 from  Figure  6. 1 . 1 . 1 -49  as  a function  of  the  trailing-edge  jet  momentum  C^'. 

5.  is  the  trailing-edge  jet  momentum  angle  in  radians,  with  respect  to  the  trailing-edge 
camber  line,  see  Figure  6. 1 . 1 . 1-48 . 

c' 

— is  the  ratio  of  the  extended  wing  chord  to  the  retracted  wing  chord. 
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C.  LEADING-EDGE  FLAPS  AND  SLATS 


The  available  experimental  section  characteristics  for  leading-edge  devices  (References  15,  69,  and 
76)  are  insufficient  to  allow  substantiation  of  the  methods  presented.  However,  the  methods  should 
provide  results  that  are  suitable  for  fust  approximations  for  flapped  airfoils  with  geometric 
parameters  within  the  boundaries  of  thin-airfoil  theory.  Consequently,  the  methods  are  considered 
applicable  for  airfoil-flap  configurations  with  t/c<0.10  and  with  small  flap  deflections,  in  the 
linear-lift  range  (preferably  at  zero  angle  of  attack). 

It  should  be  noted  that  the  cSs  values  for  all  leading-edge  devices  are  of  opposite  sign  from  the 
values  for  trailing-edge  flaps. 


Leading-Edge  Flaps 

The  method  presented  below  is  taken  from  Reference  70  and  is  based  on  thin-airfoil  theory.  The 
section  lift  increment  due  to  leading-edge  flap  deflection  is  given  by 


Ac«  = % Sf 
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where 

Cj  is  the  leading-edge  flap-effectiveness  parameter  obtained  from  Figure  6.1.1.1-50  as  a 
8 function  of  the  nose-flap-chord  to  wing-chord  ratio  cf/c. 

Sf  is  the  nose-flap  deflection  in  degrees,  as  shown  in  Figure  6. 1 . 1. 1-5 1 . 

Krueger  Flaps 

The  method  presented  below  is  a modification  of  the  method  presented  immediately  above 
(Reference  70),  to  account  for  the  chord  extension  associated  with  Krueger  leading-edge  devices. 

No  substantiation  of  this  method  is  presented  because  of  the  lack  of  test  data.  The  section  lift  incre- 
ment due  to  a Krueger  leading-edge  flap  deflection  is  given  by 


Ac,  - c,t  t,i. 


6.1.  Mm 


where 

Cg6  is  the  leading-edge  flap-effectiveness  parameter  obtained  from  Figure  6.1.1.1-50  as  a 
function  of  the  Krueger  flap-chord  to  wing-chord  ratio  c(/c'. 

6f  is  the  Krueger  flap  deflection,  in  degrees,  as  shown  in  Figure  6.1.1.1-51. 

c' 

— is  the  ratio  of  the  extended  wing  chord  to  airfoil  chord  as  shown  in  Figure  6. 1 . 1 . 1 -51. 
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Leading-Edge  Slats 


The  method  presented  here  is  a modification  of  the  method  presented  for  leading-edge  flaps 
(Reference  70);  i.e.,  it  is  modified  to  account  for  the  chord  extension  associated  with  leading-edge 
slats.  The  section  lift  increment  due  to  a leading-edge  slat  deflection  is  given  by 

„ c' 

Acfi  = cfi  5f  — b.l.l.Fm 


where 

Csg  is  the  leading-edge  flap-effectiveness  parameter  obtained  from  Figure  6.1.1.1-50  as  a 
function  of  the  leading-edge-slat-chord  to  wing-chord  ratio  cf/c. 

is  the  slat  deflection,  in  degrees,  as  shown  in  Figure  6. 1 . 1 . 1 -5 1 . 

— is  the  ratio  of  the  extended  wing  chord  to  airfoil  chord  as  shown  in  Figure  6.1.1.1-51. 
c 

D.  SPOILERS 

The  section  lift  increment  due  to  either  plug  or  flap  spoilers  is  given  by 


Acfi  = -c  A«; 

a 
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where 


eg  is  the  lift-curve  slope  of  the  basic  airfoil,  including  compressibility  effects,  from  Section 

4. 1.1. 2.  / 

/ 

Aa'j  is  the  spoiler  lift-effectiveness  parameter  expressed  in  terms  of  change  in  zero-lift  angle  of 
attack,  from  Figure  6.1.1.1-52.  This  design  chart,  taken  from  Reference  55,  was 
developed  from  data  obtained  by  testing  a series  of  airfoils  with  various  plug-spoiler 
configurations. 

In  Figure  6.1.1.1-52,  the  parameter  x$  is  the  distance  from  the  nose  of  the  airfoil  to  the  spoiler  lip, 
and  hs  is  the  height  of  the  spoiler  measured  from  and  normal  to  the  airfoil  mean  line  at  x$. 

Experimental  section  characteristics  (Reference  77)  for  airfoils  with  plain  or  plug  spoilers  are  too 
meager  to  allow  substantiation  of  this  method.  However,  if  a reliable  value  of  Cta  is  used,  the 
method  should  provide  results  that  can  be  used  with  confidence  within  the  limitations  of  the  design 
chart  for  determining  A cl 

The  lift  effectiveness  of  a slotted  spoiler  with  a deflector  on  the  lower  surface  is  greater  (causes 
larger  lift  loss)  than  that  of  plug  and  flap  spoilers.  No  known  method  is  available  for  predicting  the 
section  lift  effectiveness  of  slotted  spoilers. 
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Sample  Problems 

1.  Plain  Trailing-Edge  Flap 

Given:  The  flapped  airfoil  of  Reference  13. 

NACA  0009  airfoil  Cj/c  = 0.20  6f  = 50°  Re  = 2.76  x 106 

tan~  *TE  = 0.099  (streamwise  airfoil  geometry) 


Compute: 


Nthoor, 
( *a)  theory 

s 

Ndteoty 


= 3.61  per  rad  * 0.063  per  deg 

-0.837  (Figure  4.  l.I.2-8a) 

- 0.725  (Figure  6. l.l.l-39b) 


K'  - 0.543  (Figure  6.1.1.1-40) 
Solution: 


(Figure  6.1.1.1-39a) 


Ac„ 


N 


theory 


K' 


|(  *a)  theory  J 

* (50)  (0.725)  (0.063)  (0.543) 
= 1.24 


(Equation  6.1.1.1-c) 


This  compares  with  a test  value  of  1 . 1 5 from  Reference  1 3. 

2.  Single-Slotted  TrajBng-Edge  Flap  (Method  1 ) 

Given:  The  flapped  airfoil  cf  Reference  41  with  the  slot  lip  at  0.84  c. 
NACA  65-210  airfoil  cf/c  = 0.25  5f  = 50° 


Low  Speed;  fi  * 1.0  R,  = 6.0  x 106 


0.084  (streamwise  airfoil  geometry) 
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Compute: 

cg  (Section  4. 1.1.2) 


(cn  ) 

\ a /theory 

iiheory 


= 0.879 


(\)a  =0-78P«rad 


(Figure  4.1.1.2-8a) 

(Figure  4.1.1.2-8b) 


1.05 


Cfi«  P 


i\) 


theory 


(\) 


theory 


(Equation  4.1.1.2-a) 


1.05 

1.0 


(0.879)  (6.78)/57.3  = 0.109  per  deg 


a6  - -0.300 


(Figure  6.1.1.1-41) 

Solution: 

Acjj  = — cg  otB  5f  (Equation  6.1.1. 1-d) 

Ot 

= -(0.109)  (-0.300)  (50) 

= 1.64 

This  compares  with  a test  value  of  1.73  from  Reference  41. 

3.  Single-Slotted  Trailing-Edge  Flap  (Method  2) 

Given:  The  flapped  airfoil  of  R^o.cnce  41  with  the  slot  lip  at  0.84  c 
(same  sample  problem  as  presented  for  Method  1) 


NACA  65-210  airfoil 


Y?0  » 0.01327  c 


Low  Speed;  p - 1.0 
Compute: 

c„  = 0,0668  per  deg 

x.c 


= 0.25 


*100  “ o 


— = 1.078 
c 


Sf  = 50 


(Figure  6,1.1.1-42) 
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(Equation  6. 1.1.1 -g) 


TE 


upper 


= tan' 


= tan 


1 (Y>o  Y>00\ 

\ oio  / 

1 / 0.01327  - p\ 

\ 0.10  -/ 


= 7.56° 

* = 6f  + tf>TE 

upper 

= 50  + 7.56  = 57.56° 


(Equation  6. 1,1.1  -Q 


tjj  = 0.455  (Figure  6.1.1. 1-43a) 
c' 

Acs  = cg  of  rjj — (Equation  6.1.1. 1-e) 

6 C 

= (0.0668)  (50)  (0.455)  (1.078) 

= 1.64 


This  compares  with  a test  value  of  1.73  from  Reference  41. 
4.  Double-Slotted  Trailing-Edge  Flap  (Method  1) 

Given:  The  flapped  airfoil  of  Reference  64. 


NACA  64-208  airfoil 
M = 0.18 

Y90  = 0.01067c 
Compute: 

c„  - 0.0327  per  deg 

hr 


Cj/c  = 0.056  c2/c  = 0.25 

6f  = 25°  5 = 25° 

l h 

^ioo  = ® 

(Figure  6. 1.1.  M2) 


= 0.0668  per  deg 


^TE  “ * 


upper 


Y - Y 
*90  *100 

0.10 


(Figure  6. 1. 1. 1-42) 

(Equation  6.1.1.1-g) 


, / 0.01067  -0  \ 

= tan"1  — 

\ 0.10  / 


c'/c  = 1.127 
a = 0 


(vane  segment) 


* = <V  + *TE 

1 ‘^uppet 

= 25  + 6.1  = 31.1° 

4>  = 6f  + 5f  + 4>rv  (flap  segment) 

1 2 lc,upp«r 

= 25  + 25  + 6.1  « 56.1° 


i7j  = 0.640 
t?2  = 0.470 


(Figure  6.1.1.  l-43a) 


Acs  " Vi  S.  8 


'h  \ (\*\)[t) 


(Equation  6.1.1.1-h) 


= (0.640)  (0.0327)  (25)  (1.056)  + (0.470)  (0.0668)  (50)  (1.127) 


= 0.552  + 1.770 


= 2.32 


This  compares  with  a test  value  of  2.07  from  Reference  64. 


5.  Double-Slotted  Trailing-Edge  Flap  (Method  2) 
Given:  The  flapped  airfoil  of  Reference  78. 


NACA  23012  airfoil 


c'j/c  = 0.40 


c2/c  = 0.2566 


c'Jc  = 1.10 


Low  Speed;  /J  - 1.0 


c'/c  - 1.14 


Sf  = 30° 


Y90  = 0.0168c  Y100  = 0.0013c 


Compute: 


= 0.082  per  deg  (Figure  6.1.1.1-42) 


= 0.0672  per  deg  (Figure  6.1.1. 1-42) 
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Tnni'k"!1!  I ■ i g rr^ri 


ft 


k ."  : 
V ■'.*■■ 

y,/.; 

m 


s# 


« t* 


s 


kfcidi  trui  i ITii 


TE, 


upper 


= tan  1 


- tan 


Y - Y 

90  *100 

0.10 

0.0168  -0.0013 


(Equation  6.1.1.1-g) 


= 8.8° 

4>  = 6f  + <*>TE 

1 * upper 

- 30  + 8.8  = 38.8° 


* ~ 6f • + ^TE 

2 * upper 


= 20  + 8.8  = 28.8° 


0.10 


(forward  segment) 


(aft  segment) 


r?!  = 0.69 
r)2  = 0.71 


(Figure  6. l.l.l-43a) 


rjt  = 0.84  (extrapolated  from  Figure  6. 1.1.  l-43b) 


/ c'\  / 

Acs  = r'1  \ 6f,  ~ +t?2  % \ \ 1 + 

of  1 \ c I 2 \ 

X1  V / *2  \ 


c'-c: 


(Equation  6.1.1. 1-i) 


= (0.69)  (0.082)  (30)  (1.10)  + (0.71)  (0.84)  (0.0672)  (20)  [ 1 + (1.14  - 1.10)1 
= 1.867  + 0.834 
= 2.70 

This  compares  with  a test  value  of  2.69  from  Reference  78. 

6.  Split  Trailing-Edge  Flap 

Given:  The  flapped  airfoil  of  Reference  75 

Sf  =60°  NACA  23012  airfoil  c^/c  = 0.40 
cK  = 0.107  per  deg  (test  data) 


Compute: 


a5  = -0.30 


(Figure  6.1.1.1-47) 
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Solution: 


k 


4 


$ 


Acc  = — c„  as  6f  (Equation  6.1.1.  l*j) 

a 

= -(0.107)  (-0.30)  (60) 

= 1.92 

This  compares  with  a test  value  of  1.71  from  Reference  75. 


7.  Jet  Flaps 

Given:  The  pure  jet-flap  configuration  of  Reference  5. 

t 


Elliptic  airfoil 


= 0.125 


CM.  = 4‘° 


= 1.0 


0 


5f  = 0 


at  = 0 


Sj  = 31.4° 


Compute: 

»*t  = 1.0  (elliptic  value) 

= 9,60  P6r  rad  (Figure  6. 1.1. 1-49) 


Ace  = 


1 + k 


“c' 


Mv~c;  + C'A 


1 +k.\~ 


C-  -C  +C5. 

S 7 M J 


(Equation  6.1.1.1-k) 


Since  = 0,  the  first  two  terms  drop  out. 

Ac,  = {1  +(1.0)  (0.125)]  ~~  (9.60  -4.0)  + 4.0  [ 

57.3  \5/.}j 

» 3.452  + 2.192 
= 5 64  (based  on  c) 

Tfiis  compares  '"-‘h  a test  value  of  5.59  from  Reference  5. 
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is 


3 

* 

I *J» 

1 

i 

< 


— ir- 


v -i  * J V'  i>'y 


8.  Leading-Edge  Flaps 

Given:  The  flapped  airfoil  of  Reference  15. 

N AC  A 0006  airfoil  cf/c  = 0.15  S{  = 20° 

M = 0.15 
Compute: 

\ ~ -0,00286  per  deg  (Figure  6.1.1.1-50) 

^cs  = cfi  5f  (Equation  6.1.1. 1-fi) 

6 

= (-0.00286)  (20) 

= -0.057 

This  compares  with  a test  value  of  -0.07  from  Reference  15. 

9.  Leading-Edge  Slats 

Given;  The  flapped  airfoil  of  Reference  69. 

NACA  65 A0 10  airfoil  cf/c  = 0.17  6f  = 25.6° 

Low  Speed  R2  = 7.0  x 106  c'/c  = 1.12 

Compute: 

cg  - -0.00350  per  deg  (Figure  6.1.1.1-50) 

. c c' 

Act  - c o,—  (Equation  6.1.1.  l-n(l 
s c 

= (-0.00350)  (25.6)  (1.12) 

= -0.100 

This  compares  with  a test  value  of  -0.19  from  Reference  69. 


■ 


< 
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TABLE  6.1,1,1-A 

PLAIN  TRAI LING-EDGE  FLAP  EFFECTIVENESS 
DATA  SUMMARY  AND  SUBSTANTIATION 


TABLE  0.1.1.1-A  (CONTD) 


TABLE  8.1.1.1-B.  (CONTD) 


wl 


Airfoil 

Section 


66,2-116 


I 

23021 

Mod.  Double 
Wedge 

66,2-222 

e-  0.1 


*1"  10" 


LS  1.0 

l I 


LS  1.0 


0.106  0.996 


0.106  0.996 


0.105  0.995 

I I 


0.106  0.995 

J I 

0,106  0.995 


\ 45 

0.25  40 

0.263  40 

0.266  20 

30 

40 

0.267  10 


0.267  10 

20 
30 
40 
50 
60 
20 
30 
40 
50 
60 

0.257  10 

20 
30 
40 
50 
60 

0,267  i 30 


0.110  .600  0.83  0.70 

I .356  1.76  1.80 

0.097  .397  1.54 

0.101  .398  1.61 


0.120  .495  1.19  1.06 


.460 
' .400 

0.104  .616 

,496 
.460 
.400 
.306 

0.097  .515 

.495 
.460 
.400 
.305 
.220 
.495 
.460 
.400 
.305 
.220 

0.080  .515 

.495 
.460 
.400 
.305 
.220 

0.104  .469 

{ .313 

0.104  .440 

| .550 


AC| 

Test 

e 

Percent 

Error 

0.70 

18.6 

1.80 

- 2.3 

-12.5 

1.60 

0.6 

1.06 

12.3 

1.60 

10.7 

1.62 

26.3 

0.48 

12.5 

1.00 

3.0 

1.48 

- 2.7 

1.64 

1.2 

1.59 

0 

0.49 

2.0 

1.06 

- 8.6 

1.30 

ai 

1.52 

2.0 

1,60 

- 7.6 

1.71 

-25.1 

0.98 

- 2.0 

1.23 

8.9 

1.17 

32.6 

1.37 

8.0 

1.46 

-12.3 

0.41 

0 

0.90 

-12.2 

1.15 

- 4.3 

1.18 

8.5 

1.20 

1.7 

1.40 

-24.3 

1.71 

•14.6 

1.53 

6.5 

1.84 

- 0.5 

0.57 

0 

1.02 

7.8 

1.48 

4.7 

1.82 

0.6 

1.96 

-10.2 
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TABLE  6.1.1. 1C 

SINGLE-SLOTTED  TR AILING-EDGE  FLAP  EFFECTIVENESS 
DATA  SUMMARY  AND  SUBSTANTIATION 
(See  TAB LE  6.1 .1 .1  -B  for  slot-flap  configuration) 


Airfoil 

Section 


63(420)422 
a »'  0.1 


x 10-6  cf/c 


23012 
66.2-216 
a “ 0.6 


66,2-216 
a 0.6 


66,2  1 1 6 LS 

a *>  0.6  , 

\ ♦ 

23021  0.105 

Mod.  Double  0.25 

Wedge 

66,2-222  LS 

a * 0.1  I 


23012  0.105 


$ 

c»6 

(deg) 

(per  deg) 

”1 

.149  38.80 

.157  74.25 

.03  73.9 

1.07  42.1 


.043  31 

.058  41 

51 

.073  56 

.029  21 

.043  31 

.058  41 

51 
56 
21 

.029  31 

.043  41 

.058  51 

.066  56 

.023  26.3 

.066  56.3 

.255  54.25 

.006  46.42 


0,0668 

0,0672 


1.07051  48.8 


Percent 

Error 


.00 

12.0 

.20 

6.7 

1.83 

37,3 

.41 

-6.4 

.58 

-6.3 

.46 

0.7 

.12 

-11.6 

.40 

-5.7 

.45 

—4.8 

.78 

-9.4 

.86 

-12.4 

1.72 

-6.4 

.52 

-6.6 

.71 

-6.4 

.80 

-6.7 

1.73 

-1.7 

1.40 

12.1 

1.53 

15.0 

1.80 

5.0 

1.98 

-5.5 

3.47 

6.4 

0.995 

-1.9 

1.33 

0.8 

1 56 

-3.2 

1.63 

-6.7 

0.48 

4.2 

1.00 

-2.4 

1.335 

0.4 

1.565 

-3.5 

1.63 

-6.7 

0.495 

0 

1.01 

-5.0 

1.53 

-13.7 

1.70 

-11.8 

1.61 

-6.2 

0.70 

5.7 

1.80 

-16.7 

1.76 

-6.8 

1.60 

-1.9 

1.06 

-5.7 

1.50 

-10.0 

1.52 

-0.7 

0.48 

6.3 

1.00 

1.0 

1.48 

-5.4 

1.64 

-1.2 

1.59 

1.9 
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TABLE  6.1.1.1-D 

DOUBLE-SLOTTED  TRAILING-EDGE  FLAP  EFFECTIVENESS 
DATA  SUMMARY  AND  SUBSTANTIATION 


Airfoil 

Saction 


1410 

63- 210 

65- 210 

66- 210 

64- 208 
64^212 
64-210 
64A010 

\ 

64j  A212 

66(2161-215 
a -0.8 


R-4,40-318-1 

\ 

R -4,40-41 3-6 

* 

66-210 

653118 

6S3-418 


664-421 


TE^er 


c' 

Cl 

c 

c 

S3 

0.04 

mm 

0.056 

1.139 

0.075 

1.146 

1.143 

1.148 

1.133 

1.141 

0.075 

1.133 

0.075 

1.143 

0.075 

1.144 

0.075 

1.148 

0.075 

1.152 

0.075 

1.139 

0.075 

1.133 

1 

0.075 

1 

( 

1.106 

t 

0.083 

1.114 

0.096 

1.118 

1.121 

1.125 

1.133 

1.137 

1.151 

1.137 

0.092 

1.155 

1.216 

1.180 

1.172 

0.10 

1.175 

0.10 

1.163 

0.106 

1.221 

0.1165 

1.166 

0.109 

1.229 

0.147 

«fl 

Sf2 

(deg) 

(dag) 

e 

Percent 

Error 


0.2566 

0.235 

0.2566 


Average  Error  - 8.2%. 
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FIGURE  6.1.1.1-39a  THEORETICAL  LIFT  EFFECTIVENESS  OF  PLAIN  TRAILING-EDGE  FLAPS 
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FIGURE  6. 1.1.1 -39b  EMPIRICAL  CORRECTION  FOR  LIFT  EFFECTIVENESS  OF  PLAIN 
TRAILING-EDGE  FLAPS 
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FIGURE  6.1.1.1-41  SECTION  LIFT-EFFECTIVENESS  PARAMETER  OF  SINGLE-SLOTTED  FLAPS 
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Note:  The  cf/c  values  needed  for  using  this  figure  are  defined  under  “Datcom  Methods,”  based 
on  the  geometric  parameters  shown  in  Figures  6. 1 . 1 . 1 -44  through  -46 . 
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FIGURE  6.1.1.1-42  THEORETICAL  LIFTING  EFFECTIVENESS  OF  TRAILING-EDGE  FLAPS 
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FIGURE  6.1.I.l-43a  EMPIRICAL  LIFTING-EFFICIENCY  FACTORS  FOR  SLOTTED  FLAPS 


AFT  FLAP  DEFLECTION,  8f 
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FIGURE  6.1,l.l-43b  TURNING  EFFICIENCY  OF  AFT  FLAPS 


c wing  chord  (flap  in  neutral  position). 

Cj  flap  chord. 

c'  extended  wing  chord  due  to  flap  extension.  In  measuring  c',  the  flap  trailing  edge  is 
rotated  from  its  deflected  position  about  the  intersection  of  the  flap  chord  and  the  chord 
of  the  airfoil  section,  until  the  two  chords  coincide. 

Sf  flap  deflection. 


FIGURE  6.1.1.1-44  SINGLE-SLOTTED  FLAP  GEOMETRIC  PARAMETERS 
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c wing  chord  (flap  in  neutral  position). 

ca"  extended  wing  chord  due  to  forward-flap  extension.  In  measuring  ca,  first  rotate  the 
forward  flap  from  its  deflected  position  about  the  point  of  intersection  of  the 
forward-flap  chord  and  the  chord  of  the  airfoil  section,  until  the  two  chords  coincide. 

c'  extended  wing  chord  due  to  the  double-slotted  flaps.  In  measuring  c\  the  aft  flap  is  first 
rotated  from  its  deflected  position  about  the  point  of  interjection  of  the  aft-flap  chord 
and  the  chord  of  the  forward  flap,  until  the  two  chords  coincide.  Then  both  flaps  are 
rotated  from  the  deflection  of  the  forward  flap  about  the  point  of  intersection  of  the 
forward-flap  chord  with  the  wing  chord,  until  these  two  coincide. 

5i  | flap  deflection  of  the  forward  flap. 

Sf,  flap  deflection  of  the  aft  flap. 

C|  forward-flap  chord. 

c2  aft-flap  chord. 


FIGURE  6.1.1.1-45  DOUBLE-SLOTTED  FLAP  GEOMETRIC  PARAMETERS 
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c wing  chord  (flap  in  neutral  position). 

c*  extended  wing  chord  due  to  complete  forward-flap  extension.  In  measuring  c' , first 
rotate  the  complete  forward  flap  (usually  includes  aft  flap)  about  the  point  of 
intersection  of  the  forward-flap  chord  and  the  chord  of  the  airfoil  section,  until  the  two 
chords  coincide. 

c'  extended  wing  chord  due  to  the  deflection  of  the  double-slotted  flaps.  In  measuring  c', 
the  aft  flap  is  first  rotated  from  its  deflected  position  about  the  point  of  intersection  of 
the  aft-flap  chord  and  the  chord  of  the  forward  flap,  until  the  two  chords  coincide.  Then 
both  flaps  are  rotated  from  the  deflection  position  of  the  forward  flap  about  the  point  of 
intersection  of  the  forward-flap  chord  with  the  wing  chord,  until  these  two  coincide. 

c,  forward-flap  chord  (actual). 

Cj ' forward-flap  chord  (complete  airfoil). 

cz  aft-flap  chord. 

5fj  flap  deflection  of  the  forward  flap. 

S(2  flap  deflection  of  the  aft  flap. 


FIGURE  6. 1 . 1 . 1 -46  DOUBLE-SLOTTED  FLAP  GEOMETRIC  PARAMETERS 
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FIGURE  6.1.1.1-47  SECTION  LIFT-EFFECTIVENESS  PARAMETER  OF  SPLIT  FLAPS 
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6-  is  the  initial  trailing-edge  jet  momentum  angle  in  radians,  measured  with  respect  to  the 
trailing-edge  camber  line  of  the  airfoil. 

6f  is  the  flap  deflection  in  radians,  measured  with  respect  to  the  airfoil  chord. 


FIGURE  6. 1. 1.1  -48  JET-FLAP  GEOMETRIC  PARAMETERS 
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FIGURE  6.1.1. 1 -49  TWO  DIMENSIONAL  JET-FLAP  THEORETICAL  RESULTS 
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Note:  The  cf/c  or  cf/c'  values'  needed  for  using  this  figure  are  schematically  illustrated  in  the 
next  figure. 


FIGURE  6.1.1.1-50  THEORETICAL  LIFTING  EFFECTIVENESS  OF  LEADING-EDGE 
DEVICES 
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c'  is  the  extended  wing  chord  due  to  the  deflection  of  the  leading-edge  device.  In  measuring 
c'  the  leading-edge  device  is  rotated  to  the  wing-chord  line  from  its  deflected  position, 
about  the  point  of  intersection  of  the  leading-edge-flap  chord  and  the  wing  chord. 


FIGURE  6.1.1.1-51  GEOMETRY  OF  LEADING-EDGE  DEVICES 
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6.1. 1.2  SECTION  LIFT-CURVE  SLOPE  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 

Trailing-Edge  Flaps 

Thin-airfoil  theory  shows  that  the  lift-curve  slope  of  a cambered  section  is  tne  same  as  that  of  the 
corresponding  uncambered  airfoil.  Experimental  data  verify  this  theoretical  prediction  for  the 
angle-of-attack  and  flap-deflection  ranges  for  which  the  flow  is  attached  Over  both  the  wing  and  flap 
surfaces. 

Flow  separation  on  the  wing  or  flap  causes  the  lift-curve  slope  to  be  lower  than  the  theoretical 
value.  Sketch  (a)  shows  a typical  set  of  lift  curves  for  trailing-edgc  flaps  at  various  deflections.  The 
approximate  points  at  which  the  curves  become  appreciably  nonlinear  for  a given  flap  deflection  are 
shown  by  the  arrows. 


SKETCH  (a)  TYPICAL  LIFT  CURVES  FOR  TRAILING-EDGE  FLAPS 

The  sketch  is  typical  of  ail  types  of  traiiing-edge  tlaps  except  split  flaps,  which  have  somewhat 
different  lift  characteristics.  When  a split  flap  is  deflected,  a reduced  pressure  exists  in  the 
wedge-shaped  region  between  the  flap  and  the  wing.  This  reduced  pressure  creates  a tavorable 
pressure  gradient  near  the  wing  trailing  edge,  which  causes  the  boundary  layer  at  the  upper-surface 
trailing  edge  to  he  thinner  for  the  flap-deflected  condition  than  for  the  undeflected  condition. 
Consequently,  lift-curve  slope  for  small  split-flap  deflections  is  greater  than  that  ot  the 
un flapped  airfc  nis  effect  is  particularly  pronounced  on  thick  airfoils. 

For  flaps  that  translate  as  they  deflect,  the  lift-curve  slope  is  increased  because  of  the  increased 
effective  area  of  he  flapped  section.  Fowler  flaps  are  the  most  commonly  used  (laps  of  this  type. 

Reference  1 cont-ms  a comprehensive  summary  of  two-dimensional  trailing-edge  control-surface 
data,  including  data  for  the  nonlinear  angle-of-attack  and  flap-deflection  ranges. 

Jet  Flaps 

The  lift-curve  si  : for  a jet-flap  airfoil  is  dependent  upon  the  jet  momentum  trailing-edge 
coefficient  CM.  Tne  method  presented  herein  is  Spence’s  adaptation  of  thin-airfoil  theory  as 
presented  in  References  2 and  3.  In  summary,  Spence,  applies  thin-airfoil  theory  to  inviscid, 
incompressible  flow  past  a thin,  two-dimensional  wing  at  a small  incidence,  with  a jet  of  zero 
thickness  and  finite  momentum  emerging  at  a small  angle  of  incidence  from  the  trailing  edge.  The 
flow  inside  ihe  jet  is  assumed  to  be  irrotational  and  is  bounded  by  vortex  sheets  that  prevent  mixing 
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with  the  mainstream.  For  flaps  that  extend  as  well  as  rotate,  a correction  is  applied  to  account  for 
the  increased  planform  area.  For  more  details  regarding  the  fundamental  concepts  of  jet  flaps,  the 
reader  is  referred  to  the  discussion  presented  in  Section  6. 1 . 1 . 1 . 

Leading-Edge  Flaps 

The  lift-curve  slope  of  an  airfoil  with  a leading-edge  flap  is  very  nearly  the  same  as  that  of  the 
unflapped  airfoil.  For  slats  that  extend  forward  as  well  as  rotate,  a correction  must  be  made  for  the 
increased  planform  area.  Typical  lift  curves  are  shown  in  Sketch  (b). 


SKETCH  (b)  TYPICAL  LIFT  CURVES  FOR  LEADING-EDGE  FLAPS  AND  SLATS 


Spoilers 

The  lift  curves  of  airfoiis  with  spoilers  extended  are  extremely  nonlinear,  particularly  at  subsonic 
speeds.  Sketch  (c)  shows  a typical  set  of  lift  curves  for  an  airfoil  with  and  without  plug  and  slotted 
spoilers.  Leading-edge  flaps  in  conjunction  with  plug  spoilers  tend  to  linearize  the  lift  curve  at  high 
angles  of  attack.  This  effect  is  similar  to  that  achieved  by  adding  a slot  and  deflector  behind  a plug 
spoiler. 


SKETCH  (c)  EFFECT  OF  SLOT  AND  LEADING-EDGE  FLAP  ON  SPOILER  LIFT  CURVES 

The  Datcom  methods  presented  below  for  trailing-edge  flaps,  jet  flaps,  leading-edge  flaps  and  slats, 
and  spoilers  are  limited  to  subsonic  flow. 
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DATCOM  METHODS 


The  approximate  flap  deflections  at  which  flow  separation  and  appreciable  lift-curve-slope  losses 
occur  with  increasing  flap  deflection  are  shown  in  Table  6.1.1 .2-A  for  various  types  of  flaps.  Values 
for  both  good  and  poor  designs  are  shown.  Flap  design  is  very  critical  to  airfoil  section  and  flap 
geometry.  The  effects  of  these  variables  on  maximum  lift  are  discussed  in  detail  in  Section  6. 1.1. 3. 

1.  Fixed-Hinge  Trailing-  and  Leading-Edge  Flaps 

For  these  flaps  the  lift-curve  slope  is  assumed  to  be  the  same  as  that  of  the  unflapped  section  for 
unseparated  flow  conditions. 

2.  Translating  Trailing-Edge  Flaps  and  Leading-Edge  Devices  (Slats  and  Krueger  Flaps) 

For  devices  whose  hinge  line  translates  with  deflection,  the  lift-curve  slope  is  given  by 

where 

/c8  \ is  the  lift-curve  slope  of  the  unflapped  airfoil,  including  compressibility  effects,  from 
\ a/4=0  Section  4. 1.1.2 

(c^  ^ is  the  lift-curve  slope  at  leading-  or  trailing-edge  deflection  6. 
c is  the  chord  of  the  unflapped  airfoil. 

c'  is  the  effective  chord  of  the  flapped  airfoil  at  any  flap  deflection.  In  measur- 

ing c'  of  a single-slotted  trailing-edge  flap  or  a leading-edge  device,  the  flap  or 
leading-edge  device  is  rotated  from  its  deflected  position  about  the  point  of 
intersection  of  the  flap  or  leading-edge-device  chord  with  the  wing  chord,  until  the 
two  coincide.  In  measuring  c'  of  a double-slotted  flap,  the  reader  is  referred  to 
Figures  6.1.1.1-45  and  6.1.1.1-46. 

3.  Jet  Flaps 

The  method  presented  here  applies  to  the  same  configurations  as  indicated  for  the  jet-flap  method 

of  Section  6. 1.1.1;  i.e.,  the  pure  jet  flap  and  the  internally-blown-flap  (IBF)  and  externally-blown- 
flap  (EBF)  concepts  with  plain  trailing-edge  flaps.  For  an  IBF  orEBF  concept  with  a single-slotted 
or  multislotted  flap  configuration,  this  method  should  be  used  only  as  a first  approximation. 


No  substantiation  of  the  method  is  presented;  however,  the  method  has  been  acknowledged  as  being 
substantiated  in  the  literature  (References  4 and  5). 


It  should  be  noted  that  the  term  [1  + kt(t/c')]  is  used  as  a correction  for  airfoil  thickness  effects 
and  applies  to  the  pressure  lift  contribution  calculated  by  thin-airfoil  theory.  This  correction  can  be 
justified  only  if  there  is  no  trailing-edge  separation. 
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For  jet-flap  configurations 
given  by 


the  total  section  lift-curve  slope,  based  on  the  retracted  airfoil  chord,  is 


\ = 


1 + k. 


.(?)&-c.)+<r>i7 
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where 

kt  is  the  airfoil-theory  thickness  factor;  i.e., 

kt  = 1.0  for  elliptic  airfoils 
= 0.637  for  parabolic  airfoils 

For  airfoil  sections  other  than  elliptic  or  parabolic,  a value  of  0.80  for  kt  is  suggested 
(Reference  2). 


— is  the  airfoil  thickness  ratio,  based  on  the  extended  wing  chord 
c 

Cg  is  the  jet-flap  lift-curve  slope  uncorrected  for  thickness  effects  obtained  from  Figure 
° 6. 1 . 1 . 1 -49,  based  on  the  extended  wing  chord,  as  a function  of  Cj, . 

C'  is  the  section  nondimensional  trailing-edge  jet  momentum  coefficient,  based  on  the 
M extended  wing  chord  (defined  in  Sketch  (a)  of  Section  6. 1 . 1 .1 ). 

t 

— is  the  ratio  of  the  extended  wing  chord  to  airfoil  chord,  where  c'  is  obtained  as  described 
c in  Section  6. 1.1.1  for  the  appropriate  flap  geometry. 


4.  Spoilers 

For  the  purposes  of  the  Datcom  the  lift-curve  slope  of  an  airfoil  with  a spoiler,  for  the  conditions 
a > 0 and  ce  < 0,  is  assumed  to  be  the  same  as  that  of  the  basic  airfoil. 


Sample  Problems 

1 . Translating  Trailing-Edge  Flap 
Given:  The  flapped  airfoil  of  Reference  7. 

NACA  230 1 2 airfoil  Single-slotted  flap  5f  = 30°  c'/c  = 1.154 

M = 0.105;  p = 0.995  Rs  = 3.5  x 106 

tan  1/2  = 0.132  (streamwise  airfoil  geometry) 
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Compute; 


(C*Js-o  ~ 0,102  perdeg  (Section  4. 1.1. 2) 


Solution; 


(\\  “ c(\)t-o  (Equation  6.1.1.2-a) 


= (1.154)  (0.102) 


= 0.118  per  deg 


This  compares  with  a test  value  of  0.120  per  degree  fromReference  7. 


2.  Jet  Flap 


Given:  The  pure  jet-flap  configuration  of  Reference  6, 

t 


Elliptic  airfoil 


= 0.125 


C,  = 4.0 


— = 0 

c 


6f  = 0 


= 31.4° 


c 

c 


Compute: 


k,  = 1.0  (elliptic  airfoil) 


Cg  - 13.63  perrad  (Figure  6.1.1.1-49) 


=|[,+k'(7)](l-c-)+c«|r 


(Equation  6.1.1.2-b) 


= {[1  + (1.0X0.125) ] (13.63 -4.0)  + 4.o}  1.0 


= 14.83  per  rad  (based  on  c) 

This  compares  with  a test  value  of  16.'  from  Reference  6. 
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TABLE  6. 1.1.2-A 

APPROXIMATE  RANGE  OF  FLAP  DEFLECTION  FOR  LINEAR-LIFT  CHARACTERISTICS 

AT  ZERO  ANGLE  OF  ATTACK 


Flap  Typa 

(deg) 

Poor  Design 

Good  Design 

Plain 

Oto  10 

Oto  20 

Singfe  Slotted  end  Fowler 

0 to  20 

Ow  30 

Double  Slatted 

Oto  30 

Oto  60 

Split 

0 to  JO  or  45 
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6.1. 1.3  SECTION  MAXIMUM  LIFT  WITH  HIGH  LIFT  AND  CONTROL  DEVICES 


The  maximum-lift  increments  obtainable  by  the  use  of  leading-  and  traiting-edge  flaps  are  strongly 
ir  iuenced  by  the  How  characteristics  of  untlapped  sections  near  the  stall.  The  lift  of  unflapped 
sections  near  and  at  the  stall  is  discussed  in  detail  in  Sections  4. 1 . 1 .3  and  4.1.14. 


A discussion  of  the  aerodynamic  aspects  of  airfoil  flaps  is  given  in  Reference  1,  some  of  the  more 
salient  points  of  which  are  summarized  in  the  following  paragraphs. 


Trailing-edge  flaps  increase  the  maximum  lift  of  a section  by  means  of  the  camber  eftect. 
Theoretically,  the  incremental  load  distribution  due  to  flap  deflection  reaches  a peak  in  the  region 
of  the  flap  hinge  line,  has  a smaller  peak  at  the  leading  edge,  and  falls  to  zero  at  the  trailing  edge. 
Thus  the  pressure  gradient  of  the  upper  surface  forw  trd  of  the  flap  is  relieved,  although  the  gradient 
over  the  flap  itself  is  greatly  increased.  The  flow  over  the  flap  therefore  separates  at  moderate 
angles,  i.e. , 10°  to  15°  for  plain  flaps.  However,  the  separation  is  contained  behind  the  flap  hinge 
line  and  does  not  progress  forward  over  the  wing  until  the  flap  deflections  become  large.  Lilt 
continues  to  increase  with  flap  deflection  after  separation  takes  place  over  the  flap,  but  the  rate  of 
increase  is  considerably  less  than  that  for  the  small  flap-deflection  range  where  the  flow  is 
completely  attached.  Maximum  lift  is  obtained  just  before  the  separation  progresses  forward  of  the 
flap  or  the  flow  separates  from  the  leading  edge. 


Leading-edge  flaps  increase  the  maximum  lift  of  airfoils  by  lowering  the  high  peak  suction  pressures 
near  the  nose  and  thereby  delaying  leading-edge  separation.  Nose-flap  deflection  has  only  a 
second-order  effect  on  the  flow  near  the  trailing  edge.  Maximum  lift  for  a given  flap  deflection  is 
achieved  when  the  angle  of  attack  is  increased  to  the  point  where  the  pressure  distribution  around 
the  nose  approximates  the  pressure  distribution  of  the  unflapped  section  just  before  the  stall. 
Leading-edge  stall  ensues  as  in  the  case  of  the  unflapped  section.  This  problem  is  treated 
theoretically  in  Reference  2. 


Thin  airfoils  stall  as  a result  of  leading-edge  separation,  and  thick  airfoils  as  a result  of  trailing-edge 
separation  (see  Section  4.1. 1.3).  Since  trailing-edge  flaps  primarily  affect  trailing-edge  separation 
without  significantly  altering  the  nose  pressures,  they  are  most  effective  on  thick  wings. 
Leading-edge  flaps,  on  the  other  liand,  delay  leading-edge  separation  without  significantly  altering 
the  trailing-edge  flow  and  are  therefore  most  effective  on  thin  wings. 


The  stall  angle  of  attack  of  an  airfoil  having  a leading-edge  flap  is  quite  different  from  that  of  an 
airfoil  having  a trailing-edge  flap.  Leading-edge  flaps  produce  increases  in  lift  by  enabling  the  airfoil 
to  reach  higher  angles  of  attack.  Therefore,  the  angle  of  attack  at  stall  is  considerably  higher  for  an 
airfoil  having  a leading-edge  flap  than  that  for  the  unflapped  airfoil.  Trailing-edge  flaps,  on  the  other 
band,  produce  increases  in  maximum  lift  by  means  of  the  camber  effect  and  actually  stall  at  an 
angle  of  attack  below  that  of  the  unflapped  airfoil.  These  trends  are  illustrated  in  the  accompanying 
sketch.  A consideration  of  these  stalling  angles  is  often  a critical  item  in  practice. 


SKETCH  (a)  TYPICAL  LIFT  CURVES  FOR  LEADING-EDGE  AND  T RAILING-EDGE  FLAPS 


Specific  comments  concerning  high-lift  trailing-edge  devices  in  common  use  are  given  in  the 
following  paragraphs.  The  accompanying  sketch  illustrates  the  various  types  of  flaps.  Not  all  of 
those  shown  are  explicitly  discussed. 


C 


PLAIN  FLAP 


SINGLE-SLOTTED  FLAP 


C 


DOUBLE-SLOTTED  FLAP  ^ FOWLER  FLAP 

SKETCH  (b)  TYPICAL  TRAILING-EDGE  FLAPS 


Plain  Flaps 

The  preceding  discussion  of  trailing-edge  flaps  is  applicable  to  plain  flaps  and  no  further  comments 
are  required. 


Split  Maps 

When  a split  flap  is  deflected,  a region  of  reduced  pressure  exists  between  the  upper  surface  of  the 
flap  and  the  lower  surface  of  the  airfoil.  This  reduced  pressure  creates  a favorable  pressure  gradient 
over  the  top  rea^  surface  of  the  airfoil.  Trailing-edge  separation  is  thus  suppressed,  and  final  stall 
often  occurs  at  the  airfoil  nose. 


Slotted  Flaps 


The  crucial  factor  in  the  design  of  a slotted  flap  is  the  slot.  The  slot  sheds  the  boundary  layer  at  the 
slot  lip  arid  allows  a new  boundary  layei  to  develop  over  the  flap.  The  slot  also  directs  air  in  a 
dirccti  tangential  to  the  surface  of  the  flap.  Flow  attachment  can  therefore  be  maintained  to 
relative large  flap  deflections.  For  instance,  efficiently  designed  double-slotted  flaps  can  prevent 
flow  separation  at  deflections  as  high  as  00°. 

The  design  of  slots  for  slotted  flaps  is  very  critical.  Several  rules  of  thumb  have  been  developed  for 
efficiently  designing  these  flaps.  First,  the  flap  (and  vane)  and  airfoil  must  overlap  for  all  deflections 
when  viewed  in  planform.  Secondly,  the  jet  issuing  from  the  slot  should  also  be  directed  in  a 
direction  tangential  to  the  flap  surface.  Long  shroud  lengths  often  show  advantages,  since  they  have 
better  control  over  the  direction  of  the  jet. 

The  flaps  (and  vanes)  of  a slotted  flap  carry  considerably  more  lift  than  the  corresponding  plain  flap 
with  the  same  chord  and  deflection  angle.  These  surfaces  are,  in  reality,  in  tandem  with  flic  wing 
and  derive  beneficial  induced-camber  effects  associated  with  tandem  configurations. 


Fowler  Flaps 

Aerodynamieally,  Fowler  flaps  function  in  the  same  way  as  single-slotted  flaps.  Additional  lift 
benefits  arc  obtained,  however,  from  the  increased  chord  due  to  translation  of  these  flaps. 


Jet  Flaps 

The  recent  developments  in  high-lift  technology  have  led  to  the  widespread  consideration  of  the 
jet-flap  scheme  (see  Section  6. 1 . 1 . 1 for  a sketch  of  the  various  types  and  a discussion  of  the  salient 
aspects).  Comments  regarding  the  maximum  lift  increment  due  to  power  effects  of  a jet-flap  scheme 
are  given  in  the  following  paragraphs. 

The  inciement  in  lift  due  to  power  effects  of  a jet-flap  configuration  is  strongly  dependent  upon  the 
trailing-edge  jet  momentum  coefficient  C„.  Since  the  jet-flap  theory  as  developed  by  Spence 
assumes  inviscid  flow,  it  cannot  be  utilized  to  predict  the  achievable  maximum  lift  coefficient.  An 
expression  has  been  developed  in  Reference  3 for  the  increment  in  maximum  lift  of  a 
two-dimensionai  jet-flapped  airfoil  with  supercirculation.  The  analysis  is  limited  to  airfoils  that 
exhibit  a leading-edge  stall,  Under  these  circumstances  it  is  suggested  that  the  pressure  distribution 
around  the  leading  edge  would  be  similar  for  the  flapped-  and  plain-wing  sections  at  stall. 

Reference  4 summarizes  an  attempt  to  correlate  test  dat3  with  the  method  presented  in 
Reference  3.  The  predicted  values  of  Acjmix  due  to  power  underestimated  the  experimental  data 
by  a considerable  margin.  These  results  tend  to  indicate  that  an  airfoil  with  blowing  does  not  stall  at 
the  same  leading-edge  pressure  coefficient  as  the  airfoil  without  blowing,  nut  at  considerably  lower 
pressure  coefficients.  The  test  data  used  for  the  attempted  correlation  indicated  a wide  scatter  band 
as  a function  of  C^.  This  scatter  prevents  the  application  of  an  empirical  modification  to  the 
method.  Consequently,  no  method  is  presented  herein.  Further  investigations  are  required  and  more 
test  data  needed  to  yield  a more  accurate  and  reliable  method. 


DATCOM  METHODS 


The  following  Datcom  methods  for  trailing-edge  and  leading-edge  flaps  are  limited  to  subsonic  flow. 
1 . T railing-Edge  F laps 

An  empirical  method  from  Reference  2 for  predicting  maximum  lift  increments  for  plain,  split,  and 
slotted  flaps  is  presented  in  Figures  6.1.1 .3-1 2a  through  6.1.1 .3-1 3b.  The  maximum  lift  increment  is 
given  by 


Ac„ 


max 


kjkjka 
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where 

/Ack  j is  the  section  maximum  lift  increment  for  25-percent  chord  flaps  at  the 

\ max/base  rsference  flap-deflection  angle  from  Figure  6. 1.1. 3- 12a.  (Reference  flap- 

deflection  angles  are  denoted  in  Figure  6. 1.1. 3- 13a.) 

kj  is  a factor  accounting  for  flap-chord-to-airfoil-chord  ratios  other  than  0.25 

from  Figure  6. 1.1. 3- 12b. 

k2  is  a factor  accounting  for  flap  deflections  other  than  the  reference  values  from 

Figure  6. 1.1. 3- 13a.  t 

k3  is  a factor  accounting  for  flap  motion  as  a function  of  flap  deflection  from 

Figure  6. 1.1. 3-1 3b. 

A comparison  of  experimental  data  with  results  based  on  these  charts  is  shown  in  Table  6.1.1.3-A. 


2.  Leading-Edge  Flaps 

A method  is  developed  in  Reference  5 for  predicting  the  maximum  lift  increment  for  leading-edge 
flaps,  slats,  and  Krueger  flaps.  The  method  is  based  on  an  extension  of  thin-airfoil  theory,  using 
empirical  factors  that  were  developed  using  available  test  data. 

The  available  Krueger-flap  test  data  were  found  to  be  dependent  largely  upon  the  trailing-edge  flap 
deflection.  Consequently,  the  method  for  Krueger  flaps  from  Reference  5 is  not  presented,  since  it 
does  not  account  for  the  trailing-edge  flap  deflections. 

The  method  presented  herein  gives  reasonable  results  when  applied  to  leading-edge  flap  deflections 
less  than  30°,  as  indicated  by  the  comparison  of  test  data  with  predicted  results,  shown  in 
Table  6.1.1.3-B. 


For  leading-edge  slats  it  is  not  advisable  to  use  the  method  herein  for  deflections  greater  than  20°. 
The  method  tends  to  overpredict  the  maximum  lift  inclement  for  larger  deflections,  as  shown  in 
Table  6.1.1.3-B. 
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The  maximum  lift  increment  for  leading-edge  flaps  and  slats  is  given  by 


Ac„ 


= max  % 5f  *T 


6.1.1.3-b 


where 


cs  is  the  theoretical  maximum  lifting  effectiveness  obtained  from 

6max  Figure  6. 1.1. 3-1 4 as  a function  of  the  leading-edge  flap-chord  ratio  cf/c. 

i?max  is  the  empirical  factor  accounting  for  the  maximum  lifting  efficiency  obtained 

from  Figure  6.1.1.3-15  as  a function  of  the  ratio  of  the  leading-edge  radius  to 
the  thickness  ratio  of  the  airfoil. 


The  reason  for  the  discontinuity  in  the  slat  curve  presented  in  Figure  6. 1 . 1 .3-1 5 
is  that  older  NACA  test  data  are  used  to  establish  the  left-hand  portion  of  the 
curve,  while  more  recent  test  data  (as  indicated  in  Reference  5)  are  used  for  the 
right-hand  portion.  An  attempt  was  made  to  resolve  this  discontinuity; 
however,  no  modifications  were  made  because  of  the  lack  of  test  data  in  the 
region  of  the  discontinuity.  | 

i 

tjs  is  the  empirical  factor  accounting  for  changes  in  flap  deflection  from  the 

optimum  deflection  obtained  from  Figure  6. 1.1.3-16  as  a function  of 
deflection  angle. 

6f  is  the  leading-edge  deflection  angle  in  radians  (see  Figure  6.1.1.1-51). 

c' 

— is  the  ratio  of  the  extended  wing  chord  due  to  leading-edge  flap  extension  to 

c the  retracted  wing  chord  (see  Figure  6. 1 . 1 . 1 -5 1). 


Sample  Problems 

1 . T railing-Edge  Flap 

Given:  The  flapped  airfoil  of  Reference  6. 

NACA  65-2 10  airfoil  Double-slotted  flap  Sf  = 15°  6f  = 25° 

fj  t2 

= 40°  cf/c  = 0.312  Rg  = 6.0  x 106 
Compute: 


/Acc  \ “ 1.165  (Figure  6. 1.1. 3- 12a) 

\ max/baje 

kj  = 1.250  (Figure  6. 1.1. 3-1 2b,  extrapolated) 
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k2  = 0.950  (Figure  6. 1.1. 3- 13a) 


73 

sa 

« 

it 


H 

« 


Actual  Flap  Angle  40 

— Z. — = — = o.80 

Reference  Flap  Angle  50 

k3  = 0.870  (Figure  6. 1.1. 3- 13b) 

Solution: 

Acff  =k,k,k3/Ace  \ (Equation  6.1.1. 3-a) 

max  1 z 3 \ *mix/baje 

= ( 1.250)(0.950)(0.870)(  1.165) 

» 1.20 


This  compares  with  a test  value  of  1.33  from  Reference  6. 

2.  Leading-Edge  Flap 

Given:  The  flapped  airfoil  of  Reference  7. 

NACA  64A0 10  airfoil  * Leading-edge  radius  = 0.687%  c 

t % 

— =0.10  Noseflap  6f  = 30°  =0.15 

c c 

Compute: 

c„  = 1.44  per  rad  (Figure  6.1.1.3-14) 

s 

max 

Fmax  = 0.99  (Figure  6. 1.1.3-15) 

p5  = 0.82  (Figure  6.1.1.3-16) 

Solution: 

i 

c 

ACg  = cfi  Fmax  Fi  6 f — (Equation  6,1.1. 3-b) 
max  6 C 


= (1.44)(0.99)(0.82)  (1.0) 

= 0.612 

This  compares  with  a test  value  of  0.56  from  Reference  7. 
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TABLE  6.1.1.3-A 


LOW-SPEED  SECTION  MAXIMUM- LIFT  INCREMENTS  FOR  TRAILING-EDGE  FLAP  DEFLECTION 
OATA  SUMMARY  AND  SUBSTANTIATION 


Ref. 

Airfoil 

Flap  Type 

RgxIO  6 

cf/c 

Sf 

(deg) 

c®mex 
(fit  = 0) 

Acw 

Calc 

^C^max 

Test 

e 

•Percent 

Error 

9 

NACA  0009 

Plain 

2.58 

.25 

10 

.885 

27 

.23 

17.4 

10 

Double  Wedge 
t/c  = 4.23% 

6.8 

.25 

60 

.84 

.97 

.89 

9.0 

11 

NACA  0006 

4.5 

,30 

50 

.94 

.91 

.76 

19.7 

12 

6-  percent- 
thick  circular  arc 

6.0 

.20 

60 

.73 

.34 

.91 

-7.7 

12 

1 0-percent- 
thick  circular  arc 

6.0 

.20 

60 

.67 

.75 

.98 

-23.6 

13 

NACA  0009 

2.76 

.20 

30 

1.15 

.56 

.43 

-30.2 

13 

NACA  0009 

2.39 

.30 

30 

.975 

.64 

.57 

12.3 

13 

NACA  0009 

2.39 

.40 

30 

1.0 

.66 

.53 

24.5 

6 

NACA  65-210 

Split 

6.0 

.20 

60 

1.29 

.75 

.78 

-3.8 

14 

NACA  0012 

8.0 

.20 

60 

1.66 

.84 

.69 

21.7 

15 

NACA  1410 

6.0 

.20 

60 

1.51 

.74 

.82 

-9.8 

16 

NACA  2301 2 

3.5 

.20 

60 

1.55 

.84 

.98 

-14.3 

17 

NACA  23012 

3.5 

.10 

60 

1.55 

.59 

.75 

-21.3 

17 

NACA  23021 

3.5 

.40 

60 

1.36 

1.73 

1.54 

12.3 

18 

NACA  66,2-1 16 
a = .6 

Single 

Slotted 

6.0 

.2505 

45 

1.45 

1.67 

1.29 

29.5 

6 

NACA  65-210 

2.4 

.25 

30 

1.22 

.79 

.90 

-12.2 

6 

NACA  65-210 

2.4 

.25 

30 

1.22 

.79 

.84 

-6.0 

19 

NACA  23012 

3.5 

.30 

40 

1.56 

1.24 

1.36 

-8.8 

20 

NACA  66.2-216 
a - .6 

5.1 

.25 

45 

1.4G 

1.67 

1.42 

17.6 

21 

NACA  23012 

3.5 

.2566 

30 

1.52 

.88 

1.03 

-14.6 

22 

NACA  23012 

3.5 

.40 

40 

1.53 

1.27 

1.3T 

-2.3 

6 

NACA  65-210 

Double 

2.4 

.312 

40 

1.22 

1.20 

1 30 

-7.7 

6 

NACA  65-2*0 

Slo 

tied 

6 

.312 

40 

1.29 

1.20 

1.33 

-9.8 

6 

NACA  65-210 

9 

.312 

50 

1.4 

1.47 

1.20 

22.5 

23 

Between 
R-4,40-318-1 
end  R -4,40-31 3-6 

3.5 

.238 

40 

1.39 

1.37 

1.35 

1.5 

23 

Between 
R-4,40-318-1 
end  R -4,40-31 3-6 

14 

.238 

40 

1.55 

1.37 

1.31 

4.6 

24 

NACA  65,3-118 
a - 1.0 

6 

.309 

45 

1.61 

1.98 

1.59 

24.5 

25 

NACA  23021 

3.5 

.32 

50 

1.35 

2.30 

1.86 

23.7 

26 

NACA  23012 

3.5 

.30 

50 

1,55 

1.65 

1.63 

1.2 

27 

NACA  2301 2 

3.5 

.40 

40 

1.55 

1.82 

1.91 

-4.7 

15 

NACA  63-210 

6 

.25 

50 

1.52 

1.17 

1.38 

-15.2 

6 

NACA  65-210 

Fowler 

2.4 

.25 

35 

1.22 

1.03 

.99 

4.0 

6 

NACA  65-210 

9 

.25 

35 

1.4 

1.03 

1.04 

-1.0 

16 

NACA  23012 

3.5 

.2667 

40 

1.55 

1.47 

1.09 

34.9 

19 

NACA  23012 

3.5 

.30 

40 

1.55 

1.65 

1.75 

-5.7 

28 

NACA  23012 

2.9 

.40 

30 

1.16 

1.71 

1.70 

0.6 

28 

Clark  Y 

~2 

.20 

30 

1.35 

.84 

1.16 

-27.6 

Average  Error 

Del 

n 

13.7% 

*bajed  on  flapped  airfoil 
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TABLE  6.1.1.3-B 


LOW-SPEED  SECTION  MAXIMUM-LIFT  INCREMENTS  FOR  LEADING-EDGE  FLAP  AND  SLAT  DEFLECTION 

DATA  SUMMARY  AND  SUBSTANTIATION 


Ref. 

Airfoil 

Type 

t/c 

Cf/c 

sf 

(deg) 

AcW 

Calc 



Ac»max 

Ttst 

A (Ac®maxcalc  ~ Ac®max,wt) 

7 

64  A0 10 

Flap 

0.10 

0.15 

15 

0.373 

0.39 

-0.017 

1 

30 

0.612 

0.56 

0.052 

1 

45 

0.280 

0.46 

-0.180 

29 

Double  Wedge 

0.0423 

0.12 

5 

0.068 

0.145 

-0.077 

0.16 

0.076 

0.145 

-0.069 

0.20 

0.065 

0.155 

-0.070 

0.12 

10 

0.136 

0.14 

-0.004 

0.16 

0.155 

0.17 

-0.015 

0.20 

0.170 

0.20 

-0.030 

0.25 

0.182 

0.225 

-0.043 

0.12 

15 

0.204 

0.185 

0.019 

0.16 

0.232 

0.26 

-0.028 

0.20 

0.254 

0.28 

-0.026 

0.12 

20 

0.272 

0.255 

0.017 

0.16 

0.310 

0.335 

-0.025 

0.20 

0.339 

0.345 

-0.006 

0.25 

0.364 

0.445 

-0.081 

0.12 

25 

0.320 

0.37 

-0.050 

0.16 

0.364 

0.445 

-0.061 

0.20 

0.399 

0.41 

-0.011 

0.25 

0.428 

0.515 

-0.087 

0.12 

30 

0.335 

0.41 

-0.075 

0.16 

0.381 

0.485 

-0.104 

0.20 

0.417 

0.465 

-0.048 

0.25 

0.448 

0.515 

-0.067 

0.12 

35 

0.314 

0.43 

-0.116 

0.16 

0.358 

0.195 

0.163 

0.20 

0.392 

0.18 

0.212 

0.25 

0.421 

0.515 

-0.094 

7 

64A010 

Slat 

0.10 

0.17 

25.6 

0.736 

0.90 

-0.164 

64,-212 

0.12 

0.14 

14.3 

0.70 

0.60 

0.100 

1 

65A109 

0.09 

1 

24.3 

0.61 

0.69 

-0.080 

31 

6-'!  A0 10 

0.10 

0.17 

15 

0.577 

0.66 

-0.083 

32 

Clark  Y 

0.117 

0.13 

11.5 

0.456 

0.76 

-0.304 

1 

lJ 

_ 



14 

0.556 

0.79 

_ 

-0.234 
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TVBLE  6.1.1.3-B  (CONTD) 


Airfoil 


Clark  Y 


T ypa  t/c 


S 


EQ  1040 


64,-212 


Ac8ma* 

Calc 

Acw 

Teit 

0.646 

0.76 

0.542 

0.705 

0.685 

0.77 

0.720 

0.55 

0.691 

0.683 

0.734 

0.722 

0.729 

0.715 

0.204 

0.340 

0.443 

0.585 

0.641 

0.600 

0.946 

0.190 

0.780 

0.785 

0.843 

0.852 

0.880 

0.910 

0.907  • 

0.642 

0.403 

0.630 

0.559 

0.730 

0.760 

0.755 

0.656 

0.682 

0.742 

0.685 

0.850 

0.698 

0.602 

0.223 

0.723 

0.344 

0.641 

0.507 

0.302 

0.436 

0.680 

0.213 

0.573 

0.472 

0.332 

0.521 

0.351 

0.289 

0.209 

0.483 

0.286 

0.15 

-0.1 14 
-0.163 
-0.085 
0.170 
0.008 
0.012 
0.014 
-0.136 
-0.142 
0.041 
0.756 
-0.005 
-0.009 
-0.030 
0.265 
-0.227 
-0.171 
0.005 
-0.026 
0.057 
0.152 
0.379 
0.379 
0.134 
-0.134 
0.467 
0.101 
-0.189 
0.062 
-0.274 
0.136 


Average  A | 
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TRAILING-EDGE  FLAPS 


CURVE  FLAP  TYPE  AIRFOIL 


BEST  2-SI  OT 


^cCmax)  base 


l AVERAGE  2 -SLOT 

NACA 

T FOWLER 

ANY  T~' 

j NACA  2-SLOT  — NACA  6-SERIES 

(_N AC  A 1-SLOT 

ANY  1/ 

SPLIT  & PLAIN 

ANYyf  >’ 

niSn 


AIRFOIL  THICKNESS  (%  wing  chord) 

FIGURE  6. 1 . 1 .3- 1 2a  MAXIMUM-LIFT  INCREMENTS  FOR  25%-CHORD  FLAPS 
AT  REFERENCE  FLAP  ANGLE 
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^^^«HBflBBBBH 
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FLAP-CHORD  (%  wing  chord) 

FIGURE  6. 1.1.3 -1 2b  FLAP-CHORD  CORRECTION  FACTOR 
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TRAILING-EDGE  FLAPS 


FIGURE  6. 1.1.3 -13a  FLAP-ANGLE  CORRECTION  FACTOR 


ACTUAL  FLAP  ANGLE 
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FIGURE  6. 1 . 1 3 - 1 3b  FLAP-MOTION  CORRECTION  FACTOR 
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FIGURE  6.1.1.3-14  THEORETICAL  MAXIMUM-LIFT  EFFECTIVENESS 
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FIGURE  6.1.1.3-15  MAXIMUM-LIFT  EFFICIENCY  FOR  LEADING-EDGE  DEVICES 
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LEADING-EDGE  FLAPS  AND  SLATS 


FIGURE  6. 1.1.3  16  DEFLECTION-ANGLE  CORRECTION  FACTOR 
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6.1.2  SECTION  PITCHING  MOMENT  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 

6. 1.2.1  SECTION  PITCHING-MOMENT  INCREMENT  Acm  DUE  TO  HIGH-LIFT 

AND  CONTROL  DEVICES 


The  use  of  high-lift  and  control  devices  alters  the  basic  airfoil  load  distribution,  thus  affecting  the 
section  pitching  moment,  as  well  as  the  lift. 

Methods  are  presented  in  this  section  for  estimating  the  pitching-moment  characteristics  for  most 
common  high-lift  devices  in  use  today  and  for  some  of  the  blown  flaps  being  considered  for  SI  OL 
aircraft.  These  methods  are  valid  only  in  the  subsonic  regime  in  the  linear-lift  region  (preferably 
near  zero  angle  of  attack).  The  effect  of  these  devices  on  the  variation  of  pitching  moment  with 
angle  of  attack  is  presented  in  Section  6. 1.2. 2,  except  for  the  jet  flap,  which  is  presented  in  this 
section,  Considerations  of  clarity  and  simplicity  of  presentation  dictated  this  deviation  from 
standard  Datcorn  practice. 

The  assumption  is  made  that  the  characteristics  of  a trailing-edge  Hap  are  independent  of  any 
leading-edge  device,  and/or  the  characteristics  of  a leading-edge  device  are  independent  of  any 
mechanical  trailing-edge  flap.  In  reality  this  is  not  quite  true,  but  the  methods  of  this  section  arc  not 
sufficiently  refined  to  account  for  these  interference  effects.  This  assumption  cannot  be  justified  in 
the  case  of  the  more  powerful  jet  flap. 

Trailing-Edge  Mechanical  Flaps 

Sketch  (a)  shows  a typical  loading  on  an  airfoil  with  a plain  flap  deflected  and  undetected.  The 
incremental  load  due  to  the  flap  exhibits  a peak  over  the  airfoil  leading  edge  and  a peak  over  the 
hinge  line.  The  higher  loading  at  the  hinge  predominates,  giving  a nose-down  moment. 


For  conditions  where  the  flow  is  attached,  the  center-of-pressure  location  of  the  additional  load  due 
to  flaps  does  not  shift  position  with  flap  deflection.  Therefore,  the  pitching  moment  is  directly 
proportional  to  the  lift  increment.  As  the  flow  breaks  down,  the  center  of  pressure  usually  moves 
forward  by  a small  amount,  causing  a mild  pitch-up.  The  Datcorn  method  is  fairly  accurate,  even  for 
high  values  of  flap  deflection. 


6.1. 2. 1-1 


Sketch  (b)  illustrates  typical  flap  pitching-moment  curves  plotted  as  a function  of  flap  deflection 
for  a given  ratio  of  flap  chord  to  wing  chord.  The  lift  and  pitching  moment  variation  with  flap  angle 
are  usually  linear  as  long  as  the  flow  is  attached.  Plain  flaps  maintain  attached  flow  and  exhibit 
linear  characteristics  at  small  angles  of  attack  and  flap  deflections.  Single-,  double-,  and 
triple-slotted  flaps  assure  attached  flow  for  increasingly  higher  angles  of  incidence  and  flap 
deflections  and  give  linear  characteristics  over  a much  larger  range.  Split  flaps  have  no  significant 
range  of  linear  characteristics  as  a result  of  the  wide  wake  caused  by  the  split  trailing  edge. 


Theoretically,  the  center-of-pressure  location  is  a function  of  the  ratio  of  the  flap  chord  to  airfoil 
chord,  showing  a forward  shift  with  increasing  flap-chord  ratios.  Although  test  data  for  plain  and 
split  flaps  do  not  match  the  theoretical  center-of-pressure  location,  they  do  show  the  same  trend  as 
theory.  Slotted  flaps  do  not  follow  this  trend.  Data  for  slotted  flaps  were  analyzed  for  extended 
airfoil  chords  of  10  to  40  percent.  Virtually  all  of  the  data  indicated  a center-of-pressure  location 
between  41  and  47  percent  of  the  extended  airfoil  chord,  showing  no  dependence  upon  the  ratio  of 
flap  chord  to  airfoil  chord.  Therefore  an  average  center-of-pressure  location  of  44  percent  has  been 
assumed  (see  Figure  6.1.2. l-35a)  for  al!  slotted  flaps,  independent  of  the  ratio  of  flap  chord  to 
airfoil  chord. 


Leading-Edge  Mechanical  Devices 

Leading-edge  devices  produce  a nose-down  pitching  moment,  similar  to  trailing-edge  flaps,  because 
they  delay  the  stall  by  lowering  the  high  peak  loading  at  the  leading  edge.  The  method  presented  is 
for  conventional  leading-edge  devices,  based  on  thin-wing  theory  from  Reference  1.  Efforts  to 
substantiate  this  method  by  using  available  test  data  have  proved  unsatisfactory.  The  test  data 
exhibit  nonlinear  characteristics  which  linear  theory  is  intrinsically  unable  to  handle.  Therefore,  this 
method  should  be  applied  only  to  thin  airfoils  with  small  leading-edge  devices. 

Jet  Flaps 

The  pitching-moment  increment  for  a jet-flap  airfoil  is  dependent  upon  the  jet  momentum 
trailing-edge  coefficient  C'  and  the  ratio  of  flap  chord  to  the  extended  wing  chord.  The  method 
presented  herein  is  Spence’s  adaptation  of  thin-airfoil  theory  as  presented  in  Reference  2.  In 
summary,  Spence  applies  thin-airfoil  theory  to  inviscid,  incompressible  flow  past  a thin, 
two-dimensional  wing  at  small  incidence,  with  a jet  emerging  at  a small  angle  of  incidence  from  the 
trailing  edge.  The  flow  inside  the  jet  is  assumed  to  be  irrotational.  In  addition,  the  jet  is  bounded  by 
vortex  sheets  that  prevent  mixing  with  the  mainstream  and  maintains  finite  momentum  as  its 
thickness  decreases  to  zero.  For  flaps  that  extend  as  well  as  rotate,  a correction  is  applied  to 
account  for  the  increased  chord  length. 
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The  definitions  of  aerodynamic  center  xa  c and  center  of  pressure  xc  are  well  established  for 
conventional  aircraft.  However,  for  jet-flap  configurations  the  jet  reaction  is  a new  component  that 
must  be  accounted'  for  when  considering  the  location  of  the  aerodynamic  center  and  center  of 
pressure.  In  order  to  maintain  consistency,  the  Datcom  defines  the  aerodynamic  center  for  jet-flap 
configurations  as  that  point  about  which  the  total  pitching  moment  is  invariant  with  the  total  lift; 
i.e.,  dCm  /dCL  = 0 at  a given  Mach  number  and  trailing-edge  jet  momentum  coefficient.  In  essence, 
the  aerodynamic  center  is  a function  of  the  trailing-edge  jet  momentum  coefficient  C^.  For 
conventional  wing  sections  the  aerodynamic  center  is  located  on  the  wfing  chord  line.  However,  for 
jet-flap  configurations  it  becomes  necessary  to  define  the  measurement  of  xa  c off  the  wing-chord 
line,  as  shown  in  Sketch  (c),  to  simplify  the  calculation  of  the  pitching  moment  about  any  reference 
location. 


c„,  4 is  the  flap  pitching-moment  effectiveness  measured  about  the  leading  edge. 

c«s  is  the  rate  of  change  of  section  lift  effectiveness  due  to  flap  deflection. 

Cmj.  is  the  rate  of  change  of  pitching-moment  coefficient  measured  about  the  leading 

3 edge  with  respect  to  the  jet  deflection.  (The  parameters  cms.  and  Ce5 . are  due  to  the 

jet  efflux  not  being  emitted  at  the  same  angle  as  the  trailing-ed^e  camber  line, 
i.e.,  the  flap  deflection.) 

Ces.  is  the  rate  of  change  of  section  lift  coefficient  with  respect  to  the  jet  deflection. 
SKETCH  (c)  JET-FLAP  AERODYNAMIC  CENTER  AND  CENTER  OF  LIFT 
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There  are  two  additional  parameters  shown  and  defined  in  Sketch  (c),  xf  and  x^.  The  center-of- 
lift  term  xf  is  analogous  to  the  conventional  flap  center-of-pressu^e  location,  except  that  it  also 
includes  the  reaction  component  of  the  jet.  For  this  reason  it  is  not  the  true  “center-of-pressure 
location”;  i.e.,  it  is  the  location  where  the  total  lift  increment  due  to  flap  deflection  is  assumed  to 
act.  5 

The  term  x;  is  analogous  to  a center-of-pressure  location  of  the  incremental  load  due  to  the  jet 
efflux  acting  at  an  angle  to  the  trailing-edge  camber  line.  However,  it  is  not  a true  center-of-pressure 
location  for  this  incremental  load,  because  of  the  inclusion  of  the  reaction  component;  therefore, it 
is  also  referred  to  as  the  center  of  lift. 


For  more  details  regarding  the  fundamental  concepts  of  jet  flaps,  the  reader  is  referred  to  the 
discussion  presented  in  Section  6. 1 . 1 . 1 . (Sketch  (b)  of  Section  6. 1.1.1  illustrates  some  of  the 
blown-flap  concepts  now  being  investigated  for  STOL  aircraft.) 

Spoilers 

Pitching-moment  changes  due  to  spoilers  are  generally  smaller  than  those  for  flap-type  control 
surfaces.  For  this  reason  they  are  useful  on  thin,  swept  wings  where  wing  twist  due  to  control 
deflection  is  a problem.  Many  wind-tunnel  programs  have  therefore  been  conducted  on  swept  wings, 
but  few  have  been  conducted  on  airfoil  sections.  Reference  3,  published  in  1953,  contains  a 
comprehensive  bibliography  of  spoiler  studies  made  up  to  that  time. 

Because  of  the  scarcity  of  two-dimensional  spoiler  data,  no  generalized  methods  are  presented  in 
this  section  for  section  pitching  moment  due  to  spoiler  deflection. 


DATCOM  METHODS 


1.  Trailing-Edge  Mechanical  Flaps 

Two  methods  are  presented  for  estimating  the  section  pitching-moment  increment  due  to  the 
deflection  of  mechanical  trailing-edge  flaps.  Method  1 is  applicable  to  plain,  split,  and  multislotted 
flaps  with  or  without  extensible  flaps.  Method  2 is  applicable  only  to  plain  flaps. 

In  view  of  the  ease  of  application  of  Method  2 and  the  fact  that  it  predicts  plain-flap  section 
pitching  moments  as  accurately  as  Method  1 does,  Method  2 is  the  preferred  Datcom  plain-flap 
method. 

Method  1 (Pl?;n,  Split,  and  Multislotted  Flaps) 

This  method  is  empirical  in  nature  and  limited  to  the  low-speed  regime.  The  section  pitching- 
moment  increment  due  to  trailing-edge  flaps,  based  on  the  square  of  the  wing  chord  c2 , is  given  by 

= ac*  [t-Tt-")  (;)]  6-'-2-'-a 

where 

Ac2  is  the  lift  increment  for  a given  flap  type  and  deflection,  from  test  data  or  as 
determined  by  the  appropriate  method  of  Section  6. 1 . 1 . 1 . 
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is  the  desired  pitching-moment  reference  point  expressed  as  a fraction  of  the  basic 

airfoil  chord,  measured  positive  aft  from  the  airfoil  leading  edge,  parallel  to  the  wing 
chord. 

x 

— ■ r-  is  the  center-of-pressure  location  of  the  incremental  load  due  to  flaps, expressed  as  a 

fraction  of  the  extended  airfoil  chord,  measured  positive  aft  from  the  airfoil  leading 
edge,  parallel  to  the  wing  chord.  This  parameter  is  obtained  from  Figure'6. 1.2.1  -35a 
as  a function  of  the  ratio  of  flap  chord  to  airfoil  chord  cf/c. 

— is  the  ratio  of  the  extended  wing  chord  to  the  airfoil  chord  as  shown  in 

Figures  6.1.1.1-44  through -46. 

A comparison  of  low-speed  test  data  with  calculated  values  of  Acm  using  this  method  is  presented 
in  Tables  6. 1.2.1 -A  and  -C  through  -E. 

Method  2 (Plain  Flaps) 

Pitching-moment  increments  for  plain  trailing-edge  flaps  are  presented  in  Figure  6. 1.2.  l-35b.  These 
increments  are  given  about  the  quarter-chord,  based  on  the  square  of  the  airfoil  chord  c2,  as  a 
function  of  flap  deflection  and  the  ratio  of  flap  chord  to  airfoil  chord  cf/c.  This  figure  is  limited  to 
the  linear-lift  range  and  subcritical  Mach  numbers. 

A comparison  of  low-speed  test  data  with  Acm  calculated  by  this  method  is  presented  in 
Table  6.1. 2. 1-B. 

2.  Conventional  Leading-Edge  Devices 

The  section  pitching-moment  increment  due  to  mechanical  leading-edge  devices,  based  on  the 
square  of  the  wing  chord  c2 , is  given  by  thin-airfoil  theory  as 
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where 

cmj  is  the  theoretical  flap  pitching-moment  effectiveness  (about  the  leading  edge), 
obtained  from  Figure  6.1 .2. 1-36  as  a function  of  the  ratio  of  the  leading-edge  flap 
chord  to  the  extended  airfoil  chord  CfLE/c. 

I 

c 

— is  the  ratio  of  the  extended  wing  chord  to  the  basic  airfoil  chord  as  shown  in 

c Figure  6.1.1.1-51. 

5fLF  is  the  deflection  of  the  leading-edge  device  in  degrees  (see  Figure  6. 1 . 1 . 1 -5 1 ). 
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As 
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is  the  desired  pitching-moment  reference  point  expressed  as  a fraction  of  the  basic 
airfoil  chord,  measured  positive  aft  from  the  airfoil  leading  edge  with  the 
leading-edge  device  retracted,  parallel  to  the  wing  chord. 

is  the  lift  increment  due  to  a given  leading-edge-device  deflection,  from  test  data  or 
as  determined  by  the  appropriate  method  in  Section  6. 1 . 1 . 1 , based  on  c. 

is  the  section  pitching-moment  coefficient  with  the  flaps  retracted,  based  on  c2. 
This  parameter  should  be  obtained  from  the  test  data,  if  available,  or  from 
Section  4. 1.2.1. 


cg  is  the  section  lift  coefficient  with  the  flaps  retracted,  based  on  c.  This  parameter 

should  be  obtained  from  test  data  ...  available,  or  from  Sections  4. 1.1.1  and  4.1 .1.2. 


The  use  of  this  method  is  demonstrated  in  Sample  Problem  3. 
3.  Jet  Flaps 


Methods  that  are  adaptable  to  a handbook  application  are  not  available  for  all  jet-flap  schemes.  The 
method  presented  below  is  applicable  to  the  pure  jet-flap  concept,  and  the  in  rnally-blown-flap 
(IBF)  and  externally-blown- flap  (EBF)  concepts  with  a plain  trailing-edge  flap.  For  an  IBF  or  EBF 
concept  with  a single-slotted  or  multislotted  flap  configuration,  this  method  should  be  used  only  as 
a first  approximation.  No  handbook  method  is  currently  available  to  analyze  the  section 
pitching-moment  increment  due  to  an  augmen tor-wing  concept. 

For  EBF  flaps  the  user  is  cautioned  that  if  the  flap  does  not  “capture”  or  “intercept”  all  of  the  jet 
exhaust,  the  result  of  this  method  may  be  erroneous.  Reference  57  considers  a design  where  part  of 
the  jet  passes  below  the  flap.  Furthermore,  a technique  to  be  used  in  analyzing  such  a design  is 
proposed.  Unfortunately,  this  technique  is  cumbersome,  and  no  satisfactory  cases  to  check  its 
accuracy  have  been  found  in  the  available  literature.  Therefore,  it  is  not  included  in  the  Datcom.  It 
should  be  noted,  however,  that  the  lack  of  such  a technique  is  not  a serious  restriction,  since  most 
configurations  avoid  the  problem  by  use  of  jet  deflectors  and/or  canted  thrust  axes  to  ensure  that 
the  entire  engine  exhaust  is  flattened  and  directed  at  the  flap  knee. 

It  should  be  noted  that  the  airfoil  thickness  correction  used  in  the  method  of  Section  6. 1.1.1  in 
determining  the  section  lift  increment  of  a jet-flap  combination  (see  Equation  6. 1.1. 1-p)  does  not 
apply  to  the  section  pitching  moment.  Therefore,  the  lift  coefficients  calculated  in  this  section  for 
use  in  determining  section  pitching  moment  are  not  the  same  as  those  calculated  in  Sections  6. 1.1.1 
and  6. 1.1.2  and  should  be  considered  only  as  intermediate  values  generated  during  the  calculation 
of  the  pitching  moment.  The  actual  lift  of  the  airfoil  must  be  calculated  by  using  the  more  exact 
procedures  of  Sections  6. 1 . 1 . 1 and  6. 1.1.2. 

The  user  is  reminded  that  the  theory  on  which  this  method  is  based  is  linear  and  as  such  cannot 
predict  any  noniinearities;  e.g.,  those  that  may  arise  from  separated  flow. 

The  flap  deflection  angles  and  the  flap-chord  values  to  be  used  in  this  method  are  not  defined  in  the 
conventional  manner.  Instead,  the  user  must  use  his  best  judgment  to  approximate  the  particular 
flap  system  by  constructing  a simple-hinged  multidefiected  flap  system.  The  primary  goal  of  the 
simple-hinged  multidefiected  flap  system  is  to  duplicate  the  mean-camber-line  distribution  of  the 
actual  flap  system.  A schematic  illustration  is  presented  in  the  following  discussion  (Sketches  (d) 
through  (0)  that  depicts  the  determination  of  the  flap  chords  and  flap  angles  for  a triple-slotted-flap 
system.  The  treatment  of  less  complex  flap  systems  follows  from  this  example. 
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Determine  the  mean-camber-line  distributions  of  the  flap  components  as  in  Sketch  (d). 


Approximate  the  actuai  mean-camber-line  distribution  with  straight-line  segments  (keeping  in  mind 
the  total  mean-camber-line  distribution)  as  in  Sketch  (e).  Extend  the  straight-line  segments  until 
they  intersect  each  other,  so  as  to  define  the  flap-chord  lengths  as  shown. 


Determine  the  flap  deflection  angles  from  the  straight-line  segments  relative  to  the  wing  chord  line 
as  shown  in  Sketch  (f). 
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The  determination  of  the  extended  wing-chord  cH  in  Sketch  (0  is  found  by  the  following 
procedure.  The  aft  flap  segment  c3  is  first  rotated  from  its  deflected  position  about  the  point  of 
intersection  of  c2  and  c3,  until  the  two  chords  coincide,  Then  the  total  chord  of  C2  and  c3  is 
rotated  about  the  intersection  of  c{  and  c2  until  these  two  chords  coincide.  Then  the  total  chord  of 
Cj , c2,  and  c3  is  rotated  about  the  intersection  of  the  wing  chord  and  c3  until  it  intersects  the  wing 
chord. 

In  the  method  outlined  below,  the  computation  of  the  pitching  moment  is  broken  down  into 
components  due  to  the  leading-edge  device,  the  angle  of  attack,  the  mechanical  flap,  and  the  jet 
flap.  This  division  can  be  somewhat  misleading  because  in  each  term  there  appears  the  parameter 
c /c,  which  is  the  ratio  of  the  airfoil  chord  with  all  flaps  extended  to  the  basic  airfoil  chord.  Thus 
each  term  is  actually  dependent  upon  the  total  extended  airfoil  chord  c6S.  For  example,  a change  in 
c due  to  a deflection  of  the  leading-edge  device  will  affect  the  contribution  of  each  component, 
not  just  the  component  due  to  the  leading-edge  device. 

No  substantiation  is  given  for  the  method  presented  below;  however,  the  method  has  been 
acknowledged  in  the  literature  as  being  accurate  to  within  10  percent  (References  12  and  16). 
Although  an  insufficient  number  of  configurations  have  been  analyzed  to  provide  a meaningful 
substantiation  table,  the  ones  that  have  been  analyzed  indicate  that  this  method  is  more  accurate  in 
estimating  the  pitching-moment  change  with  flap  angle  than  in  estimating  the  variation  of  pitching 
moment  with  angle  of  attack.  This  may  be  accounted  for  by  the  tendency  of  wings  developing  very 
high  lift  coefficients  to  have  significant  flow  separation  even  at  low  angles  of  attack.  The  variation 
in  the  amount  of  separated  flow  with  angle  of  attack  may  be  affecting  cm<i  significantly. 

The  section  pitching-moment  increment  of  an  airfoil  due  to  a trailing-edge  jet  flap  at  an  angle  of 
attack,  based  on  the  square,  of  the  wing  chord  c2 , is  given  by 


Acm  = (Acm)£fLE  + + (Acm)6f  + (AOs, 
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where 


(Acm) 


(Acm)a 


is  the  pitching-moment  increment  due  to  the  deflection  of  a leading-edge 
device.  (If  there  is  no  leading-edge  device,  (Acm)^  = 0.) 


is  the  pitching-moment  increment  due  to  the  angle  of  attack  of  the  airfoil.  (If 
a = 0,  (Acm)a  = 0.) 


(Acm){f  is  the  pitching-moment  increment  due  to  trailing-edge  flaps.  The  flap  system  is 

treated  as  a series  of  plain  flaps  using  the  principle  of  superposition.  The 
pitching  moments  of  all  of  these  flaps  are  then  summed  to  give  the  total.  This  is 
illustrated  schematically  in  Sketch  (g)  by  using  a triple-slotted  flap.  The 
treatment  of  less  complex  flap  systems  follows  from  this  example.  (For  airfoils 
with  no  trailing-edge  mechanical  flaps,  (Ac™)^  = 0.) 

(Acm)£.  is  the  pitching-moment  increment  due  to  the  jet  sheet  acting  at  an  angle  5-  to 

J the  trailing-edge  camber  line.  This  term  may  be  present  with  a pure  jet  flap,  or 

in  the  case  of  EBF  and  IBF  systems  where  the  total  turning  angle  of  the  jet 
exceeds  the  total  deflection  angle  of  the  mechanical  flap  segments.  (If  6j  = 0, 
(Acm)6j  = 0.) 


6.1. 2, 1-8 


\ 


r 1 


! 


The  above  terms  of  Equation  6. 1 .2. 1-c  are  evaluated  by  using  Steps  1 through  4,  respectively,  below. 


Step  1.  Determine  (Acm).  by 

■LE 


(Acm){fLE  Xj  Ac2  x2  + Ac^ 


6.1.2.I-d 


a.  Evaluate  the  following  expressions: 


5fLE 

Ac>  -i7jKx 


6.1.2.1-e 


°fLE 

Ac>  = i?jKc^ 


6.1.2.l-f 


where 

Acj,Ac2  are  terms  analagous  to  section  lift  coefficients.  However,  the 
thickness  correction  is  not  applied. 

6fLE  is  the  deflection  of  the  leading-edge  device  in  degrees,  as  shown 
in  Figure  6.1.1.1-51. 

K is  equal  to  css/c,  the  ratio  of  the  extended  wing  chord  to  the 

retracted  wing  chord.  (Note  that  the  extended  wing  chord 
includes  the  extensions  of  both  leading-  and  trailing-edge  flaps. 
The  definition  of  the  extended  chord  lengths  is  shown  in 
Figures  6.1.1.1-44  through  -46  for  trailing-edge  flaps  and 
Figure  6.1. 1. 1-5 1 for  leading-edge  flaps.) 

Co,  is  the  section  lift  effectiveness  due  to  the  deflection  of  a 

o a 

hypothetical  flap  of  chord  ca. 

cg  = c66  — CfL£  6.1.2.1-g 


where  CfLE  is  the  chord  of  the  leading-edge  flap  defined  in 
Figure  6.1.1.1-51.  Tins  parameter  is  obtained  from  Figure 
6.1.1.1-49  as  a function  of  ca/cS5*  and  the  trailing-edge  jet 
momentum  C^.  is  the  section  nondimensional  trailing-edge 
jet  momentum  coefficient  based  on  the  extended  airfoil  chord 

= — (see  Sketch  (a)  Section  6. 1.1.1). 

“ C45 

•Whan  using  Figure  6.1.1.1-49  in  this  section,  it  is  necessary  to  substitute  c^/c^  or  cf/c{£  for  cf/c'  on  the  figure. 

6.1.2.1-10 


% is  the  jet-flap  lift-curve  slope  obtained  from  Figure  6. 1 . 1 . 1-49  at 

~ 1>*  as  3 iunction  of  the  trailing-edge  jet  momentum 
coefficient  . 

Determine  the  corresponding  moment  arms: 


X (C,  „ v 

m / I,E  \ 


\ CJ6_ 
CS«  C 


6.1.2.1-h 


=:J1+  A Xa.C.  C6S 

C \ c / " C..  C 


6.1.2.1-i 


where 


$ 


is  the  desired  pitching-moment  reference  point  expressed  as  a 
fraction  of  the  basic  airfoil  chord,  measured  positive  aft  from 
the  basic  airfoil  leading  edge,  parallel  to  the  wing  chord. 


is  the  ratio  of  the  airfoil  chord  with  only  the  leading-edge  device 
extended  to  the  basic  airfoil  chord. 


is  the  center-of-lift  location  of  the  incremental  load  due  to  flap 
deflection.  This  parameter  is  obtained  from  Figure  6.1 .2.1-37  as 
a function  of  cjc^  and  the  trailing-edge  jet  momentum  C'  . It 
is  measured  positive  aft  from  the  extended-airfoil  leading  edge, 
parallel  to  the  free  stream. 


is  the  aerodynamic-center  location  obtained  from  Figure 
6.1.2.1-37  at  Cj/c6s  = 1.0,  as  a function  of  C^.  It  is  measured 
positive  aft  from  the  extended-airfoil  leading  edge,  parallel  to 
the  free  stream. 


is  defined  in  Step  la.  (See  definition  of  K .) 


Determine  Acm,  from 


cfLE 

^cm3  = sin  5f 


6.1.2.1-j 


•When  Figure  6.1.1.1-46  in  thi«  i*etiors,  it  is  neeeesary  toeubetitute  c^/c^g  or  c^/c^g  for  cf/c'  on  the  figure. 


6.1.2.1-11 


where 

is  the  section  nondimensional  trailing-edge  jet  momentum 
coefficient  based  on  the  basic  airfoil  chord  (see  Sketch  (a) 
Section  6. 1.1.1). 


is  the  ratio  of  the  chord  of  the  leading-edge  flap,  as  defined  in 

Figure  6.1.1.1-51,  to  the  basic  airfoil  chord. 

SfLE  is  defined  in  Step  la. 

Step  2.  Determine  (Ac,,,^  by 


(ACm)a  Ac4  *2  ^ A^ni4 


6. 1.2.1-k 


a.  Evaluate  Ac4  from 


Ac4 


a 


57.3 


6.1.2. 1 -C 


where 

Ac4  is  a term  analagous  to  the  section  lift  coefficient.  However,  the 
thickness  correction  is  not  applied. 

a is  the  angle  of  attack  of  the  airfoil  in  degrees. 

K and  c2<l  are  defined  in  Step  la  above. 

b.  Evaluate  Ac„,4  from 


All  terms  have  been  previously  defined  in  the  preceding  steps. 
Step  3.  Determine  (Acm);i[.  from 


(Acm)Sf  = £ <Acs>i  (xs)i  6.1.2.1-n 


6.1.2.1-12 


The  subscript  n refers  to  the  total  flap  segments;  i.e.,  in  triple-slotted  flaps,  n = 3, 
double-slotted  flaps,  n = 2,  and  single-slotted  or  plain  flaps,  n = 1 . The  subscript  i 
refers  to  a particular  tlap  segment,  where  the  forward  segment  is  1 and  the  aft 
segment  is  n. 

a.  Evaluate  (Ac3)j  from 


(Ac5)j  27  3 ^ CeSfj 


6.1. 2.1-0 


where 


(Ac5)j  is  a term  analagous  to  the  section  lift  coefficient.  However,  the 
thickness  correction  is  not  applied. 


1 ** 


is  the  deflection  of  the  ith  flap  segment  in  degrees.  The  value  of 
the  last  flap  segment  used  in  this  instance  depends  upon  the 
effective  jet  angle  5jc„,  determined  by  using  Equation  6.1.4.1-d 

n 

of  Section  6. 1.4. 1 or  obtained  from  test  data.  If  5j^f{  >£  6f., 

i=l 

then  the  last  flap  deflection  is  that  determined  from  construct- 
ing the  straight  line  elements  relative  to  the  wing-chord  line  as 

n 

depicted  in  Sketches  (f)  and  (g).  If  6jeff  5^,  then  the  last 

i=l 

flap  deflection  is^given  by 


5fn  ~ 5ieff  5h 


6. 1.2.1 -p 


is  the  rate  of  change  of  section  lift  coefficient  with  respect  to 
flap  deflection.  The  value  is  obtained  from  Figure  6.1.1.1-49  as 
a function  of  the  trailing-edge  jet  momentum  coefficient 
and  the  ratio  of  the  flap  chord  (of  the  i,h  flap  segment)  to  the 
extended  airfoil  chord  cq/c^.  For  flaps  with  Fowler-type 
motion,  the  flap  chord  is  defined  as  shown  in  Sketch  (g). 

is  defined  in  Step  la. 


b.  Determine  the  corresponding  moment  arm 


(xs);  = — + 

c 


Xfi  C6 


6.1.2.1-q 


6.1.2.1-13 


where 


— is  the  center-of-lift  location  of  the  incremental  load  due  to  the 

c«6  deflection  of  the  i11*  flap  segment.  This  parameter  is  obtained 

from  Figure  6.1.2.1-37  as  a function  of  the  trailing-edge  jet 
momentum  C'  and  the  ratio  of  the  flap  chord  to  the  extended 
wing-chord  Cfj?cfi6. 

All  other  terms  have  been  defined  in  Step  lb  above. 

Step  4.  Determine  (Acm)4j  from 


(Acm)6.  « Ac6  x6 


6.1.2.1-r 


a.  Evaluate  Acfi  from 


Ac6 


5MKC*‘i 


6.1.2.1-s 


where 

Ac6  is  a term  analagous  to  the  section  lift  coefficient.  However,  the 
thickness  correction  is  not  applied. 

6.  is  the  deflection  of  a pure  jet  flap,  in  degrees,  relative  to  the 

trailing-edge  camber  line  (see  Sketch  (g)).  For  IBF  and  EBF 
systems  if 


8j.fr  >£  8fj,  then 
i=l 

6j  = 5fi 

i«l 

If  not,  then  = 0.  Terms  are  defined  in  Step  3a. 


cSfij  is  the  rate  of  change  of  section  lift  coefficient  with  respect  to 

J jet  deflection,  obtained  from  Figure  6.1.1.1-49  at  cf/c{4  = 0, 

as  a function  of  the  trailing-edge  jet  momentum  coefficient  Cy 


K 


is  defined  in  Step  la. 


b.  Determine  the  corresponding  moment  arm 


6.1  2.1-u 


where 


— is  the  center-of-lift  location  of  the  incremental  load  due  to  the 
css  jet  deflection.  This  parameter  is  obtained  from  Figure 
6.1.2.1-37  at  cf/c65  = 0,  as  a function  of  the  trailing-edge  jet 
momentum  coefficient  C . 

All  other  terms  have  been  defined  in  Step  lb  above. 

Theoretically,  this  equation,  within  the  context  of  linearized  theory,  is  exact  only  for  an  airfoil  of 
zero  thickness.  Unlike  the  lift  equation,  no  comparable  wing-chord  thickness  correction  exists  foj 
the  pitching-moment  increment. 


Sample  Problems 

1 . Plain  Trailing-Edge  Flap  (Method  1) 

Given:  A flapped  airfoil  from  Reference  1 1. 

Clark  Y airfoil  cf/c  = 0.30  5f  = 45°  t/c  = 0.117 

Re=  0.61  x 106  tan^£  = 0.142  xref/c  = 0.25  c'/c  = 1.0 

Compute: 

(cs6)theory  =4.51perrad  (Figure  6. 1.1.1 -39a) 

(ce  ) “ 0 721  (Figure  4.1.1. 2-8a) 

a theory 
C«S 

7T = 0 51 6 (Figure  6. 1.1.1 -39b) 

'Cfi®  ^theory 

K'  = 0.518  (Figure  6.1.1.1-40) 


6.1.2.1-15 


Ac.  = 6, 


cs< 


^C2fi  ^theory 


(c«s)  K' 

6 theory 


- JLL 

“ 57.3 
= 0.947 


(0.5 16)(4.5 1)(0.5 18) 


(Equation  6.1.1. 1-c) 


xr  „ /c'  = 0.425  (Figure  6.1.2. l-35a) 

c .p . 


Solution: 


= (0.947)  [0.25  - (0.425X1)] 


(Equation  6.1.2. 1 -a) 


-0. 166  (based  on  c2  and  measured  about  c/4) 
This  compares  with  a test  value  of  -0. 195  from  Reference  1 1. 


2.  Plain  Trailing-Edge  Flap  (Method  2) 

Given:  A flapped  airfoil  from  Reference  40. 

NACA  65 j -2 10  airfoil  cf/c  = 0.20  8f  = 15°  xfef/c  = 0.25 

Solution: 

Acm  = —0.130  (based  on  c2  and  measured  about  c/4)  (Figure  6.1.2. l-35b) 

This  compares  with  a test  value  of  —0.142  from  Reference  40. 


3.  Plain  Leading-Edge  Flap 
Given:  The  flapped  airfoil  of  Reference  9. 

NACA  0006  airfoil  cf  /c  = 0.15 

1 LE 

x Jr  = 0.25  Ac0  = -0.057  (Example  8,  Section  6. 1.1.1) 

roi ' " 

c'/c  =1.0  a = 0 Ce  = 0 


6,  =20° 
‘ LE 


M = 0.15 


°m  = 0 


6.1.2.1-16 


a = 0 


Compute: 


cmaLE  = -0.001 16  per  deg  (Figure  6. 1 .2. 1-36) 


^cfHLE  Cm«LE 


X . 1 

Aret  C C 

5fLE+  -+-— - Ac*  + c™ 


1 +0.75  cf 


7)(: 


(Equation  6.1.2.1-b) 

= -0.001 16  (1.0)2  (20)  + (0.25  + 0)(— 0.057)  + 0[(1,0)2  - 1.0]  + 0.75  (0)(1)(1  - 1) 

= -0.0232  - 0.0143 

= - 0.0375  (based  on  c2  and  measured  about  c/4) 

This  compares  with  a test  value  of  - 0.026  from  Reference  9. 


4.  Jet  Flaps 

Given:  The  IBF  airfoil  with  a double-slotted  trailing-edge  Fowler  flap  and  leading-edge  Krueger 
flap. 


FORWARD-FLAI 
CHORD  LINE  - 


'!•  I 

7> 

/ S{ 


AFT- FLAP 
CHORD  LINE 


\NX 

\ y 


C„  - 5.0 


C«6 

— = 1.174 


0.105 


- 1.068 


— = 0.306 
c 


- = 0.074 


= 0.25 


a 3.0C 


§fLE  - 30°  6f,  = 30° 


“ 15c 


5U  - 56°  = 38° 


6.1.2.1-17 


JS 

i 

»■  + 

« 


f " 

i»' 

i'/,- 
!.:■  • 

1 


i 


i 


4 


= 0.235  I 

c« 


— = 0.202  J 

css 


(Figure  6.1.2.1-37) 


x 


l 


Xm  / CLE  \ Xa  CSS 

— + I —11—  — — (Equation  6.1.2.1-h) 

c V c ' c56  c 


= 0.25  + (1.068  - 1)  - (0.235)(1.174) 
= 0.0421 


x 


2 


(Equation  6. 1.2.1-i) 


= 0.25  + (1.068  - 1)  - (0.202)(1.174) 


= 0.0809 


Acni3  = CM  sin  SjLE  (Equation  6. 1.2.1 -j) 

c 

= (5.0X0. 105)(sin  30°) 

= 0.2625 

(^cm)ifLE  = ACj  Xj  - Ac2  x2  + Acm3  (Equation  6.1.2. 1-d) 

= (8.50!)(0.0421)  - (8.605X0.0809)  + (0.2625) 

= -0.0757 

Step  2.  (Acm)a 

Ac4  = K cga  (Equation  6. 1.2.1 -£) 

= ~ (1.174X14.00) 

= 0.861 


6.1.2.1-19 


M Ic  \ C 7j  yfj  (Equation  6. 1. 2. 1-m) 

=*  (5.0) (0.25  + (1.068  - 1)1  ^222 

57.3 

= -0.0832 

(■^cm)a  - Ac4  x2  + Acm4  (Equation  6. 1.2.1 -k) 

= (0.861)(0.0809)  - 0.0832 
= -0.0135 

Step  3.  (Acm){f 

n = 2,  since  there  are  two  flap  segments 
8 =1 

Jeff  2(SU+Se)  (Equation  6.1.4. 1-d) 

1 

= -(56  + 38) 

= 47° 


Therefore,  since  5jeff 


n 

>Z)  5fj  = + 5f2)  = 45°,  Sh 

| = 1 l 


^1  c2 

C c + C (See  Sketch  (g)) 
= 0.074  + 0.306 


15°  (see  Step  3a) 


= 0.380 


= 0.380/1.174 
1S  0.3237 

Fori  = 1 (forward  flap  segment) 

%fi  = 12.33  per  rad  (Figure  6. 1. 1.1  -49) 


6.1.2.1-20 


~ 57.3  K (Equation  6.1.2.  l-o) 

30 

= —(1.174X12.33) 

= 7.579 

i 

—=  0.490  (Figure  6.1.2.1-37) 

= — Xfi  csfi 

1 c \ c 7 c T~  (Equation  6.1.2. 1-q) 

86 

0.25  + (1.068  - 1)  - (0.490)0. 174) 

= -0.2573 

2 (aft  flap  segment) 


= 0.306/1.174  = 0.2606 
= 12.05  per  rad  (Figure  6. 1.1. 1-49) 

_ 5f2 

2 57  3 K c'«f2  (Equation  6. 1 .2.  l-o) 

15 

= — (1.174X12.05) 

= 3.703 

0.521  (Figure  6.1.2.1-37) 

J"  (%!  A Xf2 

c Me  (Equation  6. 1.2. 1-q) 

66 

0.25  + (1.068  - 1)  - (0.521)(1.174) 

-0.2937 


6.1.2.1-21 


(Ac5)i(x5)j  (Equation  6. 1.2. i-n) 

i=l 

~ (Ac5)1(x5)1  h- (Ac5)2(xs)2 

= (7.5  79X-0.2573)  + (3.703)(-0.2937) 
= -3.0376 


Step  4.  (Acm){. 

c«6j  = 10-07  per  rad  (Figure  6.1.1.1-49) 

n 

Sinee  «jeff  >£  5fj  (Step  3),  then 
i=l 

Sj  = 5leff  5fj 

i=l 

“ 5Jeff  “ (5fl  + 5f2) 

= 47  -(30+  15) 

= 2° 

. 5i 

“c6  =57^KcBSj  (Equation  6.1.2.1-s) 

= ~ (1.174)(10.07) 

= 0.4126 
xj 

0.658  (Figure  6.1.2.1-37) 

c«6 


(Equation  6.1.2.1-u) 


6.1.2.1-22 


= 0.25  + (1.068-  1)  - (0.65 8)(  1.174) 
= -0.4545 


(Ac,,,)^.  = Acfi  x6  (Equation  6. 1.2.1 -r) 

= (0.4164K-0.4545) 

= -0.1875 

Solution: 

Acm  = (Acm)5fLE  + (Ac^  + (ACjn)Jf  + (Ac,,^.  (Equation  6. 1 .2. 1-c) 

= -0.0757  - 0.0135  - 3.0376  - 0.1875 
= -3.314  (based one2) 
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TABLE  6.1J.1-A 

PLAINTRAILING-EDGE  FLAP  PITCHING  MOMENT  EFFECTIVENESS 
(METHOD  1) 

DATA  SUMMARY  AND  SUBSTANTIATION 


Ref. 

Airfoil 

Section 

Cf/C 

’V.f'c 

(deg) 

Acm 

Calc. 

Acm 

Test 

a 

Percent 

Error 

36 

23012 

0.10 

0.238 

10 

-0.063 

-0.070 

-10.0 

20 

-0.113 

-0.105 

7.6 

30 

-0.134 

-0.130 

3.1 

40 

-0.161 

-0.160 

0.6 

50 

-0.187 

-0.180 

3.9 

60 

-0.212 

-0.195 

8.7 

Clark  Y 

0.10 

0.250 

10 

-0,041 

-0.070 

-41.4 

30 

-0,088 

-0.125 

-29.6 

45 

-0.113 

-0.159 

-28.9 

60 

-0.137 

-0.165 

-17.0 

35 

23012 

0.20 

0.238 

10 

-0.086 

-0.090 

-4.4 

20 

-0.151 

-0.150 

0.7 

30 

-0.173 

-0.180 

-3.9 

45 

-0.219 

1.9 

60 

-0.258 

. 

37 

23012 

0.20 

0.250 

15 

-0.119 

-0.122 

30 

-0.163 

-0.170 

-4.1 

11 

23012 

0.20 

0.250 

15 

-0.086 

-0.130 

-33.8 

30 

-0.116 

-0.178 

-34.8 

45 

-0.148 

-0.220 

-32.7 

60  . 

-0.174 

-0.235 

-26.0 

22 

Circular 

0.20 

0.250 

20 

-0.164 

-0.133 

23.3 

Arc  0.06c 

40 

-0.220 

-0.174 

26.4 

60 

-0.280 

—0.220 

27.3 

Circular 

0.20 

0.250 

20 

-0.134 

-0.130 

3.1 

Arc  0.10c 

. 

40 

-0.180 

-0.188 

-4.3 

1 

60 

-0.230 

-0.220 

4.5 

40 

65  j 

210 

0.20 

0.250 

5 

-0.048 

-0.062 

-22.6 

10 

-0.098 

-0.110 

-10.9 

5 

-0.056 

-0.051 

9.8 

10 

-0.110 

-0.101 

8.9 

15 

-0.162 

-0.142 

14.1 

20 

-0.194 

-0.166 

16.9 
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TABLE  6.1.2.1-A  (CONTD) 


I 


Airfoil 

Section 

cf 

/c 

Wc 

sf 

(deg) 

Acm 

Calc. 



Test 

e 

Percent 

Error 

Double  Wedge 

0.25 

0.250 

10 

-0.107 

-0.100 

7.0 

1 

20 

-0.180 

-0.163 

10.4 

, 

40 

-0.244 

-0.194 

25.8 

50 

-0.278 

-0.220 

26.4 

1 

60  | 

—0.309  i 

-0.225 

37.3 

0006 

0.30 

0.250 

20 

♦ j 

-0.166 

-0.180 

-7.8 

35 

-0.221 

-0.205 

7.8 

50 

-0.257 

-0.250 

2.8 

0009 

0.30 

0.250 

10 

-0.098 

-0.100 

-2.0 

20 

-0.156 

-0.160 

-2.5 

30 

-0.179 

-0.170 

5.3 

40 

-0.212 

-0.200 

6.0 

45 

-0.201 

-0.220 

-8.6 

Clerk  V 

0.30 

0.250 

10 

-0.068 

-0.100 

-32.0 

00 

-0.125 

-0.170 

-26.5 

45 

-0.166 

-0.195 

-14.9 

60 

-0.189 

-0.185 

2.2 

16-009 

0.329 

0.250 

10.3 

-0.072 

-0.075 

-4.0 

0009-64 

0.334 

0.250 

5.9 

-0.048 

-0.059 

-18.7 

1 

1 

7.9 

-0.064 

-0.072 

-11.7 

1 

9.9 

-0.080 

-0.089 

-10.1 

0009 

0.50 

0.250 

10 

-0.094 

-0.086 

9.3 

I 

1 

20 

-0.129 

-0.150 

-14.0 

30 

-0.153 

-0.196 

-21.9 

1 

40 

-0.183 

-0.239 

-23.4 

1 

45 

-0.198 

-0.258 

-23.3 

E|el 

Average  Error  » - 14.2% 

n 


Airfoil 

Section 


Clark  Y 


Circular 
Arc  0.06c 


Circular 
Arc  0.10c 


-0.236 


-0.236 
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r« 


TABLE  6.1.2.1-C 

SINGLE -SLOTTED  TRAILING -E  DGE  FLAP  PITCHING-MOMENT  EFFECTIVENESS 

(METHOD  1) 

DATA  SUMMARY  AND  SUBSTANTIATION 


Ref. 

Airfoil 

Section 

Cf/C 

c'/c 

xref/c 

(rieg) 

— 

Acm 

Calc. 

Acm 

Test 

e 

Percent 

Error 

23 

23012 

0.15 

1.150 

0.238 

30 

-0.300 

—0.300 

0 

26 

23021 

0.16 

1.150 

0.223 

60 

-0.366 

-0.380 

-3.7 

27 

63(4201-223, 

0.243 

1.070 

0.260 

40 

-0.327 

-0.300 

9.0 

a * 

0.1 

23 

23012 

0.25 

1.250 

0.233 

40 

-0.583 

-0.620 

-6.0 

26 

23021 

0.25 

1.250 

0.223 

40 

-0.540 

-0.520 

3.8 

24 

66,2-216, 

0.25 

1.029 

0.250 

10 

-0.101 

-0.105 

-3.8 

a = 

0.6 

1.043 

20 

-0.204 

-0.240 

-15.0 

1.068 

30 

-0.289 

-0.327 

-.1 1.6 

1.068 

40 

-0.332 

-0,384 

-13.5 

1.073 

50 

-0.338 

-0.405 

-16.5 

25 

66,2-216, 

0.26 

1.014 

0.250 

10 

-0.097 

-0.112 

-13.4 

a * 

0.6 

1.029 

20 

-0.194 

-0.234 

-17.1 

1.043 

30 

-0.276 

-0.360 

-23.3 

1.058 

40 

-0.323 

-0.410 

-21.2 

1.066 

50 

-0.331 

-0.400 

-17.3 

6 

65-210 

0.25 

1.144 

0.250 

28.2 

-0.359 

-0.425 

-15.5 

1.141 

34.5 

-0.404 

-0.445 

-9.2 

1.135 

39.5 

-0.420 

- 0.500 

-16.0 

1.145 

44.7 

-0.428 

-0.462 

-7.4 

1,075 

29.1 

-0.308 

-0.360 

-14.4 

1.078 

39.1 

-0.361 

-0.420 

-14.1 

1.076 

44.1 

-0.363 

-0.445 

-18.4 

1.076 

49.1 

-0.359 

-0.395 

-9.1 

36 

23012 

0.257 

1.030 

0.238 

10 

-0.110 

-0.110 

0 

1.050 

20 

-0.226 

-0.240 

-5.8 

1.060 

30 

-0.320 

-0.355 

-9.9 

1.070 

40 

-0.377 

-0.396 

-4.6 

1.080 

50 

-0.384 

-0.355 

8.2 

21 

23021 

0.257 

1.035 

0.223 

10 

-0.116 

-0.130 

-10.8 

1.035 

20 

-0.223 

-0.270 

-17.4 

1.070 

30 

-0.324 

-0.3S0 

-7.4 

1.070 

40 

-0.352 

-0.400 

-12.0 

1.070 

50 

-0.362 

-0.406 

-10.6 

1.060 

60 

-0.377 

-0  405 

-6.9 
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Airfoil 

Section 

Cf/C 

n'/c 

xreT/c 

! 

(deg) 

Acm 

Calc. 

1 

Acrr> 

Test 

■ » 

Percent 

Error 

23021 

0,257 

1.037 

0.223 

20 

-0.224 

-0.255 

-12.2 

1,050 

1 

30 

-0.306 

-0.330 

-7.3 

1.063 

40 

-0.345 

-0.320 

7.8 

1.054 

50 

-0.347 

-0.340 

2.1 

1.065 

60 

-0.381 

-0.360 

5.8 

23012 

0.267 

1.260 

0.238 

30 

-0.533 

-0.600 

-11.2 

23012 

0.30 

1.200 

0.238 

10 

-0.189 

-0.205 

-7.8 

20 

-0.363 

-0.325 

11.7 

30 

-0.435 

15.4 

40 

-0.540 

6.3 

50 

-0.577 

-0.560 

3.0 

10 

-0.189 

-0.220 

-14.1 

20 

-0.363 

-0.395 

-8.1 

30 

-0.502 

-0.500 

0.4 

40 

-0.574 

-0.515 

11.5 

1.310 

10 

-0.236 

-0.320 

-26.3 

20 

-0.449 

-0.525 

-14.5 

30 

-0.602 

-0.685 

-12.1 

1 

40 

-0.661 

-0.700 

-5.6 

23021 

0.40 

1.032 

0.223 

10 

-0.148 

-0.155 

-4.5 

1.075 

i 

! 

20 

-0.320 

-0.310 

3.2 

1.085 

30 

-0.435 

-0.400 

8.8 

1,055 

40 

-0.458 

-0.390 

17.5 

1.095 

50 

-0.505 

-0.425 

18.8 

23030 

0.40 

1.040 

0.140 

10 

-0.203 

-0.195 

4.1 

1.080 

20 

-0.406 

-0.410 

-1.0 

1.100 

30 

-0.544 

-0.545 

-0.2 

1.150 

40 

-0.655 

-0.570 

14.9 

1.160 

50 

-0.707 

-0.650 

8.8 

23012 

0.40 

1.065 

0.238 

10 

-0.155 

-0.145 

6.9 

1.088 

20 

-0.323 

-0.300 

7.7 

, 

1.103 

30 

-0.462 

-0.440 

5.0 

1.093 

40 

-0.515 

-0.355 

45.1 

1.090 

50 

-0.519 

-0.420 

23.6 

1.082 

10 

-0.162 

-0.150 

8.0 

1.100 

20 

-0.332 

-0.300 

10.7 

1.102 

30 

-0.462 

-0.405 

14.1 

1.110 

40 

-0.538 

-0.400 

34.5 

i 

1.090 



50 

-0.519 

-0.420 

>-  — - — .... 

23. G 

£l«l 


Average  Error 


- 11.2% 
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TABLE  6.1 .2.1-0 

DOUBLE-SLOTTED  TRAILING-EDGE  FLAP  PITCHING-MOMENT  EFFECTIVENESS 

(METHOD  1) 

DATA  SUMMARY  AND  SUBSTANTIATION 


Airfoil 

Section 

C1 

/c 

Cj/c 

c'/c 

xr.f/c 

(deg) 

(deg) 

Acm 

Celc. 

Acm 

Test 

e 

Percent 
| Error 

23012 

0.170 

0.257 

1.221 

0.238 

25 

35 

-0.804 

-0.713 

12.8 

23021 

0.147 

0.267 

1.229 

0.223 

30 

40 

-0.976 

-0.773 

26.3 

64-208 

0.056 

0.250 

1.127 

0.260 

25 

25 

-0.573 

-0.541 

5.9 

1410 

0.075 

0.260 

1.141 

25 

25 

-0.595 

-0.606 

-1.8 

63-210 

1.138 

25 

25 

-0.612 

-0.578 

6.9 

65-210 

1.143 

25 

25 

-0.597 

-0.584 

2.2 

66-210 

1.144 

25 

30 

-0.598 

-0.583 

2.6 

64-208 

1.148 

30 

15 

-0.668 

-0.568 

17.6 

64-212 

1.152 

30 

20 

-0.645 

-0.606 

6.4 

64-210 

1.139 

30 

25 

-0.635 

-0.633 

0.3 

66-210 

0.100 

0.250 

1.172 

25 

35 

-0.675 

-0.563 

19.9 

65-210 

0.075 

0.260 

1.139 

0.260 

15 

25 

-0.537 

-0.550 

ipii 

i 

1 

1.146 

20 

26 

-0.582 

-0.583 

1.143 

25 

25 

-0.607 
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FIGURE  6. 1.2.1 -35b  EFFECT  OF  TRAILING-EDGE  FLAP  DEFLECTION  AND  FLAP-CHORD- 
TO-WING-CHORD  RATIO  ON  SECtlON  INCREMENTAL  PITCHING 
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FIGURE  6.1.2.1-36  THEORETICAL  PITCHING -MOMENT  EFFECTIVENESS  OF 
LEADING-EDGE  DEVICES 
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6. 1.2.2  SECTION  DERIVATIVE  cm<>  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 


Mechanical  Flaps 

According  to  thin-airfoil  theory,  camber,  such  as  that  due  to  flaps,  does  not  affeci  the 
moment-curve  slope  of  an  airfoil  section.  Experimental  data  verify  this  for  the  angle-of-attack  and 
flap-deflection  ranges  for  which  the  flow  is  attached  over  the  airfoil  and  flap  surfaces.  This  aspect  of 
the  subject  is  discussed  with  respect  to  lift  for  various  types  of  flaps  in  Section  6.1.1 .2. 

A typical  set  of  data  is  shown  in  Sketch  (a)  for  plain  trading-edge  flaps. 


The  approximate  linear  range  is  noted  in  the  sketch.  At  angles  of  attack  above  the  linear  range  the 
flow  separates  over  the  flap  surface,  and  the  additional  loading  due  to  the  flap  is  lost.  A pitch-up 
tendency  results.  At  angles  of  attack  below  the  linear  range  the  flow  separates  on  the  underside  of 
the  airfoil,  causing  a forward  shift  in  center  of  pressure  and  a nose-up  moment  change. 

Theoretically,  the  pitching-moment-curve  slope  is  affected  both  by  leading-  and  trailing-edge  devices 
that  extend  beyond  the  chord  of  the  basic  airfoil.  These  changes,  predicted  by  thin-airfoil  theory, 
along  with  a recommended  empirical  factor  for  trailing-edge  devices,  are  presented  in  Reference  1. 
Attempts  to  substantiate  these  equations  by  using  available  test  data  of  References  2 through  8 have 
proved  unsatisiaclory.  The  test  data  from  these  references  do  not  indicate  a consistent  dependence 
of  pitching-moment-curve  slope  upon  airfoil-chord  extension  as  predicted  by  thin-airfoil  theory. 

Jet  Flaps 

The  aerodynamic-center  location  for  a jet-flap  airfoil  is  dependent  upon  the  trailing-edge  jet 
momentum  coefficient  CM  and  upon  the  extent  to  which  leading-  and  trailing-edge  flaps  extend 
beyond  the  basic  airfoil. 


6.1. 2.2-1 


Considerations  of  clarity  and  simplicity  of  presentation  dictated  a deviation  from  normal  Datcom 
practice  in  that  the  effect  of  jet  flaps  on  Cma  was  included  in  Section  6. 1 .2. 1,  which  deals  with  the 
pitching-moment  increment  Acm. 


DATCOM  METHODS 

1.  Leading-  and  Trailing-Edge  Mechanical  Flaps 

The  parameter  dcm/dcg  for  various  flap  deflections  is  th<  le  as  that  for  zero  flap  deflection  foi 
angles  of  attack  near  zero.  However,  the  linear  range  for  tu  parameter  becomes  very  small  at  the 
higher  flap  deflections. 

2.  Jet  Flaps 

The  variation  of  pitching  moment  with  angle  of  attack  for  airfoil  sections  equipped  with  jet  flaps  is 
covered  in  the  jet-flap  method  of  Section  6.1.2, 1.  The  range  of  applicability  and  the  limitations  of 
the  method  are  discussed  there  and  in  Section  6. 1 . 1 . 1 . 
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6. 1.2.3  SECTION  PITCHING  MOMENT  NEAR  MAXIMUM  LIFT  WITH  HIGH-IJFT 

AND  CONTROL  DEVICES 

It  is  shown  in  reference  1 that  near  maximum-lift  conditions  the  pitching-moment  increment  due  to  flap 
deflection  is  a function  of  the  corresponding  lift  increment  and  is  nearly  independent  of  flap  and  airfoil 
geometry.  The  summary  chart  from  this  reference  is  presented  in  this  section  for  estimating  pitching- 
moment  increments  due  to  flap  deflection  at  high  angles  of  attack.  The  flap  types  covered  include  plain, 
slotted,  and  Fowler  trailing-edge  flaps  and  leading-edge  flaps  and  slats.  The  chart  is  applicable  only  to  that 
part  of  the  cm  versus  cfi  curve  just  below  the  moment  break. 

DATCOM  METHOD 

Section  pitching-moment  increments  due  to  high-lift  and  control  devices  are  obtained  from  figure  6.1 .2.3-3. 
The  section-lift  increment  Acg  used  in  reading  this  chart  is  obtained  from  the  appropriate  method  of  Sec- 
tion 6. 1.1.1.  The  section-lift  increment  for  airfoils  with  both  leading-edge  and  trailing-edge  devices  is 
obtained  by  adding  the  individual  increments  calculated  by  the  methods  of  Section  6. 1.1.1. 

The  design  chart  is  based  on  the  test  data  of  references  2 through  28.  The  accuracy  of  the  method,  within 
the  boundaries  of  the  test  points  on  the  chart,  is  dependent  upon  the  accuracy, of  the  value  of  Acg  used  in 
reading  the  design  chart.  The  limitations  of  the  method  are  the  same  as  those  of  the  methods  of  Sec- 
tion 6. 1.1.1  for  determining  the  section-lift  increments. 
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6.1.3  SECTION  HINGE  MOMENT  OF  HIGH-LIFT  AND  CONTROL  DEVICES 

Hinge  moments  are  affected  by  many  factors,  such  as  balance  ratio,  balance  shape,  basic  airfoil 
characteristics,  trailing-edge  angle,  trailing-edge  bluntness,  gap  size  and  geometry,  tab  controls  and 
trimmers,  etc.  Hinge  moments  are  also  nonlinear  with  angle  of  attack  and  flap  deflection, 
particularly  at  moderate  to  large  angles.  The  hinge  moments  of  trailing-edge  controls  are  sensitive  to 
boundary-layer  conditions  and  hence  to  Reynolds-number  effects.  All  of  the  above  items  cause  the 
prediction  of  hinge  moments  to  be  very  difficult.  Test  data  on  the  particular  configuration  under 
consideration  or  one  closely  resembling  it  should  always  be  preferred  to  characteristics  obtained 
from  generalized  methods.  (Summaries  of  early  hinge- moment  test  data  used  in  determining  the 
effects  of  various  factors  on  hinge  moments  can  be  found  in  References  1 and  2.) 

The  methods  presented  in  subsequent  sections  are  limited  to  the  range  of  flap  deflections  and  angles 
of  attack  for  which  the  hinge  moments  are  linear,  i.e.,  those  conditions  for  which  the  flow  is 
attached  over  the  control  surface.  The  angles  of  attack  and  flap  deflections  at  which  the  flow 
separates  over  a plain,  sealed  control  are  interrelated  and  depend  upon  the  flap-chord-to-wing-chord 
ratio.  Approximate  boundaries  for  linear  control  effectiveness  are  presented  in  Figure  6. 1.3-2.  This 
chart,  taken  from  Reference  3,  is  based  on  test  data  on  an  NACA  0009  airfoil. 

The  sign  convention  for  hinge  moments  is  that  a positive  hinge  moment  tends  to  rotate  the 
control-surface  trailing  edge  down,  i.e.,  a positive  control  deflection. 
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6.1. 3.1  SECTION  HINGE-MOMENT  DERIVATIVE  c,,  OF 
HIGH-LIFT  AND  CONTROL  DEVICES  a 


For  the  angle-of-attack  range  where  the  flow  is  attached  over  the  control  surface,  the  variation  of 
hinge  moment  with  angle  of  attack  is  linear.  At  some  angle  of  attack,  depending  upon  the  control 
deflection  and  airfoil  and  control  geometry,  the  flow  separates  from  the  flap  surface.  The  rate  of 
change  of  hinge  moment  with  flap  deflection  increases  beyond  this  point  at  an  increased  rate.  This 
increase  can  be  attributed  to  the  increased  loading  at  the  trailing  edge  on  the  leeward  side  that 
accompanies  separation,  i.e.,  the  aft  movement  of  the  center-of-pressurc  location.  The  approximate 
angle  of  attack  at  which  the  flow  separates  from  the  surface  of  a plain,  sealed  flap  on  an 
NACA  0009  airfoil  is  shown  as  a function  of  flap  deflection  angle  and  flap-chord-to-control-chord 
ratio  in  Figure  6. 1.3-2. 

Those  additional  parameters  that  restrict  the  linear  range  are  large  trailing-edge  angles,  large 
nose-balance  ratios,  blunt  (control)  nose  shapes,  and  relatively  large  airfoil  thickness  ratios.  The 
linear  hinge-moment  range  is  generally  smaller  than  the  corresponding  linear  lift-increment  range 
due  to  control  deflection. 


Seal  and  Gap  Effects 

Unsealing  the  gap  between  the  nose  of  the  control  surface  and  the  basic  airfoil  affects  the 
hinge-moment  derivative  of  both  plain  and  balanced  controls.  For  most  cases,  the  hinge-moment 
derivative  ch  becomes  more  positive  when  the  gap  is  unsealed.  Experimental  data  indicate  that  this 
effect  tends  fo  be  larger  for  balanced  controls.  The  method  presented  herein  does  not  quantitatively 
account  for  the  effect  of  unsealing  the  gap.  In  effect,  seals  or  gaps  produce  a change  in  the  pressure 
distribution  along  the  control  surface.  Therefore,  many  factors  must  be  considered  when  analyzing 
the  effects  of  gaps  or  seals,  i.e.,  type  and/or  location  of  seal,  nose  shape,  balancing,  and  the 
particular  pressure  distribution  of  the  airfoil.  Sketch  (a)  illustrates  the  pressure  distributions  for  a 


sealed  and  unsealed  gap  on  a particular  control.  (This  pressure  distribution  should  not  be  construed 
as  being  true  for  all  configurations.)  In  viewing  the  change  in  the  pressure  distribution,  the  effect  of 
the  hinge-line  location  (balanced  control)  becomes  evident  when  determining  the  effect  of  the  seal 
or  gap  on  the  hinge-moment  derivative. 

In  view  of  the  difficulty  of  predicting  the  effects  of  seals  and  gaps,  experimental  data  should  be 
used  whenever  possible.  Figures  6. 1.3.1 -9  and  -10  (from  Reference  1)  show  the  effects  of  fixing 
transition  and  sealing  the  tab  gap  on  a modified  NACA65J-012  airfoil.  For  these  data,  the 
flap-chord-to-wing-chord  ratio  is  0.25,  the  tab-chord-to-flap-chord  ratio  is  0.25,  and  the  flap  gap  is 
sealed. 


DATCOM  METHOD 


A.  SUBSONIC 

The  method  presented  for  estimating  the  hinge  moment  of  trailing-edge  controls  due  to  angle  of 
attack  at  low  speeds  is  taken  from  Reference  2.  It  is  based  on  the  theories  and  data  of  References  3, 
4,  and  5,  and  applies  to  sealed  controls  (at  the  nose)  in  the  linear  hinge-moment  range  only.  It  is  not 

valid  for  horn-balanced  controls.  The  hinge-moment  derivative  Cj,  is  based  on  the  control  chord 

^ 11  Ct 

squared  cf  (where  the  control  chord  cf  is  measured  from  the  hinge  line  aft  to  the  trailing  edge). 


The  method  is  broken  down  into  a logical  sequence  of  calculations  that  account  for  various  factors 
in  the  following  order: 

1 .  Radius-nose,  sealed,  plain  trailing-edge  control  for  which  the  thickness  condition 


^TE  ^ TE  ^TE  t 

tan = tan = tan——-  = — 

2 2 2 c 

is  satisfied. 

2.  Thickness  distribution  when 

0 T E 0 T F,  E t 

tan = tan = tan-——  = — 

2 2 2 c 

is  not  satisfied. 

3.  Various  control  nose  shapes  and  the  effect  of  nose  balance. 

4.  Effects  of  Mach  number. 

The  semiempirical  method  for  determining  the  section  hinge-moment  derivative  ch^  is  as  follows: 


6.1.3. 1-2 


Step  1. 


Step  2. 


Calculate  the  hinge-moment  derivative  c'h  for  a radius-nose,  sealed,  trailing-edge  flap  for 
the  following  thickness  condition:  “ 


^TE  ^ TE  ^TE  t 

tan  — — = tan = tan  — — - = — 

2 2 2 c 


by 


where 


«*  > 


theory  J 


(ChJ 


theory 


(per  radian) 


6.1.3.1-a 


d’TE  is  the  trailing-edge  angle  defined  as  the  angle  between  straight  lines 

passing  through  points  at  90  and  99  percent  of  the  chord  on  the 
upper  and  lower  airfoil  surfaces. 

e is  the  trailing-edge  angle  defined  as  the  angle  between  straight  lines 

passing  through  points  at  95  and  99  percent  of  the  chord  on  the 
upper  and  lower  airfoil  surfaces. 

*te  is  the  trailing-edge  angle  defined  as  the  angle  between  tangents  to  the 

upper  and  lower  airfoil  surfaces  at  the  trailing  edge. 


> 


theory 


is  the  ratio  of  the  actual  to  the  theoretical  hinge-moment  derivative 
for  a radius-nose,  sealed-gap,  plain  trailing-edge  flap,  obtained  from 
Figure  6.1.3.1-lla. 


(<1,  ) is  the  theoretical  hinge-moment  derivative  for  airfoils  having 

, ♦’te  *"te  *te  t 

T~  = " 

This  parameter  is  obtained  from  Figure  6. 1 .3. 1 -1 1 b. 


The  parameter  Cg  /(Cg  ) used  in  reading  this  chart  is  obtained 
from  Figure  4.1.1  ?2-8a!*  ,heory 


If  the  thickness  condition  in  Step  1 is  satisfied.  Step  2 may  be  omitted.  However,  if  the 
thickness  condition  in  Step  1 is  not  satisfied,  correct  the  hinge-moment  derivative  c'h  of 
Step  1 to  account  for  the  particular  thickness  distribution  by  “ 


+ 2(cg  ) 

° theory 


(Cg  ) 

theory 


0" 


TE 


2 


(per  radian) 
6.1.3.1-b 


6.1.3.1-3 


where 


1 


ir"'- '"s ,■ 1 


c'ho  is  obtained  from  Equation  6. 1.3.1 -a  in  Step  1. 

(cK  ) is  the  theoretical  section  lift-curve  slope  obtained  from 

theory  Figure  4.1.1.2-8b  as  a function  of  airfoil  thickness  ratio. 

0 TE 

The  parameters  ce  /(c£  ) and are  obtained  as  noted  above  in  Step  1 . 

a a theory  2 

For  a beveled  trailing  edge,  <fi"TE  should  be  taken  as  equal  to  the  angle  of  the  bevel. 

It  is  stated  in  Reference  2 that  under  the  restriction  that  there  is  no  separated  flow,  ch 
for  a radius-nose  control  can  be  determined  by  using  the  above  equations  with  an 
accuracy  of  ±0.05  per  radian. 


SI 


Step  3.  Correct  the  hinge-moment  derivative  to  account  for  nose-shape  and  nose-balance  effects 
by  using  the  following  equation  (taken  from  Reference  5): 


where 


CV 


<ch  J 


balance 


is  obtained  from  Step  2,  or  is  equal  to  c'h  from  Step  1 if  the 
thickness  correction  is  not  required. 


balance 


c h„ 


is  obtained  from  Figure  6. 1.3. 1-1 2a  for  noses  of  various  shapes.  The 
nose  shapes  corresponding  to  the  curves  in  Figure  6. 1.3. 1-1 2a  are 

shown  in  Figure  6. 1.3. 1-1 2b.  The  balance  ratio  used  in  Figure 
6.1.3.1-12a  is  defined  by 


Balance  ratio  = 


te)  - © 


’6.1.3.1-d 


where 

is  the  chord  of  the  balance. 
cf  is  the  chord  of  the  control  aft  of  the  hinge  line. 

tc  is  the  thickness  of  the  control  at  the  hinge  line. 


6.1.3. 1-4 


r(v  i 

1 

balan  ce 

n 

(per  radian) 

6.1.3.1-c 

C ha 

' I 

A 


Figure  6.1.3.1-12a  is  taken  from  Reference  6 and  is  based  on  a limited  amount  of 
experimental  data  on  sealed  controls.  Small  changes  in  nose  shape,  trailing-edge  contour, 
and  air  flow  may  have  significant  effects  on  the  hinge-moment  derivative  of  balanced 
control  surfaces. 

Step  4.  Mach-number  effects  should  be  approximated  by  the  use  of  test  data  whenever  possible. 

However,  when  no  test  data-  are  available,  the  Mach-number  effects  may  be  roughly 
approximated  by  using  the  Prandtl-Glauert  correction;  i.e., 

(%a) 

, „ low  speed 

(C  ) = 

* • M 

Sample  Problem 

Given:  The  flapped  airfoil  of  Reference  7. 


NACA  0015  airfoil 
Round-nose  control 


Plain  trailing-edge  flap 
Cb/Cf  = 0.35 


Sealed  gap 


4 t E 

tan-——  = 0.164 
2 


V TE 

tan-— — - 0.169 
2 


cf/c  = 0.30 
tc/(2cf)  = 0.1527 

^TE 

•tan = 0.169 

2 


Low  speed  Rg  = 2.76  x 106 
Compute: 

Determine  the  hinge-moment  derivative  for  a radius-nose,  sealed,  trailing-edge  flap 


(cj,  ) = —0.507  per  rad  (Figure  6. 1.3. 1-1  lb) 

a theory 


0.760  (Figure  4.1.1. 2-8a) 

a theory 


Ch, 


(ch  ) 


theory 


0.320  (Figure  6. 1.3. 1-1  la) 


<‘h  > 


theory J 


theory 


(Equation  6. 1.3,1 -a) 


= (0.320)(— 0.507) 
= —0.162  per  rad 


6. 1.3.1-  5 


Determine  if  the  thickness  condition  is  satisfied;  i.e., 


^TE  ^ TE  ^TE  t 

tan  — - — = tan  — r — = tan = — 

2 2 2 c 

0.164=^0.169  = 0.169  ^0.15 


Determine  the  hinge-moment  derivative  accounting  for  the  thickness  distribution 


= 7.04  per  rad  (Figure  4.1.1 ,2-Sb) 


theory 


-c'h. 1 (TT 


theory 


^ TE  t \ 

tan  — — (Equation  6. 1 .3. 1 -b) 

2c/ 


« —0.16/  + 2(7.04) [ 1 -0.760](0.169-  0.150) 
= -0.0978  per  rad 


Determine  the  effect  of  nose  shape  and  nose  balance 


Balance  ratio  = 


°b  \2  / \2 


(Equation  6.1.3.1-d) 


= \J  (0.35)2  — (0.1527)2 


= 0.315 


(ch  ) 

balance 


= 0.50  (Figure  6.1.3. 1-1 2a) 


a balance  a \ C 


) 1 

b a la  n c e | 

~ I 

C h«  j 


(Equation  6,1.3.1-c) 


= (-0.0978X0.50) 

= -0.0489  per  rad 
= -0.000853  per  deg 

This  compares  with  a test  value  of  -0.00145  per  degree  from  Reference  7. 
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B.  TRANSONIC 


No  method  is  available  for  predicting  the  section  hinge-moment  derivative  ch^  at  transonic  speeds. 


C.  SUPERSONIC 

The  method  for  determining  ch  at  supersonic  speeds  is  based  on  the  theory  of  Reference  8.  The 
theory  applies  to  airfoils  with  sharp  leading  and  trailing  edges,  where  the  angles  of  attack  and 
flap-deflection  angles  are  small.  In  addition,  the  flow  field  is  assumed  to  be  everywhere  supersonic 
and  in  viscid. 


DATCOM  METHOD 


The  hinge-moment  derivative  at  supersonic  speeds  for  a symmetric,  straight-sided  flap  with 
c{/c  < 1/2,  regardless  of  the  airfoil  section  ahead  of  the  flap,  is  given  by 


cha  = ~ci  +c2  <p. 


TF 


6.1.3. 1-e 


where  Cj  and  C2  are  thickness  correction  factors  to  the  supersonic  flat-plate  derivative. 
2 


Ci  - 


per  radian 


x/M2  - 1 


c2  - 


(7+  1)M4  — 4(M2  - 1) 


per  radian 


2(M2  - l)2 
<j>JE  is  the  trailing-edge  angle  in  radians. 

T is  the  ratio  of  specific  heats,  7 = 1.4. 

For  a symmetric,  circular-arc  airfoil  with  cf/c  < 1/2,  ch  is  given  by 


cK  = -C,  + 


Ac 


M t 


t/c  / c 


6.1.3. 1-f 


where  Cj  is  defined  above,  and 


is  a thickness  correction  factor  for  symmetric,  circular-arc  airfoils  obtained  from 
Figure  6.1.3.1-13. 


The  method  becomes  somewhat  complicated  for  more  general  airfoil  shapes.  Other  airfoil  shapes  are 
treated  in  Reference  8. 


6. 1.3. 1-7 


Sample  Problem 


Given:  Symmetric,  circular-arc  airfoil. 

t/c  = 0.06  cf/c  = 0.30  M = 2.0 

Compute: 

2 1 

Cj  = — = — = 0.020  per  deg 
573 

ACh« 

• — 7 — = 0.0008  per  deg  (Figure  6.1 .3.1-13) 
t/c 

Solution : 

/AcM  t 

cha  = — Ct  + I - ) — (liquation  6. 1.3.1 -f) 

= -0.020  + (0.0008X0.06) 

= -0.01995  per  deg 
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FIGURE  6. 1.3.1- 1 1 RATE  OF  CHANGE  OF  SECTION  HINGE-MOMENT  COEFFICIENT  WITH 
ANGLE  OF  ATTACK  FOR  A PLAIN  FLAP 
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FIGURE  6.1.3.1-12a 


EFFECT  OF  NOSE  BALANCE  ON  SECTION  CONTROL  HINGE 
MOMENT  COEFFICIENT 
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FIGL  RE  6. 1 .3.1-  12b  CONTROL-SURFACE  SECTION  NOSE  SHAPES  SHOWN  FOR  A 35% 
BALANCE 
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SUPERSONIC  SPEEDS 


FIGURE  6.1.3.1-13  THICKNESS  CORRECTION  FACTOR  FOR  HINGE-MOMENT  DERIVATIVES 
FOR  SYMMETRIC,  CIRCULAR-ARC  AIRFOILS 


6.1.3.1-13 


Revised  J»nu*ry  1975 


6.1.3.2  SECTION  HINGE-MOMENT  DERIVATIVE  chs  OF  HIGH-LIFT  AND  CONTROL  DEVICES 


For  small  control  deflections,  where  the  flow  is  attached  over  the  control  surface,  the  variation  of 
hinge  moment  with  control  deflection  is  linear.  At  some  deflection  angle,  depending  upon  the  angle 
of  attack  and  airfoil  and  control  geometry,  the  flow  separates  from  the  flap  surface.  The  rate  of 
change  of  hinge  moment  with  flap  deflection  increases  beyond  this  point  at  an  increased  rate,  as 
shown  in  Sketch  (a).  This  increase  can  be  attributed  to  the  increased  loading  at  the  trailing  edge  on 
the  leeward  side  that  accompanies  separation;  i.e.,  the  aft  movement  of  the  center-of-pressure 
location.  The  approximate  deflection  angle  at  which  the  flow  separates  from  the  surface  of  a plain, 
sealed  flap  on  an  NACA  0009  airfoil  is  shown  as  a function  of  angle  of  attack  and 
fiap-chord-to-contici-chord  ratio  in  Figure  6. 1.3-2. 


TYPICAL  CURVE  OF  HINGE  MOMENT 
SKETCH  (a) 


The  additional  parameters  that  restrict  the  linear  range  are  large  trailing-edge  angles,  large 
nose-balance  ratios,  blunt  (control)  nose  shapes,  and  relatively  large  airfoil  thickness  ratios.  The 
effect  of  large  nose-balance  ratios  is  shown  in  Sketch  (b)  (from  Reference  1). 


HINGE  MOMENT  WITH  VERY 
LARGE  NOSE  BALANCE 
SKETCH  (b) 


6.1.3. 2-1 


The  effect  of  beveled  trailing  edges  is  shown  in  Sketch  (c)  (from  Reference  1).  The  linear 
hinge-moment  range  is  generally  smaller  than  the  corresponding  linear  lift-increment  range  due  to 
control  deflection. 


TRAILING  - 


SKETCH  (c) 

Unsealing  the  gap  between  the  nose  of  the  control  surface  and  the  basic  airfoil  affects  the 
hinge-moment  derivative  of  both  plain  and  balanced  controls.  The  method  presented  herein  does 
not  quantitatively  account  for  the  effect  of  unsealing  the  gap  (see  Section  6.1 .3.1  for  a discussion  of 
the  salient  aspects,).  Figures  6.1 .3.2- 10  and  -1 1 (from  Reference  2)  illustrate  the  effect  of  fixing 
transition  and  sealing  the  tab  gap  on  a modified  NACA65[-012  airfoil.  For  these  data,  the 

flap-chord-to-wing-chord  ratio  is  0.25,  the  tab-chord-to-flap-chord  ratio  is  0.25,  and  the  flap  gap 
is  sealed. 


DATCOM  METHOD 


A.  SUBSONIC 

The  method  presented  for  estimating  the  hinge  moment  due  to  trailing-edge  control  deflection  at 
low  speeds  is  taken  from  Reference  3 and  closely  parallels  the  method  presented  in  Section  6. 1.3.1 
for  predicting  the  hinge-moment  derivative  ch  . This  method  is  based  on  the  theories  and  data  of 
References  4,  5,  and  6.  The  method  applies  to  sealed  controls  (at  the  nose)  in  the  linear 
hinge-moment  range  only.  It  is  not  valid  for  hoin-balanced  controls.  The  hinge-moment  derivative 
chfi  is  based  on  the  control  chord  squared  cf2  (where  the  control  chord  cf  is  measured  from  the 
hinge  line  aft  to  the  trailing  edge). 


The  method  is  broken  down  into  a logical  sequence  of  calculations  that  account  for  various  factors 
in  the  following  order: 

1 . Radius-nose,  sealed,  plain  trailing-edge  control  for  which  the  condition 

0*te  ^ te  ^te  t 

tan = tan  — - — = tan  — = — 

2.2  2 c 

is  satisfied. 

2.  Thickness  distribution  when 

^ te  ^ te  ^te  t 

tan = tan = tan = — 

2 2 2 c 

is  not  satisfied. 

3.  Various  control  nose  shapes  and  the  effect  of  nose  balance. 

4.  Effects  of  Mach  number. 

The  semiempirical  method  for  determining  the  section  hinge-moment  derivative  ch  is  as  follows: 

o 


Step  1.  Calculate  the  hinge-moment  derivative  c'hs  for  a radius-nose,  sealed,  trailing-edge  flap  for 
the  following  thickness  condition 


^TE  0 TE  0TE  t 

tan  — r—  - tan  — r — “ tan  — — = — 

2 2 2 c 


by 


where 


<%> 


theory 


(per  radian) 


6.1.3.2-a 


d'rE  is  the  trailing-edge  angle  defined  as  the  angle  between  straight  lines 

passing  through  points  at  90  and  99  percent  of  the  chord  on  the 
upper  and  lower  airfoil  surfaces. 

0”TE  is  the  trailing-edge  angle  defined  as  the  angle  between  straight  lines 

passing  through  points  at  95  and  99  percent  of  the  chord  on  the 
upper  and  lower  airfoil  surfaces. 


6.1. 3.2-3 


E is  the  trailing-edge  angle  defined  as  the  angle  between  tangents  to  the 

upper  and  lower  airfoil  surfaces  at  the  trailing  edge. 


(ch6) 

theory 


is  the  ratio  of  the  actual  to  the  theoretical  hinge-moment  derivative 
for  a radius-nose,  sealed-gap,  plain  trailing-edge  flap,  obtained  from 
Figure  6. 1.3. 2-1 2a. 


The  parameter  cs  /(cs  ) used  in  reading  this  chart  is  obtained 
from  Figure  4.1 .1 .2-8a,  theory 


(ch  ) is  the  theoretical  hinge-moment  derivative  for  airfoils  having 

6 theory  A'  A"  A t 

“te  vte  ^te  t 

tan = tan tan——  = — : 

2 2 2 c 

This  parameter  is  obtained  from  Figure  6. 1.3. 2-1 2b. 


Step  2.  If  the  thickness  condition  in  Step  1 is  satisfied,  Step  2 may  be  omitted.  However,  if  the 
thickness  condition  in  Step  1 is  not  satisfied,  correct  the  hinge-moment  derivative  c'h  of 
Step  1 to  account  for  the  particular  thickness  distribution  by 


c h c + 2(cb.) 


theory 


theoryj 


(per  radian) 
6. 1.3.2-b 


where 

c'h  is  obtained  from  Equation  6.1 .3.2-a  in  Step  1 . 

(cB  ) is  the  theoretical  lift  due  to  flap  deflect ;on,  obtained  from 

theory  Figure  6. 1 . 1 .1  -39a. 


(c6  ) 

theory 


is  the  ratio  of  the  actual  to  the  theoretical  lift  due  to  flap  deflection, 
obtained  from  Figure  6.1 .1.1 -39b  as  a function  of  c„  /(cg  ) 
and  cf/c.  * a theoIy 


The  parameters  cs  /(ca  ) and  tan  — - — are  obtained  as  noted  in  Step  1 . 

“ ° theory  2 

For  a beveled  trailing  edge,  $''TE  should  be  taken  as  equal  to  the  angle  of  bevel. 

It  is  stated  in  Reference  3 that  under  the  restriction  that  there  is  no  separated  flow,  cht 

" 0 

for  a radius-nose  control  can  be  determined  from  the  above  equations  with  an  accuracy  of 
±0.05  per  radian. 


6. 1.3. 2-4 


H 


1 

i 

5 


a 


Step  3.  Correct  the  hinge-moment  derivative  to  account  for  nose-shape  and  nose-balance  effects 
(taken  from  Reference  5)  by 


(chfi) 

b alance 


(per  radian) 


6.1.3.2-c 


where 


c"h  is  obtained  from  Equation  6.1.3.2-b,  or  is  equal  to  c'h  in  Step  1,  if 

the  thickness  correction  is  not  required. 


(c»a 


) 

balance 


C 


n 

h 


6 


is  obtained  from  Figure  6.1.3.2-13  for  noses  of  various  shapes.  The 
nose  shapes  corresponding  to  the  curves  in  Figure  6.1.3.2-13  are 
shown  in  Figure  6.1.3.1-12b  of  Section  6,1.3. 1.  The  balance  ratio  as 
used  in  Figure  6.1.3.2213  is  defined  by  Equation  6. 1.3.1 -d  of 
Section  6. 1.3.1 . 


Figure  6.1.3.2-13  is  taken  from  Reference  6 and  is  based  on  a limited  amount  of 
experimental  data  on  sealed  controls.  Small  changes  in  nose  shape,  trailing-edge  contour, 
and  air  flow  may  have  significant  effects  on  the  hinge-moment  derivative  of  balanced 
control  surfaces. 


Step  A.  Mach-number  effects  should  be  approximated  by  the  use  of  test  data  whenever  possible. 

However,  when  no  test  data  are  available,  the  Mach-number  effects  may  be  roughly 
approximated  by  using  the  Prandtl-Glauert  correction;  i.e., 


(chjt)  - 


<ch5>, 


low  speed 


M 


y/l  MJ 


6.1.3.2-e 


i 


4 


i 


4 


Sample  Problem 

Given:  The  flapped  airfoil  of  Reference  8.  This  is  the  same  configuration  as  that  of  the  sample 
problem  of  Paragraph  A,  Section  6. 1 .3. 1 . 


NACA  001 5 airfoil 
Round-nose  control 

^ TE 

Scaled  gap  tan  — — 

Low  speed  R8 


Plain  trailing-edge  flap 
Cfc/Cj.  = 0.35 

A ft 

4*  TE 

0.164  tan = 0.169 

2 

2.76  x 106 


cf/c  - 0.30 
tc/(2cf)  = 0.1527 

^TE 

tan——  = 0.169 
2 


6.1. 3.2-5 


t 


i 


A 


Compute; 

Determine  the  hinge-moment  derivative  for  a radius-nose,  sealed,  trailing-edge  flap 
(ch  ) = — 0.825  perrad  (Figure  6.1 .3.2-1 2b) 

S theory 


(C8  ) 


- 0.760  (Figure  4.1.1. 2-8a) 


theory 


c,h. 


= 0.780  (Figure  6. 1.3.2-12a) 


theory 


J — 


(Ch.) 


theory 


(Equation  6.1.3.2-a) 


theory J 

= (0.780)(-0.825) 

= -0.644  per  rad 

Determine  if  the  thickness  condition  is  satisfied;  i.e., 

^'te  *"te  ^te  t 

tan-——  = tan— — = tan——  = — 

2 2 2 c 

0.164  * 0.169  = 0.169  *0.15 

Determine  the  hinge-moment  derivative  accounting  for  the  thickness  distribution 
(ce  ) = 4.60  per  rad  (Figure  6.1 .1.1 -39a) 


theory 


C«, 


(<*.> 


= 0.605  (Figure  6. 1.1.1 -39b) 


theory 


V 


C hr 


= C*h  + 2(Cg  ) 


theory 


1 


(Cgt) 


<p' 


tan- 


TE  t 


theory. 

= -0.644  + 2(4.60)11  - 0.605](0.169  - 0.150) 
= -0.575  per  rad 


(Equation  6.1 .3.2 -b) 


9 


6.1. 3.2-6 


Determine  the  effect  of  nose  shape  and  nose  balance 


Balance  ratio  = 


(Equation  6.1.3.1-d) 


= v/cOJS)2  — (0.1527)2 
= 0.315 


<ch5) 

■ = 0.42  (Figure  6.1.3.2-13) 

c h£ 


(Chs} 

balance 


<chs) 

b alance 


(Equation  6.1.3.2-cl 


= (-0.575X0.42) 

= -0.2415  per  rad 
= -0,00421  per  deg 

This  compares  with  a test  value  of  -0.0030  per  degree  from  Reference  8. 


B.  TRANSONIC 

No  method  is  available  for  predicting  the  section  hinge-moment  derivative  ch£  at  transonic  speeds. 


C.  SUPERSONIC 

The  method  for  determining  ch g at  supersonic  speeds  is  based  on  the  theory  of  Reference  7.  The 
theory  applies  to  airfoils  with  sharp  leading  and  trailing  edges,  where  the  angles  of  attack  and  flap 
deflection  angles  are  small.  In  addition,  the  flow  field  is  assumed  to  be  everywhere  supersonic  and 
in  viscid. 


DATCOM  METHOD 

The  hinge-moment  derivative  ch  at  supersonic  speeds  for  a symmetric,  straight-sided  flap  with 
cf/c  < 1 12,  regardless  of  the  airfoil  section  ahead  of  the  flap,  is  given  by 

Cj,s  = — Cj +C20TE  6.1.3.2-d 


where  Cj  and  C2  are  thickness  correction  factors  to  the  supersonic  fiat-plate  derivative. 


2 


Ci  - 


C2  = 


per  radian 


s/u2  - \ 

<7+  DM4  -4(M2  - 1) 


per  radian 


2(M2  - l)2 
0T  E is  the  trailing-edge  angle  in  radians. 

7 is  the  ratio  of  specific  heats,  7 = 1.4. 

For  a symmetric,  circular-arc  airfoil  with  cf/c;  < 1/2,  ch  is  given  by 


6.1.3.2-e 


where  Cj  is  defined  above,  and 


is  a thickness  correction  factor  for  symmetric,  circular-arc  airfoils,  obtained  from 
Figure  6.1.3.1-13  . 


The  method  becomes  somewhat  complicated  for  more  general  airfoil  shapes.  Other  airfoil  shapes  are 
treated  in  Reference  7. 


Sample  Problem 


Given;  Symmetric,  circular-arc  airfoil. 

t/c  = 0.06  cf/c  = 0.30 


M = 2.0 


Compute: 

Ci 

Acv,. 


2 1 


57.3 


= 0.020  per  deg 


t/c 


= 0.0008  per  deg  (Figure  6.1 .3.1-13) 


Solution: 


c 


(Equation  6.1.3.2-e) 


= -0.020  + (0.0008)(0.06) 
= -0.01995  per  deg 
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FIGURE  6.1. 3.2-1 1 EFFECT  OF  SEALED  AND  UNSEALED  TAB  GAPS  AND 

TRANSITION  STRIPS  ON  FLAP  SECTION  HINGE  MOMENTS 
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FIGURE  6.1.3.2-12  RATE  OF  CHANGE  OF  HINGE-MOMENT  COEFFICIENT  WITH  CONTROL 
DEFLECTION  FOR  A PLAIN  FLAP 
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6. 1.3. 3 SECTION  HINGE-MOMENT  DERIVATIVE  (chf)  OF  CONTROL  SURFACE 

1 


DUE  TO  CONTROL  TABS 


A deflected  tab  on  a control  surface  causes  pressure  changes  on  the  surfaces  of  the  tab  and  control. 
Because  of  the  large  moment  arms  associated  with  these  incremental  pressures,  large  changes  in 
control-surface  hinge  moments  result.  In  addition,  these  incremental  changes  in  the  pressure 
distribution  can  be  influenced  by  a sealed  or  unsealed  surface  where  the  tab  meets  the  control. 


DATCOM  METHOD 

The  following  method  is  taken  from  Reference  1 and  is  based  on  the  two-dimensional  NACA  0009 
airfoil  test  data  for  round-nose,  unbalanced  controls  with  sealed  flap  and  tab  gaps.  This  method  is 
limited  to  ihe  low-speed  linear  hinge-moment  range  and  should  be  restricted  to  tab  deflections  of 
approximately  ±18°  and  the  combinations  of  control  deflection  and  angle  of  attack  as  indicated  in 
Figure  6. 1.3-2. 

The  change  in  the  low-speed  section  hinge-moment  coefficient  of  a control  due  to  tab  deflection, 
measured  at  constant  values  of  angle  of  attack  and  flap  deflection,  car.  be  expressed  as 


where 

I — — I is  the  change  in  control  section  hinge-moment  coefficient  due  to  tab  deflection, 

\ d0t  /c  s measured  at  constant  values  of  lift  and  flap  deflection.  This  value  is  obtained 
fi  f from  Figure  6. 1 ,3.3-4a. 


is  the  change  in  control  section  hinge-moment  coefficient  due  to  lift  variation, 
s measured  at  constant  values  of  tab  and  flap  deflection.  This  value  is  obtained 
f from  Figure  6. 1 .3,3-4b  (modified  from  Reference  1 to  reflect  the  characteris- 
tics of  a flat-sided  flap  contour  - like  a conventional  elevator). 


is  the  section  lift-curve  slope  of  the  primary  panel  (wing,  horizontal  tail,  etc.)  at 
constant  values  of  tab  and  flap  deflection.  This  value  can  be  obtained  from 
Section  4,1.1 .2. 


is  the  rate  of  change  of  angle  of  attack  due  to  a change  in  tab  deflection  in  the 
linear  range  at  constant  values  of  lift  and  flap  deflection.  This  value  can  be 
obtained  from  Figure  6. i. 3. 3-5. 


6.1  3.3-1 


The  above  method  does  not  quantitatively  account  for  the  effect  of  unsealing  the  tab  gap.  In  view 
of  the  difficulty  of  predicting  the  effects  of  seals  and  gaps,  experimental  data  should  be  used 
whenever  possible.  Figure  6.1.3.3-6a  (from  Reference  2)  shows  the  effects  of  fixing  transition  and 
sealing  the  tab  gap  on  a modified  NACA65j-012  airfoil.  For  these  data,  the  flap-chord-to-wing- 
ehord  ratio  is  0.25,  the  tab-chord-to-flap-chord  ratio  is  0.25,  and  the  flap  gap  is  sealed. 


The  effects  of  tab  nose  shape  are  also  not  accounted  for  in  the  above  method,  and  exp  mental  1 

data  should  be  used  whenever  possible.  However,  the  effect  of  tab  nose  shape  as  a function  of  nose  ] 

balance  is  presented  in  Figure  6.1.3.3-6b  (from  Reference  2)  for  a NACA  65.-012  airfoil  with  a tab  j 

gap  of  0.004c  and  transition  strips  at  0.01c.  j 

i 

Other  parameters  not  accounted  for  in  this  method  include  the  effects  of  airfoil  thickness  and  ' 

trading-edge  angle.  Unfortunately,  not  enough  data  are  available  to  evaluate  the  effects  of  either  of 
these  variables  on  the  section  hinge-moment  derivative.  Additional  test  data,  including  the  effects  of 

these  variables  on  a limited  number  of  flapped  configurations,  are  presented  in  References  3 
through  9. 

Sample  Problem 

Given;  The  flap  and  tab  configuration  of  Reference  2. 

NACA  65  j -0 1 2 airfoil  Plain  trailing-edge  flap  (sealed) 

Cf/c  = 0.25  Round-nose  flap  /■< 

■v> 

Plain  trailing-edge  tab  (sealed)  ct/cf  = 0.25  Round-nose  tab 


Low  speed 
Compute; 


Re  = 4.59  x 106 


-0.0124  per  deg  (Figure  6.1.3. 3-4a) 


-0.046  (Figure  6.1. 3;3-4b) 


-0.255  (Figure  6. 1.3. 3-5) 


= 0.11  per  deg  (Table  4.1 .1-B) 


Solution: 


(Equation  6.1.3.3-a) 


= —0.0124  — (—0.046)(0.1 1)(— 0.255) 


= -0.0124-0.0013 


= -0.0137  per  deg 

This  -compares  with  test  values  of  —0.01 15  per  degree  with  transition  strips  and  —0.0138  per  degree 
without  transition  strips,  from  Reference  2. 
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FIGURE  6.1. 3.3-4  b EFFECT  OF  SECTION  LIFT  COEFFICIENT  ON  FLAP  SECTION 
HINGE  MOMENTS 
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SUBSONIC  SPEEDS 


FIGURE  6. 1.3.3 -5  RATE  OF  CHANGE  OF  ANGLE  OF  ATTACK  DUE  TO  A CHANGE 
IN  TAB  DEFLECTION 
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6. 1.3.4  SECTION  HINGE-MOMENT  DERIVATIVE  (cht)  OF  CONTROL 
TAB  DUE  TO  CONTROL  SURFACE  5f 


A deflected  flap  or  control  surface  causes  pressure  changes  on  the  surfaces  of  the  tab  and  control. 
These  pressure  changes  on  the  tab  generally  result  in  a change  in  the  tab  hinge  moment. 


DATCOM  METHOD 

The  following  method  is  taken  from  Reference  1 and  is  based  on  the  two-dimensional  NACA  0009 
airfoil  test  data  for  round-nose,  unbalanced  controls,  with  sealed  flap  and  tab  gaps.  This  method  is 
limited  to  the  low-speed  linear  hinge-moment  range  and  should  be  restricted  to  flap  deflections  of 
approximately  ±18°  and  the  combinations  of  control  deflection  and  angle  of  attack  as  indicated  in 
Figure  6. 1.3-2. 

The  change  in  the  low-speed  tab  section  hinge-moment  coefficient  due  to  flap  deflection,  measured 
at  constant  values  of  angle  of  attack  and  tab  deflection,  can  be  expressed  as 


where 


is  the  change  in  tab  section  hinge-moment  coefficient  due  to  control  deflection, 
measured  at  constant  values  of  lift  and  tab  deflection.  This  value  is  obtained 
from  Figure  6.1.3.44a. 


is  the  change  in  tab  section  hinge-moment  coefficient  with  respect  to  lift 
coefficient,  measured  at  constant  values  of  flap  and  tab  deflections.  This  value 
is  obtained  from  Figure  6.1.3.4-4b. 


is  the  section  lift-curve  slope  of  the  primary  panel  (wing,  horizontal  tail,  etc.)  at 
constant  values  of  tab  and  flap  deflection.  This  value  can  be  obtained  from 
Section  4. 1.1. 2. 


s 


t 


is  the  rate  of  change  of  angle  of  attack  due  to  a change  in  flap  deflection  in  the 
linear  range  at  constant  values  of  lift  and  tab  deflection.  This  value  can  be 
obtained  from  Figure  6.1. 3.4-5. 


The  above  method  does  not  quantitatively  account  for  the  effect  of  unsealing  the  tab  gap.  In  view 
of  the  difficulty  of  predicting  the  effects  of  seals  and  gaps,  experimental  data  should  be  used 
whenever  possible.  Figure  6. 1 .3.4-6a  (from  Reference  2)  shows  the  effects  of  fixing  transition  and 
sealing  the  tab  gap  on  a modified  NACA65j-012  airfoil.  For  these  data,  the  flap-chord-to-wing- 
chord  ratio  is  0.25,  the  tab-chord-to-flap-chord  ratio  is  0.25,  and  flap  gap  is  sealed. 

The  effects  of  tab  nose  shape  are  not  accounted  for  in  the  above  method  and  experimental  data 
should  be  used  whenever  possible.  However,  the  effect  of  tab  nose  shape  as  a function  of  nose 
balance  is  presented  in  Figure  6.1.3.4-6b  (from  Reference  2)  for  a NACA  65 x -0 1 2 airfoil  with  a tab 
gap  of  0.004c  and  transition  strips  at  0.01c. 

Other  parameters  not  accounted  for  in  the  above  method  include  the  effects  of  airfoil  thickness  and 
trailing-edge  angle.  Unfortunately,  not  enough  test  data  are  available  to  evaluate  the  effects  of  either 
of  these  variables  on  the  section  hinge-moment  derivative.  Additional  test  data,  including  the  effects 
of  these  variables  on  a limited  number  of  flapped  configurations,  are  presented  in  References  3 
through  9 of  Section  6. 1.3,3. 


Sample  Problem 

Given:  The  flap  and  tab  configuration  of  Reference  2. 

NACA  65 1 -0 1 2 airfoil  irlain  trailing-edge  flap  (sealed) 

cf/c  = 0.25  Round-nose  flap  Plain  trailing-edge  tab  (sealed) 

ct/cf  = 0.25  Round-nose  tab  Low  speed  Rj  = 4.59  x 106 


Compute: 


—0.00 1 88  per  deg  (Figure  6. 1 .3  i4-4a) 


-0.011  (Figure  6.1.3. 4-4b) 


-0.569  (Figure  6.1. 3.4-5) 


O.llperdeg  (Tabic  4.1.1 -B) 


Solution; 


(Equation  6. 1 ,3.4-a) 

= -0.00188  - (-0.01 1)(0.1  1)( -0.569) 

= -0.00188  -0.00069 
= -0.00257  per  deg 

This  compares  with  test  values  of  -0.001 2 per  degree  with  transition  strips  and  -0.0026  per  degree 
without  transition  strips,  from  Reference  2. 
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6.1.4  WING  LIFT  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 

6. 1.4.1  CONTROL  DERIVATIVE  CLs  OF  HIGH-LIFT  AND  CONTROL  DEVICES 

A.  SUBSONIC 


Mechanical  Flaps 

The  method  used  to  estimate  lift  due  to  flap  deflection  at  subsonic  speeds  is  designed  to  make 
maximum  use  of  experimental  airfoil  section  data  when  such  data  are  available.  This  approach  is 
taken  from  Reference  1,  wherein  various  existing  methods  have  been  combined  to  obtain  a simple 
procedure  with  general  application. 


Jet  Flaps 

Two  methods  are  presented  for  estimating  the  jet-flap  lift  increment  at  small  angles  of  attack  (see 
Section  6. 1.1.1  for  a sketch  of  the  various  jet-flap  types  and  a discussion  of  the  salient  aspects). 
More  cc curate  and  sophisticated  lift  methods  than  those  presented  here  have  been  developed  for 
analyzing  jet-flap  configurations  (such  as  the  method  presented  in  Reference  2).  However,  the  more 
sophisticated  methods  are  not  amenable  to  a handbook  solution;  i.e.,  they  require  the  use  of  a 
computer.  Other  modifications  and  approaches  to  the  jet-flap  problem  are  presented  and  discussed 
in  detail  in  Reference  3. 

The  first  method  (taken  from  Reference  4)  evaluates  the  lift  increment  due  to  both  flap  deflection 
and  power  effects  for  an  internally-blown-flap  (IBF)  configuration.  This  method  is  based  on  the 
theoretical  two-dimensional  jet-flap  lift  increment  modified  by  MaskelTs  theoretical  correction 

factor  for  finite-aspect-ratio  effects  and  a crude  part-span  factor  to  account  for  partial-span  flaps. 
This  method  has  not  been  substantiated  because  of  the  lack  of  published  three-dimensional  IBF 
data.  However,  the  method  has  yielded  results  within  ten  percent  of  test  data  for  those  cases  that 
have  been  evaluated  (References  4 and  5). 

The  second  method  (taken  from  Reference  6)  is  used  to  evaluate  the  lift  increment  due  only  to 
power  effects  for  an  extemally-blown-flap  (EBF)  configuration.  This  method  is  based  on  Spence’s 
two-dimensional  jet-flap  lift  increment,  modified  by  Hartunian’s  theoretical  correction  factor  for 
finite-aspect-ratio  effects  and  the  ratio  of  flapped  wing  area  to  reference  wing  area  to  account  for 
partial-^pan  effects.  Substantiation  of  this  method  has  not  been  presented  here;  however,  a 
substantiation  of  the  method  does  appear  in  Reference  6 with  an  indicated  average  error  of  about 
10  percent. 

The  r.ondimensional  trailing-edge  jet  momentum  coefficient  for  three-dimensional  jet-flap  configu- 
rations is  denoted  by  Cj . The  relationship  to  the  two-dimensional  jet  momentum  coefficient  C 
(see  Section  6. 1.1.1  for  definition)  can  be  expressed  as 


where 


is  the  jet  momentum  at  the  trailing  edge, 
is  the  spanwise  wing  increment, 
is  the  free-stream  dynamic  pressure, 
is  the  reference  wing  area, 
is  the  wing  span. 


is  the  wing  chord. 


DATCOM  METHODS 


1 . Mechanical  Leading-  and  Trailing-Edge  Devices 

The  lift  increment  developed  by  deflection  of  a control  surface  is  given  by 


where 


^ ^ ( £)  [ «.*,£]  ** 


6. 1.4.1 -a 


is  the  section  lifi  increment  due  to  control  deflection.  Test  data  on  the  particular 
flapped  airfoil  are  preferred,  but  the  increment  can  be  estimated  by  the  applicable 
method  of  Section  6. 1 . 1 . 1 . 

is  the  lift-curve  slope  of  the  wing  with  the  flap  retracted,  based  on  the  wing  reference 
area,  obtained  from  the  appropriate  wing  method  of  Paragraph  A of  Section  4. 1 .3.2. 


is  the  section  lift-curve  slope  of  the  basic  airfoil,  including  the  effects  of 
compressibility,  obtained  from  Section  4. 1 . 1 .2. 


" c L .. 

(Of ) IS,  ra*10  three-dimensional  flap-effectiveness  parameter  to  the  two- 

c®  dimensional  flap-effectiveness  parameter,  obtained  from  Figure  6.1.4.1-14  as  a 
function  of  wing  aspect  ratio  and  the  theoretical  value  of  (a6 ) . The  theoretical 
value  of  (a*)CE  is  obtained  from  the  inset  chart  of  Figure  6. 1.4. 1-1 4. 

When  experimental  values  of  the  section  lift  increment  Ac*  are  used  in  Equa- 
tion 6. 1.4.1 -a,  the  value  of  («,)  used  to  obtain  («,  )_/(«* ) from  Fig- 


ure  6. 1.4. 1-14  should  be  calculated  using 


(Acj), 


**  •'expert  merit 

fro  67 " 


6.1.4. 1-2 


with  one  exception;  i.e.,  for  area-suction-  and  blowing-type  flaps, use  the  inset  chart 
of  Figure  6. 1 .4.1-14. 

Kfc  is  the  flap-span  factor  obtained  from  Figure  6. 1 .4. 1-15  as  illustrated  in  Sketch  (a). 

control  span  ordinate 

(Note:  -q  is  the  span  station,  rj  = -.) 


SKETCH  (a) 

It  should  be  noted  that  the  control  deflection  angles  and  all  dimensions  are  measured  in  planes 
parallel  or  perpendicular  to  the  plane  of  symmetry. 

This  method  is  restricted  to  the  limitations  of  the  methods  used  to  evaluate  the  section  lift 
increments  from  Section  6. 1 . 1 . 1 . 

Equation  6.1.4.1-a  is  applicable  to  leading-edge  flaps  and  slats,  and  plain,  split,  and  slotted 
trailing-edge  flaps.  The  lift  increment  due  to  combinations  of  leading-edge  and  trailing-edge  devices 
may  be  estimated  by  applying  Equation  6. 1 .4. 1 -a  to  each  device  separately  and  adding  the 
individual  increments. 

For  the  case  of  arbitrary  spanwise  distribution  of  control  chord  (constant-chord  controls  on  tapered 
wings  or  tapered  controls  on  untapered  wings),  the  control  can  be  divided  into  spanwise  steps  and 
the  lift  increment  found  by  the  summation  of  ACL  values  due  to  each  spanwise  step  based  on  the 
average  values  of  Ac8  and  (a«)CE  over  that  spanwise  step. 

Low-speed  values  of  ACL  at  a = 0,  calculated  using  the  Datcom  method,  are  compared  with  test 
values  in  Figures  6.1 .4. 1- 1 6a, -16b,  and -16c  for  wing-control  combinations  employing  plain,  split, 
and  slotted  trailing-edge  controls,  respectively.  All  parameters  used  in  the  calculations  were 
estimated  by  using  methods  from  the  appropriate  sections  of  the  Datcom.  The  values 
of  (<*e)cs  used  in  the  calculations  were  obtained  from  the  inset  of  Figure  6. 1 .4.1-14.  The  ranges  of 
Reynolds  numbers  and  geometric  parameters  of  the  test  configurations  are  noted  on  the  correlation 
charts. 
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2.  Jet-Flap  IBF  Configuration 

The  lift  increment  due  to  flap  deflection  and  power  effects  for  an  IBF  configuration  is  given  by 


where 


ACl  Aca  AJ  + 2 + 0.604CC;)1/2  +0.876  CM  Sw 


6.1.4.1-b 


is  the  section  lift  increment  due  to  flap  deflection  and  power  effects.  Test  data  on 
the  particular  flapped  airfoil  are  preferred,  but  the  increment  can  be  estimated  by 
the  jet-flap  method  of  Section  6. 1 . 1 . 1 . (When  using  Section  6. 1.1.1  the  value 
of  Ci  is  substituted  for  the  value  of  C' .) 

is  the  aspect  ratio  of  the  wing  based  on  the  total  wing  area  St,  including  any  increase 
in  wing  area  due  to  flap  extension. 

is  the  three-dimensional  trailing-edge  jet  momentum  coefficient,  based  on  the 
blown-flap  affected  wing  area  Swf,  i.e., 


C'  - C 


— — is  the  ratio  of  the  blown-flap  affected  wing  area  (schematically  illustrated  in 

Section  2.2.2)  to  the  wing  reference  area.  The  blown-flap  affected  area  includes  any 
increase  in  wing  area  due  to  flap  extension. 

As  indicated  above,  this  method  .has  not  been  thoroughly  substantiated  and  therefore  should  be 
applied  with  caution. 

It  should  be  noted  that  the  total  lift  coefficient  for  an  IBF  configuration  can  be  found  by  adding 
the  lift  increment  from  Equation  6.1.4.1-b  to  the  flaps-retracted  power-off  lift  coefficient,  obtained 
from  test  data  or  the  appropriate  methods  of  Section  4. 

3.  Jet-Flap  EBF  Configuration 

The  effective  jet  deflection  angle  5jeff  and  the  trailing-edge  momentum  coefficient  Cj  are  not 
specifically  defined  for  EBF  configurations.  This  is  due  to  the  jet  sheet  being  somewhat  diffuse 
rather  than  infinitesimally  thin  as  assumed  in  jet-flap  theory.  For  this  reason  it  becomes  necessary 
to  obtain  the  effective  jet  angle  from  static  force  tests,  or  to  relate  the  jet  angle  to  the  trailing-edge 
fiap  geometry.  From  correlation  of  test  data  (indicated  in  Reference  6),  the  best  results  are 
obtained  when  the  engine  exhaust  jet  momentum  is  used  directly  to  define  the  trailing-edge 
momentum  coefficient.  Any  losses  in  thrust  must  therefore  be  considered  in  the  determination  of 
drag. 


6.1.4.1-4 


The  lift  increment  due  to  power  effects  for  an  EBF  configuration  is  given  by 


AC.  = 4rrd_ 

L 0 


?rAt  + 2Cj 

5. 

Jeff 

w\t  + ce  ' + 2.01  C' 

oc  - 

57.3 

JW, 


3W 


6. 1.4.1 -c  j 


where 

4?rd0  is  the  theoretical  effect  of  blowing  on  the  lift  derivative.  This  parameter  is  obtained 
from  Figure  6.1.4. 1-18  as  a function  of  the  flap  chord  ratio  Cf/c'  and  trailing-edge 
jet  momentum  coefficient  Cj.  (See  Figure  6. 1.4.1- 15h  for  a schematic  definition 
of  Cf/c'.) 

At  is  the  aspect  ratio  of  the  wing  based  on  the  total  wing  area  St,  including  any  increase 

in  wing  au'a  due  to  flap  extension. 

Cj  i.  the  three-dimensional  trailing-edp  jet  momentum  coefficient,  based  on  the  blown- 

fiap-affected  wing  area  Swf,i.e.,Cj  - Cj  Sw/Swr 

cs  is  the  two-dimensional  jet-flap  lift-curve  slope  uncorrected  for  thickness  effects.  This 

term  is  obtained  from  Figure  6.1.1.1-49,  using  the  trailing-edge  jet  momentum 
coefficient  Cj  in  place  of  C j,. 

6^  is  the  effective  jet  deflection  angle  with  respect  to  the  airfoil  chord,  in  degrees.  If 

6ff  possible,  this  value  should  be  obtained  from  static  force  tests.  When  test  data  are  not 
availably  the  effective  flap  deflection  angle  may  be  approximated  by  using 

\„  = i(5-+5‘»  SJAM 

where  the  values  for  5U  and  5e  are  shown  schematically  in  Figure  6. 1.4. 1-1 9b. 


~ — is  the  ratio  of  the  flap-affected  wing  area  (schematically  illustrated  in  Section  2.2.2) 

to  the  wing  reference  area.  The  flap-affected  area  includes  any  increase  in  wing  area 
due  to  flap  extension. 

It  should  be  noted  that  the  total  lift  coefficient  for  an  EBF  configuration  can  be  found  by  adding 
the  lift  increment  from  Equation  6. 1.4.1 -c,  the  power-off  mechanical-flap  lift  increment  from 
Equation  6.1.4.1-a,  and  the  flap-retracted  power-off  lift  coefficient,  obtained  from  test  data  or  the 
appropriate  methods  of  Section  4. 


Sample  Problems 


1.  Mechanical  Flaps 

Given:  The  sweptback  wing  of  Reference  7. 


A = 3.78 


X = 0.586 


\,2  = 45’46° 


NACA  65A006  airfoil  Plain  trailing-edge  flap  cf/c  = 0.224 

bf/b  = 0.469  Tjj  = 0.141  T)o  - 0.610  5f  = 22.1°  (streamwise) 

Low  speed;  (3  = 1.0  Rs  = 6.1  x 101' 

tan(^E/2)  - 0.07 17  (streamwise  airfoil  section  geometry) 


Compute: 


cfi  and  Ac. 

a 


^‘Aheo 


(Sections  4. 1 . 1 .2  and  6. 1 . 1 . 1 ) 

— = 0.887  (Figure  4. 1.1. 2-8a) 
iy 


(c«  ) = 6.58  per  rad  (Figure  4.1.1. 2-8b) 

“theory 


^C®“\heory 


(Equation  4.1.1.2-a) 


= (1.05X0.887)(6.58)  = 6.13  per  rad 
(eg.)  =3.77  per  rad  (Figure  6. 1.1.1 -39a) 

® theory 

= 0.817  (Figure  6.1.1.  l-39b) 

(c*S theory 

K'  = 0.780  (Figure  6. 1.1. 1-40) 

(Ce«  theory  K'  (Equation  6. 1.1.1 -c) 

= (~)(0.8 17)(3.77)(0.780) 


= 0.927 


Wing  lift-curve  slope 
6.13 


K = 


2ir 


2?r 


(Section  4. 1.3.2) 

= 0.976 


6.1.4.1-6 


A(„*t,a„>A  c/2)''2  = ^n.O  + d.0162)^1'2  = 5.52 
CL« 

= 0.798  per  rad  (Figure  4.1.3.2-49) 

A 

Cl0  = 3.016  per  rad 

(0!fi)c2  = -0.576  (Inset,  Figure  6.1.4.1-14) 


= 1.083  (Figure  6. 1.4.1 -14) 


(K»)„  = 0.190  1 

* °-740  ) 


(Figure  6.1.4.1-15) 


-OW,,-  0.550 


Solution : 


ACl  = Acs 


/M 

\c*.  / 

Kh  (Equation  6. 1 .4. 1 -a) 


= (0.927)  (1.083X0.550) 

6. 13 


= 0.272 

This  compares  with  a test  value  of  0.255  from  Reference  7. 


2.  Jet-Flap  IBF  Configuration 
Given:  The  IBF  configuration  of  Reference  5. 
NACA  4424  airfoil  6f  = 


Sf  = 30° 


<5.  = 22° 


= 0.1 1 


c5  = 2.80 


— = 1.0 

c 


= 0.24 


A = 6.0 

Swf 


= 0.783 


At  = 6.0 


— = 1.0 

Su, 
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Compute: 


Jw 


C - C 

J J SWf 


= (2.80) 


1 


0.783 

= 3.576 

k{  = 0.80  (average  airfoil) 
q 8fi  = 10.0  per  rad 

eg  =8.9  per  rad 


Figure  6.1.1.1-49 


Aee  = 


* {[l  + k,(7)]S(<c'sf~c»)+c»s' 

[’ + k‘  (7)]  6J  <c*‘j  - c«) + c-  } 4 


= [1  + (0.80)(0.24)]  ~ (10.0-  3.576)  + 3.576  ~ 


+ [1+  (0.80K0.24)]  —(8.9  - 3.576) + 3.576  ~ 


- 4.01  + 1.87  + 2.44+  1.37 
= 9.69 


Solution: 


ACl  Acg 


A«  +‘ 


2CJ 


L A{  + 2 + 0.604  (Cj)1  + 0.876  c'. 

2(3.576) 


>Wf 


Jw 


= 9.69 


6.0  + 


0.783 


L 6.0  + 2.0  + 0.604  (3.576)1 12  + 0.876  (3.576)  J 
= 5.12  (lift  increment  due  to  flap  deflection  and  power  effects) 
This  compares  with  a test  value  of  5.03  from  Reference  5. 


(Equation  6.1.1.1-k) 


(Equation  6.1.4.1-b) 
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3,  Jet-Flap  EBF  Configuration 

Given:  The  EBF  configuration  of  Reference  8. 


— = 0.556 
c 


- 1 .336  (without  leading-edge  extension) 


Sw  = 8.43  ft2 


A = 7.23 

«„  = 61° 
Compute: 

c;  = 


SWf  » 9.58  ft2 
At  = 5.62 


SB  = 50° 


• 'W 


- -a  ■ 

5ieif  3 + 5fi)  (Equation  6.1.4.1-d) 


= 2'6!+5°) 
= 55.5° 


7-  (f)(7) 

0.556 

“ 7336  = 0 416 

C*a  = 9.66  per  rad  (Figure  6.1.1.1-49) 
4jrdo  = 3.48  (Figure  6.1.4.1-18) 
Solution: 


AC.  - 4ffd 

U O 


jrAt  + 2CJ 


itA{  + ce^  +2.01  Cj 


s,  - 


1 (Equation  6.1.4. 1-c) 


7T(5.62)  + (2X1.53)  1 

/ 55.5  \ 

i / 9.58  \ 

|_ff(5.62)  + 9.66  + (2.0I)(1.53) 

\57jJ 

^ ( 8.43  / 

2.61  (lift  increment  due  to  power  effects  only) 


t 

— 0.1 
c 


10.84  ft2 


1.74 
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This  compares  with  a test  value  of  2.45  from  Reference  8. 


B.  TRANSONIC 


No  accurate  method  is  available  for  predicting  the  control  derivative  Cls  at  transonic  speeds. 
Mixed  flow  conditions  and  interrelated  shockwave  and  boundary 'layer-separation  effects  cause 
extreme  nonlinearities  in  this  parameter  in  the  transonic  regime.  The  method  presented  herein  is 
based  on  the  observation  that  experimental  data  indicate  that  CLs  follows  the  same  trend  as  the 
lift-curve  slope  through  the  transonic  regime. 

DATCOM  METHOD 


A first-order  approximation  to  the  control  derivative  Cls  at  transonic  speeds  for  mechanical 
trailing-edge  flaps  is  given  by 


^L«M=0.6 


6.1.4.1-e 


where 

Ck  is  the  lift  effectiveness,  calculated  by  the  method  of  Paragraph  A of  this  section, 
at  M = 0.6,  i.e., 


Cl,  = 


Cl, 

is  the  ratio  ol  the  rolling-effectiveness  parameter  at  the  Mach  number  in  question  to 

C^m*0:6  that  at  M = 0.6,  obtained  by  the  method  of  Paragraph  B of  Section  6.2. 1.1. 

C.  . SUPERSONIC 

At  supersonic  speeds,  the  lift  effectiveness  of  plain  trailing-edge  controls  is  predicted  by  the 
theoretical  method  presented  in  Reference  9,  The  restrictions  used  in  the  derivation  of  the  method 
are  as  follows: 

1 . Leading  and  trailing  edges  of  the  control  surface  are  swept  ahead  of  the  Mach  lines  from 
the  deflected  controls. 

2.  Control  root  and  tip  chords  are  parallel  to  the  plane  of  symmetry. 

3.  Controls  are  located  either  at  the  wing  tip  or  far  enough  inboard  sc  that  the  outermost 
Mach  lines  from  the  deflected  controls  do  not  cross  the  wing  tip. 

4.  Innermost  Mach  lines  from  the  deflected  controls  do  not  cross  the  wing  root  chord. 

Wing  planform  has  leading  edges  swept  ahead  of  the  Mach  lines  and  has  streamwise  tips. 


5. 


6.  Controls  are  not  influenced  by  the  tip  conical  flow  from  the  opposite  wing  panel  or  by 
the  interaction  of  the  wing-root  Mach  cone  with  the  wing  tip. 


DATCOM  METHOD 


The  trailing-edge  flap  effectiveness  Cls  at  supersonic  speeds  for  a symmetric,  straight-sided  flap  is 
given  by 


- 


6.1.4.1-f 


(' 


c„ 


where  / 1 <pTE  j is  a thickness  correction  factor  to  the  supersonic  flat-plate  derivative. 


^TE 

7 

CL, 


-- 

\M2  - 


(per  radian) 


(7+  DM4  - 4(M2  - 1) 


(per  radian) 


2(M2  - l)2 

is  the  trailing-edge  angle  in  radians,  measured  normal  to  the  control  hinge  line, 
is  the  ratio  of  specific  heats,  7 = 1.4. 

is  the  lift  effectiveness  of  one  symmetric,  straight-sided  flap,  based  on  the  area  of  the 
flap.  This  parameter  is  obtained  from  Figures  6.1.4. l-20a  through  6. 1.4.1-20j  for 
flaps  located  at  the  wing  tip  and  from  Figure  6.1.4.1-25  for  flaps  located  inboard 
from  the  wing  tip. 


is  the  ratio  of  the  total  flap  area  (both  sides  of  wing)  to  the  total  wing  area. 


It  should  be  noted  that  control  deflection  angles  are  measured  streamwise. 

Not  enough  supersonic  test  data  are  available  to  allow  substantiation  of  this  method. 

Sample  Problem 

Given:  A wing-flap  configuration  with  the  following  characteristics: 

Sw  = 46.5  sq  ft  c^,  = 4.0  ft 


bw  = 12.0  ft 


Xw  - 0.55 


*LE  = 42° 


Ate  = 27.7° 


6.  t .4,1-1 1 


Symmetric,  straight-sided  inboard  flap 


AHL  - 30.8°  Sf  = 4.7 1 sq  ft 

Additional  Characteristics: 

M = 1.90;  jj  = 1.62 
Compute: 

2 


3f  = 6.5  ft  Xf  = 0.715  <(>TE  = 3° 


<~i  = 


c2  - 


•-■=  1.235  per  rad 


Vm*~-  1 

(7+  DM4  -4(M2  - 1) 


per  rad 


2(M2  - l)2 

= (2-4)O-90)4  — 4 [(1.90)2  - 1]  _ 20.84 
2 [( 1 ,90)2  --  l]2  13-62 

tan  ate  0.5250  _ 

= — - 0.324 

0 1.62 

0C'Ls  - 0.074  per  deg  (Figure  6.1.4.1-25) 

= 0.0457  per  deg 

Solution: 


= 1.53  per  rad 


Cl.  - 

('-c>) 

, Sf 
cUt- 

r,  / 1-53\ 

/1M] 

L \ 1.235/ 

\57.3  JJ 

(Equation  6.1.4.1-f) 


4.71 


46.5 


= 0.00433  per  deg 
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FIGURE  6.1.4.1-16  CORRELATION  OF  CALCULATED  AND  EXPERIMENTAL  DATA  FOR  THE 
INCREMENTAL  LIFT  DEVELOPED  BY  DEFLECTION  OF  CONTROLS  AT 
SUBSONIC  SPEEDS 
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FIGURE  6. 1.4.1 -1 9a.  FLAP  CHORD  FOR  AN  EBF  CONFIGURATION 


~7 

8, 


FIGURE  6.1.4,l-19b.  EFFECTIVE  JET  DEFLECTION  ANGLE  FOR  AN  EBF  CONFIGURATION 
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FIGURE  6.1.4.1-25  LIFT  PARAMETERS  FOR  DEFLECTED  TRAILING-EDGE  FLAPS 
LOCATED  INBOARD  FROM  WING  TIP 
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6. 1.4.2  WING  LIFT-CURVE  SLOPE  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 

According  to  linear  wing  theory,  camber,  such  as  that  due  to  flaps,  does  not  affect  the  lift-curve 
slope.  Linear  theory  also  predicts  that,  for  translating  types  of  leading-  or  trailing-edge  flaps,  the 
lift-curve  slope  will  increase  as  a result  of  the  additional  wing  area.  Recently  linear  theory  has  also 
been  applied  to  wings  with  blown  flaps  and  shows  an  increase  in  lift-curve  slope  with  increasing 
trailing-edge  jet  momentum.  Within  the  limitation  that  the  flow  does  not  separate  from  the  surface 
of  the  wing  or  flap,  experimental  data  verify  these  predictions. 

The  effects  of  these  devices  on  the  two-dimensional  airfoil  section  lift-curve  slope  are  discussed  in 
Section  6. 1.1. 2.  The  discussion  and  methods  of  that  section  are  directly  applicable  to  the 
three-dimensional  wing. 


DATCOM  METHODS 

1 . Leading-  and  Trailing-Edge  Mechanical  Flaps 

For  wings  with  nontranslating  leading-  and  trailing-edge  flaps,  the  lift-curve  slope  of  the  flap- 
deflected  wing  is  assumed  to  be  the  tame  as  that  of  the  flap-retracted  wing,  as  given  in  Section 
4.1 .3.2.  This  assumption  is  valid  for  the  linear-lift  range  of  angles  of  attack  and  flap  deflection. 

For  wings  with  translating  leading-  and  trailing-edge  flaps,  a correction  is  made  to  the  flaps-up 
lift-curve  slope  by  means  of  the  equation 

<co.  ■ [(i  -')•§]  K)~.  +K).-.  6 iA2-a 


where 


ip L ).  **  ^ lift-curve  slope  of  the  flap-deflected  wing,  based  on  the  area  of  the 

flap-retracted  wing. 

(C0«-o  * thC  lift<urve  lJopc  of  the  flap-retracted  wing  from  test  data  or  Section  4. 1.3.2. 


is  the  ratio  of  the  flap-affected  wing  area  to  the  wing  reference  area.  The  area  Swf 
is  schematically  illustrated  in  Section  2.2.2,  and  does  not  include  any  increase  in 
wine  due  to  flap  extensions. 


is  the  ratio  of  the  extended  wing  chord  to  the  chord  of  the  flap-retracted  wing.  In 
measuring  c'  of  a single-slotted  trailing-edge  flap  or  a leading-edge  slat,  the  flap  or 
slat  is  routed  from  its  deflected  position  about  the  point  of  intersection  of  the  flap 
or  slat  chord  with  the-  wing  chord  until  the  two  coincide.  In  measuring  c'  of  a 
double-slotted  flap,  the  aft  flap  is  first  rotated  from  its  deflected  position  about  the 
point  of  intersection  of  the  aft-flap  chord  and  the  chord  of  the  forward  flap  until 
the  two  chords  coincide;  then  both  flaps  are  rotated  from  the  deflection  of  the 
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forward  flap  about  the  point  of  intersection  of  the  forward-flap  chord  with  the  wing 
chord  until  these  two  coincide.  (See  Figures  6.1.1.1-44  through  -46,  and  -51.) 

For  the  case  of  arbitrary  spanwise  distribution  of  flap  chord  (constant-chord  flaps  on  tapered  wings 
or  tapered  flaps  on  untapered  wings),  the  flap  can  be  divided  into  spanwise  steps  and  the  correction 
factor  to  be  applied  to  the  flaps-up  lift-curve  slope  found  by  the  summation  of  the  correction 
factors  due  to  each  spanwise  step  based  on  the  average  value  of  c'/c  and  Swf  /Sw  over  that 
spanwise  step. 

2.  Jet  Flaps 

The  method  presented  herein  for  estimating  the  lift-curve  slope  of  a wing  with  a blown  flap  is  a 
modification  of  the  method  presented  in  Reference  1.  Similar  methods  appear  in  References  2 
and  3.  The  assumptions  made  in  the  development  of  the  method  are  as  follows:  inviscid  flow, 
elliptical  loading,  high-aspect-ratio  configuration,  full-span  trailing-edge  flaps,  and  constant  spanwise 
sectional  momentum  coefficient.  Despite  these  limitations,  the  theory  has  been  successfully  adapted 
to  handle  configurations  outside  the  range  of  these  assumptions.  Specifically,  this  method  is  strictly 
valid  only  for  the  pure  jet-flap  and  the  internally-blown-flap  (IBF)  systems;  however,  it  has  been 
applied  with  good  success  to  wings  with  externally-blown  flaps  (EBF). 

This  method  uses  an  aspect-ratio  correction  factor  based  on  Hartunian’s  work  (Reference  4). 
Mathematically,  the  aspect-ratio  correction  factor  allows  the  method  to  be  applied  to  wings  of  any 
aspect  ratio.  However,  the  validity  of  the  method  for  aspect  ratios  less  than  five  is  unknown.  The 
fact  that  the  data  presented  in  Figure  6. 1.4.2- 9 allow  the  method  to  be  applied  to  low-aspect-ratio 
configurations  must  not  be  construed  to  mean  that  the  Datcom  recommends  such  use. 

The  corrections  of  the  method  for  part-span  blowing  and  large  trailing-edge  flap  deflections  are  not 
inherent  in  Hartunian’s  aspect-ratio  correction  factor. 

An  implicit  assumption  of  this  method  is  that  the  flow  on  the  unblown  wing  is  attached. 
Unfortunately,  the  blown-flap  systems  now  being  tested  do  not  always  exhibit  attached  flow  for  an 
unblown  condition.  However,  such  designs  are  acceptable,  since  blowing  provides  a type  of 
automatic  boundary-layer  control  that  causes  the  flow  to  reattach.  But  it  does  prohibit  the  use  of 

experimental  data  to  determine  the  lift-curve  slope  of  the  unblown  flap-deflected  wing  where 
separation  is  a possibility. 

The  lift-curve  slope  (near  zero  angle  of  attack)  of  a wing  with  a trailing-edge  jet  flap,  based  on  the 
flap-retracted  wing  area,  is  given  by 


Cj  (cos  - 1) 

(ci.j5  {[K(A*,  cp  -n  Kb  + i}+- 


57.3 
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where 


is  the  lift-curve  slope  of  the  unblown  flap-deflected  wing,  with  attached  flow.  This 
parameter  can  be  obtained  from  experimental  data  if  no  separation  exists,  or  from 
the  mechanical-flap  method  of  this  section. 


K(AtCj)  is  the  jet  momentum  aspect-ratio  correction  factor  obtained  from  Figure  6. 1.4. 2 -9 
as  a function  of  At  and  Cj>  where 


At  is  the  aspect  ratio  of  the  wing  based  on  the  total  wing  area  St , including  any 
increase  in  wing  area  due  to  flap  extension. 

C'}  is  the  three-dimensional  trailing-edge  jet  momentum  coefficient  based  on  the 
bl  )wn-flap  affected  area  Swf;  i.e.. 


where 

Sw  /Sw  is  the  ratio  of  the  blown-flap  affected  area  (schematically 
f illustrated  in  Sketch  (a))  to  the  wing  reference  area.  The 
blown-flap  affected  area  includes  any  increase  in  wing  area  due 
to  flap  extensions. 


SKETCH  (a) 


K,,  is  the  flap-span  factor  from  Figure  0.1.4. 1-1 5, using  the  X = 1 curve,  as  illustrated  in 

Sketch  (a)  of  Section  6. 1.4.1. 

Cj  is  the  trailing-edge  jet  momentum  coefficient  based  on  the  flap-retracted  wing  area. 

is  the  effective  jet  deflection  angle  with  respect  to  the  airfoil  chord,  in  degrees.  If 
possible,  this  value  should  be  obtained  from  static  force  tests.  When  test  data  are  not 
available  for  an  extemally-blown-flap  (EBF)  configuration,  the  effective  flap 
deflection  angle  may  be  approximated  by  using  Equation  6.1.4.1-d,  i.e., 


1 

2 


(5u  + 68) 


where  the  values  for  5U  and  8t  are  shown  schematically  in  Figure  6. 1.4. 1-1 9b. 
A data  summary  and  substantiation  of  this  method  are  presented  in  Table  6. 1 ,4.2-A. 
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1 . Leading-edge  slat 


Simple  Problems 


-• 


Given:  The  wing  of  Reference  5 with  a SO-percent-span  leading-edge  slat. 

A = 6.0  A^2  = 32.8°  X = 0.50  c'/c  =1.10  SWf/Sw  « 0.429 

Low  speed;/?  =1.0  k - 1.0  (assumed) 

Compute: 

r 

~ 1/32  + tan2  Ac/2  1 1 /2  = (6.0)[1.0  + (0.6445)2  )1,2  = 7.14 

' = 0.67  per  rad  (Figure  4.1.3.2-49) 

A 

(Cl^  )^o  = 4.02  per  rad  = 0.0702  per  deg 
Solution: 

= [(~  - !)  J^]  (Cl«U  +(C*-U  (Equation  6.1.4.2-a) 

= [(1.10-  1. 0)(0.420)  ] 0.0702  + 0.0702 
= 0.0732  per  deg  (based  on  Sw) 

This  compares  with  a test  value  of  0.0720  per  degree  from  Reference  5. 

2.  Jet  Flap 

Given:  The  sweptback  wing-body  configuration  of  Reference  6 with  a trailing-edge  double-slotted 
EBF  system. 

I WING  SEGMENT  NUMBER 


Note:  All  leading-edge  and 
trailing-edge  devices  are  shown 
rotated  into  tne  wing  plane. 
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a 


* 


Wing  Characteristics: 


A = 7.75  S*  = 7.87  ft2  b = 95.08  in. 

X = 0.336  cf  = 19.49  in.  ct  = 6.54  in. 

c = 13.22  in.  yz  ~ 19.33  in. 

To  facilitate  calculations,  the  wing  has  been  divided  into  segments  as  shown  in  the 
preceding  sketch.  The  divisions  are  made  at  the  sweep  discontinuity  and  at  the 
discontinuities  in  leading-  and  trailing-edge  flaps. 


Sections 

S(ft2) 

(flaps  retracted) 

c'/c 

St(ft2) 

(flaps  extended) 

1 

1.253 

1.000 

1.253 

2 

0.909 

1.421 

1.311 

3 

1.650 

1.253 

2.069 

4 

0.61? 

1.521 

0.933 

5 

2.076 

1.521 

3.178 

6 

1.365 

1.268 

1.847 

Value  for  the 
entire  wing 

7.870 

10.59  ft2 

Flap  Characteristics: 

Double-slotted  trailing-edge  flap: 

Forward  segment:  cf/c  = 0.22 

Aft  segment:  cf/c  = 0.24 

t?i  =0.102  r?0  = 0.720 

Krueger  leading-edge  flap: 

Inboard  segment:  cf/c  = 0. 1 68 

Outboard  segment:  cf/c  = 0.268 


6fj  = 30° 
5f2  = 30° 

5iefr  = 60° 
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Additional  Characteristics: 


V = 50  ft/sec 


L 

L 


B 


Rs  = 0.35  x 106 
Low  speed;  0 = 1 .0 


k = 1 .0  (assumed) 


C}  = 3.18 

Acy2  = 21.1°  (average  value) 


Compute: 

Determine  the  unblown  lift-curve  slope  for  both  leading-  and  trailing-edge  flap  extension. 


!ii 

j 

3 


9 


1/2  7.75  , 1/2 

[1.0  + (0.3859)2 } = 8.307 


7^+,an^Ac(2]  10 

(ClJ4  = 0 

= 0.602  per  rad  (Figure  4.1 .3.2-49) 


(CLa)  = 4.666  per  rad  = 0.0814  per  deg 

Since  the  wing  has  been  divided  into  6 segments.  Equation  6.1.4.2-a  should  be  written  as 
6 


V _ f ^ - 

<Cl«>4  = £ (V  0 Y1  {Cl«U  +(CL«U  (Equation  6.1.4.2-a) 
a L-  W * 


n=l 


= [(1.0-  1.0)~7  + (1.421-1.0)^  + (1.253-1.0)^+(1.52H.0) 


1.650 


.0.617 

7.87 


2.076  1.365"| 

+ (l.52M.O)  — + 0-278-1.0)-  J 


0.0814  + 0.0814 


= (0.3264)(0.0814)  + 0.0814 
= 0.108 

Determine  the  blown  lift-curve  slope  for  both  leading-  and  trailing-edge  flap  extension. 


At 


(95. 08)2 

— — -=  5.928 

(144X10.59) 


The  value  of  Sw  f is  found  by  adding  the  flap-extended  wing  area  for  segments  2 through 
5; i.e.,  Sw  f = 7.491  ft2. 


('*  - n 

J J SWf 


= 3.18 


7,87 

7.491 


= 3.34 


« 
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m 


1 


S o 


i-'-. 


f1 


i ■ 


k « 


K(At,c;)  = 1.795  (Figure  6. 1.4. 2-9) 

(Figure  6.1.4.1-15) 


(K„)  = 0.13 


(Kh)  = 0.82  J 


Vo 


Kb  = 0.82-0.13  = 0.69 


Solution: 


Cj(cos5jeff  - 1) 


Cl*  =(CL*)S  {[K(At>c;)-l]Kb  + l;  + 

= (0.108)  {(1.795  - 1 J (0.69)  + l}  + $7 


57.3 

3.18(0.50  - 1) 


(Equation  6. 1.4.2-b) 


= 0.167  -0.0277 
= 0.139  per  deg 

This  compares  with  a test  value  of  0. 130  per  degree  from  Reference  6. 
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TABLE  6.1.4.2-A 


EFFECT  OF  JET  MOMENTUM  ON  LIFT-CIJRVE  SLOPE 
DATA  SUMMARY  AND  SUBSTANTIATION 
SUBSONIC 


Ref 

A 

ac/2 

(deg) 

& 

Flap  Type 

L . . .. 

C.I 

CLo 

Calc 

Test 

a 

Percent 

Error 

6 

7.75 

21.1 

60 

Double-slottsd  EBF  with 

1.06 

0.122 

0.110 

10.9 

1 

L.  E.  Krueger 

2.12 

0.133 

0:130 

2.3 

1 

3.18 

0.141 

0.130 

8.5 

T 

r 

4.24 

0.146 

0.139 

5.0 

I* 

7.0 

C 

35 

Double-slotted  EBF  with 

2.75 

0.153 

0.178 

-14.0 

1 

L.  E.  slat 

4.13 

0.168 

0.200 

-16.0 

t 

5.50 

0.181 

0.220 

-17.7 

55 

4.13 

0.167 

0.160 

4.4 

r 

i 

5.50 

0.179 

0.192 

-6.8 

8 

6.0 

0 

30 

Plain  ISF 

0.95 

0.097 

0.100 

-3.0 

1 

\ 

t 

2.07 

0.115 

0.116 

-0.9 

9 

7.82 

32.4 

20 

Double-slotted  EBF  with 

2.0 

0.128 

0.145 

-11.7 

50 

L.  E.  slat 

2.0 

0.118 

0.114 

3.5 

10 

7.0 

21.3 

60 

Double-slotted  EBF  with 

2.0 

0.120 

0.120 

0 

1 

\ 

L.  E.  slat 

3.0 

0.127 

0.127 

0 

13 

7,0 

21.8 

23 

Double-slotted  EBF  with 

2.0 

0.125 

0.147 

-15.0 

1 

) 

60 

L.  E.  slat  & flap 

3.0 

0.124 

0.144 

-13.9 

f 

7.0 

3.1 

60 

L.  E.  slat 

2.9 

0.158 

0.133 

18.8 

11 

7.0 

31.9 

18.8 

Plain  IBP 

3.09 

0.1 2S 

0.149 

-16.1 

12 

6.52 

26.9 

60 

Singlt-s lotted  EBF 

2.96 

0.103 

0.112 

-8.0 

riel 

Average  Error  = 8.8% 

n 


‘The  data  Indicate  that  the  flow  Is  probably  unattached,  which  may  account  for  tha  large  error*  In  thl*  cate. 
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6. 1.4.3  WING  MAXIMUM  LIFT  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 

The  estimation  of  wing  maximum-lift  coefficient  is  at  best  approximate.  The  stalling  characteristics 
of  various  kinds  of  wings  often  take  on  an  entirely  different  character  from  the  stalling 
characteristics  of  airfoil  sections.  Stall  may  begin  at  the  wing  tips  or  may  occur  initially  at  the 
inboard  flapped  sections,  depending  upon  the  amount  of  sweep,  taper  ratio,  and  the  difference  in 
stall  angle  between  the  flapped  and  unflapped  sections.  Leading-edge  devices  can  markedly  alter  the 
character  of  the  stall.  Large  crossflow  components  on  the  wing  at  the  stall  make  estimates  based  on 
section  data  inaccurate. 

Tabulated  data  from  142  reports  are  presented  in  Reference  1.  Results  are  shown  for  many 

planforms  with  and  without  various  configurations  of  leading-  and  trailing-edge  flaps,  fences,  and 

slats.  Values  of  Cl„.„  and  ar,  are  given  in  tabular  form.  Summary  data  from  Reference  1 are 

CLmax 

shown  in  Figures  6.1. 4.3-7  through  6.1. 4.3-9. 

Figure  6. 1.4.3-7  illustrates  the  effect  of  sweep  on  the  maximum  lift  effectiveness  of  trailing-edge 
flaps.  It  can  be  seen  that  at  high  angles  of  sweep,  flap  deflection  can  actually  decrease  maximum 
lift.  This  results  partially  from  the  additional  induced  effects  when  flaps  are  deflected,  causing  the 
tips  to  stall.  Figure  6. 1.4. 3-8  shows  representative  effects  on  CLmax  of  two  sweptback  wings  with 
varying  flap-span  ratios. 

Because  of  their  boundary-layer -control  properties,  double-slotted  flaps  are  capable  of  producing 
larger  Ci.mix  increments. 

Maximum  lift  increments  of  leading-edge  and  trailing-edge  flaps  cannot,  in  general,  be  added  when 
these  devices  are  used  in  combination.  A brief  summary  of  maximum  lift  coefficients  for  swept 
wings  is  presented  in  Figure  6. 1 .4.3-9. 

Separate  methods  are  presented  herein  for  estimating  the  wing  maximum  lift  due  to  each  of  the 
following:  mechanical  trailing-edge  flaps,  slats,  and  jet  flaps  (externally-blown  flaps  only). 

Mechanical  Trailing-Edge  Flaps 

The  Datcom  method  for  trailing-edge  flaps  is  semiempirical  and  converts  two-dimensional  data  into 
three-dimensional  characteristics  as  affected  by  wing  planform,  airfoil  section  characteristics  across 
the  span,  flap  type  and  geometry,  and  flap  span.  The  method  is  intended  to  be  used  as  a first-order 
approximation  of  wing  maximum-lift  coefficients  when  experimental  data  are  not  available. 

Slats 

The  Datcom  method  for  slats  is  an  empirical  method  that  assumes  a section  maximum-lift  value  of 
1.28.  This  method  estimates  the  maximum  obtainable  lift  increment  for  a particular  slat  span, 
slat-chord-to-wing-chord  ratio,  and  wing  quarter-chord  sweep.  If  a test  value  for  the  slat  section 
maximum  lift  is  available,  it  can  be  substituted  for  the  assumed  value  of  1 .28.  Attempts  to  use  the 
predicted  section  maximum-lift  value  from  Section  6. 1.1. 3 have  been  unsatisfactory,  as  the  resulting 
estimates  underpredicted  the  test  values.  The  method  has  not  been  substantiated  beyond  the  test 
data  that  were  used  to  formulate  the  method  (which  indicated  a variation  in  agreement).  Therefore, 
the  method  is  intended  to  be  used  only  as  a first  approximation  of  the  slat  maximum-lift  increment 
when  experimental  data  are  not  available. 


Jet  Flaps 

The  jet-flap  method  presented  is  for  predicting  the  maximum-lift  coefficient  for  an  extemally- 
blown-flap  (EBF)  configuration;  no  method  is  currently  presented  for  an  internally-blown-flap 
(IBF)  configuration.  The  Datcom  method  for  EBF  configurations  is  an  empirical  approximation 
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taken  from  Reference  2.  The  maximum-lift  coefficient  therein  is  reasoned  to  be  a function  of  the 
total  camber  of  the  wing,  and  blowing  is  considered  to  act  as  an  effective  camber  increase.  The 
measurement  of  the  increase  in  camber  is  taken  to  be  the  component  of  thrust  normal  to  the  airfoil. 
This  method  is  intended  to  be  a first-order  approximation  of  the  maximum-lift  increment  due  to 
power  effects.  Substantiation  of  this  method  is  not  presented  here;  however,  a substantiation  of  the 
method  does  appear  in  References  2 and  3. 

A semiempirical  method  for  an  EBF  configuration,  based  on  the  assumption  of  a leading-edge  stall 
and  the  use  of  basic  jet-flap  theory,  is  given  in  Reference  3.  The  method  provides  good  correlation 
with  measured  values  when  an  empirical  factor  is  added.  However,  the  use  of  this  method  depends 
upon  the  availability  of  test  data  for  the  effective  jet  deflection  angle,  the  measured  turning 
efficiency,  and  the  power-off  stall  angle  of  attack.  If  these  test  data  are  available,  this  method  is 
preferable  to  the  Datcom  method  presented  herein. 

DATCOM  METHODS 


1 . Mechanical  Trailing-Edge  Flaps 


The  increment  in  maximum-lift  coefficient  due  to  trailing-edge  flap  deflection  is  given  by  the 
equation 


AC, 


= Ac0 


m»x 


m»x 


JWf 

— ~ K. 

sw  A 
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where 


is  the  increment  in  airfoil  section  maximum-lift  coefficient  due  to  trailing-edge  flaps, 
obtained  from  Section  6. 1.1. 3. 


is  the  ratio  of  the  flap-affected  wing  area  to  the  total  wing  area.  The  flap-affected 
wing  area  does  not  include  any  increase  in  wing  area  due  to  flap  extension. 


Ka  is  an  empirically  derived  correction  factor  that  accounts  for  the  effects  of  wing 
planform.  This  parameter  is  obtained  from  Figure  6.1.4.3-10  as  a function  of  the 
sweepback  of  the  wing  quarter-chord  line. 


It  should  be  noted  that  the  flap  deflection  angles  and  all  dimensions  are  measured  in  planes  parallel 
or  perpendicular  to  the  plane  of  symmetry. 


2.  Slats 


The  increment  in  maximum-lift  coefficient  due  to  leading-edge  slat  deflection,  based  on  the  wing 
reference  area,  is  given  by 


where 


c 
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is  the  ratio  of  the  leading-edge-slat  chord  to  the  wing  chord  (see  Figure  6.1.1.1-51). 


is  the  ratio  of  the  total  slat  span  to  the  exposed  wing  span.  For  a segmented 
leading-edge  slat,  bslat  is  the  total  span  of  the  segments.  (See  Section  4. 3. 1.2  for  the 
definition  of  the  exposed  wing  span.) 

A cy4  is  the  sweep  of  the  quarter  chord. 

3.  Jet  Flaps 

The  increment  in  maximum-lift  coefficient  due  to  power  effects  for  an  EBF  configuration  is 

approximated  from  Figure  6.1.4.3-12,  as  a function  of  the  thrust  normal  to  the  airfoil,  defined  as 

t),C.  sin 

1 1 Jeff 

where 

T)  is  the  static  turning  efficiency  defined  as  the  resultant  force  divided  by  the  gross 

thrust.  This  value  should  be  obtained  from  test  data  if  available,  or  it  may  be 
approximated  for  double-  or  triple-slotted  flaps  from  Figure  6. 1. 4.3-1  1,  as  a 
function  of  the  effective  jet  deflection  angle.  (See  Sketch  (a).) 

Fr  fn 


Sample  Profatems 


1 . Mechanical  Trailing-Edge  Flaps 

Given:  The  wing-flap  configuration  of  Reference  2. 


A = 5.1  X = 0.383  Ac/4  = 46° 

NACA  64-210  airfoil  (i.286c)  (t/c) 

v ' ' stream wise 

Single-slotted  flap  cf/c  = 0.258  5f  = 15.6° 

Sw 

— f = 0.378  Rfi  = 6.0  x 106 

Compute: 


AcB  (Section  6. 1.1. 3) 

max 

* 

(Acfi  ) = 1.045  (Figure  6. 1.1. 3- 12a) 

\ max'  bale 


k3  = 1.010  (Figure  6. 1.1. 3- 12b) 

k2  = 0.605  (Figure  6. 1.1. 3- 1 3a) 

Actual  flap  angle  15.6 

5-7 i1  - -7T-  - °-347 

Reference  flap  angle  45 

k3  = 0.445  (Figure  6. 1.1. 3- 13b) 

Acb  = k,k2k3(Acs  ) (Equation  6.1.1. 3-a) 

max  \ max/base 

= (1.010)  (0.605)  (0.445)  (1.045) 

= 0.284 

Ka  = 0.730  (Figure  6.1.4.3-10) 

Solution : 


AC,  = Ac„  - — K.  (Equation  6. 1.4. 3-a) 

max  max 

= (0.284)  (0.378)  (0.730) 

- 0.0784  (based  on  Sw ) 
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This  compares  with  a test  value  of  0.075  from  Reference  2. 


2.  Slats 


Given:  The  wing-body  configuration  of  an  A4D-1  Flight  Trainer 


- = 0.177 
c 


Ac, 4 = 33.2° 


Compute: 


/ Cf/c\/  bsut  \ 2 , 

AC^.x  = L28(ct(“)  C0S  ^ 

/ 0. 1 77  \ 

- (1.28)  ( — ) (0.535)-  (0.700) 


= 0.252  (based  on  Sw) 


This  compares  with  a test  value  of  0.295. 

3.  Jet-Flap  EBF  Configuration 

Given:  The  wing-body  configuration  of  Reference  5. 


C,  = 3.18 


Double-Slotted  Flaps 


6f  = 60° 


Compute: 


= 0.535 


(Equation  6.1.4.3-b) 


Su  * 73° 


* 2 (S«+6<» 


(Equation  6.1.4.1-d) 


Se  52° 


= - (73  + 52) 


* 62. 5( 


ijt  = 0.583  (Figure  6.1.4.3-11) 

t]C.  sin  6.  = (0.583)  (3.18)  (0.887)  = 1.644 

1 1 Jeff 

ACl  = 4.65  (Figure  6.1,4.3-12,  lift  increment  due  only  to  power  effects,  based  on  Sw) 


This  compares  with  a test  value  of  5.35  from  Reference  5. 
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FIGURE  6.1 .4.3-7  TYPICAL  EFFECTS  OF  WING  SWEEP  ON  MAXIMUM-LIFT  INCREMENTS 
DUE  TO  SPLIT  TRAILING-EDGE  FLAPS 
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) SECTION  ORIENTATION 

o 

PLAIN  AIRFOIL 

L 

a 

LEADING-EDCiE  SLOT 

o 

SLAT  + SPLIT  FLAP 

* LEADING-EDGE  DROOP 

a 

SLAT  + EXTENDED  SPLIT  FLAP 

RKPL A OKS 

V 

SLAT  + DOUBLE-SLOTTED  FLAP 

L E A DIN  ( J-  E D G F.  FLAP 

7 

SLAT  ♦ PLAIN  FLAP 

t FUSELAGE  ON 

& ^ m ^ ^ ^ ^ ^ jk 


lo/4  *8°  40°  40°  46°  46°  48°  45°  45°  48°  50° 


5CT  60° 


A.  *50 

AIRFOIL  « 
SECTION  « 


FIGURE  6. 1. 4.3-9  SUMMARY  CHART  OF  MAXIMUM  LIFT  COEFFICIENTS  OBTAINED  WITH 
VARIOUS  TYPES  OF  TRAILING-EDGE  FLAPS 


FIGURE  6.1.4.3-11  FLAP  TURNING  EFFICIENCY 
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6.1.5  WING  PITCHING  MOMENT  WITH  HIGH-LEFT  AND  CONTROL  DEVICES 


The  following  sections  give  the  effect  of  flap  deflection  on  wing  pitching-moment  coefficient  at  subsonic, 
transonic,  and  supersonic  speeds.  Section  data  from  other  portions  of  the  Datcom  are  used.  Although  the 
methods  are  developed  for  trailing-edge  flaps,  they  can  be  applied  to  leading-edge  flaps,  slats,  and  spoilers, 
provided  the  proper  section  data  are  available  or  can  be  estimated.  However,  the  methods  presented  are 
applicable  to  the  angle-of-attack  and  flap-deflection  ranges  for  which  linear  aerodynamic  control  character- 
istics exist.  A chart  showing  the  linear-lift  range  for  a particular  airfoil  is  shown  in  Section  6.1.3.  In  general, 
the  linear-lift  range  for  wings  is  considerably  shorter  than  that  shown  in  this  chart,  particularly  for  swept  and 
low-aspect-ratio  wings.  For  swept  wings,  the  effects  of  spanwise  boundary-layer  flow,  induced  camber,  and 
leading-edge  vortices  are  pronounced  and  tend  to  nonlinearize  the  control  or  Tap  characteristics.  For  low- 
aspect-ratio  wings,  section  characteristics  are  not  important  and,  generally,  the  linear  range  is  shorter  than 
those  of  their  section  counterparts. 

Leading-  and  trailing-edge  flaps  frequently  have  a pronounced  effect  upon  the  longitudinal  stability  charac- 
teristics of  wings.  Reference  1 gives  a summary  of  these  effects.  Figures  6.1.5-2a  and  6.1.5-2b  are  reproduced 
from  this  reference.  Figure  6.1.5-2a  shows  the  increase  in  stability  that  can  be  obtained  from  leading-edge 
flaps,  slats,  and  fences.  The  basic  curve  is  also  shown  in  Section  4.1 .4.3.  Figure  6.1 .5-2b  shows  the  effect  of 
spanwise  extent  of  leading-  and  trailing-edge  flaps  on  longitudinal  stability  for  a particular  wing. 
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6.1.5. 1 PITCHED G- MOMENT  INCREMENT  ACm  DUE  TO  HIGH-LIFT 
AND  CONTROL  DEVICES 


A.  SUBSONIC 

Methods  are  presented  in  this  section  for  estimating  the  pitching-moment  characteristics  for  most 
common  high-lift  devices  in  use  today  and  for  some  of  the  blown  flaps  being  considered  for  STOL 
aircraft.  These  methods  are  valid  only  in  the  linear-lift  region  (preferably  near  zero  angle  of  attack). 
The  effect  of  these  devices  on  the  variation  of  pitching  moment  with  angle  of  attack  is  presented  in 
Section  6. 1.5.2,  except  for  the  jet  flap,  which  is  presented  in  this  section.  Considerations  of  clarity 
and  simplicity  of  presentation  dictated  this  deviation  from  standard  Datcom  practice.  The  reader  is 
referred  to  Sections  6. 1.1.1  and  6. 1.2. 1 for  a discussion  of  the  salient  aspects  regarding  the  various 
types  of  high-lift  devices. 

The  assumption  is  made  that  the  characteristics  of  a trailing-edge  flap  are  independent  of  any 
leading-edge  device,  and/or  the  characteristics  of  a leading-edge  device  are  independent  of  any 
mechanical  trailing-edge  flap.  In  reality  this  is  not  quite  true,  but  the  methods  of  this  section  are  not 
sufficiently  refined  to  account  for  these  interference  effects.  This  assumption  cannot  be  justified  in 
the  case  of  the  more  powerful  jet  flap. 

Trailing-Edge  Mechanical  Flaps 

Two  methods  are  presented  for  estimating  the  pitching-moment  increment  due  to  trailing-edge 
mechanical  flaps  at  small  angles  of  attack  and  low  speeds.  Both  methods  are  applicable  to  all  types 
of  flaps  and  to  high-flap-deflection  ranges,  provided  proper  section  data  are  used. 

Method  1 (Reference  1)  is  substantially  easier  to  apply  than  Method  2 (Reference  2).  A data 
summary  and  substantiation  of  Method  1 are  presented  in  Table  6. 1.5.1 -A,  The  resulting  mean  error 
of  the  pitching-moment  increment  due  to  flap  deflection  is  ±0.053.  For  configurations  with 
quarter-chord  sweep  angles  greater  than  45°,  caution  should  be  exercised,  since  the  accuracy  of  the 
method  is  questionable  in  this  range. 

Method  2 uses  linear  theory  for  subsonic  compressible  flow,  together  with  two-dimensional  airfoil 
data  adjusted  for  the  effects  of  sweep.  The  additional  feature  of  this  method  is  that  it  requires  the 
determination  of  the  spanwise  loading  of  the  wing  due  to  flap  deflection.  It  is  this  feature  that 
makes  this  method  cumbersome  to  use.  This  method  is  not  substantiated  here;  however,  a 
substantiation  of  the  method  does  appear  in  Reference  2 with  a reported  mean  error  of 
pitching-moment  increment  due  to  flap  deflection  of  ±0.02. 

Leading-Edge  Mechanical  Devices 

Although  the  second  method  described  above  should  be  equally  applicable  to  leading-edge  devices, 
no  substantiation  of  such  use  has  been  found.  The  use  of  a method  as  complex  as  this  one  cannot  be 
justified  when  the  small  pitching  moments  and  nonlinear  characteristics  of  leading-edge  devices  are 
considered.  Therefore,  a simpler  method  is  presented  for  estimating  the  effect  of  conventional 
leading-edge  devices  on  the  pitching  moment.  This  method  is  based  on  the  thin-airfoil, 
two-dimensional  method,  uncorrected  for  three-dimensional  effects.  Although  the  accuracy  of  the 
method  is  not  as  good  as  desired,  no  trends  in  three-dimensional  parameters,  such  as  aspect  ratio, 
taper  ratio,  or  sweep,  have  been  observed  that  would  improve  the  accuracy. 


The  lack  of  accuracy  is  to  be  expected,  since  the  linear  theory  is  intrinsically  unable  to  handle  the 
large  deflections  typical  of  leading-edge  devices  or  to  predict  the  nonlinear  characteristics  evident  in 
the  test  data. 


Jet  Flaps 

The  method  presented  herein  (taken  in  part  from  Reference  3)  adapts  the  jet-flap  method  for 
airfoils,  presented  in  Section  6. 1.2.1,  for  use  on  finite-aspect-ratio  wings.  As  such,  it  applies  to  the 
same  concepts  and  is  subject  to  the  same  limitations  that  are  listed  in  that  section.  The  user  is 
referred  to  the  discussions  in  Sections  6.1.1. 1 and  6. 1.2.1  for  a complete  understanding  of  this 
method. 

The  jet-flap  method  assumes  that  the  entire  flap  is  immersed  in  a uniform-jet-flow  field.  For 
extemally-blown-flap  (EBF)  systems  on  swept  wings,  where  this  assumption  is  obviously  not  valid, 
the  method  contains  a procedure  for  making  an  approximate  estimate  of  the  spanwise  distribution 
of  the  jet.  However,  this  cannot  be  expected  to  yield  better  than  a rough  estimate  of  the  true 
pitching  moment.  This  is  due  to  the  fact  that  the  pitching  moment  cannot  be  accurately  estimated 
without  a detailed  knowledge  of  the  spanwise  extent  of  the  wing  influenced  by  the  jet. 

Unfortunately,  the  jet  spreading  problem  is  very  difficult  to  treat,  and  to  date  little  in  the  way  of 
analytical  or  empirical  methods  has  been  developed.  Solution  of  the  problem,  which  is  simply  to 
determine  the  spanwise  distribution  of  trailing-edge  jet  momentum,  requires  that  the  flow  details  of 
the  impingement,  spreading,  and  turning  process  be  known.  Such  a flow  solution,  which  involves 
the  viscia/inviscid  interaction  of  the  jet  impinging  on  the  wing-flap  system,  is  clearly  beyond  the 
scope  of  the  Datcom. 

The  wing  pitching  moment  is  calculated  by  applying  correction  factors  for  finite  aspect  ratio  to 
Spence’s  adaptation  of  thin-airfoil  theory  to  the  two-dimensional  jet-flap  problem.  The  correction 
factors  adjust  the  center-of-lift  location  and  the  magnitude  of  the  lift  increment.  The  first  is  from 
Reference  4 and  is  based  on  conventional  flap  data;  the  second  is  from  Reference  38  and  is  based  on 
Maskell’s  theoretical  correction  for  three-dimensional  effects.  This  method  does  not  account  for 
sweep  or  taper  effects,  except  insofar  as  they  affect  the  geometric  relationship  between  the  center 
of  gravity  and  the  wing.  This  should  not  be  a serious  restriction,  since  the  jet-flap  system  is  usually 
applied  to  high-aspect-ratio  wings  with  low  to  moderate  sweepback.  The  maximum  sweep  angle  and 
taper  ratio  for  which  this  method  is  valid  have  not  been  determined. 

DATCOM  METHODS 


1.  Trailing-Edge  Mechanical  Flaps 
Method  1 

This  method  assumes  a constant  flap-chord-towing-chord  ratio.  In  the  case  of  arbitrary  spanwise 
distribution  of  flap  chord  (constant-chord  flaps  on  tapered  wings  or  tapered  flaps  on  untapered 
wings),  the  flaps  should  be  divided  into  spanwise  steps.  The  pitching-moment  contributions  from 
each  spanwise  step  are  then  calculated  and  added  together  to  obtain  the  total  increment  for  the 
flap. 

At  low  angles  of  attack,  the  change  in  pitching-moment  increment  due  to  flap  deflection  based  on 
Swcw  taken  about  cw/4  is  given  by 


ACmf  = ACm  +KA(A)ACL  tan  Ae/4 
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where 


where 


’ Rp|(^:)  ^(if  -°-25C4i)  (7  - ')  +Cml(c')2  - ’I)  6 '•5-'-b 


is  the  flap-span  factor  as  a function  of  taper  ratio  and  flap  location,  obtained 

from  Figure  6.1.5.1-61  as  illustrated  in  Sketch  (a).  Note:  7?  is  the  span 
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SKETCH  (a) 

is  the  ratio  of  the  pitching-moment  increment  to  lift  increment  for  a full-span 
flap  on  a rectangular  wing,  obtained  from  Figure  6.1.5.1-60  as  a function  of 
wing  thickness  and  flap-chord-to-extended-wing-chord  ratio. 

is  the  lift  increment  due  to  flap  deflection,  obtained  from  the  appropriate 
equation  (determined  by  the  particular  flap  type)  of  Section  6. 1.4.1  using  the 
following  assumptions: 

1 . full-span  flap 

2.  wing  aspect  ratio  of  6 

3.  no  sweep,  ACj,2  = 0 


(Note:  the  above  assumptions  are  to  be  used  for  all  calculations  involved  in 
calculating  ACL.) 
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is  the  ratio  of  the  extended  wing  chord  to  the  retracted  wing  chord  (see 
Figures  6.1.1. 1-44  through  -46  for  a graphical  illustration). 

is  the  wing-body  lift  coefficient  with  the  flap  retracted.  This  value  should  be 
obtained  from  test  data  if  available,  or  from  Sections  4. 1.3.1  * and  4.3. 1.2. 

is  the  wing-body  pitching-moment  coefficient  with  the  flap  retracted.  This 
value  should  be  obtained  from  test  data  if  available,  or  from  Section  4.3.2 .2 
supplemented  with  a test-data  value  for  / CL  \ 

\ m<ywB 

is  the  conversion  factor  for  a partial-span  flap  on  a sweptback  wing  obtained 
from  Figure  6.1.5.1-57  in  a similar  manner  as  Kp;  i.e.,  see  the  illustration  in 
Sketch  (a). 

is  the  wing  aspect  ratio. 

is  the  sweep  of  the  wing  quarter-chord. 


Method  2 


This  method  requires  the  determination  of  the  span  loading  due  to  flap  deflection  (Reference  5) 
and  the  chordwise  center-of-pressure  location  for  stations  across  the  span.  Once  these  quantities  are 
determined,  the  incremental  pitching  moment  can  be  calculated  by  an  integration  process.  The 
pitching-mom ent  increment  ACmf  is  obtained  by  using  the  procedure  outlined  in  the  following 
steps: 


Step  I. 


Determine  the  spanwise  loading  coefficient  G/5  of  full  wing-chord  flaps.  The 
spanwise  loading  coefficient  G/5  of  full  wing-chord  flaps  is  obtained  as  a function 


of  span  station,  r?  = 


span  ordinate 


, from  Figures  6. 1.5.1 -62a  through  6. 1.5. 1-6 2d 


for  appropriate  values  of  j3A/f<,  A^,  and  X,  where  k = Cg  /(27r/0)  and 

Afl  = tan-1  (tan  Ac/4/0). 

It  should  be  noted  that  Figures  6,1.5.1-62a  through  6.1.5.1-62d  present  the 
spanwise  loading  coefficients  for  full  wing-chord  flaps  that  extend  from  the  plane  of 
symmetry  out  to  span  stations  of  p0  = 0.195,  rj0  = 0.556,  and  r?0  = 1.0 
(Figure  6. 1.5. 1-6 2a  also  includes  i?0  = 0,831).  The  results  for  other  flap  spans  are 
obtained  by  interpolating  the  results  of  the  particular  flap  spans  presented  in  Figures 
6.1.5.1-62a  through  6.1.5.1-62d.  The  final  step  in  the  interpolation  procedure  is  to 
cross-plot  the  results  of  the  variation  of  the  loading  parameter  at  given  stations  as  a 
function  of  flap  span  r]f  for  desired  values  of  the  parameters  /3A /«:,  and  X 

(see  Sketch  (b)). 


•The  vying-bocty  zero-lift  angle  of  attack  is  obtained  from  the  wing-alone  data  of  Section  4. 1.3.1.  Test  data  from  a similar 
configuration  should  be  used  if  available.  Wing  surface  velocity  is  increased  by  the  presence  of  the  fuselage;  therefore,  when  the 
fuselage  is  below  the  wing,  the  lift  is  reduced,  and  with  the  fuselage  above  the  wing,  the  lift  will  be  increased.  This  effect  is  generally 
small,  unless  wing-mounted  bodies,  such  as  stores  or  nacelles,  are  close  to  the  fuselage  or  to  each  other. 

6.1.5. 1-4 
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SKETCH  (b) 

The  spanwise  loading  is  then  read  from  this  cross  plot  at  the  desired  values  of  rjf  (r?j  and  i7Q). 

Note  that  for  cases  whereFigure  6. 1.5.1  -62a  applies,  i.e.,  where  0A Ik  = 0,  the  cross  plot 
represented  by  Sketch  (b)  is  obtained  directly,  since  no  intermediate  steps  are  required  to 
interpolate  for  X or  Ap. 

The  following  procedure  is  used  to  determine  the  spanwise  loading  of  the  actual  flap: 

a,  For  flaps  that  extend  from  the  plane  of  symmetry  outboard,  tabulate  the  loading  for 
an  inboard  flap  extending  from  the  plane  of  symmetry  to  the  outboard  station  of  the 
actual  flap,  as  shown  in  Sketch  (c). 


b.  For  partial-span  flaps  that  extend  from  the  wing  tip  inboard,  the  charts  are  used  as 

follows:  Tabulate  the  loading  G/S  for  a full-span  flap.  Tabulate  the  loading  G/8  for  an 
inboard  flap  extending  from  the  plane  of  symmetry  to  the  inboard  station  of  the  actual 
flap.  Subtract  the  loadings  of  the  above  tabulations  at  each  span  station  to  obtain  the 
loading  of  the  actual  flap  (see  Sketch  (d)). 
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SKETCH  (d) 


c. 


For  partial-span  flaps  that  have  outboard  ends  inboard  of  the  wing  tip  and  inboard  ends 
outboard  of  the  plane  of  symmetry,  the  charts  are  used  as  follows:  Tabulate  the  loading 
function  G/6  for  flaps  extending  from  the  plane  of  symmetry  to  the  outboard  station 
of  the  actual  flap.  Tabulate  the  loading  function  G/8  for  a flap  extending  from  the 
plane  of  symmetry  to  the  inboard  end  of  the  actual  flap.  Subtract  the  loadings  of  the 
above  tabulations  at  each  span  station  to  obtain  the  loading  of  the  actual  flap  (see 
Sketch(e)). 


ho 
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Step  2.  Determine  the  incremental  section  lift  coefficient  as  a function  of  span  station  rj 
by* 


2b  G . 


6.1.5.1-c 


where 

CeA  is  the  incremental  section  lift  coefficient  due  to  flap  deflection, 
b is  the  total  wing  span. 

c is  the  local  chord  at  the  span  station  in  question. 

G 

— is  the  loading  coefficient  of  a full  wing-chord  flap  at  the  span  station  in 
question,  obtained  from  Step  1. 

a,  is  the  two-dimensional  lift-effectiveness  parameter  expressed  as 


«6  = - 


W. 

; — r-  (Equation  6.1.1. 1-b) 

N‘ 


where 

cg6  is  the  lift  effectiveness  of  the  flapped  airfoil  from  the 
appropriate  method  of  Section  6.1.1 .1 . 

cga  is  the  airfoil  section  lift-curve  slope  (including  the  effects  of 
compressibility)  from  Section  4.1 .1 .2. 

For  area-suction  and  blowing-type  flaps  the  theoretical  value  of  as  is 
presented  as  a function  of  cf/c  in  the  inset  of  Figure  6.1.4.1-14. 

When  experimental  values  of  the  section  lift  increment  Ace  are  available 
for  plain,  split,  or  slotted  flaps,  the  lift-effectiveness  parameter  should  be 
calculated  using 


(Acg) 


= - 


experiment 


(co  ) 5 

'b 


5 is  the  streamwise  flap  deflection  in  radians.  This  value  may  be  obtained 
from 


5 = tan  1 (cosAHL  tan6iHL)  6.1..5.1-d 


#ln  the  theory,  sections  of  a yawed  infinite  wing  are  dealt  with.  See  Reference  2 for  details  of  the  theoretical  treatment  of  sweep  and 
taper. 
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where 


AH  j is  the  sweep  angle  of  the  flap  hinge  line. 

jj.Hl  is  the  deflection  measured  normal  to  the  flap  hinge 
line. 

The  product  (G/5)a6  in  Equation  6.1.5.1-c  converts  the  spanwise  loading 
distribution  of  full  wing-chord  flaps,  cf/c  = 1.0,  to  the  spanwise  loading  distribu- 
tion of  partial  wing-chord  flaps.  For  the  case  of  arbitrary  spanwise  distribution  of 
flap  chord  (constant-chord  flaps  on  tapered  wings  or  tapered  flaps  on  untapered 
wings),  the  flap  can  be  divided  into  spanwise  steps  and  a new  value  for  a&  for  each 
segment  determined.  The  load  distribution  due  to  each  spanwise  step  is  then 
determined  by  the  product  of  G/6  and  the  average  value  of  a6  oyer  that  spanwise 
step. 

Step  3.  Determine  the  chordwise  center-of-pressure  location  xcp  for  stations  across  the 
span. 

For  tliis  calculation  the  wing  span  is  divided  into  not  more  than  three  types  of 
regions.  These  regions  are  illustrated  schematically  in  Sketch  (f),  and  consist  of: 

a.  Span  stations  included  in  the  flapped  section. 

b.  Span  stations  adjacent  to  the  flap  ends  where  the  distance  from  the  ends  of  the 
flap  Aq  is  less  than  |0.20|. 

c.  Span  stations  not  influenced  by  the  flap  span,  Aq  > 10.201. 


The  chordwise  center-of-pressure  location  in  each  region  is  obtained  as  follows: 
a.  For  the  span  stations  included  in  the  flapped  section 


Ac 


xc.p.  " 0-25 


c“a  = o 


6.1.5. 1-e 
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where 


Ac  is  the  section  incremental  pitching  moment  obtained 

m 0 

from  Section  6. 1.2.1  by  the  appropriate  trailing-edge 

mechanical-flap  method  using  cf/c  and  5',  where  5'  is 
the  flap  deflection  in  the  plane  normal  to  the 
constant-percent  chord  line  through  xc>p,b , given  by 


5' 


, tan  5 

tan-1  

cos  \ 


6.1.5.1-f 


where  is  the  sweepback  of  the  constant-percent 
chord  line  through  the  center  of  pressure  of  the  basic 
loading,  given  by 


4 1 -X 

tan  Ab  = tan  Ac/4  - - (x^pb  - 0.25) 

6.1.5.1-g 

where  Xc.p.b  is  the  chordwise  center-of-pressure 
position  (basic  loading)  for  a plain  flap  from 
Figure  6.1.5.1-67b. 

c«A  «.  0 is  the  incremental  section  lift  coefficient  as  a function 

of  span  station,  referred  to  the  basic  load  line,  by 

^A 

= o = — — 6.1.5.1-h 

cos^  Ah 

where  c6a  is  obtained  from  Step  2. 

b.  For  the  span  stations  adjacent  to  the  flap  ends  where  the  distance  from  the 
ends  of  the  flap  At;  is  less  than  i0.20|, 


6.1.5. 1-i 


where 

K is  obtained  from  Figure  6.1 .5. 1 -67a  as  a function  of 

distance  from  the  end  of  the  flap. 


6.1.5. 1-9 


is  the  value  determined  in  Step  3a  at  the  span  station 
corresponding  to  the  edge  of  the  flap. 


h 

Y- 

\ 


flap 


c.  For  span  stations  not  influenced  by  the  flap  span,  i.e.,  At?  > 10.201,  the 
theoretical  chordwise  center-of-pressure  position  is  assumed  to  be  the  quarter- 
chord  point. 

A typical  variation  of  chordwise  center-of-pressure  location  for  stations  across  the 
span  is  illustrated  in  Sketch  (g). 


Step  4.  For  wings  with  swept  quarter- chord,  the  chordwise  center-of-pressure  position  at 
each  span  station  must  be  referred  to  the  quarter-chord  of  the  MAC  by 


x b/2  c <xc.P.  ~ °-25) 

7 = <** -*>-=“  tan  Ac/4  + -= 
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where 

rj  is  the  lateral  distance  of  the  wing  MAC  from  the  body  center  line  in 
semispans. 

k is  the  distance  of  the  local  center  of  pressure  aft  of  the  quarter-chord  of 
the  MAC. 


i 


- 
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Step  5.  With  the  local  centers  of  pressure  and  the  span  loading  known,  determine  the  change 
in  pitching  moment  due  to  flap  deflection,  based  on  Swcw  taken  about  the 
quarter-chord  of  the  wing  MAC,  by  integrating  across  the  span  as  follows: 


where  c«A  is  from  Step  2,  (x/c)  is  from  Steps  3 and  4,  and  c/cav  is  the  ratio  of  the 
local  chord  at  a given  span  station  to  the  average  chord  (cav  = Sw  /bw ). 

2.  Leading-Edge  Devices 

This  method  assumes  a constant  flap-chord-to-wing-chord  ratio.  In  the  case  of  an  arbitrary  spanwise 
distribution  of  leading*edge  flap  chord,  the  flaps  should  be  divided  into  spanwise  steps.  The 
pitching-moment  contributions  from  each  spanwise  step  are  then  calculated  and  added  to  obtain  the 
total  increment  for  the  leading-edge  device. 

The  pitching-moment  increment  due  to  mechanical  leading-edge  devices,  based  on  Sw  ^ , is  given 
by 


where 

Cii^le  is  the  theoretical  two-dimensional,  flap  pitching-moment  effectiveness  about  the 
leading  edge,  obtained  from  Figure  6.1.2.1-36  as  a function  of  the  ratio  of  flap 
chord  to  the  extended  airfoil  chord  cf/c'.  (See  Figures  6.1.1.1-51  for  the  definition 
of  flap  chord  cf.) 

c'  is  the  mean  aerodynamic  chord  of  the  wing  segment  affected  by  the  leading-edge 

device  (see  Sketch  (h)).  The  wing  chord  is  the  extended-wing  chord  due  to  an 
extension  of  the  leading-edge  device.  The  trailing-edge  flaps,  if  any,  are  considered 
retracted. 

c is  the  wing  mean  aerodynamic  chord  (MAC). 

c is  the  retracted  or  basic-airfoil  chord  at  the  spanwise  station  of  the  MAC  of  the  wing 

segment  affected  by  the  leading-edge  device  (see  Sketch  (h)). 

xm 

— is  the  moment-reference-center  location  in  fractions  of  the  wing  MAC,  measured 
c positive  aft  from  the  aircraft  reference-axis  origin  (usually  the  aircraft  nose  or  wing 

apex)  parallel  to  the  longitudinal  axis. 
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is  the  location  of  the  leading  edge  of  the  mean  aerodynamic  chord  of  the  wing 
segment  affected  by  the  leading  edge  device,  in  fractions  of  the  wing  MAC.  This 
parameter  is  measured  positive  aft  from  the  aircraft  reference-axis  origin  (see 
Sketch  (h)). 

is  the  two-dimensional  leading-edge  flap  effectiveness  parameter  obtained  from 
Figure  6.1 . 1. 1-50  as  a function  of  the  flap  chord  ratio  cf/C!,  instead  of  cf/c. 

is  the  area  of  the  wing  segment  affected  by  the  leading-e  dge  device  (see  Sketch  (h)). 

is  the  wing  reference  area. 


is  the  leading- edge-device  deflection,  moa-uied  parallel  to  the  free  stream  in  degrees 
(see  Figure  6.1.1.1-51). 

is  the  wing-body  pitching-moment  coefficient  at  a given  angle  of  attack,  with  the 
leading-  and  trailing-edge  flaps  retracted.  This  parameter  should  be  obtained  from 
test  data,  if  available,  or  by  using  Section  4.3.2 .2  supplemented  with  a test-data 
value  for  (Cmo)WB. 

is  the  wing-body  lift  coefficient  at  a given  angle  of  attack,  with  the  leading-edge  and 
trailing-edge  flaps  retracted.  This  parameter  should  be  obtained  from  test  data,  if 
available,  or  from  Sections  4. 1.3.1*,  4. 1.3 .2,  and  4.3.1 .2. 

is  the  flap  span  in  fractions  of  the  wing  semispan  (see  Sketch  (h)). 


X”  assumed  reference-axis  origin 


3.  Jet  Flaps 


The  method  presented  herein  pertains  to  the  same  concepts  as  noted  in  Section  6. 1.1.1;  i.e.,  the 
pure  jet-flap  concept  and  the  IBF  and  EBF  concepts  with  a plain  trailing-edge  flap.  For  an  IBF  or 
EBF  concept  with  a single-slotted  or  multislotted  flap  configuration,  this  method  should  be  used 
only  as  a first  approximation. 

Because  of  the  complexity  of  calculating  the  pitching  moment  due  to  a trailing-edge  jet  flap,  the 
method  is  presented  in  a stepwise  procedure.  This  procedure  assumes  that  the  wing  employs  a 
leading-edge  device;  however,  it  will  also  handle  configurations  without  leading-edge  devices.  In 
using  the  method,  all  flap-chord  lengths  and  flap  deflections  are  measured  in  a streamwise  direction. 

The  computation  of  the  pitching  moment  is  broken  down  into  components  due  to  the  leading-edge 
device,  the  angle  of  attack,  the  mechanical  flap,  and  the  jet  flap.  This  division  can  be  somewhat 
misleading  because  in  each  term  there  appears  the  parameter  ci6/c,  which  is  the  ratio  of  the  airfoil 
chord  with  all  flaps  extended  to  the  basic  airfoil  chord.  Thus  each  term  is  actually  dependent  upon 
the  total  extended  airfoil  chord  c4s.  For  example,  a change  in  cfiS  due  to  a deflection  of  the 
leading-edge  device  will  affect  the  contribution  of  each  component,  not  just  the  component  due  to 
the  leading-edge  device. 

No  substantiation  of  the  method  is  presented  herein  because  of  the  scarcity  of  data  for  which 
enough  information  is  available  to  make  a meaningful  comparison.  The  available  data  indicate  an 
average  error  of  approximately  ±20  percent.  For  those  configurations  that  have  been  analyzed  by 
using  this  method,  the  results  indicate  that  this  method  is  more  accurate  in  estimating  the 
pitching-moment  increment  due  to  flap  deflection  than  in  estimating  the  variation  of  pitching 
moment  with  angle  of  attack.  This  may  be  accounted  for  by  the  tendency  of  wings  developing  very 
high  lift  coefficients  to  have  significant  flow  separation  even  at  low  angles  of  attack.  The  variation 
in  the  amount  of  separated  flow  with  angle  of  attack  may  be  affecting  Cma  significantly. 

The  wing  pitching-moment  increment  (omitting  the  zero-lift  pitching  moment  at  Cp  = 0)  due  to  a 
trailing-edge  jet  flap  with  or  without  a leading-edge  device  is  obtained  from  the  following  procedure. 
All  of  the  area  terms  are  assumed  to  be  total  values,  not  semispan  values,  i.e.,  to  include  both  the 
left-  and  right-wing  contributions. 

Step  1.  Divide  the  wing  into  spanwise  sections  that  exhibit  the  same  geometric  and  flow 
characteristics,  i.e.,  no  geometric  discontinuities. 

a.  The  blown  wing  area  will  determine  one  or  more  spanwise  sections.  The  blown 
wing  area  is  defined  as  the  basic  wing  area  that  is  affected  by  the  jet  flap, 
excluding  any  increase  in  wing  area  due  to  Fowler  motion  of  the  leading- 
and/or  trailing-edge  devices.  For  a pure  jet-flap  configuration  with  the  efflux  at 
the  trailing  edge,  Sj  is  defined  as  the  streamwise  basic  wing  area  ahead  of  the 
jet  flap.  For  EBF  configurations,  the  jet  spreading  angle  y must  be  considered 
before  Sj  can  be  determined.  Therefore,  it  is  suggested  that  the  user 
determine  the  spreading  angle  for  his  particular  configuration  from  test  data  on 
a similar  configuration.  However,  if  no  such  test  data  are  available,  the  Datcom 
recommends  that  a value  of  12°  be  used  for  the  spreading  angle  y.  An 
example  for  determining  Sj  for  an  EBF  configuration  is  presented  in 
Sketch  (i).  In  this  example  the  value  of  Sj  has  been  increased  slightly  so  as  to 
include  that  portion  of  the  wing  ahead  of  the  inboard  tip  of  the  flap.  The 
reason  for  this  adjustment  is  explained  in  part  (b). 
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SKETCH  (i) 


b.  The  basic  criterion  for  dividing  the  wing  is  the  avoidance  of  discontinuities.  The 
sections  are  determined  such  that  the  ratio  of  the  extended  wing  chord 
(including  both  leading-  and  trailing-edge  devices)  to  the  basic  wing  chord  is 
constant  or  approximately  constant,  and  the  ratio  of  the  flap  chord  to  the  basic 
wing  chord  is  constant  or  approximately  constant;  i.e.,  c66/c  is  constant  and 
cf/c  is  constant.  A schematic  illustration  for  determining  these  spanwise 
sections  for  an  EBF  configuration  is  presented  in  Sketch  (i).  In  order  to 
minimize  the  number  of  spanwise  sections,  it  is  suggested  that  small  changes  are 
assumed  to  be  made  to  the  actual  configuration.  In  Sketch  (i)  some  of  the 
assumptions  made  were:  I)  the  outboard  wing  slat  station  was  assumed  to  be  at 
the  wing  tip,  2)  the  inboard  tip  of  the  slat  was  neglected,  3)  the  jet  spreading 
was  assumed  to  extend  to  the  inboard  station  of  the  flap,  and  4)  no 
discontinuity  was  assumed  in  the  slat  due  to  the  engine  pylon. 


I 


. 


* © 


Step  2.  The  pitching-inomcnt  increment  of  each  spanwise  section  is  now  calculated  by 
treating  each  wing  section  as  a two-dimensional  airfoil.  The  calculation  of  the 
pitching-moment  increments  is  performed  by  strictly  applying  the  jet-flap  method  of 
Section  6.1.2. 1 (not  the  mechanical  leading-  or  trailing-edge  methods)  to  evaluate 
each  section  individually.  To  prevent  a duplication  of  effort,  the  material  of 
Section  6. 1.2.1  is  not  repeated  here.  It  is  therefore  advised  that  the  reader  become 
familiar  with  the  jet-flap  method  of  Section  6.1.2. 1 before  proceeding  further. 
However,  before  the  jet-flap  method  of  Section  6. 1.2.1  can  be  applied  to  the 
three-dimensional  wing  sections,  the  following  terms  xm/c,  CM,  K , Xfj/c56  , xj/c66  > 

and  aL  (for  a)  must  be  redefined  as  follows: 


m 
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m 

— redefined  as  the  ratio  of  the  distance  from  the  wing  leading  edge  to  the  unique 
c unswept  reference  line  (which  may  lie  on  or  aft  of  a conventional  wing 
configuration)  to  the  local  chord,  such  that  xm/c  has  a constant  value  for 
straight-tapered  wings.  (This  reference  location  eliminates  the  need  for 
calculating  the  spanwise  center-of-pressure  location  for  each  wing  section.)  For 
non-straight-tapered  wings  there  can  be  more  than  one  value.  Sketch  (j) 
presents  an  example  of  a non-straight-tapered  wing  where  two  values  of  xm  /c 
are  required.  The  determination  of  xm/c  is  defined  by 


c 


^(r) 


tan  A 


LE 


6.1.5.1-m 


where 

X Ls  the  taper  ratio  of  the  particular  spanwise  wing  section. 

A$  is  the  aspect  ratio  of  the  particular  spanwise  wing  section. 

Ale  is  the  sweep  of  the  leading-edge  angle  of  the  particular  spanwise  wing 
section. 


' \ V-  . • 

However,  a problem  arises  in  the  case  of  untapered  wings  (X  = 1),  sinpe  xm/c 
id  Equatio^  6.' L5.1-m  becomes  indeterminate.  Therefore,  for  an  untapered 
wing  or  wirg'section,  Equation  6.1.5.1-m  is  modified  to  the  following: 


c c 
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where 


Axf  is  the  distance  between  the  wing  apex  and  the  desired  moment 
reference  center,  measured  positive  aft. 

c is  the  basic  wing  chord. 

is  the  section  nondimensionai  trailing-edge  jet  momentum  coefficient.  For 
those  sections  that  are  outside  of  the  blown  area,  Cy  = 0.  For  those  sections 
within  the  blown  area,  the  following  approximation  is  used  to  determine  the 
relationship  between  and  Cj : 


CM  = c^t7 
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where 


2,  is  the  nondimensionai  trailing-edge  jet  momentum  coefficient  ’ ased 
on  the  gross  engine  thrust  and  the  wing  reference  area.  (See 
Section  6.1 .4.1  for  an  exact  definition.) 

jt  is  the  static  turning  efficiency  defined  as  the  resultant  force  divided 
by  the  gross  thrust(see  Section  6. 1.4.3,  Sketch  (a)). This  value  should 
be  obtained  from  test  data  if  possible,  or  from  Figure  6.1. 4.3-1 1 for 
slotted  flaps.  Although  Figure  6. 1.4.3- 1 1 represents  a reasonable 
average  of  the  available  data,  the  data  scatter  is  large.  Since  this 
method  cannot  be  expected  to  yield  good  results  if  the  error  in  t?,  is 
large,  it  is  imperative  that  test  data  be  used  if  available. 


is  the  rjitio  of  the  wing  reference  area  to  the  blown  wing  area. 


K redefined  here  to  apply  to  each  wing  section  individually,  based  on  the 
following  expression 


At  + 2 C'^/n 


A,  + 2 + 0.604  (C1 


CJ* 

p1/2  +0.876 
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where 


— is  the  ratio  of  the  extended  wing  chord,  including  the  extensions  of 
c both  the  leading-  and  trailing-edge  devices,  to  the  basic  wing  chord  of 
the  particular  spanwise  wing  section. 


At  is  the  aspect  ratio  of  the  total  wing  based  on  the  extended  wing 
chord,  i.e.,At  = A(c/cg5),  using  the  particular  section  value  for 

°/c  IS- 
C' is  the  section  nondimensional  trailing-edge  jet  momentum  coefficient 
based  on  the  extended  wing  chord  C65>  i-e-’  C„  (c/c 66  )• 


— — are  the  center-of-lift  location  of  the  incremental  load  due  to  the  deflection 
CS6  cs«  of  the  ith  flap  segment  and  the  center-of-lift  location  of  the  incremental 
load  due  to  the  jet  deflection,  respectively.  In  this  section  these  terms  are 
applied  to  each  spanwise  wing  section  and  are  corrected  for  three- 
dimensional  effects  by 


Xfi  _ / Xf*  \ [ ^Xc,p^D 

^/2Dl(Xc,)2D 
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/ Xj  \ f ^xc.p.)3p 
\ Cgg  / 2p  l (^c.p.)2D 
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where 


(xc.p.)3u 

(xc.p.)2D 


is  the  two-dimensional  center-of-lift  location  of  the  incre- 
mental load  due  to  deflection  of  the  ith  trailing-edge  flap 
segment.  This  parameter  is  obtained,  as  defined  in  Sec- 
tion 6. 1.2.1,  from  Figure  6.1.2.1-37  as  a function  of  the 
ratio  of  the  flap  chord  to  the  extended  airfoil  chord 
cf./c4S  and  Cj,. 


is  the  ratio  of  the  center-of-lift  location  for  a finite-aspect- 
ratio  wing  to  the  center-of-lift  location  for  an  infinite- 
aspect-ratio  wing  for  the  incremental  load  due  to 
deflection  of  the  rth  trailing-edge  flap  segment.  This 
parameter  is  obtained  from  Figure  6. 1.5. 1-68  as  a function 
of  Cfj/c5{  and  1/At. 


i \ 

— 1 is  the  two-dimensional  center-of-lift  location  of  the  incre- 

2D  mental  load  due  to  the  jet  momentum  acting  at  some  angle 
to  the  trailing-edge  camber  line.  This  parameter  is  obtained 
from  Figure  6.1.2.1-37  at  cf/cgg.  = 0,  as  a function  of  the 
trailing-edge  jet  momentum  C^. 
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is  the  ratio  of  the  center-of-lift  location  for  a finite-aspect- 
ratio  wing  to  the  center-of-lift  location  for  an  infinite- 
aspect-ratio  wing  for  the  incremental  load  due  to  the  jet 
momentum  acting  at  some  angle  to  the  trading-edge 
camber  line.  This  parameter  is  obtained  from  Fig- 
ure 6.1.5.1-68  at  cf/cM  = 0,  as  a function  of  1/At. 

is  the  local  angle  of  attack  for  the  particular  spanwise  wing 
section  under  consideration.  For  wings  with  twist,  this 
value  will  change  from  section  to  section.  It  is  suggested 
that  the  change  be  approximated  by  using  the  average 
twist  incidence  for  each  section. 


Step  3.  Compute  the  sum  of  the  wing  section  pitching-moment  increments  from  Step  2 
according  to  the  following: 


^cm  Kbk-i) 
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where 


is  the  number  of  the  wing  section  (numbered  from  the 
fuselage  center  line  outboard). 


P 

Ac 


is  the  total  number  of  wing  sections. 

is  the  section  pitching-moment  increment  for  the  particu- 
lar spanwise  section,  obtained  from  the  jet-flap  procedure 
of  Section  6. 1.2.1. 


Step  4. 


are  the  values  of  the  span  factor  for  the  outboard  and 
inboard  ends,  respectively,  of  the  kth  wing  section.  This 
parameter  is  obtained  from  Figure  6.1.4.1-15  as  a function 
of  basic-wing  taper  ratio  X and  the  span  stations  i7k  and 
7?k_  j of  the  streamwise  cuts  defining  the  k*h  wing  section 
nondimensionalized  by  the  wing  semispan  (see  Sketch  (i)). 


Calculate  the  lift  contribution  to  the  pitching-moment  increment  for  each  wing 
section  according  to 


-Me 


= Ac,  - Ac2  + Ac4  + £ (Acs)  +Ac6l(Kbk-K*fcrl) 

i E 1 
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where 

Ac,,Ac2,Ac4,(Ac5).,  are  the  terms  analogous  to  lift  generated  during  the  execu- 
and  Ac6  tion  of  the  jet-flap  procedure  of  Section  6.1.2. 1 . 
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Kbk,Kbk_1 


are  defined  in  Step  3 above. 


i 

i 


Step  5.  The  total  wing  pitching-moment  increment  due  tQ  a jet  flap  at  some  angle  of  attack 
is  calculated  by  using  one  of  two  equations  presented  below.  For  a tapered  wing, 
Equation  6.1.5.1-u  is  used;  while  for  an  un tapered  wing,  Equation  6.1.5.1-v  should 
be  used.  Both  equations  convert  the  pitching  moments  for  each  wing  panel  about 
xm  /c{6  to  the  desired  moment-reference-center  location,  based  on  Sw  . 


" Cmm+r?tCjT+  £ 
k = 


where 

Az 

— is  the  vertical  distance  between  the  desired  moment-reference-center 
c location  and  the  quarter-chord  of  the  MAC,  positive  for  the  wing  below 
the  desired  location.  (This  is  an  approximation  because  an  exact  solution 
would  require  accounting  for  the  vertical  distance  for  each  blown  wing 
section.) 

Axk 

T-  is  the  longitudinal  distance  between  the  moment-reference-center  location 
c and  the  location  of  the  chord  station  for  zero  sweep.  This  parameter  is 
measured  positive  aft  from  the  moment  reference  center  as  illustrated  in 
Sketch  (k). 


jfc  ^ 

(l  “ 57.3  Sw 


C 


Ax. 
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i'4 


i 

* 


bov  yji  uutapered  wing  this  Uisranc  ■ can  be  found  by  using 


c 


■> 


b (an  A 

7 
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Sk  is  the  area  of  the  k*h  wing  section  with  all  flaps  retracted. 

All  remaining  terms  have  been  defined  in  the  previous  steps. 

Sample  Problems 

1.  dnigle-Slotted  Trailing-Edge  Flap  (Method  1) 

Given:  The  sweptback  wing-body  configuration  of  Reference  32  with  a single-slotted  flap. 


Wing  C-T  'i-actdistics: 

A ----  5.1  b/2  74.75  in.  X = 0.383  Ac/4  = 44.6° 

cx  a 42.36  in.  ct  = 16.24  in.  Sw  = 30.35  ft2  c = 31.22  in. 

t y90 

NAt. A 64-210  L 0.286  c - = 0.075  (streamwise)  = 0.671  %c 

^ 2 

v 

*99 

--  = 0.04  % c a - 0 t m - 0.034  (test  data) 

C’(  - 0.025  (test  data) 


6.1.5.1-20 


Flap  Characteristics. 


Single-slotted  flap 


— ~ 0. 286  (■'.ti  eamwise') 
c 


- 0.144 


V0  - 0.45 


30.68°  (strearnvvi.se) 


Additional  Characteristics: 


M = 0.14;  0 = 0.96  R,  « 6x  106 


Compute: 


Y Y 
* 90  99 


tan  2 ^TE 


0.671  - 0.04 


- o.o? 


= 0.873  (Figure  4. 1.i.2-8a) 


/eg  \ = 6.66  per  rad  (Figure 't  ’ ’ M) 

\ 01  / theory 


C'.' I*'"1, 


! fr.cjuaiion  4. 1 . i .2-u) 


(0.873)  (6.66) 


= 6.167  per  rad 


(X,  ~ -0.48 3 ( F igu re  6 . 1 . 1 . 1 -4 1) 


cK  as  .5  < ■.  o.ivUo*' 6.  i M e) 


<6  1 67)  < -u.  -3a  i 


A = 6.0 

Ac/2  = 0 


Method  1 assumptions  for  calculating  ACL 


6.167 


= 0.9815 


i.i r 


A. 

K 


P1  + tan2  Ac/2 


1/2 


6 

0.9815 


(0.99)  = 6.05 


= 0.747  per  rad  (Figure  4.1.3.2-49) 
= 6(0.747)  = 4.48  per  rad 
=-0.655  (Figure  6.1.4.1-14  insert) 

e8 


•=  1.04  (Figure  6.1.4. 1-14) 


ce 

Kb  = 1.0  (assume  full-span  flaps  for  calculating  ACL ) 


AC,  = Acc 


Kb  (Equation  6. 1 .4. 1 -a) 


/ 4.48  , 

= (,-595)(STS7)<i04>(l0> 


= 1.205 


Cf  _ £ 

c'  c c' 

0.286 

1.05 


= 0.272 


AC 

AC, 


-0.271  (Figure  6.1.5. 1-60) 
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= 0.27  (Figure  6.1.5.1-61) 


<£* 


1.144 


OsU 

(Kp)tj=o.45  = 0-72  (figure  6. 1.5. 1-6! ) 

Kp  ’ W..  “ N,. 


= 0.72-  0.27  = 0.45 
ac: 


4Cm  = K„ 


(Equation  6. 1.5. 1 -b) 


- 0.45 j(-0.271)  (1.205)  (1.05)2  — 0.25(0.025)  (1.05)  (0.05)  — 0.034  |(1.05)2  - lj| 
= 0.45 j -0.36  - 0.0003  - 0.0035  J 


= -0.164 


(KA)r,=o.i44  ~ 0 0365  (Figure  6. 1.5.1  -57a  through  -57d,  interpolated) 

(Ka)  t)=o.45  = °'°615  (Figure  6-L5' 1 '57a  trough -5 7d,  interpolated) 

■ 0.0615  - 0.0365  = 0.025 

Solution: 

^Cmf  = +Ka(^)acl  tan  \/4  (Equation  6.1.5. 1-a) 

= -0.164  + (0.025)  (“)( 1.205)  (0.9874) 

= -0.164  + 0.101 

0.063  (based  on  the  product  of  wing  area  and  wing  mean  aerodynamic  chord  and 
referred  to  a moment  center  at  c/4) 

This  compares  with  a test  value  of  ACnif  = -0.074  from  Reference  3 a 
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fc.  t.i  m r 


2.  Plain  Traili.ng-lidge  Flap  (Method  2) 

< .cn.  The  sweptbacF  wing  of  Reference  13  with  a partial-span  plain  trailing-edge  flap.  This  is  »he 
same  conlign ration  as  Sample  Problem  1 of  Paragraph  A of  Section  6. 1.4.1. 

W tug  Characteristics: 

A - 3.78  b/2  = 16.97  ft  X = 0.586  Ac/4  = 47.35° 

c,  = 11.315  ft  V = 0.456  c = 9.09  ft  cav  = 8.98  ft 

NA.CA  65A006  airfoil  (streamwise) 


Flap  Characteristics: 


Plam  trailing-edge  flap 

Ahl  - 43° 

c,/c  - 0.224  (streamwise) 

v.  = 0.10  rjo  - 

0.58  51hl  - 30» 

5 = 22.1°  (streamwise) 

Additional  Characteristics: 

Low  speed;  £ = 1.0 

Rg  = 6.1  x 106 

Compute: 

Step  1.  Determine  the  spanwise  loading  coefficient  G/5  (see  Step  lcof  Datcom  Method  2) 
Op  6. 1 3 per  rad  (Sample  Problem  1 , Paragraph  A,  Section  6. 1.4.1) 


K = 


0A 

K 


= 643  _ 
2ir  2 r 

~ (I'0)  (3J8) 
0.976 


0.976 

= 3.87 


A ^ - tan 


.i(^2i)=tan-.(!2 = 47.35° 


Obtain  the  spanwise  loading  coefficient  G/5  for  a full  wing-chcrd  flap  extending  from  the 
plane  of  symmetry  to  the  inboard  station  of  the  actual  flap  — 0.10),  and  tor  a full  wing- 
chord  flap  extending  from  the  plane  of  symmetry  to  the  outboard  end  of  the  actual  flap 
(i)  ~ 0.58).  Since  the  span  loadings  for  these  pniticular  flap  spans  are  not  presented  in 

Fi*mres6. 1.5.1  -62a  through  6.1.5.1-62d,  the  interpolation  procedure  described  in  Step  1 
of  Datcom  Method  2 must  be  applied.  The  cross-plotted  results  of  the  variation  of  the 
loading  parameter  at  given  span  stations  as  a function  of  flap  span  for  the  desired  values 
of  /i A/ k , A.p,  and  X aic  presented  in  Sketch(h). 

The  spanwise  loading  coefficients  for  a full  wing-chord  flap  that  extends  from  the  plane  of 
symmetry  to  the  inboard  station  V\  - 0.100  and  for  a full  wing-chord  flap  that  extends 
from  the  plane  of  symmetry  to  the  outboard  station  r?Q  = 0.58  are  read  from  Sketch (h) 
at  T7j  and  t?0.  These  snanv/ise  loading  coefficients  are  presented  in  Sketch  (i  ). 
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Determine  the  incremental  section  lift  coefficient  as  a function  of  span  station  77. 

2b  G . . c , . 

cp  = - — — (Equation 6.1. 5. 1-c) 

XA  c 6 ° 

Acg  = 0.927  {Sample  Problem  1,  Paragraph  A,  Section  6. 1.4.1) 

fabjoc 

a = . 1 — t __  (Equation  6. 1.1.1-b) 


(%V 


0.927 

22.1 


= -0.392 


(6.13) 


INCREMENTAL  SECTION  LIFT  COEFFICIENT 
© 0 ® 


Of  lo 

i 

o 

© 

G_ 

©-  © 

0.180 

0.224 

0.163 

0.241 

0.103 

0.301 

0.057 

0.348 

0.045 

0.341 

0.036 

0.308 

0.031 

0.234 

0.030 

0.220 

0.025 

0.155 

0.021 

0.108 

0,016 

0.072 

0 

0 

c 

Local  Chord 

(ft) 

-2b0(^/0 

Eq.  6.1.5.1-c 

11.315 

0.203 

10.847 

0.228 

10.379 

0.297 

9.911 

0.360 

9.443 

0.370 

8.976 

0.362 

8.600 

0.279 

8.507 

0.265 

8.039 

0.198 

7,571 

0.146 

7.103 

0.104 

6.635 

0 

Step  3.  Determine  the  chord  wise  center-of-pressure  location  xc 
xc.p.b  ~ 0-665  (Figure6.1 ,5.1-67b) 

4/  \ / \ - \ \ 


for  stations  across  the  span. 


tan  Ac/4  - - ^xc-p>b  - 0. 25  ) ( — ) (Equation  6. 1.5.1- 
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Solution: 

ACL 


VARIATION  OF  CHORDWISE  CENTER-OF-PRESSURE  LOCATION 

SKETCH  (j) 


Jrl.U 

'K(^)(f)]d’'  <Equa,ion6-,-5'i'k> 


x _ b/2 

~ =(t7-  T?)-r-  tan  Ac/4  + 


c^xc.p.  - °-25> 


(Equation  6.1.5.1-j) 


V 

c 

r 

n ri  1 t>/2  A 

[©  - “j© 

2S 

c 

Ac 

mf 

-[©©©I  At? 

© 

C 

© 

8.98 

9.09 

t]  - r\)  **n  Arjf4 

Qz)+( !?) 

Eq.  6.1.5.1-k 

0 

1.260 

1.245 

-0.924 

0.190 

-0.734 

0.0093C 

1.208 

1.193 

-0.721 

0.552 

-0.169 

0.00465 

.2 

1.156 

1.142 

-0.519 

C.4CB 

-0.114 

0.00391 

.3 

1.104 

1.090 

-0.316 

0.319 

0.003 

-0.00012 

.4 

1.051 

1.039 

-0.113 

0.296 

0.1  S3 

-0.00712 

.5 

0.999 

0.987 

0.089 

0.296 

0.385 

-0.01354 

0.958 

0.946 

0.251 

0,358 

0,609 

- 

.6 

0.947 

0.936 

0.292 

0.338 

0.630 

-0.01581 

.7 

0.895 

0.884 

0.494 

0.070 

0.564 

-0.00999 

.8 

0.843 

0.833 

0.697 

0 

0.697 

-0.00858 

.9 

0.791 

0.781 

0.899 

0 

0.899 

—0.007 40 

t.O 

0.739 

0.730 

1.102 

0 

1.102 



0 

Ac  = Z - 

mf 

-0.0473 
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This  compares  with  a test  value  of  ACmf  = — 0.C40  from  Reference  13. 

3.  Krueger  Leading-Edge  Flap 

Given:  The  sweptback  wing-body  configuration  of  Reference  35  with  a leading-edge  Krueger  flap. 


0* 


Wing  Characteristics: 


A - 5.1  b/2  = 

74.75  in.  X = 

0.383 

= 45.350 

Ale  = 47.72° 

cr  = 42.36  in. 

C{  = 16.24  in. 

s = 
Jw 

30.35  ft 2 

c = 3 1.22  in. 

y-  = 31.8!  in. 

a = 2° 

Flap  Characteristics: 

Krueger  leading-edge  flap  Cfj.LE  = 3.05  in.  5f  " 33. 3U 

Constant  flap  chord  rji  ~ 0.50  rj0  = 0.975 

Additional  Characteristics: 

M = 0.14;  0 = 0.99  Rt  = 6x  106  CL  = 0.17 

xm  = 42.79  in.  (aft  of  wing  apex)  Cm  = —0.040  (flaps  retracted) 

*6^  is  defined  according  to  Figure  6.1.1.1-51,  not  as  defined  in  Reference  35. 
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Compute: 


Determine  c' 


fiLE  3.05 

Of, , = = — = 4.53  m. 

LE  cos  Ale  0.6727 


c = cr  ~ rj  (ct  - c()  (see  Section  2.2.2) 

Atrjj,  c - 42.36  - (0.50)  (42.36  - 16.24)  = 29.30  in. 

c'  = c + cf  = 29.30  + 4.53  = 33.83  in. 

At  r/0 , c = 42.36  - (0.975)  (42.36  - 16.24)  = 16.89  in. 
c'  = 16.89  + 4.53  = 21.42  in. 


<CX  21.42 


X,  - — = = 0.633 

f (c\i  33.83 


2 , /1  + Xf  + V\ 

3(cM“T+x — J (Section 2-2-2) 


1 + Xf 


2 / 
= -(33.83)  ( 


i + 0.633  + 0.6332 
1 + 0.633 


- 28.09  in. 


Determine  and  ct'&  (assuming  constant  flap-to-chord  ratio) 


CfLE  _ 4.53 
c “ 28.09 


= 0.161 


cm!  = -0.001 27  per  deg  (Figure  6. 1.2.1-36) 

I'D 

cfi'  = -0.00320  per  deg  (Figure  6.1.1.1-50) 


Deiermine  x, 


y-'  = - (Ar?)(b/2) 
c 3 


/ 1 + 2Xf\ 

V 1 +Xf  / 


+ (7?; )(b/ 2)  (Section  2.2.2) 


1 /I  + 2 

= - (0.975  - 0.50)(74.75)  f — 


1 + 2(0.633)\ 

i j *-»  s -1  ■->  ' 


0.633  / 


+ 0.5(74.75) 


16.42  + 37.375  = 53.80  in. 
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XLE  = V tan  ALE 


= 53.80(1.0998)  - 4.53 

= 54.64  in. 

Determine  Swf 

SWf  = i(c\  + (c\)  (Ar?)(b/2) 


= (33.83  + 2 1.42)(0.975  - G.50)(74.75) 
= 1961.72  in.2  = 13.62  ft2 


Determine  5f  (stream wise) 

6f  = tan" 1 (tan  5flLE  cosALE)  (Equation  6.1 .5. I d) 

= tan"1  [(0.6569X0.6727)] 

= 23.84°  (stream wise) 

Determine  c 

y{ 

At  r\~,  c = Cr  - — (Ct  - c()  (Section  2.2.2) 


Solution: 


AC„  = 


53.80 

= 42.36  - ^-^-(42.36  - 16.24)  = 23.56  in. 


At?  (Equation  6.1.5. 1-2) 


f / 28.09X  / 42.79  54.64  \ 1 13.62 

l \ 3 1.22/  \ 31.2?  31.22/  J 30.35 

f / 28.09 \ 2 1 /28.09  \ / 28.09  \) 

-0040)[(^)  "']  ta75(ai7)(is)(5I?6-1)|(0-97S 


(-0.00114  + 0.00121X10.70)  + (-0.0169  + 0.0293)(0.475) 

0.00075  + 0.00589 

0.00664 


This  compares  with  a test  value  of  ACm  = 0.003  from  Reference  35. 

6.1 


0.50) 


.5.1-31  ■ 


A = 7.0  A = 0.3714  b = 5.9360  ft 

cr  - 14.84  in.  c - 10.8886  in.  S„, 


Sw  - 5.0337  H- 


xcg  = 10.72  in.  aft  of  wing  apex 


1.9 22  in.  (below  MAC"  quarter-chord) 


aW  = 0 


6f,  = 40° 


C}  = 3.0 


d(2  = 20° 


7?t  = 0.81 


fijeff  = 57‘5° 


(from  static  force-test  data) 


TWIST 
RELATIVE  2 
TO  WING 
REFERENCE 
PLANE 


PERCENT  SEMI-SPAN,  r, 


Wing  section,  k 

1 

Span  station  of  outboard  streamvvise  cut,  vk 

0.1443 

Span  station  of  inboard  streamwise  cut.  'lk_j 

0 

l.eading-edge  device 

None 

Ve 

0 

Trai ling-edge  device  j 

Noric- 

C,LE/C 

0 

c'le/c 

1.0 

Cj/c 

0 

c2/c 

0 

C56/C 

1.0 

Drooped 
leading  edge 


Double-slot 
Fowler  flap 


Double-slot 
Fowler  flap 


Compute: 


Step  1.  Divide  the  wing  into  four  sections  as  indicated  in  the  drawing.  The  wing-tip  is 
squared  off  and  the  slats  extended  to  avoid  definition  of  additional  small  wing 
sections.  It  was  assumed  that  blowing  affects  the  entire  trailing-edge  flap.* 

Find  Sj  = S2  + S3  (the  area  ahead  of  the  flap) 
c,  = Xcr  = (0.37 14X14.84)  = 5.512  in. 
c = cr-Tjk(cr-ct) 

AtTjj.c  = 14.84-  0.1443(14.84-  5.51)  = 13.49  in. 

At  p2 , c ,=  14,84-  0.5076(14.84  -5.51)=  lO.lOin. 

At  p3  , c = 14.84  - 0.7515(14.84-  5.51)  = 7.83  in. 

1 (13.49 -M0. 10) 

52  = - — (0.5076  - 0.1443X5.9360)  = 2.120  ft2 

0 1(10.10  + 7.83) 

53  = j- (0.7515  - 0.5076X5,9360)  = 1.082  ft2 

Sj  = 2.120  -r  1.082  = 3.202  ft2 


Because  of  the  lengthiness  of  the  calculations  for  various  parameters  in  Steps  2 through  5,  the 
calculations  for  only  wing  section  2 will  be  presented  in  detail.  However,  the  calculated  components 
for  each  wing  section  are  listed  in  summary  tables  with  the  detailed  calculations  for  wing  section  2. 


*For  purposes  of  illustration  only,  an  additional  division, @ in  the  sketch,  is  shown.  It  is  made  at  the  intersection  of  the  jet  and  the 
extended  flap  trailing  edge,  b\  assuming  that  the  jet  spreading  is  12  degrees.  If  the  wing  had  been  equipped  with  a full-span  trailing* 
edge  flap,  division  A would  have  been  used  as  t?3  instead  of  t)3  ~ 0.7515. 
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( 


Step  2.  Ac  (Section  6.1. 2.1.  Note,  however,  that  several  terms  have  been  redefined  in 


Xm  xfi  xj  \ 

Section  6. 1.5,1 ; e.g.,  C.  K,  — , a,  , — , and — ) 
M C L c66  c„  ) 


Find(Ac„,)s  (Wing  Section  2) 


>fLE 
«f LE  = 20° 
^LE 

= 0.1376 


(given) 


ca  = cSi  - CfLE  (Equation  6.1.2. 1-g) 


Cfi.E 


S6 


r~ 


= i 


0.1376 


1.351 
= 0.8981 

Syy 

C„  = Cj  r?t  — (Equation  6.1. 5.1-o) 


= (3.0)(0.81) 


5.0337 

3.202 


- 3.820 

C ' =C  — (defined  in  Section  6.1.2. 1 Step  la) 

= 3.820/1.351 
= 2.828 

cg^  - 11.6  per  rad  (Figure  6.1.1.1-49) 


Cga  = 11.8  per  rad  (Figure  6.1.1.1-49) 


A,  = A 


6S 


7.0 

1.351 


5.181 


6.1.5.1-35 


f i - ■>  -jn  “ 


«'*’.*  .• 


K = 


At+2C> 


At  + 2 + 0.604(C' )1/2  + 0.876  O' 


«« 

— (Equation  6.1.5. 1-p) 
c 


5.181  +2(2.828)/* 


5.181  + 2 + 0.604(2.828),/2  + 0.876(2.828) 


(1.351) 


p"  , ' 
k ■' 


P . ■ 

L ■- 

V V 


i 

i . 


= 6.981(1.351) 
10.674 

= 0.8836 


5*LE 

Aci  “J77'Kc««,  (Equation  6.1. 2. 1-e) 
20 

“ (0.8836 )( 1 1.6) 

» 3.5776 

SfLE 

Ac2  = 57~3  K Cb«  Equation  6. 1.2. 1-0 

20 

= (0.8836XH.8) 

= 3.6393 


tan  Ale 


*“  - x (4) 

0.4663-i(_I)L 


1 -X 

^ (Section  2.2.2) 


- 0.3714 
1.3714 


= 0.5318 


i*' 


6.1.5.1-36 


__  / 1 + X \ As 

C ^ 1 _ X/  T tan  Alk  (Equation  6.1.5.1-m) 

i r 

/ 1.3714  \ 7 

\1  - 0.3714/  4(°-5318) 

= 2.0304 

Xa 

= 0.245  (Figure  6.1.2.1-37) 

«5 

Xa.c. 

7 0-215  (Figure  6.1.2.1-37) 

'■‘iS 

v =iH  + /CLE  X* 

1 c \ C I ~T  T (E<luation  6- 1-2.1 -h) 

= 2.0304  + (1.019  - 1)- 0.245  (1.351) 

= 1.718 

i 

_ X{T-  , /Cle  , \ x».c.  C6« 

2 c+\c_  /.  (Equation  6.1.2. 1-i) 

c S«  c 

= 2.0304  + (1.019  - 1)-  0.215(1.351) 

• 

= 1.759 

!'f 

^LE 

Acm3  = ~ sin  (Equation  6. 1.2.1  -j) 

« 

- 3.820(0.1376X0.3420) 

= 0.1798 

- 

(Acm)4fLE  “ Acj  xt  - Ac2  x2  + Acm,  (Equation  6.1.2. 1-d) 

4 

t— 

= (3.5776X1.718)  -(3.6393X1.759) + 0.1798 

V'  • 

- -0.0754  (for  Wing  Section  2) 

* - 

J 

» 

6.1.5.1-37 

* 1 

] 

Summary 


Wing  Section 

1 

2 

3 

4 

6fLE  (given) 

0 

°o 

CN 

— 

25° 

25° 

C<LE 

(given) 

c 

0 

0.1376 

0.1404 

0.1404 

c 

* 

(From  Eq  . 6.1.2.1-g) 

°«6 

0.8981 

0.9020 

0.8724 

CM  (Eq.  6.1.5.1-o) 

0 

3.820 

3.820 

0 

0 

2.828 

2.668 

0 

c&k  (per  rad) 

(Fig.  6.1.1.1-49) 

11.6 

11.4 

6.1 

cj  (per  rad) 

“(Fig.  6.1.1.1-49) 

11.8 

11.6 

6.3 

At 

7.0 

S.181 

4.888 

6.364 

K (Eq.  6.1 .5.1 -p) 

0.7778 

0.8836 

0.9237 

0.8370 

Ac1  (Eq.  6,1.2.1-e) 

3.5776 

4.594 

2228 

Ac.,  (Eq.  6.1.2.1-f) 

3.6393 

4.675 

2.301 

xm 

— - (Eq.  6.1.5.1-m) 
c 

2.0304 

2.0304 

2.0304 

X 

9 

(Fig.  6.1.2.1-37) 

C66 

0.245 

0.246 

0.274 

x«.c, 

(Fig.  6.1.21-37) 

c66 

0.215 

0.216 

0.249 

Xj  (Eq.  6.1.2.1-h> 

1.718 

1.778 

1.829 

x2  (Eq.  6.1.2.1-i) 

1.759 

1.821 

1.8565 

Acm3  (Eq.  6.1.2.1-j) 

0.1798 

0.2267 

0 

(Acm)6f  (Eq.  6.1.2.1-d) 

0 

(no  LE 
device) 

—0.0754 

-0.1183 

-0.1968 

Wing  Section 

1 

2 

3 

4 

«l_  “ tf  (front  given  plot) 

751 

2.30 

1.19 

-0.42 

•K 

0.7778 

0.8836 

0.9237 

0.8370 

•cja  (per  red) 

65 

11.8 

11.6 

6.3 

°L 

Ac  K eg  (Eq.  6.1.Z1-S) 

4 57.3  * 

0.2489 

0.4185 

0.2225 

-0.03865 

*CM 

0 

3.820 

3.820 

0 

'jVn 

c 

2.0304 

2.0304 

2.0304 

CLE 

(given) 

c 

15 

1.019 

1.100 

1.100 

[fir-')! 

(Eq.  (.Ut-fli) 

“l 

575 

0 

-05142 

-0.1690 

0 

1.781 

1.759 

1.821 

1.8565 

,Acm>a  " Ac4x2  + Ac^ 

(Eq.  6.1 .2.1-10 

0.4433 

0.4219 

0.2362 

-05717 

c»tcul*tkm». 


'LE 


6.1.5.1-39 


Find  (Ac,,,)^.  (Wing  Section  2) 
n = 2 


Forward  flap 
5fl  = 40° 

Cfj  = Cj  + c2  (Sketch  (g)  Section  6. 1.2.1) 
°fi  C1  + C2  / css 


= (0.3505 + 0.3080)/ 1.351 
= 0.4874 

Cj,  = 2.828  (previous  (Acn,)6  calculations) 
cS6  = 1 0.6  per  rad  (Figure  6.1.1. 1-49) 

K - 0.8836  (see  previous  table  for  (Acm)a) 


(Ac5)! 


A,  = 


l_ 


5fi 

= Kcts.  (Equation  6.1. 2.1-0) 

57.3  6h 

• ^(0.8836X10.6) 

= 6.538 

= 0.402  (Figure  6.1,2. 1-37) 


2D 


5.181 

1 

5.181 


(previous  (Acm^^^  calculations) 
= 0.1930 


6.1.5.1-40 


1 


1.085  (Figure  6.1.5.1-68) 


(xc.p.)3D 

(xc.p.)2D 


xf, 


c 


66 


f (xc.p.)3D  1 

I : — (Equation  6.1.5. 1-q) 

^Xc.p.  2D  * I 

(0.402)(1.085) 

0.436 


X'l  C66 

(Equation  6. 1.2. 1-q) 

C66  C 


= 2.0304  + (1.019  - 1)  - 0.436(1.351) 
- 1.460 


Aft  flap 

n- 1 

^f2  = 5ieff  ~ Z)  5fj  (Equation  6.1.2. 1-p) 
i'l 

' 57.5  - 40 

- 17.5° 

Cf2  = C2  (Sketch  (g)  Section  6. 1.2.1) 

^ <2  / C_66 
C56  C ' C 

= 0.3080/1.351 

- 0.2280 

C;  = 2.828  (previous  (Acm)fi  calculations) 

‘LE 

= 9.5  per  rad  (Figure  6.1.1.1-49) 

K = 0.8836  (see  previous  table  for  (Acm)a) 
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* s--  vr-V*  7^T,'7' 


(Ac5),  = 


K Co,  (Equation  6. 1 .2. l-o) 


(0.8836)(9.5) 


= 2.564 


— - | = 0.518  (Figure  6.1.2. 1-37) 


««  / 2D 


A.  = 5.181  (previous  (Acm^  calculations 

* *LF. 


1 - _1_ 
At  ” 5.181 


= 0.1930 


t(xc.p.)3D 

(xc.p.)2D  J 


1.140  (Figure  6.1.5.1-68) 


xf2  / xf2  \ T (xc.p)jD 

C6«  Cfi6  ' 2D 


= (0.518X1.140) 


(Equation  6.1.5.1-q) 


= 0.5905 


(t-0- 


C66  C 


(Equation  6.1.2.1-q; 


= 2.0304+  (1.019  - 1)  - 0.5905(1.351) 


= 1.252 


(Acm)gf  = E (Ac5)j(x5)i  (Equation  6.1.2.1-n) 
i~l 

= (6.538)(1.460) + (2.564)(1.252) 

= 12.7556  (for  Wing  Section  2) 
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(Acm)^  Summary 


Wing  Section 


Forward  Flap 


cj6f  (per  racQ 

1 (Fig.  6.1.1.1-49) 


(Acsij  (Eq.  6.1. 2.1-0) 


Q) 


(Fig.  6.1.2.1-37) 


<*e.p.l30 
,xc-P.>20  Jj 


(Fig.  6.1.5.1-68) 


X»1 

(Eq.  6.1.5.1-q) 


(xslj  (Eq.&1.Z1-q) 


Aft  Rap 


(par  rad) 

2 (Fig.  6.1.1.1-49) 


(Ac5)  (Eq.6.1.2.1-o) 


(-) 


(Fig.  6.1.2.1-37) 


f(xcp.)30 
(Fig.  6.' 

i,x€-p.>20  J, 


1.5.1-68) 
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Wins  Section 


1 


2 


3 


4 


*f2 

(Eq,  6.1.5.1-q) 

c«6 


05905 


a 590/ 


(x5)2(Eq.  &1.Z1-ql 


1.252 


1.2845 


n 

" y,  (AcsMxjj), 
1*1 

(Equation  6.1.Z1-n) 


0 

(noTE 

ft«ps) 


12.7556 


134605 


0 

(no  TE 
flap*) 


Find  (Acjn)6j 


i“l 

For  57.5  < 40  + 20,  then  8^-0 
6i 

Ac6=^Kcj5.  (Equation  6.1. 2.  1-s) 

= 0 (all  wing  sections) 

(ACn,)e.  = Ac6  x6  (Equation  6. 1.2.1  -r) 

= 0 

Acm  = (Acm)«fLE  + <Acm)a  + (A<^n)6f  + (Acm)«j  (Equation  6.1.2.1-c) 


Wing  Section 

1 

2 

3 

4 

(4cm)s  (Eq.  6.1,2.1-d) 

fLE 

0 

—0.0754 

-0.1183 

-01968 

(4cm)a  (Eq.  6.1.2.1-k| 

0.4433 

0.4219 

0.2363 

-00717 

(Acm)6j(Eq.  &1.Z1-n) 

0 

1Z7566 

134505 

0 

(4cm)fij  (Eq.  6.1.2.1-r) 

0 

0 

0 

0 

Acm  (Eq.  6.1.2.1-c) 

0.4433 

1310 

1357 

-02685 
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Wing  Section,  k 


1 


2 


3 


4 


Step  3.  Cmm 


ai443 

— 

05076 



07515 

1,0 

v-1 

0 

01443 

05076 

07515 

Kb(<  (Fift  6.1.4.1-15) 

a 206 

0650 

0880 

1.0 

KbK_!  (F'»  0.1.4.1-15) 

0 

0206 

0650 

0880 

a 206 

0445 

0230 

ai20 

Acm  (from  precoding  Step  2) 

0.4433 

1010 

1057 

-02673 

Qnm  = 53  (Kbk  “ Ki>k-i)  (Equation  6. 1.5.1 -s) 

k = l 

= (0.4433)(0.205)+(  1 3. 1 0)(0.445)+{  1 3.57X0.230)+{-0.2673)(0. 1 20) 
= 9.009 


Step  4.  = [ACj  - Ac2  +Ac4  +]£3  (Ac5)j+ Ac6](Kt,k  - Kb|c_j)  (Equation  6.1.5. 1-t) 

i=l 


Wing  Section,  k 12  3 4 

0 3.5776  4.594  2.228 

0 3.6393  4.675  2.301 

0.2489  0.4185  0.2225  -a03865 


(Eq.  6.1. 5. 1-t) 

•From  preceding  Step  2 
••From  preceding  Step  3 


0 6.538+  0706+  0 

Z564  2.609 


0.206  a445  0230  a 120 


Cl 0510  4,212  2.175  -0.01340 
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c 


10.8886 


m 

C 


C 


= 2.0304 


10.72 

10.8886 


= 1.783 


Wing  Section,  k 

1 

2 

3 

4 

(preceding  Step  4) 

a 0610 

<212 

2.175 

-0.0134 

(preceding  Step  2) 

0 

3820 

3L820 

0 

L 

(preceding  Step  2) 

57.3 

- 

a04014 

0.02077 

Sk 

— (preceding  Step  1) 

Sw 

0L4212 

0.2150 

S 67  3 sw 

0 

0.0646 

0.0171 

0 

AC_  = Cn 


-m  +T?t 


Az  r If  «L  Sk  1 Aki  I 

tci  T + £ 1 K 5T3  s~  " I — 1 (Equation  6-1'5-1'u) 


= 9.00 9+(0.8l  X3. OX-0.1765) 

+ {(0-0.05  !0)+(0.0646-4.212)+(0.017J-2.175)+[0-(-  0 "1340)]}  (1.783) 


= 9.009-0.4289-  11.310 
- —2.72 y (based  on  5^  ) 
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'-1'-  -•  ■■ 


B.  TRANSONIC 

The  following  method  for  the  estimation  of  Cm4  at  transonic  speeds  is  based  on  a procedure  similar 
to  that  of  Rp  erence  6 and  is  developed  empirically  from  test  data  of  References  7 through  10.  The 
only  readily  available  test  data  for  pitching-moment  effectiveness  at  transonic  speeds  are  those  of 
References  7 through  10.  Therefore,  the  method  has  not  been  substantiated  independently  of  these 
test  data. 

DATCOM  METHOD 

A first-order  approximation  to  the  pitching-moment  effectiveness  at  transonic  speeds  is  given  by 


= -C, 


6.1.5.1-w 


where 


Ci  is  the  lift  effectiveness  of  the  control  surfaces  from  the  method  of  Paragraph  B of  Section 
6 6. 1.4.1. 

Ji  is  the  distance,  in  percent  of  MAC,  of  the  chordwjse  center-of-pressure  location  aft  of  the 
c wing  moment  reference  point. 


x b . 


1 + 2\  (C/s)m  = 


- = - -tan  Ale  6(i+x)-2— r 

' 6’m  = o 


M = 0.6  /*c.p.\  cc.p.  XMRP 

+ 6.1.5.1-x 


cc.P-/  c 


where 


is  the  roll  effectiveness  of  the  control  surface  at  M = 0.6,  based  on 
the  total  wing  span  with  one  control  deflected.  This  parameter  is 
one-half  the  value  of  C^  obtained  by  the  method  of  Paragraph  A of 

Section  6.2. 1.1. 


(Cr  ) is  the  lift  effectiveness  of  the,control  surfaces  at  M * 0.6  from  Para- 

^'M  = 0.6  graph  A of  Section  6.1 .4. 1. 


XMRP 


is  the  distance,  in  percent  of  MAC,  from  the  leading  edge  of  the  MAC 
to  the  moment  reference  point,  positive  for  the  moment  reference 
point  aft  of  the  leading  edge  of  the  MAC. 


is  the  empirically  derived  chordwise  center-of-pressure  location  of  the 
incremental  load  due  to  surface  deflection  determined  by 


c.p./i 


6.1.5.1-y 
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cc.p. 


where  ^xc  p /cc,p  J j and  K are  empirically  derived  factors  pre- 
sented as  functions  of  Mach  number  and  in  Figures6. 1 .5.  l-69a 
and  6.1 .5.1-69b,  respectively.  The  flap-chord  ratio  Cf/c  is  measured 
in  the  stream  wise  direction. 


is  the  wing  chord  at  the  spanwise  center-of-pressure  location,  in  per- 
cent of  MAC  given  by 


_1 

c 


(c't), 


1-4(1  -X) 


M = 0.6 


M = 0.6 


6.1.5. 1 -a 


where 


(C'«)m  = o,  *nd  W- 


M = 0.6 


are  defined  above. 


The  planform  parameters  of  the  empirical  data  used  to  deriveFigures6.1.5.1-69aand  6.1.5.1-69b  are: 
A=  4.0,  X = 0.6,  t/c=  0.06,  0 £ ^c/4  - 60°,  and  a 0.30c  plain  sealed  flap. 


Sample  Problem 


Given:  The  configuration  of  Refereme  8 with  a partial-span  plain  trailing-edge  flap. 


Wing  Characteristics: 

A = 4.0  b/2  = 4.243  in.  X = 0.60 


Ac/4  = 35°  ALE«  37.33< 


NACA  65A006  airfoil  (streamwise)  XMRP  = "T  cr/c  = ^*^3  ~=  3.918 

4 c 


cf/c  = 0.30  Ahl  = 30.44° 
<5=1 6°  (streamwise) 


Flap  Characteristics: 

Plain  trailing-edge  flap 

0.57  t?Q  =1.0 

Additional  Characteristics: 

M=  0.90  (C)  ) = 0.0014  per  deg  (test  value  for  semispan  model,  based  on  Sy 

' 5/M  = 0.6  and  bw) 

(Ci  ) = 0.00135  per  deg  (test  value  for  semispan  model,  based  on  Sh?  and  byy) 

V a/M  = 0.9 

(C.  ) = 0.0105  per  deg  (test  value  for  full-span  model,  based  on  S^y) 

V §/M  = 0.6 
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h 


n ** 


P 


C.p.l 


= 0.931 


= 0.880  (Figure  6. 1.5. 1-69  a) 


, c.p./i 

K = -0,690  (Figure  6.1.5. 1 -69b) 

A,  v 


xc.p. 


'•'c.p. 


c.p. 


k(t  -0-2) 


{Equation  6.1.5.1-y) 


\ c.p./ i 

= (0.880)  + (-0.690)  (0.30  - 0.20) 
= 0.811 


x b 
— = - — tan  A 


LE 


6(1  tX) 


1 + 2X 


- 2 


M = 0.6 


M = 0.6-1 


4c.p.\  cc.p. 


‘MRP 


(Equation  6.1.5.1-x) 


= (-3.9)8)  (0.7626) 


2.20  /0.00l4^ 


9.60  \0.0105; 

= 0.1  12  + 0.755  -0.25 
= 0.617 

Lift  effectiveness  at  M = 0.9  (Section  6. 1.4.1) 


+ (0.81 1)  (0.931) -0.25 


u 


• K)». 


m = 0.6\C/5m  = 


(Equation  6.1 .4. 1 - e) 


M = 0.6 


/ 0.00 1 3 5\ 
= 0.0105  (——) 
\ 0.0014/ 

= 0.0101  per  deg 


6. 1.5.1--:  9 


Solution: 

Cm^’R  “ cLg  — X (Equation  6.1.5.1-w) 
c 

- - (0.0101) (0.617) 

“ ~ 0.00623  per  deg 

The  test  value  at  M = 0.90  from  Reference  8 is  - 0.0065  per  degree. 

C.  SUPERSONIC 

The  procedure  for  estimating  trailing-edge  control  effectiveness  at  supersonic  speeds  is  based  on  the 

method  presented  in  Reference  1 1.  The  restrictions  used  in  the  derivation  of  the  method  are  listed 
below. 


1 . Leading  and  trailing  edges  of  the  control  surface  are  swept  ahead  of  the  Mach  lines  from  the 
deflected  controls. 

2.  Control  root  and  tip  chords  are  parallel  to  the  plane  of  symmetry. 

3.  Controls  are  located  either  at  the  wing  tip  or  far  enough  inboard  so  that  the  outermost  Mach 

lines  from  the  deflected  controls  do  not  cross  the  wing  tip. 

4.  Innermost  Mach  lines  from  the  deflected  controls  do  not  cross  the  wing  root  chord. 

5.  Wing  planform  has  leading  edges  swept  ahead  of  the  Mach  lines  and  has  streamwise  tips. 

6.  Controls  are  not  influenced  by  the  tip  conical  flow  from  the  opposite  wing  panel  or  by  the 
interaction  of  the  wing-root  Mach  cone  with  the  wing  tip. 


DATCOM  METHOD 


The  pitching-moment  effectiveness  C™  at  supersonic  speeds  for  symmetric,  straight-sided  controls, 

illg 


based,  on  total  wing  area  and  c , is  given  by 


where 


K- 


K, 


1 bf  Cff 


•"»  * K| it £ V3t  S'cL«.6','s','aa 


Kj  - (1+Xf+Xf) 


C- 


\ - 0TE1  tan  Ahl 


C- 


C, 


0TE 
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where 


^TE 

7 

bf 

Sf 

Xf 

ahl 

Crf 


xf 

c' 


is  a thickness  correction  factor  to  the  supersonic  flat-plate  derivative. 

2 

— - - — per  radian 

M2-  1 

(7  + 1)  M4  - 4(M2  - 1) 

per  radian 

2 (M2  - l)2 

is  the  trailing-edge  angle  in  radians,  measured  normal  to  the  control  hinge  line. 

is  the  ratio  of  specific  heats,  7 =1.4. 

is  the  control  span  (both  sides  of  wing), 
is  the  control  area  (both  sides  of  wing). 

is  the  taper  ratio  of  the  control, 
is  the  sweep  of  the  control  hinge  line, 
is  the  root  chord  of  the  control. 

is  the  distance  of  the  leading  edge  of  the  control  root  chord  behind  the  wing  axis  of  pitch. 

is  the  pitching-moment  effectiveness  of  one  symmetric,  straight-sided  control,  based  on  tw  ee 
its  moment  area  about  the  hinge  line,  from  Figures6. 1.5.1  -70  through  6. 1.5.1  -73b,  accordii  g 
to  the  control  planform  as  follows: 

(a)  Tapered  controls  with  outboard  edge  coincident  with  wing  tip,  use  Figure 

6.1.5.1- 70. 

(b)  Tapered  controls  with  outboard  edge  not  coincident  with  wing  tip,  use 
Figure6.1.5.1-73a. 

(c)  Untapered  controls  with  outboard  edge  coincident  with  wing  tip,  use  Figure 

6.1. 5.1 - 73b. 

(d)  Untapered  controls  with  outboard  edge  not  coincident  with  wing  tip,  use 
Figure6,1.5.1-73a. 

is  the  lift  effectiveness  of  one  symmetric,  straight-sided  control,  based  on  the  area  of  the  con- 
trol, obtained  from  Paragraph  C of  Section  6. 1.4.1. 

is  the  rolling-moment  effectiveness  of  one  symmetric,  straiglu-sided  control  about  its  root 
chord  line,  based  on  the  area  and  span  of  one  control,  obtained  from  Paragraph  C of 
Section  6.2. 1.1. 


It  should  be  noted  that  control  deflection  angles  are  measured  streamwise. 


For  swept-forward  wings  and  controls  with  inverse  taper,  see  Reference  1 1 for  the  proper  values  of 
S ®Ild  C/j  . 

Thickness  correction  factors  for  other  than  symmetrical,  straight-sided  controls  can  be  determined 
from  Reference  11. 


The  computation  of  pitching-moment  effectiveness  for  leading-edge  controls  and  trailing-edge 
controls  with  subsonic  leading  edges  can  be  accomplished  with  the  aid  of  Reference  1 2. 


Not  enough  test  data  are  available  to  allow  substantiation  of  the  method. 

Sample  Problem 

Given:  A wing-control  configuration  with  the  following  characteristics: 

Wing  Characteristics: 

Sw  = 46.5  sq  ft  c = 4.0  ft  b = 12.0  ft  ALE  = 42° 

AjE=  27.7° 


Control  Characteristics: 

Symmetric,  straight-sided  inboard  flap 

Sf  = 4.71  sq  ft  (both  sides  of  wing)  bf-  6.5  ft  (both  sides  of  wing) 

Xf  =0.715  crf  =0.85  ft  xf=  1.768  ft  ^TE  = 3° 

Ahl=  30.8® 

Additional  Characteristics: 


M = 1,90;  |3  = 1.62 


Compute: 


C1 

c2 


't 


Vm2  - 1 


1.235 


(7+  1 ) M4  - 4 (M2  - 1) 

_ (2.4)  (1.90)4  -4  (1.90)2  - 1 

_ 20.84 

2 (M2  - l)2 

2 (1.90)2-1  2 

13.62 

1.53 


/ C2  \ 

Ki  = 'c7  0te) 


^1  + Xf  + Xf  ^ 
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ft! 


V— » 


-(^)(~)  [l+ 0.715 + (0.715)2]=  (0.935)  (2.226) 


« 2.08 


C- 


K, 


\ 


= 1 ~ iWp’i  (tan  Am)  = (0.935)  (0.5961)  = 0.557 

\ ci  '7 


k3 

/ c2  \ 

“ ^q-^TEj  = °-935 

I 

i 

tail  Ays 

P 

i 

0.5250  „„„„ 

1.62 

tan  Ahl 

0 

0.5961 

‘ 1.62  "°-368 

= -0.0360  per  deg  (Figure  6. 1.5.1 -73a) 

r - ■ 

cm5 

= -0.0222  per  deg 

S <P 

►' , 

l 

= 0.0750  per  deg  (Figure6. 1.4. 1-25) 

$ 

CLS 

= 0.0463  per  deg 

HC)6 

= 0.0340  per  deg  (Figure  6.2.1.1-28,  interpolated) 

V 

\ 

S'  ' 

r 

i. 

c4 

= 0.0210  per  deg 

h 

j • 

Solution: 

■ ' 

tfc 

i; : 

ir  _* 

cm6 

1 bf  Crf  1 bf  sf  xf  sf 

~ K]  T *=•  “ — C'  - K2  — — - — C'.  -K -i  — - — C't  (Equation 6. 1.5.1-a a) 

3 c Sw  m5  * 2 c Sw  ‘5  J c Sw  LS 

■ ao8,i  (W(^)(-°-o222)-(o-5s7>-i  (W(t£t)(o-om 

~(OMS>(W0IOO463) 

= (-0.000457)  - (0.000963)  - (0.001 94) 

= -0.00336  per  deg 


H 
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TABLE  6.1.5.1-A 

EFFECT  OF  FLAP  DEFLECTION  ON  PITCHING  MOMENT 
DATA  SUMMARY  AND  SUBSTANTIATION 
METHOD  1 SUBSONIC 
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FIGURE  6.1.5.1-57  SPAN  FACTOR  FOR  SWEPT  WINGS 
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FIGURE  6. 1.5. 1 -62  SPANW1SE  LOAD  DISTRIBUTION  DUE  TO  SYMMETRIC  FLAP  DEFLECTION 
FOR  STRAIGHT-TAPEREDWING.  cf/c  = 1. 
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FIGURE  6.1.5.1-62  (CONTD) 
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FIGURE  6. 1.5. 1-62  (CONTD) 


6.1.5.1-66 


SUBSONIC  SPEEDS 


FIGURE  6. 1 ,5.1-67a  ESTIMATION  OF  SECTION  CENTER-OF-PRESSURE  LOCATION  FOR 
UNFLAPPED  SECTIONS  NEAR  END  OF  FLAPS 


FIGURE  6.1.5.1-67b  VARIATION  OF  SECTION-BASIC-LOADING  CENTER  OF  PRESSURE 
WITH  FLAP-CHORD  RATIO 
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FIGURE  6.1.5.1-69  TRANSONIC  CONTROL-SURFACE  PITCH-EFFECTIVENESS  PARAMETERS 
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FIGURE  6.1.5.1-70  (CONTD) 
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FIGURE  6.1.5.  l-73a  PITCHING-MOMENT  DERIVATIVE  FOR  TAPERED  AND  UNTAPERED 

TRAILING-EDGE  FLAPS  HAVING  OUTBOARD  EDGE  NOT  COINCIDENT  WITH 
WING  TIP 


FIGURE  6. 1 .5.  l-73b  PITCHING-MOMENT  DERIVATIVE  FOR  UNTAPERED  TRAILING-EDGE 
CONTROL  SURFACES  LOCATED  AT  THE  WING  TIP 
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6. 1.5.2  WING  DERIVATIVE  WITH  HIGH-LIFT  AND  CONTROL  DEVICES 


Mechanical  Flaps 

According  to  lifting-line  or  lifting-surface  theory,  camber,  such  as  that  due  to  flaps,  does  not  affect 
the  variation  of  pitching  moment  with  angle  of  attack  over  the  region  where  there  is  no  flow 
separation.  The  theory  is  substantiated  by  experiment  over  the  linear  angle-of-attack  and 
flap-deflection  ranges  (References  1 and  2). 

Theoretically,  the  pitching-moment-curve  slope  of  both  wings  and  airfoils  is  affected  by  leading- 
and/or  trailing-edge  flaps  that  extend  beyond  the  basic  airfoil  chord.  However,  the  changes  in  Cma 
for  airfoils  (as  predicted  by  linear  theory)  cannot  be  substantiated  with  test  data  (see 
Section  6. 1.2.2).  In  addition,  the  effect  of  extended  flaps  on  Cm<l  for  a wing  of  finite  aspect  ratio 
is  not  treated  in  detail  in  any  of  the  literature  surveyed  for  Datcom.  Therefore,  no  method  is 
presented  to  account  for  the  effects  of  extended  flaps  on  Cm<|. 

Jet  Flaps 

The  aerodynamio-center  location  for  a wing  with  a jet  flap  is  dependent  upon  the  trailing-edge  jet 
momentum  coefficient  and  upon  the  extent  to  which  leading-  and  trailing-edge  flaps  extend 
beyond  the  basic  wing. 

Considerations  of  clarity  and  simplicity  of  presentation  dictated  a deviation  from  normal  Datcom 
practice  in  that  the  effect  of  jet  flaps  on  Cm<t  was  included  in  Section  6.1.5. 1,  which  deals  with 
the  pitching-moment  increment  ACm. 

DATCOM  METHOD 


1.  Mechanical  Flaps 

The  variation  of  wing  pitching  moment  with  angle  of  attack  for  various  flap  deflections  is  assumed 
to  be  the  same  as  that  for  zero  flap  deflection  over  the  linear-lift  range  (see  Section  6.1.3, 
particularly  Figure  6. 1.3-2). 

2.  Jet  Flaps 

The  variation  of  pitching  moment  with  angle  of  attack  for  wings  equipped  with  jet  flaps  is  covered 
in  the  jet-flap  method  of  Section  6.1. 5.1.  The  range  of  applicability  and  the  limitations  of  the 
method  are  discussed  there  and  in  Sections  6. 1.1.1  and  6. 1.2.1. 
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6.1.6  HINGE  MOMENTS  OF  HIGH-LIFT  AND  CONTROL  DEVICES 


This  section  presents  approximate  methods  for  determining  hinge-moment  derivatives  at  subsonic 
and  supersonic  speeds.  At  subsonic  speeds  the  method,  based  on  lifting-line  theory,  is  believed  to  be 
of  sufficient  accuracy  to  be  used  for  preliminary-design  work.  This  method  is  best  suited  for 
higher-aspect  ratio  wings. 

The  methods  presented  for  supersonic  speeds  have  one  stringent  restriction:  the  leading  edges  of  the 
wing  planform  must  be  swept  ahead  of  the  Mach  lines.  The  methods  are  based  on  conical-flow 
solutions.  Since  hinge-moment  variation  with  Mach  number  at  transonic  speeds  becomes  somewhat 
erratic,  no  method  is  presented  for  calculating  transonic  hinge  moments.  However,  some  trends  in 
the  transonic  range  can  be  noted  from  References  I through  4.  As  the  critical  Mach  number  is 
passed,  a shock  forms  on  the  upper  surface  of  the  airfoil  and  moves  rearward  with  increasing  Mach 
number.  The  airfoil  pressure  distribution  changes  from  one  that  is  approximately  triangular,  with  a 
peak  negative  pressure  forward,  to  one  more  nearly  rectangular,  with  lower  pressures  at  the  trailing 
edge.  In  general,  this  causes  hinge  moments  to  become  more  negative.  Sketch  (a)  presents  some 
typical  hinge-mornent-derivatiye  variations  with  Mach  number. 

It  should  be  noted  that  in  the  more  normal  or  stable  case,  where  Ch  and  Ch  are  negative  at 

subsonic  speeds,  hinge-moment  derivatives  decrease  in  a somewhat  regular  fashion  through  the 
transonic  range  and  then  increase  slightly  to  their  supersonic  value.  Most  of  the  very  erratic 
variations  of  Ch  and  C()  occur  when  these  values  are  near  zero  or  positive  at  subson'c  speeds.  It 
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can  also  be  seen  that  in  the  transonic  region  some  hinge-moment  derivatives  can  change  sign. 
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6. 1.6.1  HINGE-MOMENT  DERIVATIVE  Ch  OF  HIGH-LIFT  AND  CONTROL  DEVICES 

a 

A.  SUBSONIC 

The  hinge-moment  derivative  due  to  angle  of  attack  can  be  approximated  from  the  method  of 
Reference  1.  The  method  is  based  on  lifting-line  theory,  with  additional  lifting-surface  corrections 
to  account  for  sweep. 

The  method  is  based  on  equations  in  terms  of  section  parameters;  therefore,  the  accuracy  of  the 
method  is  dependent  upon  the  accuracy  with  which  the  section  characteristics  can  be  estimated. 
Test  data  on  the  particular  airfoil-flap  combination  under  consideration  or  one  closely  resembling  it 
should  always  be  preferred  to  characteristics  obtained  from  generalized  methods.  Calculated  values 
and  test  data  for  several  different  configurations  are  presented  in  Table  6.1.6.1-A  to  illustrate  the 
accuracy  of  the  method  and  summarize  available  test  data. 

The  method  is  directly  applicable  to  control  surfaces  having  constant  chord  ratios  and  constant 
airfoil  contours  across  the  span.  For  configurations  with  variable  chord  ratios  or  variable  airfoil 
contours  across  the  span,  it  is  suggested  that  average  values  of  the  section  characteristics  be  used. 
Furthermore,  the  accuracy  of  the  method  in  predicting  the  effects  of  finite-wing  parameters 
decreases  as  the  wing  aspect  ratio  decreases.  Application  of  the  method  to  wings  with  aspect  ratios 
of  three  or  less  should  be  avoided. 

Experimental  data  have  shown  that  for  sweptback  wings  the  shape  of  the  ends  of  the  control 
surface  can  have  a critical  effect  on  the  hinge-moment  parameters.  The  Datcom  method  is 
applicable  to  controls  with  the  control-surface  ends  cut  parallel  to  the  plane  of  symmetry.  For 
configurations  with  wing  cutouts,  or  with  control  surfaces  that  do  not  have  ends  parallel  to  the 
plane  of  symmetry,  it  is  suggested  that  empirical  procedures  be  used  to  estimate  Ch  . 


The  effect  of  subcritical  Mach-number  corrections  on  hinge  moments  appears  to  be  small  for 
control  surfaces  having  trailing-edge  angles  less  than  approximately  12°.  Therefore  the  Datcom 
method,  which  neglects  subcritical  Mach-number  effects,  may  be  applied  over  a large  portion  of  the 
subcritical  Mach-number  range. 

DATCOM  METHOD 

The  hinge-moment  derivative  due  to  angle  of  attack  of  a sealed,  plain  trailing-edge  control  at 
subsonic  speeds,  based  on  the  product  of  the  control-surface  area  and  the  control-surface  chord 
Sccc  (area  an^  chord  aft  of  the  hinge  line),  is  approximated  by 


where 


A C0S  Ac/4 

A + 2 cos  Ac/4 


balance 


+ AC. 
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\ is  the  section  hinge-moment  derivative  due  to  angle  of  attack.  Test  data  on  the 

“/  balance  particular  flapped  airfoil  are  preferred,  but  the  derivative  can  be  approximated 

by  the  method  of  Paragraph  A of  Section  6. 1.3.1.  (This  term  could  be  c'h  or 

a 


c: 


h 


a 


from  Section  6. 1.3.1.) 
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ACh  is  an  approximate  lifting-surface  correction  which  accounts  for  induced-camber  effects. 

“ ACh 

It  is  obtained  by  multiplying  the  quantity  <:  g , from  Figure 

2^  2 ot  c/4 

6.1 .6.1-1 9a,  by  its  denominator 
where 

c8  is  the  airfoil  section  lift-curve  slope  obtained  by  using  the  mediod  of  Section 
“ 4.1. 1.2. 

B2  accounts  for  the  effect  of  control-surface  and  balance  chord  ratios.  This 
parameter  is  obtained  from  Figure  6.1  6. 1-1 9c.  The  primed  values  of  the 
control-surface  and  balance  chord  ratios  used  in  reading  Figure  6. 1 .6. 1-1 9c, 
refer  to  measurements  normal  to  the  wing  quarter-chord  line. 


Ka  accounts  for  the  effect  of  control-surface  span.  This  parameter  is  defined  by 
(K  ) (1  — TJ.)  — (K  ) (1  -77  ) 

' a /r]  j x a yr\Q  'o ' 


K = 


6.1.6.1-b 


% ~ rh 


where 


is  the  inboard  span  station  of  the  control, 

inboard  span  ordinate 



is  obtained  from  Figure  6. 1.6.1 -1 9b  as  a function  of  the  inboard 
spanwise  location  (7?j)  of  the  control  panel. 

is  the  outboard  span  station  of  the  control, 
outboard  span  ordinate 


% = 


b/2 


is  obtained  from  Figure  6. 1.6. 1-1 9b  as  a function  of  the 
outboard  spanwise  location  (r?D)  of  the  control  panel. 


Sample  Problem 

Given:  The  flapped  wing  configuration  ofReference  8 
Wing  Characteristics: 

A - 3.43  X = 0.44  Ac/4  = 48.7° 


<t>'v  E 


t/c  = 0.086  (streamwise) 


tan 


2 


= 0.0697  (streamwise) 


0.0523  (streamwise) 


NACA  65-01  2 airfoil  (normal 
to  .50c  of  unswept  wing) 


Flap  Characteristics: 

Plain  trailing-edge  flap 


Sealed  gap 


^hl  ^1° 


Cj/c  = 0.167  (streamwise)  cj./c'  = 0,20  (normal  to  ,25c) 

Cb / cf  = 0.090  (streamwise)  c{,/cf  = 0.1 1 5 (normal  to  .25c) 

fc/(2cf)=  0.090  (streamwise)  Round-nosed  control 


t?j  = 0.586 
Additional  Characteristics: 
Low  speed 


r>0  = 0.99 


Rg  = 2.2  x 106 


Compute: 


Section  hinge-moment  derivative  c. 


(Section  6. 1.3.1) 


= -0.384  per  rad  (Figure  6.1 .3.1 -1 1 b) 


= 0.855 


(Figure  4. 1 . 1 .2  -8a) 


« 0.600  (Figure  6. 1.3. 1-1  la) 


(%) 


(Equation  6. 1.3.1 -a) 


= (0.600)  (-0.384)  = -0.230  per  rad 
\ = 6.715  per  rad  (Figure  4. 1.1. 2 -8b) 


Balance  ratio  = 


Cb\2  /‘A2 


= 0 (Equation  6.1.3.1-d) 


balance  OC 


/cl*  = 1.0  (figure  6.1 ,3. 1-1 2a) 
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» . • 

* . 

h' 

-A 
_■ . 

►v. 


N 


N 


r-1 

5 

* 


Ea 


% 


ch  = Cu  + 2 /cp  \ 
ha  ha  \ Ka/ 


theory 


cfc 


l 


a 


(%) 


theory 


K 


tan 


TE  t 

T'  7 


= -0.230+2(6.715)  [1  -0.855]  (0.0523-0.086) 
55  -0.296  per  rad  = -0.005 16  per  deg 


N) 


balance  = C. 


ha  |(  ha)  balance’  nCK 

- -0.00516  per  deg 
Induced  camber  effect  ACU 

n r\j 


/<£  (Equation  6. 1 .3 . 1 -c) 


cfi 


1.05 

a p 


ci 


a 


(%) 


theory 


(%) 


theory 


(Equation  4.1 .1 .2-a) 


/ 1 .05  \ 

= {—)  (0.855)  (6.715) 

= 6.03  per  rad 
= 0.105  per  deg 

B2  = 0.885  (Figure  6. 1.6.1 -19c) 


(KJ  —2.18  ) 


<K„>„  “«0 


( 


(Figure  6. 1.6. 1-1 9b) 


„c -i„) 

K = (Equation  6. 1 .6. 1-b) 

Vo  - 9j 

_ (2. 1 8)  ( 1 -0.586) -(4.20)  (1  - 0.99) 


0.99  - 0.586 


= 2.13 


cea  cos  ^c/4  = 105)(0.885)(2. 13)(0.66)  = 0. 1 306  per  deg 

AC. 


c„  B,  K cos  A , . 

Va  2 a c/4 


= 0.0125  (Figure  6.1 .6. 1-1 9a) 


ACh  = (0.0 1 25)(0. 1 306)  = 0.00 1 63  per  deg 


! • 

r.. 


I ■. 
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(Equation  6. 1.3. 1-b) 


Solution: 


A cos  Ac/4 
A + 2 cos  Ac/4 


balance 


+ AC. 


(Equation  6. 1.6.1 -a) 


(3.43)  (0.6600) 
(3.43)  + (2)  (0.6600) 


(-0.00516)  + 0.00163 


= -0.00083  per  deg 


This  compares  with  a test  value  of  -0.0014  per  degree  from  Reference  8. 
B.  TRANSONIC 


No  method  is  available  for  the  prediction  of  the  hinge-moment  derivative  Ch  at  transonic  speeds. 

or 

Because  of  the  mixed-flow  conditions  and  interrelated  shock-wave  and  boundary-layer-separation 
effects  encountered  at  transonic  speeds,  the  prediction  of  Ch  by  theoretical  means  is  extremely 

or 

difficult.  Experimental  results  for  Ch  at  transonic  speeds  are  presented  in  References  2 through  5. 


C.  SUPERSONIC 

The  supersonic  three-dimensional  hinge  moment  due  to  angle  of  attack  can  be  computed  for 
trailing-edge  control  surfaces  by  the  method  presented  in  Reference  6.  The  method  is  based  on 
linearized  theory  and  applies  to  tapered  and  untapered  trailing-edge  control  surfaces,  with  the 
following  restrictions: 

1.  Control  root  and  tip  chords  are  parallel  to  the  plane  of  symmetry. 

2.  Wing  planform  has  leading  edges  swept  ahead  of  the  Mach  lines  and  has  streamwise  tips. 

3.  Controls  are  not  influenced  by  the  tip  conical  flow  from  the  opposite  wing  panel  or  by 
the  interaction  of  the  wing-root  Mach  cone  with  the  wing  tip. 

Calculated  values  and  test  data  for  several  different  configurations  are  presented  in  Table  6.1.6.1-B 
to  illustrate  the  accuracy  of  the  method  and  summarize  available  test  data. 

For  leading-edge  control  surfaces  or  for  trailing-edge  control  surfaces  with  subsonic  leading  edges, 
reverse-flow  techniques  (see  Reference  7)  can  be  used. 

DATCOM  METHOD 

The'  method  consists  of  determining  the  pressure-area-moment  for  an  infinitely  thin  flat-plate 
control  by  assuming  two-dimensional  loading  and  then  subtracting  the  losses  in  loading  resulting 
from  the  interference  of  the  wing-root  and  wing-tip  conical  Hows. 

Combinations  of  wing-root  and  wing-tip  conical-flow  cases  for  a typical  wing-planform-control 
configuration  are  illustrated  by  the  relative  positions  of  the  Mach  lines  in  Sketch  (a). 
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CASES 


CASES 


ROOT  MACH  CONE 


TIP  MACH  CONE 


SKETCH  (a) 


For  a given  Mach  number  and  wing-control  combination  (which  determines  the  wing-root  and 
wing-tip  conical-flow  case),  the  conical-flow  losses  are  obtained  by  dividing  the  conical  regions  into 
a series  of  triangular  segments,  each  having  its  origin  at  the  apex  of  the  Mach  cone,  and  summing  the 
loss  in  pressure-area-moment  P'SLx  for  those  segments.  The  procedure  to  be  followed  in  summing 
P'SLx  for  the  triangular  segments  is  illustrated  for  the  most  general  wing-root  and  wing-tip 
conical-flow  case  (Case  1)  in  Figure  6.1.6.1-21.  Table  6.1.6.1-C  is  a general  computing  form  for 
summing  a pressure-area-moment  parameter  representing  a loss  in  loading  from  the  two-dimensional 
loading  of  he  triangular  segments  of  the  conical-flow  region  defined  by  Case  1 . 

Figure  6.1.6.1-21  and  Table  6.1.6.1-C  can  be  adapted  to  compute  the  pressure-area-moment 
parameter  for  wing-root  and  wing-tip  conical-flow  Cases  2 through  5 by  determining  the  proper 
regions  that  will  be  affected  by  the  Mach  cones.  For  wing-root  and  wing-tip  conical-flow  Case  6, 
there  is  no  loss  in  loading  from  the  two-dimensional  loading  value. 

The  hinge-moment  derivative  Ch  at  supersonic  speeds  for  a symmetric,  straight-sided  control, 

a 

based  on  the  product  of  the  control-surface  area  and  the  control-surface  chord  Sccc  (area  and  chord 
aft  of  hinge  line),  is  given  by 


where 


6.1.6.1-c 


is  a thickness  correction  factor  to  the  supersonic  flat-plate  derivative. 


2 

1 "V  M2  — 1 


per  radian 
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per  radian 


_ (7+  1)  M4  -4(M2  - 1) 

2 2 (M2  - l)2 

$TE  is  the  trailing-edge  angle  in  radians,  measured  normal  to  the  control  hinge  line. 

7 is  the  ratio  of  specific  heats,  y = 1.4. 

For  a symmetrical  biconvex  airfoil  the  thickness  correction  factor  in  Equation  6. 1 .6. 1 -c  is 


2 CJ 

/ \ i 

/ V 

1 

( Xh) 

3 Cj  (1  + k)  cos  (Ale  - Ahl)  • 

2 

l+2U 

-k 

'■w 

L J 

where 


is  the  maximum  airfoil-thickness  ratio,  measured  in  a plane  normal  to  the  control 
hinge  axis. 

is  the  chordwise  location  of  the  control  hinge  axis,  measured  in  a plane  normal  to 
the  control  hinge  axis. 

k - tan  (ALE  - Ahe)  tan  (Aee  -A^) 

Thickness  correction  factors  for  other  airfoil  sections  can  be  determined  fromReference  6. 

Ch  \ is  the  supersonic  flat-plate  hinge-moment  derivative, 

t/c  = o 


The  procedure  for 


calculating 


(c0 


t/c  = 0 


is  outlined  in  the  following  steps: 


Step  1 . Construct  the  wing-root  and  wing-tip  Mach  lines  on  a layout  of  the  wing-control  con- 
figuration, and  determine  the  wing-root  and  wing-tip  conical-flow  case  by  referring 
to  Sketch  (a). 


If  the  wing-root  and  wing-tip  conical-flow  case  isCase  6,  there  is  no  loss  of  loading 
from  the  two-dimensional  value.  For  this  case  calculate  & and  g as  presented  in 
Step  2,  then 


(cv), 


-2 


(per  degree) 


t/c  = o 57.3  0 \TT-  g2 
Step  2.  Compute  the  following  geometric  and  Mach-number  parameters  (see  Sketch  ( b)) : 


6.1.6.1-d 


P = V M2  - 1 
tan  A. 


g = 


LE 


P 
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K~  p (yc)2 

- 1 
0(1  -d) 

k = 

7 /l(l -a) 


SKETCH  (b) 

K - 

10  p (1  +-d) 


V 

V 

Step  3. 


/5(yi)2 


K..  = 

11  0(1 +a) 


Determine  the  regions  (triangular  segments  numbered  Cp  through  ( 8 ) on  Figure  6. 1 .< 
that  are  affected  by  the  wing-root  and  wing-tip  conical-flow  case  determined  in  Step  1 


The  regions  affected  for  each  case  are: 


Conical-Flow  Case 
(Sketch  (a)  ) 

Wing-Root  and  Wing-Tip  Conical 
Flow  Regions  Affected 

1 

1,2,  3,  4,  5,6,  7,8 

2 

1,3,4,  5,7,8 

3 

3,  5,  7,  8 

4 

1,3,  4,7 

5 

3,7 

6 

None  j 

.1-21) 
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<5? 


Step  4.  Calculate  the  pressure-area-moment  parameter  representing  a loss  in  loading  from  the  two- 

dimensional  loading  value  for  each  of  the  wing-root  and  wing-tip  conical-flow  regions  affected 
by  using  the  computing  procedure  presented  in  Table  6.1.6. 1-C. 


Step  5.  Sum  the  values  of  the  pressure-area-moment  parameter  calculated  inStep  4 for  the  affected 
regions  and  obtain  (Ch  \ by 

It/C  = 0 


(S 

(h<,),/c.o  57.3  0 y 1 -g2 


1 - 


where 


2M. 


3 \/l  + /32  a2  = bf 


2P'  (3x^1+  ff2  a2)  2Sl 
2Ma  1 3\/T+i2  a2 


(c03'K): 


(per  deg)  6.1.6.1-e 


\ • c,t 


for  tc  pered  controls,  and 

2Ma  [3  / 1 + j32  a2  = 3 bf  ^cf  ^ 


6.1.6.1-f 


6.1.6.1-g 


for  untapered  controls. 


SYMBOLS  AND  DEFINITIONS  USED  IN  COMPUTATION  OF  (C  ) 

\ ha/t/c  = o 

n,r  nondimensional  coordinates  used  in  integration  of  wing-root  and  wing-tip  conical  pressures 

Equations  are  given  in  column  (pofTable  6. 1.6. 1-C  for  calculating  n and  r'.  Values  of  n 

are  required  to  enter  the  design  charts  for  P'  and  t for  conical-flowRegions  3,  4,  5 and  6 
Values  of  r are  required  to  enter  the  design  charts  foPr  P'  and  t for  conical-flowRegions 
1,2,7,  and  8.  c p- 

P'  the  loss  of  loading  of  the  average  value  of  the  local  pressure  ratio  (C  /C  ) over  the  conical- 

P P o 

flow  region.  This  parameter  is  obtained  from  Figure  6. 1 .6. 1-22  for  conical-flow  regions  inter- 
secting the  wing-root  Mach  cone  and  from  Figure  6.1.6.1-34  for  conical-flow  regions  inter- 
secting the  wing-tip  Mach  cone. 

Cp  is  the  pressure  coefficient  (Ap/q)  for  a three-dimensional  wing. 

C is  the  two-dimensional  pressure  coefficient. 

Vp.  nondimensional  parameter  used  in  calculating  the  moment-arm  parameter  3x  v/ 1 +(32  a2. 

*c.p.  *s  obtained  from  Figure  6.1.6.1-22  for  conical-flow  regions  intersecting  the  wing-root 
Mach  cone  and  from  Figure  6. 1 .6.1  -34  for  conical-flow  regions  intersecting  the  wing-tip 
Mach  cone. 
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distance  of  the  center  of  loading  of  a conicai-flow  i-e.  n from  the  control  hinge  axis 
measured  normal  to  the  hinge  axis  (see  Sketch  (c) ).  Equations  are  given  in  Column  (4 ) of 

Table  6. 1.6. 1-C  for  calculating  the  moment-arm  parameter  3x\/l  +/32  a2  for  the  appropriate 
conical-flow  region;  hence,  explicit  values  of  x are  not  required. 


rc  p angle  of  a ray  in  the  conical-flow  field  which  passes  through  the  center  of 
pressure. 

r angle  denoting  an  arbitrary  position  of  the  ray  in  the  conical-flow  field. 

SL  area  of  a loaded  region.  Equations  are  given  inColumn  (5)  ofTable  6. 1.6. 1-C  for  determining 
2Sl. 

Ma  area  moment  of  a control  surface  about  its  hinge  axis. 

(%f  br 

^ C0S  Am,  f + \ + 1 ) 
where  Xf  is  the  control-surface  taper  ratio. 


■q  angle  of  sweep  of  the  line  intersecting  conical-flow  regions  of  the  wing  at  angle  of  attack.  In 
reading  values  of  P'  and  tc  p from  Figures  6. 1 .6. 1 -22a  through  6. 1 .6. 1 -22j,  and  from 
Figures  6. 1 .6. 1 -34a  through  6. 1 .6. 1 -34d,  r j = AHL  for  conical-flow  Regions  5 and  6,  and 

t?  = for  conical-flowRegions  3 and  4. 


The  sample  problem  below  illustrates  use  of  the  method  for  obtaining 


t/c  - 0 


6.1.6.1-10 


Sample  Problem 


Given:  A wing-control  configuration  with  the  following  characteristics: 


A = 

6.19  A 

= 0.55  b/2  = 

6.0  ft 

It 

a 

< 

0 

41.9 

'Ve 

o 

= 27.57 

Ahl  = 30.85° 

ct  = 

2.75  ft 

cr=  5.0  ft 

2.20  ft 

xr  = 4.0  ft 

C', 

= 0.606  ft 

cf  = 0.850  ft 

r 

bf  = 

3.25  ft 

y i = 2.0  ft 

yG 

= 5.25  ft 

Additional  Characteristics: 


M = 1.80;  0 1.4967 

Compute: 


Step  1.  Determine  the  wing-root  anc  wing-tip  conical-flow  case. 


g 


tan  Ale 

P 


0.8972 

1.4967 


0.5995 


tan  Ahl 


0.5973 

1.4967 


0.3991 


d = 


tan  Ate 


0.5221 

1.4967 


0.3488 


P 


Kj  = 0yo  = (1.4967)  (5.25)  = 7.8577  ft 

K2  = 0y.  = (1.4967)  (2.0)  = 2.9934  ft 

K3  = 0^  - y,j  = (1.4967)  (6.0  - 2.0)  = 5.9868  ft 

K4  = y0)  = (1.4967)  (6.0  - 5.25)  = 1.1225  ft 

Ks  = ^(y0)2  = 0-4967)  (5.25)2  = 41.2528  sq  ft 

0(7  ”d)“  (1.4967)  (1  -0.3488)  ~ 1,026° 

K,  = —i— = ■ = 1.1119 


K„  - 


0(1  -d) 

1 

(1.4967)  (1 -0.3488)  * 

(1.4967)  (1  -0.3991) 

0(1  - a) 

0(y,f  ■ 

( 1.4967)  (2.0)2  = 5.9868 

'(i* 

) = (1.4967)  (6.0- 2.0)2 

l 

1 

0(1  +d) 

(1.4967)  (1  +0.3488) 

1 

1 

0(1  + a) 

“ (1.4967)  (1  +0.3991) 

= 0.4954 

= 0.4775 


i L V 2 

K12  = 0<-  - yj  = (1.4967)  (6.0-  5. 25)2  = 0.8419  sq  ft 


Step  3.  Determine  the  wing-root  and  wing-tip  conical-flow  regions  affected. 

From  the  chart  of  Step  3 of  the  Datcom  method  the  affected  wing-root  and  wing-tip  conical-flow 
regions  are:  3,5,  7,  and  8. 


Step  4.  Using  the  computing  form,  presented  as  Table  6.1.6.1-C,  calculate  the  pressure-area-moment 
parameter  representing  a loss  in  loading  from  the  two-dimensional  loading  value  of  the 
affected  conical-flow  Regions. 
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© 

© 

Q 

© 

Q 

© 

Conical- 

Flow 

Region 

norr'  _ 
SeeColumn(l  ) 
Table  6.1. 6. 1-c” 

p' 

SeeTable 

6.1.6.1-C 

*c.p. 

SeeTable 

6.1.6.1-C 

3x  \f\  + /?2a2 
SeeColumn^^ 
Table  6.1.6.VC 

Seecolumn^) 
Table  6.1.6.1-C 

p'(3x  -y/l  t-/32a2)2S. 

'©©,© 

(curt) 

U1 

z 

o 

3 

0.6101 

0.258 

0.736 

-2.4978 

15.649 

-10.085 

o 

X 

o 

5 

0.5503 

0.245 

- 

4.00 

9.7901 

9.5943 

< 

s 

t 

7 

1.0191 

0.300 

0.645 

5.1073 

6.1011 

9.3480 

o 

o 

cc 

8 

0.7354 

0.277 

0.695 

-5.7755 

4.4027 

- 7.0435 

OJ 

z 

3 

0.4495 

0.280 

0.662 

-0.9512 

1.6840 

0.4485 

0 
u 

1 

o 

< 

5 

5 

0.2862 

0.224 

- 

2.20 

0.6614 

0.3259 

7 

1.1011 

0.314 

0.609 

2.0177 

0,9270 

0.5873 

£ 

h- 

8 

0.5608 

0.236 

0.751 

-2.7147 

0.4721 

- 0.3025 

2 p'  ^3x  >/l  + /52a2  ^2Sl  = £ (6)= 


1.9760 


Solution: 


2M 


3 yr 


+ ^a 


2 


= b. 


(\)3 *  ■ W: 


cfr  - crt 


(Equation  6.1.6.1-f) 


(c". 


..  ..  (0.850)’  - <0.606)’  . ..  , 

- 3.25  — = 5.22  cu  ft 

(0.850)  - (0.606) 

_2  I SP'  (3x  7l  + 02  a2)  2St 


a't/c  = 0 57.3  0 yi  -gZ 


1 - 


2M, 


-2 


[3  V^5] 

1.9760 


(Equation  6.1,6.1-e) 


(57.3)  ( 1 .4967)  ( ^(0.5995)^ 
= -0.0181  per  deg 


1 - 


5.22 
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TABLE  6.1.6.1-A 

SUBSONIC  HINGE-MOMENT  DERIVATIVE  DUE  TO  ANGLE  OF  ATTACK 
DATA  SUMMARY  AND  SUBSTANTIATION 
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TABLE  6.1.6.1-A  (CONTD) 
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TABLE  6.1.6.1-B 

SUPERSONIC  HINGE-MOMENT  DERIVATIVE  DUE  TO  ANGLE  OF  ATTACK 
DATA  SUMMARY  AND  SUBSTANTIATION 
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TABLE  G.1.6.1— C 

COMPUTING  FORM  FOR  SUMMING  PRESSURE-AREA-MOMENT  PARAMETER  OF  TRIANGULAR 
SEGMENTS  OF  WING  ROOT  AND  WING-TIP  CONICAL-FLOW  REGIONS 
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Arrows  show  procedure  for  summing  pressure -area-moment  parameter.  (Encircled  numbers 
correspond  to  regions  as  designated  in  computing  form  for  pressure-area-moment  parameter.) 
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FIGURE  6.1.6. 1-21  DEFINITION  OF  CONICAL-FLOW  REGIONS 
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SUPERSONIC  SFFEDS 


FIGURE  6.1.6.1-22  LOADING  DISTRIBUTIONS  IN  THE  CONICAL-FLOW  REGIONS 
INTERSECTING  THE  WING-ROOT  MACH  CONE 
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FIGURE  6. 1 .6. 1-34  LOADING  DISTRIBUTION  IN  THE  CONICAL-FLOW  REGIONS 
INTERSECTING  THE  WING-TIP  MACH  CONE 
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6.1. 6.2  HINGE-MOMENT  DERIVATIVE  C OF  HIGH-LIFT  AND  CONTROL  DEVICES 

h 6 

A.  SUBSONIC 

The  hinge-moment  derivative  due  to  control  deflection  can  be  approximated  from  the  method  of 
Reference  1.  The  method  is  based  on  lifting-line  theory,  with  additional  lifting-surface  corrections 
to  account  for  sweep. 

The  method  is  based  on  equations  in  terms  of  section  parameters;  therefore,  the  accuracy  of  the 
method  is  dependent  upon  the  accuracy  with  which  the  section  characteristics  can  be  estimated. 
Test  data  on  the  particular  airfoil-flap  combination  under  consideration  or  one  closely  resembling  it 
should  always  be  preferred  to  characteristics  obtained  from  generalized  methods.  Calculated  values 
and  test  data  for  several  different  configurations  are  presented  in  Table  6. 1.6.2-A  to  illustrate  the 
accuracy  of  the  method  and  summarize  available  test  data. 

The  method  is  directly  applicable  to  control  surfaces  having  constant  chord  ratios  and  constant 
airfoil  contours  across  the  span.  For  configurations  with  variable  chord  ratios  or  variable  airfoil 
contours  across  the  span,  it  is  suggested  that  average  values  of  the  section  characteristics  be  used. 
Furthermore,  the  accuracy  of  the  method  in  predicting  the  effects  of  finite-wing  parameters 
decreases  as  the  wing  aspect  ratio  decreases.  Application  of  the  method  to  wings  with  aspect  ratios 
of  three  or  less  should  be  avoided. 


Experimental  data  have  shown  that  for  sweptback  wings  the  shape  of  the  ends  of  the  control 

surface  can  have  a critical  effect  on  the  hinge-moment  parameters.  The  Datcom  method  is 

applicable  to  controls  with  the  control-surface  ends  cut  parallel  to  the  plane  of  symmetry.  For 

configurations  with  wing  cutouts,  or  with  control  surfaces  that  do  not  have  ends  parallel  to  the 

plane  of  symmetry,  it  is  suggested  that  empirical  procedures  be  used  to  estimate  Ch  • 

6 

The  effect  of  subcritical  Mach-number  corrections  on  hinge  moments  appears  to  be  small  for 
control  surfaces  having  trailing-edge  angles  less  than  approximately  12°.  Therefore,  the  Datcom 
method,  which  neglects  subcritical  Mach-number  effects,  may  be  applied  over  a large  portion  of  the 
subcritical  Mach-number  range. 


DATCOM  METHOD 

The  hinge-moment  derivative  due  to  the  deflection  of  a sealed,  plain  trailing-edge  control  at 
subsonic  speeds,  based  on  the  product  of  the  control-surface  area  and  the  control-surface  chord  Sccc 
(area  and  chord  aft  of  the  hinge  line),  is  approximated  by 


C.  = cosA  , . cosA., , 
n 6 c / 4 H L 


N 


+ 


balance 


(c  V 

\ «/ 


2 cos  A 


c/4 


. , A + 2 cos  A , . 

balance  c/4 


+ACh  6. 1.6. 2 -a 


where 


/ ch  \ is  the  section  hinge-moment  derivative  due  to  angle  of  attack.  Test  data  on  the 

\ “/  balance  particular  flapped  airfoil  are  preferred,  but  the  derivative  can  be  approximated 

by  the  method  of  Paragraph  A of  Section  6. 1.3.1 . (This  term  could  be  c'  or 

1 <x 

c|;  from  Section  6. 1 .3. 1 .) 

at 


/ch  ^ is  the  section  hinge-moment  derivative  due  to  control  deflection.  Test  data  on 

\ 6/  balance  the  particular  flapped  airfoil  are  preferred,  but  the  derivative  can  be 

approximated  by  the  method  of  Paragraph  A of  Section  6. 1.3. 2.  (This  term 

could  be  c[,  ore,”  from  Section  6. 1 .3.2.) 

6 6 

a6  is  the  two-dimensional  lift-effectiveness  parameter  expressed  as 


«« 


(Equation  6.1.1.1-b) 


where 

cy  is  the  lift  effectiveness  of  the  sealed,  plain  trailing-edge  control  obtained 
by  using  the  method  of  Section  6. 1 . 1 . 1 . 


Cg  is  the  airfoil  section  lift-curve  slope  (including  the  effects  of 
“ compressibility)  from  Section  4. 1.1.2. 

When  experimental  values  of  the  section  lift  increment  Ace  are  available, 
the  lift  effectiveness  parameter  should  be  calculated  using 


ACh  is  an  approximate  lifting-surface  correction  which  accounts  for  induced-camber 

4 ACh 

11 6 

effects.  It  is  obtained  by  multiplying  the  quantity  r : - ■ 

% B2  Ks  cos  Ac/4  cosAhl. 

from  Figure  6. 1 .6.2-1 5a,  by  its  denominator.  The  primed  values  of  the  control- 
surface  and  wing  chord  ratios,  used  in  reading  Figure  6. 1.6. 2-1  5a,  refer  to 
measurements  normal  to  the  wing  quarter-chord  line. 

The  terms  in  the  denominator  are  defined  below,  except  for  ev  ( which  is 
defined  above.  6 


6.1. 6.2-2 


B2  accounts  for  the  effect  of  the  control  surface  and  balance  chord 
ratios.  This  parameter  is  obtained  from  Figure  6. 1.6. 1-1 9c, where  the 
primed  values  of  the  control-surface  and  balance-chord  ratios  refer  to 
measurements  normal  to  the  quarter-chord  line. 

Kfi  accounts  tor  the  effect  of  control-surface  span.  This  parameter  is 
defined  by 


K«  = 


% - ^ 


6. 1 .6.2-b 


where 


r]i  is  the  inboard  span  station  of  the  control, 


inboard  span  ordinate 
bp. 


(Kg)^.  is  obtained  from  Figure  6. 1 .6.2-1 5b  as  a function  of 
1 the  inboard  spanwise  location  (i? j)  of  the  control 
panel. 

r\Q  is  the  outboard  span  station  of  the  control, 

outboard  span  ordinate 


(Kfi ) is  obtained  from  Figure  6. 1.6. 2-1 5b  as  a function  of 
° the  outboard  spanwise  location  (t?0)  of  the  control 
panel. 


Sample  Problem 


Given:  The  flapped  wing  configuration  of  Reference  8.  This  is  the  configuration  of  the  sample 

problem  of  Paragraph  A,  Section  6. 1.6.1 . The  characteristics  are  repeated. 


Wing  Characteristics: 

A = 3.43  X * 0.44 


' «.7° 


tan 


TE 


NACA  65-012  airfoil  (normal 
to  ,50c  of  unswept  wing) 


t/c  - 0.086  (streamwise) 


2 


= 0.0697  (streamwise) 


Flap 


tan = 0.0523  (streamwise) 

2 

Characteristics: 

Plain  trailing-edge  flap  Sealed  gap 
cf/c  = 0.167  (streamwise)  c'f/c' 


Ahl  =41° 


= 0.20  (normal  to  .25c) 


cb/cf  = 0.090  (streamwise)  c'b/c'f  = 0.1 15  (normal  to  .25c) 
t /(2cf)  = 0.090  (streamwise)  Round-nosed  control 

7).  = 0.586  i?0  - 0.99  5 = 0 


‘ Additional  Characteristics: 


Low  speed  Rg  - 2.2  x 106 

L \ = -0.005  1 6 per  deg 
'balance 

cp  = 0.1 05  per  deg 


(Sample  Problem,  Paragraph  A,  Section  6. 1.6.1 ) 


eg 

. — -2 — - 0.855 

% 

\ 'theory 


Compute: 

Lift  effectiveness  (Section  6. 1.1.1) 


theory 


3.29  per  rad 


(Figure  6.1.1 . l-39a) 


= 0.745  (Figure  6.1.1. l-39b) 

(%) 

V 0 / theory 

K'  = 1.0  (Figure  6. 1 . 1 . 1 -40) 


Acg 


K' 


(Equation  6.1.1 . 1-c) 


= (0.745)  (3.29)  (1.0)  = 2.45  per  rad 


a6 


(Equation  6. 1 . 1 . 1 -b) 


\ x8la 

(XI 


2.45  1 


(0.105)  57.3 


= -0.407 


Section  hinge-moment  derivative  ch^  (Section  6. 1 .3.2) 


N) 


theory 


= -0.810  per  rad  (Figure  6. 1 .3.2-1 2b) 


h5 


N) 


- 0.883  (Figure  6.1.3. 2-1 2a) 


theory 


ha 


h8 


K) 


theory 


\ theory 

- (0.883)  (-0.810)  = -0.7  i 5 per  rad 


(Equation  6. 1 ,3.2-a) 


Balance  ratio  = 


= 0 (Equation  6.1 ,3.1-d) 


(ch) 


balance 


= 1.0  (Figure  6.1.3.2-13) 


hS 


X =CV2  (%): 


hcory 


1 - 


N 


(X) 


theory 


<*"t. 


tan 


n-:  t 


= (-0.715)  + 2(3.29)  (1  -0.745]  (0.0523-0.086) 
= - 0.7715  per  rad  = - 0.01 35  per  deg 


(Cfc  ^balance  h <5 


N) 


balance 


(Equation  6. 1 .3.2-c) 


(Equation  6.1.3.2-b) 


= - 0.0135  per  deg 


Induced  camber  effect  AC. 


B7  = 0.885  (Figure  6.1.6. !-!9c) 


(Ka  >„  =2.0 


«a),  =4.25 


f Figure  6. 1 .6.2-1 5b 


"V  <K„  >r,c  < 1 VJ 


% - ^ 


(hquation  6.1  0.2-b) 


(2.0)  (!  0 586)  (4  25)  (I  0.09) 


0.99  0.586 


1.944 


c\  B,  k.  cos  A..,,  cos  A 


2 45 


AC., 


...  cos  A...  =— - (0.885)(  1.944)  (0.660)  (0.7547) 

n i.  7 > 

= 0.03665  per  deg 

- 0.02  18  (Figure  6.  1 .6.2-1 5a) 


t;tA  ^2  <‘OS'\.  ,4  COS  A||  I 


AC.  = ( 0.02  1 8 ) ( 0.03665 ) * 0.000799  per  deg 


Solution: 


C ” erv  A 4 cosA,, 


N 


+ a, 


b<i  Ian  vc 


2 cos  At  ,4 
(S,“)bJb,Hc  A + 2 cos  At  . 


+ AC 


( Hquatiun  6.  1 .6.2-a ) 


= (0.6600)  (0.7547) 
= 0.00563  per  deg 


( 0.0135) + ( 0.407)  ( 0.00516) 


2(0.6600) 
3.43  + 2(0.6600 )_ 


+ 0.000799 


The  test  value  (rum  Reference  8 is  0.0031  per  degree. 


B,  TRANSONIC 


tt 

» * 

■ 

« 

ti  ^ 

» 

■ 

[- 

4 

»- 


No  method  is  available  lor  the  prediction  of  the  hmge-moment  derivative  C’h  at  transonic  speeds. 

A 

Because  of  the  mixed-flow  conditions  and  interrelated  shock-wave  and  boundary-layer-separation 
effects  encountered  at  transonic  speeds,  the  prediction  of  Ch  by  theoretical  means  is  extremely 

h 

difficult.  Experimental  results  for  Ch  at  transonic  speeds  are  presented  in  References  2 through  5. 


C.  SUPERSONIC 

The  supersonic  three-dimensional  hinge  moment  due  to  control  deflection  can  be  computed  for 
trailing-edge  surfaces  by  the  method  of  Reference  6.  The  method  is  based  on  linearized  theory  and 
applies  to  tapered  and  untapered  control  surfaces  with  the  following  restrictions: 

1.  Leading  and  trailing  edges  of  the  control  surface  are  swept  ahead  of  the  Mach  lines  from 
the  deflected  controls. 

2.  Control  root  and  tip  chords  are  pa  dlel  to  the  plane  of  symmetry. 

3.  Controls  are  located  either  at  the  wing  tip  or  far  enough  inboard  so  that  the  outermost 
Mach  lines  front  the  deflected  controls  do  not  cross  the  wing  tip. 

4.  Innermost  Mach  lines  from  the  deflected  controls  do  not  cross  the  wing  root  chord. 

5.  The  wing  plan  form  has  leading  edges  swept  ahead  of  the  Mach  lines  and  lias  streamwjse 
tips. 

fa.  Controls  are  not  influenced  by  the  tip  conical  flow  from  the  opposite  wing  panel  or  by 
the  interaction  ol  the  wing-root  Mach  cone  with  the  wing  tip. 

Calculated  values  and  test  data  for  several  different  configurations  are  presented  in  Table  6. 1 .6. 2-B 
to  illustrate  the  accuracy  of  the  method  and  summarize  available  test  data. 

For  leading-edge  control  surfaces  and  for  trailing-edge  control  surfaces  with  subsonic  leading  edges, 
reverse  flow  techniques  (see  Reference  7)  can  be  used. 

DATCOM  METHOD 

The  hinge-moment  derivative  Ch  at  supersonic  speeds  for  a symmetric,  straight-sided  control. 

/> 

based  on  the  product  of  the  control-surface  area  and  the  control-surface  chord  S c (area  and 

C k 

chord  a ft  of  the  lunge  ime),  is  approximated  by 


C 


h 


6 


6.1.6.2-c 


I 4 


0.1. 6. 2-7 


where 


is  a thickness  correction  factor  to  the  supersonic  flat-plate  derivative. 


2 

C.  = " ~~nr  per  radian 

s VM2  - I 


C 


2 


(7+1)  M4  - 4(M2  - 1) 
per  radian 

2(M2  - 1)? 


0Tt  is  the  trailing-edge  angle  in  radians,  measured  normal  to  the  control  hinge  line. 


7 is  the  ratio  of  specific  heats,  y = 1.4. 

For  a symmetrical  biconvex  airfoil  the  airfoil  thickness  correction  factor  in  Equation  6. 1 .6.2-  c is 


1 


where 

/ 1 V is  the  maximum  airfoil-thickness  ratio,  measured  in  a plane  normal  to  the  control 
hinge  axis. 

(xh\'  is  the  chordwise  location  of  the  control  hinge  axis,  measured  in  a plane  normal  to 

— 1 the  control  hinge  axis. 


Thickness  correction  factors  for  other  airfoil  sections  can  be  determined  from  Reference  6. 

(iC  h is  the  supersonic  flat-plate  hinge-moment  parameter  obtained  from  Figure  6. 1,6. 2-1  1. 

For  tapered  controls  this  parameter  is  a function  of  tan  AHL/0,  tan  and  the 

control  taper  ratio  Xf.  For  untapered  controls  it  is  a function  o(  tan  AHL./0,  tan 
Atf//3,  and  the  control  aspect-ratio  parameter  j3Af 


Sample  Problem 


Given:  Wing  with  a tapered,  trailing-edge  control. 

A„l  - 31°  Ate=27.6° 

Xf=  0.713 

- 3° 

Symmetric,  flat-sided  section 

M = 1.80  ; 

0 = 1.50 

6.1. 6.2-8 


Compute; 

Cl  = 


JW~\ 


1.5 


= 1.33  per  rad 


(7+  1)  M4  - 4 (M2  1) . (2.4)  (1.8)4 -4(2.24) 

C,  = o = r = 1.62  per  rad 


2(Ma  - 1) 


2(2.24)2 


(•  -I7  *~)  - [■  (if  )»!■“• 


tan  ahl  _ 0.6009 
0 " 1.5 

tan  Atk  _ 0.5228 
8 ~ 1.5 


= 0.401 


= 0.349 


0C'  =-0.0335  per  deg  (Figure  6. 1 .6.2-1  7c) 


Solution ; 


h6 


: B (‘  ' c, 


(Equation  6.1 ,3.2-c) 


0,936 

1.5 


(-0.0335)  =-0.0209  per  deg 
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TABLE  6.1.6.2A 


SUBSONIC  HINGE-MOMENT  DERIVATIVE  DUE  TO  CONTROL  DEFLECTION 
DATA  SUMMARY  AND  SUBSTANTIATION 


Ref. 

M 

A 

A M 
c/4 

(deg) 

A 

Type  of 
Control 
Surface 

S 

Calc 

% 

Test 

AC 

nA 

Calc-Test 

9 

0.23 

€ 

5.7 

0.5 

Elevator 

-0.0118 

-0.0104 

-0.0014 

10 

0.21 

4.5 

35.3 

0.5 

Elevator 

-0.00830 

-0.0081 
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0.6 

-0.00976 
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’ 
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11 

0.25 

3 
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0.5 
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0.6 
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-0.0079 
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0.8 
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-0..01 39 
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12 

0.55 

3.04 

35.0 

1 

0 
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-0.00956 

-0.0085 
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0.8 

-0.0136 

-0.010 

-0.0036 

' 

0.9 

r 

1 

' 

-0.0190 

-0.010 

-0.0090 

13 

0.3 

4.785 

35.22 

0.513 

Aile 

on 

-0.00431 

-0.0057 

0.0014 

0.6 

-0.00586 

-0.0046 

-0.0013 

(.8 

-0.00829 

-0.0043 

-0.0040 

0.86 

-0.00962 

-0.0040 

-0.0056 

0.875 

-0.0106 

-0.0040 

-0.0066 

0.9 

1 

1 

-0.0119 

-0.0055 

—0.0064 

0.3 

4.65 

35.59 

0.450 

Elevator 

-0  00593 

-0.0063 

0.0004 

0.6 

-0.00755 

-0.0040 

-0.0036 

0.8 

-0.0103 

-0.0024 

-0.0079 

0.85 

-0.0119 

-0.0020 

-0.0099 

0.875 

«> 

-0.0130 

-0.0006 

-0.0124 

' 
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. 

1 

- 

-0.0144 

0 

-0.0144 

0.7 

4.0 

4.8 

0.5 
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-0.0164 

-0.01 10 

-0,0054 

0.8 

-0.0199 

-0.0130 

-0.0069 

0.9 

-0.0281 

-0.0185 

-0.0096 

1 

1 

0.25 

5.515 

45.0 
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Aile 
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-0.00554 

0.005 

-0.0005 

0.8 

-0.00945 

-0.006 

-0.0035 

0.9 

-0.0131 

-0.006 

-0.0071 

0.25 

-0.00552 

-0.005 

-0.0005 

0.8 

-0.00941 

-0.006 

-0.0034 

0.9 

r 

-0.0130 

-0.006 

-0.0070 

15 

0.6 

3.50 

60 

8 

0.25 

E levon 

-0.00337 

-0.0029 

-0.0005 

0.9 

-0.00626 

-0.0035 

-0.0028 

16 

0.328 

3.06 

38.7 

0.49 
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-0.00671 

-0.0031 

-0.0026 

0.328 

' 

J 

0.00363 

-0.C013 

0.0049 
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TABLE  6.1.6.2-B 

SUPERSONIC  HINGE-MOMENT  DERIVATIVE  DUE  TO  CONTROL.  DEFLECTION 
DATA  SUMMARY  AND  SUBSTANTIATION 


(deg) 

22 

1.61 

3.1 

23 

0.4 

23 

1 

1.9 

1 

4.0 

1 

42.7 

J 

0.5 

1 

T 

24 

t 

1.9 

T 

1.06 

T 

45 

T 

0.31 

25 

1.61 

3.1 

23 

0.4 

-0.0209 

-0.0122 

-0.0122 

-0.0151 

-0.0192 

-0.0196 

-0.0207 

-0.0209 

-0.0232 

-0.0255 

-0.0146 

-0.0152 

-0.0153 

-0.0169 

-0.0169 

-0.0169 

-0,0169 


-0.0210 

-0.010 

-0.014 

-0.010 

-0.021 

-0.019 

-0.020 

-0.021 

-0.0245 

-0.026 

-0.015 

-0.016 

-0.016 

-0.012 

-0.012 

-0.016 

-0.017 


27 

1.93 

3.14 

9.33 

0.59 

-0.0124 

-0.01 1 

23 

404 

1.33 

0 

1.0 

-0.00464 

-0.0056 

29 

1.59 

4.0 

42.7 

0.5 

-0.0166 

-0015 7 

1 

1.59 

1.17 

40.6 

l 

0.337 

i 

-0.0149 

-0.0031 

Average  A C^ 

. "V 

1 = 0.0020 

0.0001 

-0.0022 

0.0018 

-0.0051 

0.0018 

-0.0006 

-0.0007 

0.0001 

0.0013 

0.0005 

0.0004 

0.0008 

0.0007 

-0.0049 

-0.0049 

-0.0009 

0.0001 

-0.0014 

0.001 

-0.0009 

-0.0118 
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6.1.7  DRAG  OF  HIGH- LIFT  AND  CONTROL  DEVICES 


There  are  two  types  of  movable  control  surfaces.  Control  surfaces  or  flaps  may  exist  as  movable  portions  of  primary 
lifting  surfaces,  such  as  ailerons  on  a wing  or  elevators  attached  to  stabilizers.  A control  surface  may  also  exist  as  an 
independent  lifting  surface,  such  as  an  “all-flying”  horizontal  tail.  The  drag  due  to  deflection  of  the  latter  type  of  control 
is  treated  simply  as  the  drag  of  the  surface  at  a different  angle  of  attack.  This  section  of  the  Dotcom  is  therefore  con- 
cerned only  with  the  drag  due  to  deflection  of  flaps  or  control  surfaces  that  are  movable  parts  of  primary  lifting  surfaces. 

The  deflection  of  flaps  or  control  surfaces  causes  two  increments  of  drag.  First,  the  profile  drag  of  the  primary-surface - 
movable-surface  combination  is  changed.  Second,  if  the  two  surfaces  are  producing  a force  normal  to  the  local  flow 
direction,  the  deflection  of  the  control  surface  will  produce  a different  span-loading  distribution  and  may  therefore  change 
the  induced  drag  of  the  surfaces.  Both  profile-drag  and  induced-drag  effects  are  considered  in  the  Datcom. 

A.  SUBSONIC 

The  changes  of  both  induced  drag  and  profile  drag  due  to  control  or  (lap  deflection  are  c«  dered.  The  change  of  induced 
drag  is  caused  by  a change  in  span-loading  distribution.  The  induced  drag  is  calculated  first  without  flap  or  control 
surfaces  deflected  and  then  with  these  surfaces  deflected.  The  increment  of  drag  thus  obtained  is  the  change  of  induced 
drag  due  to  fl.ap  or  control-surface  deflection. 

The  method  of  calculating  induced  drag  used  in  this  Section  i*  limited  to  the  flap  deflections  and  angles  of  attack  for 
which  the  flow  is  attached  over  the  control  surface.  The  approximate  maximum  control  deflections  for  linear  control 
characteristics  are  given  in  figure  6.1. 3-2.  This  chatt,  based  on  test  data  for  an  NACA  0009  airfoil,  is  intended  only  to 
serve  as  a guide. 


DATCOM  METHOD 

To  calculate  the  induced  drag  for  a spanwise  symmetrically  loaded  wing,  the  span-loading  distribution  is  determined  hv 
the  method  of  Section  6.1. 5.1.  A finite  number  m of  spanwise  stations  on  the  full-span  wing  is  chosen.  Each  station 
is  indicated  by  the  integers  v and  n,  which  are  related  to  span  location  by  the  equation 


V -- 
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V7T 

m + 1 
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nw 
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The  number  of  span  stations  m must  be  an  odd  integer.  If  the  span  loading  is  a smooth  curve,  m may  be  relatively 
small,  for  exampie,  7,  9,  or  11.  If  the  span  loading  is  not  smooth,  m should  be  larger,  for  example,  13,  15,  or  17. 

For  a given  flap  deflection  8,  the  span  loading  is  given  by 


Gv 
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where  a6  is  obtained  from  Section  6. 1.1.1,  6 is  the  streamwise  control  deflection,  and  (G/5)v  is  determined  as  outlined  in 
step  1 of  Method  2 in  paragraph  A of  Section  6.1 .5.1. 


The  induced  drag  can  be  expressed,  by  the  method  of  reference  1,  as 

k | k — 1 
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"(t)  (“«)  ® (equation  6.1. 7-b) 

= Gn  for  n = v 

= Gk  forn  = k 

The  sample  problem  at  the  end  of  this  section  demonstrates  the  use  of  equation  6.1. 7-c.  Step  1 of  the  sample  problem  is 
an  evaluation  of  the  terms  of  equation  6.1. 7-c  that  are  functions  only  of  m,  and  hence  of  n and  v.  Once  calculated 

for  a given  number  of  span  locations  m,  Step  1 need  not  be  repeated.  Therefore,  when  using  m = 11  or  m = 21, 

one  may  utilize  the  results  of  Step  1 in  the  sample  problem,  and  begin  the  calculations  at  Step  2. 

Equation  6.1. 7-c  gives  the  induced  drag  coefficient  at  a given  angle  of  attack  and  a given  flap  deflection.  The  correspond- 
ing lift  coefficient  is 
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where  the  terms  of  equation  6.1.7-n  are  defined  as  in  equa'  6.1. 7-c. 


SKETCH  (a) 


6. 1.7-2 
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Equations  6.1.7-c  and  6.1.7-n  are  evaluated  at  several  angles  of  attack,  both  with  flaps  up  and  with  flaps  down.  The 
induced  drag  coefficient  Cd,  is  then  plotted  versus  Cl  for  flaps  up  and  flaps  down,  as  shown  in  sketch  (a).  The 
increment  of  CD,  between  these  curves,  at  constant  Cl  > is  the  induced  drag  due  to  flap  deflection  at  a given  lift 
coefficient. 


The  increment  of  profile  drag  due  to  control  or  flap  deflection  can  be  expressed  as  a change  of  the  minimum  drag  co- 
efficient for  the  polar  of  the  primary  surface  with  undeflected  control  or  flap.  The  minimum  drag  coefficient  is  then 


where 


(ColnOn  (^Dmln  ) Maps  lip 


ACDmlll  = Acd,  Kb  + K' (-^ 
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ACd,  is  the  airfoil  section  drag  coefficient  with  deflected  flap  given  in  figures  6.1.7-22  and  6.1.7-23  as  a func- 


C f 

tion  of  deflection  and  of  — for  plain  and  for  single-slotted  flaps, 
c 


Kb  is  given  in  figure  6.1.4.1-15  as  a function  of  taper  ratio  and  flap  span  ratio. 

K'  is  the  flap  span  factor  given  in  figures  6. 1.7-24 (a),  (b),  and  (c),  taken  from  reference  2. 

aCL(  is  determined  by  the  mechanical  flap  method  of  Section  6. 1 .4. 1 

The  shift  of  the  polar  without  flap  or  control  deflection  can  now  be  drawn  (figure  6.1.7-27).  The  increment  of  induced 
drag  due  to  flap  or  control  deflection  is  added  to  the  basic  polar.  The  resulting  curve  is  then  translated  parallel  to  the 
Cc-axis  until  the  minimum  CD  agrees  with  the  value  given  by  equation  6.1. 7-o. 

Sample  Problem 

Given;  The  fiapped-wing  configuration  with  the  following  characteristics. 

Wing  Characteristics: 


A = 6.35  X = 0.50  AcM  = 40°  Sw  = -567  sq  ft 
cr  = 12.6  ft  c =.  9.8  ft  bw/2  = 30,0  ft 

Kb 

NACA  63j 01 2 airfoil  (streamwise)  tan  — — = 0.073 

Flap  Characteristics: 

Plain  trailing-edge  flap  Sealed  gap 

T?j  - 0.195  rj0  = 0.556  6 = 11.3°  (streamwise) 

c}/c  = 0.20  (streamwise) 
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Additional  characteristics: 


Low  speed;  p = 1 


•°  foml„) 


5-o 


= 0.0203 


a = 10° 


Rj  = 9.0  x 106 


Compute: 
Step  1. 


Parameters  that  are  functions  of  m are  evaluated.  These  parameters  remain  constant  for 
any  particular  value  of  m.  Tables  are  presented  in  this  section  for  m = 11  and  21 , (tables 
6.1.7-A  through  6.1.7-F).  In  case  it  is  desired  to  use  some  other  value  of  m , the  procedure 
for  calculating  these  parameters  is  outlined  below.  Equations  6.1 .7-a  tnrough  6. 1 .7-m  are 
used. 

Let  m = 11 
m + 1 = 12 


v = 1 to  k ( 1 to  6) 
n = 1 to  k (1  to  6) 


<£v  sin  <£v 


COS  <f>v 


(cos  <f>n  — cos  </>v)  1 


Equation  6.1. 7-1 


Equations  6.1. 7-e  and  6.1. 7-f,  with 
(m  + 1 — n)  substituted  for  n 


Equations  6.1. 7-i  and  6.1.7-j 


Step  2.  Spanwise  loading  coefficient  Gy. 

The  following  spanwise  loading  coefficients  must  be  obtained: 

1 . Basic  loading  without  flaps 

2.  Incremental  loading  due  to  flap  deflection 

3.  Basic  loading  with  flaps 
1 . Basic  loading  without  flaps: 

The  variation  of  G/6  with  t?v  is  determined  as  outlined  in  step  1 of  Method  2 
in  paragraph  A of  Section  6. 1.5.1. 

c^  = 0.1 16  per  deg  = 6.65  per  rad  (table  4.1.1  -B) 


K = 


2 ir 


6,65 
2 n 


1.06 


0A  _ (1-0)  (6.35)  _ ( 
k 1.06  X 


/tan  A 


Ao  = tan' 


c/4  \ 


& 


= tan'1 


'tan  40°  ■ 

1.0  , 


- 40° 


The  variation  of  G/6  with  r?y  is  then  the  spanwise  loading  from  figure  6. 1.5.1  -62c 
with  T)0  = 1.0  (wing  treated  as  a full-span  flap).  The  desired  loading  coefficient 
Gv  is  calculated  as  follows: 


G 


V 


(equation  6.1 ,7-b) 


og  “ -1.0  (wing  treated  as  a full  wing-chord  flap) 
6 = a (radians)  = 0.175  rad 


Then 


The  calculation  is  shown  below. 
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An vJfca 


Gy 

A 

rad 

per  rad 

.32 

.175 

.0560 

.33 

.175 

.0578 

.34 

.175 

.0595 

.34 

.175 

.0595 

.34 

.175 

.0595 

.33 

.175 

.0578 

.32 

.175 

.0560 

.30 

.175 

.0525 

.26 

.175 

.0455 

.21 

.175 

.0568 

0 

.175 

0 

2.  Incremental  loading  due  to  flap  deflection: 

The  variation  of  G/6  with  r?y  may  be  read  directly  from  figure  6.1.5.1-62c  at 
rji  = 0.195  and  tjq  = 0.556.  Then,  the  difference  in  the  spanwise  loading  of 

those  tabluations  at  each  span  station  is  the  spanwise  loading  of  the  actual  full- 
chord  flap.  (See  sketch  (b).  Section  6.1. 5.1.) 

Flap  effectiveness  a g 


•=  0.899  (figure  4. 1.1. 2 -8a) 


N, 

N, 


= 0.836  (figure  6. 1.1.1 -39b) 


= 3.68  per  rad  (figure  6. 1.1.1 -39a) 


\ I theory 

K'  = 0.999  (figure  6.1.1.1-40) 
ac<  = s (c 


(ci\  K'  (equation  6.1.1 .1  -c) 

\ lo  / theory 


(0.836)  (3.68)  (0.999)  = 0.606 
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(equation  6.1 .1.1  -b) 
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0.606 

(0.1 16)  (11.3) 


= -0462 


l« 


(equation  6.1.7-b) 


r)  (-0.462)  (1 1.3/57,3)  = 0.0911 

0 /v 


I 


1? 

(?)„.= °-s56 
(fig.  6.1.S.l-62c) 

(!)„," 0195 
(fig.  6.1.5. 1 -62c) 

(t 

( h?D  - ( >7, 

Gv 

0 

0.30 

0.22 

0.08 

0.0073 

.1 

0.31 

0.21 

0.10 

0.0091 

.2 

0.32 

0.15 

0.17 

0.0155 

.3 

0.32 

0.10 

0.22 

0.0200 

.4 

0.30 

0.07 

0.23 

0.0210 

.5 

0.23 

0.05 

0.18 

0.0164 

.6 

0.17 

0.04 

0.13 

0.0118 

.7 

0.11 

0.03 

0.08 

0.0073 

.8 

0.07 

0.02 

0.05 

0.0046 

msm 

0.65 

0.02 

0.03 

0.0027 

Hi 

0 

0 

0 

0 

3.  Basic  loading  with  flaps: 


The  incremental  loading  due  to  flap  deflection  is  added  to  the  basic  loading  without 
flaps  to  obtain  the  basic  loading  with  flaps, 


V 

cv 

basic  loading 
without  flaps 

Gv 

incremental  h iding 
due  to  flaps 

Gv 

basic  loading 
with  flaps 

0 

0.0560 

0.0073 

0.0633 

.1 

0.0578 

0.0091 

0.0669 

.2 

0.0595 

0.0155 

0.0750 

.3 

0.0595 

- re  ■ 

.4 

0.0595 

.5 

0.0578 

0.0164 

0.0742 

.6 

0.0S60 

0.0118 

0.0678 

.7 

0.0525 

0.0073 

0.0598 

.8 

0.0455 

0.0046 

0.0501 

.9 

0.0368 

0.0027 

0.0395 

1.0 

0 

0 

0 

The  above  loadings  are  plotted  in  sketch  (b),  in  order  that  values  of  G may  be  read  for 
any  desired  tjv. 


v 


SKETCH  (b) 

Step  3 C due  to  flaps 

ui 

Let  CD  * ~~~7  [N,  + N_]  (equation  6.1. 7-c) 
ui  m + 1 ' * 


where 


N,  ‘ Gkjt,kkGk  j (l  - 6V„)  BknG„]J 

n = 1 

k - 1 k 

= 2Yj  (g»  j b-> g»  - Z)  [('  8-c"|J an*.) 


. 1 _ . - , _ ^ »rA  rr  (6.35)  , , 

m+1  = 12  k = 6 = — ~ — = 1.662 

m + 1 12 

C0  must  be  calculated  for  the  following  loadings: 


Case  1 , Basic  loading  without  flaps 
Case  2,  Basic  loading  with  flaps 


6.1.7-10 


Case  1 . (Calculations  for  basic  loading  without  flaps) 


Tabulate  Gv  for  v * 1 to  k 


V 

n 

(table  6.1.7-A) 

Gt 

[from  sketch  (b)] 

l 

.9659 

.0205 

2 

.8660 

.0400 

3 

.7071 

.0520 

4 

.5000 

.0578 

5 

.2583 

.0595 

« 

0 

.0560 

Calculate  N, 

for  v ■ k - 6,  n ■ k ■ 6 


® 

® 

Gn 

table  6,1.7-B 

bw,Gk 

=G>® 

.0560 

3.000 

.1680 

for  v * k * 6 


Q 

<*> 

© 

® 

a 

(1  ~ «,.)  B». 
table  6.1. 7-C 

0>® 

i 

.04622 

.0205 

.0009 

2 

0 

.0400 

0 

3 

.2356 

.0520 

.0123 

4 

0 

.0578 

0 

5 

2.404 

.0595 

.1430 

6 

0 

.0560 

0 

k 

J ® * 0.1562 


a = l 

N,  « 0.560  {0.1680-0.1562}  - 0.000661 
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Solution  for  Case  1 


cn  = ; (N.  + N, ) = 1.662  [0.000661 +0.01 286J 

ui  m + 1 1 1 

- 0.0225  (basic  loading  without  flaps) 

Case  2.  (Calculations  for  basic  loading  with  flaps  at  a * 10°) 

Tabulate  Gv  for  v * 1 to  k 


V 

n 

Gv 

sketch  (b) 

1 

.9659 

.0220 

2 

.8660 

.0432 

3 

.7071 

.0590 

4 

.5000 

.0747 

5 

.2588 

.0784 

6 

0 

.0635 

Calculate  N, 


for  v = k * 6,  n = k = 6 


■BHI 

b|tk 

table  6.1.7-B 

®G> 

.0635 

3. CD 

.1905 

for  v = k = 6 


WHuluil 

0) 

(3) 

® _ 

n 

table  6,1.7-C 

c„ 

0-5kn>Bk„G„ 

<D  <D 

.04622 

.0220 

.00102 

0 

.0432 

0 

.2356 

.0590 

.01390 

: . . 

0 

.0747 

0 

Hr 

2.404 

.0784 

.1885 

0 

.0635 

0 

k 

0=  0.2034 

n = 1 


N,  * 0.0635  {0.1905  -0.2034}  = -0.000819 
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It 


Calculate  N2 


Step  4. 


Determine  the  lift  coefficient  CL  for  Cases  1 and  2. 
Case  1.  (Basic  Loading  without  flaps) 

Case  2.  (Rasic  Loading  with  flaps) 

Gk  = 0.0635  for  v = k = 6 


© 

© 

<D 

@ 

n 

Gn 

sin  <j>n 

Gnsin  <pn 

table  6.1.7-A 

© © 

1 

.0220 

.2588 

.00569 

2 

.0432 

.5000 

.02160 

3 

.0590 

.7071 

.04172 

4 

.0747 

.8660 

.06469 

5 

.0784 

.9659 

.07573 

k-1 

2 ]>  @=  0.4189 

n=l 


itA 
m + 1 


Gk  + 2 


k ~ 1 

£ 


n = 1 


Gn  sin  4> 


(equation  6.1.7-n) 


= 1.662[0.0635  + 0.4189] 

= 0.8017  (basic  loading  with  flaps  deflected  1 1.3°  at  ot=  10°) 
Step  5.  Determine  the  profile  drag  increment  due  to  flaps  ACn 

umln 


Acd^  ” (figure  6.1.7-22) 


' ( T?0-  0.656) 


<17,  - 0.195) 


= 0.688 

= 0.265 


(figure  6.1.4.1-15) 


IC,  = Kh  - HL  = 0.424 

K'  = l."!  (figures  6.1. 7-24a through -24c, interpolated) 
AC.  (Section  6. 1.4.1) 


ACjj  = 0.606 

= -0.462  • (Step  2,  above) 

Cfl  = 6.65  per  rad 

ia 

(ati)c  L 

~ — ' — = 1.056  (figure  6.1.4.1-14)  (at  (at)  = 0.55  from  inset  of 

(as)  ci 

*■  figure  6. 1.4. 1-14) 


~K  + '“’2  A«  1 
C.  /A  = 0.640  per  rad  (figure  4.1.3.249) 

f /-i/ 


1/2  6.35  _ 1/2 

= - [1  + (0.7866)2]  =7.62 

1 .06 


'La  = (0.640)  (6.35)  = 4.06  per  rad 


Step  6. 


AC, 


= Act 

= (0.606) 
= 0.166 


/CL  \ 

f a \ 

^5^ 

\ cc  ) 

\ *a  / 

M 

K.  (equation  6.1.4. 1-a) 


4.06 
i6.65 , 


[1.056]  (0.424) 


AC  = Ac  K.  + K' 

Dmin  df  b It  A 


(equation  6.1.7-p) 


(0.1 66)2 

= (0.0050)  (0.424)  + (1.31)—— L 

rr(6.35) 

= 0.00212  + 0.00181 
= 0.00393 

Determine  the  minimum  drag  coefficient  with  flaps  deflected 
CD  = (Qd  \ + ACd  (equation  6. 1.7-o) 

u min  \ umin/g,0  umin 


= 0.0203  + 0.0039 


= 0.0242 

this  point,  the  lift  coefficients  and  induced-drag  coefficients  are  known  at  a=  10°  for  flaps  deflected 
1 1.3  . The  minimum  drag  coefficient  with  flaps  deflected  is  also  known.  Steps  2 through  4 must  now  be 
repeated  at  several  angles  of  attack  to  determine  the  variation  of  C with  CL , as  shown  in  sketch  (a) 
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•j 


on  page  6. 1.7-2  for  flaps  undeflected  and  flaps  deflected  1 1 .3°.  These  values  are  plotted  in  the  form  of 
figure  6. 1.7-27  to  give  a flap-deflected  drag  polar. 

B.  TRANSONIC 

At  transonic  Mach  numbers,  the  drag  increment  due  to  control  deflection  i*  extremely  difficult  to  estimate.  The  transonic 
flow  about  an  airfoil,  which  has  locally  subsonic  and  supersonic  regions,  is  very  sensitive  to  changes  in  .airfoil  section. 
The  supersonic  flow  regions  frequently  terminate  with  a nearly  normal  shock  wave,  causing  an  abrupt  increase  in  pres- 
aute at  that  point.  The  location  of  this  shock  wave  can  be  greatly  influenced  by  control  deflection,  which  results  in  changes 
to  the  pressure  distribution,  and  hence  causes  an  unpredictable  drag  increment.  The  complexity  of  the  mixed  flows 
prevents  the  use  of  either  simple  theory  or  empirical  analysis  for  general  treatment  of  the  problem. 

DATCOM  METHOD 

Because  of  the  extreme  sensitivity  of  the  mixed  flows  at  transonic  Mach  numbers,  no  Datcom  Method  is  given  to  estimate 
the  drag  increment  due  to  control  deflection. 

C.  SUPERSONIC 

At  aupersonic  speeds,  the  drag  due  to  control-surface  deflection  can  be  considered  in  two  parts  - a change  of  wave  or 
pressure  drag,  and  a change  of  akin-friction  drag. 

DATCOM  METHOD 


The  increment  of  wave  drag  of  the  primary  surface  with  control  surface  deflected  is 


“»»« ) jf 


where  (Cd„„)^  n is  determined  by  the  method  of  Section  41.5.1. 

(Qd  \ 

The  ratio  c,m  b*  estimated  by  linear  theory  and  is  approximated  by 


>■'1  4i-^1+ W lT 

-D«v.)s,o  L cJ  LcJLaJL 


>rs„  + yS, 


5«i  + Si  ~] 

S J 


6.1.7-q 


— is  the  ratio  of  mean  flap  chord  to  primary-surface  chord 

a is  the  angle  of  attack  of  the  primary  surface  with  a = o 

6 is  the  deflection  of  the  control  surface  relative  to  the  primary  surface,  positive  for  trailing  edge  down 

S„,  is  the  part  of  the  primary-surface  planform  area  forward  of  and  including  the  flap  area  that  is  not  influenced 

by  the  primary-surface  tip  [see  figure  6.1.7-28  ( b>  ] 

S|  is  the  part  of  the  primary-surface  planform  area  forward  of  and  including  the  flap  area  that  is  influenced  by 
the  primary-surface  tip  [see  figure  6.1.7-.78  (bj  ] 

The  effect  of  control  surface  or  flap  deflection  on  drag  is 

(Cd)s  = (C„)#=w  + A(Cd„„)  -I-  A(Cn,)  6.1.7-s 

Although  procedures  can  be  devised  for  estimating  the  change  of  skin-friction  drag  due  to  control  surface  or  flap  deflec- 
tion, the  estimated  changes  are  so  small  as  to  be  of  the  order  of  the  reading  accuracy  of  the  charts  of  reference  3 that 
are  used  in  the  calculations.  Therefore  the  change  of  skin-friction  drag  due  to  control  deflection  will  be  assumed  to  be  sero. 
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«n 


* 


t; 


R 


r; 


Ni 

t-r 

I 

k"‘- 


r-t 


* m 


Given  j 


Somp/s  Problem 


Configuration  of  sample  problem  1,  Method  1,  paragraph  C,  Section  4.1. 5.1. 


Ar/<  = 35 c 
Smooth  surface 

= iot 

M = 2.0 

Additional  characteristics: 

200  sq  ft 
A,  = 0.3 
full-span  flap 
a = 5° 


A = 4.0 

Stahilixed  flight 
Round-nose  airfoil 
(C-Xk,  « 0.00521 

-^  = 20  ft 

4 

c,  = 15.40  ft 
5r 


t/c  = 0.06 


(C-W.ko  = <aC«0..,  “ °'017l 


« = —8° 


= 0.20 

(Cn)s=n  = 0.0395  (at  a = 5°) 


The  pertinent  Mach  line  is  shown  below. 


M 


o 

EZ3 


S,  = 10  sq  ft 
S„  = 190  SCI  ft 
Compute : 

ACnwt  calculation: 


>-^]  = 0'8 
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TABLE  6.1,7-C 


(1  - «rn)Bvn 


V 


II 

1 

2 

3 

4 5 6 

1 

0 

2.167 

0 

.1094 

0 

.04622 

2 

4.187 

0 

1.667 

0 

.1459 

0 

a 

0 

2.358 

0 

1.414 

0 

.2356 

4 

.3660 

0 

1.733 

0 

1.365 

0 

5 

0 

.2819 

0 

1.523 

0 

2.404 

6 

.08931 

0 

.1667 

0 

1.244 

1 

0 

Note:  m = 11  for  tables  6.1. 7-A,  -B,  and  -C 


m = 21  for  tables  6.1. 7-D,  -E,  and  -F 


TABLE  6.1. 7-D 
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1 

2 

3 

4 

— 

5 

6 

7 

8 

9 

10 

11 

38.65 

7.044 

0 

.2929 

0 

,05764 

0 

.01959 

0 

.009004 

0 

13.65 

19.52 

5.163 

0 

.3083 

o 

.07300 

0 

.02787 

0 

.01391 

0 

7.611 

13.24 

4.023 

0 

.2907 

0 

.07723 

0 

.03205 

0 

1.113 

0 

5.238 

10.17 

3.362 

0 

.2721 

0 

.07851 

0 

.03473 

0 

.7167 

0 

4.072 

8.398 

2.930 

0 

.2568 

0 

.07910 

0 

.3061 

0 

.5291 

0 

3.381 

7.278 

2.634 

0 

.2466 

0 

.08008 

0 

.2180 

0 

.4234 

0 

2.932 

6.538 

2.431 

0 

.2409 

0 

.1253 

0 

.1692 

0 

.3567 

0 

2.628 

6.046 

2.316 

0 

.2397 

0 

.09493 

0 

.1393 

0 

.3131 

0 

2.443 

5.732 

2.244 

0 

.06263 

0 

.07639 

0 

.1195 

0 

.2835 

0 

2.315 

5.557 

2.222 

0 

.04937 

0 



.06423 

0 

.1060 

0 

.2635 

0 

2.244 

5.500 

TABLE  6.1.7-F 


(1  - 5vi>)  B,„ 


1 

O 

3 

4 

5 1 

6 

V 

— 

8 

9 

10 

11 

0 

7.046 

0 

.2948 

0 

.06003 

0 

.02287 

0 

.01405 

0 

13.95 

0 

5.167 

0 

.3127 

0 

.07869 

0 

.03618 

0 

.02781 

0 

7.616 

0 

0 

.2984 

0 

.08798 

0 

-04910 

0 

1.120 

0 

5,256 

0 

3.372 

0 

.2850 

0 

.09800 

0 

.06946 

0 

.7268 

0 

4.084 

0 

2.945 

0 

.2785 

.1160 

0 

.3188 

0 

.5431 

0 

3.398 

0 

2.658 

0 

.2858 

0 

.1602 

0 

.2310 

0 

.4384 

0 

2.951 

0 

2.459 

0 

.2883 

0 

.1463 

0 

.1928* 

0 

.3869 

0 

2.673 

0 

2.401 

0 

.4794 

0 

.1232 

0 

.1739 

0 

■ 

.3628 

0 

2.533 

0 

2.487 

0 

.09772 

0 

.1170 

0 

.1753 

0 

.3799 

0 

2.565 

0 

4.444 

0 

.04937 

0 

.06423 

0 

.1060 

0 

.2635 

0 

2.244 

0 
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— BASIC  POLAR  WITH  NO  CONTROL  OR  FLAP  DEFLECTION 

— - BASIC  POLAR  WITH  INDUCED-DRAG  INCREMENT  DUE  TO  FLAPS 

BASIC  POLAR  WITH  INDUCED-DRAG  INCREMENT  DUE  TO  FLAPS 

SHIFTED  TO  THE  PROPER 


// 


(Cr.*iK)  Cr*IN,  GIVEN  BY  EQUATION  6.1.7-0 


vr 


GIVEN  BY  EQUATION  6.1.7-p 


FIGURE  6.1.7  27  CONSTRUCTION  OF  FLAPS-DEFLECTED  DRAG  POLAR 
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6.2  ASYMMETRICALLY  DEFLECTED  CONTROLS  ON  WING-BODY 
AND  TAIL-BODY  CONTROL  COMBINATIONS 

6.2.1  ROLLING  MOMENT  DUE  TO  ASYMMETRIC  DEFLECTION  OF 
CONTROL  DEVICES 

6.2. 1.1  ROLLING  MOMENT  DUE  TO  CONTROL  DEFLECTION 


Methods  are  presented  in  this  section  for  estimating  tnr  jlling  moment  due  to  control  deflection  at  sub- 
sonic, transonic,  and  supersonic  speeds.  Plain  trailing-ed^:  flap-type  controls  and  spoilers  are  included.  The 
fundamental  means  by  which  each  of  these  devices  changes  the  lift  of  a wing,  and  hence  the  rolling  moment, 
is  discussed  in  Section  6. 1 . 1 . 1 . 

A discussion  of  the  aerodynamic  aspects  of  spoilers  on  three-dimensional  wings  is  given  in  reference  1 . 

This  reference  also  contains  an  extensive  bibliography  of  spoiler  tests.  The  following  discussion  summarizes 
the  conclusions  of  this  reference. 

At  subsonic  and  transonic  speeds,  spoilers  do  not,  in  general,  provide  linear  variation  c i effectiveness  with 
spoiler  projection,  particularly  at  small  deflections  (see  sketch  (a)).  This  deficiency  can  be  corrected  by  the 
use  of  a slot  or  slot-deflector  behind  the  spoiler. 


(%  chord) 

SKETCH  (a) 


For  thin  wings  at  high  angles  of  attack  plain  spoilers  are  ineffective.  This  ineffectiveness  can  be  partially 
overcome  by  the  use  of  a slot  behind  the  spoiler  and  by  the  use  of  leading-edge  devices.  Sketch  (b)  shows  the 
effect  of  a drooped  leading-edge  extension  on  the  rolling  effectiveness  of  a plain  and  of  a slotted  spoiler. 
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M = 0.85 


EFFECT  OF  DROOPED  WING  LEADING-EDGE  EXTENSION  ON  SPOILER  EFFECTIVENESS 

SKETCH  (b) 


In  order  to  achieve  maximum  effectiveness,  spoilers  should  be  located  toward  the  rear  portion  of  the  wing 
for  the  following  reasons: 

1.  The  ineffectiveness  of  spoilers  at  small  deflections  increases  with  distance  from  the  trailing  edge. 

2.  The  lag  time  at  low  speeds  becomes  excessively  long  for  forward-mounted  spoilers. 

The  optimum  spanwise  extent  and  position  of  spoilers  are  determined  primarily  by  wing  sweep.  The  higher 
the  sweep  angle,  the  farther  inboard  the  spoilers  should  be  placed.  Sketch  (c)  shows  the  spoiler  rolling 
moment  for  a spoiler  extending  from  the  wing  tip  to  any  inboard  station  y^.  The  ineffectiveness  of  tip- 
located  spoilers  on  swept  wings  is  apparent. 


SKETCH  (d) 


The  optimum  spanwise  location  of  spoilers  as  a function  of  wing  sweep  is  shown  in  sketch  (d). 


A.  SUBSONIC 


Plain  Trailing-Edge  Flaps 


A simplified  lifting-surface  theory  is  used  in  reference  2 to  obtain  the  rolling-moment  effectiveness 


for 


plain  trailing-edge  controls  at  subcritical  Mach  numbers.  The  theory  is  applicable  to  wings  for  which 
M » 2 and  Ap  < 60°,  where  = tan"1  (tan  Ac/4/0).  The  Prandtl-Glauert  compressibility  correc- 


tion is  used  to  account  for  subcritical  compressibility  effects.  In  this  section  the  theory  of  reference  2 is  used 
up  to  M = 0.6.  Since  the  theory  is  based  on  potential  flow,  the  results  are  valid  for  attached-flow  conditions 
only,  i.e.,  wing  angle  of  attack  and  surface  deflection  where  no  flow  separation  exists. 


Two-dimensional  lift-curve  slopes  for  specific  wing  sections  are  used  to  adjust  the  wing  lift  distribution.  It 
should  be  noted  that  the  design  charts  from  reference  2 give  results  for  two  full-chord  controls  anti- 
symmetrically deflected.  Then,  absolute  values  of  the  section-lift  effectiveness  I aj  I for  a specific  con- 
figuration are  used  to  adjust  the  theory  to  realistic  values.  This  results  in  positive  values  of  C > for  anti- 
symmetric control  deflections.  The  proper  sign  of  the  rolling-moment  coefficient  will  result  from  the 

expression  C * C,  

1 > 2 

Spoilers 

The  method  for  predicting  the  effectiveness  of  plug  and  flap  type  spoilers  is  taken  from  reference  3.  The 
method  is  based  on  the  simplified  lifting-surface  theory  developed  for  flap-type  controls  in  reference  2,  used 
with  section  spoiler  data  and  an  empirical  correction  for  the  effective  spanwise  location  on  swept  wings.  The 
results  are  valid  for  attached  flow  conditions  only. 

A design  chart  baaed  on  the  empirical  results  of  reference  4 is  presented  for  the  prediction  of  the  subsonic 
rolling  effectiveness  of  spoQer-slot-deflector  controls. 

DATCOM  METHODS 


Plain  Trailing-Edge  Flaps 

The  wing  trailing-edge  control  derivative  at  subcritical  Mach  numbers,  based  on  the  total  wing  area  and 
wing  span,  is  obtained  from  the  procedure  outlined  in  the  following  steps: 

Step  1.  Obtain  the  rolling-moment  effectiveness  parameter  0C V /it  of  two  full-chord  controls 

0 

(Cf/c*  1.0)  antisymmetrically  deflected,  as  a function  of  0A/k  and  Ap,  from  figure 
6.2.1.1-23. 


The  parameter  k is  the  ratio  of  the  two-dimensional  lift-curve  slope  at  the  appropriate 
Mach  number  to2*/0,i.e.,  2v/#.The  two-dimensional  lift-curve  slope  is  obtained 

from  Section  4.1. 1.2.  For  wings  with  airfoil  sections  varying  in  a reasonably  linear  manner 
with  span,  the  lift-curve  slope  of  the  section  at  the  MAC  of  the  flapped  portion  of.  the 
wing  is  adequate. 

The  parameter  Ajj  is  the  compressible  sweep  parameter,  given  as  A^  = tan"1  (tan  A c/4/0). 


****  “**•*  conmrtion  It  implied.  Potitbe  retting  moment  it  right  wing  down.  Potitlwt  control  deflection  It  trailing  edge  down. 


6.2.1. 1-3 


Figure  6.2.1.1-23  gives  directly  the  effectiveness  parameter  for  control  spans  measured 
from  the  plane  of  symmetry  outboard.  For  partial-span  controls  having  the  inboard  edge 
of  the  control  at  spanwise  station  ■qi  and  the  outboard  edge  at  ij0,  the  effectiveness 
parameter  is  obtained  as  illustrated  in  sketch  (e). 


SKETCH  (e) 

Step  2.  Determine  the  rolling  effectiveness  of  two  full-chord  controls  antisymmetrically  deflected  by 


6.2.1. 1-a 


Step  3.  Determine  the  rolling  effectiveness  of  the  partial-chord  controls  (Cj/c  ; 1.0)  of  constant- 

percent-chord  (cf/c  = constant)  antisymmetrically  deflected  by 

7S  " hlC';5  6.2.1  .l-b 

where  C'j„  is  obtained  from  equation  6.2. 1.1  -a  and  |ctg|  is  the  absolute  value  of  the  section 

lift  effectiveness.  ag  is  obtained  from  Section  6. 1 . 1 . 1 for  the  particular  control  under  con- 
sideration. For  antisymmetric  control  deflections  the  value  of  c<g  is  based  on  the  deflection 
of  one  surface. 


The  effect  of  a differential  control  deflection  is  taken  into  account  by  considering 


of  each  control  as 


one-half  the  antisymmetric  value  (equation  6.2.1. l-b)  where  jag|  is  considered  separately  for  each  control 

and  based  on  its  respective  deflection.  Then,  the  total  tolling-moment  coefficient  for  differential-control 
deflection  is  obtained  by 


C, 


6.2. 1.1-4 


For  arbitrary  spanwise  distribution  of  control  chord  (constant-chord  controls  on  tapered  wings  or  tapered 

controls  on  untapered  wings),  the  control  is  divided  into  spanwise  steps,  and  the  total  C'i  value  is  found 

1 0 

by  summing  the  C.  values  due  to  each  spanwise  step,  based  on  the  average  | | values  over  that  span- 

wise  step.  ° 

It  should  be  noted  that  in  applying  this  method  the  control  deflection  angles  and  all  dimensions  are 
measured  in  planes  parallel  and  perpendicular  to  the  plane  of  symmetry. 

The  relationship  between  stream  wise  control  deflection  5,  control  deflection  measured  normal  to  the 

control  hinge  line  5 1 , and  sweep  of  the  flap  hinge  line  Aut  is 

iHL  HL 

tan  6 = cos  AUI  tan  5i 

HL  _lhl 

The  relationship  between  a Cj  value  defined  for  a stream  wise  deflection  and  the  corresponding  value 
defined  n’ormal  to  the  hinge  line  is 


C.  = C, 


cos  A„ 


Sample  problem  1 on  page  6.2. 1.1 -7  illustrates  the  use  of  this  method. 

There  are  not  enough  experimental  data  available  to  substantiate  this  method.  However,  for  configurations 
within  the  limitations  of  the  method  it  is  expected  that  the  accuracy  of. the  calculated  results  will  be  within 
1 1 0 percent. 


Spoilers 


Plug  or  Flap-Type  Spoilers 


The  rolling-moment  coefficient  of  a plug  or  a flap-type  spoiler  deflected  on  one  wing  panel  only,  based  on 
the  total  wing  area  and  wing  span,  is  given  by 
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where 


is  the  rolling-moment  effectiveness  of  two  full-chord  controls  antisymmetrically  deflected, 
obtained  as  outlined  in  the  above  method  for  plain-trailing-edge  controls,  but  with  effective 
locations  of  the  inboard  and  outboard  ends  of  the  control  used  in  place  of  their  geometric 
locations  in  reading  figure  6. 2. 1. 1 -23. 

is  the  spoiler  lift  effectiveness  expressed  in  terms  of  the  change  in  zero-lift  angle  of  attack. 
This  parameter  is  presented  as  a function  of  effective  spoiler  height  for  four  spoiler  chord- 
wise  locations  in  figure  6.1.1.1-52,  In  using  this  figure,  xs  is  the  distance  from  the  nose  of 
the  airfoil  to  the  spoiler  lip,  and  hs  is  the  height  of  the  spoiler  measured  from  and  normal 
to  the  airfoil  mean  line  at  xs  (see  sketch  (f)). 


SKETCH  (f) 
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The  effective  locations  of  the  inboard  and  outboard  ends  of  the  spoiler,  used  in  reading  figure  6.2.1.1-23, 
are  given  by 


‘eff 


" Vi  + ^ 
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where  and  t)0  are  the  spanwise  locations  of  the  inboard  and  outboard  ends  of  the  spoiler,  respectively, 
and  Ar)i  and  Ar?c  are  effective  increments  in  the  spoiler  spanwise  locations  due  to  the  spanwise  flow  of  the 
spoiler  wake  for  partial-span  spoilers.  These  increments  in  spoiler  spanwise  locations  are  given  by 


A*i 


A*?o 


/ x'A 

\ ' Tj  cos  A sin  6 ^ 

( 1 - (1  - X)  rj. ) 


A(1  +X) 


(4) 


1 cos  (Ate  + 0) 


A(1  + X) 


tl  - (1  - X)rj  ) 


cos  A ^ sin  0 
cos  (A^  + 0)  J 
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where  6 is  an  empirically  determined  angle  obtained  from  figure  6.2.1 .1 -26a  as  a function  of  the  spoiler 
sweepback.  The  spoiler  sweepback  is  determined  from  the  expression 


tan  As  - tan  Ac/4 


4 0.75 


In  using  this  method,  if  p exceeds  1 .0,  which  would  be  the  case  for  the  spoiler  extending  almost  to  the 


Jr.  ff 


wing  tip  on  a highly  swept  wing,  the  value  of  C j at  i?  0 =1 .0  is  used. 


The  effective  spanwise  extent  of  an  arbitrarily  located  spoiler  as  used  in  this  method  is  illustrated  in  sketch 
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Sample  problem  2 on  page  6. 2. 1.1-9  illustrates  the  use  of  this  method. 

Comparisons  of  test  data  with  results  calculated  by  using  this  method  are  presented  as  table  6,2. 1 . 1 -A.  Addi- 
tional comparisons  between  test  and  calculated  values  are  given  in  reference  3. 

Only  spoilers  of  constant-percent-chord  height  (hs/c  = constant)  were  included  in  the  analysis  of  reference 
3 ; however,  it  is  implied  therein  that  the  method  should  give  acceptable  results  for  arbitrary  spanwise  distri- 
bution of  spoiler  control  chord. 


Spoiler-Slot-Deflector 

The  rolling-moment  coefficient  of  a spoiler-slot-deflector  on  one  wing  panel,  based  on  the  total  wing  area 
and  wing  span,  is  given  by 


(C, ) 


spoiler-Jlot-deflector 


= K(Cj) 


plain  spoiler 
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where 

is  the  rolling-moment  coefficient  of  a plain  flap-type  spoiler  deflected  on  one  wing 
panel,  based  on  the  total  wing  area  and  wing  span,  determined  by  using  equation 
6.2.1.1-c. 

is  the  ratio  of  the  rolling-moment  coefficient  of  a spoiler-slot-deflector  to  that  of  a 
plain  spoiler,  obtained  from  figure  6.2. 1.  l-26b,  as  a function  of  the  ratio  of  spoiler 
deflection  to  deflector  deflection  SJS..  The  spoiler  and  deflector  deflections  are 
illustrated  in  figure  6.2.1 . 1 -26b.  Note  the  difference  between  the  spoiler-height 
measurement  hs  used  in  determining  C | of  the  plain  spoiler  and  the  5S  and  Sd 
measurements  for  the  spoiler-slot-deflector  control. 

Figure  6.2. 1 , l-26b  is  based  on  the  empirical  results  of  reference  4.  The  wing  planform  of  the  test  con- 
figuration is  a straight-tapered  wing  with  A = 4.0,  X = 0.6,  Ac/4  = 32.6°,  and  with  an  NACA 
65006  airfoil  section  in  the  streamwise  direction.  The  method  has  not  been  verified  by  comparison  with 
other  test  results.  Nevertheless,  the  method  is  expected  to  give  acceptable  results  over  the  linear-lift  range 
for  configurations  with  |3A  2 2 and  Ap  < 60°,  and  at  Mach  numbers  up  to  0.6. 

The  use  of  this  method  is  illustrated  in  sample  problem  3 on  page  6. 2. 1.1-1 2. 

Sample  Problems 

1 . Plain  Trailing-Edge-Flap  Ailerons 

Given:  The  following  wing-aileron  configuration: 

Wing  Characteristics: 

Aw  = 3.78  X*  = 0.586  Ac/4  = 47.35° 

NACA  65009  airfoil  (streamwise)  tan  4>'JE/2  ~ 0.0776  (streamwise  airfoil  section  geometry) 
Aileron  Characteristics: 

Plain  trailing-edge  flap  cf/c  = 0.30  tjj  * 0.75  V0  = 0.95 


(C.) 

* pUm 
spoiler 
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Additional  Characteristics: 


M = 0.40;  (3  = 0.917  Rg  = 9 x 106 

Compute:  ' 

c'h 


ce 

- — — — • — = 0.893  (figure  4.1.1. 2-8a) 

( ®a)  theory 

/Cp  \ =6.58perrad  (figure  4. 1.1.2 -8b) 

( Cy  theory 


1.05 

T 

1.05 

0.917 


(0.893)  (6.58)  = 


(equation  4.1.1.2-a) 

theory 

6.73  per  rad 


(C0m 


6.73 


PA 

K 


2nlp  2n/0  0,981 

_ (0.917)  (3,78)  _ 

0.981 

tan  A 

c 


Aa  = tan'1 


c/4 


- 0.320  perradl 


- 0.420  per  rad  J 


(figures  6.2. 1 . 1 -23a  through  -23c,  interpolated) 


(equation  6. 2. 1.1 -a) 


0.981 

0.917 


[0.420  -0.320]  =0.1 07  per  rad 
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Section  lift  effectiveness  ag  (Section  6. 1 . 1 . 1 ) 


~ 4.35  per  rad  (figure  6.1.1. l-39a) 


= 0.840  (figure  6.1.1.1.39b) 


(C®6/  theory 

K'  = 0.98  (figure  6.1.1.1-40) 

C«S 


Acg  = 5 


N 


theory 


th  K'  (equation  6. 1.1.1 -c) 


15.0 

57.3 


(0.840)  (4.35)  (0.98)  = 0.937 


a5  " * 


- 

N, 


(equation  6.1.1.1-b) 


Acc 


N, 


(0.937) 
6 15.0 


= -0.532 


(6.73) 


57.3 


Solution: 

C,5  = C'j^  |a5|  (equation  6.2.1. 1-b) 

= (0.107)(0,532)  = 0.0569  per  rad 
The  rolling-moment  coefficient  is  given  by 


0.0569 

2(57*3)  115  ~ (_15)I  = 0 0149  (based  on  SWbw> 


2.  Spoiler 


Given:  The  wing-body  configuration  of  reference  4 with  a partial-span  constant-chord  spoiler  hinged  at  the 
55-percent-chord  line.  6 


Wing  Characteristics: 


Aw  = 4.0 


\ = 0.60 


vc/4 


= 32.6°  = 24.3° 


Sw  * 324.0  sq  in.  = 36.0  in. 

NACA  65006  airfoil  (streamwise) 
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Spoiler  Characteristics: 


- -b75  • «M3» 


n - ~ 0.639 

‘°  b/2 


— = 0.150 
c 


Spoiler  projection  8S  measured  from  the  airfoil  surface  at  0,70c,  and  corresponding  spoiler 
chordwise  location 


■=  0.100 


-=  0.662 


—0.55c — - 
.0.70c- 


Additional  Characteristics. 


M = 0.40;  P « 0.917 


Compute: 


Determine  C'. 


cc  = 0,105  per  deg  = 6.02  per  rad  (table  4.1.1  -B) 
Ka 


_ 6.02 
0 0.917 


= 6.56  per  rad 


(eg  ) 

\a'M  6.56 

k.  = —z—rn — = 0.958 

2*/0  2 nl0 


. tan  Ac/4  . 0.6395  , _ 

A/j  = tan1  — ~ tan1  ; - = 34.9° 

P p 0.917 

PA  _ 0-917  (4.0)  = 85 

k ~ 0.958 


Determine  and  n 

‘eff  °eff 


tan  As  = tan  Ac/4 


4 0.75. 


\i  +x/ 


4 0.40 

= 0.6395  - — [0.75  - ( 1 - 0.662))  

4.0  1 .60 
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= 0.6395  -(0.412)  (0.25)  = 0.5365 
A$  = tan  1 0.5365  - 28.2° 

6 = 28.3°  (figure  6.2.1. l-26a) 


cos  Atc  sin  6 ^ 0,9  j 14  (0.4741) 
cos  (Ayp  + 8)  0.6074 


= 0.7114 


(4) 


V c /_  4(1  -0.662) 
A(1  + X)  ~ 4.0(1.60) 


= 0.211 


[1  -(1  -X)7jjl  = il -(1-0.6)  (0.139)]  =0.944 
n-(l-\)n0]=  11 -d -0.6)  (0.639)]  = 0.744 

/ x'a. 

^ v cos  "St  sln  0 

^ =A(mr"'(1'X)’,‘1ciS(ATE^ 


= (0.21 1)  (0.944)  (0.71 14)  = 0.142 


('-*> 


^ v " r / cos  Se  sin  ^ 

^ 0 ~ A(l+X)~  cos  (A ^+0) 

= (0.211)  (0.744)  (0.71 14)=  0.112 

^ ^ +Arjj  = 0.139  + 0.142  = 0.281 

n - rj,  + £t?  = 0.639  + 0.112  = 0.751 


(equation  6.2.1.1-e) 


(equation  6.2.1.!-d) 


= 0.061  per  rad 


7 = 0.350  per  rad 

. * U 


(figures  6.2. 1.1 -23a  through  -23c,  interpolated) 
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(equation  6.2. 1.1-a) 


eff 


0 958 

— [0.350  - 0.06  ll  = 0.302  per  rad 

0.917 


Determine  Aa's 


The  upper-surface  ordinate  of  the  NACA  65006  airfoil  section  at  0.70c  is  0.0194c.  (see  reference  5) 

hs  5s 

— =—  + 0.0194  = 0.100  + 0.0194  = 0.1194 

c c 

A«|.  = 0.134  (figure  6. 1.1. 1-5 2 at  \Jc,hJc) 

Solution: 

C' 

4 , 

Ci  = — — Aa  (equation  6.2.1. 1-c) 

1 2 s 

/0  302  \ 

= (—)  (0.134) 

= 0.0202  (based  on  Swbw  )(Spoiler  deflected  on  one  wing  panel) 


This  result  compares  with  a test  value  of  0.021 5 from  reference  4. 
3.  Spoiler-Slot-Deflector 


Given:  The  wing-body  configuration  of  reference  4 with  a partial-span  constant-chord  spoiler-slot-deflector 
on  one  wing  panel.  This  is  the  configuration  of  sample  problem  2 with  the  addition  of  a slot  opening 
between  the  55- and  70-percent-chord  lines  extending  from  r/.  = 0.139  to  n = 0.639,  and  a 


Sw  = 324.0  sq  in. 


bw  = 36.0  in. 


(C/)  = 0.0202  (sample  problem  2) 

plain  spoiler 

Sd 

— = 0.025,  0.050,  0.075,  0.100 
c 
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Solution: 


(C.)  * K(Ct) 

jpoiler-slot-deflector  plain  spoiler 


- K(Ct)  (equation  6. 2.1.1 -f) 

plain  spoiler 

= (0.0202)  K (based  on  ^ \ ) 


f 

V5d 

O '0 

K 

flour*  6.2.1. 1 -26b 

(C,) 

1 apoll*r-«lot-d*f  lector 

(.0202)  (T) 

4,00 

1.35 

0.0273 

2.00 

1.70 

0.0343 

1.33 

1.67 

0.0317 

1.00 

1.34 

G.0271 

<c.) 

1 voHtr-dot-dtflactor 


B.  TRANSONIC 


No  accurate  method  is  available  for  predicting  C^.  at  transonic  speeds.  Mixed  flow  conditions  and  inter- 
related shock-wave  and  bounaary-layer-separation  effects  cause  extreme  nonlinearities  in  this  parameter. 
The  discussion  of  paragraph  B of  Section  4. 1.3.2  gives  some  insight  into  these  effects  for  plain  wings. 

The  method  presented  here  is  intended  to  give  a first-order  approximation  only  and  to  providt  a guide 
to  aid  in  fairing  between  subcritical  and  supersonic  speeds. 

Published  experimental  data  in  the  transonic  speed  range  are  available  for  only  a specific  flap-type  control 
tested  on  a wing-planform  series  in  which  only  the  wing  sweep  was  varied  (references  6 through  9). 

DATCOM  METHOD 

No  specific  charts  are  presented  for  determining  the  transonic  rolling  effectiveness  of  lateral-control  devices. 
The  best  source  of  information  of  this  type  is  experimental  data  on  similar-  configurations.  If  such  informa- 
tion is  not  available,  the  following  approach  may  be  used  as  a guide  in  fairing  between  subcritical  and  super- 
sonic speeds. 

A first-order  approximation  of  the  transonic  rolling  effectiveness  of  lateral-control  devices  is  given  by 


N 

c>-~  “v-m  / trr~ 

\ “Vo.« 
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where 


(Cj)  is  the  rolling  effectiveness  of  the  control  at  M = 0.6,  obtained  by  using  the  appropriate 

M * 0,6  method  of  paragraph  A of  this  section. 
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|CLaj  is  the  transonic  wing-lift-curve  slope,  obtained  from  paragraph  B of  Section  4. 1 .3.2. 

(CL  \ is  the  wing-lift-curve  slope  at  M = 0.6,  obtained  by  using  the  straight-tapered  wing 

\ °7M»0.6  method  of  paragraph  A of  Section  4. 1.3. 2 (figure  4.1.3.2-41). 

C.  SUPERSONIC 


Plain  Trailing-Edge  Flaps 

Supersonic  linear  theory  is  used  in  reference  10  to  derive  conical-flow  solutions  for  the  rolling  effectiveness 
of  wing  trailing-edge  flap-type  control  surfaces.  The  theory  is  based  on  the  following  assumptions  (see  sketch 
00): 


/ 


1 . The  leading  (hinge  line)  and  trailing  edges  of  the  control  surface  are  supersonic  (swept  ahead  of 
the  Mach  lines). 

2.  The  control  surfaces  are  located  at  the  wing  tip  or  are  far  enough  inboard  to  prevent  the  outer- 
most Mach  lines  from  the  control  surface  from  crossing  the  wing  tip. 

3.  The  innermost  Mach  lines  from  the  deflected  control  surface  do  not  cross  the  root  chord. 

4.  The  root  and  tip  chords  of  the  control  surfaces  are  streamwise. 

5.  Controls  are  not  influenced  by  the  tip  conical  flow  from  the  opposite  wing  panel  or  by  the  inter- 
action of  the  wing-root  Mach  cone  with  the  wing  tip. 

An  approximate  correction  is  given  in  reference  10  to  account  for  the  effect  of  airfoil  thickness  in  the  case 
of  slab-sided  controls. 


Spoilers 

The  method  presented  for  determining  the  supersonic  rolling  moment  due  to  spoilers  is  taken  from 
reference  1 1.  The  derivation  is  based  on  an  analysis,  presented  in  reference  12,  of  the  pressure  distributions 
adjacent  to  the  spoiler.  Although  data  on  spoiler  rolling  characteristics  at  supersonic  speeds  are  limited, 
the  method  appears  satisfactory  for  both  plug  and  flap-type  spoilers  within  the  Mach  number  range  of  the 
available  data  (M  = 1.6  to  3.0). 


6,2.1.1-14 


No  method  is  presented  for  determining  the  supersonic  rolling  moment  due  to  spoiler-slot-deflectors. 
Published  test  data  on  spoiler-slot-deflector  characteristics  at  supersonic  speeds  are  extremely  limited. 
References  13  and  14  present  test  data  on  spoiler-slot-deflector  controls  at  supersonic  speeds. 

DATCOM  METHODS 


Plain  Trailing-Edge  Flaps 


The  supersonic  rolling  effectiveness  of  plain  trailing-edge  flap-type  controls  is  given  by 


where 


c,  *7^ 
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is  the  control-surface  rolling  effectiveness  of  one  control  surface  deflected  on  one  wing 
panel,  based  on  the  total  wing  area  and  span. 

is  the  theoretical  rolling-moment  derivative  based  on  total  control  area  Sf  for  thin 
wings  for  the  following  cases: 

(a)  Tapered  control  surfaces  with  outboard  edge  coincident  with  wing  tip 
(use  figure  6.2.1.1-27). 

(b)  Tapered  control  surfaces  with  outboard  edge  not  coincident  with  wing  tip 
(use  figure  6.2.1. 1 -28). 

(c)  Untapered  control  surfaces  with  outboard  edge  coincident  with  wing  tip 
(use  figure  6.2. 1.1  -29a). 

(d)  Untapered  control  surface  with  outboard  edge  not  coincident  with  wing  tip 
(use  figure  6.2. 1.1  -29b), 

is  the  ratio  of  the  total  control  area  (both  sides  of  wing)  to  the  total  wing  area. 


is  the  ratio  of  the  total  control  span  (both  sides  of  wing)  to  the  total  wing  span. 


bw 


is  the  distance  from  the  wing  root  chord  to  the  control  root  chord  in  wing  spans. 


is  a thickness  correction  factor  to  the  supersonic  flat-plate  derivative. 


Cl 


(per  radian) 


■-  \'\.  'v  ^ • v ""i  ■ ■ ■■  " - 


hV-'' 

k\>‘. 

k" 1 * . 

L 

I*’,'-  ’ 


■# 


c 


2 


(T+1)M4-4(M2  - ») 
2 (M2  - l)2 


(per  radian) 


Sjj;  is  the  trailing-edge  angle  in  radians,  measured  normal  to  the  control 
hinge  line. 

y is  the  ratio  of  specific  heats,  y =1.4. 


is  the  lift-effectiveness  of  one  symmetric,  straight-sided  control,  based  on  the  area  of  the 
control.  This  parameter  is  obtained  from  figures  6. 1 .4.  l-20a  through  6. 1 .4. 1 -20j  for 
controls  located  at  the  wing  tip,  and  from  figure  6.1.4.1-25  for  controls  located  inboard 
from  the  wing  tip. 


It  should  be  noted  that  in  applying  this  method  the  control  deflection  angle  and  all  dimensions  (with  the 
exception  of  0TE)  are  measured  in  planes  parallel  and  perpendicular  to  the  plane  of  symmetry. 

The  limitations  of  this  method  are  noted  in  the  introduction  to  paragraph  C.  A comparison  of  test  values 
with  results  calculated  by  this  method  is  presented  as  table  6.2.1.1-B. 

Sample  problem  1 at  the  conclusion  of  this  paragraph  illustrates  the  use  of  the  method. 

Spoilers 


Plug  and  Flap-Type  Spoilers 

The  supersonic  rolling-moment  coefficient  of  a plug  oi  a flap-type  spoiler  deflected  on  one  panel,  based  on 
the  total  wing  area  and  span,  is  obtained  from  figure  6.2. 1 . 1 -30  as  a function  of  Mach  number  and  configu- 
ration geometry. 

A comparison  of  test  values  with  results  calculated  by  using  this  method  is  presented  as  table  6.2. 1 .1-C. 
Sample  problem  2 at  the  conclusion  of  this  paragraph  illustrates  the  use  of  the  method. 

Sample  Problems 

1.  Plain  Trailing-Edge-Flap  Ailerons. 

Given:  The  wing-body-tail  configuration  of  reference  18,  with  plain  trailing-edge  ailerons. 


Wing  Characteristics: 


1 


6.2.1.1-lb 


Uflll 


Control  Characteristics: 


Symmetric,  straight-sided  outboard  control  AHL  = 33.26°  Xf=  0.666 

bf=  1 2.93  in.  (both  sides  of  wing)  Sf  = 13.89  sq  in.  (both  sides  of  wing) 


— « 0.25 

Additional  Characteristics: 


= 6°  cjc  » 0.20 


M = 1.61;  /?=  1.262;  M2  - 1 = 1.592 


Compute: 


c‘  *^ri"u«2  ’°-mpern“‘ 


C2  - 


(7+ 1)M4  - 4(M2  - 1)  (2.40)  (1.6 1)4  - 4(1.592) 


2 (M2  - l)2 


2 (1 .592) " 


= 1 .925  per  rad 


tanAHL  0.6558  tanAro  0.5891 

a a 0.520;  = 0.467 

p 1.262  ’ p 1.262 

pC't  = 0.0745  per  deg  (figures  6. 1 .4.  l-20g  through  -20i,  interpolated) 


C'L^  - 0.0590  per  deg 

(JC  f = 0.0370  per  deg  (figure  6.2.1.1-27) 


C j ® 0.0293  per  deg 


Solution: 


:2  \ sf  i y»  . /A 


C4=  V'Ct’NCL6Sw  2bw  + \2bw/c' 


(equation  6.2.1.1-h) 


f 1.925  / 6 \1  13.89  /1\| 6.465/0.0293 \] 

- I1-  5^92(7^)1W0S90)  7 663  (l)r5+ 

= 0.000686  per  deg  (based  on  Sw  bw ) (one  control  surface  deflected  on  one  wing  panel) 
This  compares  with  a test  value  of  0.00056  per  degree  from  reference  18. 


6.2.1.1-17 


2.  Plug  and  Flap-Type  Spoilers 

Given:  The  wing-body-tail  configuration  of  reference  18,  equipped  with  plug  and  flap-type  spoilers. 
Wing  Characteristics: 

Aw  = 4.0  \w  = 0.500  Ac/4  = 40° 

Spoiler  Characteristics: 


Case 

Type 

vi 

V2 

*o 

Chordwise 

Location 

%c 

A 

bw/2 

c 

fljilB 

Plug 

0.15 

0.95 

0.55 

0.05 

1 

Flap 

0.15 

0.95 

0.55 

0.05 

1 

Plug 

0.15 

0.95 

0.65 

0.02 

Plug 

0.15 

0.55 

0.65 

0.05 

5 

Plug 

0.15 

0.55 

0.65 

0.02 

Additional  Characteristics: 
M=  1.61 


Compute: 


Case 

vl  + vo 

bs 

(C/W 

figure 

6.2.1.1-30 

(C,;> 

1 test 

&a-o° 

V2 

V2 

1 

1.10 

0.80 

0.0070 

0.0085 

2 

1.10 

0.80 

0.0070 

0.0080 

3 

1.10 

0.80 

0.0030 

0.0017 

4 

0.70 

0.40 

0.0030 

0.0045 

5 

0.7Q 

0.40 

0.0016 

0.0006 
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TABLE  6.2. 1.1-6 

SUPERSONIC  ROLLING  EFFECTIVENESS  OF  PLAIN  TRAILING 
EDGE-FLAP  AILERONS 

DATA  SUMMARY 


(da*) 

^71 

M«6) 

£ 

368 

60 

660 

0 

| 

7.62 

| 

6636 

J 

0 

9.2 

0.336 

0 

1 

7.62 

J 

6636 

i 

0 

1 

7.64 

J 

0.402 

1 . 

% 

<P4r<W9l 

ate 


A% 
(par  da ■) 
Catc-Taat 


1.61 

1.96  0.000942 

1.41  0.000401 

2.01  0.000161 

1.96  0.000130 

1.41  0.000216 

1.98  0.000312 

1.41  0.000616 


A«M|iErm 


6000660 

0.000126 

0.000223 

0.000019 

6000313 

0.000066 

0.000180 

-6000029 

6000096 

6000032 

6000160 

6000036 

6000270 

0.000042 

6000416 

0.000100 

16 

n 

0 000069 

TABLE  62. 1,1-C 

SUPERSONIC  ROLLING  MOMENT  DUE  TO  SPOILER  DEFLECTION 
DATA  SUMMARY 


CNxdatl* 

Location 


0.06  1.61  0.0070 


0.04  1.61  0.0049 


0.04  2.01  0.0040 


0.0068 

| -0.0006 
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SUBSONIC  SPEEDS 


FIGURE  6.2. i. 1-23  SUBSONIC  AILERON  ROLLING-MOMENT  PARAMETER 


SUBSONIC  SPEEDS 
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FIGURE  6. 2. 1. 1 -23  (CONTD) 
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FIGURE  6.2. 1.1 -26a  VARIATION  OF  0 WITH  ANGLE  OF  SWLEPBACK  OF  SPOILER 
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FIGURE 6.2. l.i -26b  EFFECT  OF  SPOILER  SLOT  AND  DEFLECTOR  ON  SPOILER 
ROLLING  EFFECTIVENESS 
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FIGURE  6.2. 1 . 1 -29a  ROLLING-MOMENT  DERIVATIVE  FOR  UNTAPERED  CONTROL  SURFACES 
HAVING  OUTBOARD  EDGE  COINCIDENT  WITH  WING  TIP 


FIGURE  6.2. 1.1 -29b  ROLLING-MOMENT  DERIVATIVE  FOR  UNTAPERED  CONTROL  SURFACES 
HAVING  OUTBOARD  EDGE  NOT  COINCIDENT  WITH  WING  TIP 
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SPOILER  ON  UPPER  SURFACE 
OF  RIGHT  WING  PANEL 
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Ok  spoiler  chorriwiae  location  to  the  ipoifcr  tip. 
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6.2. 1.2  ROLLING  MOMENT  DUE  TO  A DIFFERENTIALLY  DEFLECTED 
HORIZONTAL  STABILIZER 

A large  amount  of  theoretical  and  experimental  work  has  been  directed  toward  the  development  of 
efficient  roll-control  devices.  The  initial  studies  and  tests  concentrated  on  ailerons,  optimizing  their 
size  and  location  to  maximize  the  available  roll-control  power.  However,  the  more  recent  studies 
have  investigated  auxiliary  surfaces  or  techniques  that  supplement  aileron  control  to  improve 
aircraft  maneuverability.  Among  these  auxiliary  devices  considered  is  the  differentially  deflected 
horizontal  stabilizer. 

Methods  are  presented  in  this  section  for  estimating  the  rolling  moments  generated  by  a 
differentially  deflected  horizontal  tail,  at  subsonic,  transonic,  and  supersonic  speeds.  These  methods 
are  valid  only  for  body-mounted  horizontal  tails  (due  to  the  empirical  tail-effectiveness  parameter) 
and  are  applicable  throughout  the  angle-of-attack  range  until  separation  is  encountered  on  the 
horizontal  tail.  No  provisions  are  made  to  estimate  the  effects  of  flap  deflections,  horizontal-tail 
dihedral,  or  the  rolling-moment  contribution  of  the  vertical  tail;  i.e.,  they  are  assumed  to  be 
negligible.  Comparisons  of  the  estimated  and  experimental  values  indicate  relatively  good 
correlation  to  moderate  angles  of  attack  (see  Tables  6.2. 1.2-A  and  -B). 

Body  vortices  can  have  a strong  influence  on  the  horizontal-tail  loading  at  high  angles  of  attack.  For 
body  vortices,  the  flow  separates  just  above  or  behind  the  area  of  minimum  pressure  along  the  side 
of  the  body  near  the  nose  and  wraps  up,  into  a pair  of  symmetrical  vortices  that  proceed 
downstream.  The  point  at  which  separation  first  takes  place  depends  upon  the  angle  of  attack  (the 
higher  the  angle  of  attack,  the  nearer  the  nose  separation  occurs),  the  nose-profile  shape  (the 
blunter  the  nose,  the  nearer  the  nose  separation  occurs),  and  body  cross-sectional  shape  (sharply 
curving  lateral  contours  promote  early  separation).  The  vortices  increase  in  size  and  strength  with 
increasing  downstream  distance.  These  body  vortices  are  accounted  for  in  the  methods  herein  by 
using  the  vortex  interference  charts  found  in  Section  4.3. 1.3.  However,  the  effect  of  the  wing 
shock-expansion  field  on  the  body  vortices  is  neglected  in  the  supersonic  method. 

Wing  vortices  are  of  equal  interest  in  determining  the  horizontal-tail  loading  at  high  angles  of  attack. 
For  closely-coupled  configurations  having  wings  and  tails  of  nearly  equal  span,  the  wing-vortex 
effects  can  be  of  particular  significance.  The  wing-vortex  effects  are  accounted  for  in  the  downwash 
gradient  parameter  3?/3a  calculated  in  Section  4.4.1.  (Care  should  be  used  to  select  the  method 
best  suited  for  the  configuration.) 

To  familiarize  the  reader  with  the  more  salient  aspects  associated  with  horizontal-tail  roll  control,  a 
basic  discussion  is  presented.  The  discussion  is  supplemented  by  graphical  comparisons  of 
tail-roll-control  and  aileron-roll-control  characteristics  to  illustrate  similarities  and  differences.  (Both 
the  discussion  and  the  illustrations  are  taken  from  Reference  1,  except  where  noted.) 

The  interest  in  evaluating  roll  control  for  a differentially  deflected  horizontal  tail  is,  in  general,  due 
to  the  inadequate  roll-control  power  provided  by  conventional  roll-control  systems;  i.e.,  ailerons 
and/or  spoilers  in  the  transonic  and  supersonic  speed  regimes.  This  inadequacy  is  due  primarily  to 
wing  twist  and  shock-induced  separation  of  the  boundary  layer  ahead  of  the  control  surface.  For  a 
thin  flexible  wing  of  a high-speed  airplane,  the  deflection  of  conventional  outboard  ailerons  can 
produce  a substantial  amount  of  wing  twist  that  can  result  in  a significant  reduction  in  roll-control 
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effectiveness.  The  boundary-layer  separation  results  in  a loss  of  roll-control  effectiveness,  as  well  as 
an  increase  in  buffet  and  drag  and  a decrease  in  lift. 

The  most  recent  results  of  tail-roll-control  investigations  (Reference  2)  indicate  that  tail  roll  control 
is  best  suited  as  an  auxiliary  roll-control  device,  where  only  moderate  differential  deflections  are 
required. 

In  general,  three  basic  consideratjons  should  be  kept  in  mind  when  des;  ng  a tail-roll-control 
system : 

(1)  The  tail  must  provide  adequate  effectiveness  without  excessive  deflections  (large  tail  and 
good  effectiveness). 

(2)  The  longitudinal  trim  requirements  of  the  tail  should  be  minimized  to  avoid  interaction 
of  roll  and  pitch  controls. 

(3)  The  horizontal  tail  should  be  positioned  vertically  to  avoid  excessive  favorable  or  adverse 
yawing  moments. 

The  first  item  requires  no  discussion,  as  the  advantages  are  apparent.  The  second  item  can  be  a 
critical  factor  and  is  worthy  of  careful  consideration.  For  a specific  configuration,  a wind-tunnel 
test  is  required  to  determine  the  interaction  effects,  since  no  methods  presently  exist  for  estimating 
this  effect.  Both  the  effects  of  roll  control  on  pitching  moments  and  the  variation  of  roll  control 
with  angle  of  attack  for  different  stabilizer  settings  must  be  considered.  It  is  necessary  to  avoid 
stabilizer  trim  settings  where  the  roll  control  might  be  limited  or  significantly  reduced  because  of 
separation  on  the  horizontal  tail  as  a result  of  high  angles  of  attack.  For  example,  the  landing 
configuration  for  some  aircraft  may  produce  control  interaction  problems.  The  effects  of  Item  3 
above  are  discussed  in  detail  in  Section  6. 2. 2. 2. 

Mach  Number  Effects 

From  the  limited  available  test  data  (References  1 through  8),  it  can  be  concluded  that  the  variation 
of  tail-roll-control  effectiveness  C/{  with  Mach  number  is  small.  Within  the  subsonic  regime,  the 
effectiveness  is  relatively  constant.  In  the  supersonic  regime,  a slight  increase  in  Qe  is  noted  at  a 
Mach  number  of  approximately  1.2,  and  then  a progressive  decrease  in  effectiveness  is  noted  with 
increasing  Mach  number  because  of  the  decreasing  lift-curve  slope  of  the  horizontal  tail. 

In  the  subsonic  regime,  values  for  Ct&  due  to  tail  roll  control  are  approximately  one-half  to 
one-thiix  of  those  produced  by  conventional  aiierons  at  comparable  speeds.  In  the  supersonic  speed 
regime,  values  for  C/s  due  to  tail  roll  control  are  comparable  to  those  obtained  by  using  ailerons. 
However,  since  there  will  usually  be  more  control  deflection  available  for  the  ailerons,  they  will 
provide  more  roll  control,  assuming  no  aileron  reversal  is  encountered  due  to  wing  twist. 

Angle-of-Attack  Effects 

For  subsonic  Mach  numbers,  the  variation  of  C/e  with  angle  of  attack  is  not  large  for  most 
configurations.  However,  for  some  configurations  C/6  can  decrease  to  one-half  its  original  value  at 
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or  = 16®  to  20®  (Reference  8).  For  aileron  control  at  subsonic  speeds,  the  effectiveness  generally 
drops  off  rapidly  with  increasing  angle  of  attack,  so  that  at  high  angles  of  attack  the  values  of  C/s 
can  begin  to  approximate  those  for  tail  roll  control  (Reference  3).  Sketch  (a)  presents  representative 
trends  for  both  aileron  and  horizontal-tail  deflections  at  four  different  Mach  numbers  as  a function 
of  angle  of  attack.  (These  results  were  obtained  on  wind-tunnel  models  with  essentially  rigid  wings.) 
In  contrast  to  the  subsonic  speed  regime,  at  M * 1.61  the  aileron  effectiveness  increases  with 
angle  of  attack  while  the  tail  roil  control  decreases  with  angle  of  attack. 
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Flap  Effects 

The  effects  of  flaps  on  the  tail  roll  control  are  shown  in  Sketch  (b)  for  two  different  configurations. 
Both  configurations  show  a detrimental  effect  of  flaps  at  low  lift  coefficients.  However,  as  the  lift 
coefficient  is  increased,  the  tail  roll  control  increases  to  equal  or  exceed  the  flap-retracted  value  of 
Q( . Insufficient  data  exist  to  determine  if  this  trend  is  consistent  for  all  configurations. 
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Dihedral  Effects 


Reference  6 presents  the  results  of  a systematic  variation  of  dihedral  angle  from  0 to  —30°  on  the 
lateral-control  effectiveness  and  the  stabilizer  characteristics  for  tail  roll  control  at  subsonic  speeds. 
The  results  of  the  investigation  show  a small  variation  in  the  roll  effectiveness  Q{  with  negative 
tail-dihedral  angle.  These  small  variations  did  not  form  a set  pattern,  but  rather  were  dependent 
upon  the  initial  stabilizer  angle  prior  to  differential  deflection. 


Aeroelastic  Effects 

The  effects  of  wing  flexibility  are  analyzed  in  the  literature  (References  1 and  4)  through  an  overall 
rolling  effectiveness  parameter  (pb/2V)/6,  which  can  be  expressed  as  Qg/Q  . Thus,  for  a 
flexible-wing  airplane  in  comparison  to  a rigid-wing  airplane,  greater  rolling  effectiveness  will  be 
realized  for  the  flexible-wing  aircraft  because  of  the  reduction  in  the  wing  contribution  to  roll 
damping  C/p.  Sketch  (c)  presents  a comparison  of  data  for  a stiff  and  a flexible  wing  for  both  tail 
roll  control  and  aileron  roll  control  as  a function  of  Mach  number.  These  data  illustrate  the 
wing-twist  problem  encountered  for  thin  flexible  wings  employing  ailerons  at  supersonic  speeds.  In 
contrast,  the  horizontal-tail  roll  control  shows  no  adverse,  effects,  but  rather  an  increase  for  the 
flexible  wing.  Thus  one  can  conclude  that  for  certain  cases,  i.e.,  a thin  flexible-wing  configuration  at 
supersonic  speeds,  the  tail-roll-control  contribution  may  be  superior  to  that  of  conventional 
ailerons. 


HORIZONTAL  TAIL 


AILERONS 


RIGID  WING 
FLEXIBLE  WING 


RIGID  WING 
FLEXIBLE  WING 


.002 

s 


1.2  1.6 


~ — i 

1.2  1.6 


SKETCH  (c) 


6.2. 1.2-4 


A SUBSONIC 


DATCOM  METHOD 

The  following  method  is  a modification  of  the  method  found  in  Reference  1,  with  the  additional 
terms  accounting  for  the  effects  of  downwash,  body  vortices,  and  tail  effectiveness.  At  angles  of 
attack  less  than  six  degrees  the  body  vortex  interference  factor  iVfi(H)  can  neglected.  The 
roll-control  effectiveness  of  a body-mounted  differentially  deflected  horizontal  stabilizer,  based  on 
Sw  byy , is  given  by 


Qa 


ffAw  3f  \ t _ / T \ 

57.3  9« )+  lvB(H)l 2jraVr j 


(%\  yHS«e 


6.2. 1.2-a 


The  proper  sign  of  the  rolling-moment  coefficient  will  result  from  the  expression 
C/  =C*6  (6l  ~SR).  The  subscript  e refers  to  the  exposed  surface  (see  Section  4.3. 1.2  for  a 
definition  of  exposed  surfaces),  and 

Aw  is  the  aspect  ratio  of  the  total  wing. 


9e  is  the  average  rate  of  change  of  downwash  with  respect  to  angle  of  attack  at  the 

da  horizontal  tail,  obtained  from  Section  4.4. 1.  Care  should  be  exercised  to  select 

the  method  of  Section  4.4.1  best  suited  for  the  aircraft  configuration. 


*VB(H) 


is  the  vortex  interference  factor  for  a lifting  surface  mounted  on  the  body 
center  line.  This  parameter  is  given  in  Figures  4.3.1.3-7a  through -7S  for  various 
exposed-tail  taper  ratios,  relative  exposed-tail  sizes,  and  vortex  center- line 
positions. 


The  vertical  and  lateral  vortex  positions  required  to  obtain  ivB(H } art;  -j-  and 

y 

— , respectively.  At  any  given  station  x,  they  may  be  obtained  from  Figures 
4.3. 1.3- 1 3b  and  4.3.1.3-14,  respectively,  as  functions  of  the  parameter 


a(x  - xs) 
r 


where 


a is  the  angle  of  attack  in  radians. 

x is  the  distance  from  the  body  nose  to  the  quarter-chord  point  of  the 
MAC  of  the  exposed  horizontal  tail  for  subsonic  flow.  (However,  for 
supersonic  flow  x is  measured  to  the  midchord  point  of  the  MAC 
of  the  exposed  horizontal  tail.) 

r is  the  average  body  radius  in  the  region  of  the  horizontal  tail.  For 
noncircular  bodies  use  the  average  body  depth  in  the  region  of  the 
horizontal  tail. 

•It  should  be  noted  that  the  definition  of  C/{  bated  on  tfca  totel  differentiel  deflection  (comment  with  the  litereture)  doe*  not  ajret 
with  C/j  in  other  tsctionj. 


6.2. 1.2-5 


is  , the  nondimensional  position  of  vortex  separation,  from 
Figure  4.3. 1.3- 13a. 


r 

27rttVr 


It  should  be  noted  that  Figures  4.3.1.3-7a  through  -7k  give  the  vortex 
interference  factors  for  a lifting  surface  mounted  on  the  body  center  line.  If  the 
lifting  surface  is  not  mounted  on  the  body  center  line,  the  vertical  distance  of 
the  body  vortices  from  the  body  centerline,  obtained  from  Figure  4.3. 1.3-13b, 
must  be  corrected  to  their  distance  from  the  tail  before  obtaining  iVB<H).  This 
is  illustrated  in  the  sample  problem  following  the  subsonic  method, 


In  using  Figures  4.3.1.3-7a  through -71!  a possible  problem  can  develop  when 

r 

interpolation  must  be  made  with  respect  to  X and  . For  positions  of 


the  vortex  near  the  body,  the  interpolation  in  5^/2  can  carry  the  vc,rtex 
inside  the  body.  Under  these  circumstances,  it  is  recommended  that  the 

y0  - r 

interpolation  be  made  using  r — 7^ for  the  vortex  lateral  position  in 

v bw/2  - r 

Jo 

place  of  \jy  j2  ' to  ^oid  vortex  positions  inside  the  body. 


For  noncylindrical  bodies,  caution  must  be  exercised  in  using  the  curves  in 
Section  4.3. 1.3  as  they  are  based  entirely  on  cylindrical  body  shapes. 

is  the  nondimensional  vortex  strength  from  Figure  4.3. 1.3  15. 


r 


is  the  ratio  of  the  average  radius  of  the  body  (or  average  fuselage  depth  for 
noncircular  bodies)  in  the  region  of  the  tail  to  the  semispan  of  the  exposed  tail. 


V 


is  the  tail-effectiveness  factor  for  configurations  with  body-mounted  horizontal 
tails,  obtained  from  Figure  b 7. 1.2-22  (from  Reference  9). 


is  the  total  wing  si  n. 

is  the  ratio  of  the  area  of  the  exposed  horizontal  tail  to  the  total  wing  area. 


yH 


is  the  lateral  c.p.  coordinate  of  the  horizontal  tail,  measured  from  and  normal 
to  the  longitudinal  axis.  This  parameter  is  given  by 


6.2.1.2-b 


*.2. 1.2-6 


•,vhere 


tjc  is  the  spanwise  location  of  the  c.p.  of  the  exposed  horizontal  tail 

(based  on  the  exposed  aspect  ratio,  sweep,  and  exposed  taper  ratio), 
obtained  from  Figure  6.2. 1.2-23  (from  Reference  10). 

bH  is  the  semispan  of  the  exposed  horizontal  tail. 

e 

2 

r is  the  body  radius  in  the  region  of  the  horizontal  tail.  For  noncircular 

bodies  use  the  average  body  depth  in  the  region  of  the  horizontal 
tail. 

fCL  \ is  the  lift-curve  slope  of  the  exposed  horizontai  stabilizer,  obtained  from 

\ H/e  Section  4. 1.3.2.  Care  should  be  exercised  to  use  the  appropriate  method  in 

determining  this  parameter  because  of  its  significant  influence. 

The  total  angular  deflection  of  the  control  surfaces  6 is  measured  in  a plane  parallel  to  the  plane  of 
symmetry,  and  is  positive  for  the  left  control  surface  deflected  trailing  edge  down  and  the  right 
control  surface  deflected  trailing  edge  up. 


Sample  Problem 

Given:  The  configuration  of  Reference  3 


Wing  Characteristics: 


iw  = 666.7  sq  in. 

bw 

~ 47.56  in. 

Aw  = 3.30 

.w  = 0.247 

\/A 

“ 42° 

Root  Section  NACA  65-006 

Tip  Section  NACA  65-005 


Horizontal-Tail  Characteristics: 


SHe  = 102.4  sq  in. 
Ah  = 3.25 

ne 

Ah  - 0.148 
h„  = -3.0  in. 

Additional  Characteristics: 
Low  speed:  (3  = 1.0 

r - 2.935  in. 


bH  = 1 8.24  in. 

c 

Ah  = 3.50 

A = 45° 

'Y/4 

Kh  = 18.25  in. 

dH  = 5.87  in. 
z = 0.49  in. 


Compute: 

Calculate  /CL  ) from  Section  4. 1 .3.2 


bH  = 24. 1 1 in 
XH  = 0.187 
Ac/2  = 38.2° 


x = 66.0  in. 


cCa  = 0. 105  per  deg  (Table  4. 1 . l-B,  for  65-006) 


k = 


Cg  /($ 
Ct 

2n/($ 


57.3  (0.105) 
2tt 


= 0.9576 


|:ji  + ,lln'At/2| 
(Cl«h). 


1/2  3.25  ,ii/? 

= ^ 10  + (0-78S)2] 


= 4.3: 


- 0.935  per  rad  (Figure  4. 1 .3.2-49) 


^i.a  j = 3.039  per  rad 
= 0.0530  per  deg 


Calculate  r\ 

5.87 
bH  ~ 24.11 


i? 


0.789 


0.243 


(Figure  6.2.1.2-22) 


6.2. 1.2-8 


Calculate  yH 


( A|3  >h  = tan 


_JtanAc/4 


= tan 


(t)  = 


_ (U  (3.25) 
0.9576 


= 3.394 


n = 0.429  (Figure  6.2. 1.2-23) 

C»P» 

/bH  \ 

yH  = Vc  p ^~J  + T (Equation  6.2. 1.2-t 


- (0.429)  (^“)+2. 


935  = 6.85 


yHSH 


e 6.85  102.4 


bwSw  47.56  666.7 


0.0221 


Calculate  from  Section  4.4.1.  (Method  2 is  used  because  this  configuration  is  similar  to 
other  configurations  used  in  the  substantiation  of  the  method  presented  in  Table  4.4  1-B.) 


~ = 4.44  |ka  Ka  Kh  (cos  Ac/r4)1/'2J1'19  (bquation  4.4.1-h) 


K.  = 0.183  (Figure  4.4. 1 -69a) 


K.  = 1.324  (Figure  4.4. 1 -69b) 


2(18.25) 
b ~ 47.56 


= 0.767 


= 2(-3-°) 
b ~ 47.56 


= -0.126 


Kh  = 1.16  (Figure  4.4. 1 -70,  extrapolated) 


4.44  [(0. 183)  (1.324)  (1.16)  (0.862)] : 


= 4.44(0.2423! 


4.44  (0.1851] 


“ 0.822 


6.2. 1.2-9 


Calculate  the  body  vortex  interference  factors  from  Section  4. 3. 1.3 
r 2.935  


= 0.322 


(v  — 

y/2)  9.12 

/x  - xs\  _ a / 66.0 

“\  r / “ 57.3  \2.935  ~ r 


a / XA 

= 22.5  - — 

57.3  \ r ) 


© © 


cx 

xs/r 

" Cs) 

57.3  \ r / 

y0/r 

zo/r 

V 

(deg) 

(Fig.  4.3.1 .3-1 3a) 

(Fig.  4.3.1.3-14) 

(Fig.  4.3.1 .3-1 3b) 

(corrected)* 

0 

- 

- 

- 

- 

- 

4 

— 

— 

— 



8 

16.9 

0.782 

0.600 

1.13 

1.297 

12 

11.25 

2.356 

0.705 

1.62 

1.787 

16 

8.55 

3.895 

0.747 

1.90 

2.067 

20 

7.0 

5.410 

0.762 

2.075 

2.242 

© 

© 

zo 

i / r \(  r \ 

V2 

'VB(H> 

VB(H)  \2»raVr/^bHe/2^ 

® (0.322) 

(Fig.  4.3.1. 3-7a-8) 

(jo)  @ (0.322) 

0.418 

-0.190 

-0.03365 

0.575 

-0.300 

-0.08646 

0.666 

-0.296 

-0.1158 

0.722 

—0.297 

. 

-0.1511 

‘The  vertical  location  of  the  body  vortex  must  be  adjusted  to  account  for  the  true  location  of  the  horizontal  tail  (Figures  4.3.1 .3-7a 
through  -78  assume  the  horizontal  tail  is  mounted  on  the  body  center  line).  Since  the  horizontal  tail  is  located  below  the  body 


center  line,  the  vertical  distance  of  the  vortex  is  increased 
horizontal  tail  below  the  center  line. 


! s — - -f  — where  z is  the  distance  of  the 

corrected  r r 


6.2.1.2-10 


Solution: 


2 ' 


^w&[\  + . I r \[  r \ /qH\yHSHe 

7.3  3a/  + lvB(H)  [2iraVr/(bHe/2jJTI\  qj  bwSw  (C% ), 


(Equation  6.2.1.2-a) 


1 ( tt(3.39) 

- ( - — (0.822)1  +L 

2 ) 57.3  ( VB(H) 


(^)(^)]<0■789)<0'022'>(a0530, 


= 0.000391 


+ 0.000462  T i„  / — - — \ / — - — \ 

[yB(H>  ^2rraVrj^bHe/2[ 


(2™Vr)(bHe/2) 

% 

(per  deg) 

- 

0.000391 

- 

0.000391 

-0.03365 

0.000375 

-0.08646 

0.000351 

-0.1158 

0.000338 

-0.1511 

0.000321 

The  calculated  results  are  compared  with  test  values  from  Reference  3 in  Sketch  (d). 
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SKETCH  (d) 


6.2.1. 2-1  1 


B.  TRANSONIC 


m 

■ i' 

• " 

f. 


f. 


DATCOM  METHOD 

Because  Mach  number  effects  on  roll-control  effectiveness  are  very  small,  no  separate  solution  is 

presented  in  the  transonic  regime.  The  existing  methods  are  considered  to  be  applicable  in  the 

transonic  regime;  i.e., the  subsonic  method  forM<  1.0.  and  the  supersonic  method  for  M>  1.0. 

However,  it  should  be  emphasized  that  the  transonic  methods  must  be  used  to  calculate  the  various 

components  of  the  roll-eon trol-et fee nveiiess  equations;  i.e.,  the  values  of  8?/da,  /cLaH)  . and 

! Cw  1 , in  the  transonic  speed  regime.  ' ' e 

V NaH/e 

C.  SUPERSONIC 


!'ATCOM  METHOD 


The  following  method  is  a modification  of  the  method  found  in  Reference  I,  with  the  additional 
terms  accounting  for  the  effects  of  body  vortices  and  tail  effectiveness.  In  contrast  to  the  subsonic 
method,  this  method  accounts  for  the  tail  effectiveness  and  the  downwash  due  to  wing  vortices  in 
the  empirical  factor  of  0.35.  At  angles  of  attack  less  than  six  degrees  the  body  vortex  interference 
factor  can  be  neglected.  The  roll-control  effectiveness. of  a body-mounted  differentially 

deflected  horizontal  stabilizer,  based  on  Sw  b\y  , is  given  by 


Q*  = 0-35 


*vb (H ) \2naVil  \bH  rJ  ' (kH<B)  + kB(H)) 


(c%) 


SH 


e bWSW 


6.2.1.2-c 


The  proper  sign  of  the  rolling-moment  coefficient  will  result  from  the  expression 
C/  = C/6  (§L  — 5r)  The  subscript  e refers  to  the  exposed  surface  (see  Section  4.3. 1.2  for  a 
definition  of  exposed  surfaces),  and 


kH(B)  ar|d  are  tail-body  interference  factors  obtained  from  Figures  4.3.1.2-12b  and  -12a, 

^ respectively,  of  Section  4.3, 1.2.  Care  should  be  taken  to  use  the  appropriate 

empennage  geometry  with  these  figures;  i.e.,  the  average  body  diameter  in  the 
region  of  the  horizontal  tail  and  the  horizontal-tail  span. 

(CN  \ is  the  normal-force  variation  with  angle  of  attack  of  the  exposed  horizontal  tail 

obtained  from  Paragraph  C of  Section  4. 1.3.2.  Care  should  be  exercised  to  use 
the  correct  method  for  the  specific  geometry  and  to  apply  the  appropriate 
correction  factors  where  applicable,  e.g.,  those  on  Figure  4. 1.3.2-60. 


yH 


is  the  lateral  center-of-pressure  coordinate  of  the  horizontal  tail  measured  from 
and  normal  to  the  longitudinal  axis.  For  the  supersonic  case,  it  is  assumed  that 
the  lateral  center-of-pressure  coordinate  is  located  at  the  40-percent  position  of 
the  semispan  of  the  exposed  tail;  i.e., 


yH 


6.2.1.2-d 


6.2.1.2-12 


All  remaining  terms  have  been  previously  defined  in  the  subsonic  method  of  this  section.  (It 
should  be  noted  that  the  c.p.  of  the  horizontal  tail  at  supersonic  speeds  is  assumed  to  be 
located  at  the  midchord  point  of  the  exposed  tail  MAC  in  defining  the  parameter  x.) 

The  total  angular  deflection  of  the  control  surfaces  5 is  measured  in  a plane  parallel  to  the  plane  of 
symmetry,  and  is  positive  for  the  left  control  surface  deflected  trailing  edge  down  and  the  right 
control  surface  deflected  trailing  edge  up. 


Given:  Model  2 of  Reference  8 


Sample  Problem 


Wing  Characteristics;' 

Sw  = 144.0  sq  in.  1%  = 24.0  in.  Ac/4  = 45° 

Horizontal-Tail  Characteristics: 

XHe  = 0.685 
Wedge;  t/c  = 0.04 


SHe  = 18.24  sq  in/  bH  = 10.73  in. 
Ah  = 4.0  AH  e - 3.0 


bHe  = 7.4  in. 


XH  = 0.6 


Ac/4  = 45° 


Ale  = 46.7° 


Airfoil:  Double 


Additional  Characteristics: 

M = 2.01;  0 = 1.744  r = 1.665  in.  x = 36.59  in. 


6.2.1.2-13 


Compute: 


Calculate 


from  Section  4. 1.3.2 


tan  Ale 
___ 


1.0625 

1.744 


0.609 


AHetanALE  = (3.0)  (1.0625)  = 3.1875 

/3^CN  j =4.02perrad  (Figure  4.1 .3.2-56  (d),  (e),  (0,  interpolated) 

CN  = 2.305  per  rad 

P cot  Ale  = (1.744)  (0.9424)  = 1.64  (supersonic  leading  edge) 

The  supersonic  wing  lift-curve-slope  correction  factor  will  be  applied  because  of  the 
supersonic  leading  edge. 

t/c  = 0.04  and  double-wedge  airfoil 

Ay  = 0.25  (Figure  2.2. 1-8) 


Ay,  = 


Ay 

cos  Ale 


0.25 

0.6858 


0.365 


— — - = 0.995  (Figure  4.1.3.2-60) 

(CN«)theor, 

|CN  j = (0.995)  (2.305)  = 2.293  per  rad  = 0.040  per  degree 


Calculate  the  tail-body  interference  factors  from  Section  4. 3. 1.2 


dH  2(1.665) 


10.73 


= 0.3103 


tB(H) 


= 0.324  (Figure  4.3. 1.2-1 2a) 


/3Ah  = (1.744)  (3.0)  = 5.232 


kH(B)  = °'983  (Figure  4.3. 1.2-1 2b) 
kB(H)+kH(B)  = 0.324  + 0.983  = 1.307 


6.2.1.2-14 


Calculate  the  lateral  center-of-pressure  coordinate 


yH 


(Equation  6.2.1.2-d) 


= (0.4)  (3.7)+  1.665  = 3.145  in. 


m (3.145X18.24)  . 
bySy  (24.0)  (144.0) 


Calculate  the  body  vortex  interference  factors  from  Section  4.3.1 .3 


r _ 1.665 
bH  12  " 3.7 


0.45 


© 

© 

© 

© 

© 

© 

© 

© 

yr 

ft 

X 

1 

X 

y0/r 

*0/r 

r 

y„ 

57  J \ , / 

2iraVr 

bH 

n 

e 

<dag| 

(Fig.  4.3.1 .3-1 3a) 

(Fig.  4.3.1.3-14} 

(Fig.  4.3.1 .3-1 3b) 

(corractad)* 

(Fig.  4.3.1.3-15) 

© (0.45) 

1 

17.0 

0695 

0690 

1.110 

1.110 

0.54 

12 

11.15 

2.268 

0.700 

1.600 

1.600 

0.87 

16 

8.52 

3.758 

0.742 

1680 

1680 

1.18 

1 

© 

© 

© 

*0 

= / 

T \l  ' \ 

bH#« 

'VBW 

VB(H>  | 

2«Vr^bH#/2/ 

(dag) 

© (0.45) 

(Fig.  4.3.1. 3-7a-l) 

© © (0.45) 

0 

4 

8 

0.499 

-0.125 

-0.0304 

12 

0.720 

-0.226 

-0.0885 

16 

0346 

-0.242 

-0.1288 

'(-)  • - 
' r ’ corrected  r 


-0 


(tail  located  on  body  cantor  lint). 


6.2.1.2-15 


Solution: 


C,  = 0.35  i, 


B(H)  127raVr 


) (b„c/2)  + (Kh(B)  + kB(H))  (C%) 


It  bwsw 


(Equation  6.2.1.2-c) 


°'35[%<H>  (2mVr)(b„t/2)  + U° 
“ 0-000232 


+ 1.307  (0.040)  (0.0166) 


+ 0.000303 


vB(H)l  2m»Vr 


-0.0304 


-0.1 285 


(per  deg) 


0.000303 


0.000296 

0.000282 

0.000273 


The  calculated  results  are  compared  with  test  values  from  Reference  8 in  Sketch  (e). 


CALCULATED 

O EXPERIMENTAL 


(per  deg) 


8 

a (deg) 


SKETCH  (e) 


6.2.1.2-16 
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SUPERSONIC  TAIL-ROLL-CONTROL  EFFECTIVENESS 
DATA  SUMMARY  AND  SUBSTANTIATION 
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FIGURE  6.2.1.3-23  VARIATION  OF  SPANWISE  LOCATION  OF  CENTER  OF  PRESSURE 
WITH  COMPRESSIBLE  SWEEP,  ASPECT  RATIO,  AND  TAPER  RATIO 
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6.2.2  YAWING  MOMENT  DUE  TO  ASYMMETRIC  DEFLECTION  OF  CONTROL  DEVICES 


6.2.2.1  YAWING  MOMENT  DUE  TO  CONTROL  DEFLECTION 


Yawing  moments  due  to  aileron  deflection  arise  from  two  sources.  The  first  is  the  asymmetric  change  in 
the  induced  drag  of  the  wings;  the  induced  drag  of  the  wing  with  the  down-going  aileron  increases  and  that 
of  the  wing  with  the  up-going  aileron  decreases.  The  second  is  the  increase  in  profile  drag  due  to  flap  deflec- 
tion. The  profile  drag  increases  almost  equally  for  positive  and  for  negative  flap  deflections.  The  yawing 
moments  due  to  the  profile-drag  increments  of  antisymmetrically  deflected  ailerons  therefore  tend  to  cancel. 
The  methods  of  this  section  for  estimating  the  yawing  moment  due  to  aileron  deflection  are  derived  from 
induced-drag  changes  and  neglects  contributions  due  to  profile  drag. 

For  spoilers  that  deflect  on  one  wing  panel  at  a time,  the  profile  drag  cannot  be  neglected.  The  methods 
presented  for  estimating  the  yawing  moment  due  to  spoiler  deflection  therefore  include  the  contributions 
due  to  induced-drag  and  profile-drag  changes. 

Additional  discussion  on  the  aerodynamic  aspects  of  aileron  and  spoiler  controls  is  found  in  Sections 
6.1. 1.1,  6.1. 1.2,  6.1. 1.3,  and  6.2.1. 1. 

A.  SUBSONIC 


DATCOM  METHODS 


Aileron-Type  Controls 

The  method  for  determining  the  yawing  moment  of  plain  trailing-edge-flap  controls  is  taken  from  Reference  1 
The  method  is  empirical  in  nature  and  is  based  on  a limited  amount  of  test  data. 

For  aileron-type  controls  that  extend  to  the  wing  tip,  the  yawing  moment  due  to  aileron  deflection  resulting 
from  the  unsymmetrical  change  in  induced  drag  may  be  approximated  by 

(6,  " 8r> 

c.  - KCtC|s  — 6.2.2.1-, 

where 

K is  an  empirical  factor/iepending  upon  planform  geometry,  obtained  from  Figure  6.2.2. 1-9.  This 
design  chart  is  taken  from  Reference  1 and  is  based  on  the  data  ofReferences2  through  7. 

C.  is  the  rolling  effectiveness  of  the  aileron  (per  radian),  obtained  by  using  the  method  of  Paragraph 
* A of  Section  6.2. 1.1  for  the  appropriate  subcritical  Mach  number. 

CL  is  the  lift  coefficient  for  zero  aileron  deflection. 

SR  is  the  right-hand  control  deflection  in  radians  (positive  trailing  edge  down). 

SL  is  the  left-hand  control  deflection  in  radians  (positive  trailing  edge  down). 

For  aileron-type  controls  not  extending  to  the  wing  tip.  Equation  6.2.2. 1 -a  is  used  to  compute  the  difference 
in  the  yawing  moments  of  two  hypothetical  ailerons— one  extending  from  the  inboard  location  of  the  actual 
aileron  to  the  wing  tip  and  the  other  extending  from  the  outboard  location  of  the  actual  aileron  to  the  wing 
tip.  The  difference  in  the  yawing  moments  of  these  two  hypothetical  ailerons  gives  the  yawing  moment  of 
the  actual  aileron. 


6.2.2.1-1 


The  method  is  valid  for  attached-flow  conditions  only;  i.e.,  wing  angle  of  attack  and  control  deflection  where 
no  flow  separation  exists. 

A sample  problem  illustrating  the  use  of  this  method  is  presented  on  Page  6.2.2. 1 -3. 

Not  enough  test  data  are  available  to  permit  either  an  independent  verification  or  an  extension  of  this 
method.  Therefore,  caution  should  be  used  in  applying  the  method  to  configurations  whose  geometric 
parameters  fall  outside  the  ranges  of  those  of  the  configurations  ofReferences2  through  7 (see  Figure 
6.2.2. 1-9). 

Spoilers 


Plug  and  Flap-Type  Spoilers 

The  subsonic  yawing  moment  due  to  spoiler  deflection  is  obtained  from  Figures  6.2.2. 1-10  and  6. 2. 2.1-1 1 
for  straight  wings  and  swept  wings,  respectively.  The  charts  are  from  Reference  1 and  are  based  on  the  data  of 
References 6 through  1 1.  They  are  applicable  to  plug  and  to  flap-type  spoilers  at  zero  angle  of  attack  and  for 
spoiler  heights  above  the  wing  surface  between  2 and  10  percent  of  the  local  wing  chord.  However,  the 
applicability  of  the  charts  to  inboard  spoilers  on  swept  wings  is  questionable. 

Not  enough  experimental  data  are  available  to  permit  either  an  independent  verification  or  an  extension  of 
this  method.  Therefore,  the  method  is  limited  to  the  ranges  of  parameters  presented  on  the  design  charts. 

It  should  be  noted  that  the  swept-wing  design  chart  is  based  on  test  data  from  configurations  with  a con- 
stant spoiler  chordwise  location  of  0.70c. 

The  design  chart  values  of  Cn  are  for  a spoiler  deflected  on  one  panel  based  on  the  total  wing  area  and 
wing  span. 

Sample  Problem  2 on  IJage  6.2.2. 1 -4  illustrates  the  use  of  this  method, 

Spoiler-Slot-Deflector 

The  use  of  spoiler-slot-defiector  combinations  increases  the  effectiveness  and  hence  the  yawing  moment  due 
to  spoiler  deflection.  The  yawing  moment  due  to  a spoiler-slot-deflector  combination  at  zero  angle  of  attack, 
where  the  spoiler  deflection  is  equal  to  the  deflector  deflection  (5s/6d  •-  1.0)  is  given  by 

'^■n ' ipoiler-ilot-deflector  ^ plain  tpoiler  6.2.2.1-b 

where 

K is  the  ratio  of  the  yawing-moment  coefficient  of  a spohcr-slot-defiector  to  that  of  a 

plain  spoiler,  obtained  from  Figure  6.2,2, 1-1 2 as  a function  of  the  compressible  sweep 
parameter  M cos  Acy4  This  chart  is  based  on  data  from  References  12  through  14. 

<Cn)  pijjn  is  the  yawing-moment  coefficient  of  a plain  flap-type  spoiler  deflected  on  one  wing  panel, 
spoiler  based  on  the  total  wing  area  and  span,  obtained  from  either  Figure  6.2.2. 1-10  or 
6.2.2.1-11. 

For  higher  angles  of  attack,  a decrease  in  Cn  due  to  piug  and  to  flap  spoilers  is  experienced.  As  the  stall  is 
approached,  the  yawing  moment  for  these  spoilers  becomes  zero.  The  use  of  a slot  and  deflector  in  combina- 
tion with  a plug  or  a flap  spoiler  improves  its  effectiveness  at  high  angles  of  attack  (see  Section  6.2.1 .1 ) and 
hence  gives  a significant  yawing-moment  increment  for  these  angles. 

Not  enough  test  data  are  available  to  extend  this  method  to  configurations  employing  differential  spoiler- 
deflector  deflections. 


Application  of  this  method  is  illustrated  by  Sample  Problem  3 on  Page  6.2.2.1  -4. 


Sample  Problems 


1.  Aileron-Type  Control 

Given:  The  wing-control  configuration  ofReference4. 
Wing-Control  Characteristics: 


Aw  = 3.94  \w  = 0.625  ALE  = 42° 

S w = 32.8  sq  ft  — — = 0.50  6L  =15° 

bw/2 

Additional  Characteristics: 


Low  speed 
a (deg)  CL 

2 0.110 

4 0.230 

6 0.350 


C j (per  rad) 


0.1 180 
0.1158 
0.1126 


> Test  results 


Compute: 


K =-0.261  (Figure  6.2.2. 1 -9) 
fi.  - Sr 

— = 15°  = 0.262  rad 

2 

Solution. 

(«L  -fiR) 

Cn  = KClC/5 (Equation  6.2.2. 1-a) 

= (-0.261)  (0.262)  C.  C, 

L ‘6 

=-0.0684CL  C ^ 


bw  » 11.38  ft 
«R  "-150 


o 

© 

© 

0 

0 

O' 

(defl) 

CU 

% 

(par  rad) 

©® 

<Cn»c.c 

-0.0684(7) 

*Cn't«t 

2 

0.110 

0.1180 

0.01298 

-0.00089 

-0.0010 

4 

0.230 

0.1158 

0.02663 

-0.00182 

-0.0018 

6 

0.350 

, J 

0.1126 

0.03941 

-0.00270 

•0.0026 

6.2.2. 1-3 


These  test  data  have  been  used  in  the  derivation  of  Figure  6.2,2. 1-9;  therefore,  the  sample  problem  is 
not  an  independent  verification  of  the  method. 

2.  Spoiler 

Given:  The  wing-control  configuration  of  Reference  15. 

Wing-Control  Characteristics: 


Sw  = 324  sq  in. 

Aw  = 0.60  Aw  = 4.0  bw 

bs 

Flap-type  spoiler 

x /c  = 0.70  — ; = °-50 

^ bw/2 

= 0.639 

bw/2 

— = 0.025,0.05,0.075,0.100 
c 

= 36.0  in. 


Ale  = 35.1° 


Solution: 


i 

C 

A 

6,/c 

Hfl.  6.2.2.1-11 

Cn 

Cite 

Cn 

Tast 

.025 

0,04 

0.0010 

0.00085 

.050 

0,04 

0.0020 

0.0020 

.075 

0.04 

0.0030 

0.0031 

.100 

0.04 

0.0040 

0.0034 

3.  Spoiler-Slot- Deflector 

Given:  The  wing-control  configuration  of  Reference!  5.  This  is  the  configuration  of  Sample  Problem  2 

with  the  addition  of  a slot  opening  and  a hinged  deflector. 


Wing-Control  Characteristics: 

Sw  ~ 324.0  sq  in.  bw  = 36.0  in. 


lc/4 


= 32.0° 


c 


c 


The  following  test  values  of  (C, ) plain  spoilef . 


C 

plain 
ipoller 
(tart  results 
fromRBf.  15) 

.025 

0.00085 

.050 

0.0020 

.075 

0.0031 

.100 

0.0034 

6. 2.2. 1-4 


Additional  Characteristics: 


M = 0.40 


Compute: 

M cos  Ac/4  = 0.40  (0.8425)  = 0.3370 

K = 2.33  (Figure  6.2.2.1-12) 

Solution: 

<Cn  > spoiler-  = K (Cn  > plain  (Eq^tion  6.2.2. 1-b) 
slot-  spoiler 

deflector 


c 

plain  spoiler 

<C  1 

n spoller-slot-deflector 

Calc 

(C  ) 

n spoller-slot-deflector 

Test 

.02S 

0.00085 

1 " " 'I 

0.0020 

0.0025 

.050 

0.0020 

0.0047 

0.0042 

.075 

0.0031 

0.0072 

0.0080 

.100, 

0.0034 

0.0079 

0.0090 

B.  TRANSONIC 


Force  and  moment  characteristics  at  transonic  speeds  are  difficult  to  generalize  because  of  the  nonlinear 
pature  of  the  flow  equations  and  interacting  shock-wave-boundary-layer  separation  effects  (see  Section 
4. 1.3.2).  The  method  presented  here  is  intended  to  give  a first-order  approximation  only  and  to  provide 
a guide  to  aid  in  fairing  between  subcritical  and  supersonic  speeds. 

DATCOM  METHOD 


No  specific  charts  are  presented  for  determining  the  transonic  yawing  moment  of  lateral-control,  devices.  The 
best  source  of  information  of  this  type  is  experimental  data  on  similar  configurations.  If  such  information  is 
not  available,  the  following  approach  may  be  used  as  a guide  in  fairing  between  subcritical  and  supersonic 
speeds. 

A first-order  approximation  of  the  transonic  yawing  moment  of  lateral-control  devices  is  given  by 


C. 


<Cn> 


M = 0.6 


6.2.2. 1-c 


where 

(C„)  1^  = o.s  “ yawing  moment  of  the  control  at  M = 0.6,  obtained  by  using  the  appropriate 
method  of  Paragraph  A of  this  section. 


6.2.2. 1-5 


i ilwfc 


is  the  transonic  wing-lift-curve  slope,  obtained  from  Paragraph  B of  Section  4. 1.3.2. 


(CJ 

j is  the  wing-lift  curve  slope  at  M = 0.6;  obtained  by  using  the  straight-tapered-wing 

‘ a'M  = 0-6  method  of  Paragraph  A of  Section  4. 1 .3.2  (Figure4. 1 .3.2-49 ). 


It  should  be  noted  that  this  approximation  applied  to  spoilers  neglects  the  effect  of  transonic  wave  drag, 
which  can  be  very  significant.  Therefore,  when  applied  to  spoilers,  the  method  should  be  considered  only 
for  the  purpose  of  establishing  the  trend  through  the  transonic  region,  and  not  as  an  approximation  of 
the  magnitude  of  the  yawing  moment. 

C.  SUPERSONIC 


Methods  are  presented  at  supersonic  speeds  for  approximating  the  yawing  moment  due  to  aileron-type 
controls  and  to  plug  or  to  flap-type  spoilers.  No  method  is  presented  for  estimating  the  supersonic 
yawing  moment  due  to  spoiler-slot-deflectors.  Published  test  data  on  spoiler-slot-deflector  characteristics 
at  supersonic  speeds  are  extremely  limited.  References  '6  and  17  present  test  data  on  spoiler-slot- 
deflector  controls  at  supersonic  speeds. 


DATCOM  METHOD 


Aileron-Type  Controls 

Supersonic  values  of  yawing  moment  due  to  flap  deflection  are  obtained  from  Figure  6.2.2. 1-1 3.  This  chart 
is  tak  jn  from  Reference  1 and  is  based  on  the  method  of  computing  drag  due  to  lift  in  Reference  1 8 and  on 
a limited  amount  of  test  data  from  References  1 9 and  20. 

Not  enough  test  data  are  available  to  permit  either  an  independent  verification  or  an  extension  of  this 
method.  Therefore,  caution  should  be  used  in  applying  the  method  to  configurations  whose  geometric 
parameters  fall  outside  those  of  the  configurations  ofReferencesl9  and  20  (see  Figure  6.2.2. 1 -13). 

Spoilers 


Plug  and  Flap-Type  Spoilers 

The  supersonic  yawing-moment  coefficient  due  to  spoiler  deflection  of  a plug  or  a flap-type  spoiler, 
deflected  on  one  panel,  based  on  the  total  wing  area  and  span,  is  obtained  from  Figure  6.2.2. 1 -1 4 as  a 
function  of  Mach  number  and  configuration  geometry.  The  design  chart  is  based  on  the  data  from 
References  10  and  21  through  23. 

A comparison  of  test  values  with  results  calculated  by  using  this  method  is  presented  asTable  6.2.2. 1-A. 
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FIGURE  t.2. 2.1-14  SPOILER  YAWING  MOMENT  AT  SUPERSONIC  SPEEDS 
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6.2. 2.2  YAWING  MOMENT  DUE  TO  A DIFFERENTIALLY  DEFLECTED 
HORIZONTAL  STABILIZER 


No  methods  are  available  for  estimating  the  yawing  moments  due  to  a differentially  deflected 
horizontal  stabilizer,  and  the  data  available  for  correlation  are  limited.  However,  a brief  discussion, 
taken  essentially  from  Reference  1,  is  given  pertaining  to  the  qualitative  and  quantitative  aspects  of 
yawing  moments  associated  with  tail  roll  control. 

Associated  with  tail  roll  control  are  yawing  moments,  varying  in  magnitude  and  direction  as  a 
function  of  Mach  number,  angle  of  attack,  and  vehicle  geometry.  These  yawing  moments  can  be 
attributed  to  (1 ) the  pressure  differential  induced  on  the  vertical  tail  as  a result  of  the  differentially 
deflected  horizontal  tail,  (2)  the  drag  component  associated  with  each  horizontal-tail  panel,  and 
(3)  the  dihedral  of  the  horizontal  tail.  For  most  configurations  and  test  conditions,  the  differential 
pressure  on  the  vertical  tail  is  the  dominating  factor. 

Yawing-moment  data  are  generally  presented  in  the  form  of  the  parameter  Cns/C/6  (ratio  of 
yawing  moment  to  rolling  moment  produced  by  roll  control).  For  low-horizontal-tail  configura- 
tions, tail  roll  control  up  to  M **  1.0  produces  very  large  favorable  yawing  moments,  which 
decrease  with  increasing  angle  of  attack  but  tend  to  remain  positive  over  the  angle-of-attack  range 
(a  « 0 to  22° ) for  which  test  data  are  available.  These  large  yawing  moments  are  due  primarily  to 
the  induced  pressure  differential  on  the  vertical,  panel.  This  pressure  differential  on  the  vertical  tail 
also  tends  to  reduce  the  rolling  moment  for  a low-tail  configuration. 

At  supersonic  speeds,  the  load  carry-over  from  the  horizontal  tail  to  the  vertical  tail  decreases  with 
increasing  Mach  number.  The  attendant  result  is  that  at  supersonic  speeds  the  tail  roll  control  will 
produce  smaller  favorable  yawing  moments  at  low  angles  of  attack  and  possibly  adverse  yawing 
moments  at  high  angles  of  attack.  For  a specific  configuration,  if  the  Mach  number  is  high  enough, 
adverse  yaw  due  to  tail  roll  control  is  a possibility  throughout  the  angle-of-attack  range.  Sketch  (a) 
presents  representative  yawing-moment  data  produced  by  roll  control  for  a low-tail  configuration  as 
a function  of  Mach  number  and  angle  of  attack. 
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SKETCH  (a) 


The  vertical  position  of  the  horizontal  tail  is  the  most  important  parameter  in  determining  the 
relative  magnitude  and  direction  of  the  yawing  moment  due  to  roll  control  (References  1 and  2). 
The  variations  in  yawing  moment  due  to  roll  control  shown  in  Sketch  (b)  are  representative  of  the 
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effect  of  the  horizontal-tail  location.  These  variations  would  enable  the  designer  to  position  the 
horizontal  tail  to  avoid  large  undesirable  yawing  moments,  longitudinal  stability  permitting.  In  this 
connection,  it  may  also  be  pointed  out  that  it'  a ventral  fin  is  used  on  the  airplane  for  high-speed 
stability,  the  yawing  moments  for  a low  tail  position  would  be  smaller.  If  the  yawing  moments 
cannot  be  adjusted  to  a satisfactory  value  by  positioning  the  tail,  it  might  be  necessary  to  adjust 
them  by  linking  the  rudder  in  with  the  tail  roll  control, 


SKETCH  (b) 
Dihedral  Effects 


The  results  of  dihedral  variation  on  yawing  moment  due  to  roll  C,lfi/C;6  are  of  significant 
importance.  The  lateral  component  of  the  horizontal-tail  loads  increases  with  negative  dihedral,  and 
the  load  induced  on  the  vertical  tail  by  differential  horizontal-tail  deflection  is  reduced  by  increases 
in  negative  dihedral.  The  combined  effect  of  these  lv.o  phenomena  is  a substantial  increase  in  the 
yawing-moment  parameter  C„{/Q6  with  increasing  negative  dihedral  angle  over  a large 
angle-of-attack  range.  The  variation  of  the  yawing  moment  due  to  tail  roll  control  is  shown  in 
Sketch  (c)  (Reference  3).  Consequently,  if  negative  tail  dihedral  is  employed  on  a low-tail 
configuration  to  improve  the  linearity  of  the  pitching-moment  curves,  for  example,  and  differential 
tail  deflection  is  utilized  to  augment  low-speed  roll  control;  then  the  favorable  yawing  moment 
associated  with  tail  roll  control  will  be  aggravated  further.  Of  course,  if  a ventral  fin  is  employed  on 
the  configuration,  the  loads  induced  on  the  ventral  would  be  increased,  tending  to  offset  the 
additional  yawing  moment  due  to  negative  dihedral;  however,  this  effect  would  not  be  strong 
enough  to  cancel  the  effect  created  by  negative  dihedral.  Op  the  other  hand,  for  low-tail 
configurations  at  supersonic  speeds  where  the  yawing  moment  due  to  tail  roll  control  is  adverse, 
negative  tail  dihedral  would  be  favorable. 
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Flap  Effects 


The  effects  of  flaps  on  yawing  moment  due  to  roll  control  are  shown  for  two  different 
configurations  in  Sketch  (d).  Both  configurations  show  a substantial  increase  of  Cng  / Qg  with  flap 
deflection  at  low  litt  coefficients.  This  increase  is  primarily  the  result  of  a decrease  in  roll 
effectiveness  C/4 . 
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6.2.3  SIDE  FORCE  DUE  TO  ASYMMETRIC  DEFLECTION  OF  CONTROL  DEVICES 


The  side-force  increment  due  to  the  asymmetric  deflection  of  control  devices  on  a plain  wing  is  usually 
small  enough  to  be  neglected.  At  supersonic  speeds,  however,  strong  shock  waves  can  be  generated  from 
deflected  controls.  These  shock  waves  frequently  impinge  on  vehicle  components  and  cause  considerable 
forces  and  moments  by  means  of  their  direct  pressure  effect  and  by  boundary-layer-separation  effects. 

For  the  purpose  of  the  Datcom,  it  is  assumed  that  the  side  force  due  to  asymmetric  control  deflection  is 
sufficiently  small  to  be  neglected.  Some  data  on  the  side  force  due  to  asymmetric  control  deflection  on 
wing-body  combinations  at  supersonic  speeds  mav  be  found  in  reference  1 . 
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6.3  SPECIAL  CONTROL  METHODS 


6.3.1  AERODYNAMIC  CONTROL  EFFECTIVENESS  AT  HYPERSONIC  SPEEDS 

The  interest  in  aircraft  and  re-entry  vehicles  operating  at  hypersonic  speeds  has  created  the  need  for 
establishing  preliminary-design  methods  for  predicting  the  effectiveness  of  aerodynamic  controls  of  such 
vehicles  at  hypersonic  speeds. 

This  section  presents  a procedure,  taken  from  reference  1 , for  applying  the  correlation  results  presented  in 
reference  1 to  the  prediction  of  hypersonic  control  effectiveness. 

The  development  of  efficient  hypersonic  vehicles  involves  solutions  of  complex  problems  associated  with  the 
severe  environment  of  hypersonic  flight.  Control  characteristics,  particularly  at  hypersonic  speeds,  are 
greatly  affected  by  flow  separation  phenomena.  Flow  separation  can  occur  ahead  of  deflected  flaps,  on  the 
leeward  side  of  a surface  inclined  at  large  angles  of  attack,  near  the  impingement  of  a shock  wave  upon  the 
boundary  layer  of  a body,  and  on  a curved  surface.  Control  effectiveness  may  be  increased,  limited,  or  com- 
pletely nullified  because  of  boundary- layer  separation.  Pressure  distributions  over  the  control  and  the  basic 
configuration  can  be  greatly  altered  because  of  separation  effects.  Heat-transfer  rates  are  changed  on  the  con- 
trol surfaces  and  the  basic  configuration  both  upstream  and  downstream  of  the  control.  The  interaction 
region  is  characterized  by  a reduction  of  local  heating  rates  in  the  separated  region  and  a substantial  heating 
rate  increase  at  the  reattachment  point.  It  is  therefore  essential  to  understand  the  flow-separation  phenomena 
and  to  describe  the  flow  conditions  in  the  separated  region. 

In  reference  l.semiempirical  correlations  are  developed  for  the  characteristic  parameters  of  a separated  flow 
at  hypersonic  speeds.  These  correlations  describe  the  pressure  and  heat-transfer  distributions  in  terms  of  local 
flow  properties  by  defining  characteristic  magnitudes  and  distance  parameters.  Knowing  these  quantities, 
relations  for  incremental  aerodynamic  force  and  moment  coefficients  are  developed. 

In  order  that  the  Datcom  user  may  better  understand  the  control  effectiveness  methods  presented  in  this 
section,  general  discussions  of  hypersonic  flow  separation  and  the  effects  of  the  influence  of  separation  on 
controls  are  presented.  These  general  discussions  are  essentially  quoted  from  reference  2 and  present  only 
the  salient  aspects  of  hypersonic-flow  separation  and  its  influence  on  aerodynamic  controls.  The  reader  can 
obtain  a more  thorough  review  of  hypersonic-flow  separation  phenomena  from  references  1 and  3. 

HYPERSONIC-FLOW  SEPARATION 

Separated  flows  are  characterized  by  the  prevailing  type  of  boundary  layer:  laminar,  turbulent,  or  transi- 
tional. The  pressure  rise  and  the  extent  of  the  separated  region  depend  upon  the  characteristics  of  the 
boundary  layer. 

In  general,  boundary-layer  separation  occurs  whenever  the  streamwise  pressure  increase  along  a surface  is 
sufficient  to  overcome  the  forces  acting  to  accelerate  a fluid  particle,  or  when  the  streamline  curvature 
necessary  to  follow  the  surface  contour  cannot  be  sustained  by  the  pressure  gradient  normal  to  the  surface. 

In  steady-flow  aerodynamic  problems  the  only  forces  acting  to  accelerate  the  low-momentum  fluid  near  the 
wall  against  a pressure  gradient  are  the  shear  forces  between  layers  of  fluid.  Because  the  momentum  of  the 
fluid  near  the  wall  is  quite  low,  a relatively  small  amount  of  deceleration  by  the  pressure  gradient  is  suf- 
ficient to  bring  about  separation.  Turbulent  flow  helps  to  delay  the  occurrence  of  separation,  because  the 
turbulent  fluctuations  increase  the  effective  shear  forces  and  thereby  increase  the  adverse  pressure  force 
necessary  to  reverse  the  flow  of  the  fluid  near  the  wall. 

The  greatly  increased  effective  viscosity  due  to  turbulent  fluctuations  enables  the  equilibrium  between 
pressure  and  shear  to«v«  near  the  wall  to  occur  at  much  greater  adverse  pressure  rises  in  turbulent  boundary 
layers.  Because  of  the  connection  between  pressure  rise  and  flow  turning  angle,  this  higher  pressure  corres- 
ponds to  a much  shorter,  thicker  separated  zone  for  the  same  initial  boundary-layer  thickness.  Cases  pre- 
sented by  Schlichting  (reference  4)  and  Howarth  (reference  5)  show  turbulent  pressure  rises  twice  the  lami- 
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nar  ones,  while  the  laminar  separation  /one  extends  10  times  farther  than  the  turbulent  one.  A similar 
thickening  (and  simultaneous  pressure  rise)  occurs  in  a transitional  separation  when  the  mixing  zone  becomes 
turbulent,  and  the  downstream  How  soon  approaches  a condition  very  similar  to  the  equivalent  turbulent 
separation.  Upstream  of  the  transition  point,  the  flow  has  the  character  of  the  corresponding  laminar 
separation  zone.  The  location  of  the  transition  point  therefore  plays  a distinct  role  in  determining  the  pres- 
sure distribution  (see  references  6 and  7), 


Present  indications  are  that  shock-induced  laminar  separation  pressure  distributions,  and  to  a limited  extent 
turbulent  ones,  are  independent  of  the  type  of  geometry  producing  separation  (see  reference  6).  However, 
the  turbulent  peak  pressure  rise  often  depends  significantly  on  geometry  (references  6 and  8 through  1 1). 
This  difference  in  dependence  can  probably  be  attributed  to  the  greatly  increased  effective  viscosity  in 
turbulent  flow  enabling  the  wall  contour  within  the  separated  zone  to  transmit  its  effect  more  strongly  to 
the  outer  flow. 

Typical  surface  pressure  distributions  for  laminar  and  turbulent  boundary  layers  are  presenteu  in 
sketches  (a)  and  (bt.  respectively. 


WALL  PRESSURE  DISTRIBUTION  IN  THE  VICINITY  OF  LAMINAR  SEPARATION 


SKETCH  (a) 


The  laminar  boundary  layer  has  a characteristic  plateau  where  the  pressure  remains  almost  constant  over 
most  of  the  separated  flow  region.  The  separation  pressure  coefficient  is  based  on  the  pressure  rise  from  the 
undisturbed  stream  to  the  separation  point.  As  explicitly  mentioned  by  Love  (reference  1 2),  this  is  not  to  be 
confused  with  the  pressure  rise  needed  to  cause  separation. 
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WALL  PRESSURE  DISTRIBUTION  IN  THE  VICINITY  OF  TURBULENT  SEPARATION 

SKETCH  (b) 


The  separated  turbulent  boundary-layer  pressure  distribution  has  no  plateau  region  but  rises' to  an  inflection 
value.  The  final  pressure  after  reattachment  is  usually  that  given  by  inviscid  theory.  Occasionally,  a situation 
arises  wherein  there  is  a pressure  rise  above  the  inviscid  value  followed  by  an  expansion  to  the  inviscid  value. 
This  is  caused  by  a lower  local  entropy  level  due  to  the  multiple-shock  compression  of  the  inviscid  flow  near 
the  separation  and  reattachment  points.  The  multiple-shock  compression  is  a more  efficient  process  than  the 
single-shock  compression,  resulting  in  a higher  local  total  pressure.  It  has  been  observed  occasionally  in  three- 
dimensional  hypersonic  separation,  and  there  is  good  reason  to  expect  it  in  other  situations  at  high  Mach 
numbers  where  multiple  oblique-shock  compression  can  exist. 

The  critical  pressure-rise  coefficient,  referred  to  herein  as  the  incipient  pressure-rise  coefficient  Cp^  , cor- 
responds to  the  minimum  over-all  pressure  for  which  separation  will  occur  (see  references  4,  7, 9,  10,  12, 
and  13).  The  current  indications  are  that  it  is  independent  of  the  particular  geometry  causing  the  pressure 

rise  (see  references  1 1 and  14),  although  this  may  not  prove  to  be  a general  rule.  C is  much  greater  and 

pinc 

is  a much  weaker  function  of  Reynolds  number  for  turbulent  boundary  layers  (C  ~ (R|)1/l0)  than  for 

pinc 

laminar  boundary  layers  (C  ~ (Ri)1/4  ).  Recent  correlations  presented  in  reference  1 substantiate  this 

Vine 

1/4-power  Reynolds-number  dependence  for  laminar  boundary  layers;  however,  the  range  of  Reynolds 
numbers  of  the  available  test  data  is  too  small  to  validate  the  1/!C  power  relation  for  turbulent  boundary 
layers.  Nevertheless,  this  dependence  does  correlate  the  available  turbulent  data  over  the  ranges  of  the  test 
conditions. 
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The  pressure  rise  due  to  separation  (plateau  pressure)  is  of  the  same  order  of  magnitude  as  the  critical 
pressure  rise,  and  exii  bits  the  same  type  of  dependence  on  Mach  and  Reynolds  numbers.  Detailed 
correlation  formulas  for  predicting  the  pressute-distribution  parameters  in  various  situations  arc  developed 
in  reference  1 , an:l  are  presented  in  the  Datcom  method  in  the  form  of  design  charts. 

Two  further  points  should  be  made  concerning  trie  genera!  characteristics  of  laminar  and  turbulent  scpaia 
tious.  First,  the  high  altitudes  and  large  stream-to-wall  temperature  ratios  characteristic  of  hypersonic  flight 
greatly  increase  the  probability  of  finding  laminar  flow.  And  second,  the  large  viscous  interaction  associated 
with  high  Mach  number  and  low  Reynolds  number  will  often  make  it  very  difficult  to  determine  experimentally 
or  theoretically  whether  separation  has  even  occurred,  let  alone  the  separation  location.  For  those  conditions 
where  separation  is  difficult  tc  detect,  the  effect  of  separation  on  loads  is  quite  small,  but  the  understanding 
of  the  flow  ar.d  the  prediction  of  heat  transfer  and  flow  stability  become  uncertain. 

The  stability  and  steadiness  of  separated  flows  cannot  be  predicted  v/ith  certainty  using  present  information. 

In  general,  cavities  appear  to  be  the  most  unstable  type  of  separated  geometry.  Unsteadiness  can  result  from 
a hysteresis  between  laminar  and  turbulent  separated-zone  conditions  if  the  flow  conditions  and  geometry 
are  of  certain  types,  e.g.,  a sharply  deflected  ramp  near  the  transition  point  of  a flat  plate.  Whether  all 
separated-zone  instabilities  are  associated  with  transition  or  whether  other  mechanisms  participate  must  be 
determined  by  future  investigations.  The  resonant  frequency  of  a cavity  would  be  one  important  parameter 
in  such  an  investigation.  Violent  macroscopic  flow  fluctuations  affect  heat-transfer  rates  and  wall  shear  forces 
near  the  separation  and  reattachment  points  because  of  the  Reynolds  stress  effect. 

1 i.e  relationships  between  heat  transfer  and  separation  in  laminar  and  turbulent  flow  are  poorly  understood. 
Chapman  (reference  1 5)  theoretically  estimates  a ratio  of  heat  transfer  in  a laminar  separated  zone  to  that  in 
the  attached  layer,  of  0.56.  The  experiments  of  Larson  (reference  16)  substantiate  this  estimate.  Chapman  , 
mentions  that  turbulent  separation  regions  can  have  heat-transfer  rates  as  high  as  six  times  the  equivalen' 
rates  for  the  attached  layer  at  low  Mach  numbers,  but  this  ratio  decreases  greatly  with  increasing  Mach 
number.  The  turbulent-flow  measurements  of  Larson  do  not  show  this  high  ratio  at  low  Mach  numbers,  but 
the  theory  appears  to  approach  the  measurements  at  high  Mach  numbers.  Larson  states  that  the  discrepancy 
is  probably  due  to  the  failure  of  the  theory  to  include  the  proper  temperature  - heat-transfer  relationships 
foi  the  experiments.  !t  appears  doubtful  whether  very  large  increases  in  heat  transfer  will  ever  be  found  in 
steady,  separated  regions.  In  short,  turbulent  and  transitional  separations  may  lead  to  heat-transfer  rates 
higher  than  the  equivalent  attached  boundary  layer,  but  2t  high  Mach  numbers  the  ratio  appears  to  be  about 
0.50  to  0.70,  which  is  nor  indicated  satisfactorily  by  present  theory.  Local  iw-reases  in  heat-transfer  rate  near 
reattachment  are  mentioned  in  reference  16,  but  these  were  not  always  found  by  the  other  investigators 
mentioned  in  reference  16. 

File  converse  effect,  i.e.,  the  effect  of  heat-transfer  on  separation  characteristics,  is  also  not  understood  (see 
references  16  through  25).  Sogin  states  in  his  survey  report  (reference  24)  that  there  is  much  disagreement 
between  theory  and  experiment  regarding  the  effects  of  heat  transfer  on  either  laminar  or  turbulent 
separated  flow;;.  Thus,  theoretical  results  for  laminar  boundary  layers  {references  17  through  2.1  and  32  and 
33'  indicate  separation  should  be  delayed  by  cooling;  experimental  results  in  references  32  ar.d  33  tend  tc 
substantiate  this  theory,  while  those  in  references  16  and  26  through  28  do  not  Gadd  further  states  that  if 
the  turbulent  boundary  layer  could  be  treated  analytically  it  should  also  show  separation  delayed  by  cooling 
(refeRMues  26  and  27),  but  poor  experimental  agreement  is  obtained.  The  resolution  of  this  uncertainty  is 
vary  important,  as  it  Hears  directly  on  the  application  of  wind-tunnel  data  (equilibrium  wall)  to  flight 
problems  (usually  cold  wail). 

INFLUENCE  OF  SEPARATION  ON  CONTROLS 

Control  characteristics,  particularly  at  hypersonic  speeds,  are  often  greatly  affected  by  separation.  As  pre- 
viously noted,  control  effectiveness  may  be  increased,  limited,  or  completely  nullified  because  of 
boundary-layer  separation.  Pressure  distributions  over  controls  and  on  the  basic  configuration  may  be 
greatly  altered  due  to  separation  effects,  changing  drastically  the  moment  coefficients  predicted  by  inviscid 
theory.  Heat-transfer  rates  arc  changed  on  the  control  surfaces  and  on  the  basic  configuration  both  upstream 
and  downstream  of  the  control.  Separation  effects  must  therefore  be  considered  in  both  the  design  and  !ov?.- 
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tion  of  controls.  In  general,  separation  tends  to  smooth  out  the  sharp  changes  in  pressure  distributions  pre- 
dicted by  inviscid  theory,  and  can  cause  local  “hot  spots”  which  have  heat-transfer  rates  many  times  higher 
than  those  that  would  exist  for  attached  boundary  layers.  Separated  flow  phenomena  are  frequently 
unsteady  and  three-dimensional  in  nature,  and  undergo  large  changes  with  transition  from  laminar  to  turbu- 
lent flow,  further  complicating  the  analytical  treatment  of  a design.  Thus,  for  example,  hysteresis  effects  are 
noticeable  in  the  Cm  versus  a curves  for  some  control  configurations. 

Aerodynamic  forces  and  moments  on  a vehicle  may  be  chafnged  as  much  by  changing  the  pressure  distribu- 
tion on  the  basic  configuration  as  they  would  be  by  changes  in  the  normal  forces  acting  on  controls.  Leading- 
edge  controls,  for  example,  usually  are  not  directly  influenced  by  separation  but,  by  causing  separation,  they 
can  affect  the  pressures  and  heat-transfer  rates  over  the  eniire  configuration.  Some  effects  of  separation 
associated  with  controls  on  windward  and  leeward  surfaces  and  some  important  three-dimensional  and 
unsteady  flow  effects  of  separation  on  control  characteristics  are  presented  below. 

Leading-Edge  Controls 

Leading-edge  controls  contemplated  for  hypersonic  vehicles  include  flaps,  spoilers,  fins,  spikes,  and 
all-movable  noses.  The  importance  of  separation  for  such  controls  is  in  the  influence  on  the  entire 
flow  field  downstream  of  the  control.  Separation  behind  a deflected  leading-edge  flap  makes  any 
control  or  stabilizing  surface  downstream  of  the  flap  ineffectual.  Heat-transfer  rates  on  the  surface 
are  reduced  in  the  separated-flow  legion,  but  if  the  boundary  layer  reattaches  on  the  surface  the 
heat-transfer  rate  at  reattachment  can  be  several  times  larger  than  that  for  an  attached  boundary 
layer.  The  control  forces  and  hinge  moments  of  leading-edge  fins  and  flaps  would  not  be  directly 
influenced  by  separation.  Fins,  which  may  be  canards,  create  strong  vortices  which  can  cause 
boundary-layer  transition  and  contribute  to  the  possibility  of  unsteady  flow  over  the  downstream 
surfaces  of  the  configuration.  Comparable  effects  would  be  expected  for  large  amounts  of  all- 
movable nose  deflection  which,  neveruicless,  is  anticipated  to  be  a very  effective  trimming  device 
at  high  angles  of  attack.  The  importance  of  leading-edge  controls  in  influencing  the  entire  afterbody 
is  epitomized  by  the  use  of  spikes.  Flow-separation  spikes  in  front  of  blunt  bodies  may  reduce  the 
total  drag  of  the  body  by  effectively  streamlining  it.  Average  heat-transfer  rates  in  the  separated- 
flow  region  created  by  the  spike  are  significantly  reduced  in  laminar  flow,  although  the  local  heat- 
transfer  rate  at  reattachment  may  be  quite  high.  Deflectable  spikes  might  be  used  as  control  devices 
because  they  alter  the  pressure  distribution  in  the  forward  region  of  a body.  The  separated-flow 
region  caused  by  spikes,  however,  is  frequently  unsteady,  which  is  a most  unsatisfactory  control 
characteristic.  If  these  problems  can  be  worked  out,  spike  controls  could  become  a very  effective 
system  for  blunt  vehicles. 


Downstream  Controls 

Frequently  control  surfaces  located  downstream  cf  the  leading  edge  are  also  used  as  stabilizing 
devices.  Their  effectiveness,  however,  may  be  greatly  affected  by  upstream  separation  of  the 
boundary  layer.  The  inviscid  estimate  of  the  pressure  rise  due  to  deflecting  a control  into  the  local 
stream  is  a discontinuous  jump  in  the  pressure  distribution  on  the  surface  at  the  leading  edge  of 
the  control.  A similar  sudden  increase  in  the  inviscid  pressure  distribution  occurs  at  the  trailing- 
edge  shock  required  to  recompress  the  flow  over  an  expansion  surface.  In  the  actual  flow,  the 
sudden  pressure  rise  may  be  transmitted  upstream  through  the  subsonic  portion  of  the  boundary 
layer,  and  separation  may  occur  far  upstream  as  a result.  This  is  particularly  likely  for 
hypersonic  flow,  where  shocks  are  highly  swept,  and  for  laminar  boundary  layers,  which  have 
thicker  subsonic  portions  than  turbulent  boundary  layers.  Depending  upon  flow  conditions, 
the  boundary  layer  may  be  separated  over  the  major  portion  of  the  surface,  thereby  greatly 
influencing  the  effectiveness  of  controls  located  downstream  on  either  compression  or 
expansion  surfaces. 


6.3. 1-5 


Laminar  boundary-layer  separation  ahead  of  a deflected  flap  on  the  windward  surface  of  a vehicle 
spreads  the  How-deflection  pressure  rise  over  a much  larger  region  than  does  turbulent  separation. 
The  effectiveness  of  the  flap  in  creating  a moment  is  lessened  both  by  the  decrease  in  the  pressure 
distribution  on  the  flap  and  by  any  pressure  increase  occurring  on  the  surface  upstream  of  the 
moment  reference  center.  These  effects  tend  to  restrict  the  desired  rearward  movement  of  the 
center  of  pressure  and  reduce  the  effectiveness  of  the  control.  In  extreme  cases  the  center-of- 
pressure  location  with  laminar  separation  may  be  well  forward  of  that  for  a turbulent  boundary 
layer. 

The  extent  of  the  scparated-flow  region  and  the  pressures  imposed  on  the  surface  depend  on  the 
flap  deflection,  flow  conditions,  and  nature  of  the  boundary  layer  ahead  of  the  flap.  Reattachment 
of  the  separated  flow  on  the  flap  is  usually  accompanied  by  a local  heat-transfer  rate  several  times 
larger  than  that  corresponding  to  an  attached  boundary  layer;  the  average  heat  transfer  to  the 
separated-flow  region,  however,  is  reduced.  Similarly,  separation  affects  the  pressure  distribution 
on  vehicles  having  flared-skirt-type  stabilizing  surfaces.  Laminar  boundary-layer  flow  ahead  of 
small  protuberances  yields  pressure  distributions  closer  to  the  inviscid  predictions  than  does  turbu- 
lent flow.  A small  step  on  a surface  is  effectively  streamlined  by  laminar  separation  far  ahead  of  it, 
whereas  for  turbulent  separation,  a strong  shock  exists  ahead  of  the  step  and  there  is  a large 
increase  in  the  local  pressure. 

Separation  on  the  leeward  side  of  a vehicle  may  make  shielded  controls  (i.e.,  controls  which  do  not 
“see”  the  free  stream)  useless.  Several  factors  combine  in  making  leading-edge  separation  from  the 
leeward  surface  of  hypersonic  vehicles  particularly  probable.  Large  angles  of  attack  may  be  desir- 
able for  many  hypersonic  flight  paths.  Because  high  Mach  number  flows  have  small  limiting  expan- 
sion angles,  much  of  the  upper  surface  feels  only  the  leakage  flow  from  the  boundary  layer  where 
the  Mach  number  is  lower.  The  pressure  rise  due  to  tne  strong  trailing-edge  shock  may  be  propa- 
gated far  forward  through  ihe  thick  hypersonic  boundary  layer,  thus  increasing  the  possibility  of 
leading-edge  separation. Another  factor  enhancing  the  probability  of  separation  is  the  likelihood  of 
the  boundary  layer  being  laminar  with  consequently  thicker  subsonic  regions  and  at  the  same  time 
less  able  to  overcome  an  adverse  pressure  gradient  than  the  corresponding  turbulent  boundary 
layer.  The  effectiveness  of  controls  located  entirely  within  the  separated-flow  region,  such  as 
trailing-edge  flaps  or  fins,  would  be  nullified.  On  the  other  hand,  flow  separation  over  notches 
(cavities)  may  advantageously  be  used  to  control  the  drag  of  a hypersonic  vehicle;  for  essentially 
the  same  average  rate  of  heat  transfer  to  a hypersonic  vehicle,  the  drag  may  be  increased  by  an 
order  of  magnitude  by  the  employment  of  notches  in  the  surface  of  the  vehicle.  Separation  influ- 
ences both  the  type  and  the  location  of  control  devices.  Spoilers,  for  example,  would  be  ineffectual 
on  leeward  surfaces  of  hypersonic  vehicles  even  if  they  were  near  the  leading  edge.  Positive 
controls  that  always  “see”  the  free  stream  are  required. 

Three-Dimensional  and  Unsteady  Flow  Effects 

Separated-flow  regions  rarely  are  purely  two-dimensional  and  usually  are  unsteady.  Although  much 
insight  into  separation  phenomena  may  be  gained  by  using  two  dimensional  flow  analyses,  there 
are  important  effects  that  must  be  considered  three-dimensionally.  One  such  effect  is  the  large 
venting  of  the  separated  region  in  front  of  a ramp  of  finite  span.  The  fluid  in  the  separated 
region,  having  low  velocity  and  relatively  high  pressure,  expands  readily  into  the  low-pressure 
stream  at  the  tip,  and  the  mass  balance  of  the  two-dimensional  separation  is  upset.  Another  case  is 
that  associated  with  the  streamwise  flow  in  the  corner  at  the  juncture  of  a fin  and  the  surface  of 
the  configuration.  A strong  vortex  may  be  set  up  in  such  a corner  with  extreme  rates  of  heat  trans- 
fer associated  with  the  vortical  motion.  Another  important  three-dimensional  effect  is  the  coupling 
effect  of  a control  on  another  surface.  The  shock  wave  ahead  of  a blunt  control  or  ahead  of  a 
separated-flow  region  may  impinge  on  a transverse  surface.  Thus,  the  deflection  of  a vortical  fin  or 
rudder  may  cause  nonsynunetrical  separation  on  the  horizontal  surface  and  create  an  undesired 
rolling  or  pitching  moment.  Particularly  for  separation  occurring  near  the  point  of  transition  of  a 
laminar  to  turbulent  boundary  layer,  the  point  of  separation  and  the  associated  shock  wave  may 
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oscillate  about  some  mean  position.  Large  buffeting  loads  may  be  experienced  on  the  surface  and 
on  adjoining  surfaces  of  the  configuration.  Unsteady  flow  in  cavities  in  the  surface  of  a missile  may 
also  cause  structural  failure.  Laminar  boundary-layer  separation  with  large  center-of-pressure  shift 
may  be  experienced  at  a small  control  deflection,  while  if  the  deflection  is  increased  and  then 
decreased  to  its  initial  value,  the  separation  may  be  turbulent  with  a far  different  value  of  pitching 
moment  because  of  the  different  center-of-pressure  location.  This  hysteresis  is  extremely  difficult 
to  predict,  and  can  be  quite  dangerous. 

In  high  Mach  number  flows,  the  pressure  loads  produced  by  compression  surfaces  are  much  greater  than 
those  produced  by  expansion  surfaces.  Consequently,  the  most  effective  aerodynamic  controls  usually 
employ  deflections  which  involve  compression  of  the  local  flow.  Therefore,  shock-induced  separation,  j 

either  ahead  of  a compression  surface  or  due  to  an  incident  shock,  is  the  type  most  prevalent  with  hyper- 
sonic controls  and  has  been  treated  most  extensively  in  the  literature.  | 

When  separation  occurs  in  high-speed  flight,  the  changes  in  the  pressure  distribution  and  heat-transfer  rate 
can  have  catastrophic  effects.  Trim  and  stability  are  radically  affected  by  sudden  center-of-pressure  shifts 
and  changes  in  pressure  magnitude.  Local  hot  spots  at  separation  and  reattachment  points  can  cause  failure 
of  thermal  protection.  Heat-transfer  rates  can  also  be  greatly  increased  by  streamwise  vortices  originating 
from  three-dimensional  separations.  I 

j 

HYPERSONIC  CONTROL  EFFECTIVENESS  j 

I 

The  method  presented  in  this  section  to  determine  the  aerodynamic  control  effectiveness  at  hypersonic 
speeds  is  taken  from  reference  1.  The  method  is  intended  for  use  over  a broad  range  of  flight  conditions  ! 
encountered  by  a typical  hypersonic  cruise/giide  vehicle.  However,  it  should  be  noted  that  the  semiempmcal 
correlation  charts  used  in  the  method  are  based  on  presently  available  data  covering  a limited  range  of  test 
conditions  and  that  the  validity  of  extrapolations  for  conditions  outside  the  experimental  range  has  not  ! 
been  established.  The  range  of  variables  covered  by  experimental  data  is  indicated  on  the  correlation  charts,  j 

The  flight  conditions  encountered  by  a typical  hypersonic  vehicle  are  illustrated  by  the  altitude-velocity  I 
envelop  presented  as  sketch  (c). 


For  a given  velocity  the  maximum  attainable  altitude  is  determined  by  the  minimum  dynamic  pressure  which 
will  sustain  flight,  and  the  minimum  altitude  is  a function  of  the  vehicle’s  capability  to  withstand  aerodyna- 
mic heating.  The  Datcom  method  is  restricted  to  free-stream  flight  conditions  in  the  flight  envelop  for  Mach 
numbers  greater  than  5.0. 
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The  angle  of  attack  of  the  vehicle  is  limited  by  vehicle  performance  and  structural  heating  conditions.  The 
angle  of  attack  below  which  the  L/D  ratio  i:  favorable  and  stiuctural  heating  is  not  excessive  is  approxi- 
mately 20°.  Therefore,  the  angle-of-aliaek  range  of  the  Datcom  method  is  0 < a £ 20°.  Since  the  study 
conducted  in  connection  with  reference  1 was  concerned  primarily  with  flat-plate  surfaces,  the  angle  of 
attack  also  represents  the  f!ow-diTi-.;ction  angle  in  the  method  that  follows. 

The  prediction  me  thod  has  been  derived  on  the  basis  of  compression-corner  flow  separation.  It  is  limited  to 
the  analysis  of  controls  on  windward  surfaces,  and  is  applicable  only  to  regions  where  the  assumption  of  two- 
dimensional  flow  is  valid. 

In  applying  the  method  \o  complex  three-dimensional  configurations,  the  degree  of  deviation  from  two- 
dimensional  flow  shouio’  be  established  so  that  the  proper  method  of  determining  the  local-flcw  properties 
can  be  selected.  Then  the  correlations  presented  herein  can  be  applied  to  the  separated-flow  region.  For  such 
approximations  exact  streamline  direction  is  not  is  important  as  static  pressure  and  Mach  number.  However, 
there  can  be  substantial  reductions  in  control  effectiveness  due  to  finite  span.  Section  V of  reference  1 pre- 
sents some  insight  into  methods  that  can  be  employed  to  determine  the  degree  of  deviation  from  two- 
dimensional  flow  when  the  actual  flow  is  three-dimensional.  The  use  of  flow-visualization  studies,  and  length- 
wise and  spanwise  pressure  distributions  on  similar  models  are  suggested.  Reference  1 presents  brief  sum- 
maries of  separated  three-dimensional  flow  on  fin-plate  configurations,  fiat  surfaces  with  compression  flaps 
and  end  plates,  and  delta  wings  with  variations  (blunt  leading  edges,  pyramidal  configurations  with  and  with- 
out fiat-bottom  surfaces,  etc.) 

Since  leeward  surfaces  in  hypersonic  flow  are  generally  ineffective,  the  restriction  of  the  method  to  the 
analysis  of  controls  on  the  windward  surface  is  not  a serious  limitation. 

For  many  practical  cases  the  control  surfaces  are  located  near  the  trailing  edge  of  essentially  planar  surfaces 
and  are  sufficiently  tar  from  the  leading  edge  for  bluntness  effects  to  be  negligible.  For  such  cases,  the  local- 
flow  properties  upstream  of  the  control  surface  are  approximately  the  same  as  flow  conditions  behind  an 
oblique  shock,  and  oblique-shock  properties  can  be  used  to  define  the  local-flow  properties.  The  Datcom 
method  is  restricted  to  cases  of  this  sort. 

The  Datcom  method  consists  of  first  determining  the  local-flow  properties  upstream  of  the  control  surface, 
[hen  by  using  the  local-flow  properties,  a complete  pressure  distribution  is  defined  for  compression-comer 
flow  separation  in  terms  of  interaction  parameters  and  pressure  levels  for  either  laminar  or  turbulent 
separated-flow  conditions.  Finally,  the  pressure  distribution  is  integrated  to  obtain  the  two-dimensional  force 
and  moment  increments  produced  by  separated  compression-corner  flow.  Force  and  moment  equations  have 
been  developed  in  terms  of  the  distances  and  pressure  levels  which  define  the  pressure  distribution.  These 
equations  are  presented  in  the  Datcom  method. 

The  local-flow  conditions  have  been  determined  by  using  oblique-shock  properties  for  a number  of  condi- 
tions in  the  flight  envelop.  The  design  charts  presented  in  this  section  include  local-flow  properties  based  on 
both  perfect-gas  and  equilibrium-real-gas  assumptions.  For  the  flight  regimes  where  flow  properties«ieviate 
from  those  given  by  oblique-shock  theory  for  a perfect  gas,  equilibrium-real-gas  effects  have  been  determined 
by  means  of  similarity  parameters  from  approximate  theory  and  the  effective  ratio  of  specific  heats  presented 
m reference  29  (see  Sections  III  and  VI  of  reference  1).  In  using  the  local-flow  charts  (figure  6.3.1  -31 
through  -49)  the  equilibrium-real-gas  curves  are  used  for  velocity-altitude  conditions  and  flow-deflection 
angles  where  the  equilibrium-real-gas  value  differs  from  the  perfect-gas  value, 

1 he  equations  used  for  the  prediction  of  the  separated-flow  pressure  distributions  are  developed  in  reference  1. 
Where  applicable,  the  final  equations  are  presented  on  the  design  charts  of  this  section;  however,  the  develop- 
ments of  the  semiempirical  correlations  for  laminar  and  turbulent  separated  flows  are  not  discussed  herein. 

In  reference  1 the  transition  phenomenon  is  investigated  and  a criterion  for  establishing  the  location  of 
transition  based  on  the  results  of  Deem  and  Murphy  (reference  30)  is  established.  The  minimum  pressure 
rise  required  to  cause  flow  separation,  and  incipient-separation  criteria  for  both  laminar  and  tu.'bulent  flow, 
are  based  on  test  data. 


The  characteristics  of  the  separated-flow  region  of  a typical  pressure  profile  are  illustrated  in  sketch  (d).  The 
distance  parameters  are  based  on  a common  reference  line  which  is  defined  for  various  modei  configurations 
as  a geometrical  shock  impingement  point,  hinge  line  (for  corner  flow),  or  the  forward  face  of  a step. 


Symbol  Definition 

xo  beginning  of  pressure  interaction  (point  where  prosu-r*  just  'orpins  »o  rise) 

d ( upstream  pressure  interaction  length  (diitr.net-  f«-nn  the  beginning  of  ii.ter  .c'i  ,i.  to  the  n/ct- 

ence  line) 

k free  interaction  length  (distance  ftoin  tlie  beginning  of  interaction  to  the  point  wh  flu 
’ pressure  distribution  teaches  the  straight  section  of  the  pressure  plateau) 

d 2 downstream  interaction  length  (distance  rtom  the  reference  hpc  to  the  point  inter, 

of  two  lines  tangent  to  the  pressure  curve  in  the  downstream  region,  mr-isr; ;i ... : . j jp 
(see  sketch  id)) 

d , distance  from  the  reference  line  to  the  point  of  intersection  of  two  lines  tangent  to  Mr:  pres- 
sure curve  as  illustrated  in  sketch  <d) 

8,  separation  length  (distance  from  the  separation  point  to  the  reference  line) 
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Symbol 


Definition 


G ( length  of  the  control  (undeflected) 

c f control  chord 

d LE  diameter  of  leading  edge 

xHL  distance  of  the  control  hinge  line  measured  from  the  nose  of  the  configuration 
Sf  control  deflection,  positive  trailing  edge  down 

b span  of  surface 

CA  axial-force  coefficient 

Cp  pressure  coefficient 

Cm  pitching-moment  coefficient 

CN  normal-force  coefficient 

HM  hinge  moment 

L reference  length 

P pressure 

q dynamic  pressure 

Rg  Reynolds  number 

5 reference  area 

T temperature 

V velocity 

x longitudinal  coordinate,  measured  from  leading  edge  to  point  of  interest 

o angle  of  attack  or  flow-defiection  angle 

7 ratio  of  specific  heats 

6 boundary-layer  thickness 

6 shock-wave  angle  measured  from  upstream  flow  direction 

0 angle  associated  with  geometry  of  separation 

Au  leading-edge-sweep  angle 
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Symbol 


Definition 


SUBSCRIPTS 

HL  hinge  line 
inc  incipient 

MRP  moment  reference  point 

P plateau 

a local  condition  upstream  of  interaction 

o point  where  interaction  begins 

»o  free  stream 

2 peak  value,  downstream  portion  of  pressure  distribution 

t transition  point 

c.p.  center  of  pressure 

w wall 

s separation 

SUPERSCRIPT 

* reference  condition 


DATCOM  METHOD  ! 

1 

The  control  effectiveness  at  hypersonic  speeds  of  a deflected  control  located  on  the  windward  surface  is 
obtained  from  the  procedure  outlined  in  the  following  steps:** 

j 

Step  1.  Determine  the  local-flow  conditions:  j 

The  ratios  of  pressure,  temperature,  Mach  number,  and  Reynolds  number  behind  an  oblique 
shock  to  their  respective  values  in  the  free  stream  are  obtained  from  figures  6.3. 1-31,  -37, 

-43,  and  -49, respectively.  j 


♦*Th«  *ub»cript  a uaad  throughout  th#  Drtcom  method  ha*  two  different  meaning*  a>  follow*:  (1)  Tha  valut  of  tha  para  mat  ar  bains 
conaidarad  [*  Its  local  valut  uprtraam  of  Intaraction,  *“  jmplaa  balng  (Cpoo  ^ , Pa  , , R ; (2)  Th*  valt  * of  th*  paramatar  balng 

contidtrad  la  It*  valua  at  aomt  (pacific  location  downatrom  of  Intaraction,  r (far rad  to  local  condition*  upttraam  of  Intaraction.  axamplta 

b*lnfl  (Cpa  ^2  - (Ria  )hl  ' (Cpa  )p  • 
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The  pressure  coefficient  upstream  of  the  control  surface,  refer  ed  to  fice-str-vri  conditions, 
is  given  by 


rtyp^-i 

(C  ) <*.?.»•:• 

?.  ** 

Step  2.  Determine  if  the  flow  is  laminar  or  turbulent: 

It  is  assumed  that  the  state  cl  the  boundary  layer  is  laminar  if  v.  > x,^  , and  turbulent  if 
xt<  x.|L.  Based  on  the  results  of  b em  and  Murphy  (rcfe-cp.ee  291  ar.a  recent  experimental 
data,  the  folic-wing  expression  for  transition  distance  is  giver,  in  returnee  ! : 


xt(fcef)  = 


5.38  x 102  + 1.94  x 102  lMft-3lJ/2  (cos  A),/2 


6.3.1 -b 


(Rfift/in.)° 


For  configurations  with  no  swccpback  (A  “ 0),  the  state  of  the  boundary  layer  at  the  hinge 
line  is  obtained  from  figure  6.3.1  55  as  a function  of /Ro  \ and  where 

\ *a/HL  a 

{\)hi  = *HL  (\) 

Of  course,  if  the  transition  Reynolds  number  is  known,  then  the  transition  distance  is  given 
by  x,  - |'Rg  \ /’  Rj,  , where.  Rg  is  the  Reynolds  number  per  foot. 

\ *0f/r  | ^ Of  Of 

Step  3.  Determine  if  flow  separation  exists: 

Obtain  the  pressure  coefficient  for  incipient  separation  ( Cp  \ from  figure  6 3.1-56  for 
laminar  lh»v  ci  figure  6.3.1- • ri-r  :u;buient  flow.  ' * / ’r,r 

Obtain  the  final  pressure -rise  coefficient  by 


/ * <W*’ 

If  \ T-  


I ..  •- 

• • Jr/ 


- 

1 ■’  Of 


6.3.1 -c 


where  i*-/hw  .s  obtained  Iter  figure  6.3. 1-5?  as  a function  of  For  laminar  How  tr-.e 
average  of  the  iscntroptc  and  stogie-shock  values  should  be  used  for  Ma  <.  6,  and  the  single- 
shock va’ue  should  be  used  iO'  Mw  > 6.  For  turbulent  flow  use  the  single-shock  value.  •«' 

(C  \ - fC.  \ , the  flov  is  svi-arated 

l *u)2-  \ P«/in* 

Step  4.  Determine  the  separation  location  if  separated  il-.-  w exists: 

If  flow  separation  exists. rn  i«e>alivc  procedure  is  required  to  determine  the  separation  loca- 
tion. Fcr  a given  local  Msch  number  M^,  the  upstream  interaction  distance  d,  is  a 1 unction 
of  the  plateau-pressure  level  F,,,  which  is  a function  of  the  Reynolds  number  at  the  interac- 
tion point  |R(,  . 

V «/*o 
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Therefore,  for  any  interaction  point  x a corresponding  plateau-pressure  level  and  upstream 
interaction  distance  must  be  defin'd.  In  solving  for  the  interaction  location,  the  upstream 
interaction  distances  corresponding  to  a number  of  assumed  interaction  locations  are  calcu- 
lated until  the  point  is  found  for  which  the  sum  of  the  downstream  distance  to  the  interaction 
point  and  the  upstream  interaction  distance  is  equal  to  the  distance  to  the  hinge  line;  i.e., 
x0+d1  = xHL . The  procedure  is  as  follows: 

a.  Assume  an  interaction  location  xQ  (For  vehicles  of  practical  dimension?  the  differ- 
ence between  xc  and  xHL  will  be  small). 

b.  Calculate  the  Reynolds  number  for  the  assumed  x0  by  ^ Rg  j = xQ  ^ Rg 
and  obtain  the  plateau-pressure  level  ^Cp  ^ as  a function  of  ^Rg^  and  Ma 
from  figure  6.3.1-59  or  figure  6.3.1-60  for  laminar  or  turbulent  flow,  respectively. 

c.  Obtain  the  upstream  interaction  distance,  nondimensionalized  by  boundary-layer 
thickness  d1/fi0,  as  a function  of  ^Cp  j and  from  figure  6.3.1-61  or  fig- 
ure 6.3.1-62  for  laminar  or  turbulent  flow,  respectively. 

d.  For  a given  wall  temperature,  obtain  the  reference  temperature  Reynold s-number 
ratio  ^Rg*/Rg  j as  a function  of  Tw/Ta  and  Ma  from  figure  6.3.1 -63  or  fig- 
ure 6.3.1-64  for  laminar  or  turbulent  flow,  respectively. 

e.  Calculate  the  reference  temperature  Reynolds  number  by  Rg*  = | Rg*/R  g^R  g^, 

and  obtain  the  corresponding  boundary-layer  thickness  SQ  from  figure  6.J.1  -65  or 
figure  6.3.1-66  for  laminar  or  turbulent  flow,  respectively,  by  SQ  = (6Q/  N/x^ ) 

f.  Calculate  the  upstream  interaction  distance  by  dj  = (dj/60)S0- 

g.  Sum  dj  and  x0.  If  dj  + xQ  f xHL,  repeat  the  procedure  until 

dl  + xo  " xhl- 

Step  5.  Having  determined  the  separation  point  xQ,  define  the  windward  pressure  distribution  (see 
sketch  (d))  as  follows: 

a.  Calculate  the  Reynolds  number  for  x0  by  ^Rg  J = xq  (Rg  J. 

b.  Obtain  the  plateau-pressure  level  (C_  ) as  a function  of  (R0  ) and  M~,  from 

Pot  p V *a/x  w 

O 

figure  6.3.1-59  or  figure  6.3.1-60  for  laminar  or  turbulent  flow,  respectively. 

c.  Calculate  the  plateau  pressure,  referred  to  free-stream  conditions,  by 


where  Pa/I^ , and 


(C  \ are  obtained  from  step  1. 

\ p ®/a 
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3 


SI 


d.  Obtain  the  free  interaction  length  nonditnensionalized  by  boundary-layer  thickness 

k,  / 6„  as  a function  of  /C  \ and  from  figure  (». 3. 1-67  or  figure  6.3.1  -68 
'i  ° \ pcCp  u 

for  laminar  or  turbulent  flow,  respectively. 

e.  Calculate  the  free  interaction  length  by  f /5()j  6o  wliere  60  is  the 

boundary-layer  thickness  determined  as  outlined  in  step  4e. 

f.  Obtain  the  upstream  interaction  distance  nondimensionalized  by  boundary-layer 
thickness  d,/50  as  a function  of  |Cp  j and  Ma  from  figure  6.3. 1 -6 1 or  fig- 
ure 6.3.1-62  for  laminar  or  turbulent  flow,  respectively. 

g.  Calculate  the  upstream  interaction  distance  by  d,  = (d,/60)S  . 

h.  Obtain  the  downstream  interaction  length  d2  from  figure  6.3.1 -69  or  fig- 
ure 6.3.1-70  for  laminar  or  turbulent  flow,  respectively. 

i.  Determine  the  downstream  interaction  length  to  the  pressure  rise  dr  For  turbulent 
flow  d3  = 0.  For  laminar  flow  the  ratio  d3/d(  is  obtained  from  figure  6.3.1  -7 1 
as  a function  of  flap  deflection  6(.  and  the  equivalent  flow-deflection  angle  0 for 

(C pJp  ‘ 

The  equivalent  flow-deflection  angle  for  j C \ may  be  obtained  as  a 

1 pa/p 

function  of  the  shock -wave  angle  6 and  Mq,.  The  shock-wave  angle  is 
given  by 


8 = sin 


-l 


V 


/6(  Pp/P„)  + 1 


p'  ‘a’ 
7(Ma)s 


6.3. 1-e 


where 


p 

\ ■ (CJA  <m-)!  + 1 

Enter  figure  4.4.1-81  with  6 and  Ma  arid  read  <$>  = I 5'l  . 
Calculate  the  peak  flap  pressure,  referred  to  free-stream  conditions,  by 


6.3. 1-f 


(CpJ,  - FpJ 


2 \Mr 


+ (c>„k 


6.3. 1-g 


where  M 
obtained 


a/M  * P , and  (C  ) are 

a co  a'  a,  \ PJa 

from  step  2 (equation  6.3. 1-c)  . 


obtained  from  step  1,  arid  IV 


IS 


step  2 (equation 

Step  6.  The  windward  pressure  distribution  may  now  be  constructed  as  illustrated  in  sketch  (e). 


-J 
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WINDWARD  PRESSURE  DISTRIBUTION 


(CpJ2 


SKETCH  (e) 

Step  7.  The  two-dimensional  force  and  moment  increments  produced  on  the  windward  surface  of  a 
deflected  control  are  given  by 
Normal-force  increment: 


■»  s j ^ 

r~  ■ |Njf  - ft  Jd  p ■ t * a<c'j ♦ In  j,  • f-vjj  (c°s  v [•,  • -j  t] 


Increment  of  pitching  moment  about  HL  due  to  normal  force  increrm  nt; 


(ft) 

6.3. 1-h 


f^Cm)HLSL 

/r 

in  \ l 

(\)2  N'k) 

1 b 

Acn  1 

( 0 

p 

poo)a| 

6 2 

|N  J.  ‘ (C-J,j  <c“!5' 


(cf)2  (d2)2  d2d3  (d3)2 

2 (T  6 6~ 


Center  of  pressure  of  normal-force  increment,  measured  from  the  MRP,  negative  aft: 


(xc.p.}AcN  ■ - (xhl  ' xMRp)  + ^ 

Axial-fort  e increment: 


4CaS 


- - (Pin  j|(CpJr-  (Cp  Jj  c,  * |(Cp  J;  • (C^p|  - i ■ -d  (ft.  6-3.,-k 


d,  d. 
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6.3. 1-j 
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Increment  of  pitching  moment  about  HL  due  to  axial-force  increment: 

2 


[(AC’m>HLSL  . . j. 

! b 1 Ac  =‘(s,n26r 


((Cpoo)r  * (Cpja|  2 


f/r  \ 

-1C  1 1 

(cf)2  (d2)2  d2d3  (d3)2 

l'  P J 2 

( Pcolpj 

2 6 6 6 

(ft)2 


Center  of  pressure  of  axial-force  increment,  measured  from  the  MRP,  positive  down: 

((ACm>  hlL|ac 


^ZC.p.^AcA  = ZHL 


Increment  of  pitching  moment  about  vehicle  MRP: 


AC. 


(ft) 


r ws  ,1 „ ( *,  > 1 - f— ^ >1  < r„> 

Lb  J 1.  b J Acn  Lb  -I  Aca 

Windward  component  of  control  hinge  moment  (based  on  absolute  pressure): 


6.3. 1-1 


6.3. 1-m 


6.3. 1-n 


KT  - i(c- J :'~r  ■ i |(cpJ2  - (cd,|  4 d'd» 4 W>)!1}  <f,,!  6-3J 


(Cf)2  J 


.J.l-o 


An  approximate  correction  for  the  effect  of  finite  control  span  on  the  two-dimensional  pressure  distri- 
bution in  the  separated  region  over  the  control  is  presented  as  figure  6.3.1-72,  This  empirical  correlation, 
taken  from  reference  I , is  based  on  a limited  amount  of  test  data.  Unfortunately,  not  enough  test  data 
are  available  for  partial-span  control  effect  to  identify  the  effects  of  Mach  number,  Reynolds  number, 
or  (.oritrol  position. 


T wo  sample  problems  arc  presented  at  the  conclusion  of  this  section.  The  first  sample  problem  is  straight- 
forward in  that  the  Datcorn  method  is  directly  applicable.  The  second  sample  problem  illustrates  an  applica- 
tion of  the  method  to  a flight  condition  where  the  separated  region  extends  forward  to  the  leading  edge  of 
the  configuration. 

It  should  be  recalled  that  the  use  of  oblique-shock  relations  implies  small  leading-edge-bluntness  effects  and 
negligible  viscous  effects.  On  bodies  with  a blunted  leading  edge,  pressure  near  the  leading  edge  will  be  higher 
than  that  predicted  by  the  oblique-shock  theory.  When  leading-edge  bluntness  is  not  zero,  the  actual  value 
for  Ma  will  be  between  that  given  by  oblique-shock  and  shock-loss  theories.  Values  of  Ma  on  surfaces  with 
leading  edges  of  various  bluntness  dimensions  were  obtained  from  test  data  during  the  analysis  conducted  in 
connection  with  reference  1 . It  is  suggested  therein  that  oblique-shock  properties  result  in  acceptable  values 
of  local  Mach  number  Ma  for 


0.1375 


HL 


M 


+ 2.0 


>1 .0 


if  the  leading-edge  blimtness  is  comparatively  large,  the  local  (low  juoperties  should  be  calculated  by  other 
available  methods,  such  as  tangent-wedge,  blast-wave,  or  the  Moeckel  shock-loss  theory  (reference  31 ).  Want 
leading  edges  or  large  viscous-induced  pressure  gradients  also  reduce  the  boundary-layer  thickness,  'he  effects 
of  leading-edge  bluntness  and  viscous  interaction  on  the  flow  properties  along  a body  surface  are  discussed  in 
Section  111  of  reference  1 . 

Sample  Problems 


Given:  A two-dimensional  flat  plate  with  negligible  thickness. 


h 

h 


8.0 


5.0 


I 


X 


IV 


■MRP 


/. 


L 

6. 


10.0  tt  x, 
10° 


5.0  It  xHl  = 8.0  ft  zHI  " 0 cf  = 2.0  ft 


MRP 

= 1.06  x 10s  per  ft 

Altitude:  150,000  ft  = 2.84  lb/(ft>2  = 480°  R 

Tw=  1500°R  a - 15°  Negligible  viscous  interaction  (assumed) 

Mw  = 10.0 
Compute: 

Determine  the  local  flow  conditions: 


— — = 13.5  (figure  6.3. 1 -3 1 c) 


~ - 3.0  (figure  6.3.  l-37c)  (equilibrium  real  gas) 


Mft  = 5.5  (figure  6.3,  l-43c)  (equilibrium  real  gas) 


Re 


'or 


= 1.94  (figure  6.3.1  -49c)  (equilibrium  real  gas) 


- V-— = 1440°  R 

*09 


Re 


- Rc  — — — = 2.06  x IQ5  per  ft 

R0 
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0.0215  (figure  6.3.1-65) 


+\  * 1.183  + 6.50  - 7.683  ft  < x„L 


6.3.  !-l‘) 


[ 

k 


Define  the  windward  pressure  distribution: 


(%)x#  = xo  (\)  = (6.85)  (2.06  x 10s)  = 1.41  x 1 06 
(Cpa)p  = 0,019  (fi8ure  6.3.1-59) 


/m  V p 

'-W  € + (c,»)« <e<iua,ion 


« (0.019)  (-—)  (13.5:  * 0.179=  0.257 


g " 8.0  (figure  6.3.1-67) 


- A 


= v/<185  (0.0215)  = 0.056  ft 


Cfi  = 5°  \T7  = (°.°56)  (8.0)  = 0.448  ft 


= 21.4  (figure  6.3.1-61) 


di  = 6o  h~  J = (0.056)  (21.4)  = 1.20  ft 


L*  2.0  d2  <L 

* = ->  1 • 1 * 


d,  ' 1.20  > 1;  therefore.  0.506  (figure  6.3.1-69) 

/dA 

d2  ~ di  rr-j  = (1.20)  (0.506)  = 0.607  ft 

V i/ 

Equivalent  flow  deflection  \ngle  for  ^Cp  | 

- / \ 7 

~ \ pajp  “2  (Ma)2  + 1 (equation  6.3. 1-f) 

“ (0.019)  ^~-^(5,5)2  + 1 = 1.4Q2 
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, / 6(Pp/Pa)  + 1 

“ sin'1  < / (equation  6.3.1 -e) 

V 7(Ma)2 


= sin 


& 1.402)+  1 
V 7(5. 5 )2 


12.2° 


- 2.6 0 (4>=  I S'! at  Ma  and  0 from  figure  4.4. 1 -8 1 ) 


0.35  (figure  6.3.1-71) 


= (1.20)  (0.35) 


= 0.42  ft 


(equation  6.3. 1-g) 


= (0.100) 


(13.5)  + (0.179)=  0.587 


0.587 
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Solution: 


Normal-force  increment: 


ACnS 


[WpfpJJ  ld 


li  - ~2~  + cos  5.cr  I + (CP 


Jr(cp„)p]  ‘“‘''IvrT 


(equation  6.3.  !-h) 


0.448 

= ((0.257) -(0.179)]  1 .20  - — ^ — + (0.985)  (2.0) 


0.607  0.42 


+ [(0.587) -(0.257)]  (0.985)  2.0  - 


= 0.713  ft 


Increment  of  pitching  moment  about  HL  due  to  normal  force  increment: 


(AC  )HI  SL 


b Ac 


r r/g 

= |/c  ) -(c)  — 

:N  IA  pco/p  \ pja\  C 


if  (2fi)(d!)2  (di>2  cos2  5f  (cf)2 


' 1 f(cf)2  (d2)2  (d2d3)  (d3)2- 

.(  pJj  ‘ (Cp«)pJ  (C°S  f)  2 ' 6 ’ 6 ' 6 ] 


(equation  6.3.  i-i) 


- [(0.257).  (0.179,1  [(±!1!>!  • (°-448)(l:20)  + <L»£ 
I 6 2 2 


(0.985)2  (2.0)2  , _ f(2.0)2  (0.607)2 

■ ((0.587)  -(0.257)]  (0.985)2  — — 


(0.607)  (0.42)  (0.42)' 


= -0.713  (ft)2 


Center  of  pressure  for  normal-force  increment  referred  to  MRP: 


^ACmWLlAcN 

(xc.p.)Acn  =-(xhl  - Xmrp  > + ~ (equation  6.3. 1-j) 


-0,713 

= -(8.0-  5.0)+ 

0.713 


-4.00  ft  (4.00  feet  aft  of  MRP) 
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Axial-force  increment: 


ACaS  1 r 1 f d2  d31 

— - (sin  8,)  F [(=,.),  • (Cj,j  <«■>'“•»"  «■' 

| f 0.607  0.421 1 

= (0.174)  [(0.257)- (0.179)1  (2.0)  + [(0.587)  - (0.257)]  2.0  - -y-  - — ~|j 


1.607  0.42 

2 ' 2 


- 0.1125  ft 

Increment  of  pitching  moment  about  HL  due  to  axial  force: 


(^Cm  )hls^ 


■ V I [(sjt  • (co4  T- * [fa,  - 5„),]  ff  - 


d2d3  (d3)2 


(equation  6.3. 1-2) 


1(2  012 
[(0.257)- (0.179)]  — ~ + [(0.587) -(0.257)] 

[(2.0)2  (Q.607)2  (0,607)  (0,42)  (0.42)2] 

1 2 * 6 6 6 J 


= -0.0234  (ft)2 
Center  of  pressure  of  axial-force  increment: 


^c.p.Uc.  ~ 


^Cm  W^A< 


(equation  6.3. 1-m) 


/-0.0234) 
’ l 0.1 125/ 


= 0.208  (ft) 


Increment  of  pitching  moment  about  vehicle  MRP: 

^Cm^MRPS  1 J”(ACn)S  "J  ["(ACa)S  "j 

b LJ  = [ b (xr,p.>J.  ~L ^tion631-r 

= (0.713)  (-4.00) -(0.1125)  (0.208)=  -2.875 (ft)2 
Windward  component  of  control  hinge  moment  (based  on  absolute  pressure): 


™ *4c  \ ~ -- 

bq  \ Oi  2 ‘ 6 


[(CPoo)2  ' (CpJr  ((d2)2  + d2d3  + (dj)2  j J (equation  6.3.  l-o) 
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2. 


(2  O)2  1 

(0.587)-—--  -T  1(0.587)- (0.257)1  [(0.607)2  + (0.607)  (0.42)  + (0.42)2  ] 

2 6 I 


■ - 1.130  (ft)2 


Given:  A two-dimensional  flat  plate  with  negligible  thickness. 


L = 10.0  ft  xMRf>  = 5.0  ft 

cf  = 2.0  ft  6f  = 10° 

Altitude:  200,000  ft 
Tw  = 2000°  R 
M = 20 

oO 

Compute: 

Determine  the  local-flow  conditions: 

= 21  (figure  6.3.1  -3 Id) (equilibrium  real  gas) 

‘ CO 

T 

CL 

— ~ = 4.30  (figure  6.3.1 -37d)  (equilibrium  real  gas) 

Ma  = 9.80  (figure  6.3.1 -43d)  (equilibrium  real  gas) 

RK 

(X  1 

~ — = 1.87  (figure  6.3.1 -49d)  (equilibrium  real  gas) 

Rfi« 

T 

T&.  = * 1970°R 

* CT 


XHL  = 8 0 ft  ZHL  = 0 

Rn  = 3.27  x 10<  per  ft 
*00 

P*,  = 0.413  lb/(ft)2  Tg,  = 458°  R 
a =10°  Negligible  viscous  interaction  (assumed) 
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R 


L 


% = r|^,r — = 6.1 1 x 104  per  ft 

tea 

^ \ ( VP« a)'1  21.0-1 

(Cpcc)a  ~ = ~ = °-071  (equation  6.3. 1-a) 


t-(20>2 

Determine  if  the  flow  is  laminar  or  turbulent: 

(ROhl  = Xhl  (R0=  (8,0)(6,11  x 1Q4)  = 4,9  x 105 
At  and  Ma,  figure  6.3.1-55  indicates  a laminar  boundary  layer. 

Determine  if  separation  exists: 

(C  \ = 0.019  (figure  6.3. 1-56) 

\ pa/lnc 

— — = 6.80  (figure  6.3.1-58)  (single-shock  value) 


1.4 


(CJ2 


(p2/pa)-!  6.80-1 


~ M2 

2 Ma 


1.4 


= 0.0863  (equation  6.3.1 -c) 


(9.8)2 


Since  /C  \ > (C  \ , the  flow  is  separated. 

\ pa/2  \ pa/inc  y 

Determine  the  separation  location  (see  step  4 of  Datcom  method  for  iteration  procedure): 
First  iteration  (assume  x,  = 7.0  ft) 

(RgJ  = xo  = (7.0)  (6.1 1 x 104)  = 4.277  x 10s 


(c>*\  -° 


.0185  (figure  6.3.1-59) 


— • =110  (figure  6.3.1  -61) 
5_ 


‘a 


Rp* 

Ka 


‘a 


2000 

1970 


= 1.015 


= 0.079  (figure  6.3.1-63) 


6.3.1-25 


— I-  (6.11  x 104)  (0.079)  = 4.83  x 103 


— — **  0.075  (figure  6.3.1-65) 

JK 

= ./wT (0.075)  - 0.199  ft 

V x 0 

/d,\ 

dl  = 5o(rf~)  “ (°- 199)  (110)  “ 21.89  ft 


.199)  (110)  “ 21.89  ft 


dj +x„  ■ 21.89  + 7.0  = 28.89  ft  > xHIv . Try  a second  iteration. 


Second  iteration  (assume  xQ  * 4.0  ft) 


(R0  ” X°  (R«J  = (40)(6,11  x 10<)  = 2.444  x 10s 

(Cp<J  * ^23  (figure  6.3.1-59) 


230  (figure  6.3.1 -61) 


= 0.075  (calculation  to  determine  bjyfi 7 is  same  as  first  iteration) 


60  - 7=*  = (0.075)  = 0. 1 50  ft 

/xo 


di 


/d,\ 

y = <o- 


150)  (230)  = 34.50  ft 


d,  +x0  « 34.50  + 4.0  = 38.50  ft  > xHL.  Try  a third  iteration. 


Third  iteration  (assume  x0  = 2.0  ft) 


(R0*  = x°  (ReJ  = (2,0)(6,11  x 10<)  = 1,222  x 

fCp^f  = 0.0255  (figure  6.3.1-59) 


350  (figure  6.3.1-61) 

6o 


6.3.1-26 


r--  » - . "H"’.  "-. " 7;  * 


= 0.075  (calculation  to  determine  6u/y^  is  same  as  first  and  second  iteration) 


U 

' 60  = v/5T-pr=v/l0  (0.075)  = 0.106  ft 


dj  = 51  — 1 = (0.106)  (350)  = 37.10  ft 


dj  + x0  = 37.10+  2.0  = 39.10  ft  > xHL 


The  magnitudes  of  d{  from  the  iterations  indicate  that  the  region  of  separation  extends  forward  to 
the  leading  edge  of  the  plate.  For  this  case  it  is  assumed  that  the  plateau-pressure  region  extends 
forward  to  the  leading  edge.  Then,  dj  = xHL  and  £f  = 0 (see  sketch  (d)). 

Define  the  windward  pressure  distribution: 


Assume  the  plateau  pressure  corresponds  to  the  wedge  pressure  for  a local  flow  deflection  angle  of 
<p  degrees  as  illustrated  below. 


I" — 


Then,  by  using  d( , d^,  and  5f  the  angle  <p  can  be  defined.  Knowing  0 the  plateau-pressure 
level  is  obtained  by  using  oblique-shock  relations. 


Assume  dj  = xHL  = 8.0  ft 


cf  2.0 

= o.25  £ 0.25;  therefore, 

dj  8.0 


^cr)(dt)  d, 


= 2 — = 0.475  (figure  6.3.1-69) 


0.475  d, 


d2  " 


= 1.90  ft 


d2  sin  5f 


t (1.90)  (0.174) 

v = tan  1 = tan  1 

dj  + cos  5f  8.0  + ( 1 .90)  (0.985) 


= tan1  0.0335  = 1.9° 


6 = 7.25°  {9  is  obtained  from  figure  4.4. 1 -8 1 at  M0  = 9.8  and  <p  = 15*1) 


6.3.1-27 


(equation  6.3. 1-e) 


a 


7Ma2  sin2  Q - 1 


7(9. 8)2  (sin  7.250)2  - 1 


= 1.62 


(cptt), 


(Pp/P«)-  1 

— M 2 
2 « 

(1.62)-  1 
1.4 

— - (9.8)2 


(equation  6.3. 1-f) 


= 0.00922 


M \2P 
1 la  \ * a 


(equation  6.3. 1 -d) 


Nr 

/ 9.8  \2 

= (0.00922)  (21) + 0.071  = 0.117 

d3\ 

— = 0.250  (figure  6.3.1-71) 


= (8.0)  (0.25)  = 2.0  ft.  However,  d.,  must  be  less  than  or  equal  to  d, 


(see  sketcn  (d)).  Therefore,  let  d,  = d,  = 1.90  ft 


/Ma\  Pa 

/c„  ) = (c  \ ( - — ) — + (C  ) (equation  6.3.1 -g) 
\ pod/2  \ p«/2  XMco / P.0  \ Pco/a 


= (0.0863) 


V20.0/ 


(21)  + 0.071  = 0.506 


The  windward  pressure  distribution  is  illustrated  in  the  following  sketch.  The  solutions  for  the  force  and 
moment  increments  are  not  shown, since  the  use  of  equations  6.3. 1-h  through  6.3.  l-o  is  illustrated  in  sample 
problem  1 . 
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6.3.1-30 


(a)  Altitude  = 50,000  ft 


FIGURE  6.3.1-31  OBLIQUE  SHOCK  PRESSURE  RATIO  INCLUDING  REAL  GAS  EFFECTS 


6.3.1-31 


(b)  Altitude  * 100,000  ft 


0 4 8 12 

ANGLE  OF  ATTACK,  a (deg) 
FIGURE  6.3.1-31  (CONTD) 


6.3.1-32 


FIGURE  6.3.1-31  (CONTD) 


6.3.1-34 


(a)  Altitude  = 50,000  ft 


6.3.1-37 


FIGURE  6.3.1-37  (CONTD) 


6.3.1-38 


8 

ANGLE  OF  ATTACK,  a (deg) 

FIGURE  6.3.1-43  MACH  NUMBER  BEHIND  AN  OBLIQUE  SHOCK  INCLUDING  REAL  GAS  EFFECTS 


6.3.1-43 


(e)  Altitude  * 250,000  ft 


FIGURE  6.3.1 -43 (CONTD) 


6.3.1-47 


(a)  Altitude  = 50,000  ft 


FIGURE  6.3.1-49  OBLIQUE  SHOCK  REYNOLDS -NUMBER  RATIO  INCLUDING  REAL  GAS  EFFECTS 


6.3.1-49 


(e)  Altitude  - 250,000  ft 


ANGLE  OF  ATTACK,  a (deg) 

FIGURE  6.3.1-49  (CONTD) 


6,3.1-53 


FIGURE  6.3.1-56  PRESSURE  COEFFICIENT  FOR  INCIPIENT  BOUNDARY-LAYER  SEPARATION  IN  LAMINAR  FLOW 
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FIGURE  6.3.1-63  EFFECTS  OF  MACH  NUMBER  AND  WALL  TEMPERATURE  ON  LOCAL 
REFERENCE  TEMPERATURE  REYNOLDS-NUMBER  RATIO  (LAMINAR) 


6.3.1-63 


% 


6.3,1-66 


Limiting  conditions: 
cf 

1.  If  — >1,  then 
d, 


2. 


^ 0.25,  then 
(cf  = flap  chord) 


</cfdj 


FIGURE  6.3.1  -69  DOWNSTREAM  INTERACTION  DISTANCE  TO  PEAK  PRESSURE:  ON  FI  Al> 


FOR  LAMINAR  FLOW 


CONTROL  ASPECT  RATIO,  Af  = bf/(bfcf) 

FIGURE  6.3. 1 -72  EFFECT  OF  FINITE  CONTROL  SPAN  ON  THE  TWO-DIMENSIONAL  PRESSURE 
DISTRIBUTION  IN  THE  SEPARATED-FLOW  REGION 
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6.3.2  TRANSVERSE-JET  CONTROL  EFFECTIVENESS 


The  interest  in  evaluating  the  feasibility  of  using  transverse-jet  control  systems  on  high-speed 
flight  vehicles  within  the  atmosphere  has  created  the  peed  for  establishing  p;e>ivmnary-design 
methods  for  predicting  transverse-jet  control  effectiveness. 

This  section  presents  a procedure,  taken  from  reference  1.  for  sizing  a two-dimcur-ion  "i  t 
verse-jet  control  system  in  hypersonic  flow. 


A transverse-jet  control  system  is  a control  system  that  uses  one  or  ;r.  sis  jets  as  spoilers,  r’iow 
separation  generally  limits  the  use  of  conventional  flap-type  systems;  however,  i:  serves  as  the 
basic  phenomenon  in  achieving  an  effective  transverse-jet  control  system.  The  jet  spoiler  creates 
flow  separation  in  the  region  surrounding  the  jet  by  forcing  the  primary  flow  to  turn  around  the 
obstruction  created  by  the  jet  exhaust.  Transverse-jet  control  systems  arc.  often  referred  to  as 
jet-interaction  control  systems  to  empltasize  the  important  contribution  provided  by  the  jet- 
interaction  phenomenon. 

Transverse-jet  control  systems  consist  of  a variety  of  different  types  and  sir.es  of  thrust  units 
mounted  on  aerodynamic  surfaces.  The  thrust  can  be  provided  by  solid  or  liquid  propellant 
rocket  engines  or  bleed-thrust  control  units.  These  thrust  units  may  be  large  single  units  or  a 
group  of  small  units  strategically  located. 

In  analyzing  the  performance  of  transverse  jets,  several  theories  have  been  developed  tha1  provide 
estimates  of  the  principal  parameters  fcpstream  and  downstream  of  the  nozzle.  However,  the 
complexity  of  the  interaction  has  prevented  obtaining  a detailed  physical  description  of  the  flow 
field.  This  has  restricted  investigators  to  limiting  the  scope  of  their  analyses  until  fundamentals 
of  the  flow  have  been  firmly  established.  Thus,  the  Datcom  method  presented  herein  is  subject 
to  limitations.  The  primary  restriction  limits  analyses  to  two-dimensional  nozzles  Considerable 
effort  (references  2,  3,  4,  and  5)  has  been  directed  towards  analyzing  the  three-dimensional 
problem;  however,  no  acceptable  design  methods  are  currently  available.  The  other  limbing 
condition  pertains  to  the  pressure  forces  downstream  of  the  nozzle  exit.  Because  of  the 
conflicting  theories  regarding  the  merits  of  the  downstream  forces,  all  nozzles  are  assumed  to  be 
located  at  the  aft  end  of  their  respective  surfaces.  Thus,  no  consideration  is  given  to  possible 
aft-end  forces  in  the  Datcom  method;  however,  they  are  considered  in  the  discussion  of 
interaction  forces. 

The  advantages  (reference  6)  of  transverse  jets  in  high-speed  flow  in  comparison  w«tb  conven- 
tional aerodynamic  control  systems  have  provided  the  impetus  for  investigating  the  possible 
implementation  of  transverse-jet  control  systems.'  The  primary  advantage  is  the  po<  ability  of 
achieving  control  forces  greater  than  the  impulse  provided  by  the  jet  reaction.  Tim  inci  cased 
force  or  amplification  is  due  to  the  favorable  interaction  of  the  transverse  ji  t with  the  loon; 
stream  flow.  The  jet  interaction  substantially  alters  the  surface  pressure  distribution  ai  d results 
in  large  additional  surface  loads,  which  augment  the  simple  reaction  force  of  the  jet.  Experi- 
mental tests  have  indicated  that  properly  designed  systems  can  achieve  interaction  force » fluit 
exceed  the  reaction  jet  force  by  factors  of  four  or  five. 
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A second  advan  age  is  the  possible  reduced  control  response  time  toi  transverse  jets  in  compari- 
son to  conventional  systems.  This  reduced  response  time  enables  the  vehicle  to  be  designed  with 
less  static  stability.  A potential  increase  in  reliability  provides  a third  advantage,  since  redundance 
is  more  readily  achieved  with  a less  severe  weight  penalty  than  for  conventional  systems  and 
because  rocket  technology  is  felt  to  be  more  advanced  than  the  technology  involved  in  building 
high-speed  actuators  and  the  integral  components  required  to  operate  in  an  extreme  temperature 
environment.  Another  benefit  is  the  wide  range  of  flight  conditions  in  which  transverse  jets  can 
provide  control  forces,  as  compared  with  the  limited  envelope  for  conventional  systems.  Improve- 
ments are  also  derived  from  the  elimination  of  structural  problems  associated  with  control 
surfaces  and  related  heat-transfer  problems  prevalent  in  hypersonic  flow. 

Inherent  with  transverse  jets  are  many  problems  and  disadvantages  which  must  be  solved  or 
accounted  for  before  successful  implementation  can  be  achieved.  The  most  crucial  problem  is  the 
lack  of  a thorough  knowledge  involving  the  jet-interaction  process.  This  prevents  formulating  a 
completely  reliable  prediction  technique.  Distinct  disadvantages  are  the  weight  penalties  imposed 
by  the  propulsion  system  and  the  limited  quantity  of  propellant  available  for  a given  mission. 
Associated  problems  are  also  encountered  in  the  growth  potential  when  mission  requirements 
change. 

An  evaluation  and  design  comparison  of  transverse-jet  controls  and  conventional  aerodynamic 
control  systems  are  presented  in  reference  6.  The  conclusions  of  the  report  are:  (1)  high  L/D 
re-entry  vehicles  with  the  vehicle  trimmed  to  maximum  L/D  are  favorable  to  transverse-jet 
control  systems,  if  trajectory  control  by  roll  control  is  used;  (2)  if  a winged  re-entry  vehicle  is  to 
be  maneuvered  in  pitch  to  angles  appreciably  different  from  the  angle  of  attack  required  for 
maximum  L/D,  conventional  flap-type  aerodynamic  controls  are  preferable.  Additional  compari- 
sons regarding  transverse  jets,  solid  spoilers,  and  flap  deflections  can  be  found  in  references  6 
and  7. 

In  order  that  the  Datcom  user  may  better  understand  the  control-effectiveness  methods 
pn  sented  in  this  section,  a general  discussion  of  hypersonic-flow  separation  and  the  effect  of  the 
jet-interaction  phenomena  upon  augmenting  the  control  force  is  presented.  This  general 
discussion  is  essentailly  quoted  from  Section  6.3.1  of  the  Datcom  and  from  reference  1.  A more 
detailed  description  of  hypersonic-flow  separation  and  jet-interaction  phenomena  can  be  found  in 
references  1,  2,  3,  4,  and  8.  A summary  of  the  literature  pertaining  to  transverse  jets  can  be 
found  in  reference  9.  A summation  of  the  contents  of  each  document  is  given,  along  with  a 
qualitative  discussion  of  the  data  and/or  theory  presented. 

Hypersonic-Flow  Separation 

Separated  flows  are  characterized  by  the  prevailing  type  of  boundary  layer:  laminar,  turbulent, 
or  transitional.  The  pressure  rise  and  the  extent  of  the  separated  region  depend  upon  the 
characteristics  of  the  boundary  layer. 

In  general,  boundary-layer  separation  occurs  whenever  the  streamwise  pressure  increase  along  a 
surface  is  sufficient  to  overcome  the  forces  acting  to  accelerate  a fluid  particle,  or  when  the 
streamline  curvature  necessary  to  follow  the  surface  contour  cannot  be  sustained  by  the  pressure 
gradient  normal  to  the  surface.  In  steady-flow  aerodynamics  the  only  forces  acting  to  accelerate 
the  low-momentum  fluid  near  the  wall  against  a pressure  gradient  are  the  shear  forces  between 
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layers  of  fluid.  Because  the  momentum  of  the  fluid  near  the  wall  is  quite  low,  a relatively  small 
amount  of  deceleration ’oy  the  pressure  gradient  is  sufficient  to  bring  about  separation.  Turbulent 
flow  helps  to  delay  the  occurrence  of  separation,  because  the  turbulent  fluctuations  increase  the 
effective  shear  forces  and  thereby  increase  the  adverse  pressure  force  necessary  to  reverse  the 
flow  of  the  fluid  near  the  wall. 

The  greatly  increased  effective  visccsit'y  due  to  turbulent  fluctuations  enables  the  equilibrium 
between  pressure  and  shear  forces  near  the  wall  to  occur  at  much  greater  adverse  pressure  rises  in 
a turbulent  boundary  layer.  Because  of  the  connection  between  pressure  rise  and  flow  turning 
angle,  this  higher  pressure  corresponds  to  a much  shorter,  thicker  separated  zone  for  the  same 
initial  boundary-layer  thickness.  Cases  presented  by  Schlichting  (reference  10)  and  Howarth 
(reference  11)  show  turbulent  pressure  rises  twice  the  laminar  ones;  whereas  the  laminar 
separation  zone  extends  much  farther  than  the  turbulent  one. 

A similar  thickening  (and  simultaneous  pressure  rise)  occurs  in  a transitional  separation  when  the 
mixing  zone  becomes  turbulent  and  the  downstream  flow  soon  approaches  a condition  very 
similar  to  the  equivalent  turbulent  separation,  Upstream  of  the  transition  point,  the  flow  has  the 
character  of  the  corresponding  laminar  separation  zone.  The  location  of  the  transition  point 
therefore  plays  a significant  role  in  determining  the  pressure  distribution  (see  references  12 
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Present  indications  are  that  shock-induced  laminar-separation  pressure  distributions,  and  to  a 
limited  extent  turbulent  ones,  are  independent  of  the  type  of  disturbing  force  that  produces 
separation  (see  reference  12).  However,  the  turbulent  peak  pressure  rise  often  depends  signifi- 
cantly on  the  disturbing  force  (references  12  and  14  through  17).  Dtis  difference  in  dependence 
can  probably  be  attributed  to  the  greatly  increased  effective  viscosity  in  turbulent  flow,  enabling 
the  wall  contour  within  the  separated  ?one  to  transmit  its  effect  more  strongly  to  the  outer 
flow. 


Typical  jet-interaction  flow  fields  for  laminar  and  turbulent  boundary  layers  are  presented  in 
sketches  (a)  and  (bt,  respectively  (reference  1 ). 


JET  INTERACTION  FLOW  MODEL  FOR  TURBULENT  SEPARATION 


For  the  upstream  region,  laminar  boundary- layer  separation  has  a characteristic  plateau  where  the 
pressure  remains  aura  st  constant  over  most  of  the  separated  flow  region.  The  plateau  pressure 
level  depends  only  on  local  flow  conditions  at  the  location  of  the  separation  point  (sec  reference 
12b  The  upstream  turbulent  boundary  layer-separation  pressure  distribution  is  not  character med 
by  a long  pressure  plateau  region  as  in  the  case  of  laminar  separation.  Instead,  the  turbulent 
separation  produces  an  increasing  pressure  gradient  that  exhibits  an  inflection  point  or  a vry 
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short  plateau  pressure,  which  appears  to  be  dependent  only  upon  the  Mach  number.  Although 
some  discrepancies  exist  in  the  literature  (references  1,  4,  and  18)  regarding  upstream  pressure 
trends  with  boundary-layer  condition,  the  majority  of  the  later  references  indicate  that  larger 
upstream  forces  are  exhibited  for  laminar  separated  boundary  layers.  These  larger  forces  can  be 
attributed  to  the  integrated  loads  for  the  longer,  lower  pressure  regions  of  laminar  flow,  being 
larger  than  those  for  the  shorter,  higher  pressure  regions  of  turbulent  flow. 

The  problem  of  locating  the  boundary-layer  transition  point  is  qge  that  has  received  wide-spread 
attention  from  theoreticians  and  experimentalists.  However,  no  universally  applicable  prediction 
technique  has  been  obtained.  The  best  approach  for  predicting  the  transition  point  is  to  examine 
wind-tunnel  data  that  most  nearly  approximate  the  actual  flow  conditions.  Techniques  for 
correlating  the  transition  data  from  various  sources  are  available.  Reference  19  presents  one  such 
technique  for  correlating  data  for  cone-shaped  configurations.  In  the  absence  of  similar  wind- 
tunnel  <Jata,  the  method  presented  in  the  Daccom  can  serve  as  an  approximate  estimation  for 
determining  the  state  of  the  boundary  layer  or  transition  point. 

Jet-1  nteraction  Phenomena 

The  most  prominent  feature  of  jet-interaction  phenomena  is  the  formation  of  a strong  jet  shock 
that  is  nearly  normal  to  the  jet  flow  direction,  resulting  in  a recompression  and  subsonic  flow  on 
the  downstream  side  of  the  nozzle.  Reference  8 indicates  that  because  the  injected  stream  must 
be  turned  by  the  primary  flow,  it  acts  as  an  obstruction,  and  as  such,  produces  a strong  shock  in 
the  primary  flow.  This  shock  interacts  with  the  boundary  layer  on  the  wall  and  causes  it  to 
separate.  Both  the  initial  shock  and  the  resulting  boundary-layer  separation  produce  a region  of 
high  pressure  near  the  point  of  injection.  This  is  the  source  of  the  interaction  force  that 
augments  the  simple  reaction  force  of  the  jet. 

Kaufman,  in  reference  20,  describes  the  interaction  pressure  downstream  of  the  nozzle  as 
characteristically  having  a low-pressure  region  followed  by  a pressure  rise  to  the  reattachment 
value.  At  reattachment,  the  pressure  can  be  either  larger  or  smaller  than  the  undisturbed 
free-stream  pressure.  Downstream  of  reattachment,  the  pressure  approaches  its  undisturbed  value 
asymptotically. 

The  low-pressure  region  downstream  of  the  nozzle  can  have  an  adverse  effect  on  the  interaction 
force  if  the  nozzle  is  not  located  at  the  aft  end.  However,  the  increasing  pressure  at  reattachment 
can  in  some  cases  predominate,  yielding  a favorable  force  if  the  aft  end  of  the  surface  is  of 
sufficient  length  to  capture  the  major  portion  of  the  positive  pressure  region. 

The  reattachment  of  the  boundary  layer  downstream  of  the  jet  is  not  well  understood. 
Experiments  have  indicated  a pressure  rise  similar  to  that  at  separation,  with  the  gradient  at 
reattachment  usually  being  in  excess  of  that  at  separation. 


The  downstream  pressure  distributions  have  frequently  been  compared  to  pressure  distributions 
behind  rearward-facing  seeps.  These  pressure  distributions  have  been  estimated  by  using  various 
base-flow  analyses.  As  indicated  by  Kaufman  (reference  20),  determining  the  proper  start 
conditions  for  the  base-flow  models  has  been  difficult.  This  is  due  to  the  existence  of  large 
gradients  in  the  flow  and  no  detailed  flow-field  measurements  in  this  region  to  guide  the 
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selection  of  the  proper  jet-flow  conditions  to  be  utilised  as  the  initial  conditions  in  the  base-flow 
analyses. 

As  stated  earlier,  the  Datcom  method  does  not  account  for  aft-end  forces, because  all  nozzles  are 
assumed  to  be  located  at  the  aft  end  of  their  respective  surfaces. 

Three-Dimensional  Effects 

Three-dimensional  flow  fields  result  from  low-aspect-ratio  jets  located  on  both  flat  plates  and 
more  complicated  bodies.  Reference  2 presents  a description  of  the  flow  field  and  the  relative 
differences  between  two-  and  three-dimensional  flow.  The  more  salient  aspects  are  presented  here 
for  the  reader’s  benefit. 

Three-dimensional  effects  in  the  jet-interaction  flow  field  are  not  well  understood  quantitatively. 
This  is  partly  due  to  the  fact  that  less  effort  has  been  devoted  to  the  three-dimensional  problem, 
but  more  significantly  because  of  the  general  complexity  of  three-dimensional  flow.  The 
boundary-layer-separation  problem  alone  is  not  very  well  understood  for  three-dimensional  flow. 
Unfortunately,  the  more  significant  differences  between  two-  and  three-dimensional  flow  fields 
are  observed  to  be  the  extent  of  the  boundary-layer  separation  and  the  geometry  of  the  shocks. 
In  contrast  to  two-dimensional  flow,  the  three-dimensional  boundary-layer  separation  is  greatly 
reduced  as  a result  of  the  lateral  flow  component,  allowing  the  boundary  layer  to  bleed  off 
around  the  sides  of  the  plume.  This  minimizes  the  viscous  effects  and  creates  a largely  inviscid 
phenomenon. 

The  most  obvious  concern  with  three-dimensional  flow  is  the  possible  loss  in  effectiveness  due  to 
end  effects.  However,  reference  5 points  out  that  integration  of  the  pressure  distribution  over  a 
7-degree  cone  shows  that  the  normal-force  coefficient  obtained  is  the  same  as  the  normal-force 
coefficient  per  unit  span  of  a two-dimensional  jet  with  the  same  jet  mass  flux.  This  behavior  is 
attributed  to  a favorable  interaction  between  the  cross  flow  and  the  main  stream,  which  increases 
the  effective  span  of  the  jet.  However,  this  conclusion  was  based  on  limited  test  data  and  has  not 
been  corroborated  for  various  flow  conditions. 

Unlike  a jet  on  a flat  plate,  an  adverse  interaction  has  been  observed  to  occur  frequently  on 
three-dimensional  bodies.  This  is  attributed  to  the  effect  of  “wraparound,”  i.e.,  the  propagation 
of  the  disturbance  to  the  sides  or  the  underside  of  the  body.  Much  of  the  interaction  force 
created  by  three-dimensional  nozzles  results  from  the  high-pressure  region  immediately  behind 
the  bow  shock,  which  forms  a hyperbolic  high-pressure  ridge  on  the  surface  of  the  body 
extending  out  from  the  region  of  the  nozzle.  In  addition,  the  low-pressure  region  directly 
downstream  of  the  nozzle,  which  has  an  adverse  effect  on  the  interaction  force,  is  virtually  as 
effective  on  a cylindrical  body  as  on  a flat  plate;  therefore,  negative  interaction  forces  commonly 
occur  on  such  vehicles. 

Although  the  existing  method  of  analysis  in  reference  2 provides  fair  agreement  with 
experimental  data,  additional  sophistication  in  the  shock-body  interaction  analysis  is 
contemplated,  and  improved  correlation  is  expected.  References  4,  5,  18,  and  71  offer  additional 
information  regarding  the  pressure  distributions  and  jet-interaction  phenomena  for  three- 
dimensional  flow. 
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JaH  attraction  Control  Effectiveness 


For  obvious  reasons  it  is  desirable  to  obtain  the  highest  possible  jet-interaction  forces.  This  leads 
to  the  consideration  of  various  nozzle  inclination  angles.  Figure  6.3.2-41  (reference  1)  presents 
the  amplification  factor  versus  injection  angle  for  various  values  of  nozzle  exit  velocities  and 
normal  sonic  amplification  factors.  From  this  figure  it  can  be  seen  that  substantial  gains  in 
performance  may  be  achieved  by  inclining  the  nozzle  upstream,  provided  that  large  amplification 
factors  (control  force  normal  to  wall  normalized  with  respect  to  vacuum  thrust  of  sonic  nozzle) 
are  realized  from  a normal  sonic  nozzle.  The  reason  for  this  is  apparent  when  it  is  realized  that 
inclining  the  nozzle  upstream  tends  to  increase  the  interaction  force  and  to  decrease  the  normal 
component  of  thrust.  Hence,  if  only  a moderate  interaction  force  is  realized  for  a normal  sonic 
nozzle,  then  little  may  be  gained  by  upstream  injection  because  of  the  loss  in  the  normal 
component  of  thrust.  However,  if  injection  normal  to  the  wall  produces  a large  interaction  force 
relative  to  the  thrust,  then  substantial  improvement  may  be  realized  by  inclining  the  nozzle. 
Maurer  in  reference  22  states  that  the  optimum  injection  angles  against  the  main  stream  were  in 
the  range  of  15°  < <t>  < 45° 

Inherent  with  obtaining  the  maximum  control-force  effectiveness  is  locating  the  nozzle  to  achieve 
the  most  desirable  pressure  distribution.  Unfortunately,  many  discrepancies  and  questions  are 
found  in  the  literature  regarding  the  contribution  of  aft-end  forces.  Pressure  distributions 
downstream  of  the  nozzle  can  be  found  in  references  1 , 8,  20,  23,  and  24,  to  list  a few.  Barnes 
(reference  1 ) found  that  the  aft  interaction  forces  due  to  a laminar  boundary  layer  are 
considerably  smaller  than  the  forward  forces  (see  sketch  (c)).  In  contrast,  he  found  that  for 


SKETCH  (c) 

JET  INTERACTION  FORCES  FOR  A LAMINAR  BOUNDARY  LAYER 
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turbulent  flows  the  aft-end  forces  added  significantly  to  the  total  force,  as  is  evident  in 
sketch  (d).  However,  the  contribution  of  downstream  forces  in  turbulent  flow  was  found  to 
decrease  rapidly  as  the  mass-flow  rate  increased.  Although  these  sketches  do  not  hold  true  for  all 
nozzle  configurations  and  flow  conditions,  they  do  indicate  the  relative  contribution  available 
from  aft-end  forces.  Kaufman  (reference  20),  in  addition  to  corroborating  the  findings  of  Barnes, 
found  that  the  reattachment  pressure  increased  strongly  with  increasing  Mach  number.  Spaid  and 
Zukoski,  in  reference  8,  indicate  a dependence  of  downstream  pressure  on  Mach  number, 
mass-flow  rate,  and  injectant  fluid  properties.  With  helium  as  an  iniectant,  higher  downstream 
static  pressure  levels  were  obtained  in  comparison  with  those  for  nitrogen. 


JET  INTERACTION  FORCES  FOR  A TURBULENT  BOUNDARY  LAYER 

An  iterative  method,  utilizing  experimental  data  classified  according  to  nozzle  aspect  ratios 
(span/width),  is  presented  in  reference  20,  which  predicts  upstream  and  downstream  pressure 
distributions.  The  results  of  the  method  agree  qualitatively  with  experimental  data,  although 
more  theoretical  analyses  must  be  developed  before  it  becomes  a reliable  predicting  technique. 


In  general,  because  of  the  complexity  involved  in  the  interaction  phenomena,  no  consistent 
nozzle  angle  or  location  yields  the  optimum  design  for  the  large  range  of  possible  applications 
a id  environments;  each  case  must  be  considered  separately. 


Although  the  supersonic  jet  experiences  an  increase  in  reaction  force  over  the  sonic  jet,  it  also 
experiences  a decrease  in  the  interaction  force;  it  is  not  obvious  which  occurrence  dominates. 
The  decreased  interaction  force  is  a result  of  a lower  pressure  at  the  exit  foi  a supersonic  jet. 
This  prevents  the  jet  from  expanding  into  a full  plume  upon  leaving  the  nozzle,  consequently  the 
interaction  force  decreases.  An  example  of  the  relative  effect  of  nozzle  exit  velocity  on  surface 
pressure  is  shown  in  sketch  (e),  from  reference  1.  The  Datcom  method  predicts  improved 
performance  by  obtaining  supersonic  velocities  at  the  nozzle  exit.  Although  experimental  data 
indicate  that  supersonic  nozzles  exhausting  normal  to  a wall  produce  virtually  no  change  in 
control  force,  the  Datcom  method  predicts  a moderate  gain.  Experiments  show  that  a beneficial 
effect  occurs  principally  at  positive  upstream  injection  angles. 


SKETCH  (e) 

COMPARISON  OF  NORMAL  SONIC  AND  NORMAL  MACH  3 CIRCULAR  NOZZLE 

CENTER-LINE  PRESSURE  DISTRIBUTIONS 


Experimental  data  show  that  jet-flow  parameters  are  dominating  factors  in  the  jet-interaction 
phenomena.  The  more  prominent  features  of  the  flow  are  determined  by  the  strength  of  the  jet. 
For  very  weak  jets  (jets  with  very  low  pressure  ratios  (P0j/Pi )),  the  jet  behavior  has  been 
described  by  Kaufman  in  reference  20  as  similar  to  film  cooling  of  the  surface.  There  are  no 
separated  flow  regions,  and  boundary-layer  analysis  can  describe  the  resulting  flow.  In  reference 
25,  Kaufman  considers  weak  jets  and  focuses  his  work  on  the  downstream  pressure  distributions. 

Because  the  Datcom  method  applies  only  to  strong  jets  (jets  sufficient  to  induce  separation  of 
the  boundary  layer),  it  is  pertinent  to  ascertain  if  separation  exists.  Available  data  are  not 
conclusive,  but  it  appears  that  the  minimum  nozzle  exit  pressure  Pe  to  achieve  separation  must 
be  of  the  order  of  twice  the  plateau  pressure  P2  in  the  separated  boundary  layer.  Turbulent 


63.2-9 


How  yields  a higher  plateau  pressure,  hence  it  is  the  determining  condition  for  establishing  a 
minimum  jet-strength  requirement.  The  minimum  jet-pressure  ratio  (Poj/Pi)  required  to  induce 
separation  is  presented  in  figure  6.3.2-43  (reference  1).  At  pressure  ratios  substantially  below 
those  in  figure  6.3.2-43,  the  Datcom  method  is  probably  not  valid. 

When  pressure  ratios  are  above  the  minimum  required,  some  discrepancy  exists  in  the  literature 
regarding  the  effect  on  the  amplification  factor.  Werle  in  reference  26  concludes  that  a slight  loss 
in  effectiveness  is  displayed  as  Poj/Pi  approaches  infinity,  while  Barnes  in  reference  1 indicates 
virtually  no  change  in  amplification  factor.  Reference  20  contains  a summary  of  available 
jet-interaction  data  wherein  pertinent  flow  parameters  along  with  the  various  slot  geometries  are 
tabulated. 


The  Datcom  method  does  not  explicitly  account  for  variations  in  angle  of  attack.  These  changes 
in  angle  of  attack  must  be  accounted  for  in  evaluating  local  flow  conditions  and  the  state  of  the 
boundary  layer.  At  high  angles  of  attack,  with  the  jet  on  the  leeward  side,  caution  must  be  used. 
The  flow  will  begin  to  separate,  and  the  jet  will  essentially  be  exhausting  into  a dead-air  region 
that  results  in  the  interaction  force  decreasing  to  zero.  Pressure  distributions  for  small  variations 
in  angle  of  attack  can  be  found  in  references  1 and  20  for  flat  plates,  and  in  reference  3 for  an 
ogive- cylinder. 

Several  methods  for  modulating  the  control  force  have  been  suggested.  The  more  pragmatic 
methods  are:  pulsing  the  jet  with  a constant  jet  pressure  with  a pulse  duration  proportional  to 
the  impulse  required,  using  multiple  nozzles  which  are  individually  actuated,  varying  the  jet 
plenum  pressure,  and  combinations  of  these. 


The  Datcom  equations  describing  the  upstream  jet  interaction  have  been  obtained  from  a 
momentum  balance  method.  Several  other  techniques  have  been  used  by  investigators  in  their 
attempts  to  establish  the  most  complete  and  reliable  prediction  scheme.  Blast-wave  analogy  has 
been  used  in  references  2 and  27.  Other  investigators  (references  5 and  28)  employ  finite 
difference  techniques  in  conjunction  with  various  methods  in  an  attempt  to  describe  the  flow 
field. 


NOTATION 


SYMBOL  DEFINITION 

a speed  of  sound 

b span  of  slot  nozzle  (normal  to  flow  direction) 

c nozzle  discharge  coefficient 

Cf  vacuum-thrust  coefficient 

*0 

Cf  control-force  coefficient 

Fc 

Cp  pressure  coefficient,  Cp  = (P  — Pj  )/q{ 
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SYMBOL 


DEFINITION 


cx 

de 

dLl 

dt 

Fc 

Fic 

h 

<n> 

K 


K„ 

L 

M 

rii 

P 


SF 


drag  coefficient 

width  of  nozzle  exit  in  the  flow  direction 
diameter  of  surface  leading  edge 
width  of  nozzle  throat 
control  force 
vacuum  thrust 

maximum  height  of  sonic  line  above  surface  (effective  jet  height) 
maximum  height  of  separated  boundary  layer  above  the  surface 

jet  vacuum  specific  impulse 

upstream  amplification  factor  (control  force  normal  to  the  surface  normalized 
with  respect  to  vacuum  thrust  of  sonic  nozzle) 

upstream  amplification  factor  of  normal  sonic  nozzle 

distance  of  nozzle  from  plate  leading  edge 
Mach  number 
nozzle  mass-fiow  rate 
pressure 

jet  plenum  pressure 

dynamic  pressure,  q - pV2/ 2 

Reynold  number  based  on  length  L (dimensionless) 

Reynolds  number  based  on  the  distance  to  the  separation  point  (dimensionless) 
unit  Reynolds  number  based  on  free-stream  conditions 
safety  factor 


SYMBOL 


DEFINITION 


V 

Xcp 

a 

7 

e 

x 

1 

p 

a 

4> 

cr 

e 

max 

min 

R 

s 

t 

trim 

1 

2 
2' 

3 

4 


velocity 

center-of-pressure  location  measured  relative  to  leading  edge 

angle  of  attack  (positive  with  jet  on  lee  side  of  model) 
specific-heat  ratio  of  jet  gases 
angle  of  secondary  shock 

mean  free  path  (average  distance  traveled  between  molecular  collisions) 

pressure  ratio  across  secondary  shock 

density 

boundary-layer  separation  angle 

inclination  of  nozzle  center  line  relative  to  an  axis  normal  to  surface 

SUBSCRIPTS 

corrected 

nozzle-exit  conditions 
maximum  value 
minimum  value 
reattachment  conditions 
separation  conditions 
throat  conditions 
trim  condition 

ambient  conditions  on  plate  in  the  absence  of  a jet 

conditions  in  the  region  of  the  separated  boundary  layer 

conditions  at  the  second  peak  pressure  in  the  separated  boundary  layer 

conditions  in  the  separated  region  just  before  the  reattachment  shock 

conditions  in  the  region  corr  esponding  to  the  peak  downstream  pressure  after 
the  reattachment  shock 


at 


SYMBOL  . , DEFINITION 

00  undisturbed  free-stream  conditions 

SUPERSCRIPT 

* sonic  conditions 

DATCOM  METHOD 

A method  for  sizing  a two-dimensional  transverse-jet  control  system,  modulated  by  varying  the 
jet  plenum  pressure,  is  presented  in  the  following  procedure.  This  method  is  based  on  a 
continuum  concept  and  is  valid  in  the  Mach  number  range  of  2 to  20.  When  the  mean  free  path 
of  the  surrounding  flow  X approaches  0.1  of  the  jet  width  dt,  the  method  begins  to  break 
down.  The  method  is  completely  invalid  when  the  mean  free  path  equals  the  jet  width.  The 
method  is  invalid  because  of  angle-of-attack  effects  when  (1)  the  angle  of  attack  is  such  that  the 
leading-edge  shock  interacts  with  the  jet-interaction  region,  or  (2)  the  boundary  layer  is  separated 
at  the  jet  location  prior  to  jet  discharge. 

For  a transverse-jet  control  system  that  is  modulated  by  pulsing  the  jet  with  a constant  jet 
plenum  pressure,  the  sizing  procedure  is  similar  to  the  Datcom  method.  The  primary  objective  is 
to  determine  the  maximum  jet  plenum  pressure  required  to  satisfy  the  trim  and  separation 
requirements.  This  enables  the  nozzle  throat  width  to  be  calculated. 

The  Datcom  method  consists  of  first  obtaining  a time  history  of  the  local-flow  parameters  at  the 
nozzle  exit  prior  to  jet  discharge.  These  parameters  are  then  used  in  conjunction  with  the  time 
history  of  the  control  force  required  to  trim  the  vehicle,  to  obtain  a control-force  coefficient. 
This  control-force  coefficient  is  then  corrected,  and  the  sonic  amplification  factor  is  obtained  as 
a function  of  the  state  of  the  boundary  layer  and  the  Reynolds  number.  The  true  value  for  the 
amplification  factor  is  then  obtained  from  design  charts  that  account  for  the  nozzle  inclination 
angle  and  nozzle  exit  Mach  number.  From  the  local  Mach  number  and  the  nozzle  exit 
conditions,  values  for  the  minimum  jet  plenum  pressure  required  to  induce  flow  separation  are 
obtained.  This  minimum  jet  plenum  pressure  and  the  vacuum  thrust,  calculated  using  the  true 
amplification  factor,  allow  calculation  of  the  nozzle  throat  diameter.  This  in  turn  permits  the 
calculation  of  the  jet  plenum  pressure  and  propellant  weight  requirements  to  trim  the  vehicle. 

Step  1.  Determine  if  the  boundary  layer  is  separated  at  the  jet  location  prior  to  jet  discharge. 

Because  of  the  complex  nature  of  boundary-layer  separation  at  hypersonic  speeds,  no 
single  criterion  is  available  to  accurately  determine  the  location  of  separation.  Exact 
locations  can  only  be  determined  through  wind-tunnel  testing.  However,  for 
preliminary-design  conditions,  the  simple  Newtonian-shadowing  criterion  may  be  used. 
For  a nozzle  located  on  the  leeward  side,  this  criterion  assumes  the  location  of  the 
separation  point  10  be  just  downstream  of  the  leading  edge  when  the  leeward  surface  is 
not  directly  visible  to  the  free  stream.  Thus,  using  the  Newtonian-shadowing  criterion 
restricts  the  Datcom  method  to  transverse-jet  control  systems  located  on  the  windward 
surface. 
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If  the  boundary  layer  is  separated  prior  to  jet  discharge,  the  jet-interaction  force  is 
probably  nil'.  For  this  case,  the  only  force  is  that  due  to  the  reaction  of  the  jet, 
nullifying  the  Datcom  method. 


Step  2.  Determine  the  time-history  values  required  for  the  control  force  Fc  to  trim  or 
maneuver  the  vehicle,  the  associated  free-stream  Mach  Number  M^,  and  the  associated 

angle  of  attack  aw. 


These  parameters  must  be  obtained  from  an  outside  source  because  of  the  numerous 
possibilities  for  vehicle  design  and  mission  trajectories.  The  jet-interaction  center  of 
pressure  can  be  assumed  to  be  located  at  the  nozzle  for  determining  the  time  history 
of  the  control  force. 


Step  3.  Determine  the  time-history  values  of  the  local-flow  parameters:  P ,qj,  Mj,  and  RgL  in 

the  absence  of  jet  exhaust.  The  ratios  of  pressure,  dynamic  pressure,  Mach  number, 
and  Reynolds  number  benind  an  oblique  shock  to  their  respective  values  in  the  free 
stream  can  be  obtained  from  figures  6.3.2-30,  -31,  -32,  and  -33,  respectively.  These 
oblique  shock  ratios  are  valid  so  long  as  the  following  relationship  holds: 


L 

0.1375  +2.0 

^LE 


M 

oo 


>1.0 


For  a thick  leading  edge  and  for  high  Mach  numbers,  the  above  relationship  becomes 
invalid,  disallowing  the  calculation  of  the  local-flow  parameters  by  oblique-shock 
theory.  This  requires  calculating  the  local-flow  properties  by  other  available  methods, 
such  as  tangent-wedge,  blast-wave,  Newtonian-impact  (reference  29),  or  the  Moeckel 
shock-loss  theory  (reference  30). 

Step  4.  Determine  the  time  history  of  the  state  of  the  boundary  layer  from  wind-tunnel  data 
that  approximate  the  actual  flow  conditions,  or  as  a function  of  Mi  and  RgL  from 
figure  6.3.2-34. 

Step  5.  Make  the  following  initial  choices  regarding  nozzle  geometry,  if  not  already  established. 

a.  Assume  a nozzle  span  b that  is  as  large  as  the  vehicle  geometry  permits. 

b.  Choose  a nozzle  injection  angle  <f>,  where  0 < <p<  45? 

Step  6.  Determine  the  nozzle  exit  Mach  number  Me  and  the  jet  vacuum  specific  impulse  Isp. 

The  calculation  of  these  parameters  requires  knowledge  of  the  propellant  as  well  as  of 
the  plenum  temperature  and  nozzle  shape.  It  is  therefore  advisable  that  these 
parameters  be  determined  by  the  propulsion  engineer  and  designer. 
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Step  7.  Determine  the  time-history  values  of  the  control-force  coefficient  Cpc  by 


Step  8. 


Step  9. 


Step  10. 


Step  1 1 . 


Step  12. 


Step  13. 
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Calculate  the  value  of  the  vacuum-thrust  coefficient  using  the  value  of  specific-heat  ratio 
associated  with  the  propellant  by 


c,^r  *+,> 

Calculate  the  time-history  values  of  the  corrected  control-force  coefficient  by 

N.  ■($(■?) 

From  the  Reynolds  number  and  the  state  of  the  boundary  layer  at  each  time  interval, 
select  the  appropriate  figure  from  the  sizing  charts  (figures  6.3.2  -35  a through  -35  e and 
-40)  and  determine  the  time-history  values  of  the  amplification  factor  Kc  for  a normal 
sonic  nozzle.  For  a laminar  boundary  layer  interpolate  between  figures  6.3.2 -35  a 
through  -35  e.  For  a turbulent  poundary  layer,  which  is  independent  of  Reynolds 
number,  use  figure  6.3.2-40. 

Determine  the  time-history  values  of  the  true  amplification  factor  K from  figure  6.3.2-41 
or  6.3.2-42,  or  by 


K - (K0 
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Calculate  the  time-history  values  of  the  vacuum  thrust  by 


F-0  ■ K 
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Determine  a time-history  value  of  the  minimum  jet  plenum  pressure  required  to  induce 
separation  /Poj)min  as  follows: 


6.3 


a.  Obtain  the  time  history  of  the  minimum  jet  plenum  pressure  ratio  / Poj/Pi  j min  as  a 
function  of  Ve/at  and  Mi  from  figure  6.3.2-43. 

b.  Multiply  these  pressure  ratios  by  the  corresponding  value  of  local  pressure  Pi  to 
obtain  (P„j)min.  i.e.. 

- /p, j pi  6-3  2-8 

min  \ t f mjn 

Step  14.  From  the  time-history  values  in  steps  12  and  13,  determine  the  maximum  value  of  the 
vacuum  tlirust  / Ft  j and  the  maximum  value  of  plenum  pressure  / P0l\ 

\ ‘ (i f max  \ J/max 


Step  15.  Calculate,  using  experimental  data  if  available,  a value  for  the  nozzle  discharge 
coefficient  c (defined  as  the  ratio  of  the  actual  nozzle  flow  to  the  flow  calculated  by 
isentropic  laws).  In  reference  31,  relations  are  given  relating  the  nozzle  discharge 
coefficient  to  the  velocity  coefficient,  polytropic  efficiency,  and  other  nozzle 
parameters.  However,  all  these  relationships  require  some  experimental  k.  owledge  of 
the  nozzle. 

If  no  experimental  data  are  available  for  the  nozzle,  a value  of  0.90  can  be  assumed 
with  concurrence  of  the  nozzle  designer.  This  value  was  the  lower  bound  for  nozzle 
discharge  coefficients  experienced  by  the  investigators  in  reference  1 . However,  caution 
must  be  used  because  values  as  low  as  0.71  for  nozzle  discharge  coefficients  have  also 
been  reported  (reference  3). 


Step  1 6.  Calculate  the  nozzle  throat  width  required  to  provide  a vacuum  thrust  at  least  as  large  as 
the  peak  value  predicted  to  trim  the  vehicle.  The  use  of  a safety  factor  to  allow  for 
dynamics  and  contingencies  may  be  desirable  (see  sample  problem).  Compute  the  nozzle 
throat  width  as  follows: 


d« 
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Step  17.  Calculate  the  time-history  values  of  the  jet  plenum  pressure  required  to  trim  the  vehicle  by 
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The  jet  plenum  pressure  required  to  trim  the  vehicle  should  always  exceed  the 
minimum  jet  plenum  pressure  required  to  induce  separation  (P0  ) . in  step  13. 

When  the  jet  plenum  pressure  required  to  trim  the  vehicle  is  less  than  the  minimum  jet 
plenum  pressure  required  to  induce  separation,  two  choices  are  available:  i.a)  the  throat 
width  can  be  reduced  with  a corresponding  increase  in  jet  plenum  pressure;  (b)  no 
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change  can  be  made,  w'th  a loss  in  effectiveness  (amplification  factor)  for  a short 
period  of  time.  The  second  choice  is  preferable  because  economically  and  structurally 
it  is  advantageous  to  keep  the  jet  plenum  pressure  as  low  as  possible. 

Step  1 8.  Calculate  the  time-history  values  of  the  mass-flow  rate  by 


hi 


1 


»p 
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Step  19.  Calculate  the  required  propellant  weight  by  integrating  the  time  histoiy  of  the 
mass-flow  rate. 


Step  20.  Revise  the  preliminary  estimates  made  in  step  5 and  reiterate  to  obtain  an  optimum 
configuration  based  on  trade-offs  between  system  weight,  jet-plenum-pressure  require- 
ments, and  the  available  control  force. 


The  approach  described  above  is  based  on  the  assumption  that  the  jet-interaction  center  of 
pressure  is  located  at  the  nozzle  (step  2).  In  many  practical  applications  this  assumption 
introduces  only  a small  error,  particularly  for  turbulent  boundary  layers  and  for  relatively 
low-aspect-ratio  nozzles.  Present  knowledge  of  jet  interaction  does  not  allow  an  accurate 
determination  of  the  center  of  pressure,  particularly  for  laminar  boundary  layers.  However,  an 
approximate  method  from  reference  1 is  presented. 

The  most  extreme  forward  location  of  the  center  of  pressure  results  from  a two-dimensional 
nozzle  located  at  the  end  of  a plate.  This  location  can  be  evaluated  and  used  as  a guide  in 
estimating  the  true  center-of-pressure  location. 

For  three-dimensional  nozzles  the  longitudinal  extent  of  the  separated  boundary  layer  is  much 
closer  to  the  nozzle  than  for  the  two-dimensional  ' ise.  Experimental  data  indicate  that  for  most 
three-dimensional  configurations  one-half  of  the  calculated  value  will  be  conservative  and  should 
suffice  for  preliminary-design  purposes. 

Step  21.  Determine  the  time-history  values  of  the  center-of-pressure  location  for  each  time  incre- 
ment as  follows: 


a.  For  laminar  flow 


(1)  Assume  a value  for  the  separation  Reynolds  number  R?j  of  approximately 

one-fifth  the  Reynolds  number  based  on  the  nozzle  location  Rgt  . (it  should 
be  noted  that  although  Re,  is  based  on  the  separation  location,  it  does  not  give 
an  accurate  value  for  the  separation  location.) 


(2) 


Calculate  the  plateau-pressure  coefficient 


Cpj  by 


c 

P2 


1.60 

[r^(m,2  - l)jl/4 


6.3.2-k 


6.3.2-17 


(3)  Calculate  the  total  drag  coefficient  of  the  interaction  phenomena  by 


C = 4.75  C 

x P, 


(4)  Calculate  the  normalized  effective  jet  height  by 

2 C, 


_h 

L 


P0j  <V 


PfL 


JCxMi2+2. 

(5)  Calculate  the  plateau  pressure  by 


f2  * C.  q,  + P, 


(6)  Calculate  the  tangent  of  the  boundary-layer  separation  angle  by 

1 1/2 


tan  a = 


“ - 

5a  - 1) 

'7  Mj2  - (6fc  + 1)  ' 

7 Mt2  - 5(6  - 1) 

- J 

6J+1 

where 


* = 


(7)  Calculate  a new  value  for  the  normalized  effective  jet  height  by 


Ro 


= 1 - 


Ro 


tan  a 
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If  given  by  equation  6.3.2-q  is  not  equal  to  ^ given  by  equation 

6.3.2-m,  i.e.,  ( — j choose  a new  value  for  R$s  in  step  21.a.(l)  and 

\L/new 

/h\  /h\ 

iterate  until  ( — ) = I — . 

\ ^ /new  \L/ 
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(9)  Calculate  the  normalized  center-of-pressure  location  with  respect  to  the  nozzle 
locaticji  by 


cp 


= (1  - G)  h-  G 
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where 


G a 1 - _ 
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and  Cp  is  based  on  the  correct  value  of  Rgt.  (step  21.a.(2)) 


b.  For  turbulent  flow 


(1)  Calculate  the  plateau-pressure  coefficient  C 


For  Mj  < 5 
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C * 0.41  + 0.481  Mj  - 0.0509  Mj2  + 0.0061  Mt3  6.3.2-t 

For  M,  > 5 

Cp  = 0.2257  - 0.0232  Mj  + 0.0014  M.,2  - 0.00003  Mj3  6.3.2-u 


(2)  Calculate  the  normalized  center-of-pressure  location  with  respect  to  the  nozzle 
location  by 

~ = (i  -G)+G 

where 


(equation  6.3. 2-r) 


G as  1 - — - (equation  6.3.2-s) 

Iv 

If  the  calculated  value  for  the  center  of  pressure  appears  to  introduce  a significant  error  into  the 
determination  of  the  required  control  force  in  step  2,  a new  cohtrol  force  should  be  calculated  and 
the  procedure  repeated  for  sizing  the  nozzle. 


. - . -.j 
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Sample  Problem 

Given:  A transverse  jet  located  at  the  trailing  edge  of  a flat  plate 
L = 10.0  ft  b = 2.0  ft  <(>  = 30° 

Me  = 2.39  7 = 1.2  ~ 22: 


ve/  at  = 2.0 


I = 225.0  sec  c = 0.90 

sp 


The  sample  problem  presents  a hypothetical  case  which  serves  to  illustrate  t*--*  Datcom  method. 
The  time-history  values  of  the  control  force  Fc  must  be  calculated  or  established  prior  to  the 
application  of  the  Datcom  method.  For  a real  problem,  the  time-history  values  of  the  free-stream 
Mach  number  Mw  and  the  angle  of  attack  must  also  be  determined  prior  to  the  application 

of  the  Datcom  method,  in  order  to  obtain  the  time-history  values  of  the  local-flow  parameters. 

TABLE  B.3.2-A 

SAMPLE  TRANSVERSE-JET  SIZING  CALCULATIONS 


1.  Time  (see) 

i 

2 

3 

4 

5 

2.  Control  Force,  Fc  (lb) 

1000 

2000 

1000 

500 

200 

3.  Local  Mach  No.,  Mj 

10.0 

9.0 

8.0 

7.0 

6.0 

4.  Reynolds  Ni.,  R£l 

1 x 108 

5 x 107 

1 x 107 

5 x 106 

1 x 106 

5.  Local  Pressuri  P^  (lb/in.2) 

1.70 

0.65 

0.25 

0.10 

0.04 

6.  Dynamic  Pressui »,  (lb/in.2) 

119 

36.8 

11.2 

3.43 

1.01 

7.  Boundary  Layer 

turb 

turb 

turb 

turb 

lam 

8.  Control-Force  Coefl.,  Cpc  = Fc/(q.j  bL) 

0.00292 

0.0189 

0.0310 

0.0506 

0.0688 

9.  Corrected  Force  Coeff., 

0.00296 

0.0192 

0.0314 

0.0513 

0.0698 

10.  Sonic  Amplification  Factor,  KQ 

2.53 

2.15 

2.10 

2.05 

2.80 

11.  Amplification  Factor,  K 

3.44 

2.86 

2.78 

2.70 

3.86 

12.  Vacuum  Thrust,  F:  (lb) 

*0 

291 

700 

360 

185 

51.8 

13.  Min.  Pressure  Ratio,  (P0j/Pl)mjn 

560 

510 

465 

420 

375 

14.  Min.  Jet  Pressure,  (pQj)mjn  Ob/in.2) 

950 

332 

116 

42 

15 

15.  Jet  Pressure,  (Poj)trim  db/in.2) 

316 

760 

391 

201 

56.3 

16.  Maw-Flow  Rate,  m Ob/$ec) 

1.29 

3.12 

1.60 

0.82 

0.23 

With  the  time-history  values  of  the  local-flow  parameters  completed  in  items  3 through  7 of  table 
6.3.2-A,  the  calculation  for  the  sample  problem  continues  for  t = 1 second  with  step  4. 
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Determine  the  state  of  the  boundary  layer  from  wind-tunnel  test  data  or  as  a function  of  Mj 
and  RgL  from  figure  6.3.2-34. 

Determine  the  control-force  coefficient 


c = 

Fc  qtbL 


(equation  6.3. 2-a) 


(119) (2) (10) (144) 


= 0.00292 


Determine  the  vacuum-thrust  coefficient 


C,  = 


2 \ +"1 


(7+1)  (equation  6.3. 2-b) 


U 

2 \ 


1.2  + 1 


(1.2  + 1) 


* 1.25 


Determine  the  corrected  control-force  coefficient 


q.bL 


(equation  6.3. 2-c) 


= (0.00292) 


= 0.00296 


Determine  the  sonic  amplification  fac- 


Ko  = 2,53 


(figure  6.3.2-40) 


Determine  the  true  amplification  factor 


K = 3.44 


(figure  6.3.2  41) 
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Determine  the  vacuum  thrust 


F - — (equation  6. 3. 2-0 

Jo  K 

1.000 

3.44 

= 291  lb 


Determine  the  minimum  jet  plenum  pressure  required  to  induce  separation 


(figure  6.3.2-43) 


(equation  6.3.2-g) 


= (560)  (1.70) 
= 950  lb/in.2 


The  remaining  steps  cannot  be  based  on  one  time  segment;  i.e.,  the  total  time  history  of  the  various 
parameters  must  be  considered. 


Determine  the  throat  width 

SF 


"■  = CC 


N 
^S) 


(equation  6.3-.2-h) 


(700)  (1.25) 


(0.9)  (1.25)  (24)  (950) 
= 0.0341  in. 


The  safety  factor  is  determined  from  the  maximum  thrust  and  the  maximum  jet 
plenum  pressure.  The  maximum  thrust  required  is  700  lb;  however,  a value  of  900  ib 
should  allow  for  contingencies.  If  the  design  value  for  the  maximum  jet  pressure 
required  to  induce  separation  is  chosen  to  be  1000  lb/in.2  rather  than  the  value  of  950 
lb/in. 2 in  table  6.3.2-A,  the  safety  factor  can  be  expressed  as 


6.3.2-22 


= 1.21,  use  1.25 

The  jet  plenum  pressures  required  to  trim  the  vehicle  are  calculated  based  on  the  throat  width 
by  using  equation  6.3.2-i.  These  calculated  plenum  pressures  must  always  exceed  the  plenum 
pressure  required  to  induce  separation  (950  lb/in.2  at  the  initial  time  period  of  one  second).  The 
jet  plenum  pressures  required  for  trim  (item  15  in  the  table)  were  computed  as  follows: 


(?n  \ = (equation  6.3.2-i) 

\ Vtrim  C CfQ  b dt 


o 


(0.9)  (1.25)  (24)  (0.0341) 

= 1.086  F. 

Jo 

It  is  seen  that  the  jet  plenum  pressures  required  for  trim  (item  15)  are  less  than  the  specified 
minimum  value  at  the  initial  time  of  one  second.  Two  choices  are  available:  either  the  throat 
width  can  be  reduced  with  a corresponding  increase  in  jet  pressure  or,  if  this  proves-  to  be 
detrimental  to  the  system  weignt,  then  some  loss  in  effectiveness  can  probably  be  accepted  for  a 
short  time  period  in  order  to  avoid  increasing  the  jet  pressure.  The  proper  choice  depends  upon 
the  sensitivity  of  the  control-system  weight  to  an  increase  in  jet  plenum  pressure. 

The  propellant  weight  required  to  trim  the  vehicle  is  obtained  from  the  integral  of  the  mass-flow 
rate  m in  item  16.  For  the  sample  problem,  the  required  propellant  weight  to  trim  the  vehicle  is 
7.06  lb. 

In  order  to  arrive  at  an  optimum  nozzle  design  in  any  particular  application,  several  iterations  of 
the  above  procedure  should  be  made  with  systematic  variations  in  the  initial  assumptions.  If 
extensive  sizing  studies  are  required  and  if  suitable  computing  facilities  are  available,  a computer 
program,  described  in  reference  1 , should  be  used. 

Determine  the  center-of-pressure  location. 

Two  cases  are  presented  to  illustrate  the  procedure:  one  where  the  boundary  layer  is  turbulent 
and  one  where  the  boundary  layer  is  laminar. 
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Case  I 


t = 4 seconds  (turbulent  flow) 


M,  = 7.0 


Cc  = 0.0506 

F c 


(table  6.3.2-A) 


K = 2.70 


C = 0.2257  - 0.0232  M.  + 0.0014  M.  2 
P 2 11 

= 0.2257  - 0.0232  (7)  + 0.0014  (49) 

= 0.1216 


G s 1 - — (equation  6.3. 2-s) 

Tv 


1 2.70  = 0,63 


- 0.00003  Ml  3 

- 0.00003  (343) 


x 


cp 


L 


(1  ~G)  + G 


(1  - 0.63)  + 0.63 


| (equation  6.3. 2-r) 

/0.0506\ 

V0.1216y 


0.917 


xcp  = (0.917)1 

= (0.917)  (10) 

- 9.17  ft  from  leading  edge 
^ase  H t = 5 seconds  (laminar  flow) 

M,  - 6.0  \ 

Cp  = 0.0688  J>  (table  6.3.2-A) 

C I 

K = 3.86  ' 


(equation  6.3. 2-u) 
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P0  = 56.3  lb/in.  \ 

P.  = 0.04  lb/in.2  \ (table  6.3.2 -A) 

I 

tjj  = 1.01  lb/in.2 

First  iteration  (assume  Rp  = 1 x 105) 

s 

C = 160 

p2  [r8(  (M,2  - l)]‘/4 

1.60  

1105  ( 36  - l)]l/4 


(equation  6.3.2-k) 


» 0.037 

Cx  = 4-75  c (equation  6.3. 2-£) 

= (4.75)  (0.037) 

= 0.1758 


h 

[p», 

d,' 

2 C, 

‘o 

L “ 

pi 

L 

7 Cx  Mj  2 + 2 

(equation  6.3.2-m) 


(56.3)  (0.0341)' 

(2)  (1.25) 

(0,04)  (10)  (12) 

(1.2)  (0.1758)  (36)  +2 

= (0.400)  (0.2605) 


= 0.104 


P2  “ Cp2  + pi  (equation  6.3. 2-n) 
= (0.037)  (1.01)  + 0.04 


= 0.0774  lb/in.2 
P2  0.0774 

4 _ — — = i.93  (equation  6.3.2-p) 
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tan  a = 


5 (t  - 1) 

7 Mj 2 — 5 ((•  - 1) 


7 M, 2 - (6  £ + 1) 
6 £ + 1 


(equation  6.3,2-o) 


S (0.93) 

7 (36)  - 5 (0.93) 


= (0.0188)  (4.36) 


= 0.082 


7 (36)  -[6  (1.93)  + 1) 
6(1.93)+! 


= 1 - 


■(■-5) 


tan  a (equation  6.3. 2-q) 


(0.0819) 


= 0.0738 


Since  0.0738  =£  0.104,  try  a second  iteration. 


Second  iteration  (assume  Rs  = 5 x 104) 


C = 


2 {(5  x 104)  (36  — 1)] 1/4 


= 0.044  (equation  6.3.2-k) 


Cx  = (4.75)  (0.044)  = 0.209  (equation  6.3. 2*£) 


(56.3)  (0.0341) 
[(0.04)  (10)  (12) 

= (0.400)  (0.227) 

= 0.0908 


2 (1.25) 

(1.2)  (0.209)  (36)  + 2 


(equation  6.3.2-m) 


P2  = (0.044)  (1.01)  + 0.04  = 0.0844  lb/in.2 


(equation  6.3.2-n) 


0.0844 


= 2.11  (equation  6.3.2-p) 
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5 (1. 11) 
252  - 5 (1-1  1) 


= (0.0225)  (4.18) 


252  — [6(2.11)4-  1] 

6 (2.11)  + 1 


(equation  6.3.2-o) 


= 0.094 


/,  5 x loA 

= / 1 — J (0.094)  - 0.0893  (equation  6.3.2-q) 

V io6  / 


Since  0.0893  =£  0.0908,  try  a third  iteration. 


Third  iteration  (assume  Re  = 4.85  x 104) 


'2  ((4.85  x 104)  (36  - l)]1'4 


= 0.0443  (equation  6.3. 2-k) 


Cx  = (4.75)  (0.0443)  = 0.210  (equation  6.3. 2-i) 


A _ <56- 

L (0.0' 


6.3)  (0.0341) 
04)00)  (12) 


(2)0.25)  , 
(1.2)  (0.210)  (36)- 


= (0.400)  (0.226) 


- 0.0904 


(equation  6.3. 2-m) 


P2  = (0.0443)  (1.01)  + 0.04  = 0.0847  lb/in.2  (equation  6.3.2-n) 


„ *2  0.0847 

£ ■ p-  ‘ ■ 2 "8 


(equation  6.3. 2-p) 


5 (1.118) 
252'-  5 (1.118) 


“ (0.0227)  (4.17) 


252  -[6  (2,118)+  111  1/2 
6 (2.118)  + 1 


(equation  6.3. 2-o) 


= 0.0947 


/,  4.95  x loA 

= ( 1 ) (0.0947)  = 0.( 

\ 106  / 


(equation  6.3.2-q) 
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0.0901 


4.85  x 10' 


as  0.0904;  therefore  Rg  = 


C » 0.0443 

p2 


i 


— — = 0.741  (equation  6.3.2-s) 

3.86 


x 


cp 


L 


(1  - G)  + G 


(equation  6.3.2-r) 


= (1  - 0.741)  + 0.741 


= 0.574 

Since  the  value  of  xcp/L  = 0.574  is  a conservative  estimate  of  the  most  extreme  forward 
position  for  a two-dimensional  nozzle,  the  actual  value  is  probably  close  to  0.75  or  0.80  (see 
discussion  prior  to  step  21).  Since  the  center  of  pressure  for  t = 5 seconds  is  not  close  to  the 
nozzle  location,  it  would  be  advisable  to  calculate  a new  control  force  based  on  the  approxi- 
mate value  of  xcp  * 7.5  ft  and  repeat  the  sizing  calculation  for  t = 5 seconds. 
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FIGURE  6.3.2-30  OBLIQUE  SHOCK  PRESSURE  RATIO  FOR  PERFECT  GAS 
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FIGURE  6.3.2-31  OBLIQUE  SHOCK  DYNAMIC-PRESSURE  RATIO  FOR  PERFECT  GAS 
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CORRECTED  CONTROL-FORCE  COEFFICIENT,  (CFc) 


FIGURE  6.3.2-35  (CONTD) 
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FIGURE  6.3.242  AMPLIFICATION  FACTOR  FOR  INCLINED  SUPERSONIC  JETS 
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6.3.4  AERODYNAMICALLY  BOOSTED  CONTROL-SURFACE  TABS 

Aerodynamically  boosted  control-surface  tabs  have  been  successfully  used  to  reduce  the  forces  on 
reversible-control  systems  many  years.  Linear  methods  from  Reference  1 are  presented  herein 
for  estimating  the  stick  forcos  tor  a variety  of  the  most  commonly  used  control-surface-tab  systems. 
Because  of  the  compressibility  effects  on  tabs  at  high  speeds,  the  application  of  these  methods 
should  be  restricted  to  subsonic  flow;  i.e.,  speeds  below  the  surface  critical  Mach  number  or  not 
above  a Mach  number  of  0.90,  whichever  is  least. 

In  order  that  the  Datcom  user  may  better  understand  the  complex  design  considerations  for  a tab 
system,  a general  discussion  (essentially  taken  from  Reference  1)  of  pertinent  design  parameters  for 
control-surface- tab  systems  is  presented.  For  more  details  regarding  tab  systems  the  reader  is 
referred  to  References  1 through  6.  For  a discussion  and  method  of  springy  tabs  or  downsprings, 
the  reader  is  specifically  referred  to  Reference  6. 

System  Description 


Aerodynamically  boosted  control  systems  can  be  divided  into  two  distinct  classifications: 
direct-control  systems  and  indirect-control  systems.  Aerodynamic  boost  in  direct-control  systems 
includes  nose  aerodynamic  balance,  internal  pressure  balance  on  the  main  control  surface,  and  may 
also  include  a tab  “geared”  to  the  main  control  surface.  Sketch  (a)  illustrates  the  simple  form  of 
direct  control  without  a tab,  called  “pure  direct  control.” 


SKETCH  (a)  PURE  DIRECT  CONTROL 


Sketch  (b)  illustrates  the  simple  form  of  direct  control  with  a tab,  called  a “geared  tab.” 


6.3.4- 1 


The  most  commonly  used  aerodynamically  boosted  control  systems*  fall  into  the  indirect-control 
classification.  Indirect-control  systems  may  be  subdivided  into  two  types,  one  in  which  the  pilot  has 
direct  control  over  both  the  tab  and  the  main  control  surface  and  one  in  which  he  controls  only  the 
tab.  Those  systems  in  which  the  pilot  has  direct  control  over  both  the  tab  and  the  main  control 
surface  are  referred  to  as  link-tab  systems.  The  three  types  of  link-tab  systems  are  plain  linked  tab, 
spring  tab,  and  geared  spring  tab,  shown  schematically  in  Sketch  (c). 


SKETCH  (c) 


‘The control  surface  may  be  either  an  elevator,  aileron,  or  rudder,  throughout  the  discussion. 


The  fundamental  relationship  of  the  three  tab  systems  is  depicted  in  Sketch  (c).  It  is  evident  ih;.!  a 
spring-tab  system  is  a plain  linked  tab  with  a spring  added.  The  geared  spring  tab  includes  all  the 
components  of  a spring  tab,  but  with  the  spring  arranged  in  series  with  a geared  tab  link. 

The  second  type  of  indirect-control  system  is  distinguished  from  the  link-tab  systems  in  that  the 
pilot  controls  only  the  tab  and  is  therefore  called  the  pure-flying-tab  system.  The  three  types  of 
flying-tab  systems  are  the  pure  flying  tab,  spring  flying  tab,  and  the  geared  flying  tab  as  shown 
schematically  in  Sketch  (d). 


SPRING  FLYING  TAB 


GEARED  FLYING  TAB 

SKETCH  (d) 
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Again,  the  fundamental  relationship  of  the  three  tab  systems  is  evident  in  Sketch  (d). 

It  should  be  noted  that  both  the  plain  linked  tab  and  the  pure  flying  tab  have  been  called 
“servo-tabs”  in  much  of  the  literature.  However,  since  they  are  not  identical  systems,  because  of  the 
different  location  of  the  cockpit  control  connecting  point,  it  is  important  to  maintain  some 
distinction  between  the  two. 

In  making  any  comprehensive  analysis  of  aerodynamically  boosted  control-surface-tab  systems,  it  is 
desirable  first  to  reduce  the  special  cases  to  be  considered  to  the  minimum  number.  Such  a study 
reveals  that  all  of  the  previously  mentioned  systems  are  but  special  cases  of  one  general  system.  A 
schematic  illustration  of  this  general  tab  system  is  shown  in  Sketch  (e).  Table  6.3.4-A  which 
accompanies  the  generalized  control  system,  describes  the  specific  tab  system  as  a function  of  the 
cockpit  control  connecting  point,  along  with  the  presence  of  a spring  and  its  location. 


GENERALIZED  CONTROL  SYSTEM  SCHEMATIC  DIAGRAM 

SKETCH  (e) 


TABLE  6.3.4-A 


Cockpit  Controi 

Connecting  Point 

TabSpring 

Configuration 

Type  of  Control  Syitem 

A 

No  Spring 

Pure  Direct  Control 

A 

n 

Geared  T ab 

B 

No  Spring 

Plain  Linked  Tab 

B 

I 

Spring  T ab 

B 

n 

Geared  Spring  T ab 

C 

D 

Geared  Flying  T ab 

1 

Spring  Flying  T ab 

1 c 

- — — 

No  Spring 

Pure  Flying  Tab 

For  a complete  understanding  of  this  general  control-tab  system,  it  is  essential  that  the  system 
kinematics  are  clearly  understood.  The  key  feature  of  the  tab  linkage  is  the  fact  that  point  C in 
Sketch  (e)  is  not  fixed  to  the  control  surface;  i.e.,  it  is  free  to  translate; -whereas,  point  A in 
Sketch  (el  is  fixed  to  the  control  surface  and  can  translate  only  with  movement  of  the  control.  It 
should  also  be  noted  that  the  spring  configuration  I in  Sketch  (e)  corresponds  to  the  case  where  the 
tab  gearing  link  is  connected  to  the  hinge  bracket  at  the  main  control-surface  hinge  line. 
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Key  Linkage  Parameters 


The  tab-systeir.  designer  determines  the  type  of  tab  system  and  the  system  force  characteristics  by 
his  selection  of  three  key  linkage  parameters.  These  key  linkage  parameters  are: 

o The  aerodynamic  boost  link  ratio  Rl,  which  is  an  index  to  the  relative  location  of  the 
pilot  connecting  point  (A,  B,  or  C in  Sketch  (e)) 

o The  tab  spring  effectiveness  k 

o The  tab  gearing  (3,  which  is  determined  by  the  connecting  linkage  between  the  tab  and  the 
hinge  bracket 


Boost  Link  Ratio  Rl 

The  boost  link  ratio  Rl  is  specifically  defined  as  the  rate  of  change  of  the  .ab  deflection  with 
respect  to  control-surface  deflection  with  the  control  column  fixed;  i.e., 


fixed 


6.3.4-a 


For  a general  tab  system  as  shown  in  Sketch  (0,  the  value  of  Rl  can  be  approximated  by  the 
system  geometry  by 


*2  8 

Rl  ” s g 
Xj  x( 


6.3.4-b 


From  this  relationship,  the  value  of  Rl  can  be  seen  as  a direct  indication  of  the  cockpit  control 
connecting  point.  Thus,  when  the  value  of  Rl  is  zero,  the  tab  system  corresponds  to  a pure  flying 
tab  as  shown  in  Sketch  (d).  Likewise,  when  the  value  of  Rl  is  infinite,  the  tab  system  becomes  a 
direct-control  system  (with  a free-floating  tab). 
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Tab  Spring  Effectiveness  k 


The  tab  spring  effectiveness  k is  defined  as  the  rate  of  change  of  moment  on  the  tab  due  to  the 
spring  with  respect  to  tab  deflection,  based  on  the  product  of  tab  area  and  chord;  i.e., 


k 


1 

(35tc  / • StcCtc 

'spring 


Thus,  typical  units  of  k could  be  lb/ft2-deg  or  lb/in.2-deg. 
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Control  Tab  Gearing  Ratio  P 

The  control-tab-gearing  ratio  (3  is  specifically  defined  as  the  rate  of  change  of  the  tab  deflection  with 
respect  to  control-surface  deflection  with  k = <*  and  the  stick  free;  i.e., 

P = I ~~ — ) with  k = «>  6.3. 4-d 

V 3°c  /stick 
free 


So,  for  a tab  system  without  any  connecting  linkage  between  the  tab  and  the  hinge  bracket,  the 
value  of  J3  is  zero,  i.e.,  no  gearing.  For  a geared  system,  the  specific  value  of  p is  determined  by  the 
location  of  the  connecting  linkage  relative  to  the  control-surface  hinge  line. 


Linkage-Parameter  Effects  on  Forces 

For  discussion  purposes,  consider  a plain-linked-tab  system  on  a control  surface  that  requires  a pilot 
force  of  two  hundred  pounds  to  control  the  main  surface,  tab  free,  and  a two-pound  pilot  force  for 
a pure-flying-tab  control.  By  applying  one  pound  o!  pilot  force  to  the  tab,  one-half  the  total  work 
required  to  move  the  main  surface  is  performed  by  the  tab  itself.  Then  by  applying  one  hundred 
pounds  of  force  to  the  main  surface,  the  remaining  one-half  of  the  work  is  made  up  by  the  pilot 
directly,  and  the  total  pilot  effort  is  100  + 1 or  101  pounds.  Thus,  the  link  ratio  Rl  defines  the 
proportions  of  the  force  division.  At  infinite  link  ratio,  the  pilot  force  will  be  two  hundred  pounds; 
at  zero  link  ratio,  two  pounds.  Therefore,  a reduction  in  link  ratio  Rl  results  in  a reduction  of  pilot 
force. 

The  use  of  a spring  on  the  tab  increases  the  tab  hinge  moments,  and  therefore  increases  the  forces  of 
a plain-linked-tab  system.  In  the  preceding  example  the  force  required  to  move  the  tab  may  be 
increased  to,  say,  twenty  pounds.  For  the  same  linkage,  then,  the  total  pilot  force  would  be  100  + 
10  or  1 lb  pounds.  Essentially,  the  spring  effect  adds  an  element  of  locked-tab  hinge  moment  and 
reduces  slightly  the  free-tab  contribution.  (This  concept  may  be  more  clearly  understood  by 
referring  to  Equations  6.3.4-k  and  -o,  which  divide  the  control  column  force  into  contributions  due 
to  tiie  free-tab.  locked-tab,  and  gearing  components.)  Since  the  increase  due  to  the  locked-tab 
element  is  always  greater  than  the  corresponding  decrease  in  the  free-tab  contribution,  the  pilot 
force  will  increase  with  increasing  tab  spring  effectiveness. 
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n# 


Tab  gearing  £ in  the  boost  direction  always  reduces  the  pilot  forces  (by  an  increment  rather  than  by 
a percentage),  although  the  magnitude  of  the  effect  depends  upon  the  values  of  the  tab  spring 
effectiveness  k and  the  link  ratio  R^.  The  effects  of  the  spring  and  link  ratio,  however,  are  not  so 
simply  stated.  Here  both  the  magnitude  and  direction  of  the  effect  of  one  depend  upon  the  value  of 
the  other  and  also  on  the  tab  gear  ratio.  In  order  to  understand  the  interrelations  between  these 
parameters,  it  is  necessary  first  to  examine  the  “aerodynamic”  characteristics  of  a spring.  By  this  is 
meant  the  relationship  of  aircraft  speed  to  the  spring  effect. 


Normal  aerodynamic  coefficients  are  of  course  independent  of  speed  if  compressibility  and 
aeroelastic  effects  are  neglected.  However,  the  spring  characteristics  are  represented  aerodynam- 
ically  as  (k/q)  where  q is  the  local  dynamic  pressure  of  the  airstream.  At  zero  airspeed  the 
aerodynamic  spring  characteristic  is  infinite  for  all  finite  values  of  k.  However,  at  infinite  airspeed 
the  aerodynamic  spring  characteristic  is  zero  for  all  values  of  k.  Hence,  the  characteristics  of  any 
system  incorporating  a tab  spring  correspond  to  those  with  the  tab  locked  as  in  pure  direct  control 
(or  geared  as  a geared  tab)  at  zero  airspeed,  and  to  a system  with  no  spring  at  infinite  airspeed. 


The  individual  effects  of  the  linkage  parameters  are  interrelated,  but  are  nevertheless  independent  of 
the  type  of  system  used.  It  may  be  surmised  that  “special  tab  arrangements”  are  in  themselves  not 
that  -significant.  What  is  more  important  is  the  matter  of  choosing  proper  values  of  the  linkage 
parameters  for  a design  application,  rather  than  choosing  a particular  type  of  system.  To  illustrate 
this  point,  Sketch  (g)  shows  three  different  tab  systems  for  a particular  control  surface  on  an 
aircraft.  Each  tab  system  has  been  adjusted  to  yield  nearly  equivalent  force  characteristics  over  the 
speed  range  considered. 


SKETCH  (g) 
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DATCOM  METHOD 


The  Datcom  Method  presents  the  fundamental  relationship  between  the  pilot  forces  and  the  tab  and 
control-surface  moments  from  which  the  control-column  forces  are  evaluated. 

The  control-column  force  equations  are  presented  in  such  a manner  that  the  individual 
contributions  of  the  various  factors,  i.e.,  tab-free,  tab-fixed,  and  gearing  contributions  can  be  readily 
identified.  It  should  be  noted  that  two  control-column  force  equations  are  presented,  both  of  which 
define  a general  tab  control  system  for  an  elevator,  rudder,  aileron,  or  other  control  system  having 
linear  characteristics.  The  two  equations  presented  are  based  on  different  independent  variables  for 
the  convenience  of  the  user  (they  provide  identical  values  of  control-column  force). 

Because  of  the  lengthy  control-column  force  equations,  a summary  table  and  shorthand  notation 
has  been  used  to  simplify  the  presentation  of  equations.  In  order  to  facilitate  this  presentation,  the 
following  general  notation  list  is  provided. 


SYMBOL 

A„ 


B 


B, 


B, 


B, 


u<  ) 


tc 


NOTATION* 

DEFINITION 

Stc^tc 

* 

c c 

(ach  ids) 

v c K’aS’6tt 

K/3S«L 

K/a“.) 

K /s6")VI,t. 

surface  mean  aerodynamic  chord  (movable  surfaces  are  defined  by  their  area  aft  of  the 
hinge  line,  and  the  MAC  is  of  that  area) 

is  the  hinge-moment  coefficient  of  the  particular  control  surface,  i.e.,  Hc/fq3ccc)(e-'ther 
an  elevator,  rudder,  or  aileron) 

is  the  hinge-moment  coefficient  of  the  control  tab,  i.e.,  H(c^Stcc(c) 
lift  coefficient,  positive  up  or  to  the  right 


c1  s’  tt 


6c-6tc-6tt 


•Units  are  not  specified  for  derivatives,  lengths,  or  areas.  It  is  up  to  the  user  to  choose  his  units  and  be  consistent  throughout. 


SYMBOL  DEFINITION 

CL  lift  coefficient  of  surface  to  which  the  main  control  surface  is  attached,  i.e.,  Clh, 

5 Clv,  or  Clw  (total  lift,  including  lift  due  to  control  deflection,  tab  deflection,  and 

angle  of  attack) 

CL  is  the  horizontal-tail  lift  coefficient  (total  lift,  including  lift  due  to  control  deflection, 

H tab  deflection,  and  angle  of  attack) 

CL  is  the  vertical-tail  lift  coefficient  (total  lift,  including  lift  due  to  control  deflection,  tab 

v deflection,  and  angle  of  attack) 

CL  is  the  wing  lift  coefficient  (total  lift,  including  lift  due  to  control  deflection,  tab 

w deflection,  and  angle  of  attack) 

C,  airplane  lift-curve  slope 

a 


c2 


*>2 


*>3 

E1 

E2 

E3 

E4 

Ec 


airplane  lift-curve  slope  with  respect  to  the  tail  angle  of  attack 


tc*”tr  “i 


K,/a4-)v. 

KjH,., 


B,/C, 

B2  ~ c2e, 
b3  -c3e1 
b4  - C4E, 

control-column  force  in  lb  (pull  force  is  positive) 
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SYMBOL 


DEFINITION 


{;  elevator  stick  force  in  lb  (pull  force  is  positive) 

it  rudder-pedal  force  in  lb  (push  on  left  pedal  is  positive) 

p 

1-',  = D,/C, 

F2  - D2  - CjFj 

F3  = D3  - C3Fj 

f4  = > -c4F1 

G } pilot  gearing  factor  (see  Equations  6.3.4-f  and  -f’) 

G maximum  stick  gearing  (see  Equation  6.3. 4-i) 

* max 

H(  ) control  hinge  moment 

k tab  spring  effectiveness,  in  lb/ft2 -deg  (see  Equation  6.3.4-c) 

n’  airplane  normal  acceleration  or  load  factor  in  g’s 

q local  dynamic  pressure  (lb/ft2) 

q^  free-stream  dynamic  pressure  (lb/ft2) 

R,,R2  shorthand  notation  for  tab  and  main  surface  hinge,  moments  and  key  linkage 

parameters,  obtained  from  Table  6.3. 4-B 

Rl  aerodynamic  boost  link  ratio  (see  Equations  6.3. 4-a  and  -b) 

S(  j surface  area  (movable  surfaces  are  defined  by  their  area  aft  of  the  hinge  line) 

Tj , T2  shorthand  notation  for  tab  and  main  surface  hinge  moments  and  key  linkage 

parameters,  obtained  from  Table  6.3.4-C 

V airspeed 

W aircraft  weight 

x fore  and  aft  displacement  of  control  column,  positive  forward 

x.  maximum  displacement  of  control  column,  positive  forward 

V'  a X 
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SYMBOL 


DEFINITION 


r 


- 


}:■ : 


a 


a. 


aH 

aV 

“w 

p 


e 


max 


i- 

i* 

► , 

a 

r.  - 


M 


h 

i, . 


% 


c 

e 

H 

P 

r 

s 


tc 

tt 


uA«a  Vm  ;I  a : ■ 


fore  and  aft  displacement  of  right  rudder  pedal,  positive  forward 
angle  of  attack,  positive  for  lift  increase 

angle  of  attack  of  the  surface  to  which  the  main  control  surface  is  attached,  i.e.,  aH , 

ov  > or  “w 

angle  of  attack  of  the  horizontal  tail 
angle  of  attack  of  the  vertical  tail 
angle  of  attack  of  the  wing 

control-tab  gear  ratio  (see  Equation  6.3. 4-d) 
downwash  at  the  horizontal  tail 

-6.  /6  tor  a maximum  control  deflection  (the  value  of  A is  positive  because 

'max  cmax 

<5,  and  5 will  have  opposite  signs) 
max  max 

the  maximum  deflection  of  the  main  control  surface,  in  degrees 
surface  deflection,  positive  for  trailing  edge  down  or  to  the  left,  in  degrees 
air  density  ratio,  p/p0 

lift  efficiency  factor  for  a geared  tab  system,  ) + /?C2/C, 

SUBSCRIPTS 

main  control  surface  (elevator,  rudder,  aileron,  etc.) 

elevator 

horizontal  tail 

control  pedal 

rudder 

surface  to  which  the  main  control  surface  is  attached,  i.e.,  horizontal  tail,  vertical  tail, 
or  wing 

control  tab 

trim  tab 

6.3. 4-1  1 


A 


r 


Fundamental  Relationships 

The  following  relationship  from  Reference  I is  derived  from  basic  considerations  of  system 
equilibrium  and  fundamental  laws,  giving  a relationship  between  pilot  forces  and  the  tab  and 
control  surface  moments,  as 


F = G H = G,  H,  = -G  R,  H, 

c cl-  t c t c c L t c 

where  the  control-surface  stick  gearing  Ge  and  the  tab  stick  gearing  G{c  are  defined  as 


0.3.4-e 


G.  = 

C 


1 


'dx„ 


57.3 


,35 


c/tc 


G«c  = 


3x„ 


57.3 


k35 


tc/c 
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6.3.4-f' 


Using  Equation  6.3.4-e,  the  aerodynamic  boost  link  ratio  Rt  can  be  expressed  as  a function  of  the 
stick  and  tab  gearing,  i.e., 


R 


L 


-G 


tc 


G 


c 


Since  the  aerodynamic  boost  link  ratio  must  be  positive,  it  becomes  evident  that  the  control  surface 
stick  gearing  Gc  and  the  tab  stick  gearing  Gtc  must  have  opposite  signs. 

The  particular  form  of  Equation  6.3.4-e  that  is  used  is  dependent  upon  the  value  of  the  boost  link 
ratio;  i.e., 


Fc 

= G H 

C C 

for 

50 

i'- 

ll 

8 

F 

ii 

p 

for 

R.  = 0 

C 

tc  1C 

L 

Fc 

= -GcFLHtc 

for 

°<rl< 

The  control  surface  moments  Mc  for  a general  tab  system  (see  Sketch  (e))  can  be  expressed  as* 


H„ 


Vc^Mc  +B25tc  +B3“s  +B45tt  +“Ac^6tc  -P«c)l 
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•These  moment  equations  are  applicable  for  symmetrical,  untwisted  control  surfaces  that  viefd  a value  of  zero  for  and  H^c  when 

6,6.,  64i,  and  a are  all  zero, 
c tc  tt  s 
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and  the  tab  surface  moments  Mtc  for  a general  tab  system  can  be  expressed  as* 

H,t  - +D2«,c  +D3«s  -i(S,c  -06,)] 

Equation  6.3.4-e  is  the  primary  aerodynamic  relationship  from  which  the  stick  forces  are  evaluated. 
It  defines  not  only  the  force-moment  relationships,  but  also  the  system  equilibrium  Therefore, 
analysis  of  any  control  system  can  be  made  if  the  control-surface  and  control-tab  hinge-moment 
characteristics  and  the  system  motion  characteristics  are  known. 

Another  significant  parameter  is  the  maximum  stick  gearing  G defined  by 

max 


The  stick  gearing  Gc  is  related  to  the  maximum  stick  gearing  by  the  following: 


6.3.4-i 


RL+Ar 


max 
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From  this  equation  it  is  evident  that  the  value  of  the  raiio  Gc/GCmix  is  greater  than  one.  This 
simply  means  that  the  cockpit  control  travel  must  be  greater  than  that  required  to  bottom  the 
control  with  the  tab  fixed.  Sufficient  control  travel  must  exist  to  bottom  the  control  surface  and 
the  control  surface  tab  simultaneously,  while  allowing  for  cable  stretch. 


Control  Column  Forces 

The  analysts  of  a typical  tab  system  requires  detailed  knowledge  of  the  tab  and  control 
hinge-moment  characteristics  as  a function  of  the  main-control-surface  angle  of  attack.  For  a 
particular  angle  of  attack,  Sketch  (h)  illustrates  the  typical  hinge-moment  and  gearing  data  required 
to  analyze  any  tab  control  system. 

These  data  should  preferably  be  obtained  from  wind-tunnel-test  data  or  may  be  estimated  by  using 
the  hinge-moment  methods  of  Section  6. 1 .6.  Because  of  the  lengthy  control-column  force 
equations,  a summary  table  and  shorthand  notation  will  be  used  to  simplify  the  presentation  of  the 
equations.  The  format  in  which  the  control-column  force  equations  are  presented,  i.e.,  tab-free, 
tab-fixed,  and  gearing  contributions,  is  used  so  that  the  contribution  of  the  various  factors  can  be 
more  readily  identified. 


"W'WU  xquxtwn*  arc  applicable  for  symmetrical,  untwisted  control  surfaces  that  yield  a value  of  aero  for  H and  H when 
*e.  «tc.«n.  and  are  ell  aero.  c tc 
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The  two  control-column  force  equations  presented  herein  are  modifications  of  Equation  6. 3.4-e, 
with  the  variable  6U.  being  eliminated.  These  equations  are  for  a general  tab  control  system  on  an 
elevator,  rudder,  aileron,  or  other  control  system  having  linear  aerodynamic  characteristics.  (For 
example,  when  evaluating  an  elevator  tab  system,  the  terms  c , 6o,  Ci,l. ,cv  , etc.,  become  ce,  8e, 
Che*  «h  ’ etc->  respectively.)  The  first  equation  is  based  on  the  independent  variables  8c.a  , and  8 ; 
while  the  second  equation  is  based  on  the  independent  variables  Cj  , a.,  and  6(t.  Either  equation 
may  be  used  depending  upon  the  preference  of  the  user. 


The  first  equation  for  estimating  the  control-column  force  characteristics,  based  on  the  independent 
variables  5c,  as,  and  8(( , is 

C„  R.-C,  + R2 

'"tab  1 tub  '•tab 

free  locked  gem  mg 
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where 

G is  the  maximum  stick  gearing  available  as  defined  by  Equation  6.3.4-i.  The 

value  of  G0  x is  finite  for  all  tab  systems  with  a finite  boost  link  ratio. 
However,  for  flying-tab  systems  where  R.  = 0,  the  value  of  G,.  is  zero.  To 
avoid  a problem  when  using  Equation  6.3.4-k,  the  user  should  realize  that  the 
R,  and  R2  terms  for  flying-tab  systems  in  T 'ble  6.3.4-B  contain  the  parameter 
Ar.  The  product  of  Gt.  „ ai  and  Ar  yields  Gu.  , v or  the  maximum  gearing  of 
the  tab,  which  has  a finite  value.  Thus,  for  flying-tab  systems  a finite  value  of 
GCmax  is  not  possible;  however,  Equation  6.3.4-k  is  still  applicable  when 
GtCm  is  used  to  replace  the  product  of  Gt.  and  A,. 

1 1 1 ti  X 111  a \ t 
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q is  the  dynamic-pressure  ratio.  This  value  must  be  consistent  with  whatever 

vaTue  is  used  to  nondimensionalize  the  hinge-moment  coefficients  in 
Equations  6.3. 4-C,  -m,  and  -n.  If  the  hinge-moment  coefficients  are  based  on 
wind-tunnel-test  data,  they  are  probably  nondimensionalized  with  respect  to 
the  free-stream  dynamic-pressure  ratio.  If  the  Datcom  is  used  to  estimate  the 
hinge-moment  coefficients,  the  local  dynamic-pressure  ratio  should  be  used. 
(Local  dynamic-pressure  ratio  may  be  obtained  from  Section  4.4.1  for  an 
empennage  panel.) 


locked 


cgearing 


(0B2  +0AcD1  +02AcD2)5c+(/?AfD3)«s 
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The  values  for  Rj  and  R2  are  found  from  Table  6.3.4-B  as  a function  of  the  specific  type  of  tab 
system.  This  table  also  summarizes  values  for  the  three  key  linkage  parameters  RL  , k,  and  0 for  each 
specific  type  of  tab  system,  using  an  “F”  to  denote  finite  values  for  the  parameters. 


The  second  equation  for  estimating  the  control-column  force  characteristics,  based  on  the 
independent  variables  CL  , as,  and  , is 


F = G 

c C. 


ScW 


tab 

free 


T1+<V 


'tab 

locked 


t2+acv 


gearing 
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where 

Gc  is  the  maximum  stick  gearing  available  as  defined  by  Equation  6.3.4-i.  The 

mix  same  comments  made  about  GCmax  for  spring  tab  systems,  when  using 

Equation  6.3.4-k,  also  apply  to  the  application  of  Equation  6.3.4-o  (see 

discussion  following  Equation  6.3.4-k). 

q is  the  dynamic-pressure  ratio  as  defined  above  for  Equation  6.3.4-k.  (Consistent 

with  whatever  value  was  used  to  nondimensionalize  the  hinge-mcment 
coefficients  in  Equations  6.3.4-p,  -q,  and  -r.) 
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gearing 


' T V.  7 + wri  ■ * ^ " ^c’ 


cjT~  + *Af: 
1 


)"<+4^ 


F E \ 

0Acc4  c^  “ C4  c7 + ^ Ac  fy  6<  * 
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The*  values  for  Tj  and  T2 , along  with  values  for  the  key  linkage  parameters,  are  found  from 
Table  6.3.4-C  as  a function  of  the  specific  type  of  tab  system. 


Specific  Type 
of  System 


Gee  rod  Tab 


Spring  Tab 


Plain  Linked  Tab 


Spring  Plying  Tab 


Pure  Flying  Tab 


Linkage 


Pure  Direct  Control  « °° 


Geared  Spring  Tab  F F 


Geared  Flying  Tab  0 F F 


TABLE  6.3.4-C 


irl  + V 


-lk/qF2!(RL  + Ar) 


e2  k E2  k 

R +—_ — 0 <R  -0)  R,  + — - P — (R.  - 

L A F.  qh_  ^0  L.  L A F q F P L 

c 2 2 c 2 2 


(Rl  + V 


e2  k 

RL  + X7"  'V 
2 q 2 


(Ru  + Ar) 


-{k/qFjMR,  +Af) 


E2  k 

RL+V2  qF2'RL’ 


R.  + 

•L  A F„ 

C 2 


c 2 2 


-(k/qF2)  Ar 


a-t  + 

c 2 2 


— (k/qF2>  Af 


Tab  Lift  Loss 


1 


In  achieving  large  control-column  force  reductions,  tabs  generate  loads  opposite  to  those  on  the 
main  control  surface.  Thus,  the  net  lift  or  efficiency  of  the  main  control  surface  is  reduced  by  some 
amount.  A typical  value  for  loss  in  lift  efficiency  fora  transport-type  aircraft  is  15%.  The  majority 
of  the  lift  losses  range  from  5 to  20%.  The  maximum  loss  '"ill  occur  for  the  pure  flying-tab  system. 
The  efficiency  of  a control  surface  employing  a tab  may  be  expressed  as 


AC.  (lift  loss  due  to  tab) 

Ltc 

ACl  (iift  increment  due  to 
c control  surface) 
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This  can  also  be  expressed  as 


tj  - 1 + 


'LcV^c  \*tc 


V 5c 


6.3.4-t 


1-or  most  cases,  the  critical  case  occurs  when  the  trim  tab  angle  and  the  angle  of  attack  are  zero, 
allowing  6 tc/6c  to  be  expressed  as 


®.C  Bi+RiA°,  +H5\RL-Lyj2 

k k 

5 B,  + R,  AD, A R.  -t A B 

L L LCZ^jCL«q  C ~ 
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Thus,  the  efficiency  of  a tab  system  can  be  evaluated  by  using  Equation  6.3.4-t  where 
Equation  6.3.4-u  is  used  for  the  relationship  of  6 /6  . 


Design  Criteria 


The  design  of  tab  boost  systems  can  be  a complex  iterative  process  involving  many  variables.  The 
mechanical  limitations  vary  for  various  aircraft  designs.  However,  Table  6.3.4-D  (from  Reference  1) 
presents  a summary  of  the  practical  design  criteria  that  will  apply  to  most  systems. 
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TABLE  6.3.40 

SUGGESTED  DESIGN  CRITERIA 
FOR  AERODYNAMIC  BOOST  SYSTEMS 


r? 


Parameter 

Maximum  Range  of  Values 

— 

Design  Limitations 

Link  Ratio  RL 

0,  .1  to  10,  “ 

Mechanical-Linkage  Design 

Spring  Rate  k 

Any 

Minimum  Value  Depends  on  Preload 

' 

Gear  Ratio  0 

Nonlinearity  and  Overbalance 

Spring  Preload 

Min.  Value:  As  required  to  overcome  tab  system  friction 

Good  T ab  Centering 

Max.  Value:  No  more  than  required  to  obtain  desired 
force  level 

Minimize  Variation  of  Elevator 

Control  Forces  with  Speed 

Tab  Size 

Minimum;  To  control  main  surface  to  maximum 

deflection 

Adequate  T ab  Power 

Maximum:  To  give 

Overbalance  with  Free  Tab 

acn  / ach 

c / c 

/ = 0.5 

36  / 86. 

c / tc 

3Cn 

c 

3«c  Dl 

1 

The  following  sample  problem  illustrates  the  use  of  the  control-column  force  equations  as  applied 
to  a given  elevator  spring-tab  control  system.  No  attempt  is  made  herein  to  present  a numerical 
example  of  the  design  of  a tab  boost  system. 

Sample  Problem 

Given:  An  elevator  spring-tab  control  system  on  a transport-type  aircraft. 


HORIZONTAL  TAIL 
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Horizontal  Tail  Characteristics: 


SeceGe  = 162.0  ft2 

max 


aH  = 2.5° 


6tt  = ~3.0° 


6e  = 10° 


ac. 


B,  = 


36c 

ac. 


—0.0040  per  deg 


B,  = 

3 3a, 


= -0.0017  per  deg 


= 15°, -30° 


ac. 


-0.0046  per  deg 


tc 


ac. 


64  as 


= -0.0044  per  deg 


tt 


q = 150  lb/ft2  (sea  level) 


Tab  Characteristics: 


Rl  = 4.1 


StcCtc 


k = 0.244  lb/ft2  -deg  p = 0 

ac. 


tc. 


±20° 


Ae  0.0169 


SeS 


D.  =-~ 

1 as 


tc 


-0.0025  per  deg 


ac. 


D,  

2 as 


tc 


ac. 


= -0.0085  per  deg 


tc 


D,  = 

3a, 


tc 


= -0.0014  per  deg 


Compute  the  control-column  force  required  to  deflect  the  elevator  10°  TED  at  a free-stream 
dynamic  pressure  of  1 50  lb/ft2 . 


Determine  the  values  of  Rj  and  R2  for  a spring-tab  system 


R,  =• 


RL+Ar 


B, 


R.  + 

1 A.D, 


qD, 


R, 


(Table  6.3.4-B) 


Ri 


4.1  + 


20.0 

15.0 


-0.0046  (0.244)  (4.1) 

(0.0169)  (-0.0085)  150.0  (-0.0085) 


5,433 

36.907 


= 0.1472 
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*2 


k 

qD2 


(Rl+V 


R, 


■^e^2 


k 

qD2 


Rt 


-(0.244) 

(150.0)  (-0.0085) 


(0.1472) 


= 0.02817 


(Table  6.3. 4-B) 


Determine  the  tab-free  hinge-moment  coefficient 


c"-  “(B'  - 


tab 

free 


2 


H + B45tt 


(Equation  6. 3. 4-2) 


f / -0.0046  \]  f / -0.0046  'd 

= -0.0040  + 0.0025  10  + -0.0017  + 0.0014 — — 12.5 

[ \— 0.0085  /]  l.  \ -0.0085  J\ 


+ (-0.0044)  (-3.0) 

= -0.01563 

Determine  the  locked-tab  hinge-moment  coefficient 

Ch  = Bj  + B3Q!h  + B46tt  (Equation  6.3. 4-m) 

etab 

locked 

= (-0.0040)  10  + (-0.0017)  2.5  + (-0.0044)  (-3.0) 
= -0.03105 


Solution; 


F.=G._  Stc,q[C„  R,  +C  R,+AC  R, 

6 tab  tab  etab 

free  locked  gearing 


(Equation  6.3.4-k) 


..  Fs  = (162.0)  (150)  [(-0.01563)  (0.1472)  + (-0.03105)  (0.02817)  + 0] 

= (162.0)  (150)  (-0.003175) 

= -77.161b 

Therefore,  for  the  given  tab  system,  a push  force  of  77.16  ib  is  required  to  achieve  an  elevator 
deflection  of  10°  at  a free-stream  dynamic  pressure  of  1 50  lb/ft2 . 
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7 DYNAMIC  DERIVATIVES 


Revised  September  1970 


Dynamic  derivatives  are  associated  with  those  aerodynamic  forces  and  moments  caused  by  the 
angular  velocities  and  linear  accelerations  of  the  vehicle  motion.  A detailed  discussion  of  wing, 
body,  and  wing-body  dynamic  derivatives  is  given  in  the  introduction  to  each  of  the  subject 
sections.  In  most  cases  the  methods  presented  are  based  on  theories  that  necessarily  assume 
attached-flow  conditions.  They  are  thus  limited  to  low  angles  of  attack  except  for  high-aspect- 
ratio  wings  below  stall  at  subsonic  speeds. 

In  general,  dynamic  derivatives  for  attached-flow  conditions  are  smaller  and  of  less  importance 
than  those  for  separated-flow  conditions.  For  separated-flow  conditions  the  derivatives  become 
functions  of  the  amplitude  and  frequency  of  oscillation.  Such  conditions  exist  on  low-aspect- 
ratio  wings  and  bodies  at  all  speeds  and  at  all  angles  of  attack  except  for  a narrow  range  around 
zero. 

Because  of  the  limited  amount  of  data  at  high  angles  of  attack  and  the  complexity  of  deriving 
adequate  generalized  methods,  particularly  for  the  frequency  and  amplitude  variations,  no 
methods  are  presented  that  cover  separated-flow  conditions.  Rather,  a literature  summary  is 
presented  in  table  7-A  and  a bibliography  on  pages  7-1  through  -10. 
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7.1  WING  DYNAMIC  DERIVATIVES 


The  methods  presented  in  this  section  are  to  be  used  for  the  estimation  of  pitching,  acceleration, 
rolling,  and 'yawing  dynamic  derivatives  of  isolated  lifting  surfaces.  The  methods  and  charts 
applicable  to  this  section  are  based  on  lifting-surface  theory  for  subsonic  speeds  and  on  linearized 
theory  for  supersonic  speeds.  The  charts  are  thus  limited  to  conditions  for  which  the  flow  is 
essentially  attached  over  the  surface  of  the  wing,  i.e.,  the  linear  lift-curve  range.  This  means  that 
at  subsonic  speeds  the  methods  are  valid  for  high-aspect-ratio  wings  up  to  stall  angles  of  attack 
but  are  limited  for  low-aspect-ratio  wings  to  low  angles  of  attack. 

For  wings  operating  under  conditions  of  partially  separated  flow,  such  as  low-aspect-ratio  wings 
at  moderate  to  high  angles  of  attack,  experimental  data,  e.g.,  references  1 and  2,  show  that 
substantial  nonlinearities  exist  in  the  dynamic  derivative;-.  in  addition,  tests  made  by  wind-tunnel 
oscillating-mode  techniques  show  that  the  dynamic  derivatives  are  functions  of  both  the 
amplitude  and  frequency  of  oscillation.  In  general,  dynamic  derivatives  for  separated-flow 
conditions  are  larger  and  therefore  more  significant  than  for  attached-flow  conditions.  Because  of 
the  complexity  of  the  separated-flow  case,  no  quantitative  information  on  these  effects  is 
presented  in  the  Datcom.  Instead,  a qualitative  discussion  of  the  characteristics  of  dynamic 
derivatives  under  partially  separated-flow  conditions  is  given. 

Flow  separation  on  wings  at  angles  of  attack  below  stall  is  discussed  in  Sections  4. 1.3.3  and 
4.1. 3.4.  The  dominant  feature  of  flow  over  low-aspect-ratio  or  swept  wings,  i.e.,  wings  for  which 
flow  separation  below  stall  is  important,  is  the  leading-edge  vortex.  The  strength  of  the 
leading-edge  vortex  is  determined  by  wing  planform  and  airfoil  leading-edge  geometry. 

In  general,  large  leading-edge  sweep  angles  and  sharp  airfoil  sections  are  conducive  to  high  vortex 
strengths.  The  strength  of  the  leading-edge  vortex,  in  turn,  determines  the  nature  and  magnitude 
of  the  nonlinear  static  force,  moment,  and  dynamic-derivative  characteristics.  The  effects  of 
geometry  on  the  dynamic  derivatives  of  a triangular  wing  at  low  speed  are  presented  in 
reference  3. 

Partially  separated  flow  over  a wing  causes  the  dynamic  derivatives  to  be  frequency-dependent. 
The  reason  is  that  a change  in  wing  attitude  changes  the  boundary-layer  conditions,  which,  in 
turn,  alter  the  flow-separation  pattern.  The  time  required  for  the  flow  to  adjust  to  a change  in 
attitude  is  appreciable,  and  the  dynamic  derivatives  become  functions  of  the  rate  change  of 
attitude  (or  frequency).  The  flow  about  wings  with  essentially  attached  flow  is  less  dependent 
upon  the  boundary  layer  and  therefore  adjusts  more  rapidly  to  attitude  changes.  Hence  the 
dynamic  derivatives  for  these  conditions  are  not  frequency-dependent  over  the  practical 
frequency  range. 

For  wings  that  exhibit  nonlinearities  in  their  static  forces  and  moments  (partially  separated  flow 
exists),  the  dynamic  derivatives  also  depend  upon  the  amplitude  of  the  attitude  changes.  For 
instance,  sketch  (a)  (reference  2)  shows  the  rolling  moment  in  sideslip  for  a triangular  wing  at 
high  angles  of  attack.  It  is  clear  that  the  rotary  derivative  C/r  depends  upon  the  amplitude  of 
oscillation  about  the  Z-axis. 


SKETCH  (a) 
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7.1.1  WING  PITCHING  DERIVATIVES 

7.1. 1.1  WING  PITCHING  DERIVATIVE  CLq 

The  wing  pitching  derivative  CLq  is  generally  small  compared  to  other  terms  in  the  equations  of 
motion  and  is  frequently  neglected.  However,  methods  are  presented  for  determining  Clq  of  the 
wing  in  subsonic  and  supersonic  speed  ranges.  The  supersonic  value  of  Cx,q  is  used  in  estimating 
supersonic  values  of  Cmq  in  Section  7. 1.1. 2. 

If  the  wing  pitching  derivative  CLq  is  to  be  used  in  method  1 of  Section  7.3. 1.1  to  obtain 
(Cl  q ) wjj  > the  exposed  wing  planform  area  should  be  used  for  all  calculations  in  the  Datcom 
methods.  Using  the  exposed  planform  area  will  yield  CLq  based  on  the  product  of  exposed  wing 
area  and  exposed  wing  MAC,  rather  than  the  product  of  total  wing  area  and  ving  MAC  as 
indicated. 


DATCOM  METHODS 


A.  SUBSONIC 


The  equation  for  estimating  the  subsonic  pitching  derivative  (derived  in  reference  1),  based  on 
the  product  of  wing  area  and  wing  MAC  Swcw,  is  given  by  q 


where  — can  be  expressed  as 
c 

1 = *ac-  Xc*- 

c c c 


7.1  1.1-a 


7. 1.1.1-b 


and 

x is  the  distance  between  the  center  of  gravity  and  the  aerodynamic  center,  positive  for 
aerodynamic  center  behind  center  of  gravity. 

I,  the  longitudinal  distance  from  the  wing  leading-edge  vertex  to 
the  aerodynamic  center  measured  in  mean  aerodynamic  chords,  positive  aft. 


is  the  longitudinal  distance  from  the  wing  leading-edge  vertex  to  the  center  of  gravity 
measured  in  mean  aerodynamic  chords,  positive  aft. 


7.1. 1.1-1 


is  the  wing  lift-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under  consideration 
based  on  the  total  wing  area. 


Sample  Problem 

Given: 

Cr 

A = 4.0  X = 0.68  Ale  = 46.3°  — = 118 

c 

xc„, 

= 1.04  (from  planform  geometry  with  c.g.  at  c/4)  M = 0.20 


C,  = 3.20  per  rad  (Section  4. 1.3. 2) 


Compute: 

\.c. 

Calculate  using  the  method  of  Section  4. 1.4. 2 

ct 

tan  Ale  = 1 .046 
A tan  Ale  = 4.18 
0 = 0.98 

/3/tan  AEE  = 0.937 

Xa.c. 

= 1.05  (figures  4. 1,4.2 -26d, -26e, -260 

Cr 

Calculate  the  distance  between  the  center  of  gravity  and  the  aerodynamic  center 

X Xa.c.  Xc.g. 

— = — — - -7 — (equation  7. 1.1.1  *b) 

c c c 

Sl)l 

Cr  ) c 


7. 1.1. 1-2 


= (1.05  - 1.04)  1.18 


= 0.0118 


Solution: 


Calculate  the  wing  pitching  derivative 


(\  x\ 

Cl  (j  = + 2 — j CLq  (equation  7. 1.1.1 -a) 

= ^ + 2(0.01 18)j  3.20 
= (0.52)  (3.20) 

= 1 .66  per  rad  (based  on  Sw  c^) 


B.  TRANSONIC 

There  are  few  data  and  no  theory  available  on  the  derivative  CLq  in  the  transonic  region.  For 
the  purpose  of  the  Datcom,  it  is  suggested  that  equation  7. 1.1.1 -a  be  applied  in  the  transonic 
region. 


C.  SUPERSONIC 

The  supersonic  value  of  CL  , based  on  the  product  of  wing  area  and  wing  MAC  Sw  , is  given  by 


CL  = CL  ' + 2 1—1 CN  (per  radian) 


7.1.1.1-c 


where 


X Xa.c.  xc#. 


7.1.1.1-b 


and 


CL  is  referred  to  body  axis  with  the  origin  at  the  wing  aerodynamic  center  and  is  obtained 

q as  indicated  below,  based  on  the  product  of  total  wing  area  and  wing  MAC  Sw  cw . 


C 


N 


a 


is  the  wing  normal-force-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under 
consideration,  based  on  the  total  wing  area  (per  radian). 


7.1. 1.1-3 


Methods  of  estimating  C, 

Lq 

1 . Wings  with  subsonic  leading  edges  (0  cot  ALE  < 1 .0) 

For  wings  with  subsonic  leading  edges,  CL  ' is  obtained  by  the  method  of  reference  3 for 
X = 0 and  by  the  method  of  reference  4 for  X = 0.25  to  1.0.  The  following  methods  are 
not  valid  if  the  Mach  line  from  the  trading-edge  vertex  intersects  the  leading  edge  or  if  the 
wing-tip  Mach  lines  intersect  on  the  wings  or  intersect  the  opposite  wing  tips. 


a.  Zero-taper-ratio  wings  (X  = 0) 

C,  ' is  derived  in  reference  3 as 
Lq 


n (d  - x 

- A[3G(/3C)  F,(N)  - 2E"(0C)  F.(N)1  + 2 ^ C, 

2 c 


N (per  radian) 
a 


where 

E''(j3C)  and  G(0C)  are  obtained  from  figure  7. 1.1. 1-8. 
F3(N)  and  F4(N)  are  obtained  from  figure  7. 1.1. 1-9. 
d is  two-thirds  the  basic  triangular  wing  root  chord  (d 


7.1.1.1-d 


2 

3 


(See  sketch  (a).) 


A is  the  aspect  ratio  of  the  wing. 


BASIC 
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SKETCH  (a) 
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b.  Wings  with  X = 0,25  to  1.0 


t 


\ 

:« 

r. 


Tl  ’IT* 

r 

F., 
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C,  ’ is  derived  in  reference  4 as 
Lq 


C 


L 


q 


(per  radian) 


7.1.1.1-e 


where 

CL  " is  referred  to  body  axis  with  the  origin  at  the  wing  leading-edge  vertex  and  is 
q obtained  from  figures  7. 1. 1. 1-1 0a, 7. 1.1. 1-1  Ob, and  7. 1.1. 1-1 0c,  for  X = 0.25, 0.50, 
and  0.75,  respectively,  and  from  the  equations  of  reference  4 for  X > 0.75. 

2.  Wings  with  supersonic  leading  edges  (/3  cot  ALE  > 1.0) 

For  wings  with  supersonic  leading  edges,  Cl^'  is  obtained  from  figures  7. 1.1. 1-1  la  through 
7. 1.1. 1-1  lk.  This  method,  derived  in  references,  is  valid  for  the  range  of  Mach  numbers  for 
which  the  Mach  lines  from  the  leading-edge  vertex  intersect  the  trailing  edge.  An  additional 
limitation  is  that  the  foremost  Mach  line  from  either  wing  tip  may  not  intersect  the  remote 
half  of  the  wing. 

Sample  Problem 

Given: 


A = 

3.46 

\e  * 0°° 

— = 1.50  M = 1.50 

c 

n 

o 

b = 

16  ft 

c 

c.g.  at  — 

4 

Cr  = 9.25  ft 

c = 6.17  ft 

Compute: 


p = /m2  - 7 = 1.12 

p cot  Ale  = 0.647  (subsonic  leading  edge) 


N = 1 - 

4 cot  A 

A 

E"(pC) 

= 0.770 

GQJC) 

= 0.570 

f3(N)  = 

0.913 ) 

f4(N)  = 

1.12  J 

j*  (figure  7. 1.1. 1-8) 
(figure  7.1.1  1-9) 


H --if  > m 1 1 tt  A » L - • t 


■ UMj— fc,. — A 


7. 1.1. 1-5 


Obtain  C\  from  Section  4. 1.3.2 
' a 


(3/tan  ALt;  = 0.647 


A tan  Ale  = 6.0 


tan  Au.  CN  = 5.40  per  rad  (figure  4.1 .3.2-56a) 


CN  = 3.12  per  rad 
N a 


Obtain 


from  Section  4. 1.4.2 


= 0.90  (figure  4. 1.4.2 -26a) 


a.c. 

C 


x r = 1.35  c * (1.35)  (6.17)  = 8.33 

a.c. 


Calculate  — 
c 


c«. 


= 0.67  (from  planform  geometry  with  c.g.  at  c/4) 


x 

c 


X X ^ 

a.c.  c.g. 


(equation  7.1.1.1-b) 


a.c. 

c. 


Xc.g.\  cr 


= (0.90  - 0.67)  1.50  = 0.345 

Calculate  d from  the  characteristics  of  the  basic  triangular  wing  (see  sketch  (a)) 


b2 


— be 
2 rb 


tan  A 


LE 


1.732 


2.31 


2b  _ 2(16) 


rb  Ac 


2.31 


= 13.85  ft 


2 2 

d = — c = - (13.85)  = 9.233  ft 

3 b 3 


Solution  for  C, 

q 


JT  A 


(d  - X,.c.) 


C,  ' = - — [3G(0C)  F3(N)  - 2E"03C)  F4(N)]  + 2 
q 2 


c a 

(equation  7.1.1.1-d) 


= 4 (3-46)  [3(0.57)  (0.913)  - 2(0.77)  (1.12)]  + 2 ^9-233  8~33)  (3.12) 

3 6.17 


= -0.891  +0.913 


= 0.022  per  rad  (based  on  Swcw) 


Solution  for  C, 


CL  ' +2^— jCN  (equation  7. 1.1.1 -c) 


= 0.022  + 2(0.345)  3.12 
= 2.175  per  rad  (based  on  Sw  5^ ) 
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SUPERSONIC  SPEEDS 
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FIGURE  7.1.1.1-10  VARIATION  OF  /SC, 
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SUBSONIC  LEADING  EDGE 
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1 
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j 
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FIUJPE  7.1.1.1-11  VARIATION  OF  POL  ' WITH  COTM(/3  COT/Ylp> 


7. 1.1. 1-1  1 


SUPERSONIC  SPEEDS 


n> 


SUPERSONIC  LEADING  EDGE 


FIGURE  7.1. 1.1-11  (CONTD) 
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7. 1.1. 2 WING  PITCHING  DERIVATIVE  Cm 

111  q 


When  a wing  rotates  in  pitch  about  a given  center  of  gravity  at  an  angular  velocity  0 in  a 
free-stream  velocity  Voo,  changes  in  local  angle  of  attack  are  produced  that  are  proportional  to 
w/V  (w  is  the  local  vertical  disturbance  velocity).  For  wings  having  sweepback,  an  additional 
increment  in  angle  of  attack  is  produced  that  is  a function  of  spanwise  wing  station.  These  local 
changes  in  angle  of  attack  produce  an  effective  angle-of-attack  increment  for  the  complete  wing 
that  results  in  a pitching-moment  increment.  This  pitching-moment  increment  is  expressed  as  the 
wing  contribution  to  the  derivative  Cm<J. 

If  .the  wing  pitching  derivative  Cmq  is  to  be  used  in  method  1 of  Section  7.3. 1.2  to  obtain 
(Cmq)  WB,  the  exposed  wing  planform  area  should  be  used  for  all  calculations  in  the  Datcom 
methods.  Using  the  exposed  planform  area  will  yield  Cm  q based  on  the  product  of  exposed  wing 
area  and  the  square  of  exposed  wing  MAC,  rather  than  the  product  of  total  wing  area  and  the 
square  of  wing  MAC  as  indicated. 

DATCOM  METHOD 


A.  SUBSONIC 

The  low-speed  value  (M  0.2)  of  Cm^,  based  on  the  product  of  total  wing  area  and  the  square  of 
wing  MAC  Sw  ^ 2 , is  given  by  J 


where 


—0.7  Cn  cos  A 


c/4 


ts  j •■(!)'] 


1 


A3  tan2  A 


c/4 


A + 2 cos  A 


c/4 


24  \A  + 6 cos  A 


c/4/ 


k 1 
+ ~ 
1 8 


(per  radian)  7.1.1.2-a 


x 

--  is  defined  in  Section  7.1  . 1 . 
c 

c£a  is  the  win®  action  lif.  curve  slope  from  Section  4. 1.1. (per  radian). 

This  equation  is  a modified  form  of  that  derived  in  reference  1 . The  equation  was  modified  in 
reference  2 by  the  empirical  factor  0.7.  It  is  strictly  applicable  to  aspect  ratios  between  1 and  6. 
For  aspect  ratios  of  about  10  or  12  the  empirical  factor  should  be  approximately  0.9,  but  there 
are  no  experimental  data  available  to  show  how  this  empirical  factor  should  vary  for  inter- 
mediate aspect  ratios.  It  is  suggested  that  a smooth  fairing  be  used. 

For  higher  subsonic  speeds  the  derivative  Cm  , based  on  the  product  of  wing  area  and  the  square 
of  wing  MAC  Sw  cw  2 , k ot  tained  by  applying  an  approximate  compressibility  correction  derived 
in  reference  3: 


7.1. 1.2-1 


M>  0.2 


A3  tan2  Ac/4 

3 

_i_  __ 

AB  + 6 cos  A cj4 

T 

B 

A3  tan2  Ae/4 

+ 3 

A + 6 cos  Ac^4 

C \ (per  radian) 

"Wm*  oa 


7.1.1.2-b 


where 

(Cm  \ is  obtained  from  equation  7.1.1. 2-a. 

\ q/MwOJ 

B = x/l  - M2  cos2  Ac/4 


Sample  Problem 

Given:  Same  wing  as  in  sample  problem  of  paragraph  A,  Section  7. 1.1.1. 


A = 4.0  \ - 0.68 


Ac, 4 - 45° 


* 1.18 


Additional  Characteristics: 


Airfoil:  64-006  Smooth  airfoil  surface  M = 0.2,  0.6 

— = 0.0118  (sample  problem,  paragraph  A,  Section  7.1.1 .1) 

c 

Compute: 

Co  = 0.109  per  deg  (table  4.1.1 -B) 
cos  A (y4  = 0.707;  tan  Ac^4  ~ 1.0 


At  M = 0.6,  B = v/1  - M2  cos2  Ac/4  * >/l  - (0.36)  (0750)  « 0.905 
Solution  (M  = 0.2): 

1 i + 2(I) 

2 c ' c / 


(c«,) 


= -0.7  Co  cos  A 


c/4  1 


A + 2 cos  A 


c/4 


I / A3  tan2 
24  yA  + 6 co 


a-  ) + I 

cos  At/</  8 


(equation  7. 1.1. 2-a) 


7.1. 1.2-2 


= (-0.7)  (0.109)  (57.3)  (0.707) 


_L  (4)3  (U  1 

24  4 + 6(0.707)  8 


4^  (0.01 18)  + 2(0.01 18)2 
4 + 2(0.707) 


0.0247 

1 

L 

(-  64  ^ 

1 

_i_  

5.414 

24 

V 8.242  / 

T 

8 

= -3.090  — + — 

[ 5.414  24  V 8.242/ 

= -3.090(0.00456  + 0.3235  + 0.125) 


= - 1 .400  per  rad  (based  on  Sw  2) 


Solution  (M  = 0.6): 


A3  tan2  Ac/4 
AB  + 6 cos  A., 


A3  tan2  A„ 


A + 


(Cmq) 

\ ll/Ms»0.2 


(equation  7.1.1.2-b) 


••  6 cos  A„ 


(4)3  (1)  + 3 

4(0.905)  + 6(0.707)  0.905 

(4)3  (1)  ( 

4 + 6(0.707) 


(-1.40) 


7.862 


+ 3.31 


(-1.40) 


8.242 


/8.14  + 3.31  \ 

= ( (-1.40) 

\ 7.77  + 3 / 

= -1.49  per  rad  (based  on  Swew2) 


7.1. 1.2-3 


B.  TRANSONIC 


At  transonic  speeds  the  derivative  C , based  on  the  product  of  wing  area  and  the  square  of  wing 
MAC  Sw  cw  1 , is  estimated  by 


where 


*N.. 


7.1.1.2-c 


C 


L 


a 


is  the  wing  lift-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under  con- 
sideration, based  on  the  total  wing  area  (per  radian). 


is  obtained  from  the  supersonic  method  of  paragraph  C of  this  section,  based 
on  the  product  of  wing  area  and  the  square  of  wing  MAC  Sw  2 (per  radian). 

is  obtained  from  equation  7.1.1.2-b  at  the  critical  Mach  number,  based  on  the 
product  of  wing  area  and  the  square  of  wing  MAC  Sw  cw  2 (per  radian). 


For  this  purpose  the  critical  Mach  number  Mcr  is  taken  equal  to  the  force-break  Mach  number  M^ 
defined  in  paragraph  B of  Section  4. 1.3. 2. 


C.  SUPERSONIC 

The  supersonic  value  of  Cmq,  referred  to  body  axis  and  for  any  center-of-gravity  location  and 
based  on  the  product  of  wing  area  and  the  square  of  wing  MAC  Swcw2,  is  given  by 

= C — (per  radian)  7.1.1.2-d 

mq  \c / Lq  W 

where 

CL  is  obtained  from  Section  7.1 .1 . 1 , based  on  the  product  of  wing  area  and  wing  MAC 
q (per  radian). 

x 

— is  defined  in  Section  7. 1.1.1. 
c 

Cm  ' is  referred  to  body  axis  with  the  origin  at  the  wing  aerodynamic  center,  based  on  the 
q product  of  wing  area  and  the  square  of  wing  MAC  Sw  cw  2 , and  obtained  as  indicated 
below. 


K' 

t- 

N 

N 

K* . - 

i ■ 
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Methods  for  estimating  Cm 


1,  Wings  with  subsonic  leading  edges  (0  cot  AIE  < 1.0) 


For  wings  with  subsonic  leading  edges,  Cmq'  is  obtained  by  the  method  of  reference  4 for 
X = 0 and  by  the  method  of  references  for  X = 0.25  to  1.0.  The  following  methods  are 
not  valid  if  the  Mach  line  from  the  trailing-edge  vertex  intersects  the  leading  edge  or  if  the 
wing-tip  Mach  lines  intersect  on  the  wings  or  intersect  the  opposite  wing  tips. 


a.  Zero-taper-ratio  wings  (X  = 0) 

Cm  ' is  derived  in  reference  4 as 
<1 


C 


m 


q 


where 


16 


G03C)  F7(N)  + — - E"(/3C) 


‘ Fs  <N)‘ 

Fn(N)j 

(per  radian) 


7.1.1.2-e 


G(PC)  and  E"(/3C)  are  obtained  from  figure  7. 1.1. 1-8. 

Fj(N),  F?(N),  and  Fn(N)  are  obtained  from  figure  7. 1.1. 2-8. 


is  defined  in  paragraph  A of  Section  7. 1.1.1. 


CN  is  the  wing  normal-force-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under 
consideration,  based  on  the  total  wing  area  (per  radian). 

d is  defined  in  paragraph  C of  Section  7. 1.1.1. 

CL  ' is  obtained  from  paragraph  C of  Section  7. 1.1.1,  based  on  the  product  of  wing 
q area  and  wing  MAC  (per  radian). 


b.  Wings  with  X = 0.25  to  1.0 


C " is  derived  in  reference  5 as 

fn 


c 


m 


q 


C 


m 


" + 


q 


C 


L 


q 


(per  radian) 


7.1.1.2-f 


7. 1.1. 2-5 


where 


C " is  referred  to  body  axis  with  the  origin  at  the  wing  leading-edge  vertex  and  is 
q obtained  from  figures  7.11. 2-9a,  7.1.1. 2-9b,  and  7.1  1.2-9c,for  X = 0.25,0.50, 
and  0.75,  respectively,  and  from  the  equations  of  reference  5 for  X > 0.75  (per 
radian). 

CL  *'  is  obtained  from  paragraph  C of  Section  7. 1.1.1,  based  on  the  product  of  wing 
q area  and  wing  MAC  (per  radian). 

xa.c. 

is  defined  in  paragraph  A of  Section  7. 1.1.1. 

c 

2.  Wings  with  supersonic  leading  edges  (/?  cot  AlF  > 1 .0) 

For  wings  with  supersonic  leading  edges, Cm  ' is  obtained  from  Figures  7 1 .1.2-1 0a  through 
7.1 .1 ,2-lOk.This  method  is  derived  in  reference  6 and  is  valid  for  the  range  of  Mach 
numbers  for  which  the  Mach  lines  from  the  leading-edge  vertex  intersect  the  trailing  edge. 
An  additional  limitation  is  that  the  foremost  Mach  line  from  either  wing  tip  may  not 
intersect  the  remote  half  of  the  wing. 

Sample  Problem 

Given:  Same  wing  as  in  sample  problem  of  paragraph  C,  Section  7. 1.1.1. 

S 

A » 3 46  X ■ 0 Ale  * 60°  — = 1.50  b = 16  ft 

c 

c.g.  at  — M = 1.50  c = 6.17  ft  c = 9.25  ft 

4 1 

From  sample  problem  of  paragraph  C,  Section  7. 1.1.1: 

0 cot  Ale  - 0.647  (subsonic  leading  edge) 


N = 0.333  E"(fiC)  = 0.770  G (0C)  * 5.70  C„  = 3. 12  per  rad 

” a 


C,  - 0.022  per  rad 
<1 


C.  = 2.175  per  rad 


0.146  ~ 

c 


0.345 


Compute: 


= 0.133  > 

= -0.200  [>  (figure  7.1. 1.2-8) 
= 0.660  ) 


FS(N) 

F7(N) 

F„(N> 


7.1. 1.2-6 


Solution: 


'll? 


16  7rAi 


16 


G(j3C)  F?  (N)  + — E"  (PC) 


FS(N) 


Cv,  (equation  7.1 .1 ,2-e) 
a 


_3_ 

16 


tt(3.46) 


(0.570)  (-0.200)  + 


16 

Y (°-770> 


0.133 

0.660 


- (0.146)  (0.022)  + 2(0. 146)2  (3.12) 

= -2.038(-0. 1 140  + 0.8276)  - 0.0032  + 0.1330 
= —1.325  per  rad 

Cmq  = C,%  ~ (I")  CS  (eqU3ti0n  711-2’d) 


= -1.325  ~ (0.345)  (2.175) 


= -2.075  per  rad  (based  on  Swcw2) 
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7.1. 1.3  WING  PITCHING  DERIVATIVE  C„ 

q 

This  section  presents  a method  for  estimating  the  wing  contribution  to  the  pitching  derivative 
at  subsonic  speeds.  This  derivative  is  the  change  in  drag  coefficient  due  to  a change  in  pitciting 
velocity  at  a constant  angle  of  attack  and  is  defined  as 

dCo 

Cn  - , where  Cn  is  based  on  Sw . 

' »&) 

In  general,  this  derivative  is  small  and  has  a negligible  effect  on  longitudinal  stability;  hence,  it  is 
usually  neglected. 

A.  SUBSONIC 

The  method  presented  herein  uses  the  Weissinger  method  of  Reference  1 to  calculate  the  section  lift 
due  to  angle  of  attack,  twist,  and  pitch  rate.  The  lift  is  then  rotated  through  the  local  downwash 
angle  due  to  each  of  these  effects  to  produce  a chordwise  component  of  force. 

DATCOM  METHOD 

Design  charts  for  predicting  the  wing  contribution  to  CD(1  are  available  only  at  Mach  numbers  of 
0.2  and  0.8.  The  wing  pitching  derivative  Cpq  is  given  by 


where 

CD  is  the  contribution  due  to  zero-angle-ofattack  loading  obtained  from  Figures 

qo  7. 1. 1.3- 3a  through  -3f  as  a function  of  wing  aspect  ratio,  taper  ratio,  and  sweep. 

0 is  the  wing  twist  in  degrees  between  the  root  and  tip  sections,  negative  for  washout 

(see  Figure  5.1.2.  l-30b). 

dCD 

q 

-T — is  the  contribution  due  to  angle  of  attack  obtained  from  Figures  7.1.1 .3-  7 a through 

daF  - 7f  as  a function  of  wing  aspect  ratio,  taper  ratio,  and  sweep. 

oh  is  the  fuselage  angle  of  attack  in  degrees. 


is  the  contribution  due  to  the  rate  of  change  of  pitch  obtained  from  Figures 
7. 1 . 1 .3-1 2a  through  -12f  as  a function  of  wing  aspect  ratio,  taper  ratio,  and  sweep. 


7. 1 .1 .3-1 


is  the  pitch  rate  in  degrees  per  second, 
is  the  wing  mean  a odynarnic  chord. 


is  the  free-stream  velocity. 


Sample  Problem 


Given:  The  following  wing-body  configuration 


Wing  Characteristics: 


A = 7 


c = 25.0  ft 


Additional  Characteristics: 


X = 0.25 


Sw  = 3500  ft2 


Alb  = 35° 


9 = -5.0 


M = 0.8 


q - 5 deg/ sec 


V = 796  ft/sec  (h  = 30,000  ft) 


Compute: 


Cn  = 0.00036  per  deg2  (interpolated  using  Figures  7.1.1 ,3-3d,  -3e,  and  -30 


= 0.00087  b per  deg2  (interpolated  using  Figures  7. 1. 1.3-  7d,  - 7e,and-  70 


= 0.00061  per  deg2  (interpolated  using  Figures  7. 1 . 1 .3-1 2d, -1 2e,  and  -1 20 


q e _ (5)(25) 
2V  “ 2(796) 


= 0.0785  deg 


Solution; 


<K'  3C., 

CD  = C„  ( -9)  + a,  + -A  (^) 

D<t  3o,;  '■  \2V/ 


(Equation  7. 1.1. 3 a) 


= (0.00036)(+5.0)  + (0.00087b)(  1.0)  + (0.0006 1)(0.0785) 


B.  TRANSONIC 


No  method  is  presented. 
C.  SUPERSONIC 
No  method  is  presented. 
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M = -2 
\e  = 0 


FIGURE  7.1. 1.3-3  THE  ZERO-ANGLb-OF-ATTACK  LOADING  CONTRIBUTION  TO  THE 
WING  PITCHING  DERIVATIVE  CD 
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7, 1,1. 3-3 


M = .8 


FIGURE  7.1.1.3  3(CONTD) 


7.1. 1.3-6 


FIGURE  7. 1.1.3-  7(C0NTD) 


M = .2 


r 


FIGURE  7.1.1.3-12  THE  PITCH-RATE  CONTRIBUTION  TO  THE  WING  PITCHING 
DERIVATIVE  CD 
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7.1.2  WING  ROLLING  DERIVATIVES 
7. 1.2.1  WING  ROLLING  DERIVATIVE  CYp 


This  section  presents  methods  for  estimating  the  wing  contribution  to  the  rolling  derivative  CY  p at 
subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  side-force  coefficient  with  change  in 
wing-tip  helix  angle  and  is  expressed  as 


A.  SUBSONIC 

The  wing  rolling  derivative  CYp  results  from  the  angle-of-attack  distribution  and  the  tip-suction  effects 
of  rolling  wings. 

The  angle-of-attack  distribution  caused  by  rolling  produces  incremental  changes  in  aerodynamic  forces. 
For  wings  having  sweep  and/or  dihedral,  these  incremental  changes  have  components  in  the  lateral 
direction,  causing  a side  force.  The  contribution  to  CYp  due  to  the  angle-of-attack  distribution  caused 
by  rolling  is  derived  in  reference  1,  based  on  simple  sweep  theory.  This  result  is  limited  to  swept, 
untapered  wings  at  low  lift  coefficients.  The  effect  of  taper  ratio  has  been  derived  based  on  the 
experimental  results  presented  in  reference  2.  The  effect  of  dihedral  is  taken  from  reference  3.  Although 
the  expression  for  the  dihedral  effect  has  been  derived  specifically  for  untapered  wings,  it  should  be 
reasonably  reliable  for  wings  of  any  taper  ratio  over  the  range  of  wing  dihedral  angles  of  practical 
interest. 

The  side  force  due  to  rolling  of  unswept  wings  is  not  accounted  for  by  the  theory  of  reference  1.  This 
value  is  presumed  to  be  caused  by  tip  suction  and  is  given  by  the  empirical  expression  developed  in 
reference  4.  Experimental  results  show  that  the  tip-suction  effect  is  independent  of  sweep  and  varies 
inversely  as  the  aspect  ratio. 

The  method  of  reference  5 is  applied  to  extrapolate  the  potential-flow  values  to  high  lift  coefficients  by 
using  experimental  values  of  the  lift  and  drag  at  high  lift  coefficients.  If  experimental  lift  and  drag  data 
for  the  particular  planform  of  interest  are  not  available  at  the  chosen  Mach  number,  no  attempt  should 
be  made  to  estimate  the  variation  of  CYp  with  lift  coefficient.  The  negligible  importance  of  this 
derivative  does  not  warrant  the  effort  involved  in  estimating  the  wing  lift  and  drag  variation. 
Furthermore,  no  known  general  method  for  estimating  the  variation  of  drag  coefficient  will  give  results 
reliable  enough  to  use  in  determining  the  correction  factor  for  extrapolating  the  potential-flow  values  to 
higner  lift  coefficients. 


DATCOM  METHOD 


The  variation  of  the  wing  rolling  derivative  CYp  with  lift  coefficient,  based  on  the  product  of  the 
wing  area  and  wing  span,  is  given  by 


7.1. 2.1-1 


7.1.2.1-a 


where 


(per  radian) 


is  the  slope  of  the  side  force  due  to  rolling  at  zero  lift  given  by 


A + 4 cos  Ac/4  AB  + cos  Ac/4  /Cy  \ 

AB  + 4 cos  A ..  A + cos  A.,.  \ C,  / 

c'*  c/4  \ L / c,  -o 

M »0 


7.1.2.1-b 


where  B = y/T  - M2  cos2  Ac^4  and 


is  the  slope  of  the  tow-speed  side  force  due  to  rolling  at  zero 
lift,  obtained  from  figure  7.!.2.1>-9  as  a function  of 
aspect  ratio,  sweep  of  the  quarter-chord,  and  taper  ratio. 
This  chart  has  been  derived  by  using  the  results  of  refer- 
ences 1,  2,  and  4.  Equation  7.1.2.1-b  modifies  the 
low-speed  value  by  means  of  the  Prandtl-Glauert  rule  to  yield 
approximate  corrections  for  the  first-order  three-dimensional 
effects  of  compressible  flow  up  to  the  critical  Mach  number. 


is  the  wing  lift  coefficient. 


(iCv,)r 


is  i e increment  in  Cv 
Y P 


due  to  dihedral  given  by 


[3  sin  f ( 1 


sinr)]  (C 1 ) 

P c 


r=o 

. =0 


(per  radian) 


7.1,2.1-c 


where 

f is  the  geometric  dihedral  angle  in  degrees,  positive  for  the  wing  tip 

above  the  plane  of  the  root  chord. 

z is  the  vertical  distance  between  the  c.g  and  the  wing  root 

quarter  chord  point,  positive  for  the  c.g.  above  the  wing  root 
chord.  (This  parameter  is  independent  of  angle  of  attack.) 

7.1.2. 1-2 


b 


is  the  wing  span. 


^ is  the  roll-damping  derivative  of  the  wing  without  dihedral  and  at 

p c[:°o  zero  lift.  This  value  is  obtained  from  paragraph  A of  Section  7. 1.2.2 
and  is  given  by  (see  equation  7. 1.2.2-a)* 


(per  radian) 


K is  a dimensionless  correction  factor  used  to  extrapolate  the  potential-flow  values  to 

high  lift  coefficients.  At  zero  lift  this  factor  is  taken  as  1 .0.  At  lift  coefficients  other 
than  zero  this  factor  accounts  for  the  variation  of  profile  drag  with  lift  coefficient 
and  is  given  by 


ba  (C'L  tana)~~3^(CP  ~Cp0) 

3 d /cLn 


7.1.2.1-d 


Test  values  of  lift  and  drag  at  the  chosen  Mach  number  for  the  particular  planform 
of  interest  must  be  used  in  evaluating  equation  7.1.2.1-d.  The  terms  of  equation 
7.1.2.1-d  are  evaluated  by  taking  the  slopes  of  Cl  tan  a,  Cp  - Cd0, 
and  Cl 2 /(trA),  plotted  versus  angle  of  attack. 

If  reliable  values  of  the  static-force  coefficients  are  available,  the  method  should  provide  results  within 
±20  percent  accuracy  throughout  the  lift-coefficient  range  to  the  str  11. 

Sample  Problem 

Given:  The  wing  designated  32.6-4-0,6-006  of  references  5 and  8. 

Wing  Characteristics: 

A = 4.0  X = 0.60  Ac/4  = 32.6®  T = 0 
S = 2.25  sq  ft 
Additional  Characteristics: 


M - 0.7 

The  following  test  values  from  reference  8 at  M = 0.7 

Cn  = 0.01 
uo 


•The  effect  of  profile  drag  on  the  roll  demping  et  zero  lift  It  neglected. 


7.1. 2.1-3 


Compute: 


Determine  Cv  /C,  at  zero  lift 

Yp  L 


l u 

M =0 


0.42  per  rad 


(figure  7. 1.2.1-  9 ) 


B = vT—  M2  cos2  Ac/4  = s/\  - (0~7)2  (cos  32.60)2  = 0.808 


A + 4 cos  Ac/4  4,0  + 4 cos  32.6Q 

AB  + 4 cos  Ac/4  (4.0)  (0.808)  + 4 cos  32.6° 


AB  + cos  Ac/4  ^ (4,0)  (0.808)  + cos  32.6«  = 08414 
A + cos  A c/4  4.0  + cos  32.6o 


A + 4 cos  Ac/4 
AB  + 4 cos  Ac/4 


AB  + cos  A /4 

O-  = (1.1 16)  (0.8414)  = 0.939 

A + cos  Ac/4 


A + 4 cos  Ac/4 
AB  t 4 cos  Ac/4 


AB  + cos  Ac/4 
A + cos  Ac/4 


m =o 


(equation  7.1.2.1-b) 


= (0.939)  (0.42)  = 0.394 
Determine  the  K factor 


K - 


da  (CL  tana)  fl„(CD“CD(1) 


3a 


3 

— (C,  tana)  - 
3a  L 


3 

3a 


(equation  7.1.2.1-d) 


7.1.2. 1-4 


Un  tt 
t*n  (§) 

CL  t«nt* 

©(D 

C0 

T«t 

CD  CDq 
<5>  ~ 0.01 

CL2/(rrA) 
©2/<  4n) 

.01309 

.0007 

.011 

.001 

.0002 

.02619 

.0026 

.0115 

.0015 

.0006 

.05153 

.0103 

.015 

.005 

.0032 

.07519 

.0226 

.021 

.011 

.0072 

.09605 

.0392 

.033 

.023 

.0127 

.1263 

.0632 

.0635 

.0435 

.0199 

.1548 

.0929 

.078 

.068 

.0287 

.I960 

.1306 

.146 

.135 

.0300 

Solution: 


(equation  7.1.2. 1-a) 


- K ((0.394)  CL  ) + 0 - 0.394  K CL 


CL 

0 

K 

1.000 

cY 

P 

(based  on  Syyb^) 
(per  rad) 

(aq.  7. 1.2. 1-a) 

0 

.06 

.631 

.0105 

.10 

.962 

.0387 

.20 

£18 

.0645 

.30 

.536 

.0636 

.40 

.228 

.0359 

.60 

.136 

.0266 

.60 

- .063 

-.0196 

.70 

- .696 

-.1641 

The  calculated  results  are  compared  with  test  values  from  reference  5 in  sketch  (b). 
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SKETCH  (b) 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  rolling 
derivative  CY  . Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds. 


C.  SUPERSONIC 

At  supersonic  speeds  a design  chart  based  on  theoretical  calculations  is  presented  for  estimating  the 
rolling  derivative  Cy  at  low  values  of  the  lift  coefficient.  The  design  chart  is  based  on  the  results  of 
reference  6 for  wings  with  subsonic  leading  edges  and  supersonic  trailing  edges,  and  the  results  of 
reference  7 for  wings  with  supersonic  leading  edges  and  either  subsonic  or  supersonic  trailing  edges.  The 
results  of  both  references  6 and  7 are  based  on  linearized-supersonic-flow  theory  and  are  therefore 
restricted  to  thin,  swept-baek,  tapered  wings  with  streamwise  tips.  The  lateral  force  due  to  rolling  is 
taken  as  that  arising  entirely  from  suction  forces  on  the  wing  edges.  For  wings  with  supersonic  leading 
edges  no  suction  forces  are  induced  along  the  leading  edges,  and  the  determination  of  CYp  involves 
only  the  unbalanced  suction  forces  along  the  wing  tips.  Therefore,  for  zero-taper  wings  with  supersonic 
leading  edges  the  theory  gives  CYp  =0. 

No  experimental  data  are  available  for  this  derivative  at  supersonic  speeds.  Therefore,  the  validity  of 
linearized-supersonic-flow  theory  for  estimating  CY  cannot  be  determined. 

DATCOM  METHOD 

The  wing  contribution  to  the  rolling  derivative  CYp  at  supersonic  speeds  and  at  low  values  of  the  lift 
coefficient  is  obtained  from  figure  7.1.2.1-10  as  a function  of  the  wing  aspect  ratio,  taper  ratio, 
leading-edge  sweep,  and  Mach  number. 


7.1. 2.1-7 


Sample  Problem 


Given:  Tapered,  swept-back  wing. 

A = 3.22  X = 0.25  ALE  = 55.20 

M = 2.41;  0 = 2.19 


Compute: 

0A  = (2.19)  (3.22)  = 7.07 


Solution: 

— - = 0.50  perrad2(based  on  Swbw)  (figure  7. 1.2. MO) 
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FIGURE  7.1. 2. MOWING  ROLLING  DERIVATIVE  C 
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7. 1.2.2  WING  ROLLING  DERIVATIVE  C; 

p 

This  section  presents  methods  for  estimating  the  wing  contribution  to  the  rolling  derivative  C(  at 
subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  rolling-moment  coefficient  with  change 
in  wing-tip  helix  angle  and  is  expressed  as 


9C, 


A.  SUBSONIC 

The  wing  rolling  derivative  C / p at  subsonic  speeds  is  a function  of  the  wing  lift-curve  slope,  the  wing 
drag,  and  geometric  dihedral.  The  effects  of  dihedral  become  significant  when  the  displacement  of  the 
rolling  axis  from  the  wing  root  chord  is  moderate  or  large. 

For  unswept  wings  of  moderately  high  aspect  ratio  the  lift-curve  slope  undergoes  only  small  changes 
throughout  the  lift-coefficient  range,  and  the  drag  contribution  is  relatively  unimportant.  Therefore, 
potential  flow  values  of  Cjp  at  zero  lift  are  generally  satisfactory  at  all  lift  coefficients  below  the  stall 
for  these  planforms. 

Several  methods  are  available  for  estimating  the  potential  flow  value  of  C/p.  Reference  1 presents 
design  charts  for  C/p  at  zero  lift  of  unswept  wings  based  on  lifting-line  theory.  An  effective 
edge-velocity  correction  is  applied  to  the  lifting-line  theory  results  of  reference  1 in  reference  2.  Finally 
the  results  of  reference  2 are  modified  for  the  effects  of  sweep  in  reference  3.  A similar  method  that 
accounts  for  the  effects  of  sweep  on  the  edge-velocity  correction  is  presented  in  reference  4.  Reference 
5 presents  a more  rigorous  method  of  estimating  Cjp  for  wings  of  arbitrary  planform  at  zero  lift,  based 
on  the  simplified  lifting-surface  theory  of  Weissinger  for  determining  the  additional  span  loading  due  to 
rolling.  The  Datcom  method  for  estimating  C / p at  zero  lift  is  taken  from  reference  6.  It  is  essentially 
that  of  reference  5 corrected  for  compressibility  effects  and  extended  to  a wider  range  of  planform 
parameters. 

For  wings  of  moderate  to  high  aspect  ratios  and  with  moderate  sweep,  the  value  of  C / in  the 
nonlinear-lift  range  is  estimated  to  a first  approximation  by  assuming  that  variations  in  the  lift-curve 
slope  will  affect  C/p  in  the  same  proportion  as  Clq  . 

On  low-aspect-ratio  and/or  highly  swept  wings,  the  flow  separates  and  forms  a stable  leading-edge  vortex 
that  is  responsible  for  the  generation  of  consideiable  additional  lift  on  the  outer  portions  of  the  wing. 
The  drag  associated  with  these  high  lift  coefficients  cauies  significant  changes  in  C/p.  The  increment 
in  C;p  due  to  drag  is  derived  in  reference  7,  based  on  the  strip-theory  procedure  of  reference  3.  Since 
the  effects  of  drag  due  to  lift  and  of  profile  drag  on  the  roll-damping  derivative  are  not  of  equal 
importance,  they  are  considered  separately  in  determining  the  increment  due  to  drag. 

The  correction  for  geometric  dihedral  is  considered  in  detail  in  reference  8,  Although  the  expression  for 
the  dihedral  effect  has  been  derived  specifically  for  untapered  wings,  it  should  be  reasonably  reliable  for 
wings  of  any  taper  ratio  over  the  range  of  wing  dihedral  angles  of  practical  interest. 

The  Datcom  method  accounts  for  the  variations  in  wing  lift-curve  slope,  drag  due  to  lift,  and  profile 


7.1. 2.2-1 


drag,  as  well  as  the  effect  of  dihedral.  The  method  requires  knowledge  of  the  variation  of  lift  and  drag 
over  the  angle-of-attack  range  to  the  stall  for  the  particular  configuration  at  the  appropriate  Mach 
number.  Therefore,  this  method  is  quite  readily  applied  if  experimental  lift  and  drag  data  are  available. 


DATCOM  METHOD 

The  value  of  the  wing  rolling  derivative  C,  at  a given  lift  coefficient  at  subsonic  speeds,  based  on  the 
product  of  the  wing  area  and  the  square  of  the  wing  span  Swbw , is  given  by 


r*o 


+ (AC,  \ (per  radian) 

v p /dhg 


7.1.2.2-a 


where 


is  the  roll-damping  parameter  at  zero  lift,  obtained  from  figure  7.1.2.2-20  as  a function 
of  and  /3A/k. 


The  parameter  k is  the  ratio  of  the  two-dimensional  lift-curve  slope  at  the  appropriate 
Mach  number  to  2tt//3;  i.e.,  (c|0)  M /(2rr//3).  The  two-dimensional  lift-curve  slope  is 
obtained  from  Section  4.1. 1.2.  For  wings  with'airfoil  sections  varying  in  a reasonably 
linear  manner  with  span,  the  average  value  of  the  lift-curve  slopes  of  the  root  and  tip 
sections  is  adequate. 


The  parameter  A^ 
A|j  = tan"1 


is  the  compressible  sweep  parameter  given  as 

/tan  Ac/4\  

y — - J , where  (I  = / 1 - M2  . 

r 


is  the  wing  lift-curve  slope  at  zero  lift,  obtained  from  test  data  or  estimated  by  using 
the  straight-tapered  wing  method  of  paragraph  A of  Section  4. 1.3.2  at  the  appropriate 
Mach  number. 


is  the  wing  lift-curve  slope  at  any  lift  coefficient  below  the  stall,  obtained  from  test 
data  or  estimated  by  using  the  straight-tapered  wing  method  of  paragraph  A of  Section 
4. 1.3. 3 at  the  appropriate  Mach  number. 


(C|,)r 

(ra.o 


is  the  dihedral-effect  parameter  given  by 
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7.1. 2.2-2 


where 


F is  the  geometric  dihedral  angle,  positive  for  the  wing  tip  above  the  plane  of 
the  root  chord. 


z is  the  vertical  distance  between  the  c.g.  and  the  wing  root  chord,  positive  for 
the  c.g.  above  the  root  chord. 


b is  the  wing  span. 


d(*j 


is  the  increment  in  the  roll-damping  derivative  due  to  drag,  given  by 


flint 


1 

- Cp  (per  radian) 
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where 


(C0c. 


c 2 


is  the  drag-duc  to-lift  roll-damping  parameter  obtained  from  figure 
7.1.2.2-24  as  a function  of  A and  Ac/4- 


CL  is  the  wing  lift  coefficient  below  the  stall. 


CD  is  the  profile  or  total  zero-lift  drag  coefficient.  If  experimental  data 

0 are  not  available,  Cp0  may  be  estimated  by  the  method  of  para- 

graph A of  Section  4. 1.5.1  at  the  appropriate  Mach  number. 

This  method  includes  the  effects  of  compressibility  and  may  be  applied  up  to  the  critical  Mach  number. 
(The  drag-due-to-Iift  term  does  not  include  a Mach  number  correction;  however,  it  is  small  except  at 
high  Cl  where  the  Mach  number  is  generally  low.) 


The  most  important  factor  considered  in  this  method  is  the  variation  of  the  wing  lift-curve  slope.  If 
reliable  values  of  this  parameter  are  available  over  the  lift-coefficient  range,  the  method  will  in  roost 
cases  give  satisfactory  results  over  that  Q,  range  for  configurations  with  aspect  ratios  of  approximately 
2 or  greater. 

For  wings  of  low  aspect  ratio  and/or  high  sweep  the  accuracy  of  the  method  rapidly  deteriorates  with 
increasing  Cl,  even  when  experimental  values  of  lift  and  drag  arc  used.  The  error  results  from  the  fact 
that  the  high  values  of  (C|  ) obtained  from  figure  7.1.2.2-24  for  these  configurations  are  not 

p c d l 

realized  in  pracuce.  Therefore,  as  C^  increases  the  calculated  values  of  the  roll-damping  derivative 
become  progressively  smaller  than  those  given  by  experiment. 


A comparison  of  the  roll-damping  derivative  calculated  by  using  this  method  with  teat  results  is 
presented  as  table  7. 1.2.2-A.  Experimental  values  of  lift  and  drag  have  been  used  in  evaluating  the 
rolFdaniping  derivative  of  all  the  configurations  listed  in  the  table.  Several  additional  references 
containing  test  results  of  the  damping-in-roll  characteristics  of  stiaighr-tapcied  wings  are  listed  in  table 
7-A. 


Sample  Problem 

Given:  Model  8 of  reference  17. 

Wing  Characteristics: 

A = 3.0  X = 0.15 

Ac/4 

= 36.9°  r = 0 

Airfoil  Characteristics: 

Y90 

Y99 

NACA  0012  airfoil  

2 

= 1.448 

= 0.260 

2 

Additional  Characteristics: 

M - 0.13;  0 = 0.992 

R! 

= 1.254  x 106  Cn  = 0.036  (test value) 
uo 

The  following  test  values  from  reference  17: 

-7 

■ 

fl 

KERB 

Compute: 


G) 

\ K / CL  = 0 


Determine  the  roll-damping  parameter  at  zero  lift 


Y Y 

1 90  1 99 


1 , 2 2 1.448  - 0.26 

tan  — = — — — — 0.132 

2 1E  9 9 


= 0 768  (figure  4. 1 . 1 .2-8a,  extrapolated  by  plotting  vs  log10  R/ 


(c.  \ = 6.88  (figure  4.1.1. 2-8b) 

KZ<xJ  theory 


1.05  % 

(ct  \ (ct  \ (equation  4. 1 . 1 .2-a) 

V VM  (%)  ' *®^theoiy 


0.992 


(0.768.)  (6.88)  - 5.59  per  rad 


- ^C|<^M  _ 5.59 

K ~ 2ir/0  ” 2*70.992  ~ 
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-.3 


-.2 


-.1. 


| O Test  points 

I Calculated 

r\  /^\  A A -V 

r1 

k 

V V 

r 1 

V 

?\ 

<! 

b 

.4  r .6 
SKETCH  (a) 
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B.  TRANSONIC 


There  are  no  reliable  methods  for  estimating  the  derivative  C/p  in  the  transonic  region.  Although  this 
derivative  might  be  expected  to  vary  with  Mach  number  in  the  same  manner  as  the  lift-curve  slope,  this 
trend  is  riot  exhibited  by  experimental  data.  A considerable  quantity  of  test  data  is  available,  however, 
and  reference  should  be  made  to  table  7-A. 

C.  SUPERSONIC 

At  supersonic  speeds  design  charts  based  on  theoretical  calculations  are  presented  for  estimating  the 
rolling  derivative  C/p  of  wings  of  vanishing  thickness. 

The  design  charts  are  those  of  reference  9 and  are  based  on  the  results  presented  in  the  following 
references: 

Reference  10  - in  the  region  of  supersonic  leading  and  trailing  edges 

Reference  1 1 - in  the  region  of  subsonic  leading  edges  and  supersonic  trailing  edges 

Reference  1 2 - for  values  of  /3A  < 2 

The  results  presented  in  references  10  and  11  are  based  on  linearized  supersonic-flow  theory  while  Oio. 
of  reference  12  are  based  on  slender-wing  theory.  The  slender-wing-theory  value  of  C/p  :■ 

PA  = 0 was  used  to  establish  a straight-line  relationship  between  slender-wing  theory  and  the  low 
limit  of  the  linearized  supersonic-flow  theory.  Thin  airfoils  have  been  assumed  in  these  theoric.. 
Thickness  effects  are  not  important  except  for  conditions  where  the  Mach  lines  he  on  or  near  the  win;: 
leading  edge.  Under  these  conditions  the  wing-lea  ding-edge  shock  position  is  displaced  forward  from  its 
theoretical  position  by  the  finite  thickness  effects  of  the  leading  edge.  This  displacement  results  in 
substantial  losses  in  normal-force-curve  slope  and  consequently,  in  roll  damping. 

The  empirical  chart  presented  in  Section  4. 1.3. 2 for  determining  the  leading-edge-thickness  effect  on  the 
normal-force-curve  slope  of  straight-tapered  wings  has  been  adopted  in  this  section  to  determine  tin’ 
leading-cdge-thickness  effect  on  the  roll  damping.  This  chart  is  presented  as  figure  7.1.2.2-27  in  the  form 


7. 1.2. 2-7 


of  a ratio  of  the  actual  roll-damping  derivative  to  the  theoretical  roll-damping  derivative.  For 
straight-tapered  wings  with  sharp  leading  edges,  the  airfoil  nose  semiwedge  angle  (measured  normal  to 
the  wing  leading  edge)  determines  the  shock  position  relative  to  the  wing.  Experimental  data  indicate 
that  the  parameter  corresponding  to  the  nose  semiwedge  angle  is  Ayj.  = Ay/cos  Ale,  where  Ay  is  the 
difference  between  the  upper-surface  ordinates  at  the  6-percent-  and  0. 1 5-percent-chord  stations.  The 
parameter  Ay  is  presented  for  several  airfoil  shapes  in  figure  2.2. 1-8.  For  double-wedge  and  biconvex 
airfoils  there  is  a linear  relationship  between  Ayj_  and  the  leading-edge  semiwedge  angle,  given  by 

Ay^  = 5.85  tan  5^ 

Either  Ay^  or  6^  may  be  used  to  calculate  the  thickness  effects. 

The  Datcom'  method  is  applicable  to  straight-tapered  wings  of  arbitrary  taper  ratio  with  wing  tips 
parallel  to  the  free  stream  and  with  subsonic  or  supersonic  leading  edges  and  supersonic  trailing  edges.  A 
further  restriction  is  that  the  foremost  Mach  line  from  the  tip  may  not  intersect  the  remote  half-wing. 

Wings  with  inverse  taper  (X  > 1)  have  not  been  considered.  Wings  with  swept-forward  leading  edges  are 
included  through  the  use  of  the  reversibility  theorem  (references  13  and  14).  The  reversibility  theorem 
states  that  the  roll-damping  derivative  Cjp  of  the  wing  in  forward  flight  equals  the  roll-damping 
derivative  of  the  same  wing  in  reverse  flight. 

DATCOM  METHOD 


The  wing  contribution  to  the  roll-damping  derivative  C/p  at  supersonic  speeds,  based  on  the  product 
of  wing  area  and  the  square  of  the  wing  span  Sw  b£ , is  given  by 


C/ 

p 


(c',) 


theory 


(cO 

x p/  theory 


(per  radian) 
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where 

A 


is  the  wing  aspect  ratio. 


p theory 

A 


is  the  theoretical  roll-damping  parameter  obtained  from  figures  7.1.2.2-25a  through 
7,1.2.2-25c. 


theory 


is  the  empirical  thickness  correction  factor  obtained  from  Figure  7.1.2.2-27. 


The  sonic  trailing-edge  boundaries  on  figures  7.1. 2.2- 25a  through  7.1.2.2-25e  represent  an  upper  limit 
for  the  true  theoretical  values  of  the  derivatives.  Values  below  the  sonic  trailing-edge  boundary  are  for 
wings  with  subsonic  trailing  edges  and  are  in  violation  of  one  of  the  basic  assumptions  of  the  theory. 
For  configurations  with  subsonic  trailing  edges  (0  cot  Axe  <-  1)  the  design  charts  will  overestimate  the 
roll-damping  derivative. 
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It  should  be  noted  that  the  “kinks”  in  the  curves  of  figures  7.1.2.2-25b  through  7.1.2.2-25e  correspond 
to  the  conditions  of  sonic  leading  or  trailing  edges.  Experimental  evidence  shows  that  these  “kinks”  do 
not  occur  in  practice. 

Comparisons  of  the  supersonic  roll-damping  derivative  in  the  linear-lift  range  calculated  by  this  method 
with  test  results  are  presented  in  tables  7.1.2.2-B  and  7. 1.2.2 -C.  The  configurations  listed  in  table 
7.1.2.2-B  have  supersonic  leading  edges,  while  those  of  table  7.1.2.2-C  have  either  sonic  or  subsonic 
leading  edges.  The  roll  damping  is  predicted  quite  accurately  by  the  Datcom  method  when  the  wing 
leading  edges  are  supersonic.  However,  when  the  wing  leading  edges  are  sonic  or  subsonic,  the  calculated 
roll  damping  is  in  almost  all  cases  considerably  greater  than  that  given  by  experiment.  Application  of  the 
thickness  correction  factor  presented  as  figure  7.1.2.2-27  improves  the  agreement  between  the  calculated 
and  experimental  values  of  roll  damping  in  almost  all  cases  presented  in  table  7.1.2.2-C,  since  this  factor 
represents  a reduction  in  roll  damping.  For  wings  with  subsonic  leading  edges  the  theoretical  results 
presented  in  figures  7.1.2.2-25a  through  7.1.2.2-25e  show  the  poorest  agreement  with  experiment  at  the 
lower  values  of  0 cot  ALE  for  a given  value  of  0A. 

Sample  Problem 


Given:  Wing  14  of  reference  23. 

= 60°  Ac/4  = 53-4°  A = 3.12  X - 0.25 

Airfoil:  Constant  3/ 16-in.  thickness  with  symmetrical  5°  bevel  on  all  edges  in  a direction  parallel  to 
the  root  chord. 


8,  = 10° 


M * 2.41;  0 * 2.19 
Compute: 

0A  ■ (2.19)  (3.12)  * 6.83 
A tan  Ac/2  = (3.12)  (tan  53.4°)  = 4.20 

K). 


'theory 


= -0.0716  per  rad  (figure  7. 1.2.2-25b) 


A 

0 cot  Aj^  = 2.19  (cot  60°)  = 1.265  (supersonic  leading  edge) 
ale  tan  60° 


0 


2.19 


= 0.791 


1. 


(S) 


= 0.865  (figure  7.1.2.2-27) 


theory 
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Solution: 


C 


l 


p 


theory 


L A 


A 


(C,  ) 

p ' theory 


(equation  7.1.2.2-d) 


= (-0.0716)  (3.12)  (0.865) 

= -0.193  per  rad  (based  on  S^.b^) 

This  compares  with  a test  result  of  —0. 1 88  per  radian  from  reference  23. 
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TABLE  7.1.2.2-A 

SUBSONIC  WING  ROLLING  DERIVATIVE  Cj 
DATA  SUMMARY 


Ref. 

1 

■ 

Ac/4 

(deg) 

Airfoil 

Section 

r 

(deg) 

M 

"i 

*10-6 

1 

(per  deg) 
(test) 

■ 

% 
Calc, 
(per  rad) 

% 
Test 
(per  rad) 

a 

Percent 

Error 

IS 

4.0 

0.60 

3.6 

65A 

006 

0 

0.13 

0.72 

0 

0.066 

0.033 

-0.322 

-0.345 

6.7 

0.1 

0.072 

-0.356 

-0.346 

- 2.9 

■71 

0.072 

-0.357 

-0.347 

-2  9 

0.072 

-0.367 

-0.348 

-2.6 

■71 

0.067 

-0.334 

-0.355 

5.9 

bt»i  .■ 

0.067 

-0.334 

-0.370 

9.7 

0.6 

0.063 

-0.316 

-0.370 

14.6 

Ea 

0.047 

-0.240 

-0.275 

12.7 

32.6 

B 

0.062 

o.< 

)33 

-0.308 

-0.330 

6.7 

0.1 

0.062 

-0.306 

-0.330 

6.7 

0.2 

0.062 

-0.309 

-0.336 

8.0 

0.3 

0.066 

-0.329 

-0.360 

8.6 

0.4 

0.066 

-0.330 

-0.387 

14.7 

0.5 

0.066 

-0.332 

-0.370 

10.3 

0.6 

0.061 

-0.309 

-0.295 

-4.7 

0.7 

0.046 

-0.234 

-0.195 

-20.0 

. 

0.8 

0.027 

-0.145 

-0.065 

-70.6 
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TABLE  7. 1.2.2- A (CONTO) 


0.1 

0.2 

0.3 

0.4 

0.S 

0.6  0.0646 


0.6  * 

0.7  0.043 

OB  0.063 
00462 


OB 

0.048 

0.6 

0.060 

0.7 

0.066 

OB 

0.0746 

0 

0.0515 

0.1 

0.065 

m 

0.3 

0.4 

0.066 

OB 

0.054 

0.6 

0.046 

0.7 

0.036 

OB 

0.017 

CD  p 

D0  Calc, 

(tact)  (par  rad) 


0.037  -0.238 

-0.239 
-0.240 
-0.241 
-0.243 
-0.245 
-0.242 
-0.214 
-0.178 
0.041  -0.183 

-0.208 
-0.224 
-0.226 
-0.229 
-0.233 
-0.238 
-0.239 
-0.295 
0.023  -0.218 

-0.218 
-0.219 
-0.223 
-0.227 
-0.245 
-0.260 
-0.339 
-0.393 
0.018  -0.271 

-0.290 
-0.290 
-0.292 
-0.300 
-0.292 
-0.254 
-0.200 
-0.110 


'P 
Tart 
(par  rad) 


a 

Par  cant 
Error 


-0.228 

-0.200 

-0.180 

-0.117 

-0.228 

-0.221 

-0.231 

-0.232 

-0.222 

—0.228 

-0.242 

-0.250 

-0.240 

-0.230 

-0.232 

-0.236 

-0.240 

-0.242 

-0.256 

-0.275 

-0.318 

-0.385 

-0.266 

-0.261 

-0.279 

-0.290 

-0.299 

-0.292 

-0.248 

-0.150 

-0.126 


7.1.2.2-13 


TABLE  7.1.2.2-B  CONTD 


c/ ) 
p theory 

C/P 

% 

C/p 

A 

(par  rad) 

^H^aory 

C»lc, 
(per  rad) 

Tart 

(par  rad) 

-0.0796 

0.896 

-0.218 

-0.214 

-0.0627 

0.945 

-0.181 

-0.200 

-0.0483 

1.000 

-0.148 

-0.144 

-0.0778 

1.000 

-0.235 

-0.225 

-0.0613 

1.000 

-0.185 

-0.178 

-0.0480 

1.000 

-0.145 

-0.134 

-0.1292 

1.000 

-0.243 

-0.257 

-0.1163 

1.000 

-0.219 

-0.210 

-0.0960 

1.000 

-0.180 

-0.167 

-0.1163 

0.896 

-0.243 

-0.240 

-0,1032 

0.945 

-0.227 

-0.236 

-0.0823 

1.000 

-0.192 

-0.186 

-0.1172 

1.000 

-0.282 

-0.275 

-0.0990 

1.000  ! 

-0.239 

-0.225 

-0.0780 

1.000 

-0.188 

-0.178 

-0.118b 

1.000 

-0.281 

-0.267 

-0.0998 

1.000 

-0.237 

-0.218 

-0.0790 

1.000 

-0.187 

-0.173 

-0.096S 

1.000 

-0.311 

-0.317 

-0.0776 

1.000 

-0.260 

-0.220 

-0.0606 

i.ooo 

-0.195 

-0.176 

-0.0661 

0.866 

-0.131 

-0.138 

-0.0858 

0.860 

-0.207 

-0.167 

-0.0651 

0.913 

-0.167 

-0.160 

-0.0778 

0.866 

-0.226 

-0.206 

-0.0696 

0.906 

-0.183 

-0.206 

-0.0463 

0.966 

-0.149 

-0.166 

TABLE  7.1.2.2-B  (CONTD) 


cot  ale 

Airfoil 

Section 

Avl 

1.097 

Symmetrical 

3.24 

dbl.  wedge 

t/c  - 0.04 

4.00 

0 

46.0 

1.485 

1.097 

Symmetrical 

dbl.  wedge 

t/c  - 0.09 

4.00 


0.50 

9.5 

1.70  . 

8.21 

Symmetrical 

dbl.  wedge 

t/c  - 

0.046 

1.485 

6.66 

' 

1.414 

5.98 

2.67 


3.70 

1 

1.00 

46.0 

1.60 

1.26 

66A009 

| 

1&6 

1 

I 

1 

1.50 



1.12 

1 

1 

m 

% 
Calc, 
(par  rad) 

% 

Ten 
(per  rad) 

e 

Percent 

Error 

A 

(per  rad) 

^‘Aheory 

-0.076 

0.934 

-0.280 

-0.280 

0 

-0.075 

0.867 

-0.260 

-0.230 

13.0 

-0.084 

1.000 

-0.336 

-0.350 

- 4.0 

-0.100 

1.000 

-0.400 

-0.406 

- 13 

-0.106 

1.000 

-0.424 

-0.440 

- 3.6 

-0.101 

1.000 

-0.374 

-0.342 

9.4 

-0.1075 

1.000 

-0.398 

-0.360 

10.6 

-0.1140 

1.000 

-0.423 

—0.376 

12.6 

-0.1236 

1.000 

-0,467 

—0.390 

17.2 

-0.101 

0.812 

-0.303 

—0.310 

- 2.3 

-0.105 

0.792 

-0.308 

-0.307 

0.3 

21. 1 

Average  Error  » 6.2% 

n 


TABLE  7.1.2.2-C 

SUPER  IONIC  WING  ROLLING  DERIVATIVE  C 


SUBSONIC  OR  SONIC  LEADING  EDGE 
OATA SUMMARY 


Airfoil 

M P 001 ALE  Section 


1.62  0.465  | Beveled 

I F let  Plate 


60.0  i 1.62 


1.62 
1.93 
2.41  0.800 


flp) 

* theory 

Cl 

P 

% 

A 

(per  red) 

( ^ p)tlieory 

Calc, 
(per  rad) 

Te« 

(per  rad) 



—0.0610 

1.000 

-0.147 

-0.120 

— 0.0795 

0.922 

—0.134 

-o.ii4  : 

-0.0769 

0.820 

—0.1 15 

- -0.090  ; 

-0.0707 

1.000 

-0.166 

-0.092 

-0.0698 

0.920 

-0.150 

—0.098 

-0.0699 

0.818 

-0.128 

-o.oeo 

-0.0797 

0.914 

-0.175 

-0.140 

-0.0770 

0.850 

-0.162 

-0.116 

-0.0683 

0.800 

-0.127 

-0.118 

-0.0686 

0,940 

-0.197 

-0.143 

-0.0662 

0.850 

-0.173 

-0.116 

-0.0587 

0 800 

-0.144 

-0.109 

-0.0752 

0.880 

-0.203 

-0.174 

-0.0706 

0,820 

-0.177 

-0.158 

-0.0937 

1000 

-0.175 

-0.098 

-0.0943 

0.922 

-0.162 

-0.116 

-0.0916 

0.820 

-0.140 

-0.086 

-0.1058 

0.938 

-0.183 

-0.187 

-0.1046 

0.845 

-0.162 

-0.135 

-0.0983 

0.807 

-0.147 

-0.113 

-0.1115 

0.880 

-0.187 

-0.219 

—0.1097 

0.820 

-0.171 

-0.176 

-0.1175 

0.840 

-0.188 

-0.222 

-0.0606 

1,000 

—0.191 

-0.142 

-0.0633 

0.922 

-0.182 

-0.118 

-0.0022 

0.82C 

-0.180 

—0.098 

L 
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TABLE  7.1.2.2-C  (CONTD) 


(d)  X ■ 1.0 


SUBSONIC  SPEEDS 


P A 


\ (deg) 


FIGURE  7.1.2.2-20  (CONTD) 


SONIC-LEADING-EDGE  REGION 
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7.1.2.3  WING  ROLLING  DERIVATIVE  C„p 

This  section  presents  methods  for  estimating  the  wing  contribution  to  the  rolling  derivative  C„p  at 
subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  yawing-moment  coefficient  with  change 
in  wing-tip  helix  angle  and  is  expressed  as 


A SUBSONIC 

The  wing  rolling  derivative  C„p  results  because  the  unsymmetrical  lift  distribution  causes  a difference  in 
drag  between  the  wing  panels  when  the  wing  is  rolling. 

The  method  for  estimating  the  wing  rolling  derivative  C„p  is  derived  from  an  analysis  of  references  I 
through  5.  The  method  is  applicable  over  the  lift-coefficient  range  up  to  the  stall,  providing  reliable 
values  of  lift  and  drag  are  available  over  this  range. 

The  value  of  C„  near  zero-lift  coefficient  is  the  potential-flow  value  based  on  simple-sweep  theory 
from  reference  1.  The  effects  of  linear  wing  twist  and  symmetric  flap  deflection  are  taken  from 
references  1 and  3.  Geometric  dihedral  also  causes  an  increment  in  yawing  moment  that  is  associated 
with  the  increment  in  lateral  force.  The  empirical  results  of  reference  4 show  that  this  increment  is 
independent  of  lift  coefficient  over  the  low  to  moderate  lift-coefficient  range  and  increases  at  the  higher 
values  of  lift  coefficient.  However,  over  the  range  of  wing  dihedral  angles  of  practical  interest  the 
increment  in  C„p  due  to  dihedral  is  very  small  and  may  be  neglected. 

At  moderate  or  high  lift  coefficients,  a comparatively  large  change  in  C„p/CL  occurs,  especially  for 
swept  wings,  due  to  the  rise  in  drag  associated  with  the  increase  in  lift.  In  references  2 and  5,  methods 
are  presented  for  evaluating  C„p  over  the  lift-coefficient  range  up  to  the  stall  by  using  a correction 
factor  to  account  for  the  variation  of  profile  drag  with  lift  coefficient.  Results  obtained  by  using  the 
methods  of  both  references  2 and  5 for  estimating  Cn  over  the  lift-coefficient  range  have  been 
analyzed  and  the  method  of  reference  S selected  for  the  Datcom. 

Theoretically,  the  tip-suction  contribution  to  the  lateral  force  also  contributes  to  the  yawing  moment. 
Since  this  contribution  is  inversely  proportional  to  aspect  ratio,  the  increment  in  C„p  due  to  tip  suction 
becomes  quite  significant  for  highly  swept  and/or  low-aspect-ratio  planforms.  A comparison  has  been 
made  of  C„p  calculated  with  and  without  the  tip-suction  effect  of  reference  5 with  test  results.  In  all 
cases  better  agreement  was  obtained  when  the  tip-suction  effects  were  neglected.  The  analysis  indicates  a 
loss  in  tip  suction  particularly  at  the  higher  lift  coefficients.  Therefore,  the  effect  of  tip  suction  has  been 
omitted  from  the  Datcom. 

If  experimental  lift  and  drag  data  for  the  particular  planform  of  interest  are  not  available  at  the  chosen 
Mach'  number,  no  attempt  should  be  made  to  estimate  the  variation  of  C„p  with  lift  coefficient.  No 
known  general  method  for  estimating  the  variation  of  drag  coefficient  will  give  results  reliable  enough  to 
use  in  determining  the  correction  factor  for  extrapolating  the  potential-flow  values  to  higher  lift 
coefficients. 


7.1. 2.3-1 


DATCOM  METHOD 


The  variation  of  the  wing  rolling  derivative  Cn  with  lift  coefficient  at  subsonic  speeds,  based  on  the 
product  of  the  wing  area  and  the  square  of  the  (ving  span  Sw  b2, , is  given  by 


+ 


*r 


(per  radian) 


7.1.2.3-a 


where 


is  the  roll-damping  derivative  at  the  appropriate  Mach  number  estimated  by  using  the 
method  of  paragraph  A of  Section  7. 1.2. 2. 


a 


is  the  angle  of  attack  in  degrees, 
is  the  lift  coefficient. 


is  the  slope  of  the  yawing  moment  due  to  rolling  at  zero  lift  given  by 


cL-° 

M 


c. 


L /CL'0 

M 


' A + 4 cos  A 


c/4 


, AB  + 4 cos  A 


■c/4 


AB  +-  (AB  + cos  Ac/4)  tan2Ac/4 


At"  (A  + cos  Ac/4)  tan2Ac/4 


-L  /C.  »0 
M»0 

7.1.2.3-b 


where  B = \/l-M2  cos2  Ac/4  and 


/C_ 


2 ) ls  the  sl°Pe  of  the  low-speed  yawing  moment  due  to  i oiling  at  zero  lift 
"L  'cL"0  given  by 
M “0 

/ x tan  A ,4  tan2  A /4\ 

/C,\  , + + !!t) 


12 


-L  /C,  '0 
M*0 


A + 4 cos  A 


c/4 


(per  radian) 
7.1.2.3-c 


7.1. 2.3-2 


where  3c  is  the  distance  from  the  center  of  gravity  to  the  aerodynamic 
center,  positive  when  the  a.c.  is  aft  of  the  c.g.  and  c is  the  wing  mean 
aerodynamic  chord.  Equation  7.1.2.3-b  modifies  the  low-speed  value  of 
equation  7.1.2.3-c  by  means  of  the  Prandtl-Glauert  rule  to  yield  approxi- 
mate corrections  for  the  first-order  three-dimensional  effects  of  compress- 
ible flow  up  to  the  critical  Mach  number. 


is  the  effect  of  linear  wing  twist  obtained  from  figure  7.1.2.3-12. 

is  the  wing  twist  between  the  root  and  tip  stations  in  degrees,  negative  for  washout 
(see  figure  7.1.2.3-12). 

is  the  effect  of  symmetric  flap  deflection  obtained  from  figure  7.1.2.3-13. 

9 

is  the  streamwise  flap  deflection  in  degrees. 

is  the  two-dimensional  lift-effectiveness  parameter  a*  obtained  from  Section  6. 1 . 1 . 1 . 


K is  a dimensionless  correction  factor  used  to  extrapolate  the  potential-flow  values  to 

high  lift  coefficients.  This  is  the  same  correction  factor  used  in  Section  7. 1.2.1  to 
account  for  the  variation  of  profile  drag  with  lift  coefficient.  At  zero  lift  this  factor 
is  taken  as  1.0.  At  lift  coefficients  other  than  zero  this  factor  accounts  for  the 
variation  of  profile  drag  with  lift  coefficient  and  is  given  by 


K * 


ag(Ci  teng)  ~ da  ~Cpo) 

d " d /Cl2\ 

- (q  tana)  - £(— ) 


7.1.2.3-d 


Test  values  of  lift  and  drag  at  the  chosen  Mach  number  for  the  particular  planform 
of  interest  must  be  used  in  evaluating  equation  7.1.2.3-d.  The  terms  of  this  equation 
are  evaluated  by  taking  the  slopes  of  CL  tana,  (CD  - CDo),  and  CL2/(nA ),  plotted 
versus  angle  of  attack. 


If  reliable  values  of  the  static-force  coefficients  are  available,  the  method  should  provide  results  within 
±20  percent  accuracy  throughout  the  lift-coefficient  range  to  the  stall. 


7.1. 2.3-3 


Sample  Problem 


Given:  The  wing  designated  45-4.0-0.6-006  of  references  5 and  8. 
Wing  Characteristics: 


A = 4.0  X = 0.6 


Ac/4  = 45°  0=0 


S = 2.25  sq  ft  b = 3.0  ft 
NACA  65A006  Airfoil 


Additional  Characteristics: 

M = 0.70;  0 * 0.714 


x = 0 [origin  of  moments  (c.g.)  located  at  \t  c ] 


R|  = 3.1  x 106 


The  following  values  of  a and  Co  are  test  results  from  reference  8.  The  variation  of  C/ 
with  Cl  has  been  calculated  using  the  method  of  paragraph  A of  Section  7. 1.2. 2. 


CL 

0 

■>  1 
| 

.2  ' 

l 

.3 

.4 

1 ,5  : 

i 

.6  j 

.7 

.75 

a 

0 

1.70 

3.30 

1 4.90 

6.55 

8.00 

9.60 

11.80 

13.20 

cD  * 

.011 

.012 

.016 

.024 

.040 

! .063 

1 

.094 

.138 

.170 

-.314 

- .314 

- .313 

- .312 

- .326 

1 

j - .325 

- .280 

- .181 

- .156 

Compute: 


Determine  the  slope  of  the  yawing  moment  due  to  rolling  at  z.eru  lif 


<\ 


\cl  /c:,  *o 

M 

(1  1311  A°/4  tar>2  Ac/4  \ 

! A + 6(A  + cos  Ac/4  ) \ 5 A + 12  / 


L ' c , =o 
M =0 


A + 4 cos  A 


(equation  7.1.2.3-c) 


c/4 


tan2 45®  \ 

j 4.0  + 6 (4.0  + cos  45°)  ^ 0 + — y — J 

6 4.0  + 4 cos  45® 


i 

6 


4.0  + 6(4.7071) 


K) 


4.0  + 2.828 


= -0.155  per  rad 


B = VI  - M2  cos2  A /4  = v*~  (0.7)2  (0.707 1)2  = 0.87 


A + 4 cos  A, 


4.0 + (4.0)  (0.7071) 


AB  + 4 cos  A£/4  (4.0)  (0.87)  + (4.0)  (0.7071)  6.308 


= 1.082 


AB  + ~ (AB  + cosA„,,)  tan2  A ,,  (4.0)  (0.87)  + ~ ((4.0)  (0.87)  + 0.7071 1 (1) 


A + ~r  (A  + cos  Ac/4  ) tarr  Ac/4 


4.0  + — (4.0  + 0.7071]  (I) 


6.354 


= 0.877 


/ A + 4cosAc/4\  |~AB  + ^ (AB  + cosAc/4)tan2Ac/4  /C^\ 
^'cL-0  VaB + 4 cos Ac/4/  [_a  + -^  (A  + cos Af /4  tan2 Ac/4  JVCl 


M =0 

(equation  7.1.2.3-b) 


= (1.082)  (0.877)  (-0.155)  = -0.147  per  rad 

Determine  the  K factor 

3 0 . 

— - (C.  tana)  - - — (CD  - CD  ^ 

3a  L da  \ D Do/ 

K = (equation  7, 1 .2. 3-d) 


3 „ 3 /V  \ 
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- 
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CD 

CD  CO0 

Cl2/(»A) 

CL 
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©<D 

Tint 

(5)  -oon 

02/(4») 

0 

0 

0 

0 

.011 

0 

0 

.1 

1 70 

.02968 

.00297 

.012 

.001 

.00060 

.2 

3.30 

.05766 

.01153 

.016 

.006 

00318 

.3 

4 90 

,06573 

.02572 

.024 

.013 

.00716 

.4 

6.55 

.1148 

.04592 

i>40 

.029 

.01273 

£ 

8.00 

.1405 

.07027 

.083 

.062 

.01990 

.6 

9.60 

.1691 

.1015 

.094 

.063 

02860 

.7 

11.80 

2069 

.1462 

138 

.127 

.03900 

.75 

13.20 

.2345 

.1766 

.170 

159 

.04476 

B.  TRANSONIC 


No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  rolling 
derivative  Cnp.  Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds. 

C.  SUPERSONIC 

At  supersonic  speeds  design  charts  based  on  theoretical  calculations  are  presented  for  estimating  the 
rolling  derivative  C„p  at  low  values  of  the  lift  coefficient. 

The  design  charts  are  based  on  the  results  of  reference  6 for  wings  with  subsonic  leading  edges  and 
supersonic  trailing  edges,  and  on  the  results  of  reference  7 for  wings  with  supersonic  leading  edges  and 
either  subsonic  or  supersonic  trailing  edges.  The  results  of  both  references  6 and  7 are  based  on 
linearized-supersonic-flow  theory  and  are  therefore  restricted  to  thin,  swept-back,  tapered  wings  with 
streamwise  tips.  The  yawing  moment  due  to  rolling  is  taken  as  that  arising  entirely  from  suction  forces 
on  the  wing  edges.  For  wings  with  supersonic  leading  edges  no  suction  forces  are  induced  along  the 
leading  edges;  consequently,  the  determination  of  Cnp  involves  only  the  unbalanced  suction  forces 
along  the  wing  tips.  Therefore,  no  design  chart  is  presented  for  zero-taper  wings  with  supersonic  leading 
edges,  since  the  theory  gives  C„p  =0. 

The  design  charts  for  wings  with  subsonic  leading  edges  give  values  of  C„p  that  are  referred  to  body 
axes  with  the  origin  located  at  the  wing  apex.  The  design  charts  for  wings  with  supersonic  leading  edges 
give  values  of  C„p  that  are  referred  to  body  axes  with  the  origin  located  at  the  projection  of  the 
leading  edge  of  the  tip  on  the  wing  root  chord.  The  Datcom  method  presents  transformation  formulas 
for  conversion  from  body  axes  to  stability  axes  with  the  origin  located  at  an  arbitrary  distance  from  the 
leading  edge. 

No  experimental  data  are  available  for  this  derivative  at  supersonic  speeds.  Therefore,  the  validity  of 
linearized-supersonic-flow  theory  for  estimating  C„p  cannot  be  determined. 


DATCOM  METHOD 


Subsonic  Leading  Edges  (fi  cot  ALF  < 1) 

For  wings  with  subsonic  leading  edges  the  contribution  to  the  rolling  derivative  C„p  at  supersonic 
speeds,  and  at  low  values  of  the  lift  coefficient  is  given  by 

- j — Cn  j (per  radian2)  7.1.2.3-e 

axis 

where 


a 


\ (C%)  , 2 Xc,.  (Cyp 

" " ' a body  A<1+*>  ' « ' 


7. 1.2. 3-8 


is  the  supersonic  yawing  moment  due  to  rolling  referred  to  stability  axes  with  the 
origin  at  the  center  of  gravity. 


axis 


is  the  supersonic  yawing  moment  due  to  rolling  referred  to  body  axes  with  the 
origin  at  the  wing  apex,  given  by 


body 

axis 


-fe)  ♦&)  ♦&) 


7.1.2.3-f 


where 


is  obtained  from  figure  7. 1 .2.3>-14a  through  7. 1.2.3  14d  as  a function  of 
(3\,  (}  cot  ALe.  and  taper  ratio.  For  X = 0,  (Cnp/of)  i = 0. 


are  obtained  from  figure  7.1.2.3-16  as  a function  of 


xc  f is  the  distance  from  the  wing  apex  to  the  center  of  gravity  in  root  chords,  positive 

when  the  c.g.  is  aft  of  the  wing  apex. 


is  the  supersonic  side  force  due  to  rolling  obtained  by  using  the  method  of  paragraph 
C of  Section  7. 1.2.1. 


C[  is  the  supersonic  roll-damping  derivative  obtained  by  using  the  method  of  paragraph 

p Cof  Section  7. 1.2.2. 


Cn  is  the  supersonic  yaw-damping  derivative.  It  is  negligible  except  for  very  low-aspect- 

ratio  wings.  References  are  noted  in  paragraph  C of  Section  7. 1.3.3  that  outline 
approximate  methods  that  may  be  used  to  determine  this  derivative. 

a is  the  angle  of  attack  in  radians. 


Supersonic  Leading  Edges  Q3  cot  ALE  > 1) 

For  wings  with  supersonic  leading  edges  the  contribution  to  the  rolling  derivative  Cn  at  supersonic- 
speeds  and  at  low  values  of  the  lift  coefficient  is  gwen  by 


body 

axis 


2 x 


c.g. 


A(1  + X) 


1 

J tan  ALE 


Q! 


C j (per  radian2 ) 
p 

7.1.2.3-g 
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where 


C 


n 


P 


Q! 


is  the  supersonic  yawing  moment  due  to  rolling  referred  to  stability  axes  with  the 
origin  at  the  center  of  gravity. 


is  the  supersonic  yawing  moment  due  to  rolling  referred  to  body  axes  with  the 
body  origin  at  the  projection  of  the  leading  edge  of  the  tip  on  the  wing  root  chord.  It  is 

axis  obtained  from  figures  7.1.2.3-17a  through  7.1 .2.3-l7d  as  a function  of  0A,  0 cot 

Ale,  and  taper  ratio.  No  design  chart  is  presented  for  zero-taper  wings 
since  (Cn  /embody  ~ 0 for  these  planforms.  For  wings  with  taper  ratios  less  than 
P axis 

0.25  (X  < 0.25)  values  of  (C„  /a)body  should  be  obtained  by  extrapolating  values 

axis 

from  figures  7.1.2.3-17a  through  7.1.2.3-17d. 


The  remaining  terms  in  equation  7.1.2.3-g  are  defined  under  the  subsonic-leading-edge  case. 

Sample  Problem 


Given:  Tapered,  swept-back  wing 


j.22  X = 0.25 

Ale  = 55.2o 

A^2  = 46.80 

2.41;  0 = 2.19 

*c.g.  = 0.142 

Compute: 

0 cot  Ale  = (2.19)  (cot  55.2°)  = 1.522  (supersonic  leading  edge) 
0A  = (2.19)  (3.22)  = 7.07 

CY„ 

— — = 0.50  per  rad2  (figure  7.1.2.1-10) 


body 
ax  is 


-0.0114  per  rad2 


A tan  Ac^2  = (3.22)  (tan  46,8°)  = 


(figure  7. 1.2. 3- 17  a) 

3.433 


C1 


p 


A 


= -0.066  per  rad  (figure  7. 1.2. 2-25b) 


c.  ^ (-0.066)0.22)  = -0.213  per  rad 

p 


Solution: 

S 

a 


-fc)  . * 


body 

axis 


^xc.g.  1 * * 

— tan  A,  F 

A(1  + A)  2 LE 


1 Cv 


«T  ~ C/, 


(equation  7.1.2.3-g) 


= -0.0114  + 


[■ 


2 (0.742) 


3.22  (1  + 0.25)  2 

= -0.0114  + [0.3687  - 0.7194]  0.50  + 0.213 


{-  tan  55.20  ] 0.50  - (-0.213) 


= 0.026  per  rad2  (teferred  to  stability  axes  with  origin  at  xc  g and  based  on  Swb^) 
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7.1.3  WING  YAWING  DERIVATIVES 


7.1.3. 1 WING  YAWING  DERIVATIVE  CY 


This  section  recommends  methods  for  estimating  the  wing  contribution  to  the  yawing  derivative 
Cyf  at  subsonic  and  supersonic  speeds.  However,  at  subsonic,  transonic,  and  supersonic  speeds 
no  generalized  methods  are  available  for  estimating  the  wing  contribution  to  Cyr.  This  derivative 
is  the  change  in  side-force  coefficient  with  variation  in  yawing  velocity  and  is  expressed  as 


C 


Y 


r 


A.  SUBSONIC 

Tile  wing  contribution  to  Cy  t is  best  evaluated  from  available  experimental  data  (see  table  7-A 
and  references  1,  2,  3,  and  4),  since  no  generalized  method  is  available  in  the  literature. 
However,  a method  is  available  in  reference  1 for  wings  with  a taper  ratio  of  one  and  moderate 
sweep  at  low  subsonic  speeds.  The  range  and  accuracy  of  this  method  are  limited  and  generally 
inadequate  for  making  reliable  estimates  of  the  wing  contribution. 

Since  the  wing  contribution  to  Cyf  is  usually  quite  small  in  comparison  to  the  vertical-tail 
contribution,  it  is  sometimes  neglected. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  wing 
contribution  to  the  yawing  derivative  Cyf.  Furthermore,  there  is  a scarcity  of  experimental  data 
for  this  derivative  at  transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the  wing 
contribution  to  the  yawing  derivative  Cyr.  A few  theoretical  methods  are  available  for  specific 
configurations  (see  table  7-A).  Although  the  use  of  experimental  data  for  a similar  configuration 
is  preferable  to  theoretical  methods,  experimental  data  are  so  scarce  that  the  use  of  the  limited 
theoretical  methods  becomes  the  only  alternative  for  most  configurations. 
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7. 1.3.2  WING  YAWING  DERIVATIVE  C/f 


This  section  presents  a method  for  estimating  the  wing  contribution  to  the  yawing  derivative  C/r  .at 
subsonic  speeds.  No  generalized  methods  are  available  for  estimating  C/t  at  transonic  and  supersonic 
speeds;  however,  theoretical  methods  for  determining  this  derivative  at  supersonic  speeds  for  special 
classes  of  wing  planforms  are  discussed.  This  derivative  is  the  change  in  rolling-moment  coefficient  with 
change  in  the  yawing-velocity  parameter  and  is  expressed  as 


3Ci 


A.  SUBSONIC 

The  wing  yawing  derivative  C/r  results  from  the  lift  differential  between  the  wing  panels  when  the 
vehicle  is  yawed  about  its  vertical  axis. 

Over  the  range  of  lift  coefficients  for  which  Qr  is  linear  with  Cl  , the  derivative  Cjf  for  wings  without 
geometric  dihedral,  twist,  or  flaps  is  based  on  the  lifting-line  theory  of  reference  1 for  aspect  ratios 
greater  than  three  and  on  the  experimental  data  of  references  2 and  3 for  aspect  ratios  less  than  three. 
The  increment  in  Clf  due  to  geometric  dihedral  is  taken  from  reference  4.  The  effects  of  symmetric 
flap  deflection  and  wing  twist  are  taken  from  reference  1 . 

In  addition  to  the  increments  in  Cjr  due  to  dihedral,  twist,  and  flaps,  an  additional  increment 
in  C/r  arises  due  to  CYr  if  the  center  of  gravity  does  not  lie  at  the  same  height  as  the  quarter-chord 
point  of  the  wing  MAC.  This  contribution  is  obtained  from  the  expression 


(iCa 


side  force 


Z 

rT 


where  z is  the  vertical  distance  between  the  center  of  gravity  and  the  quarter-chord  point  of  the  wing 
MAC,  positive  for  the  c.g.  above  c/4.  The  side  force  due  to  yawing  Cy,  is  small  except  at  high  angles 
of  attack.  Therefore,  this  increment  in  C/r  is  omitted  from  the  Datcom  method. 

The  fore  and  aft  movement  of  the  center  of  gravity  also  affects  C/r,  but  this  effect  is  neglected  because 
of  the  questionable  accuracy  of  the  basic  effect  of  wing  sweep. 

The  method  of  reference  5 is  applied  to  extrapolate  the  potential-flow  value  of  C ^ to  higher  lift 
coefficients.  The  method  is  semiempirical  in  that  it  requires  test  values  to  determine  the  correction 
factors  to  be  applied  to  the  theory.  Analysis  of  experimental  data  shows  that  the  discrepancies  between 
theoretical  and  experimental  values  of  C/t  for  wings  are  similar  to  the  discrepancies  between  theoretical 
and  experimental  values  of  the  static  derivative  C ifi  Based  on  this  analysis,  a correction  factor  is  applied 
in  reference  5,  which  is  the  incremental  value  of  C ifi  obtained  by  subtracting  the  experimental  value 
from  the  theoretical  value. 
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Experimental  data  indicate  that  for  unswept  wings  C/r  is  nearly  proportional  to  the  lift  coefficient  until 
maximum  lift  occurs.  For  sweptback  wings,  a linear  variation  is  obtained  over  only  a limited  lift  range, 
which  is  reduced  as  sweep  increases.  At  high  lift  coefficients  Qr  decreases,  and  for  sweptback  wings 
may  become  negative  near  maximum  lift. 

If  reliable  values  of  the  rolling  moment  due  to  sideslip  are  available,  the  method  should  provide 
results  within  ±20-perccnt  accuracy  over  the  lift-coefficient  range  for  which  G/r  is  approximately  linear 
with  Cl. 


DATCOM  METHOD 

The  variation  of  the  wing  yawing  derivative  Cjr  with  lift  coefficient,  based  on  the  product  of  the  wing 
area  and  the  square  of  the  wing  span  Swb^, , is  given  by 


where 


is  the  slope  of  the  rolling  moment  due  to  yawing  at  zero  lift  given  by 


1 + 


A(1  -B2) 


AB  + 2 cos  A 


c/4 


2B(AB  + 2 cos  Ac/4)  AB  + 4cosAc^4 


1 + 


A + 2 cos  Ac/4  tan2  Ac/4 


A + 4 cos  A 


‘c/4 


"L 

M = 0 
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where  B = \/  1-M2  cos2  Ac/4 


and 


M = 0 


is  the  slope  of  the  low-speed  rolling  moment  due  to  yawing  at  zero  lift, 
obtained  from  figure  7.1.3.2-10  as  a function  of  aspect  ratio,  sweep  of 
the  quarter-chord,  and  taper  ratio.  This  chart  has  been  derived  by  using 
the  results  of  references  1,  2,  and  3.  Equation  7. 1.3.2-b  modifies  the  low- 
speed  value  by  means  of  the  Prandtl-Glauert  rule  to  yield  approximate 
corrections  for  the  first-order  three-dimensional  effects  of  compressible 
flow  up  to  the  critical  Mach  number. 
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is  the  wing  lift  coefficient. 


Cl 


is  a semiempirical  correction  factor  used  to  extrapolate  the  potential-flow  values  of 
C / f to  higher  lift  coefficients.  This  parameter  is  given  by 


(per  radian) 
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where 


is  the  theoretical  value  of  the  slope  of  the  rolling  moment  due  to  sideslip 
at  zero  lift  obtained  by  using  the  method  of  paragraph  A of  Section 
5. 1.2.1,  neglecting  the  effects  of  twist  and  dihedral.  In  applying  this 
method  the  compressibility  correction  to  the  sweep  contribution  should  be 
considered. 


is  the  experimental  value  of  the  rolling  moment  due  to  sideslip  at  the 
appropriate  Mach  number. 


— — is  the  increment  in  C/r  due  to  dihedral,  given  by 


AC/r  _J_  *AsinAc/4 
T 12  A + 4cosAc/4 


(per  radian2) 
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r is  the  geometric  dihedral  angle  in  radians,  positive  for  the  wing  tip  above  the  plane  of 

the  root  chord. 

AC'r 

— - — is  the  increment  in  C/  r due  to  wing  twist  obtained  from  figure  7.1. 3.2-1 1. 

0 is  the  wing  twist  between  the  root  and  tip  sections  in  degrees,  negative  for  washout 

(see  figure  7.1.3.2-11). 


is  the  effect  of  symmetric  flap  deflection  obtained  from  figure  7.1.3.2-12. 


6f  is  the  streamwise  flap  deflection  in  degrees. 
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is  the  two-dimensional  lift-effectiveness  parameter  a6  obtained  from  Section  6. 1.1.1. 


The  expression  given  for  the  effect  of  dihedral  (equation  7.1.3.2-d)  is  based  on  an  extension  of  the 
simple-sweep  theory  of  reference  6.  It  has  been  shown  by  comparison  with  test  data  thai  the  increment 
in  C/f  due  to  dihedral  is  underestimated  by  equation  7.1.3.2-d.  However,  it  has  not  been  possible  to 
improve  upon  the  simple-sweep-theory  result  because  of  a lack  of  experimental  data. 


Furthermore,  not  enough  data  are  available  to  examine  the  validity  of  the  lifting-line-theory  results 
presented  for  the  increments  in  C/t  due  to  either  twist  or  flap  deflection. 

A comparison  of  the  slope  of  the  rolling  moment  due  to  yawing  at  zero  lift,  obtained  by  using  figure 
7.1.3.2-10,  with  test  results  is  presented  as  table  7.1.3.2-A. 


The  sample  problem  illustrates  the  application  of  the  method  over  the  lift-coefficient  range  to  the  stall. 


Sample  Problem 

Given:  The  sweptback,  untapered  wing  of  reference  4. 

Wing  Characteristics: 

A = 2.61  X = 1.0  Ac/4  = 450  Ac/2  = 45o  T = 100  6 = 0 

Additional  Characteristics: 

Low  speed;  M « 0 

The  following  test  values  from  reference  4: 


CL 

0 

.1 

.2 

.3 

.4 

.5 

.6 

.7 

.8 

.9 

1.0 

1 

c/ 

0 

-.0458 

-.1031 

J 

o 

-.176 

-.206 

-.235 

-.260 

-.274 

-.260 

-.21! 

-.102 

.( 

(per  rad) 

1 i 

Compute: 

= 0.419  per  rad  (figure  7. 1.3.2-10) 

M*o 
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Determine  the  theoretical  value  of  C/ /Q.  (Section  5. 1 .2. 1 ) 


- 0.0038  per  deg 


(figure  5.1.2.1-27) 


= -0.0044  per  deg 


(figure  5.1. 2.  l-28b) 


Ku  = 1.0  (figure  5.1.2. l-28a  for  M 0) 
“a 


(equation  5. 1.2.1 -a) 


Neglecting  the  effects  of  twist  and  dihedral 


= (-0.00  38X1.0)  + (-0.0044) 
- -0.0082  per  deg 
= -0.470  per  rad 


(cO 


0 / test 


(equation  7.1.3.2-c) 


= CL  (-0.470)  - (C<  N (see  calculation  table) 

x v p 'test 
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I1  _ _L  * A sin  Ac/4 

r 12  A + 4cosA  .. 


(equation  7.1 ,3.2-d) 


Solution: 


1 ir(2.61)  (sin  450)  _ 1 ;r(2.61)  (0.7071) 
12  2.61 +4  cos  45o"  ” 12  2.61+4(0.7071) 

= 0.0884  per  rad2 


/C<,\  /aC<,\ 
-c,[—  +(ac.,)c  L+i— r 

cL=0 


(equation  7.1 .3.2-a) 


1 

- C,  (0.419)+  (C,  (-0.470)-  C.  ] + (0.0884)  —• 

L *-  • 0 test  J Lo 

= 0.419  C.  + (-0.470  C.  - C.  1 + 0.0154 

L L.  La 


© 

© 

© 

© 

© 

© 

CL 

(*«t) 

(par  rad) 

(?)  - 
V \ - 0 

0.419  Q° 

ft)- 

-0.470  © 

cc'k 

(eq.  7.1.3.2-c) 

©-© 

(par  rad) 

C|'  2 

(based  on  Syybyy ) 

(eq.  7.1. 3.2-a) 

© + ( 5)  + 0.0154 
(par  rad) 

O 

-.0458 

0 

0 

.0458 

.0612 

.1 

-.1031 

.0419 

-0.0470 

0.0561 

0.1134 

.2 

-.1400 

.0838 

-0.0940 

0.0460 

0.1452 

.3 

-.1760 

.1257 

-0.1410 

0.0360 

0.1761 

-.2060 

.1676 

-0.1880 

0.0180 

0.2010 

.5 

-.2350 

.20.35 

-0.2350 

0 

0.2249 

.6 

-.2600 

.2514 

-0.2820 

-0.0220 

0.2448 

.7 

-.2740 

.2933 

-0.3290 

—0.0650 

0.2537 

.8 

-.2600 

.3352 

-0.3^60 

-0.1160 

0.2346 

.9 

-.2110 

.3771 

-0.4230 

-0.2120 

0.1805 

1.0 

-.1020 

.4190 

-0.4700 

-0.3680 

0.0664 

1.1 

0287 

.4609 

-0.5170 

-0.5457 

-0.0694 
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The  calculated  results  are  compared  with  test  values  from  reference  4 in  sketch  (a). 


SKETCH  (a) 


B.  TRANSONIC 

In  the  transonic  speed  regime  no  theoretical  methods  are  available  for  estimating  the  wing  yawing 
dcrivat  /e  C/r.  Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds. 

C.  SUPERSONIC 

No  g leral  method  is  available  for  evaluating  the  wing  contribution  to  the  yawing  derivative  C/r  at 
supersonic  speeds.  However,  methods  are  presented  in  references  7,  8,  and  9 for  evaluating  C/r  for 
special  classes  of  wing  planforms.  The  results  presented  in  these  references  are  based  on  supersonic  linear 
theory.  The  methods  are  restricted  to  estimating  C/r  over  a limited  range  of  Mach  numbers  for 
zero-thickness  wings  with  no  dihedral.  Furthermore,  the  methods  are  considered  tentative,  since  the 
spanwise  variation  of  Mach  number  in  the  case  of  yawing  has  been  neglected. 
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7.1.3.3  WING  YAWING  DERIVATIVE  C„r 


This  section  presents  a method  for  estimating  the  wing  contribution  to  the  yawing  derivative  C„r  at 
subsonic  speeds.  No  generalized  methods  are  available  for  estimating  C„(  at  transonic  and  supersonic 
speeds;  however,  theoretical  methods  for  determining  this  derivative  at  supersonic  speeds  for  special 
classes  of  wing  planforms  are  discussed.  This  derivative  is  the  change  in  yawing-moment  coefficient  with 
change  in  the  yawing-velocity  parameter.  It  is  commonly  referred  to  as  the  yaw  damping  and  is 
expressed  as 


A.  SUBSONIC 

The  wing  yawing  derivative  C„t  is  due  to  the  antisymmetries!  lift  and  drag  distributions  over  the  wing 
resulting  from  the  yawing  velocity. 

The  wing  contribution  to  the  yaw  damping  in  the  range  of  lift  coefficients  for  which  C„r  varies  linearly 
with  Cl  is  composed  of  two  major  contributions;  namely,  that  resulting  from  the  drag  due  to  lift  and 
that  resulting  from  the  profile  drag.  The  contribution  resulting  from  the  drag  due  to  lift  is  given  to  a 
first  approximation  by  the  simple-sweep-theory  result  of  reference  1 . It  is  a negative  quantity  except  for 
highly  swept  wings  in  which  case  it  can  become  positive. 

The  increment  in  Ca,  due  to  profile  drag  is  also  taken  from  reference  1 . Although  the  spanwise 
distribution  of  profile  drag  is  required  for  an  accurate  determination  of  the  effect  of  profile  drag 
on  C„r,  the  profile  drag  has  been  assumed  constant  over  the  wing  surface  in  the  analysis  reported  in 
reference  1.  This  approximation  greatly  simplifies  the  analysis,  since  it  allows  the  profile-drag  effect  to 
be  expressed  as  a function  of  only  the  wing  geometry. 

Flaps  and  wing  twist  will  also  induce  increments  in  Ca(,  primarily  as  a result  of  their  influencing  the  lift 
distribution  across  the  span.  However,  the  technique  of  the  superposition  of  lift  distribution  propor- 
tional to  angle  of  attack,  which  was  used  to  determine  the  effects  of  either  flaps  and/or  twist  on  the 
rotary  derivatives  C„p  and  Qr,  cannot  be  applied  in  this  case.  The  contribution  of  the  drag-due-to-Iift 
component  to  C„r  increases  as  the  square  of  the  angle  of  attack.  Therefore,  a breakdown  of  the  lift 
distribution  proportional  to  angle  of  attack  is  not  possible.  No  methods  are  available  in  the  literature  for 
estimating  the  effects  of  flaps  or  wing  twist  on  the  wing  contribution  to  CBf.  Furthermore,  not  enough 
test  data  are  available  to  allow  derivation  of  an  empirical  method. 

The  wing  side  force  due  to  yawing  Cyr  will  also  produce  a yawing  moment  when  the  center  of  gravity 
does  not  lie  at  the  same  longitudinal  station  as  the  quarter-chord  of  the  wing  MAC.  However,  the  side 
force  due  to  yawing  is  small  except  at  high  angles  of  attack;  consequently,  this  increment  in  C„r  is 
omitted  from  the  Datcom. 

Experimental  data  indicate  that  for  unswept  wings  the  yaw  damping  is  nearly  proportional  to  the  lift 
coefficient  until  maximum  lift  occurs.  On  the  other  hand,  for  sweptback  wings  linear  variations 
of  C„t  are  obtained  over  only  a limited  lift  coefficient  range,  which  is  reduced  as  sweep  and/or  aspect 
ratio  increase.  Experimental  data  also  show  that,  in  general,  the  yaw  damping  of  a sweptback  wing 
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changes  sign  and  becomes  positive  at  some  moderate  lift  coefficient.  The  lift  coefficient  at  which  this 
change  in  sign  occurs  is  reduced  as  wing  sweep  and/or  aspect  ratio  increase. 

Results  obtained  by  using  the  Datcom  method  agree  reasonably  well  with  test  data  over  the  range  of  lift 
coefficients  for  which  Cn,  varies  linearly  with  Cl. 

Since  the  wing  contribution  to  the  total  Cn|  of  the  airplane  is  small,  no  method  has  been  developed  to 
account  for  the  effects  of  compressibility.  For  the  purpose  of  the  Datcom  the  effects  of  compressibility 
are  accounted  for  by  evaluating  the  wing  profile-drag  coefficient  at  the  desired  Mach  number, 

Experimental  data  show  that  the  effect  of  wing  dihedral  on  the  yaw  damping  is  negligible. 

Because  of  the  insignificance  of  the  wing  contribution  to  the  total  yaw  damping  and  the  approximate 
nature  of  the  Datcom  method,  the  method  is  applicable  to  wings  with  twist  and/or  symmetric  flap 
deflection  as  well  as  to  plain  wings. 


DATCOM  METHOD 


The  variation  of  the  wing  yawing  derivative  C„r  with  lift  coefficient  at  subsonic  speeds,  based  on  the 
product  of  the  wing  area  and  the  square  of  the  wing  span  Swb  * , is  given  by 


(per  radian) 
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where 

CL  is  the  wing  lift  coefficient. 


- is  the  low-speed  drag-due-to-lift  yaw-damp.  parameter  obtained  from  figure  7.1. 3.3-6 
as  a tunction  of  wing  aspect  ratio,  taper  ratio,  sweepback,  and  c.g.  position. 


is  the  low-speed  profile-drag  yaw-damping  j.  meter  obtained  from  figure  7. 1.3.3 -7  as 
Do  a function  of  the  wing  aspect  ratio,  sweep-back,  and  c.g.  position. 

CDq  is  the  wing  profile  drag  coefficient  evaluated  at  the  appropriate  Mach  number.  For  this 
application  Cj)0  is  assumed  to  be  the  profile  drag  associated  with  the  theoretical  ideal 
drag  due  to  lift  and  is  given  by 
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where  CD  is  the  total  drag  coefficient  at  a given  lift  coefficient,  obtained  from  experi- 
mental data. 


Sample  Problem 


Given:  The  delta-wing  model  of  references  5 and  6. 

Wing  Characteristics: 

A = 2.31  X = 0 Ac/4  = 52.40  0 = 0 

x/c  = 0 (c.g.  at  c/4) 

Additional  Characteristics: 

M = 0.13 

The  following  test  values  from  reference  6. 


CL 

0 

.1 

.2 

.3 

" 

.4 

.5 

.6 

.7 

.8 

cD 

.017 

.020 

.029 

.047 

.074 

.105 

.141 

.184 

.235 

Compute: 


Solution: 


0.0080  per  rad 


-0.68  per  rad 


(figure  7. 1.3.3 -6) 


(figure  7.1. 3.3-7) 


(equation  7. 1 .3.3-a) 
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k_. 


© 

© 

© 

© 

© 

© 

© 

© 

CL 

CL2 

©2 

ev 

(o.ooe)  0 

CD 

(test) 

*A 

@ /(n  2.31) 

C°o 

CD  - CL2/(irA) 

©-© 

(-0,68)  0 

s 

(based  on  ) 

(ad.  7.1.3.3-a) 

© + ® 

(par  rad) 

0 

0 

0 

.017 

0 

.0170 

-.0116 

-.0116 

.1 

.01 

.00006 

.020 

.00138 

.0186 

-.0127 

-.0126 

.04 

.0003 

.029 

.00551 

.0236 

-.0160 

-.0157 

.09 

.0007 

.047 

.01240 

.0346 

-.0236 

-.0228 

.16 

.0013 

.074 

.0220 

.0620 

-.0364 

-.0331 

mm 

.25 

.0020 

.106 

.0344 

.0706 

-.0480 

-.0460 

mm 

.36 

.0029 

.141 

.0496 

.0914 

-.0621 

-.0592 

K 

.49 

.0039 

.184 

.0675 

.1166 

-.0792 

-.0753 

.8 

.64 

.0051 

.236 

.0882 

.1468 

—.0698 

-.0947 

The  calculated  results  are  compared  with  test  values  from  reference  5 in  sketch  (d). 
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SKETCH  (a) 
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B.  TRANSONIC 


In  the  transonic  speed  regime  no  theoretical  methods  are  available  for  estimating  the  wing  yawing 
derivative.  CBr.  Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds. 

C.  SUPERSONIC 

No  general  method  is  available  for  evaluating  the  wing  contribution  to  the  yawing  derivative  Cnf  at 
supersonic  speeds.  However,  methods  are  presented  in  references  2,  3,  and  4 for  evaluating  Cnr  for 
special  classes  of  wing  planforms.  The  results  presented  in  these  references  are  based  on  supersonic  linear 
theory.  The  methods  are  restricted  to  estimating  C„r  over  a limited  range  of  Mach  numbers  for 
zero-thickness  wings  with  no  dihedral  Furthermore,  the  methods  are  considered  tentative,  since  the 
spanwise  variation  of  Mach  number  in  the  case  of  yawing  has  been  neglected. 
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SUBSONIC’  SPEEDS 
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NOTE:  x is  distance  from  the  c.g.  to  the  a.c.,  positive  for  the  a.c.  aft  of  the  C.g. 
c is  the  mean  aerodynamic  chord. 
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7.1.4  WING  ACCELERATION  DERIVATIVES 

7.1. 4.1  WING  ACCELERATION  DERIVATIVE  CLd 


Methods  are  presented  for  estimating  the  wing  contribution  to  ihe  derivative  at  low  angles  of 
attack  for  a triangular  planform  the  subsonic  and  low  transonic  speed  ranges  and  for  planforms 
with  the  leading  edge  swept  back  and  the  trailing  edge  swept  back  or  swept  forward  in  the 
supersonic  speed  range.  In  addition,  the  supersonic  results  are  directly  applicable  to  wings  with 
sweptforward  leading  edges,  in  view  of  the  reversibility  theorem  (see  reference  5).  This  derivative  is 
used  in  estimating  Cmi  in  Section  7. 1 .4.2. 

If  the  wing  acceleration  derivative  is  to  be  used  in  method  1 of  Section  7.3.4. 1 to  obtain 
(Ct-i)wB  • exP°se<i  wing  planform  area  should  be  used  for  all  calculations  in  the  Datcom 
methods.  Using  the  exposed  planform  area  will  yield  Cl^  based  on  the  product  of  the  exposed 
wing  area  and  the  exposed  wing  MAC,  rather  than  the  product  of  wing  area  and  wing  MAC  as 
indicated. 


DATCOM  METHODS 


A.  SUBSONIC 

An  equation  for  estimating  the  subsonic  acceleration  derivative  C,  . of  a triangular  wing  (derived  in 
reference  1),  based  on  the  product  of  wing  area  and  wing  MAC  Sw  cw , is  given  by 

C.  + 3 C,  (g)  (per  radian)  7. 1.4.1  -a 

La  L 


where 

C,  is  the  wing  lift-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under  consideration, 
based  on  the  total  wing  area  (per  radian). 


is  obtained  from  Section  4.1. 4. 2. 


CL(g)  is  the  lift-coefficient  correction  term  obtained  from  figure  7. 1.4. 1-6  (per  radian). 


Because  of  the  restrictions  placed  on  the  lift-coefficient  correction  term,  this  method  is  valid  only 
for  0 < 0A  < 4. 

Explicit  expressions  for  estimating  C,  . of  other  wing  planforms  in  the  subsonic  region  are  not 

ft 

available  at  this  time. 


Sample  Problem 


Given: 

A = 4.0  X = 0 Ale  = 45°  CL^  = 4.0  per  rad  (Section  4. 1.3. 2) 

M = 0.6 
Compute: 

p = v/l  - M2  = 0.80 
tan  Ale  = 1.0 
/3/tan  Ale  = 0.80 

pA  = 3.20 
A tan  Ajj.  = 4.0 

X,.c. 

= 0.570  (figure  4.1. 4.2-26a) 

cr 

-P2  CL(g) 

m — ~ 0.1245  per  rad  (figure  7. 1.4. 1-6) 

nA/2 

CL(g)  = -1.22  per  rad 


Solution: 


(equation  7.1.4.1-a) 


= (1.5)  (0.570)  (4.0)  + (3)  (-1.22) 


= -0.240  per  rad  (based  on  Swcw) 

B.  TRANSONIC 

The  value  of  Cl^  of  a triangular  wing  from  the  critical  Mach  number  to  M = 1.0  is  given  by  the 
method  of  paragraph  A,  provided  0 < PA  < 4. 


7.1. 4.1-2 


There  is  no  general  theory  available  in  the  literature  that  gives  the  transonic  values  of  Cj^, either 
for  additional  w.ng-gcomctry  parameters  or  for  Mach  numbers  greater  than  1.0.  Furthermore, 
there  is  a scarcity  of  test  data  in  the  transonic  region  for  any  wing  planform. 

C.  SUPERSONIC 

The  supersonic  value  of  Cl,j.  based  on  the  product  of  wing  area  and  wing  MAC  Swcw,  is 
derived  in  references  2 and  3 for  wings  with  subsonic  leading  edges  and  in  reference  4 for  wings 
with  supersonic  leading  edges. 

1.  Wings  with  subsonic  leading  edges  (0  cot  Ale  < 1.0) 

For  wings  with  subsonic  leading  edges,  CL<j  is  obtained  by  the  method  of  reference  2 for 
X = 0 and  by  the  method  of  reference  3 for  X = 0.25  to  1.0.  The  following  methods  are 
not  valid  if  the  Mach  line  from  the  vertex  of  the  trailing  edge  intersects  the  leading  edge  or 
if  the  wing-tip  Mach  lines  intersect  on  the  wings  or  intersect  the  opposite  wing  tips. 

a.  Zero-taper-ratio  wings  (X  = 0) 

C,  . is  derived  in  reference  2 as 


jrAM2  1 

C.  =~  -3G(j3C)  F,(N)  + 2E"(j3C)  F,(N)  + 

202  3 M2 


where 

E"(0C)  and  G(/3C)  are  obtained  from  Figure  7. 1.1. 1-8. 

Fj(N),  F2(N),  and  F3(N)  are  obtained  from  figure  7. 1.4. 1-7, 

b.  Wings  with  X - 0.25  to  1.0 

C,  . is  derived  in  reference  3 as 
La 


E"(0C)  Fj(N)J 
(per  radian)  7.1.4.1-b 


M2  1 

C,  = (c.  \ - — (c.  \ (per  radian)  7.1.4.1-c 

0 2 \ La/i  p2  \ ‘-q/2 

where 

^CL  . j and  )2  are  °bta*ned  fr°rn  figures  7.1.4.1-8a  through  7.1.4.1-8f  for 
X = 0.25,  0.50,.  and  0.75  and  from  the  equations  of  reference  3 for  X > 0.75. 


7.1 .4.1-3 


2.  Wings  with  supersonic  leading  edges  (.0  cot  Ale  > 1.0) 

For  wings  with  supersonic  leading  edges,  Cl^  (derived  in  reference  4)  is  given  by  equation 
7. 1.4.1 -c  withjCL^)j  and|CL^j2  obtained  from  figures  7. 1.4. 1-1  la  through  7. 1.4. 1-1  lo. 

Figures  7. 1.4. 1-1  la  through  7. 1.4. 1-1  lo  are  valid  for  the  range  of  Mach  numbers  for  which 
the  Mach  lines  from  the  leading-edge  vertex  intersect  the  trailing  edge.  An  additional 
limitation  is  that  the  foremost  Mach  line  from  either  wing  tip  may  not  intersect  the  remote 
half-wing. 


Sample  Problem 


1 . W'ing  with  subsonic  leading  edge 
Given: 

A = 5.80  X = 0 Ale  =60°  M = 1.50 

Compute: 

(3  = /m^-T  = 1.12 

= 0.602 

(figure  7. 1.1. 1-8) 

(figure  7. 1.4. 1-7) 


Solution: 

_ irAM2 

2(32 


(equation  7.1 .4. 1-b) 

-3(0.570)  (0.907)+  2(0.770)  (1.090)  + (0.770)  (0.520) 


•jr(S .80)  (2.25) 
2025) 


— E'TOFj(N) 

M2 


-3GU3C)  F, (N)  ■ 2E "(PC)  F,(N)  + 


cot  Au 

= 0.5774 

0 cot  ale 

= 0.647 

N = 1 - 

4 cot  AtE 

A 

E"(0C) 

G(fiC) 

- 0.770  ) 

- 0.570  ) 

F , (N) 

= 0.520  } 

Fj(N) 

= 1.090  \ 

F3(N) 

= 0.907  ) 

7. 1.4. 1-4 


» -5.22  «•(- 1.551  + 1.679  + 0,178) 

= -5.02  per  rad  (based  on  Swcw) 

2.  Wing  with  supersonic  leading  edge 
Given: 

A = 4.0  X = 0.25  Ale  =45°  M = 2.0 

Compute: 

p = 1 ■ 1.732 

0A  = 6.928 

cot  Ale  - 1 .00 

p cot  Ale  = 1.732 
cot-1  (P  cot  Ale)  = 30° 

P *)j  = ~0-390  per  rad  (figure  7. 1.4. 1-1  Id) 

= -0.225  per  rad 

P (^l^)2  = 4-200  per  rad  (figure  7.1 .4. 1-1 10 
(CL . ^ = 2.425  per  rad 

Solution: 

m2  I 

% = 7 (%h  - J2  {Ch)i  7.1.4.^) 

» 4 (-0.225)  - 4 (2.425) 

3 3 

“ - 1 .108  per  rad  (based  oji  Sw  ) 
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SUBSONIC  SPEEDS 


FIGURE  7. J. 4.1-6  VARIATION  OF  LIFT- COEFFICIENT  CORRECTION  TERM  WITH  /3A. 
TRIANGULAR  WING.  0</3A<4. 
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FIGURE  7.1.4.1-8 


VARIATION  OF  P(C  ) AND  flcL\  *'TH  fl  COT  A 
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7. 1.4.2  WING  ACCELERATION  DERIVATIVE  Cmi 


Methods  are  presented  for  estimating  the  wing  contribution  to  the  derivative  Cm|i  for  a 
triangular  planform  in  the  subsonic  and  low  transonic  speed  ranges  and  for  planforms  with  the 
leading  edge  swept  back  and  the  trailing  edge  swept  back  or  swept  forward  in  the  supersonic 
speed  range. 

If  the  wing  acceleration  derivative  Cmi  is  to  be  used  in  method  1 of  Section  7.3. 4. 2 to  obtain 
(Cmor)wB  > the  exposed  wing  planform  area  should  be  used  for  a!!  calculations  in  the  Datcom 
methods.  Using  the  exposed  planform  area  will  yield  Cm^  based  on  the  product  of  the  exposed 
wing  area  and  the  square  of  the  exposed  wing  MAC,  rather  than  the  product  of  the  wing  area 
and  the  square  of  the  wing  MAC  as  indicated. 


DATCOM  METHODS 


A.  SUBSONIC 


The  subsonic  value  of  C , , based  on  the  product  of  wing  area  and  the  square  of  wing  MAC 

a 

SyCy,2 , referred  to  body  axis  and  for  any  center-of-gravity  location  is  given  by 


(per  radian) 


7.1.4.2-a 


where 

Cm  is  referred  to  body  axis  with  the  origin  at  the  wing  leading-edge  vertex  and  is  obtained 
as  indicated  below  (per  radian). 

is  the  longitudinal  distance  from  the  wing  leading-edge  vertex  to  the  center  of  gravity, 
measure  1 in  mean  aerodynamic  chords,  positive  aft. 

is  obtained  from  Section  7. 1.4.1,  based  on  the  product  of  wing  area  and  wing  MAC 
(per  radian). 


A method  of  estimating  the  subsonic  acceleration  derivative  Cm  of  a triangular  wing  is  derived  in 
reference  1 as  “ 


(per  radian) 


7.1.4.2-b 


7.1. 4.2-1 


C,  is  the  wing  lift-curve  slope  (Section  4. 1.3.2)  at  the  Mach  number  under  considera- 

tion,  based  on  the  total  wing  area  (per  radian). 


is  obtained  from  Section  4. 1.4.2. 


Cm  (g)  is  the  pitching-moment-coefficient  correction  term  obtained  from  figure  7.1. 4.2-8 
(per  radian). 


Because  of  restrictions  placed  on  the  pitching-moment-coefficient  correction  term,  equation 
7.1.4.2-b  is  valid  only  for  0</)A<4. 

Explicit  expressions  for  estimating  Cm^  of  other  wing  planforms  in  the  subsonic  region  are  not 
available.  An  approximation  may  be  made  by  subtracting  the  value  of  Cmti  (Section  7. 1.1. 2) 
from  the  appropriate  test  value  of  total  pitch  damping  (Cmq  + Cm(j)  taken  from  table  7-A.  Tests 
indicate  that  the  relative  importance  of  body  damping  of  a conventional  configuration  in 
subsonic  flow  is  small;  therefore  the  use  of  wing-body  test  data  of  total  pitch  damping  in  this 
region  is  acceptable  for  an  approximation,  provided  the  test  data  are  for  a conventional  design. 


Sample  Problem 

Given;  Same  wing  as  in  sample  problem  of  paragraph  A,  Section  7.1 .4.1 

A = 4.0  X = 0 ALE  = 45°  CL  - 4.0  per  rad  (Section  4. 1.3.2) 

C.g.  _ t 

— — = 0.75  (from  planform  geometry  with  c.g.  at  c/4)  M = 0.6 

c 

From  sample  problem  o'.  paragraph  A,  Section  7. 1.4.1 

1—  = 0.570  P = 0.8  P\  - 3.20  CL . ==  -0,240  per  rad 

°r  a 

Compute; 

<s) 

0.071  per  rad  (figure  7.1 .4.2-8) 

n A/2 

C_  (g)  = 0.697  per  rad 
m o 


7. 1. 4.2-2 


Solution: 


„ 81  / Xa.c.\  9 

Si  = ' 32  \~^7  \ + 2 Cmo(g)  (eqUation  7.1-4.2-b) 

= - ^ (0.570)2  (4.0)  + | (0.697) 

= - 0.153  per  rad 

cm.  = Crn."  + (~^~l  CL  (equation  7.1.4.2-a) 

= -0.153  + (0.75K-0.240) 

= -0.333  per  rad  (based  on  Swc^) 


B.  TRANSONIC 

The  variation  of  Cm(^  of  a triangular  wing  from  the  critical  Mach  number  to  M = 1.0  is  given  by 
the  method  of  paragraph  A,  provided  0 < 0A  < 4. 

There  is  no  generalized  theory  available  in  the  literature  that  gives  the  transonic  values  of  Cm^, 
either  for  additional  wing-geometry  parameters  or  for  Mach  numbers  greater  than  1.0.  An 
approximation  may  be  made  by  subtracting  the  value  of  Cniq  (Section  7. 1.1. 2)  from  the 
appropriate  test  value  of  total  pitch  damping  |Cmq  +Cm^j  taken  from  table  7-A.  Although  the 
importance  of  body  damping  in  this  region  is  unknown  because  of  a lack  of  experimental  data, 
wing-body  test  data  of  total  pitch  damping  will  probably  have  to  be  utilized  if  an  approximation 
of  Cm£  is  to  be  made,  simply  because  of  the  lack  of  sufficient  wing-alone  test  data.  This  method 
of  analysis  gives  only  a rough  approximation  and  is  limited  to  conventional  designs  where  test 
data  are  available. 

C.  SUPERSONIC 

The  supersonic  value  of  Cm<j,  based  on  the  product  of  wing  area  and  the  square  of  wing  MAC 
SwCw2>  referred  to  body  axis  and  for  any  center-of-gravity  location,  is  given  by  equation 
7.1.4.2-a,  i.e., 


C 


m 


a 


(per  radian) 


where  the  parameters  are  defined  in  paragraph  A and  the  supersonic  value  of  Cm^"  is  obtained 
as  indicated  below. 


7.1. 4.2-3 


Methods  for  estimating  Cm^" 

1.  Wings  with  subsonic  leading  edges  ((3  cot  Ale  < 1.0) 


For  wings  with  subsonic  leading  edges,  Cm^"  is  obtained  by  the  method  of  reference  2 for 
X = 0 and  by  the  method  of  reference  3 for  X = 0.25  to  1.0.  The  following  methods  are 
not  valid  if  the  Mach  line  from  the  vertex  of  the  trailing  edge  intersects  the  leading  edge  or 
if  the  wing-tip  Mach  lines  intersect  on  the  wings  or  intersect  the  opposite  wing  tips. 


a.  Zero-taper-ratio  wings  (X  = 0) 

C " is  derived  in  reference  2 as 
m • 


C 


m 


a 


3rrAM2 

16/32 

16AM2 
+ 

9/32 


16  F5(N) 

G(/3C)F7(N)  + — E"(0C) 

3 Fn(N)_ 

[E  'OJC)  F,(N)]  + [E'«C)F4(N)]-(4)cL. 

(per  radian)  7.1.4.2-c 


where 


E"(0C)  and  G(flC)  are  obtained  from  figure  7. 1.1. 1-8. 

Fj(N),  F?(N),  and  FU(N)  are  obtained  from  figure  7.1. 1.2-8. 

F6(N)  and  Fg(N)  are  obtained  from  figure  7. 1.4.2 -9. 

2 

d is  two-thirds  the  basic  triangular  wing  root  chord,  d = — cr  (see  sketch  (a), 
Section  7.1 .1.1).  J B 

C,  . is  obtained  from  paragraph  C of  Section  7. 1.4.1,  based  on  the  product  of  wing 

QJ 

area  and  wing  MAC. 


b.  Wings  with  X = 0.25  to  1 .0 


" is  derived  in  reference  3 as 

m« 


M2  1 

C \ /C_  (per  radian) 

mic  n 2 \ mcth  \ mah 


7.1.4.2-d 


7.1. 4.2-4 


(cm  and  \Cm 'Jt  are  obtained  . from  figures  7.1. 4.2- 10a  through  7.1.4.2-10f 
for  X = 0.25,  0.50,  and  0.75  and  from  the  equations  of  reference  3 for  X > 0.75. 


2.  Wings  with  supersonic  leading  edges  (P  cot  ALE  > 1 .0) 


For  wings  with  supersonic  leading  edges  C ."  is  derived  in  reference  4 as 

a 

W = J (c»*).  +(^r  + 1)  (c»i)2 


7.1.4.2-e 


where 


'C..\  and  (Cm.)2  are  obtained  from  figures  7.1.4.2-13a  through  7.1.4.2-13p. 


Figures  7.1.4.2-13a  through  7.1.4.2-13p  are  valid  for  the  range  of  Mach  numbers  for  which 
the  Mach  lines  from  the  leading-edge  vertex  intersect  the  trailing  edge.  An  additional 
limitation  is  that  the  foremost  Mach  line  from  either  wing  tip  may  not  intersect  the  remote 
half-wing. 


Sample  Problems 

1 . Wing  with  subsonic  leading  edge 

Given:  Same  wing  as  in  sample  problem  1 of  paragraph  C,  Section  7. 1.4.1. 

A = 5.80  X = 0 Ale  = 60°  c.g.  at  ^ b = 16  ft  M = 1.50 
x 

= 1.50  (from  planform  geometry  with  c.g.  at  c/4) 

c 

From  sample  problem  1 of  paragraph  C,  Section  7. 1.4.1: 

p = 1.12  0cotALE  = 0.647  N = 0.602 

E"(J3C)  = 0.770  G(/3C)  = 0.570  CL^  = -5.02  per  rad 


7.1. 4.2-5 


Compute: 


F,(N)  = 0.251 


F?(N)  = -1.620  > (figure  7. 1.1. 2-8) 
Fn(N)  = 0.395  ) 


F6(N)  = -2.600 


F8(N)  = 0.880 


(figure  7.1. 4.2-9) 


Obtain  d from  the  characteristics  of  the  basic  triangular  wing  (see  sketch  (a),  Section  7. 1.1.1). 


Ab  = — - = 2.31 

tan  Ale 


cr  = — = 13.85  ft 
rB  Ab 


d = — c = 9.233  ft 
3 'b 


c = — = 5.517  ft 
A 


c = 3.678  ft 


Solution: 


C 

ma 


C03C)  F?(N)  + y E"(flC) 

16S2  3 hllW 


+ [E"03C)  F,(N)]  + — y [E"tfC)  F6(N)]  - (y)cL 

9(32  16 Vc/  a 

(equation  7.1.4.2-c) 


’ I6M0H225>  (0880)]  , f017u)  ( 7 ^ 


ir(5.80) 

16(1.25) 


(9.233) 


(3.67S) 


(-5.02) 


7.1. 4.2-6 


I 


= — 6,15(-0.9234  + 2.610)  + 12.576  - 1.824  + 12.602 


= 12.98  per  rad 
x 

C_  . = Cm  " + 1 C,  . (equation  7.1. 4.2-a) 

md  md  C Ld 

= 12.98  +(1.5)  (-5.02) 


= 5.45  per  rad  (based  on  Sw  2 ) 

2.  Wing  with  supersonic  leading  edge 

Given:  Same  wing  as  in  sample  problem  2 of  paragraph  C,  Section  7. 1.4.1. 

A = 4.0  X = 0.25  Ale  = 45°  c.g.  at  ^ M = 2.0 


= 0.964  (from  planform  geometry  with  c.g.  at  c/4) 


c 

From  sample  problem  2 of  paragraph  C,  Section  7. 1.4.1: 

P * 1.732  PA  = 6.928  p cot  ALE  » 1.732 

cot-1  (P  cot  ALE)  = 30°  CL.  = -1.108  per  rad 


Compute: 

P (Cm  , ^ = 11.80  per  rad  (figure  7. 1.4.2- 13d) 
^Cm  . ^ = 6.813  per  rad 

/j(Cm<i)2  = -5.530  per  rad  (figure  7.1.4.2-130 
(cn,j2  = -3.193  per  rad 


Solution: 


(equation  7.1.4.2-e) 


i 


i 


7. 1.4. 2-7 


~ (6.813)  + f | + lW-3.193) 


9.08  - 7.45 
1.63  per  rad 


■>  = c " + 

md  m a 


C,  (equation  7.1.4.2-a) 
c Ld 


= 1.63  + (0.964)  (-1.108) 


= 0.562  per  rad  (based  on  SyyC^2) 
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SUBSONIC  SPEEDS 


FIGURE  7.1.4.2-8  VARIATION  OF  PITCHING-MOMENT  COEFFICIENT  CORRECTION  TERM  WITH  fiA. 

TRIANGULAR  WING  0 < fiA  < 4. 
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7. 1.4. 3 WING  DERIVATIVE  CD> 

a 

This  section  presents  a method  for  estimating  the  wing  contribution  to  the  derivative  Cp>  at 
subsonic  speeds.  This  derivative  is  the  change  in  drag  coefficient  due  to  a change  in  & at  a constant 
pitch  rate  and  is  defined  as 

acD 

Cn  = — , where  Cn  is  based  on  S,„. 

5 K# 

In  general,  this  derivative  is  small  and  has  a negligible  effect  on  longitudinal  stability;  hence,  it  is 
usually  neglected. 

A.  SUBSONIC 


DATCOM  METHOD 

From  the  two-dimensional  unsteady-flow  theory  of  Garrick  (Reference  1),  the  perturbation  section 
drag  coefficient  of  an  oscillating  surface  can  be  approximated  by 


cd  =^c~[l  +2C(k)]  ad 


7.1.4.3-a 


where 

cd  is  the  drag  coefficient  per  unit  span. 

c is  the  wing  chord. 

V is  the  free-stream  velocity 

C(k)  is  Theodorsen’s  function,  defined  as 

C(k)  = F(k)  + iG(k) 


where 


7.1.4.3-b 


F(k),  G(k)  are  Theodorsen’s  functions  obtained  from  Table  7.1.4.3-A  as  a function  of 
the  reduced  frequency  k,  where  k is  defined  as 


where  c and  V are  as  defined  above,  and  co  is  the  angular  velocity  (rad/sec) 


7.1. 4.3-1 


Only  one  part  of  the  complex  equation  is  needed.  It  is  arbitrary  whether  to  use  the  real  or 
imaginary  part.  If  the  wing  oscillation  can  be  defined  as 

a = eqe'101  = cos  cot  + icXj  sin  cot  7.1.4.3-d 


where 

a is  the  complex  form  of  the  angle  of  attack  of  oscillation 
cXj  is  the  amplitude  of  the  oscillation  (radians) 

t is  the  time 

then  by  substitution  and  expansion  the  imaginary  part  of  Equation  7.1.4.3-a  cun  be  shown  to  be 
equal  to  the  following: 


cd  = ~2  ^ a2  co  |(  1 + 2F)(cos2cot  - s\  ,2cot)  — 4G  sin  cot  cos  cot|*  7.1.4.3-c 

where  all  the  terms  are  defined  above  and  where  the  oscillation  is  given  by  or  - Oj  si  * sot. 

The  three-dimensional  drag  may  be  obtained  by 


-f 


cdc 


dy 


7. 1.4.3-f 


w 


where 

cd  is  the  two-dimensional  drag  from  Equation  7.1.4.3-e. 
c is  the  local  wing  chord. 

Sw  is  the  wing  reference  area. 

If  the  derivative  Cd^  is  desired,  variations  in  CD  may  be  calculated  for  different  values  of  6c.  Fora 
as  defined  by  Equation  7.1 .4. 3-d,  the  imaginary  part  of  a (to  be  used  in  conjunction  with  Equation 
7.1.4.3-e)  may  be  expressed  as 


a = afj  co  cos  cot 


7 .1 ,4.3-g 


where  the  terms  are  defined  above. 


•The  expression  in  brackets  could  also  be  written  as  [(1  t 2F)  cos  2u>t  — 2G  sin  2u>t] , which  would  indicate  that  varies  at  twice 
the  angular  velocity. 


7.1. 4.3-2 


Then  may  be  approximated  by 


where 


7.1.4.3-h 


Cp  is  the  three-dimensional  drag  coefficient  obtained  by  application  of  Equation  7.1.4.3-f 

a is  the  rate  of  change  of  angle  of  attack  obtained  by  application  of  Equation  7. 1 ,4.3-g 

and  the  subscript  tn  refers  to  a specified  time  such  that  t2  - tt  is  the  time  interval  over  which  CD 
and  a are  evaluated. 


Sample  Problem 

Given;  The  following  wing-body  combination 
Wing  Characteristics: 

A = 4 A = 0 X = 1.0  Sw  = 64.0  ft2 


Additional  Characteristics: 

V = 200  ft/sec  co  = 27t  rad/sec 

a = aj  (cos  cot  + i sin  cot)  Ofj  = 1° 


Compute  cd  at  t = 1 sec: 


Find  the  reduced  frequency  k 
coc 

k = — (Equation  7.1.4.3-c) 

2V 

_ (2ff)(4.0) 

2(200) 


0.0628  rad 


F 

G 


^ 'ac  il  Table  7. 1 ,4.3-A  (linear  interpolation) 

—0. 145  1; 

7T  C / ) 

— — a2  co<(l  + 2F)  (cos2  cot  — sin2  cot)  - 4G  sin  cot  cos  cot  > 


c = 4.0  ft 


(Equation  7.1.4.3-e) 
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■ 2 U)  (swi  2lv 1 + 2(0.8876)1(1.0  - 0)  ~ 4(-0. 145 1)(0)(  1)^ 

=iPfe)2Mll+2(a8876)11°} 

- 0.000167 

a = aj  o;  cos  cot  (Equation  7.1. 4.3-g) 

* S3  »xd 
= 0.110 

fb/2  cdc 

C'D  = 2 / dy  (Equation  7.1. 4.3-f) 

\ Sw 

cdc  b cdc  b 

= 2°  2_5T  2 ■ C-  (Reel  wing  Sw  = be) 


CD  = 0.000167 
Compute  cd  fort  = 1.1  sec: 

cd  = — — a2  co  -|(1  + 2F)(cos2cot  — sin2  cot)  — 4G  sin  cot  cos  cot|  (Equation  7.1.4.3-e) 

= ^(~)  i~j  2 2tt{[1  + 2(0.8876)]  [(0.8090)2  - (0.5878)2  ] 

- 4(-0. 145 1)(0.8090)(0.5878)|’ 

= 0.0000681 

a = co  cos  cot  (Equation  7.1. 4.3-g) 

= ~ 2tt(0.809) 

= 0.0887 
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CD  = 2 / -- — dy  (Equation  7.1. 4.3-f) 

J ^U/ 

(Rect  Wing  Sw  = be) 


(Equation  7.1.4.3-h) 


= 0.464  per  rad 
- 0.0081  per  deg 

B.  TRANSONIC 

No  method  is  presented. 

C.  SUPERSONIC 

No  method  is  presented. 
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C.  C 


= 2 


sw  2 


-.2- 


cdc  b 
be  2 " Cd 


CD  = 0.0000681 


Solution: 


0CD  (co)t2 

/ac  \ . c 

W “<V(4V37 


(0.0000681  - 0.000167) 
(0.0887  - 0.110)  4'° 


2(200) 
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7.2  BODY  DYNAMIC  DERIVATIVES 


The  -methods  presented  in  this  section  are  for  estimating  pitching  and  acceleration  dynamic 
derivatives  of  isolated  bodies.  The  methods  and  charts  of  the  subsonic,  transonic,  and  supersonic 
speed  ranges  are  based  on  a combination  of  slender-body  theory  and  the  theories  used  in 
predicting  the  body-lift-curve  slope  and  pitching-moment-curve  slope  in  Sections  4.2. 1.1  and 
4.2.2. 1,  respectively.  Newtonian  impact  theory  is  used  in  the  hypersonic  speed  range.  The 
methods  are  restricted  to  angles  of  attack  near  zero  and  should  yield  values  suitable  for  first 
approximations  to  dynamic  stability. 

No  test  data  are  available  on  body  dynamic  derivatives.  Therefore,  all  theoretical  methods  must 
be  considered  tentative  until  compared  with  experimental  results.  A brief  discussion  of  available 
theoretical  methods  is  presented. 

The  starting  point  of  almost  all  theories  is  the  well-known  linearized  potential  equation.  Various 
methods  based  on  linear  theory  have  been  developed  for  obtaining  the  flow  field  about  bodies  in 
supersonic  flow.  The  problem  of  determining  the  dynamic  stability  derivatives  for  bodies  has 
been  treated  principally  within  the  assumptions  of  slender-body  theory.  The  application  of 
Munk’s  slender-body  theory  to  the  calculation  of  the  aerodynamic  coefficients  describing  steady 
motion  has  been  made  by  a number  of  authors  (set  references  1 through  4).  In  reference  5, 
slender-body  .values  of  the  aerodynamic  coefficients  associated  with  nonsteady  angle  of  attack 
have  been  obtained  as  a by-product  of  a linear  analysis  of  the  potential  equation  for  nonsteady 
supersonic  flow.  However,  approximations  made  in  the  analysis  effectively  limit  its  application  to 
bodies  of  vanishingly  small  thickness.  The  problem  of  determining  the  dynamic  derivatives  for  a 
smooth  slender  body  of  arbitrary  cross  section  performing  slow  maneuvers  is  treated  within  the 
assumptions  of  slender-body  theory  by  Sacks  in  reference  6.  This  approach  is  novel  in  slender- 
body  theory  in  that  the  squared  terms  in  the  pressure  relation  for  slender  configurations  are 
retained  and  all  motions  of  the  configuration  are  treated  simultaneously.  However,  the  derivatives 
are  obtained  in  terms  of  the  mapping  functions  of  the  cross  sections  and  are  too  complex  for 
inclusion  in  the  Datcom. 

A method  is  developed  for  estimating  aerodynamic  loads  on  slender,  symmetrical  configurations 
performing  small  lateral  oscillations  of  limited  reduced  frequency  in  sonic  and  supersonic  flow  in 
references  7 and  8,  respectively.  This  method  is  an  extension  of  an  iterative  technique  originally 
proposed  by  Adams  and  Sears  in  reference  9,  and  is  a combination  of  first-order  and  second- 
order  cross-flow  solutions.  The  results  consist  of  slender-body-theory  terms  plus  higher-order 
effects  of  fineness  ratio.  For  sonic  flow  about  a body  of  revolution,  reference  7 shows  that  by 
retaining  only  the  first-order  terms  in  reduced  frequency  the  pitching  derivatives  are  given  by 
simple  slender-body  theory;  whereas  the  acceleration  derivatives  are  influenced  by  the  second- 
order  terms  and  contain  logarithms  of  the  reduced  frequency.  Under  certain  limitations  on  the 
rapidity  of  the  oscillations,  all  derivatives  in  supersonic  flow  prove  to  be  independent  of  changes 
in  reduced  frequency;  consequently  the  method  can  be  applied  to  slow  time-dependent  motions. 
At  present  this  method  is  limited  to  slender  bodies  of  revolution,  and  in  most  cases  requires  a 
considerable  amount  of  mathematical  manipulation  to  obtain  a solution.  This  method  can  be 
applied  to  bodies  of  more  general  cross  section;  however,  the  practicality  of  such  an  analysis 
would  depend  on  the  possibility  of  solving  the  integrals  that  appear. 


7.2-1 


In  reference  10  an  attempt  has  been  made  to  overcome  the  slender-body  limitation  by  adapting 
hybrid  theory  to  the  calculation  of  the  body  dynamic  derivatives.  (This  method,  derived  by 
Van  Dyke  in  reference  1 1 , has  proved  successful  in  calculations  for  the  static  aerodynamic 
derivatives.)  This  method  is  used  to  predict  the  dynamic  derivatives  of  a cone,  and  the  results  are 
consistent  with  those  obtained  by  impact  theory  at  the  higher  Mach  numbers.  In  order  to  extend 
this  method  to  bodies  of  more  general  shape,  it  is  necessary  to  satisfy  the  boundary  conditions 
corresponding  to  the  specified  body.  Unfortunately,  the  analytical  expressions  required  to  do  so 
have  been  found  only  for  the  cone. 

The  application  of  simple  slender-body  theory  appears  to  be  the  only  method  of  solution 
warranted  at  the  present  time,  in  view  of  the  large  effects  of  viscosity  on  the  forces  acting  over 
slender  bodies,  the  mathematical  complexity  involved  in  solution  of  the  linearized  equations  for 
general  planforms,  and  the  lack  of  test  data. 

Since  extensive  use  is  made  of  slender-body-theory  results  throughout  this  section,  the  term 
“slender”  is  clarified.*  Tsien,  in  reference  2,  pointed  out  that  slender-body  theory  applies  to  the 
flow  about  inclined,  pointed  projectiles  at  supersonic  speeds.  Subsequently,  Jones,  in 
reference  12,  indicated  that  his  slender-wing  theory  (slender-body  theory  extended  to  wings) 
applies  to  both  subsonic  and  supersonic  speeds,  at  least  for  pointed  planforms.  Actually,  the 
meaning  of  the  term  “slender”  is  somewhat  different  in  the  various  speed  regimes.  For 
supersonic  Mach  numbers  “slender”  implies  that  the  body  lies  well  within  the  Mach  cone  from 
the  body  apex.  This  leads  directly  to  the  limitation  to  pointed  bodies.  It  also  leads  to  the 
conclusion  that  relatively  blunt  bodies  may  qualify  as  “slender”  at  low  supersonic  speeds;  while 
for  hypersonic  speeds  the  method  must  fail  for  practical  shapes.  At  subsonic  speeds  the  term 
“slender”  becomes  less  restrictive  as  the  Mach  number  increases  from  0 to  1 , until  at  sonic  speed 
all  bodies  become  slender.  Thus,  slender-body  theory  is  seen  to  apply  to  at  least  some  body 
shapes  throughout  the  speed  range  from  low  subsonic  to  hypersonic. 
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7.2.1  BODY  PITCHING  DERIVATIVES 
7.2.1.1  BODY  PITCHING  DERIVATIVE  CLq 


The  pitching  derivative  Cj.q  is  a measure  of  the  lift  produced  by  rotational  motion  of  the 
airframe  about  a spanwise  axis.  This  derivative  is  generally  small  compared  to  other  terms  in  the 
equations  of  motion  and  is  frequently  neglected.  However,  methods  are  presented  for 
determining  the  body  contribution  to  Cl4  in  the  subsonic,  transonic,  supersonic,  and  hypersonic 
speed  ranges.  The  value  of  Cm-  in  the  hypersonic  speed  range  is  used  to  obtain  the  value  of  Cmq 
in  the  hypersonic  speed  range  in  Section  7.2. 1.2. 

In  the  subsonic,  transonic,  and  supersonic  speed  ranges  the  Datcom  methods  are  based  on  the 
relatively  simple  results  derived  from  slender-body  theory  and  the  assumption  that  a relationship 
of  corresponding  slender-body  derivatives  may  be  employed  with  reasonable  accuracy  to  the  case 
of  steady  pitching  in  a manner  similar  to  that  of  reference  1 . This  approach  to  the  calculation  of 
body  dynamic  derivatives  has  been  applied  with  reasonable  success  by  Walker  and  Wolowicz  in 
reference  2.  It  was  shown  in  reference  1 that,  although  slender-body  theory  alone  does  not 
accurately  predict  the  characteristics  of  nonriender  configurations,  the  ratio  of  corresponding 
slender-body  derivatives  may  be  employed  with  reasonable  accuracy  in  predicting  the  static 
forces  on  nonslender  configurations.  The  body  contribution  to  Q.q  is  thus  given  as  the  product 
of  the  lift-curve  dope  C|,a  and  the  ratio  of  slender-body  derivatives,  Le., 


Slender-body  theory  states  that  body  force  characteristics  are  independent  of  Mach  number.  The 
effect  of  Mach  number  is  taken  into  account  by  the  static  force  coefficient.  Therefore,  the 
limitations  of  these  methods  are  determined  by  the  limitations  of  the  methods  employed  in 
determining  the  static  derivative  Q,a  in  the  various  speed  regimes.  Experimental  data  should  be 
used  for  the  body  lift-curve  slope  when  available. 

A.  SUBSONIC 

There  is  no  explicit  method  available  in  the  literature  for  obtaining  the  body  dynamic  derivatives 
for  general  planforms. 

The  method  presented  is  based  on  the  application  of  the  results  of  slender-body  theory  in  the 
manner  previously  discussed. 


DATCOM  METHOD 

The  body  contribution  to  Q,q,  based  on  body  base  area  and  body  length  and  referred  to  the 
center  of  rotation,  is  given  by 
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C,  = 2 C.  (1  - — I (per  radian)  7.2.1.1-a 

< L«  \ h) 

where 

C,  is  the  body  lift-curve  slope  from  paragraph  A of  Section  4.2. 1.1  multiplied  by 
La 

(VB2'3/Sb)  (per  radian). 

xm  is  the  longitudinal  distance  from  the  body  vertex  to  the  center  of  rotation,  positive  aft. 
£B  is  the  length  of  the  body. 

VB  is  the  total  body  volume  from  Section  2.3. 

Sb  is  the  body  base  area. 


Given: 


Sample  Problem 


d = 1.0  ft  £b  " 6.0  ft  Fineness  Ratio  = 6.0  xm  = 3.8  ft 

C.  = 0.548  per  rad  (based  on  VB2^3)  (Section  4.2. 1.1) 

La 

Vb2/3  = 2.47  sq  ft  (Section  2.3)  ^ = 0.785  sq  ft 


Compute: 


(VE) 211 

(0.548)  • — 


(0.548) 


1.724  per  rad  (based  on  Sj,) 
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0.367 


Solution; 


q 


(equation  7. 2. 1.1 -a) 


= 2(1.724)  (0.367) 


- 1.265  per  rad  (based  on  Sh£B ) 

B.  TRANSONIC 

The  linearization  of  the  transonic  flow  problem  has  been  accomplished  by  Landahl,  in 
reference  3,  by  introducing  a small  amount  of  unsteadiness  into  the  motion.  This  theoretical 
method  is  briefly  discussed  in  Section  7.2.  By  neglecting  the  second-order  effects  of  reduced 
frequency  the  pitching  derivatives  of  a slender  body  of  revolution  are  those  given  by  slender- 
body  theory.  Since  slender-body  theory  does  not  predict  a dependence  on  configuration 
parameters,  this  method  cannot  be  expected  to  give  reasonable  approximations  for  the  pitching 
derivatives  of  nonslender  configurations.  Therefore,  the  method  of  paragraph  A is  applied 
throughout  the  transonic  speed  range. 

C.  SUPERSONIC 

Several  of  the  theoretical  methods  that  have  been  developed  for  estimating  the  body  pitching 
derivative  Cnq  in  the  supersonic  speed  range  are  briefly  discussed  in  Section  7.2.  The  available 
theoretical  methods  are  limited  to  simple  slender-body  theory,  theories  treated  within  the 
assumptions  of  slender-body  theory,  and  hybrid  theory.  The  method  presented  here  is  based  on 
simple  slender-body  theory.  Theories  treated  within  the  assumption  of  slender-bodv  theory  are 
mathematically  complex  and  restricted  to  specific  body  shapes;  therefore,  no  general  quantitative 
results  are  presented. 

The  supersonic  C’n  for  cones  can  be  estimated  by  the  hybrid  theory  solutions  presented  in 
reference  4. 


DATCOM  METHOD 


The  method  presented  here  for  determining  the  body  contribution  to  CNq,  based  on  the 
cone-cylinder  or  ogive-cylinder  maximum  frontai  area  and  body  length  and  referred  to  the  center 
of  rotation,  is  the  same  as  that  of  paragraph  A and  is  given  by  equation  7.2.1.1-a,  i.e., 


C 


N 


q 


(per  radian) 
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where  C^a  is  the  body  normal-force-curve  slope  from  paragraph  C of  Section  4.2. 1,1,  evaluated 
at  the  appropriate  Mach  number  and  based  on  the  cone-cylinder  or  ogive-cylinder  maximum 
frontal  area  (per  radian). 

D.  HYPERSONIC 

Simple  Newtonian  theory  is  used  in  this  section  to  estimate  the  contribution  of  cone  frustum 
bodies,  with  or  without  spherical  noses,  to  the  derivative  Cn^.  Newtonian  theory  is  discussed  in 
paragraph  D,  Section  4.2. 1.1. 


DATCOM  METHOD 


Charts  taken  from  reference  5,  based  on  simple  Newtonian  theory,  are  presented  for  determining 
CNq  °f  spherical  segments  and  cone  frustums  at  small  angles  of  attack. 

The  coefficients  of  these  charts  are  referred  to  the  body  base  area  and  base  diameter  and  to  a 
moment  center  at  the  forward  face  of  the  segment.  By  proper  use  of  the  data  presented,  the 
total  CNq  may  be  determined  for  bodies  composed  of  multiple  cone  frustums  with  or  without 
spherically  blunted  noses. 

The  Newtonian  value  of  the  derivative  Cn^  for  a complex  body  is  obtained  as  follows: 

Step  1.  Compute  Cn^'  for  each  body  segment  about  its  front  face  using  figures  7. 2. 1.1 -9a  and 
7,2.1.1-9b. 


Step  2.  Transfer  the  individual  derivatives  Cnq  ’ to  a common  reference  axis  by  applying  the 
following  transfer  equation  to  each  body  segment 


9 


7,2.1.1-b 


where 

C»  a is  the  norrnal-force-curve  slope  for  each  segment  based  on  individual  base 
areas  from  paragraph  D,  Section  4.2. 1.1. 

CNq  is  the  pitching  derivative  for  each  segment  based  on  individual  base  areas 
and  base  diameters  and  referred  to  a moment  center  at  the  forward  face 
of  the  segment,  from  figures  7. 2. 1.1 -9a  and  7. 2. 1.1 -9b. 

n is  the  distance  from  the  face  of  a given  frustum  to  the  desired  moment 
reference  axis  of  the  configuration,  positive  aft. 

d is  the  base  diameter  of  a given  frustum. 


Step  3.  The  transferred  derivatives  of  the  individual  body  segments  are  converted  to  a common 
reference  area  and  diameter  and  added.  The  total  derivative  is  given  by 


7.2.1. 1-4 


c%  (c* 

n*  1 


Sample  Problem 

Given:  Same  multiple-segment  body  as  sample  problem  of  paragraph  D of  Sections  4.2. 1.1  and 
4.2.2. 1. 


fin  = 0.55  ft  (distance  from  moment  reference  center  to  body  nose) 


Spherical  segment 


fij  = 0.18  ft 
rt  = 0.36  ft 
d1  * 0.62  ft 

Cylinder 

aj  = 1.20  ft 

d3  = 1.20  ft 

£3  = 1.20  ft 

e3  = 0 


Forward  cone  frustum 
a2  = 0.62  ft 

d2  = 1.20  ft 
£2  = 0.72  ft 
d2  = 22.5° 

Rear  cone  frustum 
a4  = 1.20  ft 

d4  = 1.368  ft 
£4  = 0.96  ft 
dA  = 5° 


7.2.1. 


Compute: 


Spherical  segment 

2fix/d,  = «1/r1  = 0.50 

C^,  ' -•  0,865  per  rad  (figure  7.2. 1.1 -9b) 

qi 


= — fiQ  = —0.55  ft 
dj  = a2  = 0.62  ft 

CN  = 0.75  per  rad  (figure  4.2.1.1-23) 

«i 

/nl\ 

CN  = CN  ' — 2(  — - )CN  (equation  7.2. 1.1 -b) 

qi  qi  \di/  "i 


= 2.195  per  rad 


(based  on 


Forward  cone  frustum 

a2/d2  = X2  = 0.517 

CN  ' =1.22  per  rad  (figure  7. 2. 1.1 -9a) 
“2 


n2  = -(«0  + ei)  = -°-73 

CN  = 1.250  per  rad  (figure  4.2.1.1-26) 

IN  ^ 


/ n2\ 

cn  = CN  ' — 21  —r—  )CN  (equation  7. 2.1.1 -b) 
^2  q2  \“2/  a2 


= 1.22 


1.250 


7.2. 1.1-6 


= 2.74  per  rad 


V 


based  on 


Cylinder 

a3/d3  = X3  = 1.0 

CN  ' = 0 (figure  7.2. 1.1 -9a) 

q3 

n3  = -(80  + fij  + «2)  = -1.45 
C^,  =0  (figure  4.2.1.1-26) 


■'N 


= C ' 
„ '"'N 

q3  q3 

= 0 


(equation  7.2.1.1-b) 


Rear  cone  frustum 

a4/d4  = X4  = 0.877 

CN  ' = 0.36  per  rad  (figure  7.2.1.1-9a) 

q4 

n4  = + fil  + + £3>  ° ~265 

CN  = 0.450  per  rad  (figure  4.2.1.1-26) 


/n4\ 

Cjj  = CN  ~2(—  )CN  (equation  7.2.1.1-b) 

q4  q4  \d4/  «4 


= 0.36  - 2/— ^^0.45 
y 1.368  J 


~ 2.10  per  rad 


, based  on 


7.2.1. 1-7 


Solution: 


Converting  the  derivative  for  each  segment  to  a common  reference  area  and  diameter,  the  base 
area  and  diameter  of  the  rear  cone  frustum,  and  adding 


C 


N 


q 


(equation  7.2.1.1-c) 


C 


N 


q 


+ cN 


*4 


= 2.195 


0,62 

,1.368 


+ 2.74 


1.20  V 

U68/  + ° + <2',0) 


= 0.2043  + 1.8494  + 2.10 


= 4. 154  per  rad  l based  on 


(b 


ird43 


REFERENCES 


* " s 
•-) 


1.  Pitts,  W.  C.,  Nielsen.  J.  N.,  and  Kaattari.  G.  E.:  Lift  and  Centar  of  Preaura  of  Wing-Body-Tail  Combination*  at  Subionic, 
Transonic,  and  Superionic  Speed*.  NACA  TR  1307,  1959.  (U) 

7.  Walker.  H.  J.,  and  Wciowic2,  C.  H.:  Theoretical  Stability  Darivativei  for  the  X-15  Research  Airplane  at  Supersonic  and 
Hypersonic  Speeds  Including  a Comparison  with  Wind-Tunnel  Result*.  NASA  TM  X-287.  I960.  <U> 

3.  Landahl,  M.  T.:  Forces  and  Moments  on  Oscillating  Slender  Wing-Body  Combinations  at  Sonic  Speed.  MIT  Fluid  Dynamics 
Research  Group  Report  No.  56-1,  1956.  (U) 

4.  Tobak,  M.,  and  Wehrend,  W.  R.;  Stability  Derivative*  of  Cone*  at  Supersonic  Speeds.  NACA  TN  3788,  1956.  (U) 

5.  Fisher,  L.  R.:  Equations  and  Charts  for  ning  the  Hypersonic  Stability  Derivatives  of  Cone  Frustums  Computed  by 

Newtonian  Impact  Theory.  NASA  TN  D-143,  1959.  (U) 


7.2.1. 1-8 


Reviv'd  September  1970 


7.2. 1.2  BODY  PITCHING  DERIVATIVE  Cmq 


The  derivative  Cm  is  a measure  of  the  pitching  moment  produced  by  rotational  motion  of  the 
airframe  about  a spanwise  axis  and  is  commonly  referred  to  as  the  pitch-damping  derivative. 
Methods  are  presented  for  determining  the  body  contribution  to  this  derivative  in  the  subsonic, 
transonic,  supersonic,  and  hypersonic  speed  ranges. 

In  the  subsonic,  transonic,  and  supersonic  speed  ranges  the  Datcom  methods  are  based  on  the 
same  assumption  that  was  made  in  regard  to  the  body  contribution  to  the  derivative  CLq>  and 
the  general  discussion  of  Section  7. 2. 1.1  is  directly  applicable  here. 

The  body  contribution  to  Cmq  is  expressed  as 


= C 


iknder-body  theory 


The  limitations  of  these  methods  are  determined  by  the  limitations  of  the  methods  employed  in 
determining  the  static  derivative  Cmft  in  the  various  speed  regimes.  Experimental  data  should  be 
used  for  the  body  pitching-moment-curve  slope  when  available. 

A.  SUBSONIC 

The  comments  of  paragraph  A of  Section  7.2. 1.1  are  directly  applicable  here. 

DATCOM  METHOD 

The  body  contribution  to  Cmq,  based  on  body  base  area  and  the  square  of  body  length  and 
referred  to  the  center  of  rotation,  is  given  by 


where 

Cma  is  the  body  pitching-moment-curve  slope  from  paragraph  A of  Section  4.2.2. 1, 
multiplied  by  Vs/fSb^)- 

Vjj  is  the  total  body  volume  from  Section  2.3. 


7.2. 1.2-1 


Sb  is  the  body  base  area. 


xc  is  the  longitudinal  distance  from  the  vertex  to  the  centroid  of  the  volume  and  is 
given  by 


x 


C 


S(x)  x dx 


V 


B 


7.2.1.2-b 


where 

S(x)  is  the  body  cross-sectional  area  at  any  station.  It  is  not  feasible  to  present 

generalized  design  charts  of  xC)  but  the  equation  can  be  integrated  for 
any  arbitrary  body  of  revolution. 

fin  is  the  length  of  the  body. 

xm  is  the  longitudinal  distance  from  the  body  vertex  to  the  center  of  rotation, 

positive  aft. 


Sample  Problem 

Given:  Same  ogive-cylinder  configuration  as  sample  problem  of  paragraph  A of  Section  7.2.1. 1. 


d * 1.0  ft 

X!  = 2.5  ft 
Xo  = 3.6  ft 
(k2-kj)  * 0.863 


tB  = 6.0  ft 
| (Section  4.2. 1.1) 


Fineness  Ratio  = 6.0 
= 0.785  sq  ft 


x„  = 3.8  ft 

m 

VB  = 3.88  cu  ft 


7. 2. 1.2-2 


Compute: 


Determine  C 

m a 


Station 

d 

SK 

“ 

(r  - x)* 
m 

. .. 

dS 

x 

— “ (x_  - x)  Ax 
dx  ni 

1 

0.4 

0.126 

0.126 

3.467 

0.4368 

2 

0.68 

0.363 

0.237 

3,028 

0.7176 

3 

0.89 

0.622 

0.259 

2.539 

0.6576 

4 

0.98 

0.754 

0.132 

2,046 

0.2701 

*1 

1.0 

0.785 

0.031 

1.649 

0.0480 

*o 

1.0 

0.785 

0 

0.75 

0 

E 


(Xm 


x)  Ax 


2.1301 


a 


x*0 


x)  Ax.  (equation  4.2.2. 1-a) 


(2)  (0.863)  (2.1301) 
3.88 


= 0.948  per  rad  (based  on  ) 


■ (0.948) 


“ 0.781  per  rad  (based  on  SbfiB) 


•x  it  to  tit  vh«  c«nt»r  of  volum*  of  *xcn  body  Mpmant. 


7.2. 1.2-3 


Determine  x 

C 


Station 

d 

S(x) 

X* 

S(x)  x Ax 

1 

0.4 

0.126 

0.333 

0.0210 

2 

0.68 

0.363 

0.772 

0.1400 

3 

069 

0.622 

1.261 

0.3920 

4 

0.98 

0.754 

1.754 

0.6615 

5 

1.00 

0.786 

2.251 

0.8836 

6 

1.00 

0.785 

2.76 

1.0795 

7 

1.00 

0.785 

3.26 

1.2755 

3 

1.00 

0.785 

3.75 

1.4720 

9 

1.00 

0.785 

4.25 

1.6680 

10 

1.00 

0.785 

4.75 

1.8646 

11 

1.00 

0.785 

5.25 

2.0605 

12 

1.00 

0.785 

5.75 

2.2570 

y~]  S(x)x  Ax  = 13.77: 

x-0 


Xc  = 


pB 

J o S(x)  x dx 


V 


(equation  7.2.1.2-b) 


B 


13.775 

3.88 


= 3.55  ft 


(■ 


(3.88) 


SbfiB  (0.785)  (6.0) 


= 0.824 


= 1 


3.8 

6.0 


= 0.367 


Solution: 


C = 2 C 


Vn  /x. 


1 - 


B *B 


(- 


(equation  7.2.1.2-a) 


’»  i*  takan  to  be  at  tha  canter  of  volume  of  aacfc  body  tegment. 


7. 2, 1.2-4 


= (2)  (0.781) 


, / 3.55  3.8\ 

(0.367)^-  (0.824)(_  - -) 


0.367  - 0.824 


= 1.562 


= 1.562 


0.135  - (0.824)  (-0.0417) 
-0.457 


0.1693 


-0.457 


- —0.579  per  rad  (based  on  SfefiB2) 


B.  TRANSONIC 

The  comments  of  paragraph  B of  Section  7. 2. 1.1  are  directly  applicaoie  here.  The  method  of 
paragraph  A is  applicable  throughout  the  transonic  speed  range. 

C.  SUPERSONIC 

The  theoretical  methods  applicable  for  the  estimation  of  the  body  contribution  to  the  derivative 
Cmq  parallel  those  of  the  body  contribution  to  the  derivative  CLq. 

Therefore,  the  general  comments  of  paragraph  C of  Section  7.2. 1.1  are  also  applicable  here. 

The  supersonic  Cmq  for  cones  can  be  estimated  from  the  hybrid  theory  solutions  presented  in 
reference  1. 


DATCOM  METHOD 

The  method  presented  here  for  the  body  contribution  to  Cmq,  based  on  body  base  area  and  the 
square  of  body  length  and  referred  to  the  center  of  rotation,  is  the  same  as  that  of  paragraph  A 
and  is  given  by  equation  7.2.1.2-a,  i.e., 


where  Cmft  is  the  body  pitching-moment-cur'e  slope  from  paragraph  C of  Section  4.2.2. 1 
evaluated  at  the  appropriate  Mach  number. 


D.  HYPERSONIC 


Simple  Newtonian  theory  is  used  in  this  section  to  estimate  the  derivative  Cmq  of  cone  frustum 
bodies  with  or  without  spherical  noses.  Newtonian  theory  is  discussed  in  paragraph  D,  Section 
4.2.1. 1. 


DATCOM  METHOD 

Charts  based  on  simple  Newtonian  theory  (reference  2)  are  presented  for  determining  Cmq  of 
spherical  segments  and  cone  frustums  at  small  angles  of  attack.  The  coefficients  of  these  charts 
are  referred  to  the  base  area  and  the  square  of  the  base  diameter  and  to  a moment  center  at  the 
forward  face  of  the  segment.  By  proper  use  of  the  data  presented,  the  total  Cm<J  may  be 
determined  for  bodies  composed  of  multiple  cone  frustums  with  or  without  spherically  blunted 
noses. 

The  Newtonian  value  of  the  stability  derivative  Cmq  for  a complex  body  is  obtained  as  follows: 

Step  1.  Compute  Cmq'for  each  body  segment  about  its  own  front  face  using  figures  7.2.1.2-12 
and  7.2. 1.2-1 3b  if  the  body  has  a spherically  blunted  nose, and  figures  7.2.1.2-12  and 
7.2. 1.2-1 3a  if  the  body  nose  is  a cone  frustum. 

Step  2.  Transfer  the  individual  derivatives  Cmq ' to  a common  moment  center  by  applying  the 
following  axis  transfer  equation  to  each  body  segment: 


C 


m 


q 


7.2.1.2-c 


where 

Cnc  is  the  normal-force-curve  slope  for  each  segment  based  on  individual  base 
areas  from  Section  4.2. 1.1. 

CNq*  is  the  pitching  derivative  for  each  segment  based  on  individual  base  areas 
and  base  diameters  and  referred  to  a moment  center  at  the  forward  face 
of  the  segment.  This  derivative  is  obtained  from  paragraph  D of  Section 
7.2.1. 1. 

Cmc/  is  the  pitching-moment-curve  slope  for  each  segment  based  on  individual 
base  areas  and  base  diameters  and  referred  to  a moment  center  at  the 
forward  face  of  the  segment.  This  derivative  is  obtained  from  paragraph  D 
of  Section  4.2.2. 1 . 

Cniq'  is  the  pitching  derivative  for  each  body  segment  based  on  individual  base 
areas  and  the  square  of  base  diameteTs  and  referred  to  a moment  center  at 


the  forward  face  of  the  segment.  If  a complex  body  consists  of 
combinations  of  cone  frustums,  the  derivative  for  the  First  frustum  must 
be  obtained  from  figure  7.2. 1.2-1 3a,  which  accounts  for  the  front  face 
being  exposed  to  the  air  stream.  If  the  body  has  a spherically  blunted 
nose,  the  derivative  of  the  nose  is  obtained  from  figure  7. 2. 1.2-1 3b.  For 
subsequent  frustums  the  derivatives  are  obtained  from  figure  7.2.1.2-12. 

Step  3.  The  transferred  derivatives  of  the  individual  body  segments  are  added  after  being 
converted  to  a common  reference  area  and  squared  diameter.  The  total  derivative  of 
the  individual  body  segments  is  given  by 


C 


m 


q 


7.2.1.2-d 


Sample  Problem 

Given : Same  multiple-segment  body  as  sample  problems  of  paragraph  D of  Sections  4.2. 1 . 1 , 4.2.2. 1 , 
and  7.2.1. 1. 


fi0  = 0.55  ft  (distance  from  moment  reference  center  to  body  nose) 


Spherical  segment 


Forward  cone  frustum 


Ej  = 0.18  ft 


a2  = 0.62  ft 


rt  = 0.36  ft 


d2  = 1.20  ft 


dj  = 0.62  ft 


i2  = 0.72  ft 


e2  = 22.5° 


7. 2. 1.2-7 


Cylinder 


Rear  cone  frustum 


a3  = 1.20  ft 
d3  = 1.20  ft 
£3  = 1.20  ft 
03  « 0 

Compute: 

Spherical  segment 


a4  = 1.20  ft 
d4  = 1.368  ft 
iA  - 0.96  ft 
eA  = 5° 


(equation  7,2.1.2-c) 


2«1/ds  = Cj/r,  = 0.50 

C ' = -0.50perrad  (figure  7. 2. 1.2- 13b) 
m£»i 

nx  = -£0  = -0.55  ft 
dj  ■ a2  = 0.62  ft 

CN  = 0.75  per  rad  (figure  4.2.1.1-23) 

°l 

C ' = -0.430  per  rad  (figure  4.2.2. l-20b) 
ma1 

CN  ' = 0.865  per  rad  (figure  7.2.1. l-9b) 


= -0.50  - (-1.774)  (-0.43)  + (-0.887)  (0.865)  - (1.574)  (0.75) 
= _0.50  - 0.763  - 0.767  - 1.180 


= —3.210  per  rad  phased  on 


Forward  cone  frustum 


a2/d2  = X,  = 0.517 


7.2. 1.2-8 


1.  N 1 


' = --0.68  per  rad  (figure  7.2.1.2-12) 

c‘2 

h = ~(*o  +£i>  = -0.73 

-N  = 1.250  per  rad  (figure  4.2.1.1-26) 
a2 

' = -0.590  per  rad  (figure  4.2.2. 1 -20a) 

a2 

"N  ' = 1.22  per  rad  (figure  7.2.1. l-9a) 

*2 


(equation  7.2.1.2-c) 


= -0.68  - (-1.217)  (-0.590)  + (-0.608)  (1.22)  - (0.74)  (1.25) 


= -0.68  - 0.718  - 0.742  - 0.925 


ler 

3M3  - Xj  - 1.0 

:m  ' = 0 (figure  7.2.1.2-12) 

13 

3 15  "(*o  +*i  +E2>  * -!•« 

' =0  (figure  4.2.1.1-26) 

% 

=0  (figure  4.2.2. l-20a) 
a 3 

'N  =0  (figure  7.2.1.1-9a) 

**3 


7.2.1. 2-9 


Rear  cone  frustum 


a4/d4  = \ =‘0-877 

C ' = —0.250  per  rad  (figure  7.2.1.2-12) 

m<u 

n4  = ~(£0  + + £2  + £3)  = -2.65 

CN  = 0.450  per  rad  (figure  4.2.1.1-26) 


Cm  ' = -0.19  per  rad  (figure  4.2.2.  l-20a) 


'“4 


= 0.36  per  rad  (figure  7.2.1. l-9a) 


<U 


n4  n4  / n4V 

“ 2 T Cm  ' + T CN  ' - 2(  — ) CN 

d4  ma4  d4  Nq4  \ d4  / Na4 


(equation  7.2.1.2-c) 


= -0.25  - (-3.87)  (-0.19)  + (-1.94)  (0.36)  - (7.53)  (0.45) 
= -0.25  - 0.735  - 0.698  - 3.388 

/ ffd, 

= -5.072  per  rad  (based  on 

\ 4 


¥-) 


Solution: 

Converting  the  derivative  for  each  segment  to  a common  reference  area  and  square  of  the  di- 
ameter, the  base  area  and  diameter  of  the  rear  cone  frustum,  and  adding  gives 


C_  = C. 


\ 4 


/d2V 

+ c_  ( — ) + c 

*2  \d4  / 


t4 


q3  \u4 


+ C (equation  7.2.1. 2-d) 


/if!  Y 3.065  Y 
\1.368  / \l.368/ 


= -3'210  p i ; -3-065 

= -0.1354  - 1.8148  - 5.072 


+ 0 + (-5.072) 


= -7.C22  per  rad  phased  on 


¥■) 
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7.2.2  BODY  ACCELERATION  DERIVATIVES 
7.2.2. 1 BODY  ACCELERATION  DERIVATIVE  CLi 


Methods  are  presented  for  determining  the  body  contribution  to  the  derivative  Cl^  in  the 
subsonic,  transonic,  and  supersonic  speed  ranges. 

Datcom  methods  are  based  on  the  relatively  simple  results  derived  from  slender-body  theory  in  a 
manner  similar  to  that  used  to  predict  the  body  pitching  derivatives.  It  is  assumed  that  a 
relationship  of  corresponding  slender-body  derivatives  may  be  applied  with  reasonable  accuracy 
to  the  case  of  vertical  acceleration  in  a manner  similar  to  that  of  reference  1.  This  approach  to 
the  calculation  of  body  dynamic  derivatives  has  been  applied  with  reasonable  success  by  Walker 
and  Wolowicz  in  reference  2.  It  was  shown  in  reference  1 that,  although  slender-body  theory 
alone  does  not  accurately  predict  the  characteristics  of  nonslender  bodies,  the  ratio  of 
corresponding  slender-body  derivatives  may  be  used  with  reasonable  accuracy  to  predict  the 
static  forces  on  nonslender  configurations.  The  body  contribution  to  Cl^  is  then  given  as  the 
product  of  the  lift-curve  slope  CLa  and  the  ratio  of  slender-body  derivatives,  i.e., 


/ ilendet-body  theory 


Since  slender-body  theory  states  that  body  force  characteristics  are  independent  of  Mach 
number,  the  limitations  of  these  methods  are  determined  by  the  limitations  of  the  methods  used 
in  determining  the  derivative  Cl0  in  the  various  speed  regimes.  Experimental  data  should  be  used 
for  the  body  lift-curve  slope  when  available. 

A.  SUBSONIC 

There  is  no  explicit  method  available  in  the  literature  for  the  estimation  of  body  acceleration 
derivatives  in  the  subsonic  speed  range.  The  method  presented  below  is  based  on  the  application 
of  slender-body  theory  in  the  manner  previously  discussed. 

DATCOM  METHOD 

The  body  contribution  to  Cl^,  based  on  body  base  area  and  body  length,  is  given  by 


(per  radian) 


7.2.2. 1-a 


7.2.2.1-1 


where 

Cl^  is  the  body  lift-  'urve  slope  from  paragraph  A of  Section  4. 2. 1.1  multiplied  by 
(VB 2/3/St,),  based  on  Sb  (per  radian). 

VB  is  the  total  body  volume  from  Section  2.3. 

Si,  is  the  body  base  area. 

Sb  is  the  length  of  the  body. 

Sample  Problem 

Given:  Same  ogive-cylinder  configuration  as  sample  problem  of  paragraph  A of  Section  7. 2. 1.1. 


d = 1 ft  = 6.0  ft  Fineness  Ratio  = 6.0 

VB  = 3.88  cu  ft  (Section  2.3)  Sb  = 0.785  sq  ft 

C,  = 1.724  per  rad  (based  on  SK,  Section  7,2. 1.1) 

Compute: 

VB  __  (3,88) 

SbeB  ~ (0.785)  (6.0) 

Solution: 

Cl4  ‘ 7 C|  « (vt) 

= 2(1.724)  (0.824) 

= 2.84  per  rad  (based  on  S.,£_) 


= 0.824 


(equation  7.2.2. 1 -a) 
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B.  TRANSONIC 


The  only  available  method  for  determining  the  body  dynamic  stability  derivatives  at  transonic 
speeds  is  that  of  Landahl  in  reference  3.  However,  Landahl’s  results  for  the  acceleration 
derivatives  are  frequency-dependent  and  no  quantitative  information  is  presented.  Since  slender- 
body  theory  states  that  body  force  characteristics  are  independent  of  Mach  number,  the  method 
of  paragraph  A is  applicable  throughout  the  transonic  speed  range. 

C.  SUPERSONIC 

Several  of  the  theoretical  methods  available  for  estimating  the  body  acceleration  derivatives  in 
the  supersonic  speed  range  are  briefly  discussed  in  Section  7.2.  These  include  simple  slender-body 
theory,  theories  treated  within  the  assumptions  of  slender-body  theory,  and  hybrid  theory.  The 
method  presented  here  is  based  on  the  results  of  simple  slender-body  theory.  Theories  treated 
within  the  assumptions  of  slender-body  theory  are  mathematically  complex  and  restricted  to 
specific  planforms;  therefore,  no  general  quantitative  information  of  their  results  is  presented. 

The  supersonic  Cn^  of  cones  may  be  obtained  from  the  hybrid  theory  solution  of  reference  4. 

DATCOM  METHOD 

The  method  presented  here  for  determining  the  body  contribution  to  Cj^,  based  on  body  base 
area  and  body  length,  is  the  same  as  that  of  paragraph  A and  is  given  by  equation  7.2.2.1-a,  i.e.. 


where  Cna  is  the  body  normal-force-curve  slope  from  paragraph  C of  Section  4.2. 1.1,  evaluated 
at  the  appropriate  Mach  number.  The  other  parameters  are  defined  in  paragraph  A of  this 
section. 

D HYPERSONIC 

The  body  contribution  to  the  derivative  Cn  ^ in  the  hypersonic  speed  range  is  shown  in 
reference  5 to  be  zero  when  determined  by  the  Newtonian  impact  theory. 
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1.  Pitt*,  W.  C.,  NMitn,  J.  N.,  and  Kaattari,  G.  E.:  Lift  and  Canter  of  Prauure  of  Wing-Body-Tail  Combination*  at  Subtonic, 
Transonic,  and  Supartonic  Speed*.  NACA  TN  1307,  1967.  <U) 

2.  Walker,  H.  J„  and  Wolwricz.  C.  H.:  Theoretical  Stability  Derivative*  for  the  X-15  Research  Airplane  at  Supersonic  and 
Hypertonic  Speeds  Including  a Companion  with  Wind-Tunnel  Result*.  NASA  TM  X-287,  I960.  HJI 

3.  Landahl,  M.  T.:  Force*  and  Moment*  on  Oscillating  Slender  Wing-Body  Combination*  at  Sonic  Speed.  MIT  Fluid  Dynamics 
Retaerch  Group  Report  No.  56-1,  1956.  (U) 


7.2.2.1-3 


Reviled  September  1970 


7.2.2.2  BODY  ACCELERATION  DERIVATIVE  Cm£t 


Methods  are  presented  for  determining  the  body  contribution  to  the  acceleration  derivative  Cm^ 
in  the  subsonic,  transonic,  and  supersonic  speed  ranges. 

Datcom  methods  are  based  on  the  same  assumptions  that  were  made  in  regard  to  the  estimation 
of  the  body  contribution  to  the  derivative  Cj,^,  and  the  general  discussion  of  Section  7.2.2. 1 is 
directly  applicable  here.  The  body  contribution  to  Cm^  is  expressed  as 


= C 


lender-body  theory 


The  limitations  of  these  methods  are  determined  by  the  limitations  of  the  methods  used  in 
estimating  the  static  derivative  Cma  in  the  various  speed  regimes.  Experimental  data  should  be 
used  for  the  body  pitching-moment-curve  slope  when  available. 

A.  SUBSONIC 

The  comments  of  Paragraph  A of  Section  7.2.2. 1 are'  directly  applicable  here. 

DATCOM  METHOD 

The  body  contribution  to  Cm<i,  based  on  body  base  area  and  the  square  of  the  body  length  and 
referred  to  an  arbitrary  moment  center,  is  given  by 


= 2 C 


7.2.2.2-a 


where 

Cma  is  the  body  pitching-moment-curve  slope  from  Paragraph  A of  Section  4.2.2. 1, 
multiplied  by  VB/(Sb£B)- 

xc  is  the  longitudinal  distance  from  the  vertex  to  the  centroid  of  the  volume  and  is 
given  by  Equation  7.2. 1.2-b,  i.e., 

Jo  S(x)  x dx 

xc v 

VB 
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xm  is  the  longitudinal  distance  from  the  body  vertex  to  the  center  of  rotation,  positive 
aft. 

£b  is  the  length  of  the  body. 

Vb  is  the  total  body  volume  from  Section  2.3. 

St,  is  the  body  base  area. 


Sample  Problem 

Given:  Same  ogive-cylinder  configuration  as  sample  problems  of  Paragraph  A of  Sections  7 2 12 
and  7.2. 2.1. 


d * 1 ft  = 6.0  ft  Fineness  Ratio  » 6.0 

y 

® = 0.824  (Section  7.2.2.1) 


Cm  = 0.781  per  rad 
xc  = 3.55  ft 


| (Section  7.2. 1.2) 


Solution: 


= 0.367 


x » 3.8  ft 

m 


1.222-2 


(Equation  7,2.2.2-a) 


= 0.117  per  rad  (based  on  Sb£g) 


B.  TRANSONIC 

The  comments  of  Paragraph  B of  Section  7.2.2. 1 are  directly  applicable  here.  The  method  of 
Paragraph  A is  applicable  throughout  the  transonic  speed  range. 


C.  SUPERSONIC 

The  theoretical  methods  applicable  for  the  estimation  of  the  body  contribution  to  the  derivative 
Cnig  parallel  those  of  the  body  contribution  to  the  derivative  Cl£-  Therefore,  the  general 
comments  of  Paragraph  C of  Section  7.2.2. 1 are  also  applicable  here. 

The  supersonic  Cm^  for  a cone  can  be  estimated  by  the  hybrid  theory  solutions  presented  in 
Reference  1 . 


DATCOM  METHOD 

The  method  presented  here  for  the  body  contribution  to  Cm<J  , based  on  body  base  area  and  the 
square  of  the  body  length  and  referred  to  an  arbitrary  moment  center,  is  the  same  as  that  of 
Paragraph  A and  is  given  by  Equation7.2.2.2-a,  i.e.. 


1 .2.2.2' 


where  Cma  is  the  body  pitching-moment-curve  slope  from  Paragraph  C of  Section  4.2.2. 1, 
evaluated  at  the  appropriate  Mach  number.  The  other  parameters  are  defined  in  Paragraph  A of 
this  section. 

D.  HYPERSONIC 

The  body  contribution  to  the  dervative  Cm<^  in  the  hypersonic  speed  range  is  shown  in 
Reference  1 to  be  zero  when  determined  by  the  Newtonian  impact  theory. 
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7.3  WING-BODY  DYNAMIC  DERIVAlIVES 
7.3.1  WING-BODY  PITCHING  DERIVATIVES 
7.3. 1.1  WING-BODY  PITCHING  DERIVATIVE  CLq 


The  information  contained  in  this  section  is  for  estimating  the  pitching  derivative  Cj„q  of 
wing-body  configurations  at  low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of  material 
presented  in  other  sections;  however,  the  method  of  application  is  new. 

The  Datcom  methods  are  based  on  the  assumption  that  the  mutual  interferences  that  occur 
between  components  for  angle-of-attack  variations,  determined  in  references  1 and  2 and 
presented  in  Section  4.3. 1.2,  may  be  employed  with  reasonable  accuracy  to  the  case  of  steady 
pitching.  This  approach  to  the  calculation  of  wing-body  pitching  derivatives  has  been  used  with 
reasonable  success  by  Walker  and  Wolowicz  in  reference  3. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  pitching  derivative  Ci.q  of  a wing-body 
configuration,  differing  only  in  their  treatment  of  the  mutual  interference  effects. 

DATCOM  METHODS 


Method  1 

For  wing-body  configurations  similar  to  sketch  (id)  of  Section  4.3. 1.2,  the  pitching  derivative 
CLq,  based  on  the  area  and  mean  aerodynamic  chord  of  the  total  panel  and  referred  to  a 
moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


(Cl<,)\VB  ' [Kw<B>  + K*<*>]  (s)  (c)  (C^ q)e  + (^X^ 


where 

Kw(B)  and  Kb(w>  are  the  appropriate  wing-body  interference  factors  obtained  from  Section 
4.3. 1.2. 

(CLqje  is  the  contribution  of  the  exposed  panel  to  the  pitching  derivative  CLq,  obtained 
from  Section  7. 1.1.1.  (See  Section  4.3. 1.2  for  the  definition  of  exposed  surfaces.) 

(C^q) £ is  the  contribution  of  the  body  to  the  pitching  derivative  CLq,  obtained  from 
Section  7.2. 1.1. 
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is  the  ratio  of  the  exposed  to  the  total  panel  area. 


is  the  ratio  of  the  body  base  area  to  the  total  panel  area. 


— is  the  ratio  of  the  mean  aerodynamic  chord  of  the  exposed  panel  to  the  mean 
c aerodynamic  chord  of  the  total  panel, 


— is  the  ratio  of  the  body  length  to  the  mean  aerodynamic  chord  of  the  total  panel, 
c 


Moment  transfer  calculations  are  included  as  an  integral  part  of  the  wing  and  body  derivative 
estimation  methods  of  Sections  7.1. 1.1  and  7.2. 1.1,  respectively. 

Method  2 

For  wing-body  configurations  similar  to  sketch  (c)  of  Section  4.3. 1.2,  the  pitching  derivative 
<dq,  based  on  the  area  unu  mean  aerodynamic  chord  of  the  total  panel  and  referred  to  a 
moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


fOwB  “ K(WB)(ClJw  +(CLq)B  U 
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where 


K/U,n,  is  the  wing-body  interference  factor,  obtained  from  figure  4.3. 1.2-1 2c  of  Section 
4.3. 1.2. 

|CL  \w  is  the  contribution  of  the  total  panel  to  the  pitching  derivative  CLq , obtained  from 
Section  7. 1.1.1. 


The  remaining  terms  are  defined  in  method  1 above.  Moment  transfer  calculations  are  included 
as  an  integral  part  of  the  wing  and  body  derivative  estimation  methods  of  Sections  7. 1.1.1  and 
7.2. 1.1,  respectively. 


Sample  Problem 


Method  1 


Given:  An  ogive-cylinder-body-triangular-wing  configuration 
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EXPOSED  PANEL 


Wing  Characteristics: 


Total  Panel  Exposed  Panel 


A = 5.0 

:v 

ii 

o 

\ - 

5.0 

\ = 0 

A^  = 38*67° 

S = 414.0  sq  ft 

*>.  = 

38.37  ft 

Sc  = 294.50  sq  ft 

Sv  = 0 

cr  = 18,20  ft 

Ac/2 

= 21.8° 

c = 15.375  ft 

C 

b = 45.50  ft 

c = 12.133  ft 

Cc  = 10.25  ft 

NACA  66-206  airfoil  section 
Body  Characteristics: 

= 25.0  ft  £b  = 77.20  ft  d = 7.127ft 


Tlie  following  ratios  based  on  total  panel  dimensions: 


Additional  Characteristics: 


M = 0.60  xm  = 43.70  ft  (moment  center  at  c/4  of  total  panel) 

0 = 0.80  — = 0.157 

b 

Compute: 

Step  1.  Pitching  derivative  C.  for  exposed  panel  (Section  7. 1.1.1) 

N 

Ce,  =6.19  per  rad  (table  4.1.1-B) 

« 


a 


K = 


2n 


= 0.985 


7 D*  + ta"! 


5.0 

0.985 


[0.64  + 0.16]1/2  = 4.54 


u 


= 0.90  per  rad  (figure  4.1.3.2-49) 


(CL  ^ = 4.50  per  rad 

tan  A, 


LE 


1.0 


Ae  tan  ALE  = 4-° 


= 0.560  (figure  4.1.4.2-26a) 


= 0.408  (from  planform  geometry  of  exposed  panel  with  c.g.  at  c/4  of  total 
panel) 


f Y X 

*3.C.  *C.g. 


(equation  7.1.1.1-b) 
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= (0.560  - 0.408)  1.50  = 0.228 


(equation  7. 1.1.1 -a) 


= (0.956)  (4.50) 


= 4.30  per  rad  (based  on  Sc) 

C C 

Step  2.  Wing-body  interference  factors  (Section  4. 3. 1.2) 


KW(B) 

KB(W) 


1.125  ) 
0.215  J 


(figure  4.3.1.2-10) 


Step  3.  Pitching  derivative  C.  for  body  (Section  7. 2. 1.1) 

Lq 


£ _ 77.20 
d ~ 7.127 

(k2  -k,)  = 
X1  = 


= 10.83 

0.947  (figure  4.2. 1.1 -20a) 
25.0  ft 


25.0 

77.2 


0.324 


* 0.55  (extrapolated  using  figure  4,2.1.1-20b) 


xo  = 42.46  ft 


Sc  = Sx  = 39.88  sq  ft 


*N  _ 25.0 
d 7.127 


= 3.508 


— -p  = 0.535  (figure  2.3-5,  ogive) 

SoKN 


VN  = (0.535)  (39.88)  (25.0)  = 533.4  cu  ft 
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VB  = (*b-*n)si+vh 

= (77.2  -’25.0)  (30.88)  + 533.4 
= 2615.1  cu  ft 
Vb2/3  = 189.8  sq  ft 

2(k2  - kt ) So 

(C,  \ = — (equation  4.2. 1.1 -a) 

\ Vb2/3 

2(0.947)  (39.88) 

189.8 

= 0.398  per  rad  (based  on  Vfi  ^ ) 

/C,  \ = 0.398  — - — = 0.398  = 1.894  per  rad  (based  on  Sb) 

\ La) B Sb  \ 39.88/ 


0.434 


(equation  7. 2. 1.1 -a) 


= 2(1.894)  (0.434) 

- 1,644  per  rad  (based  on  Sfc  CB ) 


Solution: 


(\U  = ^(B)  + KB(W)]y(7)(CLq)e+(CLq)B(^)(F)  (e9uati°n  7.3.1.1-a) 


= (1.1  rj  + 0.215)  (0.7113)  (0.845)  (4.30)  + (1.644)  (0.0963)  (6.363) 
= 3.46  + 1.007 


- 4.467  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total 
panel  and  referred  to  a moment  center  at  c/4  of  the  total  pane!) 
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B.  TRANSONIC 


The  aerodynamic  interference  effects  for  slender  wing-body  configurations  are  relatively 
insensitive  to  Mach  number;  consequently,  the  slender-body  interference  factors  of  Section 
4.3. 1.2  should  give  reasonable  results.  For  nonslender  configurations,  transonic  interference 
effects  can  become  quite  large  and  sensitive  to  minor  changes  in  local  contour. 

DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A for  estimating  the  pitching 
derivative  Cl^  of  a wing-body  configuration  be  applied  to  the  transonic  speed  regime.  Care 
should  be  taken  to  estimate  the  contributions  of  the  lifting  panel  and  body  at  the  appropriate 
Mach  number.  The  interference  factors  should  be  obtained  from  paragraph  C,  Section  4.3, 1.2. 

C.  SUPERSONIC 

The  information  included  in  the  Datcom  accounts  for  most  of  the  mutual  interferences  that 
occur  between  components  of  a wing-body  configuration  at  supersonic  speeds.  These  interference 
effects  have  been  accounted  for  by  the  slender-body  interference  factors  of  Section  4.3. 1.2. 

\ DATCOM  METHODS 


The  methods  presented  in  paragraph  A for  estimating  the  pitching  derivative  CLq  of  a wing-body 
configuration  are  also  applicable  to  the  supersonic  speed  range.  Care  should  be  taken  to  estimate 
the  contributions  of  the  lifting  panel  and  body  at  the  appropriate  Mach  number. 

Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  A 
M.  = 1.4  0 = 0.98 

Compute: 

Step  1.  Pitching  derivative  CL  for  exposed  panel  (Section  7. 1.1.1) 


tan  Ajj, 
0 — 


0.816 


Ae  tan  AU-  = 4 0 

0^CN  j = 4.0  per  rad  (figure  4. 1.3. 2 -56a) 
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CL  \ = 4.08  per  rad 

a/e 


(figure  4.1.4.2-26a) 


(from  planfomi  geometry  of  exposed  panel  with  c.g,  at  e/4  of  total 
panel) 

(equation  7.1.1.1-b) 

C 


= (0.67  - 0.408)  1.50  = 0.393 


/3  cot  Ale  = 1.225  (supersonic  leading  edge) 
= 4.90 


cot'1  (0  cot  Ale)  = 39.23° 

(CLq)e  = 0 7.U.  1*1  la) 

(C>X  = (cOc2(r).(cO.<*"*^7-lxU) 

= 0 + 2(0.393)  (4.08) 

= 3.21  per  rad  (based  on  Sece) 


Step  2.  Wing-body  interference  factors  (Section  4, 3. 1.2) 
KW(#)  = 1.125  (figure  4.3.1.2-10) 

/3d  (0.98)  (7.127) 


15.375 


=•■  0.455 


wB(W ) 


= 3.90  (figure  4. 3. 1.2-1  la) 


(.K  + i) 


= (0.98)  (4.08)  (1)  (6.38  - 1)  = 21.51 


K 


B(W) 


3.90 

21.51 


0.181 


Step  3.  Pitching  derivative  C.  for  body  (Section  7. 2. 1.1) 


, *A  77.2  - 25.0 
A " d 7.127 


*N  = 


25.0 

7.127 


= 3.51 


fA/fN  - 2.09 


0.98 

JJ\ 


= 0.279 


CN  \ = 2.74  per  rad  (figure  4. 2. 1.1-2 la,  extrapolated) 

" a/B 


0.434  (sample  problem.  Daragraph  A) 


(W  ‘ 2 (C».)»  (‘  eB 

» 2(2.74)  (0.434) 

= 2.378  per  rad  (based  on  Sb£B) 

Solution: 


^ (equation  7.2.1.1-a) 


(equation  7.3.1. 1-a) 

= (1.125  + 0.181)  (0.7113)  (0.845)  (3.21)  + (2.378)  (0.0963)  (6.363) 

= 2.520  + 1.457 

= 3.977  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total 
panel  and  referred  to  a moment  center  at  c/4  of  the  total  panel) 


1 
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7.3. 1.2  WING-BODY  PITCHING  DERIVATIVE  Cmq 


The  information  contained  in  this  section  is  for  estimating  me  pitching  derivative  Cmq  of 
wing-body  configurations  at  low  angles  of  attack.  The  derivative  Cmq  is  a measure  of  the 
pitcning  moment  produced  by  rotational  motion  about  a spanwise  axis  and  is  commonly  referred 
to  as  the  pitch-damping  derivative, 

The  Datcorn  methods  are  based  on  the  same  assumption  that  was  made  in  regard  to  the  pitching 
derivative  C[,q  of  a wing-body  configuration,  and  the  general  discussion  of  Section  7. 3. 1.1  is 
directly  applicable  here. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  pitching  derivative  Cmq  of  a wing-body 
configuration,  differing  only  in  their  treatment  of  the  mutual  interference  effects. 

DATCOM  METHODS 


Method  1 

For  wing-body  configurations  similar  to  sketch  (d)  of  Section  4.3. 1.2,  the  pitching  derivative 
Cmq,  based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord  of  the  total  panel  and 
referred  to  a moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


7.3.1.2-a 


where 

(Cmq)e  is  the  contribution  of  the  exposed  panel  to  the  pitching  derivative  Cmq,  obtained 
from  Section  7. 1.1.2.  (See  Section  4. 3. 1.2  for  the  definition  of  exposed  surfaces.) 

(Cmq)B  is  the  contribution  of  the  body  to  the  pitching  d ivative  Cmq,  obtained  from 
Section  7.2. 1. 2. 

The  remaining  terms  are  defined  in  paragraph  A of  Section  7,3.1. 1.  Moment  transfer  calculations 
are  included  as  an  integral  part  of  the  wing-  and  body-derivative  estimation  methods  of  Sections 
7. 1.1.2  and  7.2. 1.2,  respectively. 

Method  2 

For  wing-body  configurations  similar  to  sketch  (c)  of  Section  4.3. 1.2,  the  pitching  derivative 
Cmq,  based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord  of  the  total  panel  and 
referred  to  a moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


(Cmq)wB  = K(WB)  (Cmq)w  + (Cm  q)B  ( S 
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where 

(Cm  q)w  is  the  contribution  of  the  total  panel  to  the  pitching  derivative  Cmq,  obtained  from 
Section  7. 1.1. 2. 

The  remaining  terms  are  defined  in  method  1 above  and  paragraph  A of  Section  7.3. 1.1.  Moment 
transfer  calculations  are  included  as  an  integral  part  of  the  wing-  and  body-derivative  estimation 
methods  of  Sections  7. 1.1.2  and  7.2. 1.2,  respectively. 

Sample  Problem 

Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  A,  Section  7.3. 1.1.  The  characteristics 
are  repeated  below. 


Wing  Characteristics: 

Total  Panel 

A = 5.0  X » 0 


Exposed  Panel 


Ae  = 5.0 


\ = o 


Ale  38.67°  S = 414.0  sq  ft  b = 38.37  ft  S = 294.50  sq  ft 


V = 0 

b = 45.50  ft 


cf  = 18.20  ft 


c = 12.133  ft 


Ac/4  = 30.96°  c,  = 15.375  ft 


ce  = 10.25  ft 


NACA  66-206  airfoil  section 


Body  Characteristics: 


fiN  = 25.0  ft 


= 77.20  ft 


d = 7.127  ft 


The  following  ratios  based  on  total  panel  dimensions: 


= 0.7113 


= 0.7140 


= 0.0963 


(¥>■ 


40.49 
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Additional  Characteristics: 


M = 0.60 


x = 43.70  ft  (moment  center  at  c/4  of  total  panel) 

m 


*0  = 0.80 


- = 0.157 
b 


Compute: 


Step  1 . Pitching  derivative  Cm  for  exposed  panel  (Section  7. 1 . 1 .2) 


Cn  = 6.19  per  rad 
xa 


It)  * 0.228 

lC, 


> (sample  problem,  paragraph  A,  Section  7.3. 1.1) 


cosAc/4  * 0.8576 


tan  Ac/4  = 0.600 


B * v/l  - M2  cos2  Ac/4  « 0.8575 


oj|. 


-0.7  Cj  cos  A^4 


H+J(t)2 


A,  + 2 cos  Ac/4 


± / A,3  tan2  AcM  \ + j_ 
24  yAe  + 6 cos  A t/4y  + 8 


(equation  7.1.1.2-a) 


-0.7(6.19)  (0.8576) 


5 t (0.228)  + 2(0.228)* 


5 + 2(0.8576) 


1 [ (5)3  (0.6)2  1 +2 

24  [ 5 + 6(0.8576)J  8 
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-3.72 


1.090  + _1_  / 45  \ ^ 

6.715  + 24  \l  0.146/  + 8 

= -3.72(0.4721) 


= -1.76  per  rad  (based  on  Sece2) 


Ae3  tan2  Ac/4 

3 

Ae  B + 6 cos  Ac/4 

| _____ 

B 

V tan2  \/4 

+ 3 

Ae  + 6 cos  Ac/4 

(equation  7.1.1.2-b) 


(5)3  (0.6)2  3 _ 

(5)  (0.8575)  + 6(0.8576)  + 0.8575 

(5)3  (0-6)2  + 

5 + 6(0.8576) 


/4.77  + 3.499\ 

USITT-)'-1-76) 


■( 


8.269X 


7.435/ 


(-1.76) 


= -1.96  per  rad  (based  on  Secf2) 

Step  2.  Wing-body  interference  factors  (Section  4.3. 1.2) 

^W(B)  = \ 

> (sample  problem,  paragraph  A,  Section  7. 3. 1.1) 
KB(W)  = 0.215  J 

Step  3.  Pitching  derivative  Cm  for  body  (Section  7. 2. 1.2) 
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Ax  = 2.5  ft 


rtf 


From  sample  problem,  paragraph  A,  Section  7 .3. 1.1: 

(k2  — kj)  = 0.947  VB  = 2615.1  cu  ft  Sb  = 39.88  sq  ft 

Xj  = 25.0  ft  x0  = 42.46  ft 

Determine  /Cm  \ 


Station 

d 

ft 

xn 

•q  ft 

o dS* 

AS  Ax 

x dx 

<x„  - 
m 

•—  (x  - X)  Ax 
dx  m 

1 

1.137 

1.016 

1.016 

42.033 

42.71 

2 

2.600 

5.306 

4.293 

39.787 

170.81 

3 

3.72S 

10.896 

5.589 

37.376 

208.89 

4 

4.660 

16.982 

6.064 

34.904 

212.36 

6 

5.450 

23.328 

6.346 

32.417 

206.72 

6 

6.150 

29.706 

6.378 

29.925 

19086 

7 

6,626 

34.472 

4.766 

27.425 

130.71 

8 

6 950 

37.937 

3.406 

24.940 

86.42 

9 

7.100 

39.692 

1.655 

22.446 

37.16 

*1 

7.127 

39.  SCO 

0.288 

19.949 

6.74 

*0 

7.127 

39.880 

0 

9.870 

0 

dS-  , 

T*  <x” 


- x)  Ax 


1291 


2(k2-  kt) 


s 


dSx 

(x  - x)  Ax  (equation  4.2.2. 1-a) 

dx  m 


2(0.947)(1291) 

2615.1 


0.935  per  rad  (based  on  VB ) 


(0.935) 


0.935 


(2615.1) 
(39.88)  (77.2) 


0.794  per  rad  (based  on  S^J B ) 


•x  if  takan  to  ba  at  tht  cantor  of  vcluma  of  aach  body  wgmant. 
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2103.72 

2367.97 

106,377. 


•so  S(x)  x dx 


2615.1 


SbCB  " (39.88)  (77.2) 


116,313 

2615.1 


= 0.849 


- 44.48  ft  (equation  7.2.1.2-b) 


1 “ g~)  ~ 0-^34  (sample  problem,  paragraph  A,  Section  7. 3. 1.1) 


(S)»  = 2(c-.). 


= 2(0.794) 


\ *.  I V, 

(0.434)2  - 0.849 

\ 77.20  / 


(equation  7.2.1.2-a) 


0.434  - 0.849 


•x  it  taken  to  ba  at  the  cantar  of  voluma  of  each  body  ta»T>ant. 
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'0.1884  - 0.849  (0.0101) 
” -0.415  _ 


= -0,689  per  rad  (based  on  Sb8B2) 

Solution: 


(equation  7.3.1.2-a) 

= (1.125  + 0.215)  (0.71 13)  (0.7140)  (-1.96)  + (-0.689)  (0.0963)  (40.49) 

= -1.334  - 2.687 

= -4.021  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  panel  and  referred  to  a moment  center  at  c/4 
of  the  total  panel) 


B.  TRANSONIC 

The  comments  of  paragraph  B of  Section  7. 3. 1.1  are  directly  applicable  here. 


DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A for  estimating  the  pitching 
derivative  Cmq  of  a wing-body  configuration  be  applied  to  the  transonic  speed  regime.  Care 
should  be  taken  to  estimate  the  contributions  of  the  lifting  panel  and  body  at  the  appropriate 
Mach  number.  The  interference  factors  should  be  obtained  from  paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  comments  of  paragraph  C of  Section  7.3. 1.1  are  directly  applicable  here. 

DATCOM  METHODS 

The  methods  presented  in  paiagraph  A for  estimating  the  pitching  derivative  Cmq  of  a wing-body 
configuration  are  also  applicable  to  the  supersonic  speed  range.  Care  should  be  taken  to  estimate 
the  contributions  of  the  lifting  pane!  ar.d  body  at  the  appropriate  Mach  number. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  C,  Section  7. 3. 1.1  and  paragraph  A of 
this  section. 

M = 1.4  0 = 0.98 

Compute: 

Step  1.  Pitching  derivative  Cm  for  exposed  panel  (Section  7. 1.1. 2) 


(f)  • 0393 


P cot  Ale  = 1 .225  (supersonic  leading  edge) 


Ae  0 = 4.90 


(sample  problem  paragraph  C,  Section 
7.3. 1.1) 


cot  1 (0  cot  Ale)  = 39.23 


(CL  ^ =3.21  per  rad 
— 0 ^Cm  = 1.018  per  rad  (figure  7.1.1. 2-10a) 

^Cm  = -1 .039  per  rad 

(c-,).  = -(I),(cs).  <e9ua*k’n7llM> 

= -1.039  - (0.393)  (3.21) 


= -2.301  per  rad  (based  on  S.c  2) 

V V 


Step  2.  Wing-body  interference  factors  (Section  4.3. 1.2) 

^w(B)  = 1-125  | 

> (sample  problem,  paragraph  C,  Section  7. 3. 1.1) 

KB(W>  = u-lsl  ) 


Step  3.  Pitching  derivative  C for  body  (Section  7.2. 1.2) 


fN  = 3.51 


fA/fN  = 2.09 


-f-  = 0.279 
fN 


^CN  = 2.74  per  rad 


x = 44.48  ft 


(sample  problem,  paragraph  C,  Section  7.3. 1.1) 


= 0.849 


(sample  problem,  paragraph  A) 


‘ - V ’ °'434 


o — s 0.195  (figure  4.2.2.  l-S'Sa,  extrapolated) 
kb 


43.70 

77.20 


= 0.566 


(c-«)»  ■ (if  - v)  (Cn°)»  <'qua,ion  4'J'2'U) 


= (0.566  - 0.195)  2.74 


= 1.017  per  rad  (based  on  Sbfig) 


(c»,)»  • 2(c».), 


1 - 


XmV  VB  Ac  Ol 

^B  / ^b^B  \ ^B  ^B  / 

7,  - h)  - A 

\ CB  / ®B 


(equation  7.2.1.2-a) 
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Solution: 


= 2(1.017) 


0.434  - 0.849 


= 2.034 


/ 0.1798\ 
1-0.415/ 


= -0.881  per  rad  (based  on  SbfiB3) 


/ WB 


= IKW(b)  + Kb(W)1  (s)(l)(C«,)«  + (CwJb(s)(c) 

(equation  7.3.1.2-a) 

= (1.125  + 0.181)  (0.71 13)  (0.7140)  (-2.301)  + (-0.881)  (0.0963)  (40.49) 


= -1.526  - 3.435 


= -4,961  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  panel  and  referred  to  a moment  center  at  c/4 
of  the  total  panel) 
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7.3.2. 1 WING-BODY  ROLLING  DERIVATIVE  CYp 


This  settion  presents  methods  for  estimating  the  wing-body  contribution  to  the  rolling  deriva- 
tive Cy  p at  subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  side-force  coefficient  with 
change  in  the  wing-tip  helix  angle. 

A.  SUBSONIC 

Experimental  evidence  indicates  that  the  effect  of  the  fuselage  on  the  side  force  due  to  rolling  is 
negligible  throughout  the  angle-of-attack  range  up  to  the  stall.  Therefore,  the  method  of  Section  7. 1.2.1 
for  estimating  the  wing-alone  derivative  at  subsonic  speeds  is  also  applicable  to  wing-body  configurations. 
Available  test  data  are  limited  to  wing-body  configurations  with  body  diameters  less  than  about  30 
percent  of  the  wing  span.  Therefore,  the  application  of  the  wing-alone  method  is  limited  to  values 
of  d/b  < 0.3. 

The  method  consists  of  determining  the  value  of  CYp  at  zero  lift  and  extrapolating  this  result  to  high 
lift  coefficients  by  using  experimental  values  of  lift  and  drag  at  high  lift  coefficients.  The  method  also 
includes  the  effect  of  geometric  dihedral. 


DATCOM  METHOD 

The  variation  of  the  wing-body  rolling  derivative  CYj)  with  lift  coefficient  at  subsonic  speeds  is 
obtained  by  using  the  method  of  paragraph  A of  Section  7.1. 2.1.  In  using  this  method  experimental 
values  of  wing-body  lift  and  drag  are  used  in  evaluating  the  dimensionless  correction  factor  K.  This 
method  is  limited  to  configurations  with  body  diameters  less  than  about  30  percent  of  the  wing  span, 
i.e.,  d/b  < 0.3. 

If  experimental  wing-body  lift  and  drag  data  are  not  available,  wing-alone  test  data  may  be  used.  If 
experimental  lift  and  drag  data  are  not  available,  no  attempt  should  be  made  to  extrapolate  the  zero-lift 
value  to  higher ' lift  coefficients.  The  negligible  importance  of  the  derivative  does  not  warrant  the 
complexities  involved  in  estimating  the  lift  and  drag  characteristics.  Furthermore,  no  known  general 
method  for  estimating  the  variation  of  the  drag  coefficient  will  give  results  reliable  enough  to  use  in 
determining  the  correction  factor  for  extrapolating  the  potential-flow  values  to  higher  lift  coefficients. 

The  sample  problem  presented  at  the  conclusion  of  paragraph  A of  Section  7. 1.2.1  illustrates  the  use  of 
this  method. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  rolling 
derivative  CYp-  Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  the  effect  of  the  fuselage  on  the 
rolling  derivative  CYp. 

For  the  purposes  of  the  Datcom  the  fuselage  effect  is  considered  to  be  negligible  for  wing-body 
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configurations  with  body  diameters  less  than  abort  30  percent  of  the  wing  span.  Therefore,  for 


configurations  with  d/b  < 0.3  the  wing-body  rolling  derivative  Cy  is  estimated  by  the  wing-alone 
method  of  paragraph  C of  Section  7. 1.2.1. 

No  known  experimental  data  are  available  for  this  derivative  at  supersonic  speeds.  Therefore,  the  validity 
of  the  Datcom  application  cannoi  be  determined. 

DATCOM  METHOD 

The  wing-body  rolling  derivative  Cyp  at  supersonic  speeds  and  at  low  values  of  the  lift  coefficient  is 
obtained  by  using  the  method  of  paragraph  C of  Section  7. 1.2.1, 

This  method  is  limited  to  configurations  with  body  diameters  less  than  about  30  percent  of  the  wing 
span,  i.e.,  d/b  < 0.3. 

The  sample  problem  at  the  conclusion  of  paragraph  C of  Section  7. 1.2.1  illustrates  tne  use  of  this 
method. 
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7.3.2.2  WING-BODY  ROLLING  DERIVATIVE  C/p 


This  section  presents  methods  for  estimating  the  wing-body  contribution  to  the  rolling  derivative  C/p  at 
subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  rolling-moment  coefficient  with  change 
in  the  wing-tip  helix  angle  and  is  commonly  referred  to  as  the  roll-damping  derivative. 

A.  SUBSONIC 

Experimental  evidence  indicates  that  in  general  for  configurations  with  the  ratio  of  maximum  body 
diameter  to  wing  span  less  than  about  30  percent,  i.e.,  d/b  < 0.3,  the  effect  of  the  fuselage  on  the  roll 
damping  is  negligible  over  the  angle-of-attack  range  up  to  the  stall.  Therefore,  the  method  of  Section 
7. 1.2. 2 for  estimating  the  wing-alone  derivative  at  subsonic  speeds  is  applied  in  this  section  to  estimate 
the  wing-body  roll  damping  at  subsonic  speeds. 

The  method  consists  of  first  determining  the  value  of  C/p  at  zero  lift  based  on  simplified  lifting-surface 
theory,  then  assuming  that  variations  in  the  lift-curve  slope  will  affect  Ci  in  the  same  proportion 
as  Cl?,  and  finally  accounting  for  the  drag  associated  with  the  additional  lift  on  the  outer  portion  of 
the  wing  resulting  from  flow  separation  and  the  attendant  formation  of  a stable  leading-edge  vortex.  The 
method  also  accounts  for  geometric  dihedral. 

The  Datcom  method  accounts  for  the  variations  in  wing-body  lift-curve  slope,  drag  due  to  lift,  profile 
drag,  and  the  effect  of  dihedral.  The  method  requires  knowledge  of  the  variation  of  lift  and  drag  over 
the  angle-of-attack  range  to  the  stall.  Therefore,  the  method  is  quite  rctdily  applied  if  experimental  lift 
and  drag  data  are  available. 

This  method  is  restricted  to  configurations  with  values  of  d/b  < 0.3. 

Although  all  the  bodies  of  the  wing-body  configurations  analyzed  were  bodies  of  circular  cross  section, 
the  method  should  give  reasonable  values  for  configurations  with  noncircular  cross-section  bodies, 
provided  reliable  values  of  the  wing-body  lift-curve-slope  variation  are  available. 

DATCOM  METHOD 

The  variation  of  the  wing-body  rolling  derivative  Q with  lift  coefficient  at  subsonic  speeds  is  obtained 
by  using  the  method  of  Paragraph  A of  Section  7.1 .2.2.  In  using  this  method  experimental  values  of 
wing-body  lift  and  drag  are  used  in  evaluating  the  variations  of  lift-curve  slope  and  profile  drag. 

The  limitations  of  the  method  as  applied  to  wing-alone  configurations  are  equally  applicable  to  the 
method  when  applied  to  a wing-body  configuration. 

A comparison  of  the  roll-damping  derivative  calculated  by  using  this  method  with  test  results  is 
presented  as  Table  7.3.2.2-A.  Experimental  values  of  wing-body  lift  and  drag  have  been  used  in 
evaluating  the  roll-damping  derivative  of  all  the  configurations  listed  in  the  table. 

If  test  data  for  wing-body  lift  and  drag  are  not  available,  the  wing-alone  result  should  be  used  for  tne 
wing-body  roll  damping  of  configurations  with  d/b  < 0.3.  In  this  case  wing-alone  test  data  are  preferred, 
but  if  they  are  not  available, the  wing-alone  lift  and  drag  should  be  estimated  as  outlined  in  Section  7.1 .2.2. 
The  Datcom  methods  for  estimating  the  wing-body  lift  and  drag  variations  with  angle  of  attack  have  not 
been  substantiated  and,  therefore,  should  not  be  used  in  evaluating  the  wing-body  roll  damping. 
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The  sample  problem  presented  at  the  conclusion  of  Paragraph  A of  Section  7. 1.2.2  illustrates  the  use  of 
this  method. 


B.  TRANSONIC 

There  are  no  reliable  methods  for  estimating  the  derivative  Ci  in  the  transonic  region.  Although  this 
derivative  might  be  expected  to  vary  with  Mach  number  in  the  same  manner  as  lift-curve  slope,  this 
trend  is  not  exhibited  by  experimental  data.  A considerable  quantity  of  wing-body  test  data  is  available, 
however,  and  reference  should  be  made  to  Table  7-A. 

C.  SUPERSONIC 

Reference  1 presents  a linear-theory  method  for  estimating  the  roll  damping  of  thin  supersonic- 
leading-edge  triangular  and  rectangular  wings  mounted  on  cylindrical  bodies.  The  roll  damping  of  thin 
subsonic-leading-edge  triangular  wings  mounted  on  cylindrical  bodies  is  presented  in  Reference  2 based  on 
slender-wing  theory.  These  theoretical  results  show  that  for  most  of  the  range  of  variables  the  net  effect 
of  the  body  is  to  decrease  the  roll  damping.  The  body  effect  is  small  for  body  diameters  less  than  about 
30  percent  of  the  wing  span  (d/b  < 0.3)  for  both  triangular  and  rectangular  wing  configurations. 
However,  the  body  effect  increases  rapidly  as  the  ratio  of  body  diameter  to  wing  span  increases  beyond 
this  vaiue.  Unfortunately,  at  the  higher  values  of  d/b  the  theory  does  r.ot  show  the  same  trend  with 
Mach  number  for  the  body  effects  of  configurations  with  triangular  and  rectangular  wings.  At  these 
higher  values  of  d/b  the  body  effect  increases  with  increasing  Mach  number  for  configurations  with 
rectangular  wings;  whereas,  the  body  effect  decreases  with  increasing  Mach  number  for  configurations 
with  triangular  wings.  Therefore,  at  higher  values  of  d/b  the  theoretical  results  for  triangular  and 
rectangular  wings  cannot  be  applied  to  indicate  the  general  trend  of  the  body  effect  for  configurations 
with  other  planforms. 

The  Datcom  uses  a design  chart,  based  on  the  theoretical  results  of  References  1 and  2 and  a limited 
amount  of  experimental  data,  to  account  for  the  effect  of  a circular  body  on  the  roll  damping  of  a 
wing-body  configuration  at  zero  lift.  This  chart  is  applicable  to  all  straight-tapered  wing  configurations  at 
values  of  d/b  < 0.3,  but  is  restricted  to  triangul  r wing  configurations  at  higher  values  of  d/b. 

DATCOM  METHOD 

The  wing-body  roll-damping  derivative  at  supersonic  speeds,  based  on  the  product  of  the  wing  area  and 
the  square  of  the  wing  span  Sw  b^, , is  given  by 


WB 


(per  radian) 
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where  (Qp)w  is  the  wing  contribution  to  the  roll-damping  derivative  at'  supersonic  speeds,  obtained  by 
using  the  method  of  Paragraph  C of  Section  7.1 .2.2,  including  the  effects  of  wing  thickness,  and 

c, 

P 

7 ^ : is  the  semiempirical  body-correction  factor  obtained  from  Figure  7.3.2.2-13  as  a 

( 1 p/,j/b-3  function  of  the  ratio  of  maximum  body  diameter  to  wing  span  and  the  Mach 
* number  normal  to  the  leading  edge. 
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Figure  7.3.2.2-13  is  applicable  to  all  straight-tapered  wing  configurations  with  circular  bodies  over  the 
range  0 < d/b  < 0.3.  For  values  of  d/b  > 0.3  this  chart  is  applicable  only  to  configurations  consist- 
ing of  triangular  wings  mounted  o.-  cylindrical  bodies. 

Experimental  results  reported  in  Reference  15  for  triangular  wing-body  configurations 
with  d/b  " 0.4  and  0.6,  and  for  subsonic,  sonic,  and  supersonic  leading  edges,  show  good  agreement 
with  the  values  given  by  Figure  7.3.2.2-13. 

No  experimental  data  are  presently  available  to  substantiate  the  theoretical  results  of  Reference  1 for 
rectangular  wing  body  configurations  with  values  of  d/b  > 0.3. 

As  noted  above,  the  triangular-  and  rectangular-wing  results  of  References  1 and  2 at  values 
of  d/b  > 0.3  cannot  be  used  to  indicate  the  general  trend  of  the  body  effects  for  other  planforms. 

The  supersonic  roll-damping  derivative  in  the  linear-lift  range  calculated  by  this  method  is  compared 
with  test  results  in  Table  7.3.2.2-B.  Although  all  configurations  listed  in  Table  7.3.2. 2-B  have  cylindrical 
bodies,  the  method  may  be  applied  to  configurations  having  bodies  which  are  not  true  cylinders,  but 
which  are  almost  cylindrical. 


Sample  Problem 

A triangular  wing-body  configuration  of  Referenced. 

ALE  = 44.90  Ac/2  = 26.70  A = 4.05  X = 0 

d/b  = 0.20  M = 1.92;  0 = 1.639 

Airfoil:  Hexagon,  Sj_  = 4.9° 


Compute: 

0A  = (1.639)  (4.05)  = 6.64 
A tan  Ac/?  = (4.05)  (tan  26.7°)  = 2.04 


(C 

V ‘P  'theory 


0.0505  per  rad  (Figurc7. 1.2.2 -25a) 


/3cotALE  = (1.639)  (cot  44.90)  = 1.642  (supersonic  leading  edge) 
tan  £ tan  44,90 


1.639 


= 0.608 


(cO 


= 0-970  (^igure7. 1.2.2-27) 


theory 
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(cl  ) 

V e'd/b»0 


= 0.970  (Figure7.3.2.2-13) 


Solution: 


( C,  ) 

\ ‘p/w 


'(C'P) 


theory 


l. 


J (cO, 


theory 

= [-0.0505]  (4.05)  (0.970) 


= —0.198  per  rad 


C, 


(cO„  -(cO 


pK  (ci  ) 

x P 7 d/b=0 


(Equation  7 . 1 .2.2-d) 


(Equation  7.3.2.2-a) 


- (-0.198)0.970 

= -0.192  per  rad  (based  on  Swb^) 

This  compares  with  a test  value  of  -0.182  per  radian  from  Reference  14. 
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7.3.2.3  WING-BODY  ROLLING  DERIVATIVE  C„p 

This  section  presents  methods  for  estimating  the  wing-body  contribution  to  the  rolling  derivative  C„p  at 
subsonic  and  supersonic  speeds.  This  derivative  is  the  change  in  yawing-moment  coefficient  with  change 
in  wing-tip  helix  angle. 

A.  SUBSONIC 

Experimental  evidence  indicates  that  the  effect  of  the  fuselage  on  the  yawing  moment  due  to  rolling  is 
negligible  throughout  the  angle-of-attack  range  up  to  the  stall.  Therefore,  the  method  of  Section  7. 1.2. 3 
for  estimating  the  wing-alone  derivative  at  subsonic  speeds  is  also  applicable  to  wing-body  configurations. 
Available  test  data  are  limited  to  wing-body  configurations  with  body  diameters  less  than  about  30 
percent  of  the  wing  span.  Therefore,  the  application  of  the  wing-alone  method  is  limited  to  values 
of  d/b  < 0.3. 

The  method  consists  of  determining  the  value  of  C„p  at  zero  lift  and  extrapolating  the  result  to  high 
lift  coefficients  by  using  experimental  values  of  lift  and  drag  at  high  lift  coefficients.  The  method  also 
includes  the  effects  of  wing  twist  and  symmetric  flap  deflection. 

DATCOM  METHOD 

The  variation  of  the  wing-body  rolling  derivative  Cn  with  lift  coefficient  at  subsonic  speeds  is  obtained 
by  using  the  method  of  Paragraph  A of  Section  7J.2.3.  In  using  this  method  experimental  values  of 
wing-body  lift  and  drag  are  used  in  evaluating  the  dimensionless  correction  factor  K.  This  method  is 
limited  to  configurations  with  body  diameters  less  than  about  30  percent  of  the  wing  span,  i.e., 
d/b  < 0.3. 

If  experimental  wing-body  lift  and  drag  data  are  net  available,  wing-alone  test  data  may  be  used  to 
determine  the  wing-body  rolling  derivative  Cnp.  No  attempt  should  be  made  to  extrapolate  the  zero-lift 
value  to  higher  lift  coefficients  using  estimated  lift  and  drag  results.  No  known  general  method  for 
estimating  the  variation  of  drag  coefficient  will  give  results  reliable  enough  to  use  in  determining  the 
correction  factor  for  extrapolating  the  potential-flow  values  to  higher  lift  coefficients. 

The  sample  problem  at  the  conclusion  of  Paragraph  A of  Section  7. 1.2.3  illustrates  the  use  of  this 
method. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  rolling 
derivative  C„p.  Furthermore,  no  known  experimental  results  are  available  for  this  derivative  at  transonic 
speeds.  r- 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  the  effect  of  the  fuselage  on  the 
rolling  derivative  C„p  at  supersonic  speeds. 

For  the  purpose  of  the  Datcom  the  fuselage  effect  is  considered  to  be  negligible  for  wing-body 
configurations  with  body  diameters  less  than  about  30  percent  of  the  wing  span.  Therefore,  for 


configurations  with  d/b  < 0.3  the  wing-body  rolling  derivative  C„p  is  estimated  by  the  wing-alone 
method  of  Paragraph  C of  Section  7. 1.2. 3. 

No  known  experimental  data  are  available  for  this  derivative  at  supersonic  speeds.  Therefore,  the  validity 
of  the  Datcom  application  cannot  be  determined. 

DATCOM  METHOD 

The  wing-’oody  rolling  derivative  C„p  at  supersonic  speeds  in  the  range  of  lift  coefficients  for 
which  Cnp  varies  linearly  with  CL  is  obtained  by  using  the  method  of  Paragraph  C of  Section  7. 1.2. 3. 

This  method  is  limited  to  configurations  with  body  diameters  less  than  about  30  percent  of  the  wing 
span,  i.e.,  d/b  < 0.3.  «• 
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7.3.3  WING-BODY  YAWING  DERIVATIVES 
7.3.3. 1 WING-BODY  YAWING  DERIVATIVE  CYf 


This  section  recommends  methods  for  estimating  the  wing-body  contribution  to  the  yawing 
derivative  Cyf  at  subsonic  speeds.  However,  at  subsonic,  transonic,  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body  contribution  to  the  yawing 
derivative  Cyf.  This  derivative  is  the  change  in  side-force  coefficient  with  variation  in  yawing 
velocity. 

A. .  SUBSONIC 

Experimental  evidence  indicates  that  the  effect  of  the  fuselage  on  the  side  force  due  to  yawing  is 
negligible  throughout  the  angle-of-attack  range  up  to  the  stall.  Therefore,  the  recommendations 
of  Section  7. 1.3.1  for  estimating  the  wing-alone  derivative  at  subsonic  speeds  are  also  applicable 
to  wing-body  configurations. 

The  recommendations  of  Section  7. 1.3.1  consist  of  using  available  experimental  data,  when 
applicable,  or  the  method  of  reference  1 to  estimate  Cyr. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  Cyr.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  Cyr.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  supersonic  speeds. 
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7. 3.3.2  WING-BODY  YAWING  DERIVATIVE  C/r 


This  section  presents  a method  for  estimating  the  wing-body  contribution  to  the  yawing 
derivative  C/r  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no  generalized 
methods  are  available  for  estimating  the  wing-body  contribution  to  the  yawing  derivative  C/r. 
This  derivative  is  the  change  in  rolling-moment  coefficient  with  change  in  the  yawing  velocity. 

A.  SUBSONIC 

Experimental  evidence  indicates  that  the  effect  of  the  fuselage  on  the  rolling  moment  due  to 
yawing  is  negligible.  Therefore,  the  method  of  Section  7. 1.3. 2 for  estimating  the  wing-alone 
derivative  at  subsonic  speeds  is  also  applicable  to  wing-body  configurations.  Available  test  data 
are  limited  to  wing-body  configurations  with  body  diameters  less  than  about  30  percent  of  the 
wing  span.  Coasequently,  the  application  of  the  wing-alone  method  to  estimate  the  wing-body 
contribution  to  C/r  is  limited  to  values  of  d/b  < 0.3. 

DATCOM  METHOD 

The  variation  of  the  wing-body  yawing  derivative  C/r  is  obtained  by  using  the  method  of  Section 
7. 1.3. 2.  The  method  consists  of  determining  the  value  of  C/r  at  zero  lift  and  extending  this  value 
to  high  lift  coefficients  by  using  a semiempirical  correction  factor  and  test  data  for  C ifi.  The 
method  also  includes  the  effect  of  geometric  dihedral,  wing  twist,  and  flap  deflection.  The 
method  is  limited  to  configurations  with  body  diameters  less  than  about  30  percent  of  the  wing 
span;  i.e.,  d/b  < 0.3. 

The  sample  problem  presented  at  the  conclusion  of  paragraph  A of  Section  7. 1.3. 2 illustrates  the 
use  of  this  method. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  C/r.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  Qr.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  supersonic  speeds. 
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7.3.3.3  WING-BODY  YAWING  DERIVATIVE  Cnr 


This  section  presents  a method  for  estimating  the  wing-body  contribution  to  the  yawing 
derivative  C„r  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no  generalized 
methods  are  available  for  estimating  the  w-  -body  contribution  to  the  yawing  derivative  Cnr. 
This  derivative  is  the  change  in  yawing-moi.  .,t  coefficient  with  change  in  the  yawing-velocity 
parameter  and  is  commonly  referred  to  as  the  yaw  damping. 

A.  SUBSONIC 

In  general,  the  wing-fuselage  contribution  to  damping  in  yaw  is  small  in  comparison  to  the 
vertical-tail  contribution.  The  contribution  from  the  fuselage  depends  upc~  the  relative  size  of 
the  fuselage  in  comparison  to  the  wing.  For  configurations  in  which  the  .uselage  is  large  relative 
to  the  wing,  the  fuselage  contribution  is  important.  Fuselages  having  flat  sides  or  having  a 
flattened  cross  section  with  the  major  axis  vertical  can  also  make  a significant  contribution 
(reference  1).  Experimental  data  have  also  shown  that  a flattened  cross-section  fuseiage  with  the 
major  axis  horizontal  can  have  negative  damping  in  yaw  at  moderate  and  high  angles  of  attack. 

No  generalized  method  exists  in  the  literature  for  predicting  the  fuselage  contribution  to  yaw 
damping.  Therefore,  for  the  purposes  of  the  Datcom,  fuselage  effects  are  considered  to  be 
negligible.  Consequently,  the  Datcom  method  of  Section  7. 1.3.3  for  estimating  the  wing-alone 
derivative  at  subsonic  speeds  is  also  applicable  to  wing-body  configurations. 

DATCOM  METHOD 

The  estimated  value  of  the  wing-body  yawing  derivative  C„r  is  obtained  by  using  the  method  of 
Section  7. 1.3.3.  In  using  this  method  experimental  values  of  wing  profile  drag  coefficient, 
evaluated  at  the  appropriate  Mach  number,  are  used  in  conjunction  with  the  lift  coefficient. 
These  coefficients  are  used  to  evaluate  the  two  major  contributions  to  Cni;  namely,  that 
resulting  from  the  drag  due  to  lift  and  that  resulting  from  the  profile  drag.  The  method  does  not 
account  for  the  effects  of  wing  flaps,  wing  twist,  or  wing  dihedral. 

The  sample  problem  presented  at  the  conclusion  of  paragraph  A of  Section  7. 1.3. 3 illustrates  the 
use  of  this  method. 

B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  Cnr.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 

wing-body  contribution  to  the  yawing  derivative  C„r.  Furthermore,  there  is  a scarcity  of 

experimental  data  for  this  derivative  at  supersonic  speeds. 
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7.3.4  WING-BODY  ACCELERATION  DERIVATIVES 

7. 3.4.1  WING-BODY  ACCELERATION  DERIVATIVE  CLi 

The  information  contained  in  this  section  is  for  estimating  the  acceleration  derivative  Cl£  of 
wing-body  configurations  at  low  angles  of  attack.  In  general,  it  consists  of  a synthesis  of  material 
presented  in  other  sections;  however,  the  method  of  application  is  new. 

Datcorn  methods  are  based  on  the  relatively  simple  results  derived  from  slender-body  theory  in  a 
manner  similar  to  that  used  to  predict  the  wing-body  pitching  derivatives.  It  is  assumed  that  the 
mutual  interferences  that  occur  between  components  for  angle-of-attack  variations,  determined  in 
references  1 and  2 and  presented  in  Section  4.3. 1.2,  may  be  applied  with  reasonable  accuracy  to 
the  case  of  normal  acceleration.  This  approach  to  the  calculation  of  wing-body  acceleration 
derivatives  has  been  applied  with  reasonable  success  by  Walker  and  Wolowicz  in  reference  3. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  acceleration  derivative  Cl^  ' f a wing-body 
configuration,  differing  only  in  their  treatment  of  the  mutual  interference  effects. 

DATCOM  METHODS 


Method  1 

For  wing-body  configurations  similar  to  sketch  (d)  of  Section  4.3. 1.2,  the  acceleration  derivative 
Cl£,  based  on  the  area  and  mean  aerodynamic  chord  of  the  total  panel,  is  given  by 


IKw(.,  + K 


»<W)J 


7.3.4. 1 -a 


where 

(^t-&)e  *s  t*ie  contribution  of  the  exposed  panel  to  the  acceleration  derivative  Cl^,  obtained 
from  Section  7.I.4.I.  (See  Section  4.3. 1.2  for  the  definition  of  exposed  surfaces.) 

(Cl*)b  is  the  contribution  of  the  body  to  the  acceleration  derivative  obtained  from 
Section  7.2.2. 1. 

The  remaining  terms  are  defined  in  paragraph  A of  Section  7.3. 1.1. 

Method  2 


For  wing-body  configurations  similar  to  sketch  (c)  of  Section  4.3. 1.2,  the  acceleration  derivative 
Cl£.  based  on  the  area  and  mean  aerodynamic  chord  of  the  total  panel,  is  given  by 


7.3.4. 1-1 


Sb\  / B , 


(CLi)wB  KW»  (Cl-d)w  + (Cl«)b  \s)  [c  ) 


7.3.4. 1-b 


where  (Cl(i)w  is  the  contribution  of  the  total  panel  to  the  acceleration  derivative  Q.^,  obtained 
from  Section  7. 1.4.1,  and  the  remaining  terms  are  defined  in  paragraph  A of  Section  7.3. 1.1  and 
method  1 above. 


Sample  Problem 


Method  1 


Given:  Same  configuration  as  sample  problems  of  paragraph  A,  Sections  7.3.1.!  and  7.3.1. 2.  Some 
of  the  characteristics  are  repeated  below. 

The  following  ratios  based  on  total  panel  dimensions: 

Se  ce  Sb  £b 

— - = 0.7113  — = 0.845  — = 0.0963  — = 6.363 

S c S c 

Additional  Characteristics: 


M = 0.60  /?  = 0.80  A.  = 5.0  - = 0.157  £„  = 77.2  ft 

* b B 


Compute: 


Step  1.  Acceleration  derivative  C.  . for  exposed  panel  (Section  7. 1.4.1) 


= 0.560 


(sample  problem,  paragraph  A,  Section  7. 3. 1.1) 


^CL  j = 4.50  per  rad 


pA  = 4.0 


-P2  CL(g) 


= 0.140  per  rad  (figure  7. 1.4. 1-6) 


CL(g)  = -1.718  per  rad 


7.3.4. 1-2 


(CL^  - 1.5  (CtQj  + 3 CL(g)  (equation  7.1.4. 1-a) 


= (1.5)  (0.560)  (4.50)  + 3(-l. 718) 


= 3.780  - 5.154 


= -1.374  per  rad  (based  on  Sc) 

C O 


Step  2.  Wing-body  interference  factors  (Section  4.3. 1.2) 


KW(B)  = 1.125 


^B(W)  ~ 0.215 


(sample  problem,  paragraph  A,  Section  7.3. 1.1) 


Step  3.  Acceleration  derivative  C,  . for  body  (Section  7.2.2. 1) 

La 


I 


VB  = 2615.1  cu  ft 


Sh  = 39.88  sq  ft 


^CL  j = 1 .894  per  rad  (based  on  Sfe ) 


(sample  problem, 
paragraph  A, 
Section  7.3. 1.1) 


2615.1 

(39.88)  (77.20) 


= 0.849 


(cOb  = 2(cJb  (sbeB) 


(equation  7.2.2. 1-a) 


= 2(1.894)  (0.849) 

= 3.216  per  rad  (based  on  SfefiB) 


Solution: 


(C^ot)wB  " [KW(B)  + IW  f-s)  (c)  (Ci-i)e  + (CLi)B  (s)  (c) 


(equation  7.3.4. 1-a) 


= (1.125  + 0.215)  (0.7113)  (0.845)  (-1.374)  + (3.216)  (0.0963)  (6.363) 


7.3.4.1-3 


-1. 107  + 1.971 


= 0.864  per  rad  (based  on  the  area  and  mean  aerodynamic  cnord  of  the  total 
panel) 


B.  TRANSONIC 

The  aerodynamic  interference  effects  for  slender  wing-body  configurations  are  relatively 
insensitive  to  Mach  number;  consequently,  the  slender-body  interference  factors  of  Section 
4.3. 1.2  should  give  reasonable  results.  For  nonslender  configurations  transonic  interference 
effects  can  become  quite  large  and  sensitive  to  minor  changes  in  local  contour. 

DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A for  estimating  the  acceleration 
derivative  Cl^  of  a wing-body  configuration  be  applied  to  the  transonic  speed  range.  Care  should 
be  taken  to  estimate  the  contributions  of  the  lifting  panel  and  body  at  the  appropriate  Mach 
number.  The  interference  factors  should  be  obtained  from  paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  information  included  in  the  Datcom  accounts  for  most  of  the  mutual  interferences  that 
occur  between  components  of  a wing-body  configuration  at  supersonic  speeds.  These  interference 
effects  are  accounted  for  by  the  slender-body  interference  factors  of  Section  4. 3. 1.2. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A for  estimating  the  acceleration  derivative  of  a 
wing-body  configuration  are  also  applicable  to  the  supersonic  speed  range.  Care  should  be  taken 
to  estimate  the  contributions  to  the  lifting  panel  and  body  at  the  appropriate  Mach  number. 


Sample  Problem 


Method  1 

Given;  Same  configuration  as  sample  problems  of  paragraph  C,  Sections  7. 3. 1.1  and  7. 3. 1.2,  and 
paragraph  A of  this  section. 

M - 1.4  0 = 0.98  - = 0.157 

b 


Compute: 

Step  1.  Acceleration  derivative  CN  . for  exposed  panel  (Section  7.1.4. 1) 


7.3.4.1-4 


0 cot  Ale  = 1.225  (supersonic  leading  edge) 
0Ae  * 4.90 

cot"1  (/3  cot  Ayj)  = 39.23° 


(sample  problem,  paragraph  C, 
Section  7. 3. 1.1) 


^[(Cn«)J«  = ° (figure  71A1'1Ia) 

[(c nJ,].  - ° 

4(CN.)Je  = 4.00  (figure  7. 1.4.1- 11c) 

[(CNi)J.  ' 408  P'rrad 


[(C»«)J.  ~ [Ml  <'<,U,ti0n  7-,-4-''C) 


(0)  - 


1 


(0.98)2 


(4.08) 


= -4.25  per  rad  (based  on  Sec#) 


Step  2.  Wing-body  interference  factors  (Section  4.3. 1.2) 

(sample  problem,  paragraph  C,  Section  7.3. 1.1) 


KW(b)  - 1-125 


KB(W)  = 0.181 


Step  3.  Acceleration  derivative  CN  . for  body  (Section  7.2.2. 1) 

N a 

Vn 

- 0.849  (sample  problem,  paragraph  A) 


Vb 


(CNq)b  = 2.74  per  rad  (sample  problem,  paragraph  C',  Section  7.3. 1.1) 


7.3.4.1-5 


(equation  7.2.2. 1 -a) 


(c^)»  ■ f~.),  ($ 

= 2(2.74)(0.849) 

= 4.653  per  rad  (based  on  Sb2fi) 

Solution: 


(equation  7.3.4. 1 -a) 

= (1.125  + 0.181)  (0.71 13)  (0.845)  (-4.25)  + (4.653)  (0.0963)  (6.363) 

= -3.336  + 2.851 

= —0.485  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total 
panel) 
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7. 3.4.2  WING-BODY  ACCELERATION  DERIVATIVE  CinA 


The  information  contained  in  this  section  is  for  estimating  the  acceleration  derivative  of 
wing-body  configurations  at  low  angles  of  attack. 

The  Datcom  methods  are  based  on  the  same  assumption  that  was  made  in  regard  to  the 
acceleration  derivative  of  a wing-body  configuration,  and  the  general  discussion  of  Section 
7.3.4. 1 is  directly  applicable  here. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  acceleration  derivative  Cm^  of  a wing-body 
configuration,  differing  only  in  their  treatment  of  the  mutual  interference  effects. 

DATCOM  METHODS 


Method  1 


For  wing-body  configurations  similar  to  sketch  (d)  of  Section  4.3. 1.2,  the  acceleration  derivative 
Cm^,  based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord  of  the  total  panel  and 
referred  to  a moment  center  at  the  assumed  center  of  gravity,  is  given  by 


where 


(Cm^)e  is  the  contribution  of  the  exposed  panel  to  the  acceleration  derivative  Cm^, 
obtained  from  Section  7. 1.4.2.  (See  Section  4.3. 1.2  for  the  definition  of  exposed 
surfaces.) 

(Cm^)B  is  the  contribution  of  the  body  to  the  acceleration  derivative  Cm^, obtained  from 
Section  7.2.2. 2. 


The  remaining  terms  are  defined  in  paragraph  A of  Section  7.3. 1.1.  Moment  transfer  calculations 
are  included  as  an  integral  part  of  the  wing-  and  body-derivative  estimation  methods  of  Sections 
7, 1.4.2  and  7. 2. 2. 2,  respectively. 

Method  2 


For  wing-body  configurations  similar  to  sketch  (c)  of  Section  4.3. 1.2,  the  acceleration  derivative 
Cm{j,  based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord  of  the  total  panel  and 
referred  to  a moment  center  at  the  assumed  center  of  gravity,  is  given  by 


7.3.4.2-b 


7.3.4.2-1 


where  (Cm^)w  is  the  contribution  of  the  total  panel  to  the  acceleration  derivative  Cm^,  and  the 
remaining  terms  ate  defined  in  paragraph  A of  Section  7. 3. 1.1  and  method  1 above.  Moment’ 
transfer  calculations  are  included  as  an  integral  part  of  the  wing-  and  body -derivative  estimation 
methods  of  Sections  7. 1.4.2  and  7. 2.2.2,  respectively. 


Sample  Problem 

Method  1 

Given;  Same  configuration  as  sample  problems  of  paragraph  A,  Sections  7. 3. 1,1,  7. 3. 1.2,  and 
7.3.4. 1.  Some  of  the  characteristics  are  repeated  below. 

The  following  ratios  based  on  total  panel  dimensions; 

C,e 

= 0.7140  = 1.50 

C'e 

- 40.49 

~ « 0.157  Sn  = 77.20  ft 

b B 

/3  = 0.80  xm  = 43.70  ft  (moment  center  at  c/4  of  total  panel) 


Additional  Characteristics; 

M ~ 060  At  = 5.0 


Compute. 

Step  1.  Acceleration  derivative  C . for  exposed  panel  (Section  7. 1.4.2) 


/_X!±\  = o.560 

\c<  A 


0.408 


(sample  problem,  paragraph  A,  Section  7. 3. 1.1) 


IV ' 


Nl 


= (0.408)  (i. SO)  =■  0,612 


= — 1.374  po  rad  (sample  problem,  paragraph  A,  Section  7.3.4. 1) 


/3Ae  = 4.0 


'-.I 

1 


p 


02C„(t) 


[■„ , 

V. 

S • 

>r  A/2 

i .. 

'n 

L- 

Cm  <8) 
m 0 

s , • 

i- 

[.;••• 

/C 

f- 

r 

1 •. 

V 

$ 9* 

t ; 

= 0.0767  per  rad  (figure  7.1. 4.2-8) 


27  'x 
16  V c 


) 4 3Cm  Q(g)  (equation  7.1.4.2-b) 


27 


(0.560)2  (4.50)  + 3(0.941) 


16 

-2.381  + 2.823 
0.442  per  rad 


* 


(C-a)e  “ (°-A +\T7.  W.  (eqU3ti0n  714‘2'a) 

- 0.442  + (0.612)  (-1.374) 

= -0.399  per  rad  (based  on  S c 2) 


1 \ 


Step  2.  Wing-body  interference  factors  (Section  4.3. 1.2) 

(sample  problem,  paragraph  A,  Section  7.3. 1.1) 


KW(3)  ~ 1 *^5 


^B(W)  ~ 0-215 


7.3A2-3 


2 


Step  3.  Acceleration  derivative  C , for  body  (Section  7.2. 2. 2) 


Vb 


= 0.849 


1 _ = 0.434 

v 8b  / 


(sample  problem,  paragraph  A,  Section  7. 3. 1.2) 


x„  = 44.48  ft 


(C„„)B  “ °-794  P'rrad 


(C»«)b  ■ 2(C»„)« 


VD  / x_  x 


B / c m ' 


VB 


B , 


(equation  7.2.2.2-a) 


= 2(0.794) 


Z44.48  - 43.70\ 

0.849  — - 

\ 77.20  / 


0.434  - 0.849 


, ,Qr  (0-849)  (0.01 0i)~ 
! " -0.415 


= -0.0328  per  rad  (based  on  Sb£R2) 


Solution: 


(equation  7.3.4.2-a) 

= (1.125  + 0.215)  (0.71 13)  (0.7140)  (-0.399)  + (-0.0328)  (0.0963)  (40.49) 
= -0.272  - 0.128 


73.4.2-4 


- -0,400  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  panel  and  referred  to  a moment  center  at  c/4 
of  the  total  panel) 


B.  TRANSONIC 

The  comments  of  paragraph  B of  Section  7.3.4. 1 are  directly  applicable  here. 

DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A for  estimating  the  acceleration 
derivative  Cm^  of  a wing-body  configuration  be  applied  to  the  transonic  speed  regime.  Care 
should  be  taken  to  estimate  the  contributions  of  the  lifting  panel  and  body  at  the  appropriate 
Mach  number.  The  interference  factors  should  be  obtained  from  paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  comments  of  paragraph  C of  Section  7.3.4. 1 are  directly  applicable  here. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A for  estimating  the  acceleration  derivative  Cm^  of  a 
wing-body  configuration  are  also  applicable  to  the  supersonic  speed  range.  Care  should  be  taken 
to  estimate  the  contributions  of  the  lifting  panel  and  body  at  the  appropriate  Mach  number. 


Sample  Problem 

Method  1 

Given:  Same  configuration  as  sample  problems  of  paragraph  C,  Sections  7. 3. 1.1,  7.3  1.2,  and 
7.3.4. 1,  and  paragraph  A of  this  section 

M = 1.4  p = 0.98  — = 0.157 

b 


Compute; 


Step  1 . Acceleration  derivative  C„,  , for  exposed  panel  (Section  7. 1 .4.2) 

m a 


P cot  Ale  = 1.225  (supersonic  leading  edge) 
cot-1  (p  cot  ALE)  = 39,23° 

P\  = 4.90 


(sample  problem,  paragraph  C, 
Section  7.3.1 .1) 


7. 3.4. 2-5 


= 0.612  (sample  problem,  paragraph  A) 


vn 

(^N^je  = “4.25  per  rad  (sample  problem,  paragraph  C,  Section  7.3.4. 1) 
^(cn,d)i]e  = 9.05  (figure  7.1. 4.2-1 3a) 

[(C™d)]e  = 9‘235  Perrad 

^Cm-)Je  = “4-52  (figure  7.1.4.2-130 
(M  = -4-612  per  rad 


(V).  - (^r)[(C"a),].+(7  +1)[(C»a)i  (equation  7.1.4.2^) 


/l4\2  / l 42  \ 

>551)  (9235,  + 


/ 


* 18.85  - 14.03 


= 4.82  per  rad 


(c-»).  * (c»i '), + (f1)  (c0.  <“iua,‘on 


“ 4.82  + (0,612)  (-4.25)  (CN  , is  assumed  to  be  equal  to  C, 

\ a Lc 

- 2,219  per  rad  ^based  on  S(c e2j 


Step  2.  Wing-body  interference  factors  (Section  4. 3. 1.2) 

^W(B)  “ 1125  \ 

> (sample  problem,  paragraph  C,  Section  7, 3. 1.1) 
kb(w>  = ) 


7. 3. 4.2-6 


r 


Step  3.  Acceleration  derivative  Cm  . for  body  (Section  7.2.2. 2) 

in  f 


Vb 


= 0.849 


« 0.434  / (sample  problem,  paragraph  A,  Section  7. 3. 1.2) 


(■-?)■* 

xc  = 44.48  ft 

(Cm  * 1.017  per  rad  (sample  problem,  paragraph  C,  Section  7. 3. 1.2) 


(c»«).  * 2(c»«), 


VB  !\ 


m 


^b®B  \®B 


( 


*B 


Vb 


(equation  7.2.2.2-a) 


= 2(1.017) 


(0,49)  («^z°) 

0.434  - 0.849 


Solution: 


..  T (0-849)  (0.0101)1 

' 2 034  [—3315 J 

= -0.0420  per  rad  (based  on  S^fig2) 


(*'ma)wB 


(^W(B)  + ^B(W) 


> ©ft)’  M'f.  J.(t)(K 


(equation  7.3.4.2ta) 

= (1.125  + 0.181)  (0.7113)  (0.7140)  (2.219)  + (-0.0420)  (0.0963)  (40.49) 

= 1.472  - 0.164 


= 1 .308  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  panel  and  referred  to  a moment  center  at  c/4 
of  the  total  panel) 


7.3.4.2-7 
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7.4  WING-BODY-TAIL  DYNAMIC  DERIVATIVES 
7.4.1  WING-BODY-TAIL  PITCHING  DERIVATIVES 
7.4. 1.1  WING-BODY-TAIL  PITCHING  DERIVATIVE  CLn 


The  information  contained  in  this  section  is  for  estimating  the  nondimensional  pitching  derivative 
Q,q  of  wing-body-tail  combinations  at  low  angles  of  attack-.  This  derivative  represents  the  lift 
due  to  pitching  velocity  at  a constant  angle  of  attack  and  is  defined  as 


In  general,  the  methods  presented  consist  of  a synthesis  of  material  presented  in  other  sections, 
although  some  new  information  is  presented. 

The  derivative  is  presented  in  a manner  similar  to  that  used  in  reference  1 to  calculate  the  lift  of 
a wing-body-tail  combination.  The  complete  derivative  is  the  sum  of  contributions  of  individual 
components,  treated  as  isolated  surfaces  or  bodies,  and  mutual  interference  effects.  The  mutual 
interference  effects  are  assumed  to  correspond  to  those  due  to  angle-of-attack  variations, 
established  in  references  1 and  2 and  presented  in  Section  4.3. 1.2. 

The  horizontal-tail  contribution  to  the  derivative  Q,q  is  based  on  the  assumption  that 
instantaneous  forces  on  the  tail  correspond  to  the  instantaneous  angle  of  attack.  This  assumption 
is  also  the  basis  used  in  estimating  the  horizontal-tail  contribution  to  the  derivative  Cmq  in 
Section  7.4.1. 2.  The  effect  of  this  assumption  is  presented  in  numerous  aerodynamic  texts,  for 
example,  reference  3.  The  effects  of  Ci,q  are  generally  small  and  frequently  neglected  in  dynamic 
analyses. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  pitching  derivative  Ci,q  of  wing-body-tail 
combinations,  differing  only  in  their  treatment  of  the  effect  of  the  flow  field  of  the  forward 
surface  on  the  aft  surface. 


DATCOM  METHODS 


Method  I.  (b'/b"  > 1.5) 

For  configurations  in  which  the  span  of  .the  forward  surface  is  large  compared  to  that  of  the  aft 
surface,  the  following  approach  can  be  used.  This  method  is  to  be  used  when  the  ratio  of  the 
forward-panel  span  to  the  aft-panel  span  is  1 .5  or  greater.  The  equation  of  the  nondimensional 
pitching  derivative  Clq  of  a wing-body-tail  configuration,  based  on  the  area  and  mean 


7.4. 1.1-1 


aerodynamic  chord  of  the  total  forward  panel  and  referred  to  a moment  center  at  the  assumed 
center  of  gravity  or  center  of  rotation,  is  given  by 


C 


L 


4 


(Ci,q)WB  + 2 I***,  + KB(W)1 


7.4.1. l-a 


where  the  primed  quantities  refer  to  the  forward  panel,  the  double-primed  quantities  refer  to  the 
aft  panel,  and  the  subscript  e refers  to  the  exposed  panel.  (See  Section  4.3. 1.2  for  the  definition 
of  exposed  surfaces.) 


(CLq)wB 


is  the  contribution  of  the  wing-body  configuration  to  the  pitching 
derivative  CLq,  obtained  from  Section  7.3.1. 1. 


[Kw(b>  + Kb(W)]"  ‘s  the  appropriate  wing-body  interference  factor  obtained  from 
Section  4.3. 1.2  for  the  aft  panel. 


n 


is  the  lift-curve  slope  of  the  exposed  aft  panel,  obtained  from  Section 
4. 1.3.2. 


v; 

s' 


is  the  ratio  of  the  exposed  aft  panel  planform  area  to  the  total 
pianform  area  of  the  forward  panel. 

is  the  distance  parallel  to  the  longitudinal  axis  between  the  moment 
reference  center  (usually  the  vehicle  center  of  gravity)  and  the 
quarter-chord  point  of  the  mean  aerodynamic  chord  of  the  total  aft 
horizontal  panel. 

This  parameter  is  approximated  in  Section  4.5 .2.1  as  xc^  - x"  = fi"+xc< 
(equation  4.5.2. 1-e)  where  xc<  and  fi"  are  defined  in  figures  4.5. 2.1 -7a 
and  -7  b. 


is  the  average  dynamic- pressure  ratio  acting  on  the  aft  surface, 
obtained  from  Section  4.4.1. 


Method  2.  (b'/b"  < 1.5) 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less 
than  that  of  the  aft  surface,  the  vortex  shed  from  the  forward  surface  interacts  directly  with  the 
aft  surface  and  the  resulting  interference  effects  must  be  accounted  for  in  the  tail  terms.  This 
method  is  to  be  used  when  the  ratio  of  the  forward-panel  span  to  the  aft-panel  span  is  less  than 
1.5.  The  equation  for  the  nondimensional  pitching  derivative  Ci,q  of  a wing-body-tail  configura- 
tion, based  on  the  area  and  mean  aerodynamic  chord  of  the  total  forward  panel  and  referred  to 
a moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


7.4.1. 1-2 


7.4.1. 1-a.  The  last  term  represents  the  effect  of  the  forward-panel  vortices  on  the  aft  panel  and  is 

given  by 


(CLa)w» 


where 

d'  and  d"  are  the  body  diameters  at  the  midchord  points  of  the  MAC  of  the  forward  and 
aft  surfaces,  respectively. 

b"  is  the  span  of  the  total  aft  panel. 

| is  obtained  from  figure  4.4.1  -71  as  a function  of  forward-panel  geometry. 

I»w'(w")  *s  ^e  vortex  interference  factor,  obtained  from  Section  4.4.1. 

A«"  is  the  aspect  ratio  of  the  exposed  aft  panel. 

(Cl^/  is  the  lift-curve  slope  of  the  exposed  forward  panel,  obtained  from  Section 
4. 1.3.2  (per  radian). 

(Q.0)e"  is  the  lift-curve  slope  of  the  exposed  aft  panel,  obtained  from  Section  4.1. 3. 2 
(per  radian). 

The  remaining  terms  are  defined  in  method  1 above. 

The  quantities  (Ci.a)e'  and  (CLa)e"  in  the  last  term  of  equation  7.4.1.1-b  must  be  expressed  in 
radians.  If  the  result  of  this  term  is  desired  per  degree,  the  conversion  must  be  applied  after  the 
term  is  evaluated. 

Because  of  the  similarity  of  the  two  methods  a sample  problem  of  method  2 is  not  included. 
However,  evaluation  of  the  term  (Clq|w"(v)  for  a wing-body-tail  configuration  is  presented  in 
Section  4.5. 1.1. 


\ 2 2 


7.4. 1.1 -3 


Sample  Problem 


Method  1 


Given:  An  ogive-cylinder-body — triangular-wing  and  triangular-tail  configuration.  The  wing-body 

configuration  is  the  same  as  that  of  the  sample  problem  of  Sections  7.3.1  and  7.3.4.  Many 
of  the  characteristics  are  repeated  below . 


B 


Ni 


r/A 


EXPOSED 

PANELS 


Although  a tail  has  been  added  to  the  wing-body  configuration  of  Sections  7.3.1  and  7.3.4,  for 
the  sake  of  simplicity  the  vehicle  center  of  gravity  is  taken  at  c'/4.  Therefore,  x - x"  = C", 
the  longitudinal  distance  from  the  quarter-chord  point  of  the  MAC  of  the  forward 'surface  to  the 
quarter-chord  point  of  the  MAC  of  the  aft  surface. 


7.4.1.11-4 


Wing  Characteristics: 


Total  Panel  Exposed  Panel 


A'  = 5.0 

X' 

= 0 

V 

= 5.0 

o 

it 

A^  = 38.67° 

T' 

= 0 

be' 

= 38.37  ft 

Se'  = 294.50  sq  ft 

i’  = 0 

Cr' 

= 18.20  ft 

c ' = 15.375  ft 

e 

b'  = 45.50  ft 

— / 

C 

= 12.133  ft 

c ' = 10.25  ft 

‘ S'  = 414.0  sq  ft 
NACA  66-206  airfoil  section 


Horizontal-Tail  Characteristics: 


Total  Panel 

Exposed  Panel 

A"  = 4.0  X" 

* 0 

A”  = 4.0  Xe" 

c c 

= 0 

Ale  = 45°  r” 

= 0 

be"  = 12.788  ft  Se” 

= 40.90  sq  ft 

11 

0 

= 9.958  ft 

Ac/2  * 26  56° 

= 6.394  ft 

b”  = 19.915  ft  c"  = 6.638  ft 

S"  = 99.16  sq  ft 

NACA  66-206  airfoil  section 

— ft 

Ce 

= 4.263  ft 

Body  Characteristics: 

£n  = 25.0  ft 

£b 

77.20  ft  d = 

7.127  ft 

The  following  ratios  based  on  total  forward-panel  dimensions: 

2”  Se" 

— = 2.26  — = 0.0988 

c S 


7.4. 1.1-5 


Additional  Characteristics: 


hH 

= 7.18  ft 

— = 2.794 
d 

Rj  = 5.16  x 107  (based  on  c') 

£” 

= 27.425  ft 

M = 0.60 

Sea  level 

X 

= 18.32  ft* 

p = 0.80 

Smooth  surfaces 

Compute: 

Step  1. 

Wing-body  C. 

ex'  = 4° 

(Section  7.. 3.1.1) 

^wet 

= 2 

Sref 

q 


(equation  7. 3. 1.1 -a) 

/C,  \ = 4.467  per  rad  (sample  problem,  paragraph  A,  Section  7. 3. 1.1) 

\ q/WB 

Step  2.  Lift-curve  slope  for  the  exposed  horizontal  tail  panel  (Section  4. 1.3.2) 


cp  = 6.19  per  rad  (table  4.1.1 -B) 
« 

cfi 

K — — 0.985 

2jt 


A p ^ 4 0 

— + tan2  A;},]1'2  = — [0.64+  0.25]1/2  - 3.83 


(figure  4.1.3.2-49) 


C,  \ " = 4.00  per  rad 

L0t/e 


*x  is  the  longitudinal  distance  measvied  from  the  wing  toot  tailing  edge  aft.  For  this  problem  it  is  taken  equal  to  fio  defined  in 
Section  4.4.1. 


7.4. 1.1-6 


Step  3.  Tail-body  interference  factors  (Section  4.3. 1.2) 


£ 

b" 


7.127 

19.915 


0.358 


W * 13,5  ) 

\ (figure  4.3.1.2-10) 

W » j 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 
Obtain  value  at  ft'  ■ 4° 


CL*  - 0.391  (sample  problem,  paragraph  A,  Section  7.4.4.1) 


1.62  CL 

e * (equation  4.4.1-k) 

aA' 

1.62(0.391) 

■ 57.3 

5» 

« 2J° 

y « tan*1  — ■ tan-1  ( ^ ■ 21.4°  (see  sketch  (d).  Section  4.4.1) 

1 x VI  8.32/ 

7 + e - ft'  « 21.4 1 23  - 4 « 19.7° 

i ■ x tan  (7  + e — o')  (equation  4.4.1-£) 

» 18.32  (0.3581)  » 6.56 

C{  « 0.00236  (figure  4.1.5.1-26) 


CD()  = Cf  j^l  + L(l)  + 100  (l)4]  Rjj.  (equation  4.1.5.1-a) 

1 ♦ L(i) + 100(i 

cosA(t/c)  * cosA  45c  * cos  23.76°  = 0.915 

mix 

Rx_s.  = l-*4  (figure  4. 1.5.1 -28b) 


y] 


1.072  (figure  4.1.5.  l-28a) 


(0.00236)  (1.072)  (1.14)  (2)  = 0.00577 


C 


D 


0 


242  (c°,r 

r + 0.30 


(equation  4.4. 1-m) 


2.42  (0.00577)1/2 
1.51  + 0.30 


c 


0.68  + 0^5  j (equation  4.4. 1-j) 


= 0.68  ^0.00577  (1.51  + 0.15)  = 0.0666 
z/c  6.56/12.133 


zw/c 


0.0666 


= 8.12 


^ l^\  C0S2(1  L 

\ 2 z„ 


(equation  4.4. 1-n) 


■ (0.102)  cos2  |jp~)  (8.12)  (57.3)j 


= (0.102)  (0.9834)2 


= 0.099 


q" 

9* 


(equation  4.4.  l-o) 


= 1 - 0.099  = 0.901 


Solution: 


Cl 


q 


+ 2[K 


W(B) 


+ ^B(W)^ 


(equation  7.4.1.1-a) 


= 4.467  + 2(1.315  + 0.550)  (0.0988)  (2.26)  (0.901)  (4.00) 

= 4.467  + 3.002 

= 7.47  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total  panel  and 
referred  to  a moment  center  at  c'/4) 


B.  TRANSONIC 

No  accurate  methods  are  available  for  estimating  the  characteristics  of  isolated  panels  or  the 
dynamic-pressure  ratio  in  the  transonic  speed  regime.  The  aerodynamic  interference  “K”  factors 
for  slender  configurations  are  relatively  insensitive  to  Mach  number;  however,  for  nonslender 
configurations  transonic  interference  effects  can  become  quite  large  and  sensitive  to  minor 
changes  in  local  oontour. 


DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A above  be  applied  directly  to  the 
transonic  speed  regime.  Care  should  be  taken  to  estimate  the  various  parameters  of  equations 
7.4.1.1-a  and  -b  at  the  appropriate  Mach  number.  The  interference  “K”  factors  should  be 
obtained  from  paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  information  included  in  the  Datcom  accounts  for  most  of  the  mutual  interferences  that 
occur  between  components  of  wing-body-tail  configurations  at  supersonic  speeds. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A above  are  also  applicable  to  the  supersonic  speed  range. 
Care  should  be  taken  to  estimate  the  various  parameters  of  equations  7.4.1.1-a  and  -b  at  the 
appropriate  Mach  number.  Method  3 of  paragraph  C of  Section  4.4.1  should  be  used  to  evaluate 
the  last  term  of  equation  7.4.1.1-b. 


Sample  Problem 

Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  A.  Some  of  the  characteristics  are 
repeated  below. 

The  following  ratios  based  on  total  forward-panel  dimensions: 

2”  V 

— = 2.26  — = 0.0988 

c S 


7.4. 1.1-9 


Additional  Characteristics: 


M = 1.40 

of  = 4° 

(3  = 0.98 

ALE  = 4 

A'  = 5.0 

k - ^ 

eg  at  c'/4 

3 

Sea  level 

Rg  = 1.2  x 10s  (based  on  c') 
Smooth  surfaces 


Compute: 


Step  1.  Wing-body  C.  (Section  7. 3. 1.1) 

q 


sA/c' 


(Cs)wB  lKW(B)  + KB(W)1’(  S’  Jig'  )(CLq)e'  +(CLq) 


» \sy\c/ 

(equation  7. 3. 1.1 -a) 


/C,  \ = 3.977  per  rad  (sample  problem,  paragraph  C,  Section  7. 3. 1.1) 

\ q/WB 

Step  2.  Lift-curve  slope  for  the  exposed  horizontal-tail  panel  (Section  4. 1.3. 2) 
3 

r n no 


tan  Ale 


- 0.98 


V taa  ale  = 40 


tan  A'le  ^Cn  J"  = 4.025  (figure  4.1.3. 2-56a) 
(Cy  j " = 4-025  per  rad 

Step  3.  Tail-body  interference  factors  (Section  4.3. 1.2) 
d" 

~7P  = 0.358  (sample  problem,  paragraph  A) 
b" 

Kw(B)"  = 1.315  (figure  4.3.1.2-10) 

(3d"  0.98  (7.127) 

~ = 1.092 

c 6.394 


7.4.1.1-10 


0.98 


P cot  A'le  = 


K 


B(W) 


e(c»X  <v + 0 


s - ') 


= 2.85  (figure  4.3.1 .2-1  la) 


0(CNj  " (Xe”  + 1)  (p  - l)  = 0.98(4.025X1)  (1.794)  = 7.076 


K 


2.85 


B(W)  7.076 


= 0.4028 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 

Obtain  at  a'  = 4°  Viscous  flow  field 

aQ  = -1.6°  (table  4.1.1  -B) 

CK  ' = 0.0712  per  deg  (sample  problem,  paragraph  C,  Section  7. 3. 1.1) 
a 

CN'  = CN  ' (a'-a0’)  = 0.07 12[4  - (—1.6)]  = 0.399 

Cf  ■ 0.0018  (figure  4.1.5.1-26) 

S . 

wet 

CD  = Cf  — — (equation  4.1 .5. 1-i) 

f Sief 

= (0.0018)  (2)  = 0.0036 

)3  cot  A.^  = (0.98)  (1.25)  = 1.225  (supersonic  leading  edge) 

bw 


w 


(equation  4.1.5.1-k) 


16 

3(0.98) 


(0.06)2  (1) 


= 0.0196 


Cn  = Cn  + Cn  (equation  4. 1.5.1 -h) 

uo  uf  uw 

- 0.0036  + 0.0196  = 0.0232 


7.4.1 .1-1 1 


2-42<c°.r 

- + 0.30 


(equation  4.4. 1-m) 


2.42(0.0232)1/2 
1.51  + 0.30 


0.204 


= 0.68  + 0.1 5^  (equation  4.4.1 -j) 


= 0.68  v/fo.0232)  (1.51  + 0.15) 
« 0.1334 
1.62  CN 

e = ; — (equation  4.4. 1-k) 

7rA 


(1.62)  (0.399) 
5?r 


(57.3) 


= 2.36° 

7 = 21.4°  (sample  problem,  paragraph  A) 


y + e-a  = 21.4  + 2.36  - 4 = 19.76° 


z = x tan  (7  + e - a')  (equation  4.4.1 -fi) 

- 18.32(0.3592)  = 6.581 

z _ z/c  _ 6.581/12.133  Q? 

zw  ~ zw/c  ” 0-1334 


Aq 

q 


(equation  4.4. 1-n) 


= (0.204)  cos2 


(~2~)(4‘07)  (57>3) 


= (0.204)  (0.9943)2  = 0.20 


1 — — - 
q 


(equation  4.4.  l-o) 


%> 


■ 1.0  - 0.20  = 0.80 

Solution: 


(equation  7.4. 1.1 -a) 

= 3.977  + 2(1.315  + 0.4028)  (0.0988)  (2.26)  (0.80)  (4.025) 

= 3.977  + 2.47 

= 6.447  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total  panel 
and  referred  to  a moment  center  at  c'/4) 
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7.41.2  WING-BODY-TAIL  PITCHING  DERIVATIVE  Cmq 


The  information  contained  in  this  section  is  for  estimating  the  nondimensional  pitching  derivative 
Cn,q  of  wing-body-tail  combinations  at  low  angles  of  attack.  The  derivative  Cmq  is  the  change  in 
pitching-moment  coefficient  with  varying  pitch  velocity  and  is  commonly  referred  to  as  the 
pitch-damping  derivative.  It  is  expressed  as 


This  derivative  is  very  important  in  longitudinal  dynamics,  since  it  represents  a major  portion  of 
the  damping  of  the  short-period  mode  for  conventional  aircraft. 

The  Datcom  methods  are  based  on  the  same  assumptions  that  were  made  for  the  total  pitching 
derivative  Q,q  of  wing-body-tail  combinations,  and  the  general  discussion  of  Section  7.4. 1.1  is 
directly  applicable  here. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  pitching  derivative  Cmq  of  wing-body-tail 
combinations,  differing  only  in  their  treatment  of  the  effect  of  the  flow  field  of  the  forward 
surface  on  the  aft  surface. 


DATCOM  METHODS 


Method  1.  (b’/b"  > 1.5) 

For  configurations  in  which  the  span  of  the  forward  surface  is  large  compared  to  that  of  the  aft 
surface,  the  following  approach  can  be  used.  This  method  is  to  be  used  when  the  ratio  of  the 
forward-panel  span  to  the  aft-panel  span  is  1 .5  or  greater.  The  equation  for  the  nondimensional 
pitching  derivative  Cmq  of  a wing-body-tail  configuration,  based  on  the  area  and  the  square  of 
the  mean  aerodynamic  chord  of  the  total  forward  panel  and  referred  to  a moment  center  at  the 
assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


m , 


= (C 


(<'m  q)wi 


2[KW(B)  + 


7.4.1.2-a 


where  the  primed  quantities  refer  to  the  forward  panel,  the  double-primed  quantities  refer  to  the 
aft  panel,  and  the  subscript  e refers  to  the  exposed  panel.  (See  Section  4. 3. 1.2  for  the  definition 
of  exposed  surfaces.) 


7.4. 1.2-1 


(Cmq)wB  t*ie  contribution  of  the  wing-body  configuration  to  the  pitching  derivative 
Cm  q > obtained  from  Section  7.3. 1.2. 

The  remaining  terms  are  defined  in  paragraph  A of  Section  7.4. 1.1. 

Method  2.  (b'/b"  <1.5) 


For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less 
than  that  of  the  aft  surface,  the  vortex  shed  from  the  forward  surface  interacts  directly  with  the 
aft  surface,  and  the  resulting  interference  effects  must  be  accounted  for  in  the  tail  terms.  This 
method  is  to  be  used  when  the  ratio  of  the  forward -panel  span  to  the  aft-panel  span  is  less  than 
1.5.  The  equation  for  the  nondimensional  pitching  derivative  Cm  of  a wing-body-tail  configura- 
tion, based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord  of  the  total  forward 
panel  and  referred  to  a moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is 
given  by 


[Kw(B)  + Kb(w>] 


7.4.1.2-b 


All  the  above  terms  are  defined  in  paragraph  A of  Section  7.4. 1.1  and  method  1 above. 

Because  of  the  similarity  of  the  two  methods,  a sample  problem  for  method  2 is  not  included. 
However,  evaluation  of  the  term  (QLa)w''(v)  ^or  a wing-body-tail  configuration  is  presented  in 

Section  4.5. 1.1. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  A,  Section  7. 4. 1.1.  Some  ol  the 
characteristics  are  repeated  below. 

The  following  ratios  based  on  total  forward  panel  dimensions: 

2''  V 

4r  = 2.26  — - 0.0988 

c S 

Additional  Characteristics: 

M = 0.60  P = 0.80  = 4°  eg  at  c/4 


7.4. 1.2-2 


J 


Compute: 


Step  1.  Wing-body  C (Section  7. 3. 1.2) 


(c%), 


= —4.02 1 per  rad  (sample  problem,  paragraph  A,  Section  7. 3. 1.2) 


Step  2.  Lift-curve  slope  for  the  exposed  horizontal  tail  (Section  4. 1.3. 2) 


(c4 


= 4.0  per  rad  (sample  problem,  paragraph  A,  Section  7.4.1.!) 


Step  3.  Tail-body  interference  factors  (Section  4. 3. 1.2) 


KW(B)  1-315 


W * a5S0 


(sample  problem,  paragraph  A,  Section  7. 4. 1.1) 


Step  4.  Dynamic  pressure  ratio  (Section  4.4. 1 ) 


= 0.90)  (sample  problem,  paragraph  A,  Section  7. 4.1.1) 


Solution: 


Cmq  (Cmq)wB  2[KW(B)  + KB(W) 


/s"\/x  -x'V/q'N 


(equatio-n  7.4.1.2-a) 

= -4.021  - 2(1.315  + 0.550)  (0.0988)  (2.26)2  (0.901)  (4.0) 

= -4.G21  - 6.78 

= -10.80  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  forward  pane!  and  referred  to  a moment  center 
at  c'/4) 


B.  TRANSONIC 


The  comments  of  paragraph  B of  Section  7. 4. 1.1  are  directly  applicable  here. 


7.4. 1.2-3 


DATCOM  METHODS 


It  is  recommended  that  the  methods  presented  in  paragraph  A above  be  applied  to  the  transonic 
speed  regime.  Care  should  be  taken  to  estimate  the  parameters  of  equations  7.4.1.2-a  and  -b  at 
the  appropriate  Mach  number.  The  interference  “K”  factors  should  be  obtained  from 
paragraph  C,  Section  4. 3. 1.2. 

C.  SUPERSONIC 

The  comments  of  paragraph  C of  Section  7.4. 1.1  are  directly  applicable  here. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A above  are  also  applicable  to  the  supersonic  speed  range. 
Care  should  be  taken  to  estimate  the  parameters  of  equations  7.4.1.2-a  and  -b  at  the  appropriate 
Mach  number.  Method  3 of  paragraph  C of  Section  4.4.1  should  be  used  to  evaluate  the  last  term 
of  equation  7.4. 1.2-b. 


Sample  Problem 

Method  1 

Given:  Same  configuration  as  sample  problem  of  paragraph  C Section  7.4.1 .1’^  paragraph  A 
of  this  section.  Some  of  the  characteristics  are  repeated  below. 

The  following  ratios  based  on  total  forward  panel  dimensions: 

se"  r 

— = 0.0988  — = 2.26 

S'  c 

Additional  Characteristics: 

M = 1 .40  0 = 0.98  a'  = 4°  eg  at  c'/4 

Compute: 

Step  1.  Wing-body  C]n  (Section  7. 3. 1.2) 


C \ - -4.961  per  rad  (sample  problem,  paragraph  C,  Section  7.3. 1.2) 

m q/WB 


Step  2.  Lift-curve  slope  for  the  exposed  horizontal  tail  (Section  4. 1.3.2) 


CN  V'  = 4.025  per  rad  (sample  problem,  paragraph  C,  Section  7.4. 1.1) 
i a/e 


7.4. 1.2-4 


Step  3.  Tail-body  interference  factors  (Section  4.3. 1.2) 


KW(B)"  = 1 315 

W = °-4028 


(sample  problem,  paragraph  C,  Section  7. 4. 1.1) 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 


q 

— = 0.80  (sample  problem,  paragraph  C„  Section  7.4.1 .1) 


Solution: 


(equation  7.4.1.2-a) 

= -4.961  - 2(1.315  + 0.4028)  (0.0988)  (2.26)2  (0.80)  (4.025) 

= -4.961  - 5.583 

= -10.54  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic 
chord  of  the  total  forward  panel  and  referred  to  a moment  center 
at  c'/4) 


April  1978 


7.4. 1.3  WING-BODY-TAIL  PITCHING  DERIVATIVE  Cp 

This  section  presents  a method  for  estimating  the  wing-body-tail  derivative  Coq  at  subsonic  speeds. 
This  derivative  is  the  change  in  the  drag  coefficient  due  to  a change  in  pitching  velocity  at  a 
constant  angle  of  attack  and  is  defined  as 


Cn  = — - — , where  Cn  sed  on  Su, . 
q d/jl£\ 

\2vy 

In  general,  this  derivative  is  small  and  has  a negligible  effect  on  longitudinal  stability;  hence,  it  is 
usually  neglected. 

A.  SUBSONIC 

The  wing-body-tail  derivative  is  obtained  by  adding  the  horizontal-tail  contribution  to  the 
wing-alone  contribution  developed  in  Section  7. 1,1. 3.  The  body  contribution  is  negligible  and  has 
been  neglected.  The  horizontal-tail  contribution  to  CDq  was  computed  from  the  tail-damping  angle 
of  attack  and  also  from  wing-induced  downwash  at  the  tail  due  to  pitch  rate.  The  horizontal-tail  lift 
was  taken  to  act  normal  to  the  local  flow  direction  at  the  tail  to  produce  a force  component  in  the 
direction  of  the  free-stream  flow. 


DATCOM  METHOD 

The  wing-body-tail  derivative  CD  is  given  by 

q 


7.4. 1.3 -a 


where 

C 


qw 


N„ 


N. 


is  the  wing  contribution  from  Section  7.1.1 ,3-a 

is  the  horizontal-tail  contribution  due  to  zero-angle-of-attack  loading  given  by 

2(£h  cos  ap.  + zH  sin  aF)  2 eq  e 


iH  / V 
= C%57.3\SW, 


/ 4e  \ /^H  Oj.-  "f  Ztf  sin  oip 

\iH 


(per  degree) 


7.4. 1. 3 -b 


7.4.1. 3-1 


CL  is  the  horizontal-tail  lift-curve  slope  (based  on  SH ) obtained  from 

*h  test  data  or  Section  4. 1 .3.2  (per  degree). 

iH  is  the  incidence  of  the  horizontal  tail  with  respect  to  the  fuselage 

reference  line  in  degrees. 

SH  is  the  horizontal-tail  reference  area. 

Sw  is  the  wing  reference  area. 


e 


q 


z 


H 


a 


F 


c 


is  the  variation  in  downwash  with  respect  to  pitch  rate,  eq 


(at  c/4  of  the  horizontal  tail).  Design  charts  are  presented  in  Figures 
7. 4.1. 3 -4a  through  -4x  for  Mach  numbers  of  0.2  and  0.8.  These 
charts  are  presented  as  a function  of  wing  geometry  and  the  spanwise 
location  of  the  horizontal-tail  MAC  relative  to  the  wing  span. 

is  the  distance  from  the  moment  reference  center  to  the  center -of - 
pressure  location  of  the  horizontal  stabilizer,  measured  parallel  to  the 
body  center  line.  For  Datcom  purposes,  the  horizontal-tail  center-of- 
pressure  location  is  assumed  to  be  at  cH  /4, 

is  the  distance  from  the  moment  reference  center  to  the  center-of- 
pressure  location  of  the  vertical  stabilizer,  measured  normal  to  the 
body  center  line,  positive  for  the  stabilizer  above  the  body. 

is  the  fuselage  angle  of  attack. 


is  the  wing  MAC. 


e is  the  downwash  of  the  wing  at  c/4  of  the  horizontal  tail,  excluding 

the  contribution  due  to  pitch  rate.  This  may  be  obtained  from  test 
data  or  from  Section  4.4. 1 . 


dC 

D q 
9ckf 


is  the  change  in  horizontal-tail  contribution  with  angle  of  attack,  obtained  by 


acD 

daF 


1 

57.3 


2(Ch  cos  «F  + zH  sin  «F ) 


£q  - 


where  all  the  terms  are  defined  above. 
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7.4. 1.3 -2 


Sample  Problem 


Given:  Same  configuration  as  sample  problem  of  Paragraph  A of  Section  7. 1 . 1 .3. 
Tail  Characteristics: 


C,  = 0.08  per  deg 

“H 


£h  = 60.0  ft 


Zti 


1 deg 

sw 

8.0  ft 

e 

yr 


b/2 


= 0.19 


Compute: 


eq  = -0.02  (interpolated  using  Figures  7.4. 1 .3-4p,  -4q,  and  -4r) 


= C 


*H  SH 


H 


l«h  57-3  Sw  [ 


£q 


2(£h  cos  aF  + zH  sin  ap ) 2 e e 


4^  (Eh  cos  aF  + zH  sin  aF ) 


(Equation  7.4. 1 .3-b) 


= ,0.08)  ^ ,0.37)  j"-0.02-  2IW.O)  (0.99985)  t (8.0)  (O.Q  1745)  ] 


57.3 


25.0 


2(~0.02)  (1.6)  4(1.6) 

1.0  + 1.0 


(60.0)  (0.99985)  + (8.0)  (0.01745) 


25.0 


= 0.00549  per  deg 


3Cr 


= C 


_*L  _L 

L“h  37,3 


2(Ch  cosap+  zh  sinaF) 


(Equation  7.4.1.3-c) 


(0.08)  (0.37)  — 


-0.02 


2[(60.0) (0.99985)+  (8.0)  (0.01745)] 


25.0 


Solution: 
Cr 


-D. 


qw 


= -0.00249  per  deg2 


* 0.00272  per  deg  (Sample  Problem,  Paragraph  A Section  7. 1.1. 3) 


7.4. 1.3-3 


(Equation  7.4. 1 .3-a) 


No  method  is  presented. 
C.  SUPERSONIC 


No  method  is  presented. 


FIGURE  7.4.1. 3-4  VARIATION  IN  DOWNWASH  WITH  PITCH  RATE 


7.4.1.3  4 


FIGURE  7.4. 1 .34  (CONTD) 


7.4.1.3-21 


7.4.1.3-26 


M = .8 


FIGURE  7.4. 1 .3-4  (CONTD) 
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7.4.2  WING-BODY-TAIL  ROLLING  DERIVATIVES 

7 .4.2.1  WING-BODY-TAIL  ROLLING  DERIVATIVE  CYp 


This  section  presents  methods  for  estimating  the  nondimensional  rolling  derivative  CYp  of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body-tail  rolling  derivative  CYp.  The 
derivative  CY  is  the  change  in  side-force  coefficient  with  change  in  wing-tip  helix  angle  and  is 
expressed  as 


In  general,  the  Datoom  methods  consist  of  a synthesis  of  material  presented  in  Sections  7. 1.2.1  and 
7.3.2. 1,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1 . 

The  derivative  CYp  arises  mainly  from  the  wing  and  vertical  tail.  At  high  angles  of  attack  the 
vertical-tail  contribution  predominates.  The  resultant  side  force  on  the  vertical  tail  is  generated 
when  the  aircraft  has  a rolling  velocity  p about  its  longitudinal  body  axis  and  the  vertical  tail  is 
located  either  above  or  below  the  longitudinal  axis.  Generally  CYp  is  of  little  importance  in 
lateral  dynamics,  hence  is  frequently  neglected. 

The  side  force  at  the  vertical  tail  is  created  by  the  effective  angle  of  attack  due  to  the  rolling 
velocity  p and  the  sidewash  generated  from  the  wing  and  fuselage.  The  sidewash  at  the  vertical 
tail  can  significantly  alter  the  tail  contribution.  This  effect  is  discussed  more  fully  in  reference  2. 
Studies  have  indicated  that  the  effect  of  the  sidewash  varies  considerably  with  tail  size,  location, 
and  to  some  extent  with  wing  planform. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  rolling  derivative  CYp  of  the  wing-body-tail 
combination,  differing  only  in  their  treatment  of  wing  sidewash  on  the  vertical  tail.  The  first 
method  is  applicable  to  conventionally  located  vertical  tails,  and  the  second  method  applies  to 
tails  located  directly  above,  or  above  and  slightly  behind  the  wing.  Both  methods  are  based  on 
the  assumption  that  the  vertical-tail  contribution  to  CY  p is  zero  at  a * 0 and  varies  with  angle  of 
attack. 


For  an  isolated-tail  configuration  the  vertical-tail  value  of  CY  p is  approximated  by 

(Cyp)v  * 2(^)(ACy*)v<wbh) 


7.4.2. 1-1 


For  a conventionally  located  vertical  tail  the  effect  of  wing  sidewash  on  the  vertical  tail  has  been 
approximately  accounted  for  by 


VfWBH) 


For  configurations  with  tails  located  directly  above  or  slightly  behind  the  wing,  the  effect  of 
wing  sidewash  has  been  approximated  by  using  the  average  of  the  isolated-tail  and  conventional- 
tail  values. 


DATCOM  METHODS 


Method  1 


For  conventionally  located  vertical  tails,  the  equation  for  the  nondimensional  rolling  derivative 

Cyi 
by 


Cy  p of  a wing-body  configuration,  based  on  the  product  of  wing  area  and  span  Swbw,  is  given 


where 


(S) 


WB 


+ 2 


z - z_ 


w 


(AS) 


V (WBH) 


(per  radian) 


7.4.2.1-a 


Cyp^WB  is  the  wing-body  contribution  to  0yp  obtained  from  test  data  or 

Section  7.3.2. 1 and  based  on  the  product  of  wing  area  and  span  (per 
radian). 


bw 


fip 


z 


is  the  wing  span. 

is  the  distance  from  the  moment  reference  center  to  the  center-of- 
pressure  location  of  the  vertical  stabilizer,  measured  normal  to  the  body 
center  line,  positive  for  the  stabilizer  above  the  body.  For  Datcom 
purposes,  the  vertical-tail  center-of-pressure  location  is  assumed  to  be 
the  quarter-chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  distance  from  the  moment  reference  center  to  the  center-of- 
pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
center  line.  For  Datcom  purposes,  the  vertical-tail  center-of-pressure 
location  is  assumed  to  be  the  quarter-chord  point  of  the  MAC  of  the 
total  added  panel, 

is  the  vertical  distance  of  the  vertical-tail  center-of-pressure  location 
above  or  below  the  moment-reference-center  location.  This  value  must 
be  calculated  for  each  angle  of  attack  (see  sketch  (a)).  From  sketch  (a), 
z may  be  expressed  as 


z - z cos  a - 11  sin  a 
p r 
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7.4.2. 1-2 


r 


V(WBH) 


is  the  tail-body  sideslip  derivative  from  test  data  or  Section  5.3. 1.1, 
based  on  the  wing  area  (per  radian).  This  derivative  should  include  the 
end-plate  effects  of  the  horizontal  tail. 


Method  2 


For  vertical  tails  located  either  directly  above,  cr  above  and  slightly  behind  the  wing,  the 
equation  for  the  nondimensional  rolling  derivative  Cyp  of  a wing-body-tail  configuration,  based 
on  the  product  of  wing  area  and  span  Sw  Ify , is  given  by 


cY 


p 


2 


V(WBH) 


(per  radian) 
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where  the  components  are  described  in  method  1 above. 

Sample  Problem 


Method  I 


a.c  OF 

HORIZONTAL 
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rnr- 


~W  "7i  '~i" 


L . 

l ■ ■; 


3 

Wing  Parameters: 

i 

K’  • 

r ' l 

Sw  = 428.0  sq  in. 

bw  = 38.84  in. 

Aw  = 3.57 

•i 

K 

X = 0.565 

V - 36-2° 

II 

o 

‘ /'i 

r 

' 

P ‘ .* 

t • 

E 

Horizontal-Tail  Parameters: 

1 

] 

SH  = 97.10  sq  in. 

bH  = 18.66  in. 

Ah=  3.59 

■1 

! 

i 

t« 

l«  • 

X = 0.50 

-zH  = 6.60  in. 

1.' 

1 . 

k 

Vertical-Tail  Parameters: 

1 

f. 

Sy  = 140.5  sq  in. 

bv  = 12.68  in. 

Ay  = 1.15 

i 

i 

i 

f * 

i 

i 

| >. 

k ■ 

1 

X = 0.176 

Cy  = 1 1.0  in. 

II 

O 

i 

j 

L 

L*  . 

z„  = 5.0  in. 

C = 24.3  in. 

x * 7.25  in. 

Si 

p 

p 

l 

C-,  ■ 

Additional  Parameters: 

a = 8.0°  M 

- 017  (%)w. 

= 0.52  per  rad  (test  data) 

K 

2rt  = 4.0  in. 

d = 7.5  in. 

!„■ 

i 

Compute: 

f '■ 

Calculate  the  tail-body  sideslip  derivative  /ACy  ] 

\ /J/V  (WBH) 

from  Section  5. 3. 1.1 

12  68 


2r, 


= 3.17 


V (B) 


1.29  (figure  5.3,l.l-22a) 


■ • 

r - 


*1! 


X 

<V 


-6.60 

12.68 

7.25 


= -0.52 


11.0 


= 0.659 


f t 


7.4.2. M 


i 


(B) 


= 0.90  (figure  5. 3.1.1 -22b) 


97.1 

140.5 


0.691 


- 0.76  (figure  5.3.1.1-22  c) 


= (1.29)  (1.15)  jl+0.76  [0.90  - 1.0]} 
■ (1.29)  (1.15)  (0.924) 

= 1.37 


(equation  5.3.1.1-a) 


1 (assumed) 


P 4 ^n2  Ac/2]1/2  = (1.37)  {0.971  + 11  l<2 
= (1.37)  (1.404) 

= 1.923 


= 1.315  (figure  4.1.3.2-49) 

= (1.315) (1.37) 

5 1 .80  per  rad  (based  on  Sy ) 

)a\  _ Sy/Sw  0.4 

>0/  = 0,724  + 3-06  F+  cos  Ac/4  + 4 0-009A  (equation  5.4.1 -a) 
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_ ( l40.5)/(428.0)  (0.4)0 

- 0.724  + 3.06  — + ~y-  + (0.009)  (3.57) 


= 0.724+  0.556  + 0.0321 
= 1.312 


k = cm  (figure  5.3.1. l-22d) 


/.  \ / \ l 3(7 \ <1V  sv 

(ACy  ] - -k  (C,  ) 11  + — r j-  - — (equation  5.3.1. 1-b) 

\ * ?/V (WBH)  \ La/V  y 3/3/q^  Sw 


-(0.94)  (1.80)  (1.312) 


428.0 


= —0.729  per  rad  (based  on  Sw ) 

Calculate  the  vertical  distance  z of  the  vertical-tail  center-of-pressure  location  above  or  below 
the  moment-reference-cenier  location 

z = zp  cos  a — K sin  a (equation  7.4.2. 1-b) 

= (5.0)  (0.9903)  - (24.3)  (0.1392) 

= 4.95  - 3.38 
= 1.57  in. 

Calculate  the  rolling  derivative  CY  for  the  wing-body-tail  configuration 

p 

z - z I 

CY  = /CY  \ +2 /ACV  \ (equation  7.4.2. 1-a) 

% \ * P/WB  tty  \ * fi/y (WBH) 

= 0.52  + 2 [— 1— — ] (-0.729) 
l 38.84  ] 

= 0.52  + (2)  ( -0.0883)  (-0.729) 

- 0.52  + 0.129 

= 0.649  per  rad  (based  on  Swbw)‘ 

This  compares  with  a test  value  of  0.62  per  radian  from  reference  3. 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  ».f  the  rolling 
derivative  Cyp.  Furthermore,  only  limited  experimental  data  art  available  for  this  derivative  at 
transonic  speeds  (see  table  7-A). 
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C.  SUPERSONIC 


No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the  rolling 
derivative  Cyp.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  d 'vative  at 
supersonic  speeds. 

For  the  purposes  of  the  Datcom  the  fuselage  effect  is  considered  to  be  negligible  for  wing-body 
configurations  with  body  diameters  less  than  about  30  percent  of  the  wing  span.  Therefore,  for 
configurations  with  d/b  ^ 0.3,  the  wing-body  rolling  derivative  Cyp  is  estimated  by  the 
wing-alone  method  of  paragraph  C of  Section  7. 1.2.1. 

Methods  are  presented  in  reference  4 for  evaluating  the  vertical-tail  contribution  to  C\  p . The 
stability  derivatives  presented  therein  are  derived  by  using  supersonic  linearized  theory  for 
families  of  thin,  isolated  vertical  tails  performing  steady  rolling  motions.  Vertical-tail  families 
(half-delta  and  rectangular  planforms)  are  considered  over  a broad  Mach  number  range.  Also 
considered  are  vertical  tails  with  arbitrary  sweepback  and  taper  ratio  at  Mach  numbers  for  which 
both  the  leading  edge  and  trailing  edge  of  the  tail  are  supersonic,  and  triangular  vertical  tails  with 
a subsonic  leading  edge  .and  a supersonic  trailing  edge. 


REFERENCES 


1.  Campbell,  J.  P„  and  McKinney,  M.  Q.:  Summary  of  Methods  for  Calculating  Dynamic  Lateral  Stability  and  Response  end 
for  Estimating  Lateral  Stability  Derivatives.  NACA  TR  1096,  1962.  (U) 

2.  Michael,  W.  H.  Jr.:  Analysis  of  the  Effects  of  Wing  Interference  on  the  Tail  Contribution:  to  the  Rolling  Derivatives. 
NACA  TR  1086,  1962.  (U) 

3.  Queijo,  M.  J.,  and  Wells,  E.  G.:  Wind-Tunnel  Investigation  of  the  Low-Speed  Static  and  Rotary  Stability  Derivatives  of  a 
0.13-Scale  Modal  of  the  Douglas  D-558-II  Airplane  in  the  Landing  Configuration.  NACA  RM  L52G07,  1962.  (U) 

4.  Margolis,  K.,  and  Bobbitt,  P.  J.:  Theoretical  Calculations  of  the  Pressures,  Forces,  and  Moments  at  Supersonic  Speods  due 
to  Various  Lateral  Motions  Acting  on  Thin  Isolated  Vertical  Tails.  NACA  TR  1268,  1966.  (U) 


7.4.2. 1-7 


Revised  September  1970 


7.42.2  WING-BODY-TAIL  ROLLING  DERIVATIVE  C/ 

p 


This  section  presents  methods  for  estimating  the  nondimensional  rolling  derivative  Q of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body-tail  rolling  derivative  C / The 
derivative  C/p  is  the  change  in  rolling-moment  coefficient  with  change  in  wing-tip  helix  angle  and 
is  commonly  referred  to  as  the  roll-damping  derivative.  It  is  expressed  as 


In  general,  the  Datcom  methods  consist  of  a synthesis  of  material  presented  in  Sections  7. 1.2.2  and 
7. 3. 2. 2,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1. 


The  derivative  C/p  is  important  in  lateral  dynamics,  since  it  determines  the  damping-in-roll 
characteristics  of  the  vehicle.  The  derivative  is  composed  of  contributions,  negative  in  sign,  from 
the  wing,  the  horizontal  tail,  and  the  vertical  tail,  with  the  main  contribution  coming  from  the 
wing.  The  contribution  from  the  vertical  tail  is  usually  negligible  at  low  and  moderate  angles  of 
attack.  However,  the  vertical-tail  contribution  can  become  significant  at  high  angles  of  attack, 
when  the  effective  moment  arm  of  the  tail  (z/bw ) becomes  a large  negative  value. 

The  rolling  wing  produces  a sidewash  at  the  vertical  tail,  which  can  significantly  alter  the 
vertical-tail  contribution.  This  effect  is  discussed  more  fully  in  reference  2.  Studies  have  indicated 
that  the  effect  of  the  sidewash  varies  considerably  with  tail  size,  tail  location,  and  to  some  extent 
with  wing  planform. 

Conventional  horizontal-tail  effects  on  C / are  usually  small  and  often  neglected,  although 
unusually  large  horizontal  tails  can  contribute  significantly  (see  references  1 and  3).  The 
horizontal-tail  contribution  is  obtained  by  using  the  horizontal-tail  geometry  and  the  method  of 
Section  7. 1.2.2.  The  value  from  Section  7. 1.2.2  is  then  multiplied  by  a constant,  which  accounts 
for  the  flow  rotation  produced  by  the  wing,  and  by  the  appropriate  geometrical  parameters  to 
refer  the  result  to  the  proper  reference  base. 


A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  rolling  derivative  C/p  of  the  wing-body-tail 
combination,  differing  only  in  their  treatment  of  wing  sidewash  on  the  vertical  tail.  The  first 
method  is  applicable  to  conventionally  located  vertical  tails,  and  the  second  method  applies  to 
tails  located  directly  above,  or  above  and  slightly  behind  the  wing.  Both  methods  are  based  on 
the  assumption  that  the  vertical-tail  contribution  to  C / is  zero  at  a = 0 and  varies  with  angle  of 
attack. 


7.4.2. 2-1 


For  an  isolated-tail  configuration  the  vertical -tail  value  of  C/p  is  approximated  by 

(Qp)v  = 2(b^)  (ACOv<wbh> 

For  a conventionally  located  vertical  tail  the  effect  of  wing  sidewash  on  the  vertical  tail  has  been 
approximately  accounted  for  by 


(Qp)v  = 2 (ACY^jv(WBH) 

For  configurations  with  tails  located  directly  above  or  slightly  behind  the  wing,  the  effect  of 
wing  sidewash  has  been  approximated  by  using  the  average  of  the  isolated-tail  and  conventional- 
tail  values. 


DATCOM  METHODS 


Method  1 


For  conventionally  located  vertical  tails,  the  equation  for  the  nondimensional  rolling  derivative 
C/p  of  a wing-body-tail  configuration,  based  on  the  product  of  wing  area  and  the  square  of  wing 
span  Sw  bw 2 , is  given  by 


where 


K) 


0/ V (WBH ) 


(per  radian)  7.4.2.2-a 


q \ the  wing-body  contribution  to  C/p , obtained  from  test  data  or 

P'WB  Section  7. 1.2.2  and  based  on  the  product  of  wing  area  and  the  square 

of  wing  span  (per  radian). 


is  the  horizontal-tail  contribution  obtained  from  test  data  or  Section 
7. 1.2. 2,  based  on  the  horizontal-tail  geometry  vper  radian). 


Sh 

Sw 


is  the  ratio  of  the  horizontal-tail  area  to  the  wing  area  times  the  square 
of  the  ratio  of  the  horizontal-tail  span  to  the  wing  span. 


z is  the  vertical  distance  of  the  vertical-tail  center-of-pressure  location 

above  or  below  the  moment-reference-center  location.  This  value  must 
be  calculated  for  each  angle  of  attack.  (See  sketch  (a)  in  Section 
7.4. 2.1.)  From  equation  7.4.2. 1-b,  z is  expressed  as 


z = z„  cos  a - 6 sin  a 
p p 


7. 4.2. 2-2 


8p  is  the  distance  from  the  moment  reference  center  to  the  center-of- 

pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
• center  line  (see  sketch  (a)  in  Section  7.4.2. 1).  For  Datcom  purposes,  the 
vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 


zp  is  the  distance  from  the  moment  reference  center  to  the  center  of 

pressure  of  the  vertical  stabilizer,  measured  normal  to  the  body  center 
line,  positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 


V(WBH) 


is  the  tail-body  sideslip  derivative  obtained  from  test  data  or  Section 
5. 3. 1.1,  It  includes  the  end-plate  effects  of  the  horizontal  tail  and  is 
based  on  the  wing  area  (per  radian). 


Method  2 

For  vertical  tails  located  either  directly  above,  or  above  and  slightly  behind  the  wing,  the 
equation  of  the  nondimensional  rolling  derivative  C/p  of  a wing-body-tail  configuration,  based  or 
the  product  of  wing  area  and  the  square  of  wing  span  Sw  bw  2 , is  given  by 


(per  radian)  7.4.2.2-b 

where  the  components  are  described  in  method  1 above. 

c Ae  Problem 

Method  1 

Given:  Model  of  reference  4 

a.c.  OF 

HORIZONTAL 


Wing  Parameters: 


Sw  = 1 .90  sq  ft 

bw  = 2.16  ft 

Aw  - 2.44 

X = 0.38 

r = -10° 

c = 0.94  ft 

\,4  = 18.0". 

o 

ii 

Horizontal-Tail  Parameters: 

SH  = 0.48  sq  ft 

bH  = 1.20  ft 

Ah  = 2.97 

X = 0.31 

\/4  = io.5°  r 

= 0 - = 0.05  c 

c 

= 0.44  ft  -zH 

= 8.30  in. 

Vertical-Tail  Parameters: 

Sy  = 0.56  sq  ft 

by  = 9.0  in. 

Av  = 0.86 

Xy  = 0.37 

Cy  = 0.42  ft 

6p  = 1.25  ft 

c = 0.87  ft 

x = 0.25  ft 

Ac/2  = 23.25° 

Zp  = 0.308  ft 

Additional  Parameters: 

a = 4.0°  M 

= 0.25  (C,  ) 

v Vwi 

= —0.30  per  rad  (test  data) 

CL  = 0.3 

R8  = 1.5  x 306 

2rl  = 

4.88  in. 

Compute: 

Calculate  (c,  \ for  the  horizontal  tail  from  Section  7. 1.2. 2 
\ p/h 

/ PCip\  / k \ WcL  (C,p)r 

(c'p).<  ° i~r/cL.o  (?)  (cn  Ten-  +(ACv) 

L \ La/cL»o  \ ‘p/r-o 


dug 


(equation  7. 1.2. 2 -a) 


(tan  A 


cl^j 


(3  = /l-  M2  = n/i  - C25)2  = 0.968 


7.4.2. 2-4 


= tan~‘  (0.1914)  = 10.8° 


k = 1 (assumed) 


^Ah  (0.968)  (2.97) 


= 2.87 


K /CL*0 


(C|*q)cl 

(Cl«)cl-0 

(C0r 


-0.245  (figure  7.1. 2.2-20b) 


= 1.0  (assumed) 


(%)r.o 


= 1 (no  dihedral) 


(A%), 


(S)cD 


drag  CL2 


L _ 1 _ 

“ CL‘  - — CDo  (equation  7.1.2.2-c) 


(C',)cD. 


= 0.015  per  rad  (figure  7.1.2.2-24) 


c“o  " c<  1 + M7)  + ioo(7 


J =■  cH  = 0.44  ft 


Rls  — — (equation  4.1 .5.1 -a) 

Sref 


k - 0.05  x’10  3 in  (table  4.1.5.1-A,  assume  polished  wood  surface) 


e (0.44)  (12) 
k 5 x 10-5 


= 1.056  x 10s 


Cutoff  Reynolds  number,  Rj,  = 7 x 106  (figure  4.1.5.1-27) 


Test  Reynolds  number,  Rj  - 1.5  x 106 


Cf  = 0.00410  (figure  4.1.5.1-26) 


L = 1.2  (assume  (t/c)_BX  is  located  at  x = .50c) 


l + L(  ~\+  ioo 


= 1.06  (figure  4. 1.5.1 -28a) 


cos  A 


(t/c)„ 


= cos  0°  = 1.0 


Rl  s = 1.067  (figure  4. 1.5.1 -28b) 


wet 


"ref 


= 2.0  (assumed)  Sref  = shorizontl|  ^ 


CD  0 ‘ Cf 


l + LI^-)+100  Q4 j Rl.s. 


re/ 


(equation  4. 1.5.1 -a) 


= (0.00410)  (1.06)  (1.067)  (2.0) 
= 0.00927 


(AC\) 


(C,  ) 

\ 'p/CD 


drag 


C 2 

'-'L 


L , 1 ... 

- C,  2 - — Cn  (per  radian) 


= (0.015)  (0.3)2  - 


0.00927 

8 


(equation  7.1,2.2-c) 


= 0.001350  - 0.001159 


= 0.000191  per  rad 


(C'p)h 


CL  = 


r- — ^ ; l’|r—  + /AC,  ) (per  radian) 

°^j(C^)cL=o  (S)r-o  ' ^ 


(equation  7.1.2.2-a) 


7.4.2. 2-6 


(C0h  = (-0.245)  ^j(l)(.)  + 0.000191 
= -0.253  + 0.000191 

2*  -0.253  per  rad  (based  on  product  of  horizontal  tail  area  and  the  square 
of  tail  span  SH  bH  2 ) 


Calculate  the  vertical  distance  z of  the  vertical-tail  center-of-pressure  location  above  or  below 
the  moment-reference-center  location 

z = zp  cos  a - f sin  a (equation  7.4.2. 1-b) 

= (0.308)  (0.9976)  - (1.25)  (0.06976) 

= 0.220  ft 


Calculate  the  tail-body  sideslip  derivative  /ACV  \ from  Section  5. 3. 1.1 

\ Y/?/V(  WBK) 


2r, 


9.0 

4.88 


= 1.84 


'V  (B) 


= 1.63  (figure  5. 3. 1.1 -22a) 


-8.30 


9.0 


- -0.922 


0.25 

0.42 


= 0.595 


V (HB) 


A 


= 1.39  (figure  5. 3. 1.1 -22b) 


V (B) 


0.48 

056" 


= 0.857 


Kh  = 0.85  (figure  5.3.1.1-22c) 


7.4.2. 2-7 


\ff  = Av  |1+Kh  (equation  5. 3. 1.1 -a) 

= (1.63)  (0.86)  { 1 + 0.85  [1.39-1]} 

= (1.63)  (0.86)  (1.33) 

« 1.86 

k = 1 (assumed) 


leff 


[/32  + tan2  Ac/2]  1/2  = 1.86  [0.9375  + (0.4296)2 1 1/2  = 1.86  (1.06)  = 1.97 


= 1.30  (figure  4 1 .3.2-44) 


veff 


C.  = (1.30)  (1.86) 


= 2.42  per  rad  (based  on  Sv ) 


/ 9a\  9y  Sv/S 

, + — \ — ~ 0.724  + 3.06 
\ W / ^oo  ' ' '\/a 


+ 0.4  + 0.009A  (equation  5.4.1 -a) 

1 + cos  A d 


056/1.90 

0.724  + 3.06  . L..  , + 0 + (0.009)  (2.44) 


1.951  1 

= 0.724  + 0.462  + 0.022 
= 1.208 

k = 0.75  (figure  5.3.1. l-22d) 


(AS) 


= -k 


V (WBH) 


(c.  \ 

6 + - ) 

\ La/v 

\ w 

% 


— (equation  5.3.1  .l-b) 


Jw 


= (0.75)  (2.42)  (1.208) 


0.56 


1.90 

-0.646  per  rad  (based  on  Sw) 


7.4.2. 2-8 


+ 0.5 


V(WBH) 


(equation  7.4.2.2-a) 


= -0.30  + (0.5)  (-0.253) 


+ 


'0.22 

12.16, 


0.22  - 0.308 
2.16 


= -0.30  - 0.00986  - 0.00536 


(-0.646) 


= —0.315  per  rad  (based  on  the  product  of  wing  area  and  the  square  of  wing  span 

S*bwJ> 


This  compares  with  a test  value  of  -0.33  per  radian  from  reference  4. 

0* 


B.  TRANSONIC 

No  generalized  reliable  method  is  available  in  the  literature  for  estimating  transonic  values  of  the 
roll-damping  derivative  Qp.  However,  a considerable  quantity  of  test  data  is  available  and 
reference  should  be  made  to  table  7-A. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 
roll-damping  derivative  C/p. 

The  wing-body  roll-damping  derivative  at  supersonic  speeds  is  estimated  by  the  wing-body 
method  of  paragraph  C of  Section  7.3.2.2. 

Methods  are  presented  in  reference  5 for  evaluating  the  vertical-tail  contribution  to  C/p.  The 
stability  derivatives  presented  therein  are  derived  by  using  supersonic  linearized  theory  for 
families  of  thin  isolated  vertical  tails  performing  steady  rolling  motions.  Vertical-tail  families 
(half-delta  and  rectangular  plan  forms)  are  considered  over  a broad  Mach  number  range.  Also 
considered  are  vertical  tails  with  arbitrary  sweepback  and  taper  ratio  at  Mach  numbers  for  which 
both  the  leading  edge  and  trailing  edge  of  the  tail  are  supersonic,  end  triangular  vertical  tails  with 
a subsonic  leading  edge  and  a supersonic  trailing  edge. 
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7.4.2.3  WING-BODY-TAIL  ROLLING  DERIVATIVE  Cn 

np 


This  section  presents  methods  for  estimating  the  nondime nsional  rolling  derivative  Cn  of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body-tail  rolling  derivative  C„p.  This 
derivative  is  the  change  in  yawing-moment  coefficient  with  change  in  wing-tip  helix  angle  and  is 
expressed  as 


In  general,  the  Datcom  methods  consist  of  a synthesis  of  material  presented  in  Sections  7. 1.2.3  and 
7.3. 2. 3,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1 . 


Contributions  to  this  derivative  arise  from  two  sources,  the  wing  and  the  vertical  tail.  The  wing 
contribution  is  usually  negative;  whereas  the  tail  contribution  may  be  positive  or  negative 
depending  on  vertical-tail  geometry,  sidewash,  and  equlibrium  angle  of  attack. 

The  rolling  wing  produces  a sidewash  at  the  vertical  tail,  which  can  significantly  alter  the 
vertical-tail  contribution.  This  effect  is  discussed  more  fully  in  reference  2.  Studies  have  indicated 
that  the  effect  of  the  sidewash  varies  considerably  with  tail  size,  tail  location,  and  to  some  extent 
with  wing  planform. 

The  derivative  C„p  is  important  in  lateral  dynamics  because  of  its  influence  on  Dutch-roll 
damping.  Although  for  most  configurations  C„p  is  negative,  positive  values  of  C„p  are  desired  to 
increase  the  Dutch-roll  damping  characteristics. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  rolling  derivative  C„p  of  the  wing-body-tai! 
combination,  differing  only  in  their  treatment  of  wing  sidewash  on  the  vertical  tail.  The  first 
method  is  applicable  to  conventionally  located  vertical  tails,  and  the  seco:.d  method  applies  to 
tails  located  directly  above,  or  above  and  slightly  behind  the  wing. 

Both  methods  are  based  on  the  assumption  that  the  vertical-tail  contribution  to  Cnp  is  zero  at 
a = 0 and  varies  with  angle  of  attack. 

For  an  isolated-tail  configuration  the  vertical-tail  value  of  C„p  is  approximated  by 

(C"p)v  = 2("b^)  (AC"*)p 


7.4.2. 3-1 


For  a conventionally  located  vertical  tail  the  effect  of  wing  sidewash  on  the  vertical  tail  has  been 
approximately  accounted  for  by  (Cnp)v  = 2 [-?■]  (ACn<J)p.  For  configurations  with  tails 

located  directly  above  or  slightly  behind  the  wing,  the  effect  of  wing  sidewash  has  been 
approximated  by  using  the  average  of  the  isolated-tail  and  conventionai-tail  values. 

DATCOM  METHODS 


Method  1 


For  conventionally  located  vertical  tails,  the  equation  for  the  nondimensional  rolling  derivative 
Cnp  of  a wing-body-xail  configuration,  based  on  the  product  of  wing  area  and  the  square  of  wing 
span  Sw  bw 2 » is  given  by 


C 


n 


P 


— • (2p  cos  « + zp  sin  a) 
bw  " 


|ACV  \ (per  radian) 

\ YfJ/V(WBH) 


7.4.2.3-a 

However,  if  test  data  for  (ACnjJ)  p of  the  empennage  are  available,  the  above  equation  can  be 
rewritten  to  include  the  effective  tail  length,  i.e., 

C = 1C  ) + 2 

"p  \ "p/WB 


z - z_ 


K), 


(per  radian) 


7.4.2.3-b 


where 


S 


p 


bw 

z 


is  the  wing-body  contribution  to  C„p,  obtained  from  test  data  or 
Section  7.3. 2.3  and  based  on  the  product  of  wing  area  and  the  square 
of  wing  span  (per  radian). 

is  the  distance  from  the  moment  reference  center  to  the  center-of- 
pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
center  line  (see  sketch  (a)  in  Section  7.4. 2.1).  For  Dateom  purposes,  the 
vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  wing  span. 

is  the  vertical  distance  of  the  vertical-tail  center-of-pressure  location 
above  or  below  the  moment-re ference-center  location.  This  value  must 
be  calculated  for  each  angle  of  attack.  (See  sketch  (a)  in  Section 
7.4.2. 1.)  From  equation  7,4.2, 1-b,  z can  be  expressed  as 

z = z„  cos  a - 6p  sin  a- 


7.4.2J-2 


4nii 


Zp  is  the  distance  from  the  moment  reference  center  to  the  center  of 

pressure  of  the  vertical  stabilizer,  measured  normal  to  the  body  center 
line,  positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

(&Cy pj  V(WBH)  is  the  tail -body  sideslip  derivative  from  test  data  or  Section  5. 3. 1.1.  It 

includes  the  end-plate  effects  of  the  horizontal  tail  and  is  based  on  the 
wing  area  (per  radian). 

^ACn^p  is  the  tail-body  sideslip  derivative  from  force-test  data,  where  p refers  to 

panels  present  in  the  empennage;  It  is  based  on  the  product  of  wing 
area  and  span  (per  radian). 

Method  2 

For  vertical  tails  located  either  directly  above,  or  above  and  slightly  behind  the  wing,  the 
equation  for  the  nondimensional  rolling  derivative  Cnp  of  a wing-body-tail  configuration,  based 
on  the  product  of  wing  area  and  the  square  of  wing  span  Sw  bw2 , is  given  by 

£ cos  a + z sin  a 2 z — z 1 

C = (C  ) - — /ACy  \ (per  radian) 

nP  \ "p/WB  bw  bw  \ Y0/v(wbh> 

7.4.2.3-c 

However,  if  test  data  for  ^ of  the  empennage  are  available,  the  equation  can  be  rewritten  to 
include  the  effective  tail  length,  i.e., 

% = (S)w» + “st;  (ac",)p  (per  radjan)  7A2-3-d 

where  the  components  are  described  in  method  1 above. 

Sample  Problem 

Method  1 

Given:  Model  of  reference  3 


a.c.  OF 

HORIZONTAL 
TAIL  — ”7 


Wing  Parameters: 

Sw  = 1.90  sq  ft  bw  = 2.16  ft  Aw  = 2.44 

y = 0.38  Ac/4  = 18.0° 

Horizontal -Tail  Parameters: 

SH  = 0.48  sq  ft  bH  = 1.20  ft  AH  = 2.97 

y = 0.31  -ZH  = 8.30  in. 

Vertical-Tail  Parameters: 


- 0.56  sq  ft 

bY  = 9.0  in. 

Ay 

= 0.86 

0.37 

Cy  = 0.42  ft 

Ac/2 

= 23.25° 

ZP 

= 0.308  ft 

Ep  = 1.25  ft 

X = 

0.25  ft 

Additional  Parameters: 


a = 6.0°  M = 0.25  (c  ) = 0.02  per  rad  (test  data) 

\ np/WB 


2rx  = 4.88  in. 


Compute: 


Calculate  the  tail-body  sideslip  derivative  /AC,  \ from  Section  5. 3. 1.1 

\ ’'p/ytWBH) 


•V  9.0 
" 4.88 


2r 


1.84 


-----  = 1.63  (figure  5.3.1. l-22a) 
Av 


8.30 

9.0 


= -0.922 


0.25 

0.42 


0.595 


7. 4. 2, 3-4 


- 1.39  (figure  5. 3. 1.1 -22b) 


B) 


0.48 


0.56 


= 0.857 


= 0.85  (tvuie  5.3.1. l-22c) 


A 


YO.:; 


1 + K, 


H 


vV  (HB) 


L AV(B) 


" (1.63)  (0.85):  {l  +0.85  [1.39-  1]} 

- (1.63)  (0.86)  (1.33) 

= 1.86 


1 (assumed) 


(equation  5.3.1.1-a) 


[ Q2  + tan2  Ac/2  ] 1/2  = 1.86  [0.9375  + (0.4296)2] 1/2  * 1.86  (1.06)=  1.9 


= 1.30  (figure  4.1.3.2-49) 

* (1.30)  (1.86) 

= 2.42  per  rad  (based  on  Sv ) 

)o\  9y  Sv /S^,  zw 

— l = 0.724  + 3.06— — ■ 0.4  — + 0.009A  (equation  5.4.1 -a) 

l + cos  Ac/4  d 

0.724  + 3.06  (2^2°)  T o + (0.009)  (2.44) 

= 0.724  + 0.462  + 0.022 
= 1.208 


.75  (figure  5.3.1. l-22d) 


(equation  5.3.1.1-b) 


(acy  \ - -Wc,  ) (>  + ?£)- 

\ y<»/V(WBH)  \ ha}\  \ 3/3/  ^ 

= -(0.7S)  (2.42)  (1.208) 

= -0.646  per  rad  (based  on  Sw ) 

Calculate  the  vertical  distance  z of  the  vertical-tail  center-cf-pressure  location  above  or  below  the 
moment-reference-center  location 

z = zp  cos  a - £p  sin  a (equation  7.4.2. l b) 

= (0.308)  (0.9945)  -(1.25)  (0.1045) 

= 0.176  ft 


C_  = (c  \ - — (C  cos  a + z_  sin  a)  — / ACV  \ 

% \ n p / wb  bw  p p ! bw  \ ypJ 


z - z_ 


/V  (WBH) 

(equation  7.4.2.3-a) 


(0.02)  - — — [(1.25)  (0.9945) + (0.308)  (0.1045)1 

Z.  lo 


0.176  - 0.308 


2.16 


(-0.646) 


0.02-  i (1.275)  (-0.646) 


2.16 


2.16 


= 0.02  - 0.0466 


= -0.0266  per  rad  (based  on  Swbw2) 

This  compares  with  a test  value  of  —0.048  per  radian  from  reference  3. 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  rolling 
derivative  C„p. 

C.  SUPERSONIC 

No  generalized  method  is  available,  in  the  literature  for  estimating  supersonic  values  of  the  rolling 
derivative  C„  . 


7.4. 2.3-6 


For  the  purpose  of  the  Datcoin  the  fuselage  effect  is  considered  to  be  negligible  for  wing-body 
configurations  with  body  diameters  less  than  about  30  percent  of  the  wing  span.  Therefore,  for 
configurations  with  d/b  < 0.3,  the  wing-body  rolling  derivative  Cnp  is  estimated  by  the 
wing-alone  method  of  paragraph  C of  Section  7. 1.2.3. 

Methods  are  presented  in  reference  4 for  evaluating  the  vertical-tail  contribution  to  Cnp.  The 
stability  derivatives  presented  therein  are  derived  by  using  supersonic  linearized  theory  for 
families  of  thin  isolated  vertical  tails  performing  steady  rolling  motions.  Vertical-tail  families 
(half-delta  and  rectangular  planforms)  are  considered  over  a broad  Mach  number  range.  Also 
considered  are  vertical  tails  with  arbitrary  sweepback  and  taper  ratio  at  Mach  numbers  for  which 
both  the  leading  edge  and  trailing  edge  of  the  tail  arc  supersonic,  and  triangular  vertical  tails  with 
a subsonic  leading  edge  and  a supersonic  trailing  edge. 
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7.4.3  WING-BODY-TAIL  YAWING  DERIVATIVES 
7.4.3. 1 WING-BODY-TAIL  YAWING  DERIVATIVE  CY, 


This  section  presents  a method  for  estimating  the  nondimensional  yawing  derivative  Cy . of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body-tail  yawing  derivative  Cyr.  This 
derivative  is  the  change  in  side-force  coefficient  with  variation  in  yawing  velocity  and  is 
expressed  as 


In  general,  the  Datcom  method  consists  of  a synthesis  of  material  presented  in  Sections  7. 1.3.1  and 
7.3.3. 1,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1. 


Contributions  to  the  derivative  Cy  t arise  from  two  sources,  the  wing  and  the  vertical  tail.  The 
vertical-tail  contribution,  which  constitutes  the  major  portion,  is  small  and  positive  in  sign. 
Generally  Cy  is  of  little  importance  in  lateral  dynamics,  hence  it  is  frequently  neglected. 

A.  SUBSONIC 

For  the  oscillatory  mode,  the  effects  due  to  lag  of  sidewash  in  free  oscillation  are  important  and 
hence  should  be  considered.  However,  no  generalized  method  is  available  in  the  literature  to 
account  for  oscillating  sidewash  effects  on  Cy  t ; therefore,  only  the  aperiodic  mode  of  Cy  r is 
presented  here. 

In  the  equation  for  estimating  the  yawing  derivative  Cyr,  the  sideslip-derivative  contribution  of 
the  vertical  tail  should  include  the  end-plate  effects  of  the  horizontal  tail. 

DATCOM  METHOD 


The  equation  for  the  nondimensional  yawing  derivative  Cyr  of  a wing-body-tail  configuration, 
based  on  the  product  of  wing  area  and  wing  span  Sw  bw , is  giver,  by 


2 

-y  = / CY  \ — - — / 8 cos  a + i sin  a\  /ACV  \ (per  radian) 

Yr  \ Yr/WB  bw  \ p f I { Y0/V(WBH)  F ’ 


7.4.3. 1-a 


However,  if  test  data  for  (AC„^  of  the  empennage  are  available,  the  above  equation  can  be 
rewritten  to  include  the  effective  tail  length,  i.e.. 


” (C\)w.  +2  (4S), 


7.4.3. I-b 


7.4.3. 1-1 


where 


(c'.)< 


(ACv„) 


(AC"fl)  I 


V (WBH) 


is  the  wing-body  contribution  to  Cy . obtained  from  test  data  or  by 
» * 

using  the  recommendations  of  Section  7. 1.3.1,  based  on  the  product  of 
wing  area  and  wing  span  (per  radian). 

is  the  wing  span. 

is  the  distance  from  the  moment  reference  center  to  the  center-of- 
pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
center  line.  (See  sketch  (a)  in  Section  7.4.2. 1.)  For  Datcom  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  distance  from  the  moment  reference  center  to  the  center  of 
pressure  of  the  vertical  stabilizer,  measured  normal  to  the  body  center 
line,  positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  tail-body  sideslip  derivative  obtained  from  test  data  or  Section 
5.3. 1.1.  It  includes  the  end-plate  effects  of  the  horizontal  tail  and  is 
based  on  the  wing  area  (per  radian). 

is  the  tail-body  sideslip  derivative  from  test  data  where  p refers  to 
panels  in  the  empennage.  It  is  based  on  the  product  of  wing  area  and 
span  (per  radian). 


Sample  Problem 


Given:  Model  of  reference  2 


a.c.  OF 

HORIZONTAL 
TAIL 7 


(C’Yr)v 


= -0. 10  per  rad  (test  data) 


(4C4 


= 0.42  per  rad  (test  data) 


7.4.3. 1-2 


Compute: 


Calculate  the  yawing  derivative  CY  f for  the  wing-body-tail  configuration 
cv,  - (Cv,)w>  + 2 (*%),  (equation  7.4.3. 1+) 

= -0.10  + 2(0.42) 

= 0.74  per  rad  (based  on  Sw  bw ) 

This  compares  with  a test  value  of  0.50  per  radian  from  reference  2. 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  yawing 
derivative  Cyr.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 
yawing  derivative  Cyr-  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
supersonic  speeds. 
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7.4.3. 2 WING-BODY-TAIL  YAWING  DERIVATIVE  C/, 


This  section  presents  a method  for  estimating  the  nondimensional  yawing  derivative  C/t  of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  yawing  derivative  C / . This  derivative  is  the 
change  in  rolling-moment  coefficient  with  change  in  the  yawing  velocity  and  is  expressed  as 


dC. 


In  general,  the  Datcom  method  consists  of  a synthesis  of  material  presented  in  Sections  7. 1.3. 2 and 
7. 3. 3.2,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1. 


Contributions  to  this  derivative  arise  from  two  sources,  the  wing  and  the  vertical  tail.  The  wing 
contribution  constitutes  the  major  portion  and  is  positive  in  sign.  The  lesser  contribution  of  the 
vertical  tail  can  be  positive  or  negative,  depending  upon  tail  equilibrium  angle  of  attack.  This 
derivative  is  not  of  primary  importance;  however,  it  is  not  neglected  in  lateral  dynamic 
calculations. 

A.  SUBSONIC 

The  method  presented  here  is  based  on  the  assumption  that  the  wing  and  fuselage  interference 
effects  on  tail  effectiveness  can  be  determined  fiom  geometric  dimensions  and  the  sideslip 
derivatives.  This  is  particularly  true  if  experimental  test  data  are  available  for  (AC\  ^j)vcwbh)  or 
(AQ^p  in  the  equations  given  below. 


DATCOM  METHOD 


The  equation  for  the  nondimensional  yawing  derivative  C/f  of  a wing-body-tail  configuration, 
based  on  the  product  of  the  wing  area  and  the  square  of  wing  span  Swbw2 , is  given  by 

2 

C;  * (c,  ) - It  COS  or  + z_  sin  a)  (zn  cos  a - 2n  sin  a)  /ACV  ) 7.4.3. 2-a 

• V VWB  bw2  ' p P MP  P M Vv(WBH) 

However,  if  test  data  for  (AC^)p  are  available,  the  above  equation  can  be  rewritten  to 
approximate  the  effective  vertical-tail  center-of-pressure  lovation  (the  height  of  the  body  center 
line). 


c'.  * (C',L  - ^ (*p co!a+^  ”■“)  (AC-,)P 


7.4.3.2-b 


If  test  data  for  (ACn(J)p  and  ( ACY ) V(WBH)  are  available,  file  above  equation  can  be 
rewritten  to  include  the  total  effective  vertical-tail  center-of-pressure  location. 


7.4,3. 2-1 


(ACt  j (per  radian) 


7.4.3.2-c 


■ (c',> 


•/ACn  ) 
fl/p 


V(WBH) 


where 

(^r)wB 


is  the  wing-body  contribution  to  C/r  obtained  from  test  data  or  Section 
7.3. 3. 2,  based  on  the  product  of  wing  area  and  the  square  of  wing  span 
(per  radian). 


bw 


is  the  wing  span. 


fip  is  the  distance  from  the  moment  reference  center  to  the  center-of- 

pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
center  line.  (See  sketch  (a)  in  Section  7.4.2. 1.)  For  Datcorr.  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

Zp  is  the  distance  from  the  moment  reference  center  to  the  center  of 

pressure  of  the  vertical  stabilizer,  measured  normal  to  the  body  center 
line,  positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes, 
the  vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 


(ACy  p)  V(WBH) 


is  the  tail-body  sideslip  derivative  obtained  from  test  data  or  Section 
5.3. 1.1.  It  includes  die  end-plate  effects  of  the  horizontal  tail  and  is 
based  on  the  wing  area  (per  radian). 


is  the  tail-body  sideslip  derivative  from  test  data,  where  p refers  to  the 
panels  in  the  empennage.  It  is  based  on  the  product  of  wing  area  and 
span  (per  radian). 


^ACn^p  is  the  tail-body  sideslip  derivative  from  test  data,  where  p refers  to  the 

panels  in  the  empennage.  It  is  based  on  the  product  of  wing  area  and 
span  (per  radian). 


Given:  Model  of  reference  2 


Sample  Problem 


a.c.  OF 

HORIZONTAL 


a = 6.0° 


bw  - 38.84  in. 


Cp  = 24.3  in. 


(c0 


WB 


= 0.10  per  rad  (test  data) 


(S) 


V(WBH) 


z = 5.0  in. 


- -0.64  per  rad  (test  data) 


Compute: 


Calculate  the  yawing  derivative  C,  for  the  wing-body-tail  configuration 


C,  = /C.  \ (i.  cosct  + z sinof\/z  cos  a - £ sin  a WACy  \ 

{ 'r/WB  b 2 \ P P }\  P P J\  V 


/WB  h 2 
DW 


V(WBH) 

(equation  7.4.3. 2-a) 


= 0.10  - 


[(24.3)  (0.004S)  + (5.0)  (0.1045) 


(38. 84)2 

[(5.0)  (0.0045)  (24.3)  (0.1045)]  (-  0.64) 

= 0.10  + 0.051 

= 0.151  per  rad  (based  on  Swbw2) 

This  compares  with  a test  value  of  0.15  per  radian  from  reference  2. 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  yawing 
derivative  C/r.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
tiansonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values  of  the 
yawing  derivative  C/r.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
supersonic  speeds. 
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7 .4.3.3  WING-BOD Y-TAIL  YAWING  DERIVATIVE  C„r 


This  section  presents  a method  for  estimating  the  nondimensional  yawing  derivative  C„r  of 
wing-body-tail  combinations  at  subsonic  speeds.  However,  at  transonic  and  supersonic  speeds  no 
generalized  methods  are  available  for  estimating  the  wing-body-tail  yawing  derivative  C„r.  This 
derivative  is  the  change  in  yawing-moment  coefficient  with  change  in  the  yawing-velocity 
parameter.  It  is  commonly  referred  to  as  the  yaw  damping  and  is  expressed  as 


In  general,  the  Datcom  method  consists  of  a synthesis  of  material  presented  in  Sections  7. 1.3. 3 and 
7.3.3.3,  and  the  vertical-tail  contribution  based  on  the  methods  of  reference  1. 


Contributions  to  this  derivative  arise  from  the  wing,  the  fuselage,  and  the  vertical  tail.  The 
vertical-tail  contribution  usually  constitutes  the  major  portion  and  is  negative  in  sign  (positive 
damping). 

The  derivative  C„r  is  very  important  in  lateral  dynamics  because  of  the  important  contribution  it 
makes  to  the  damping  of  the  Dutch-roll  oscillatory  mode.  Its  contribution  to  the  spiral-mode 
damping  is  also  important.  It  is  desirable  to  have  a large  negative  value  of  C„t  for  each  mode. 

A.  SUBSONIC 

For  the  oscillatory  mode,  the  effects  due  to  lag  of  sidewash  in  free  oscillation  are  important  and 
hence  should  be  considered.  However,  no  generalized  method  is  available  in  the  literature  to 
account  for  oscillating  sidewash  effects  on  C„f;  therefore,  only  the  aperiodic  mode  of  C„r  is 
presented  here. 

In  the  equation  for  determining  the  yawii.jj  derivative  C„r,  the  sideslip-derivative  contribution  of 
the  vertical  tail  should  include  the  end-plate  effects  of  the  horizontal  tail. 

DATCOM  METHOD 

The  equation  for  the  nondimensional  yawing  derivative  Cn>  of  a wing-body-tail  configuration, 
based  on  the  product  of  wing  area  and  the  square  of  wing  span  Swbw 2 , is  given  by 

2 

C\  ‘ (C".)w»+7T(e»COS“+'p!in“)!(‘iCv,)v,OT„)  (per radian)  7.4.3.3-a 


However,  if  test  data  for  AC„fl  are  available,  the  above  equation  can  be  expressed  as 


/ACy  \ 

\ 1 fl/V(WBH) 


(per  radian) 


7.4.3.3-b 


7.4. 3. 3-1 


•i. 


•-  i 


r 


n 


EM 


' 


r. 
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k 

1 : 


where 


((  nr)wn 


bw 


V(WBH  ) 
(iC«.)p 


Ls  the  wing-body  contribution  to  C„t  obtained  from  test  data  or  Section 
7.3.3. 3,  based  on  the  product  of  wing  area  and  the  square  of  wing  span 
(per  radian). 

is  the  wing  span. 

is  the  distance  from  the  moment  reference  center  to  the  centcr-of- 
pressure  location  of  the  vertical  stabilizer,  measured  parallel  to  the  body 
center  line.  (See  sketch  (a)  in  Section  7. 4.2.1.)  For  Datcom  purposes, 
the  vertical-tail  center-oi-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  distance  from  the  moment  reference  center  to  the  center  of 
pressure  of  the  vertical  stabilizer,  measured  normal  to  the  body  center 
line,  positive  for  the  stabilizer  above,  the  body.  For  Datcom  purposes,  the 
vertical-tail  center-of-pressure  location  is  assumed  to  be  the  quarter- 
chord  point  of  the  MAC  of  the  total  added  panel. 

is  the  tail-body  sideslip  derivative  from  test  data  or  Section  5. 3. 1.1  and 
is  based  on  the  wing  area  (per  radian). 

is  the  tail-body  sideslip  derivative  from  test  data,  where  p refers  to  the 
panels  in  the  empennage.  It  is  based  on  the  product  of  wing  area  and 
span  (per  radian). 


Sampla  Problem 


Given:  Mode!  of  reference  2 


a.c.  OF 

HORIZONTAL 


a = 6° 


(C  \ - -0. 15  peri,  * vtest  dai. 

\ nr/WB 


/AC  \ - 0.43  per  rad  (test  data)  /ACV  ) = -0.64  per  (test  data) 

\ "(jjp  * V p/ V < WBH) 


74.3.3-2 


n 


friflrtfrinii-tiw 


Compute: 


r* 


Calculate  the  yawing  derivative  Cn?  for  the  wing-body-tail  configuration 


C 


n 


r 


(equation  7.4.3. 3-b) 


= -0.15  + (2) 


(0.43)2 

(-0.64) 


= _0.15  - 0.578 

= -0.728  per  rad  (based  on  Swbw2) 


This  compares  with  a test  value  of  -0.60  per  radian  from  reference  2. 


B.  TRANSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  transonic  values  of  the  yawing 
derivative  C„r.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
transonic  speeds. 

C.  SUPERSONIC 

No  generalized  method  is  available  in  the  literature  for  estimating  supersonic  values-  of  the 
yawing  derivative  Cnj.  Furthermore,  there  is  a scarcity  of  experimental  data  for  this  derivative  at 
supersonic  speeds. 
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7.4.4  WING-BODY-TAIL  ACCELERATION  DERIVATIVES 
7.4.4. 1 WING-BOD Y-T AIL  ACCELERATION  DERIVATIVE  CL& 


The  information  contained  in  this  section  is  for 'estimating  the  nondimensional  acceleration 
derivative  Cl^  of  wing-body-tail  combinations  at  low  angles  of  attack.  This  derivative  is  the 
change  in  lift  coefficient  with  rate  of  change  of  angle  of  attack  and  is  expressed  as 


In  general,  the  methods  presented  consist  of  a synthesis  of  material  presented  in  other  sections, 
although  some  new  information  is  presented. 


This  derivative  is  presented  in  a manner  similar  to  that  used  in  reference  1 to  calculate  the  lift  of 
a wing-body-tail  combination.  The  complete  derivative  is  the  sum  of  contributions  of  individual 
components,  treated  as  isolated  surfaces  or  bodies,  and  mutual  interference  effects.  The  mutual 
interference  effects  are  assumed  to  correspond  to  those  due  to  angle-of-attack  variations, 
established  in  references  1 and  2 and  presented  in  Section  4.3. 1.2. 

cr« 

The  horizontal-tail  contribution  to  the  derivative  C]^  is  based  on  the  concept  of  the  lag  of  the 
downwash.  The  nonstationary  character  of  the  lift  response  of  the  tail  to  changes  in  tail  angle  of 
attack  is  neglected,  and  the  result  is  attributed  entirely  to  the  fact  that  the  downwash  at  the  tail 
does  not  respond  instantaneously  to  changes  in  wing  angle  of  attack.  This  concept  is  also  the 
basis  used  in  estimating  the  horizontal-tail  contribution  to  the  derivative  Cm^  in  Section  7.4.4.2. 
The  result  of  this  concept  is  presented  in  numerous  aerodynamic  texts,  for  example,  reference  3. 
The  effect  of  Cl^  on  longitudinal  stability  is  usually  unimportant  and  is  therefore  frequently 
neglected  in  dynamic  analyses. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  acceleration  derivative  Cl^  of  wing-body-tail 
combinations,  differing  only  in  their  treatment  of  the  effect  of  the  flow  field  of  the  forward 
surface  on  the  aft  surface 


DATCOM  METHODS 


Method  1.  (b'/b"  >1.5; 

For  configurations  in  which  the  span  of  the  forward  surface  is  large  compared  to  that  of  the  aft 
surface,  the  following  approach  can  be  used.  This  method  is  to  be  used  when  the  ratio  of  the 
forward-panel  span  to  the  aft-panel  span  is  1.5  or  greater.  The  equation  of  the  nondimensional 
acceleration  derivative  of  a wing-body-tail  configuration,  based  on  the  area  and  mean 
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aerodynamic  chord  of  the  total  forward  panel  and  referred  to  a moment  center  at  the  assumed 
center  of  gravity  or  center  of  rotation,  is  given  by 


C 


L 


oc 


+ 2tKW(B)  + Ki 


VB(W) 


7.4.4. 1 -a 


where  the  primed  quantities  refer  to  the  forward  panel,  the  double-primed  quantities  refer  to  the 
aft  panel,  and  the  subscript  e refers  to  the  exposed  panel.  (See  Section  4. 3. 1.2  for  the  definition 
of  exposed  surfaces.) 


is  the  contribution  of  the  wing-body  configuration  to  the  acceleration  derivative 
Cl^,  obtained  from  Section  7. 3.4.1. 


i)e 

da 


is  the  downwash  gradient  averaged  over  the  aft  surface,  obtained  from  Section 
4.4.1. 


The  remaining  terms  are  defined  in  paragraph  A of  Section  7 .4. 1.1. 

Method  2.  (b'/b"  < 1.5) 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less 
than  that  of  the  aft  surface,  the  vortex  shed  from  the  forward  surface  interacts  directly  with  the 
aft  surface  and  the  resulting  interference  effects  must  be  accounted  for  in  the  tail  terms.  This 
method  is  to  be  used  when  the  ratio  of  the  forward-panel  span  to  the  aft-panel  span  is  less  than 
1.5.  The  equation  for  the  nondimensional  acceleration  derivative  Cl<j  of  a wing-body-tail 
configuration,  based  on  the  area  and  mean  aerodynamic  chord  of  the  total  forward  panel  and 
referred  to  a moment  center  at  the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 
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All  the  terms  are  defined  in  paragraph  A of  Section  7.4. 1.1  and  method  1 above. 

Because  of  the  similarity  of  the  two  methods  a sample  problem  for  method  2 is  not  included. 
However,  evaluation  of  the  term  (CLa|w"(V)  for  a wing-body-tail  configuration  is  presented  in 
Section  4.5. 1.1. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problems  of  paragraph  A,  Sections  7.4. 1.1  and  7.4. 1.2. 
Some  of  the  characteristics  are  repeated  below.  Note  that  for  the  sake  of  simplicity  the 
vehicle  center  of  gravity  has  been  taken  at  c'/4  and  x,,  — x”  = 2". 

The  following  ratios  based  on  total  forward  panel  dimensions: 


b'' 

— - 0.4377 
b' 


= 0.8053 
b 


2”  *3 

— = 2.26  — 

c b' 

Additional  Characteristics: 


— = 0.2667 


= 0.4026 


= 0.0988 


= 0.1578 


hH  = 7.18  feet 


M = 0.60  Rg  = 5.16  x 107  (based  on  c') 


2eff  a 22  = 18.32  feet 


23  = c'  = 12.133  feet 


2”  = 27.425  feet 


P =0.80  Sea  level 


a'  = 4° 


r » o 


Smooth  surfaces 


NACA  66-206  airfoil  sections 


A;/4  = 30.97° 


Compute: 


Step  1.  Wing-body  C,  . (Section  7. 3.4.1) 

a 


(C.  \ = 0.864  per  rad  (sample  problem,  paragraph  A,  Section  7.3.4. 1) 

\ a/w  B 

Step  2.  Lift-curve  slope  for  the  exposed  horizontal-tail  panel  (Section  4. 1.3. 2) 

(CL  j " - 4.0  per  rad  (sample  problem,  paragraph  A,  Section  7.4. 1.1) 

\ 

Step  3.  Tail-body  interference  factors  (Section  4.3. 1.2) 


KW(b)''  = 1.315 


^B(W)  " 0.550 


(sample  problem,  paragraph  A,  Section  7.4. 1.1) 
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1 


1 

a 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1 ) 
q" 

— = 0.901  (sample  problem,  paragraph  A,  Section  7.4. 1.1) 

Step  5.  Downwash  parameter  (Section  4.4.1) 

Obtain  value  for  a'  = 4°  at  M = 0.2  and  correct  for  Mach  number  effects  by  equation 
4.4. 1-g 

= -1.6°  (table  4.1.1 -B) 


m 


tan  Ac/2  = 0.4003 


~ (p2  + tan2  Ac/2  ) 


1/2  5 


0.985 


[o.98  + (0.4003)2]  = 5.43 


- 0.80  (figure  4.1.3.2-49) 


C.  ’ = 4.00  per  rad  = 0.0698  per  deg 

/V 


(C.  ')  a = CL.  (a'  - a ')  = 0.0698  [4  - (-1.6)]  = 0.391 

\ La/a  =4°  La'  u 


a = 21.0°  (Section  4. 1.3.4) 

Cl 

max 


oc  -an 


ac,  -«o 

Lmax 


4 - (-1.6) 
21.0  - (-1.6) 


= 0.248 


A’ 


eff 


A' 


b' 


eff 


b' 


= l.o 


= 1.0 


(Figure  4.4.1-66) 


A'eff  - 5.0 


beff  = 45.50  ft 
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..  1 
. ’l 


I 


C. 


a ■ ° 


(figure  4.4.1-67) 


49 


Ay  = 1.10  (figure  2.2. 1-8) 

Type  of  flow  separation:  Leading-edge  separation  is  predominant  (figure  4.4. 1 -68a) 


a = hH  - (K2  + £3 ) 


/ 041Cl\  beff 

V 2 

(~ 

l 57.3 


tan  T (equation  4.4. 1-d) 


= 7.18  - (18.32  + 12.133) 


* 7.18  - (30.453)  (0.0596)  = 5.37 


(0.41)  (0.391  )\  _ 45.50 
(3.14)  (5.0)  / 2 


(0) 


0.56  A'  _ 0.56(5.0) 

'ru  ~ r ' = 0.391  1 = 7‘ 


1 6 (See  page  4.4. 1 -6) 


>v  = [0.78 + 0.10  (X'  ~ 0.4) + 0.003  A;/4]beff  (Ac/4  in  deg)  (equation  4.4.1  -f) 


ru 


= (0.833)  (45.50) 
= 37.90  ft 


= b' 


eff  (b;ff  - \u) 


2C  ' 1/2 


Vfu'  [b'fru 

r 

45.5  -(45.5  - 37 
= 45.5  - 2.5  = 43.0 


,9)  r_»±L_l 

L<45.5)(7.I6)J 


(equation  4.4. 1-e) 


1/2 


h b"  19.915 
- = — = = 0.463 

b„  43.0 
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= 0.93  (figure  4.4. 1 -68b) 

(9. 


M = 0. 


4.50  (sample  problem,  paragraph  A,  Section  7.3. 1.1) 


speed 


(equation  4.4. 1-g) 


(0.4557) 


= (0.513) 


Solution: 


Si  “ M*,  + 2|KW®  + K 


B(W) 


(equation  7.4.4. 1 -a) 


= 0.864  + 2(1.315  + 0.550)  (0.0988)  (2.26)  (0.513)  (0.901)  (4.0) 
= 0.864  + 1.540 


= 2,404  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total 
forward  panel  and  referred  to  a moment  center  at  c/4) 
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B.  TRANSONIC 


No  accurate  methods  are  available  for  estimating  the  characteristics  of  isolated  panels,  the 
dynamic- pressure  ratio,  or  the  downwash  gradient  in  the  transonic  speed  regime.  The  aero- 
dynamic interference  “K”  factors  for  slender  configurations  are  relatively  insensitive  to  Mach 
number;  however,  for  nonslender  configurations  transonic  interference  effects  can  become  quite 
large  and  sensitive  to  minor  changes  in  local  contour. 


DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A above  be  applied  directly  to  the 
transonic  speed  regime.  Care  should  be  taken  to  estimate  the  various  parameters  of  equations 
7.4.4. 1-a  and  -b  at  the  appropriate  Mach  number.  The  interference  “K”  factors  should  be 
obtained  from  paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  information  included  in  the  Datcom  accounts  for  most  of  the  mutual  interferences  that 
occur  between  components  of  wing-body-tail  configurations  at  supersonic  speeds. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A above  are  also  applicable  to  the  supersonic  speed  range. 
Care  should  be  taken  to  estimate  the  various  parameters  of  equations  7.4.4. 1-a  and  -b  at  the 
appropriate  Mach  number.  Method  3 of  paragraph  C of  Section  4.4.1  should  be  used  to  evaluate 
the  last  term  of  equation  7.4.4. 1 -b. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problems  of  paragraph  C,  Sections  7. 4. 1.1  and  7.4. 1.2,  and 
paragraph  A of  this  section.  Some  of  the  characteristics  are  repeated  below. 


The  following  ratios  based  on  total  forward  panel  dimensions: 


r 

c' 


2.26 


— = 0.0988 
S 


Additional  Characteristics: 
hH  = 7.18  ft 


M = 1.40 


a'  = 4° 


A'  = 5.0 


0 - 0.98 


eg  at  c/4 


Compute; 


Step  1.  Wing-body  C'N  . (Section  7.3.4. 1) 


(C'Ni)v 


(C'Na)v 


= [KU(,U>  + K 


W(B)  B(W ) 


S )(c  )(C|  a).  + (C*-i)i 


v © (t 


(equation  7.3.4. 1-a) 


0.485  per  rad  (sample  problem,  paragraph  C,  Section  7.3.4. 1) 


Step  2.  Lift-curve  slope  for  the  exposed  horizontal-tail  panel  (Section  4. 1.3.2) 


(Cn«).” 


= 4.025  per  rad  (sample  problem,  paragraph  C,  Section  7.4. 1.1) 


Step  3.  Tail-body  interference  factors  (Section  4. 3. 1.2) 


*w  = 1315 


W - 0.4028 


(sample  problem,  paragraph  C,  Section  7.4. 1. 1) 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 


— = 0.80  (sample  problem,  paragraph  C,  Section  7.4. 1 . 1) 


Step  5.  Downwash  parameter  (Section  4.4. 1) 


Obtain  value  in  the  plane  of  symmetry  at 


36.52  ft 


x,  y,  and  z referred  to  wind  axes: 


x = h|{  sin  c*  + (36.52)  cos  a = 36.93 
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y = 0 (plane  of  symmetry) 


|>  O 


z = hH  '-os  a - (36.52)  sin  a = 4 615 


2x 

1.656 

2z 

--  = 0.2029 
b 

o 

ii 

r't'l  lo 

PA'  = 

4.90 

2h 

a'(3b' 

= 1.0* 

(Figure  4.4.1  -74a) 

i 

i 

j 

/ 2z\ 

2z 

2h 

b'  a‘0b' 


= 0.2029  + (1.0)  (0.0684) 
= 0.2713 


— = 0.29*  (figure  4.4.1.-76a) 

da 


Solution: 


(^l«)wb  + 2IKw<B)  + KB(W)] 


„ /s«  \/x*s~ x Vq  V8g\  (c  \- 

ys'/y  c’  \3a/ \ Na/e 


(equation  7.4.4. 1-a) 

= -0.485  + 2(1.315  + 0.4028)  (0.0988)  (2.26)  (0.80)  (0.29)  (4.025) 

= -0.485  + 0.716 

= 0.231  per  rad  (based  on  the  area  and  mean  aerodynamic  chord  of  the  total  forward 
panel  and  referred  to  a moment  center  at  c'/4) 
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•The  data  obtained  from  figures  4.4.l-74»  and  4.4. 1-763  for  triangular  planforms  have  been  extrapolated  to  (1A  = 4.90.  (See 
reference  14,  Section  4.4.1.) 
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7.4.4.2  WING-BODY-TAIL  ACCELERATION  DERIVATIVE  Cm<i 


The  information  contained  in  this  section  is  for  estimating  the  nondimens;onal  acceleration 
derivative  Cm^  of  wing-body-tail  combinations  at  low  angles  of  attack.  This  derivative  is  the 
change  in  pitching-moment  coefficient  with  rate  of  change  of  angle  of  attack  and  is  expressed  by 


This  derivative  is  important  in  longitudinal  dynamics,  since  it  is  involved  in  the  damping  of  the 
short-period  mode. 

The  Datcom  methods  are  based  on  the  same  assumptions  that  were  made  for  the  total  pitching 
derivative  Cj,£  of  the  wing-body-tail  combinations,  and  the  general  discussion  of  Section  7.4.4. 1 
is  directly  applicable  here. 

A.  SUBSONIC 

Two  methods  are  presented  for  determining  the  acceleration  derivative  Cm^  of  wing-body-tail 
combinations,  differing  only  in  their  treatment  of  the  efFect  of  the  flow  field  of  the  forward 
“|  surface  on  the  aft  surface. 


DATCOM  METHODS 


Method  1.  (b'/b"  > 1.5) 


For  configurations  in  which  the  span  of  the  forward  surface  is  large  compared  to  that  of  the  aft 
surface,  the  following  approach  can  be  used.  This  method  is  to  be  used  when  the  ratio  of  the 
forward-panel  span  to  the  aft-panel  span  is  1.5  or  greater.  The  equation  for  the  nondimensional 
acceleration  derivative  Cm£  of  a wing-body-tail  configuration,  based  on  the  area  and  the  square 
of  the  mean  aerodynamic  chord  of  the  total  forward  panel  and  referred  to  a moment  center  at 
the  assumed  center  of  gravity  or  center  of  rotation,  is  given  by 


C 


m 


a 


+ kb<w)1 


m l) 


7.4.4.2-a 


where  the  primed  quantities  refer  to  the  forward  panel,  the  double-primed  quantities  refer  to  the 
aft  panel,  and  the  subscript  e refers  to  the  exposed  panel.  (See  Section  4.3. 1.2  for  the  definition 
of  exposed  surfaces.) 


7.4.4.2-i 


is  the  contribution  of  the  wing-body  configuration  to  the  acceleration  derivative 
Cni(j,  obtained  from  Section  7. 3. 4. 2. 


3e 

3a 


is  the  downwash  gradient  averaged  over  the  aft  panel,  obtained  from  Section 
4.4.1. 


The  remaining  terms  are  defined  in  paragraph  A of  Section  7. 4.1.1. 

Method  2.  (b'/b"  < 1.5) 

For  configurations  in  which  the  span  of  the  forward  surface  is  approximately  equal  to  or  less 
than  that  of  the  aft  surface,  the  vortex  shed  from  the  forward  surface  interacts  directly  with  the 
aft  surface,  and  the  resulting  interference  effects  must  be  accounted  for  in  the  tail-  or  aft- 
surface-contribution  terms.  This  method  is  to  be  used  when  the  ratio  of  the  forward-panel  span 
to  the  aft-panel  span  is  less  than  1.5.  The  equation  for  the  nondimensional  acceleration  derivative 
Cmi  of  a wing-body-tail  configuration,  based  on  the  area  and  the  square  of  the  mean  aero- 
dynamic chord  of  the  total  forward  panel  and  referred  to  a moment  center  at  the  assumed 
center  of  gravity  or  center  of  rotation,  is  given  by 


+ 2 


7.4.4.2-b 


All  the  above  terms  are  defined  in  paragraph  A of  Section  7.4. 1.1  and  method  1 above. 

Because  of  the  similarity  of  the  two  methods  a sample  problem  for  method  2 is  not  included. 
However,  evaluation  of  the  term  (Q.«)w"(v)  f°r  a whig-body-tail  configuration  is  presented  in 
Section  4.5. 1.1. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problems  of  paragraph  A,  Sections  7.4. 1.1,  7. 4. 1.2,  and 
7.4.4. 1.  Some  of  the  characteristics  are  repeated  below. 

The  following  ratios  based  on  total  forward-panel  dimensions: 

r s." 

— = 2.26  = 0.0988 

c'  S' 

Additional  Characteristics: 

M = 0.60  (3  = 0.80  a'  = 4°  eg  at  c/4 


7 .4. 4.2-2 


Compute: 


Step  1 Wing-body  C , (Section  7. 3. 4. 2) 


(Cmi)wB  tKw<B>  + Kb<w>1  ('S'  )(  c ) (Cma)e  + (Cma/B  (s  ) (o' 


(equation  7.3.4.2-a) 


= —0.400  per  rad  (sample  problem,  paragraph  A,  Section  7. 3. 4. 2) 

Step  2.  Lift-curve  slope  for  the  exposed  horizontal-tail  panel  (Section  4. 1.3.2) 
(CL  j “ 4,0  per  rad  (sample  problem,  paragraph  A,  Section  7. 4. 1.1) 

Step  3.  Tail-body  interference  factors  (Section  4.3. 1.2) 


W " h315 


KB(w)"  = 0.550 


(sample  problem,  paragraph  A,  Section  7. 4. 1.1) 


Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 


= 0.901  (sample  problem,  paragraph  A,  Section  7.4. 1.1) 


Step  5.  Downwash  parameter  (Section  4.4.1) 


0.513  (sample  problem,  paragraph  A,  Section  7.4.4. 1) 


Solution: 


'«  (Cmd)\ 


2^W(B)  + K-B(W)] 


q )\3a/(  LcJe 


(equation  7.4.4.2-a) 


= -0.400  - 2(1.315  + 0.550)  (0.0988)  (2.26)2  (0.901)  (0.513)  (4.0) 

= -0.400  - 3.48 

= —3.88  per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord 
of  the  total  forward  panel  and  referred  to  a moment  center  at  c’/4) 
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B.  TRANSONIC 


The  comments  of  paragraph  B of  Section  7.4.4. 1 are  directly  applicable  here. 

DATCOM  METHODS 

It  is  recommended  that  the  methods  presented  in  paragraph  A above  be  applied  to  the  transonic 
speed  regime.  Care  should  be  taken  to  estimate  the  parameters  of  equations  7.4.4.2-a  and  -b  at 
the  appropriate  Mach  number.  The  interference  “K”  factors  should  be  obtained  from 
paragraph  C,  Section  4.3. 1.2. 

C.  SUPERSONIC 

The  comments  of  paragraph  C of  Section  7.4.4. 1 are  directly  applicable  here. 

DATCOM  METHODS 

The  methods  presented  in  paragraph  A above  are  also  applicable  to  the  supersonic  speed  range. 
Care  should  be  taken  to  estimate  the  parameters  of  equations  7.4.4.2-a  and  -b  at  the  appropriate 
Mach  number.  Method  3 of  paragraph  C of  Section  4.4.1  should  be  used  to  evaluate  the  last  term 
of  equation  7.4.4.2-b. 


Sample  Problem 


Method  1 

Given:  Same  configuration  as  sample  problems  of  paragraph  C,  Sections  7.4. 1.1,  7. 4. 1.2,  and 
7. 4. 4.1,  and  paragraph  A of  this  section.  Some  of  the  characteristics  are  repeated  below. 

The  following  ratios  based  on  total  forward-panel  dimensions; 

r V 

-1  = 2.26  — = 0.0988 

c'  S 

Additional  Characteristics: 

M = 1.4  0 = 0.98  a'  = 4°  eg  at  c/4 


Compute: 

Step  1.  Wing-body  C (Section  7. 3.4. 2) 
m a 


(equation  7.3.4.2-u) 


7.4.4. 2-4 


= 1.308  per  rad  (sample  problem,  paragraph  C,  Section  7. 3, 4. 2) 


(^m  a)wB 


Step  2.  Lift-curve  slope  for  the  exposed  horizontal-tail  panel  (Section  4. 1.3.2) 
(CN  Y - 4.025  per  rad  (sample  problem,  paragraph  C,  Section  7. 4. 1.1) 

Step  3.  Tail-body  interference  factors  (Section  4. 3. 1.2) 

(sample  problem,  paragraph  C,  Section  7. 4. 1.1) 

Step  4.  Dynamic  pressure  ratio  (Section  4.4.1) 


kw(b> 

= 1.315 

KB(W) 

= 0.4028 

— = 0.80  (sample  problem,  paragraph  C,  Section  7. 4. 1.1) 


Step  5.  Downwash  parameter  (Section  4.4.1) 

— = 0.29  (sample  problem,  paragraph  C,  Section  7.4.4. 1) 
dot 


Solution: 


(equation  7.4.4.2-a) 


= 1.308  - 2(1.315  -*  0.4028)  (0.0988)  (2.26)2  (0.80)  (0.29)  (4.025) 


= 1.308  - 1.619 

= -0.3 1 per  rad  (based  on  the  area  and  the  square  of  the  mean  aerodynamic  chord 
of  the  total  forward  panel  and  referred  to  a moment  center  at  c/4) 


7.4.4. 3 WING-BODY-TAIL  DERIVATIVE  C 


This  section  presents  a method  for  estimating  the  wing-body-tail  derivative  Cp^  at  subsonic  speeds. 
This  derivative  is  the  change  in  the  drag  coefficient  due  to  a change  in  & at  a constant  pitch  rate  and 
is  defined  as 


where  CD  is  based  on  Sw . 


In  general,  this  derivative  is  small  and  has  a negligible  effect  on  longitudinal  stability;  hence,  it  is 
usually  neglected. 

A.  SUBSONIC 

The  wing  contribution  to  Cp.  can  be  estimated  using  unsteady-flow  theory.  The  body  contribution 
is  small  and  has  been  neglected.  The  tail  contribution  is  computed  from  conventional  downwash-hag 
theory.  The  horizontal-tail  lift  due  to  d was  taken  to  act  normal  to  the  local  flow  direction  at  the 
tail,  to  produce  a for^e  component  in  the  direction  of  the  free-stream. 

DATCOM  METHOD 


The  wing-body-tail  derivative  is  given  by 


Cd°  ■ (c°X +KJ  *(<>«/) 


7.4.4.3-a 


where 


Hr 

(H 

k), 


is  the  wing  contribution  to  CD>  obtained  from  Section  7. 1.4. 3. 

a 

is  the  horizontal-tail  contribution  independent  of  angle  of  attack,  obtained  by 


1 


C7 

57.3  l«h  Sw 


SH  (8H  cosaF +zH  sinaF) 

— r«(2e»“i») 


5/2 


7.4.4.3-b 


where 


CL  is  the  horizontal-tail  lift-curve  slope  (based  on  SH ) obtained  from  test  data  or 

“h  from  Section  4. 1 .3.2  (per  degree). 

SH  is  the  horizontal-tail  reference  area. 

Sw  is  the  wing  reference  area. 


£h  is  the  distance  from  the  momen  reference  center  to  the  center-of-pressure 

location  of  the  horizontal  stabilizer,  measured  parallel  to  the  body  center  line. 
For  Datcom  purposes,  the  horizontal-tail  center-of-pressure  location  is  assumed 
to  be  at  the  quarter-chord  point  of  the  MAC  of  the  total  added  panel. 

zH  is  the  distance  from  the  moment  reference  center  tc  the  center-of-pressure 

location  of  the  horizontal  stabilizer,  measured  normal  to  the  body  center  line, 
positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes,  the 
horizontal-tail  center-of-pressure  location  is  assumed  to  be  at  the  quarter-chord 
point  of  the  MAC  of  the  total  added  panel. 

c*F  is  the  fuselage  angle  of  attack. 

de  -/ 

— is  the  downwash  gradient  at  c/4  of  the  horizontal  tail,  obtained  from  test  data 

or  from  Section  4.4. 1 . 

c is  the  wing  MAC. 

e0  is  the  downwash  angle  at  c/4  of  the  horizontal  tail  at  ap  = 0. 

iH  is  the  horizontal-tail  incidence  with  respect  to  the  fuselage  reference  line. 


is  the  change  in  horizontal-tail  contribution  with  angle  of  attack,  obtamed  by 


_l_c  SH  (g„  cos «F  + zH  sinaF)  de  / ^ \ 

57.3  LaH  Sw  c/2  da  \ da  / 


where  all  of  the  terms  are  defined  above. 


7.4.4.3-c 


Sample  Problem 

Given:  Same  configuration  as  sample  problem  of  Paragraph  A of  Section  7. 1.4.3. 
Tail  Characteristics: 


CL  = 0.05  per  deg 
aH 

CH  = 8 ft  zH  = 0 

e0  = 1°  iH  = 0 


SH  = 16  ft2 


de 

da 


0.32 


Compute: 


1 SH  (gH  cos  a,,  +zH  sin«H)3e 

57.3  \*H  Sw  c/2  da  ^ 0 


(Equation  7.4.4.3-b) 


7. 4.4. 3-2 


1 


ft  o 


- (— )(0.05)  (— ) 
\57.3  / \64.0/ 


1 6.0 \ [(8  0)(0.9998)  + 0] 


(0.32)[2(  1 .0)  - 0] 


= 0.000558 


1 cosaF  + ZH  9e  / be  \ 

— - r — [ 2 11  (1 

*F  / 57.3  lch  Sw  c/2  9a  \ 3a  / 

H 


(Equation  7.4.4.3-c) 


= -0.000100 


Solution: 


s = Kl + (c%)/ 

(cDJ  = 0.0085  per  deg  (Sample  Problem,  Paragraph  A,  Section  7. 1.4.3) 

\ 1 a/ii/ 


(Equation  7.4.4.3-a) 


•-  0.0085  + 0.000558  + (-0.000100)  1.0 


= 0.00896  per  degree 


B.  TRANSONIC 


No  method  is  presented. 


C.  SUPERSONIC 


No  method  is  presented. 


7. 4. 4.3-3 


7.44.4  WING-BODY-TAIL  DERIVATIVE  Cv. 

P 

This  section  presents  a method  for  estimating  the  contribution  of  the  vertical  tail,  in  the  presence  of 
the  wing  and  body,  to  the  derivative  Cy^  at  subsonic  speeds.  This  derivative  is  the  change  in 
side-force  coefficient  with  variations  in  the  rate  of  change  of  sideslip  angle  at  a constant  yaw  rate 
and  is  defined  as 


acY 

Cy . = ~p — : , where  Cy  is  based  on  Sw . 

' d\W 

In  general,  at  low  to  moderate  angles  of  attack,  this  derivative  is  small  and  has  a negligible  effect  on 
lateral  stability;  hence,  it  is  usually  neglected. 

A.  SUBSONIC 

A wing  contribution  to  Cy*  can  be  evaluated  by  using  unsteady-flow  theory,  but  at  low  to 
moderate  angles  of  attack  it  is  generally  considered  small  and  is  neglected.  At  low  angles  of  attack 
and  for  attached-flow  conditions,  the  largest  contributor  to  Cy*  is  the  vertical  tail.  The  method 
herein  applies  a sidewash-lag  theory  in  an  analogous  manner  to  the  downwash-lag  theory  that  is  used 
in  finding  the  horizontal-tail  contribution  to  . The  body  contribution  is  small  and  has  been 
neglected. 

For  a brief  discussion  of  the  physical  flow  phenomena  at  high  angles  of  attack,  i.e.,  leading-edge 
vortex  sheets  and  flow  separation,  and  a comprehensive  bibliography  on  related  subject  matter,  the 
reader  is  referred  to  Reference  1 . 


DATCOM  METHOD 


Design  charts  for  predicting  the  change  of  wing  sidewash  angle  with  the  change  of  sideslip  angle  are 
presented  as  a function  of  wing  geometry,  i.e.,  aspect  ratio,  sweep,  and  taper  ratio,  at  Mach  numbers 
0.2  and  0.8.  These  design  charts  were  generated  from  wing  loadings  in  sideslip  by  using  the  theory 
presented  in  References  2 and  3. 


The  vertical-tail  contribution  to  the  derivative  Cy^  at  low  to  moderate  angles  of  attack  is  given  by 


(£  cos  + zp  sin  aF ) 


b 


w 


7.4.4.4-a 


where 

CL  is  the  lift-curve  slope  of  the  vertical  tail  obtained  from  test  data  or  Section  4. 1.3.2. 

“v 

is  the  change  of  sidewash  angle  (due  only  io  the  wing,  i.e.,  no  sidewash  due  to 
fuselage  cross  flow)  with  respect  to  the  change  in  the  sideslip  angle.  This  factor  can 
be  estimated  by 


/ 


o„  = o„  ac  + 


pa  F 57.3 


r - o»  6 + o„ 


7.4.4.4-b* 


where 


is  the  sidewash  contribution  due  to  angle  of  attack,  obtained  from  Figures 

zv 

7.4.4.4-6a  through  -6p  as  a function  of  — ; and  wing  geometry.  zv  is  the 

b/2 

distance  between  the  wing  c/4  point  and  the  vertical-stabilizer  center-of- 
pressure  location,  measured  normal  to  the  free-stream  direction.  For  Datcom 
purposes  the  vertical-tail  center-of-pressure  location  is  assumed  to  be  at  the 
quarter-chord  point  of  the  MAC  of  the  total  added  panel. 


zy  = zp  cos  — Cp  sin  aF 


7.4.4.4-c 


where  zp  and  fip  are  defined  below, 
is  the  fuselage  angle  of  attack  in  degrees. 

is  the  sidewash  contribution  due  to  wing  dihedral,  obtained  from  Figures 

zv 

7.4.4.4- 22a  through  -22d  as  a function  of  — and  wing  geometry. 

b/2 

is  the  wing  dihedral  in  degrees. 

is  the  sidewash  contribution  due  to  wing  twist,  obtained  from  Figures 

zv 

7.4.4.4- 26a  through  -26p  as  a function  of  — and  wing  geometry. 

b/2 

is  the  wing  twist  in  degrees  between  the  root  and  tip  sections,  negative  for 
washout  (see  Figure  5.1.2.  l-30b). 

is  the  sidewash  contribution  due  to  the  body  effect  on  the  wing  loading.  It  is 

zv 

presented  as  a function  of  — — and  wing  geometry,  at  three  different  body- 

b/2 

radius-to-wing-span  ratios  of  0.06,  0.12,  and  0.24.  In  addition,  the  wing 
position  on  the  body  has  an  effect  on  this  term.  However,  for  Datcom  con- 
siderations a low-wing  position  was  assumed  as  shown  in  Sketch  (a).  Fora 
high-wing  position  as  shown  in  Sketch  (b),  the  sign  of  a,,  in  Figures 

7.4.4.4- 42a  through  -42p  becomes  negative.  WB 


*A  more  accurate  result  can  be  obtained  from  the  equation 


7. 4. 4.4-2 


SKETCH  (a) 


high-wing  position  as  shown  in  sketch  (b),  the  sign  of  in  Figures  7.4.4.4-42a  through  -42p 
becomes  negative. 


7. 4.4. 4-3 


s 


V 


Jw 


bw 


is  the  vertical-tail  area,  consistent  with  the  vertical-tail  area  used  to  define 
CL  * 

a v 

is  the  wing  reference  area. 


is  the  distance  from  the  wing  quarter-chord  point  to  the  center-of-pressure 
location  of  the  vertical  stabilizer,  measured  parallel  to  the  body  center  line.  For 
Datcom  purposes,  the  vertical-tail  center-of-pressure  location  is  assumeu  to  be 
at  the  quarter-chord  point  of  the  MAC  of  the  total  added  panel.  (See  Sketch  (a) 
of  Section  7. 4.2.1.) 

is  the  distance  from  the  wing  quarter-chord  point  to  the  center-of-pressure 
location  of  the  vertical  stabilizer,  measured  normal  to  the  body  center  line, 
positive  for  the  stabilizer  above  the  body.  For  Datcom  purposes,  the 
vertical-tail  center-of-pressure  location  is  assumed  to  be  at  the  quarter-chord 
point  of  the  MAC  of  the  total  added  panel. 


is  the  wing  span. 


Sample  Problem 


Given:  The  following  wing-body-tail  configuration 
Wing  Characteristics: 

A = 7 X = 0.25  Ale  = 35°  Low  wing 

Sw  = 3500  ft2  bw  = 156.52  ft  d = -5°  T = 3° 

Vertical-Tail  Characteristics: 

CL  = 0.055  per  deg  Sy  = 600  ft2 

°v 


~ = 0.242 
b/2 


Additional  Characteristics: 


fip  = 60.0  ft 


zp  = 20.0  ft 


M = 0.8 


Body  Radius 

b/2 


= 0.12 


= J° 


7.4. 4.4-4 


Compute: 

Determine  o? 


\ *F  + ^ r - affe  9 + aeWB  (Equation  7 .4.4.4-b) 

-0.013  (Figure  7.4.4.4-6£) 

‘ -0.56  (Figure  4.4.4.4  -22d) 

-0.01 13  (Figure  7.4.4.4-26£) 

= 0.07  (Figure  7.4.4.4  -42C) 

(-0.013X1)  + ] 3 - (-0.01 13)(-5)  + (0.07) 

-0.013  - 0.0293  - 0.0565  + 0.07 


= -0.0288 


Solution: 


(£p  cos  aF  + zp  sin  aF ) 
bw 


(Equation  7.4.4.4-a) 


= 2(0.055)(-0.0288) 


600  [(60X0.9998) + (20)(0.01745) 
3500 1 156.52 


= -0,000209  per  deg 
B.  TRANSONIC 


No  method  is  presented. 

C.  SUPERSONIC 
No  method  is  presented, 
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FIGURE  7.4.4.4-26  (CONTD) 


7.4.4.4-27 


FIGURE  7.4.4.4-26  (CONTD) 
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M = .2 

BODY  RADIUS  = .06 
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FIGURE  7.4.4.4-42  SIDEWASH  CONTRIBUTION  DUE  TO  BODY  EFFECT 
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FIGURE  7.4.4.442  (CONTD) 
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M = .2 

BODY  RADIUS  = .24 

b/2 


FIGURE  7.4.4.4-42  (CONTD) 
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BODY  RADIUS  = .24 
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FIGURE  7.4.4.4-42  (CONTD) 
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M = .8 

BODY  RADIUS  = .24 
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\ = 0 
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FIGURE  7.4.4.4-42  (CONTD) 


7.4.4.4-55 


r 


ApriJ  1978 


7.4.4.5  WING-BODY-TAIL  DERIVATIVE  C, 

a 

This  section  presents  a method  for  estimating  the  contribution  of  the  vertical  tail,  in  the  presence  of 
the  wing  and  body,  to  the  derivative  C/^  at  subsonic  speeds.  This  derivative  is  the  change  in 
rolling-moment  coefficient  with  variation  in  the  rate  of  change  of  sideslip  angle  at  a constant  yaw 
rate  and  is  defined  as 


dC, 

C,  = — — , where  C,  is  based  on  Sw  b.v . 
le  a^b\  ' w w 

In  general,  at  low  to  moderate  angles  of  attack,  this  derivative  is  small  and  has  a negligible  effect  on 
lateral  stability;  hence,  it  is  usually  neglected. 

A.  SUBSONIC 

The  wing  contribution  to  can  be  evaluated  by  using  unsteady-flow  theory,  but  at  low  to 
moderate  angles  of  attack  it  is  generally  considered  small  and  is  neglected.  At  low  angles  of  attack 
and  for  attached-flow  conditions,  the  largest  contributor  to  is  the  vertical  tail.  The  rolling 
moment  produced  on  the  airframe  by  the  vertical  tail  is  due  to  the  sidewash  time-lag  effects  from 
the  wing.  The  body  contribution  is  small  and  has  been  neglected. 

For  a brief  discussion  of  the  physical  flow  phenomena  at  high  angles  of  attack,  i.e.,  leading-edge 
vortex  sheets  and  flow  separation,  and  a comprehensive  bibliography  on  related  subject  matter,  the 
reader  is  referred  to  Reference  1.  Reference  1 also  discusses  the  inadequacy  of  oscillating-airfoil 
theory  and  sidewash-lag  theory  for  predicting  the  vertical-tail  contribution  to  Q • at  high  angles  of 
attack.  However,  a modified  flow-field-lag  theory  is  discussed  in  Reference  1 that  appears  to  give 
qualitative  agreement  with  experimental  data  for  a current  twin-jet  fighter  configuration. 

DATCOM  METHOD 

The  vertical-tail  contribution  to  the  derivative  (?/•  at  low  to  moderate  angles  of  attack  is  given  by 

/z  cosaF  - £ sin  a \ 

C,.  = Cv.  [- : 5 7.4.4.5-a 


where 

CY.  is  the  vertical-tail  contribution  to  the  derivative  Cv.  obtained  from  Section  7. 4. 4.4. 

0 S3 

zp  is  the  distance  from  the  wing  quarter-chord  point  to  the  center-of-pressure  location 

of  the  vertical  stabilizer,  measured  normal  to  the  body  center  line,  positive  for  the 
stabilizer  above  the  body.  For  Datcom  purposes,  the  vertical-tail  center-of-pressure 
location  is  assumed  to  be  the  quarter-chord  point  of  the  MAC  of  the  total  added 
panel. 


7.4.4.5-1 


r 


t 

i 


2p  is  the  distance  from  the  wing  quarter-chord  point  to  the  center-of-pressure  location 

of  the  vertical  stabilizer,  measured  parallel  to  the  body  center  line.  For  Dafcom 
purposes,  the  vertical-tail  center-of-pressure  location  is  assumed  to  be  at  the 
quarter-chord  point  of  the  MAC  of  the  total  added  panel.  (See  Sketch  (a)  of  Section 
7. 4. 2.1.) 

aF  is  the  fuselage  angle  of  attack. 

bw  is  the  wing  span. 


Sample  Problem 

Given:  Same  configuration  as  sample  problem  of  Paragraph  A of  Section  7. 4. 4.4. 
Compute: 


CY.  = -0.000209  (Sample  Problem,  Paragraph  A.  Section  7. 4. 4.4) 

a 


C/.  Cy 
0 0 


'zp  cos  aF  - cp  sin  aA 


(Equation  7.4.4.5-a) 


w 


G.  = (-0.000209) 
0 


(20)( 0.9998)  - (60X0.0175) 


156.52 


= -0.0000253  per  deg 


B.  TRANSONIC 

No  method  is  presented. 

C.  SUPERSONIC 

No  method  is  presented. 
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7 .4.4.6  WING-BODY-TAIL  DERIVATIVE  C„. 

0 

This  section  presents  a method  for  estimating  the  contribution  of  the  vertical  tail,  in  the  presence  of 
the  wing  and  body,  to  the  derivative  Cn£  at  subsonic  speeds.  This  derivative  is  the  change  in 
yawing-moment  coefficient  with  variation  in  the  rate  of  change  of  sideslip  angle  at  a constant  yaw 
rate  and  is  defined  as 


acn 

C„  = — tv—  , where  C is  based  on  Sw  b.v . 
n.  /0bx  n w w 


For  most  configurations  at  low  to  moderate  angles  of  attack,  Cn^  is  rather  small  and  can  be 
neglected  in  lateral  dynamic  calculations.  However,  at  high  angles  of  attack  for  swept-  and 
delta-wing  configurations,  Cn^  can  approach  the  magnitude  of  Cnr  and  consequently  have  large 
effects  on  the  calculated  dynamic  stability  of  these  configurations. 

A.  SUBSONIC 

The  wing  contribution  to  Cn^  can  be  evaluated  by  using  unsteady-flow  theory,  but  at  low  to 
moderate  angles  of  attack  it  is  generally  considered  small  and  is  neglected.  At  low  angles  of  attack 
and  for  attached-flow  conditions,  the  largest  contributor  to  Cn-  is  the  vertical  tail.  The  yawing 
moment  produced  on  the  airframe  by  the  vertical  tail  is  due  to  the  sidewash  time-lag  effects  from 
the  wing.  The  body  contribution  is  small  and  has  been  neglected. 


For  a brief  discussion  of  the  physical  flow  phenomena  at  high  angles  of  attack,  i.e.,  leading-edge 
vortex  sheets  and  flow  separation,  and  a comprehensive  bibliography  on  related  subject  matter,  the 
reader  is  referred  to  Reference  1.  Reference  1 also  discusses  the  inadequacy  of  oscilla ting-airfoil 
theory  and  sidewash-lag  theory  for  predicting  the  vertical-tail  contribution  to  Cn^  at  high  angles  of 
attack.  However,  a modified  flow-field-lag  theory  is  discussed  in  Reference  1 that  appears  to  give 
qualitative  agreement  with  experimental  data  for  a current  twin-jet  fighter  configuration. 

DATCOM  METHOD 


The  vertical-tail  contribution  to  the  derivative  Cn£  at  low  tc  moderate  angles  of  attack  is  given  by 


(Z  cos  + z sin  tic\ 
p f p n 


■'w 


7.4.4.6-a 


where 

CY,  is  the  vertical-tail  contribution  to  the  derivative  Cv.  obtained  from  Section  7.4.4.4. 
0 0 

2p  is  the  distance  from  the  moment  reference  center  to  the  center-of-pressure  location 

of  the  vertical  stabilizer,  measured  parallel  to  the  body  center  line.  (See  Sketch  (a)  in 
Section  7. 4.2.1.)  For  Datcom  purposes  the  vertical-tail  center-of-pressure  location  is 
assumed  to  be  at  the  quarter-chord  point  of  the  MAC  of  the  total  added  panel. 
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z is  the  distance  from  the  moment  reference  center  to  the  center  of  pressure  of  the 

vertical  stabilizer,  measured  normal  to  the  body  center  line,  positive  for  the 
stabilizer  above  the  body.  For  Datcom  purposes,  the  vertical-tail  center-of-pressure 
location  is  assumed  to  be  at  the  quarter-chord  point  of  the  MAC  of  the  total  added 
panel, 

bw  is  the  wing  span. 

is  the  fuselage  angle  of  attack. 

Sample  Problem 

Given:  Same  configuration  as  sample  problem  of  Paragraph  A of  Section  7. 4. 4.4. 

Compute: 

Cv,  = -0.000209  (Sample  Problem,  Paragraph  A,  Section  7. 4.4. 4; 

4 

/ ep  cos  aK  + z sin  aA 

C = - Cv.( ) (Equation  7.4.4.6-a) 

* A bw  / 

- _ (_0  oooooqJ^0-9998^-0^-01745^ 

1 156.52 

= +0.0000805  per  deg 

B.  TRANSONIC 

No  method  is  presented. 

C.  SUPERSONIC 

No  method  is  presented. 
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8.  MASS  AND  INERTIA 


Performance,  (lability,  control,  and  strength  analytes  of  airborne  vehicles  depend  not  only  on  the  mass  of  the  vehicle 
but  on  the  distribution  of  the  mass  within  the  vehicle.  This  concept  of  mass  distribution  is  reflected  in  the  property  of 
the  vehicle  called  moment  of  inertia.  This  Section  discusses  moment  of  inertia  determination  for  two  types  of  airborne 
vehicles  — manned  aircraft  and  missiles. 


8.1  AIRCRAFT  MASS  AND  INERTIA 


The  purpose  of  this  Section  is  to  furnish  the  engineer  with  a method  for  rapidly  but  accurately  estimating  the  moment 
of  inertia  of  manned  aircraft  during  the  preliminary-design  period.  Such  inertias  are  needed  in  order  that  dynamic  load 
and  stability  characteristics  of  the  aircraft  may  be  evaluated. 

The  following  pages  present  basic  moment-of-inertia  theory,  a discussion  of  inertia  methods  in  general  with  the  assump- 
tions and  conclusions  used  in  evolving  the  Datcom  method,  and  a discussion  of  the  Datcom  method  in  detail,  with  a 
summary  showing  the  step-by-step  procedure  to  follow  when  using  this  method. 

This  method  applies  to  all  existing  combat  and  transport  aircraft  including  those  of  unconventional*  design.  If  radically 
different  airplane  configurations  evolve,  the  present  methods  will  have  to  be  altered.  The  tools  needed  are  a weight-and- 
balance  statement,  a three-view  drawing,  and  some  knowledge  of  the  design  characteristics  of  the  airplane.  A total  time 
of  approximately  three  hours  for  one  man  is  needed  to  estimate  inertia  by  this  method,  and  the  accuracy  obtained  is 
within  the  tolerance  required  for  any  preliminary-design  project 


Bask  Moment-of-inertia  Theory 

Moment  of  inertia  is  the  measure  of  resistance  to  angular  acceleration,  as  mass  is  the  measure  of  resistance  to  linear 
acceleration.  Moment  of  inertia  may  be  mathematically  derived  as  follows: 

If  torque  is  expressed  as  the  product  of  force  and  radius 

T = Fr 

and  the  following  substitutions  are  made: 


F = ma  and  a = or 


then 


where 


T = mar 
T = mr’w 


a is  the  linear  acceleration 
a is  the  angular  acceleration 
m is  the  mass 
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The  term  mr*  is  defined  as  the  moment  of  inertia  (I)  and  equation  8-I-a  may  be  written 

T = Io 


8.1-b 


If  a body  of  mass  m is  caused  to  rotate  about  a remote  axis  y (see  sketch  (a) ) the  following  relationship  exists: 

I,  = mr*  = m (x*  4-  s’)  8.1-c 

However,  since  mass  m not  only  offers  resistance  to  rotation  about  the  y axis  but  also  offers  resistance  to  rotation 
about  its  own  centroidal  axis,  the  total  inertia  of  m about  y is 

Ir  = mr*  + U,  8.1-d 

where  I.,  is  the  inertia  of  m about  its  own  centroidal  axis. 


*Tht  term  unconventional  as  used  herein  refers  chiefly  to  extreme  locations  of  the  wing,  fuselage,  tail  and  power  plant 
sections  with  respect  to  each  other,  and  to  the  sise  and  mass  of  these  sections.  However,  when  the  shape  and  nis'j  dis- 
tribution of  any  of  the  sections  change  considerably  over  present  state  of  the  art  design,  the  method  for  computing 
inertia  as  described  herein  should  be  altered  accordingly. 
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SKETCH  (a) 

If  mass  m is  divided  into  several  parts,  mlt  m2, . . . m„  then  the  total  inertia  of  the  sum  of  these  parts  about  y i* 
I,  = m,r,’  + I„,  + mjr,*  + IJrj  + . . . m„r.’  + I,,., 


Ir  — (m.r,1  + I o j , ) 


Finally,  if  the  total  inertia  about  a remote  axis  is  computed  from  equation  8.1-e,  the  inertia  of  the  totul  mass  about  ita 
own  centroidal  axis  can  be  computed  from  equation  8.1-d,  or 

I0J  = I,  — mr!  8.1-f 

where  r is  the  distance  from  the  y axis  to  the  centroid  of  the  total  mass. 


f 

i = 1 
1 n 

v 

K ■ 

h . '• 

It 

i = 1 

..  • 

K • 

L 

t*  - - 

Inertia  Methods  in  General 

As  equation  8.1-d  indicates,  the  inertia  of  a body  about  a remote  axis  depends  on  three  basic  factors:  ( 1 ) mass,  (2)  the 
distance  of  the  mass  from  the  remote  axis,  and  (3)  the  inertia  of  the  mass  about  its  own  centroidal  axis.  11  any  one 
of  these  factors  is  ignored,  the  inertia  derived  will  not  be  accurate. 

A common  method  is  to  divide  the  airplane  into  many  sections,  so  that  the  J0  values  may  be  calculated  easily  and 
accurately.  The  total  airplane  inertia  about  the  remote  axis  may  then  be  derived  by  equation  8.1-e,  and  the  total  inertia 
about  the  aircraft’s  centroidal  axis  by  equation  8.1-f.  Unfortunately,  however,  this  method  requires  a detail  breakdown 
of  the  masses  and  centroids  of  the  components  of  the  aircraft  as  well  as  a large  time  expenditure.  Therefore  the  method 
docs  not  lend  itself  to  successful  application  at  the  preliminary  design  level. 

Another  method  lor  computing  inertia  is  one  in  which  the  total  mass  and  dimensional  data  of  the  aircraft  arc  used  as 
parameters  in  an  empirical  inertia  equation.  However,  the  equations  have  to  be  based  on  aircraft  with  mass  distribution 
similar  to  that  of  the  proposed  aircraft,  since  the  mass  and  locations  of  the  wing,  fuselage,  tail,  and  engines  can  vary 
greatly  between  aircraft.  This  means  that  a large  amount  of  statistical  data  has  to  be  available,  and  this  type  of  method 
is  almost  useless  for  aircraft  of  unconventional  design,  where  there  is  a lack  of  statistical  data. 
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Obviously  neither  of  these  two  methods  fulfills  the  requirements  for  one  rapid  but  accurate  method  independent  of  air- 
plane type  or  conventional  nature.  But  consideration  of  a few  facts  about  inertia  methods  in  general  shows  which  method 
is  preferable  in  a particular  s'tcation.  These  facts  are: 

(1)  When  statistical  data  are  not  available  — 

(a)  The  time  required  to  compute  inertia  and  the  accuracy  of  the  answer  are  directly  proportional  to  the 
number  of  sections  into  which  the  airplane  is  divided. 

(b)  The  number  of  sections  into  which  the  airplane  is  divided  is  dependent  on  the  amount  of  detail  informa- 
tion available. 

(2)  When  statistical  data  are  available  — 

(a)  Time  is  inversely  proportional  to  parametric  correlation,  which  is  the  mutual  relationship  of  the  inertia 
of  the  proposed  aircraft  to  statistical  data  by  means  of  parameters  such  as  site,  shape,  and  mass. 

(b)  Accuracy  is  dependent  upon  the  extent  to  which  parametric  correlation  is  applied.  This  means  that,  if 
these  correlations  are  carried  beyond  the  bounds  of  mass  distribution  similarity,  the  accuracy  is  affected 
adversely;  if  carried  only  as  far  as  these  bounds,  the  accuracy  is  affected  only  slightly. 

Therefore  the  method  evolved  is  one  that  divides  the  airplane  into  the  least  number  of  sections  necessary. to  maintain 
sufficient  mass  distribution  similarity  to  permit  valid  parametric  correlation.  Thus  the  accuracy  obtained  is  within  the 
tolerance  required  for  preliminary-design  studies.  After  careful  consideration,  these  five  major  sections  were  chosen: 

(1)  Wing 

(2)  Fuselage 

(3)  Horizontal  Stabilizer 

(4)  Vertical  Stabiliser 

(5)  Power  Plant  (Engine  and  Nacelle) 

The  inertias  for  fuel,  cargo,  and  other  variable  items  may  also  be  added,  as  shown  in  the  sample  problem. 

OATCOM  METHOD 

The  method  consists  of  determining  the  mass  and  centroids  for  each  of  the  major  sections  and  then,  by  equations  in- 
volving the  parameters  of  size,  shape,  mass,  and  centroids,  calculating  the  I.  values  for  each  of  these  sections.  Once 
this  is  completed,  the  inertias  about  the  remote  axis  may  be  derived  by  equation  8.1-e,  and  hence  the  inertias  about  the 
airplane  centroids  by  equation  8.1-f. 

The  1,  formulas  are  based  on  aircraft  in  a gear-up  configuration  with  expendable  and  variable  items,  such  as  fuel, 
cargo,  and  passengers,  deleted.  Since  it  is  impossible  to  predict  the  aircraft  configurations  for  which  inertia  will  be 
needed,  the  inertia  for  the  expendable  and  variable  items  comprising  these  configurations  must  be  added  to  the  basic 
inertia  derived  from  the  method. 
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Step  1.  Selection  of  remote  axes-— Three  remote  axes  are  chosen  so  that  inertia  in  pitch,  roll,  and  yaw  may  be  cal- 
culated. The  origin  of  these  axes  should  be  located  so  that  distances  to  the  centroids  of  the  major  sections  are 
positive  and  should  be  located  on  the  plane  of  symmetry  of  the  airplane.  This  type  of  location  simplifies  calcu- 
lations and  minimizes  errors.  An  example  of  a remote-axis  selection  is  shown  in  sketch  (b).  The  “x”  axis  is 
the  axis  along  which  longitudinal  distances  are  measured;  the  y axis  is  the  axis  along  which  the  lateral 
distances  are  measured;  the  z axis  is  the  axis  along  which  vertical  distances  are  measured. 


Step  2.  Mass  and  centroid  determinations  for  the  major  sections  — With  the  aid  of  a weight-and-balance  statement, 
the  throe-view  drawing,  and  a knowledge  of  the  locations  of  the  group  items,  the  mass  and  corresponding 
centroids  for  each  of  the  five  sections  are  determined.  These  values  are  then  recorded  on  a form  similar  to  the 
one  shown  in  the  sample  problem. 

For  single-engine  aircraft  with  the  engine  mounted  on  the  aircraft  plane  of  symmetry  and  with  the  nacelle 
structure  in  part  integral  with  the  fuselage,  only  the  engine  is  considered  as  a separate  section,  and  the  nacelle 
and  other  engine  items  are  considered  with  the  fuselage  section.  Only  x and  z distances  are  recorded 
for  all  sections  mounted  on  the  aircraft  plane  of  symmetry.  However,  for  noncenterline-mounted  vertical  stabi- 
lizers and  power-plant  sections  y distances  are  recorded  in  addition  to  x and  z values,  since  the  I„ 
values  are  calculated  ahoi.it  the  centroids  of  each  section  For  example,  the  power-plant  sections  for  a four-engine 
aircraft  are  analyzed  as  follows: 

The  masses  of  both  inboard  power-plant  sections  are  added  together  and  recorded.  The  lateral  distance 
from  the  aircraft  plane  of  symmetry  to  the  centerline  of  one  of  the  inboard  power  plants  is  recorded  along 
with  the  distances  from  the  other  two  axes.  The  outboard  power  plants  are  analyzed  similarly,  except  that 
the  lateral  distance  recorded  is  measured  from  the  aircraft  plane  of  symmetry  to  the  centerline  of  one  of 
the  outboard  power  plant  sections. 

Care  must  be  taken  to  use  consistent  units  for  mass  and  distance  throughout  the  entire  calculation.  Since  most 
group  components  are  listed  by  pounds,  this  unit  of  weight  may  be  used  for  all  calculations.  The  resulting 
inertias  may  then  be  converted  to  units  involving  mass  by  dividing  by  the  acceleration  due  to  the  force  of 
gravity  at  the  desired  altitude.  An  example  of  such  a conversion  is  included  in  the  sample  problem. 


Step  3,  Calculations  of  I0  for  the  major  sections  — The  Ic  values  for  the  major  sections  are  determined  by  first 
considering  an  “ideal”  formula  that  closely  correlates  with  the  shape  of  the  section.  These  formulas  arc  labeled 
“ideal,”  since  they  are  based  on  sound  mathematical  principles,  a prerequisite  for  any  school,  and  since  they 
assume  a homogeneous  mass  distribution  throughout  the  section.  The  result  from  the  “ideal”  formula  is  then 
multiplied  by  a K factor  that  accounts  for  deviations  in  the  homogeneous  nature  of  the  mass  of  the  section. 
These  factors  arc  based  on  statistical  data.  It  is  found  that  for  some  sections  a constant  factor  may  be  used. 
For  other  sections,  where  the  mass  distribution  may  vary  considerably,  it  is  found  that  the  K factor  varies 
primarily  with  the  centroid  location  of  the  section.  Graphs  showing  the  variable  K factors,  along  with 
substantiating  correlation  plots,  are  included  as  figures.  The  10  calculations  for  each  section  follow: 

(a)  Wing  Pitching  I0 

The  wing  pitching  I„  formulas  are  listed  in  the  summary.  The  formulas  are  based  on  a consider- 
ation of  three  basic  wing  shapes  (see  figure  8.1-22).  A constant  K factor  (K„  — 0.703)  is  used 
for  all  wing  designs. 

(b)  Wing  Rolling  I, 

Because  of  the  large  span  of  the  wing  with  respect  to  other  sections  of  the  aircraft,  the  wing  rolling 
lo  calculations  has  the  greatest  effect  on  the  rolling  inertia  of  the  aircraft.  The  variable  K factor 
(Ki)  shown  in  figure  8.1-23  is  based  primarily  on  the  lateral  centroid  of  half  the  wing.  As  this 
centroid  approaches  the  aircraft  plane  of  symmetry,  more  weight  must  be  concentrated  in  the  inboard 
section  of  the  wing,  thereby  lowering  i<s  1„  value. 
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(e)  Wing  Yawing  I. 

As  U shown  by  statistical  data  and  by  an  analysis  o{  the  inertias  of  flat  plates,  the  wing  yawing  1. 
is  equal  to  the  sum  of  the  wing  pitching  and  rolling  1,’s. 

(d)  Fuselage  Pitching  I. 

The  fuselage  pitching  I,  formula  is  based  on  that  of  a combination  cylindrical  shell  and  conical  shell 
The  formula  provides  that  as  the  ratio  of  the  fuselage  wetted  area  to  the  theoretical  wetted  area  of  the 
fuselage  as  a two-way  cone  increases,  the  inertia  approaches  that  of  a cylindrical  shell.  The  fuselage 
I,  is  probably  the  moet  difficult  to  correlate  parametrically,  since  parameters  are  not  available  to 
accurately  predict  the  location  of  large  mass  items  such  as  landing  gear,  electronic  equipment,  etc. 
However,  statistical  data  show  that  the  longitudinal  centroid  location  has  a definite  bearing  on  the 
inertia,  and  therefore  the  variable  K factor  (Ka)  uses  this  centroid  location  as  its  basic  parameter 
(see  figure  8.1-34).  It  should  also  be  noted  that  the  fuselage  pitching  I,  has  the  greatest  effect  on 
the  pitching  inertia  of  the  airplane. 

(e)  Fuselage  Rolling  I, 

The  formula  is  based  on  that  of  a cylindrical  shell  of  an  average  diameter  determined  by  consideration 
of  the  fuselage  wetted  area.  The  fuselage  diameter  and  the  ratio  of  the  fuselage  structural  mass  to  the 
total  fusel ags  section  mass  are  die  parameters  by  which  K is  computed.  As  the  fuselage  diameter 
decreases,  the  U approaches  that  of  a solid  cylinder,  since  the  solidity  of  the  equipment  items  is 
more  effective.  Therefore  die  fuselage  diameter  is  directly  proportional  to  the  I.  value  since  the 
rolling  I,  of  the  solid  circular  cylinder  is  leas  than  that  of  a cylindrical  shell. 

The  ratio  of  the  fuselage  structural  mass  to  the  total  fuselage-section  mass  is  also  directly  proportional 
to  tbs  L.  result,  since  as  die  value  of  die  ratio  decreases,  the  effect  of  the  solidity  of  equipment 
items  increases,  which  decrssiss  the  final  I.  result  The  graph  for  determining  the  variable  K 
factor  (K|)  is  shown  aa  figure  8.1-2S. 

(f)  Fnaalage  Yawing  I. 

Aa  is  shown  by  statistical  data  and  by  an  analysis  of  the  inertias  of  cylindrical  bodies,  the  fuselage 
yawing  1.  is  equal  to  the  fuselage  pitching  I*. 

(g)  Tall  Section  1, 

The  tail  section  I,  determinations  are  similar  to  those  discussed  for  the  wing.  Note  that  the  con- 
stant K factor  need  in  evaluating  tail  section  1,'s  differs  from  the  wing  K,  value.  For  hori- 
aontal  or  vertical  stabilisers  K,  = 0.771. 

Os)  Power-Plant  Pitching  and  Roiling  I, 

The  power-plant  pitching  and  rolling  formulss  are  based  on  that  of  a solid  circular  cylinder.  The 
pitching  I,  formula  accounts  for  differences  in  length  between  the  nacelle  structure  and  the  engine. 
Both  formulas  include  t constant  factor  that  may  be  used  for  all  designs.  These  formulas  are  given 
in  dm  Dotcom  Summary. 

(i)  Power-Plant  Yawing  I, 

As  ia  shown  by  statistical  data  and  an  analysis  of  die  inertias  of  cylindrical  bodies,  the  power  plant 
yawing  1,  ia  equal  to  the  power  plant  pitching  I, 


Step  4.  Total  airplane  inertia  — When  the  data  discussed  above  and  similar  data  for  the  expendable  or  variable  load 
items  have  been  itemised,  the  total  airplane  inertias  in  pitch,  roll,  and  yaw  can  be  determined  from  equations 
8.1-e  and  8.1-f.  For  further  illustration,  see  the  sample  problem. 


8.1-5 


Ten  aircraft  were  analyzed  in  detail,  in  order  to  substantiate  the  method  and  the  choice  of  major  section*.  These  aircraft 
were  chosen  for  their  availability  of  data,  for  the  degree  in  which  they  could  be  analyzed  in  detail,  and  for  the  large 
CTC33  section  •:{  configurations,  i-clu-'e  (h  t'.„  u.i  -iiijiy  if  Vom  ’.'.t'OC'  to  1125,0(0  pouv  L,  (Z: 

swept  and  nonswept  wing  designs,  13)  combat,  cargo,  and  passenger  types  for  Air  Force,  Navy,  and  commercial  uaes, 
(4)  reciprocal  and  jet,  both  multiple-  and  single-engine  designs,  (5)  wing  and  fuselage  engine  locations,  (6)  wing  and 
fuselage  msin-Ianding-gear  locations,  (7)  fuselage  and  nonfuselage  fuel  locations,  and  (8)  all  types  of  tail  configurations, 
including  those  having  wing-mounted  elevons  instead  of  horizontal  stabilizers. 

DATCOM  METHOD  — SUMMARY 


1.  Notation 

l,  pitching  moment  of  inertia  about  * remote  axis 

1*  rolling  moment  of  ir.crtiu  about  & "vote  -yn 

I;  yawing  moment  of  inertia  about  a remote  axis 

I0T  pitching  moment  of  inertia  about  the  centroidal  axis  of  the  body 

I01  rolling  moment  ot  inertis  sbout  the  cenirc.cil  ax*?  of  the  body 

I„  yawing  moment  of  inertia  about  the  centroidal  axis  of  the  body 

W.  weight  of  wing  section  including  wing  carry-through  structure 

y„  lateral  centroidal  distance  of  half-wing  from  aircraft  plane  of  symmetry 

C,,C„,  Cc  wing  parameters  measured  parallel  to  plane  of  symmetry  (see  figure  8.1-22  and  page  8.1-7) 

c,  root  chord  of  wing  (at  <£) 

c,  tip  chord  of  wing 

Am  cwespback  angle  of  wing  leading  edge 

Wr  weight  of  tuseiage  section 

W„  weight  of  fuselage  structure 

it  longitudinal  centroidal  distance  of  fuaelage  from  nooe 

Is  length  of  fuaelage 

, max.  diameter  + max.  width 

d average  maximum  diameter  of  fuselage  — — 


S,  fuselage  wetted  area 

WH  weight  of  horizontal  stabilizer  section 

7,1  lateral  centroidal  diatance  of  half  horizontal  stabilizer  from  aircraft  plane  of  symmetry 

c,  root  chord  of  horizontal  stabiliser  (at  $.) 

*H 

ctH  t>P  chord  of  horisontal  stabilizer 

bH  span  of  horizontal  stabilizer 

Alsh  aweepback  angle  of  horizontal-stabilizer  leading  edge 
Wy  weight  of  vertical  otabilizer 

iy  vertical  centroidal  distance  of  vertical  stabilizer  from  theoretical  root  chord  (at  fuaelage) 
c tv  root  chord  of  vertical  stabiliser  (at  fuselage  I 

* Since  the  vtluet  used  for  W in  this  section  are  thoee  of  weight  instead  of  mass,  the  solution  of  the  aquations  is  more 
general  and  applicable  to  any  altitude.  Consequently,  the  inertias  throughout  the  problem  are  in  lb-in.J,  but  are  con- 
verted at  the  end  of  the  problem  to  slug-ft1  by  using  the  value  of  gravity  at  the  particular  altitude. 
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c,  tip  chord  of  vertical  stabilizer 

brj  span  of  vertical  stabiliser  (tip  to  fuselage) 

Alkv  sweep  back  angle  of  vertical  stabiliser  leading  edge 

Wr  weight  of  power  plant  section 
W.  weight  of  engine  and  propeller  (if  applicable) 

1.  length  of  engine  including  propeller  (if  applicable) 

d.  average  maximum  diameter  of  engine 

1,  length  of  nacelle  structure 

p ratio  of  weight  to  chord  for  wing  shapes 

2.  Select  three  remote  axes  and  an  origin  location  for  these  axis. 

3.  Determine  mass  and  centroids  for  all  sections  and  applicable  expendable  and  variable  load  items  and  record  on  a 
convenient  form. 

4.  From  the  information  determined  by  item  3,  calculate  and  record  mass  times  centroid  and  mass  times  centroid  squared. 

5.  Determine  the  I.  figures  for  the  major  sections  as  follows: 

a.  Wing  pitching  I.  (see  figure  8.1-22  for  development  of  equations) 

if:  Ww=-£(-C.  + C»  + C.)  8.1-h 

Wwx  = -£•  (-C.*  + C.*  + C«  Cs  + C.')  8.1-i 

. P 

* =T7  (-C,*  + C.'  + Cc* C*  + C. Cs*  + C,*)  8.1-i 


-4-¥'] 


where: 


K.  = 0.703 

C,  is  the  smallest  of  the  following  values : 


Nvtan  Am 

2 


; c,  + 


Nvtan  A i, 


C*  is  the  intermediate  value 
C,  is  the  largest  value 


b.  Wing  Rolling  I, 


r — ^»kw*Ki/cr  + 3ct\ 

24  \c,+cj 

where  Ki  is  obtained  from  figure  8.1-23. 


e.  Wing  Yawing  I, 


*o,  * loy  + lot 


8.1-7 


d.  Fuselage  Pitching  I. 

, _ W.S.K,  /3d  , i»\ 

!--  “3f^8 'Viir  + xj 

where  K,  ia  obtained  from  figure  8.1  "4. 


e.  Fuselage  Rolling  I, 


where  K,  is  obtained  from  figure  8.1-25. 

f.  Fuselage  Yawing  I, 

lo*  ' I07 

g.  Horiiontal  Stabiliser  Pitching  I„ 

Use  same  equations  as  wing  pitching  I« 

K,  = 0.771 


h.  Horizontal  Stabilizer  Rolling  IQ 

t _ W„b„*K4  /St  +3C‘H 

where  K4  is  obtained  from  figure  8.1-26. 

i.  Horizontal  Stabiliser  Yawing  I, 

lot  — Ioy  "I"  lot 


j.  Vertical  Stabiliser  Rolling  l 
Wr  bVl*  K, 


I«  = 


18 


ifi  + — _ v-iy.  I 

L (Crv+C«V)’J 


■v  V' 

where  K,  is  obtained  from  figure  8.1-27. 


k.  Vertical  Stabiliser  Yawing  In 
Use  same  equations  as  wing  pitching 
K.  = 0.771 


(use  twice  the  vertical  stabilizer  span  as  the  value 
of  b in  the  equations  for  wing  pitching  I„) 


Vertical  Stabiliser  Pitching  10 
I07  ™ 1«  *1“  1«» 

m.  Power  Plant  Pitching  I» 

I,„  = 0.061  f|wpd.»  -I-  W.J.*  + (W,  - W.)  I,» 


n.  Power  Plant  Rolling  1 
I„  = 0.083  W„d.‘ 


o.  Power  Plant  Yawing  I« 
Im  = 


8.1-x 


6.  Determine  the  I.  value  for  the  expendable  and  variable  load  item*  by  conaidering  the  conventional  inertia  formulas 
which  closely  match  the  thape  of  these  load  items.  (See  sample  problem.) 

7.  Determine  the  total  airplane  inertias  in  pitch,  roll,  and  yaw  by  using  equations  8.1-e  and  8.1-f.  (See  sample  problem.) 


Giifen: 


Sample  Problem 


i 


nonix  view 


T 


a 1-9 


c 


7.»l 

$ 

I 

N ** 


K ' - 

ta 

h.."- 

!,.•*< 

SY- 


Fi 


[■  .' 
1. 


-7-;  ■ v.  * 


Wing 


Fuselage 


Am 

- 12.1° 

ll 

= 1200  in. 

Nr 

= 10 

d 

= 150  in. 

Cr 

= 300  in. 

*f 

= 500  in. 

c« 

* 100  in. 

s. 

= 400,000 

yw 

= 150  in. 

w,. 

= 8000  lb 

Hor.  Stab. 

Power  Plant 

A 

leh 

= 12° 

*» 

= 200  in. 

bn 

= 400  in. 

l. 

= 100  in. 

C'H 

= 100 -in. 

= 50  in. 

C«H 

= 50  in. 

w. 

= 70001b 

= 80  in. 

Ver.  Sub. 

\ev= 
bVj  = 

c _ 


C.  = 


37° 
200  in. 
250  in. 
100  in. 
75  in. 


SECTION 

WEIGHT 

<»*) 

x 

(in.) 

S 

(irO 

T 

(in.) 

Wing 

15,000 

650 

150 

Fuselage 

20,000 

600 

200 

H.  Sub. 

1000 

1150 

200 

V.  Stab. 

300 

1200 

300 

P.  Plant 

10,000 

520 

150 

200 

Fuel 

20,000 

650 

150 

Cargo 

10,000 

500 

200 

0 


Compute*. 

1,  Calculate  and  tabulate  the  products  of  weight  and  centroid  location  and  the  products  of  weight  and  centroid  location  squared. 

2.  Determine  the  I0  values  for  the  major  sections. 

a.  Wing  pitching  In 

bwtanAt£  n 000)  tan  12.1° 

C.  g 2 ~ 107  m* 

Cb  c,  + — -F^  100  + 107  = 207  in.  f (equ,tion  8l'l> 

Cr  = cr  = 300  in. 

K„  = 0.703  (constant  for  any  wing) 


W 


* = .5  (-C.  4-V+ C)  («Ju“ion81-h) 

15.000 

.5  ( -107  + 207  + 300)  ' 75  lb/m' 

WwX=  •£-[  -C.5  + C.’  + CfC„  4-  C,*]  (equation  8.1-i) 

- 12.5  [-(107)*  + (2071*  + (300)  (207)  + (300)!J  = 2,293,750  Ib-in. 


8.1-10 


I — C*'  4-  Cc’Cb  4-  CcCb*  4-  C,']  (equation  F.  1-j) 

- &;  ( (107)J4-  (207)*  -f  (300) 1 (207)  4-  (300)  (207)*  4-  (300)*]  = 413,306,750 lb-in 

>T  - K,  I"  I — ■ ^ 1 (equation  8.1-k) 


— K,  (equation  8.1-k) 

= (0.703)  ^413,308,750  - ~ ”3^>)‘]  = 43,976,971  IMn.* 


b.  Wing  Rolling  I, 


= 0.72 


c,4-  2 o,  206  u 

6 cr  4-  c, 

Ki  = 0.67  (figure  8.1-23) 


i — W.  bw  K,/ cr  4-  3ci\  , , 

*«  — 2* — (~c7+  c;  ) (*lu,,ion  &1-®) 

_ (15,000)  (1000)»(0.67)  /300  4-  300\  . 

24  ' ^300  4-  loo)  “ ^28,125,000  lb-in. 


c.  Wing  Yawing  I, 

I.»  = I.*  4-  I.,  (equation  8.1-n) 

- 43,976,971  + 628,125,000  - 672,101,971  lb-in.1 

d.  Fuselage  Pitching  I. 


! 600  - 500  I 


K,  = 0.83  (figure  8.1-24) 


= 0.17 


* Wt  S, K|  /3d  ii\  , ..  , 

3Z68~  \2ti  + i~)  (w*uatlo,,8-U) 

_ (20,000)  (400,000)  (0.83)  / 450  , 1200\  _ , „ 

37.68  \2400  150  J 1.442  ' ,855  lb4n.J 


e.  Fuselage  Rolling  I, 

<d)>/«  (Wfii  _ (is©) «/.  (8,000) 

W,  20,000 

K,  = 0.97  (figure  8.1-25) 

, _ Wf  K,  / S,  \*  , . 


^wiu*iioD  &i-p> 

- smmsw  ("gay.  h«o.«o1W„.- 


f.  Fuaelage  Yawing  1. 

I«  “ I.r  = 1.422,807,855  lb-in.1 


g.  Horiaontal  Stabiliaer  Pitching  I, 
b„t*n  A 

„ _ (400)  tan  12* \ 

C.  * 1= g — : — ■'Min.  J 

b„  t«nALE  f 

C*  BsC«ll+- s M-  50  + 43  = 93  in,  / ("P****0"  8.M) 

M 2 I 

C,  =c  <=  100  in,  / 

*H  7 

K.  =»  0.771  (concUnt  for  any  tail  aurfaca) 

W 

a =*  TTrrrriYV  (equation  8.1  -h) 


.5  ( -43  + 93  + 100) 


a 13.3  lb/in. 


Wi  - /-  [ -c.*  + C**  + CA  + Ct*]  (equation  8.1-i) 

WH*=  2.2  [-(43)*  + (93)*  + (100)  (93)  + (100)’]  * 57,420  Ib-in. 

I « c*>*  + C«*C*  + CtC**  + C*1  (equation  8.1-j) 

=1.1  f -(43)*+  (93)’  + (100)*  (93)  + (100)(93)*  + (100)*]  « 3,871,725 lb-in.* 

[W  "j 

I — I (equation  8.1-k) 

H ^ 


(0.771)  |^3,87l,72S  - --jffip-]  - 448.070  Ib-in.1 


h.  Horiaontal  Stabiliaer  Rolling  I„ 

7h  80 

bi./V+* KS  ~ 400  /l00  + 100\ 

6 \c,u  + c«„  / 6 \100  + So  / 


> 6 V°o+  to) 

K«  = 0.740  (figure  8.1-26) 

. W1,b„*K4/'C*H+3C»M>  . ..... 

'••* 24 \C  ~Tc  ) <*lu,,ion  «•*•') 

*H  *H  ' 

_ (1000)  (4001*  (0.74)  /100  + 150\ 

24  ^100  + 50  ) ~ 8,ZB’ 

i.  Horiaontal  Stabiliaer  Yawing  I. 

I«.  = In?  + I.,  (equation  8.1-a) 

= 443,070  + 8,222,222  = 8,665,292  lb-in.* 


222 lb-in.* 


j.  Vertical  Stabiliaer  Rolling  I. 


i 'J 

/c  + 2c  \ ~ 200  / 250  + 200  \ 
(— V *V]  3 \ 250  + 100  ) 

\%+\/ 


- 0.87 


K, - 0.930  (figure  8.1-27) 

,„=-4A1+Avi 


(equation  8.1-t) 


872,960  lb-in.» 


= (300)  (200) » (0  93)  f\  . 2(250)  (100)  T 
18  [ (250  + 100)*' "J 

k.  Vertical  Stabiliser  Yawing  I, 

C.  =bVitanAi.EvM200)  ttn37*  = ISOin.  V 

=c«v  * «»V|  «■" ALiy  * 100  H-  150  = 2S0  in.  j (equation  8.W) 

C,  =c,y  =*250  in.  ) 

K»  = 0.771  (conatr  >t  for  any  tail  aurface) 

wv 

p “ .5<-C.  + Ck  + C.)  (equation  8.1-h) 

_ 300 

~ .5 ( - 150  +1S0T  250)'  ” 1-7  U>/ta- 
WvK=  -f-t  -C,*  + <V  + C.Q  + C,*]  (elation  8.1-f) 

*=0.28[  — (150)*+(250)’+  (250)  (250)  + (250)*]  « 46,200  lb-in. 

* " + + C«(V  + Ct*]  (aquation  ai-j) 

“ 014(-(i50)J+(250)*+(250)*  (250) + (250) (250)*+ (250)*]  = 

i _ v r 1 (wvx)li , 

~ K*[^1  ~ — ^ — j (equation  8.1-k) 

- (am)|l.277,soo-S«^oi‘J.iMi„2IW|1,  . 

l.  Vertical  Stabiliser  Pitching  I, 

U a I«  + I«  (equation  8.1m) 

~ 872,960  + 896,442  » 1 ,769,402  lb-in.s 

m.  Power  Plant  Pitching  I. 

U,  = 0.061  [-j-WA*  + W.I.*  + (W,  - W.)  I,*J  (equation  &l*v) 

~ a06l  [x  ( 10,000)  (50) * + ( 7000)  ( 100)  * 4-  ( 10,000-7000)  (200)  • 
*«  12,733,750  lb-in.* 

*•  Power  Plant  Rolling  1, 

IM  — 0.063  W.d^1  (equation  8.1-w) 

= (0.083)  ( 10,000)  (SO)  • = 2,075,000  lb-in.* 

»•  Power  Plant  Yawing  I. 

1««  = l»r  = 12,733,750  lb-in.*  (equation  8.1-*) 


8.277,500  lb-in* 


3.  Determine  the  I„  values  (or  the  expendable  and  variable  load*  item* 
a.  Fuel 

Estimate  fuel  volume  as  a rectangular  fiat  plate 

Span  = 600  in.  Chord  = 150  in.  Thickness  = 8 in. 

Using  the  conventional  inertia  formula  for  a rectangular  parallelepiped 

U,  = -j~  (c*  + t*)  = [(150)*  + (8)*]  = 37,606,667  lb-in.» 

w 20  non 

I0*=s-fr(b#  + t,)  = iFL^600)t+  <8),J  ~ 600.106*667  lb-in.2 

l°*=  TF(cI  + b,)  = [(150)’  f (600),]  = 637,500,000 lb-in. 

where  W is  the  fuel  weigh! 

b.  Cargo  l, 

•Cargo  Distribution 


Cargo  Length  (in) 


0 too  aoo  300  400 

500 

0 SO  100  ISO 

Cargo  Length  (in) 

Cargo  Uidth  (in) 

Indicated  m a unpic  raijr  to  shew  aa  approach  to  carpi  inertia 
determinations,  and  map  not  redact  acteal  cargo  distributees. 

r 


u 


^1 


$ 

и. -\ 

i-\ 

к.  ' • 

t:; 


£■■■. 


P'\- 

I-;: 


H 

p ■ 
► -. 

r'> 


H 

L.r 

i.  ' 

f • 
ik  ' 


K • 

fc-i 


Centroid*  : 


100  350  450 

j 45  xd*  4 - j 20  xdx  + j 5 xdx 
„ _ 0 100  350 


SO 


10,000 

100 


! 

f 90  zdz  + f 

_ 0 50 

150 

/ J 

100 


10,000 

50  100  150 

f 55  ydy  + J 90  ydy  + j 55  ydy 


= 155.0 


= 60.0 


T = 


50 


100 


= 75.0 


10,000 

Second  Moment*:* 

100  350  450 

Wx1  = j 45  x'dx  + j 20  x*dx  + J 5 x*dx  = 374,583,333 
0 100  350 

50  100  150 

Wz5  = f 90  z3dz  + J 80zJdz+  / 30  zJdz=  50,833,333 

A f a i An 


0 


50 


50 


100 


100 

150 


wt. 

in. 


90 

»H 

70 

60 

50H 

*0 

"1 

20  -| 

10 

0 


0 SO  100  ISO 
y Station  (in) 


“ * vv 

w y2  = / 55yJdy+  j 90yJdy+  J 55  yJdy=  72,083,333 
0 50  100 

I„  =Ir  — Wr1  (equation  8.1-f ) 

— Wx2  — Wx1  + Wz1  — Wj:  (Substituting  equation  8, 1-c  in  8.1-0 
= 374.583,333  - (10,000)  (155)*  + 50,833,333  - (10,000)  (60)* 

~ 149,166,666  lb-in.* 

* The  x,  y,  and  z dii  twites,  as  well  as  the  Wx1,  Wz1,  and  Wy1  terms  in  the  equations  for  Centroids  and  Second 
Moments,  refer  only  to  these  calculations  and  are  not  to  be  confused  with  the  distances  ard  moment  terms  in 
Table  8.1 -A. 
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I«  = I,  — Wr2  (equation  8.1-f) 

= W*>  -WI2  + Wy»  - W>?2 

= 50,833,334  - (10,000)  (60)*  + 72,083,333  - (10,000)  (75)* 

=30,666,666  lb-in.* 

I»«  = If  — Wr2  (equation  8.1-f) 

— Wy*  -Wy*  + Wx*  -Wx* 

= 72,083,333  - (10,000)  (75) » + 374.S83.333  - (10,000)  (155)* 

— 150,166,666  lb-in.’ 

4.  Determine  the  total  airplane  inertiaa  in  pitch,  roll,  and  yaw.  All  of  the  values  calculated  in  1,  2,  and  3 are  tabulated 
in  Table  8.1-A  and  each  column  is  totaled. 

a.  Inertia  about  the  remote  axis 

Ir  = 2 (Wr*  + I„r)  (equation  8.1-e) 

= 2 (W(x*  + a*)  + Ior] 

= (28,946,000+  2,279,500)10*  + (1,688,505)10* 

= 32,914,005  X 10*  lb-in.* 

I*  — 2 (Wr*  + I„)  (equation  8.1-e) 

= 2[W(y’  + **)  +I„] 

= (400,000  + 2,279,500)  10*  + (1,324,670)10* 

= 4,004,1 70  X 10’  lb-in.’ 

I.  “ 2 (Wr*  + I0l)  (equation  8.1-e) 

= 2 lw(y*  + *’)  + I..] 

= (400,000  + 28,946,000)  10*  + (2,924,872)  10* 

= 32,270,872  X 10*11: -in.* 


b.  Inertia  about  the  airplane  centroid 

Pitching  I0  = l,  ~W.  1 (equation  8.1-f) 

<*»  V 

where?  = (equation  8.1 -g) 


i =1  r2(Wx)»  + 2(W«)»l 

° 7 L 2W  J 


= 32,914,005  X 10*  - ^^460,000)^13,040,000) » j 

= 2,395,352  X 10*lb-in.* 

Rolling  I0  = I,  — Wr’  (equation  8.1-f) 


I r2(Wy)»  + Z(W«)»1 

* L 2w~  J 


= 4,004,170  X 10*  - ^,000,000)*  + (13,040,000)* 

76,300 
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= 1. 723, 1 53 X 10"  lb-in.1 
Yawing  I.  = I,  - WrJ  (equation  &l-f) 
fS  (Wx)2  4-  2 (Wy)J 


2w 


= »270.»72X10 

= 3.928^87  X 101  lb-in.* 

See  Table  8.1-A  for  tabulated  results  and  conversion  to  units  of  mass  times  distance  squared. 


TARIEI.1-A 


SECTION 

WEIGHT 

filial 

X 

Cm.) 

s 

(in.) 

T 

(ia.) 

Wx  X 10  ’ 

(lb-in.) 

Wz  X io-* 
(lb- in.) 

Wy  X 10  1 
(lb- in.) 

Wx2X  10-* 
db-ln.') 

■ 

Wins 

15.000 

650 

150 

9750 

2250 

6337.500 

337.500 

fWUp- 

20JOOO 

600 

200 

12000 

4000 

7JOOJOOO 

800,000 

H.  Stab. 

1000 

1150 

200 

1150 

200 

1,322.500 

40.000 

V.  Stall. 

300 

1200 

300 

360 

90 

432.000 

27.000 

1'.  I’laat 

IOjOOO 

520 

150 

200 

5200 

1500 

2000 

2.704.000 

225,000 

400.000 

Fael 

20J000 

650 

ISO 

13.000 

3000 

8.450.000 

450,000 

(jtpi 

lojnoo 

500 

200 

5000 

2000 

2,500,000 

400,000 

Snlaotal 

608.91 

170.00 

— 

46.460 

11040 

2000 

28.946,000 

2J79.S00 

400,000 

SECTION 

PITCH 

1-  X 10  * 

< lb-in.1) 

ROLL 

1-  X 10  * 
<tb-ia.') 

YAW 

I-  X to  * 

( lb-in.’  > 

Wing 

Fti«rlap- 

H.  Stab. 

V.  Stall. 

P.  Plant 

Far! 

Carpi 

43.977 

1.442.808 

443 

1769 

12.734 

37.607 

149,167 

62B.12S 

54,601 

8222 

873 

2075 

600.107 

30,667 

Snbtofal 

1,688,505 

1324,670 

2,924,872 

~ lb-in.' 

- alng-ft” 

2395352 

517 

1,723,153 

372 

3,928397 

848 

•Tor  ,o  -riUptr  IW’  by  (^)  (^tW)  (ttttkJji/J 

Thii  notmioa  factor  pm  an  inert ia  Talar  at  aca  level.  tma  the  traltw  of  32.17  ft/aerr  ia  the  atandard  acceleration  of 
parity  at  aea  level. 
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INERTIA  CALCULATED 
BY 

DETAILED  METHODS 

IciLC 


FIGURE  8.1-20  TOTAL  AIRPLANE  ROLLING  INERTIA  CORRECTION 
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INERTIA  CALCULATED 
BY 

DETAILED  METHODS 

IcALC 


FIGURE  8.1-21  TOTAL  AIRPLANE  YAWING  INERTIA  CORRELATION 
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FIGURE  8.1-25  FUSELAGE  ROLLING  I.  K FACTOR 
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8.2  MISSILE  MASS  AND  INERTIA 


Two  methods  of  estimating  missile  mass  and  inertia,  each  limited  by  the  initial  assumptions  and  input  data,  are  pre- 
sented in  this  section.  The  method  selected  will  depend  on  the  desired  accuracy  related  to  the  problem  at  hand. 

The  first  method,  more  sophisticated  than  the  second,  requires  an  estimated  weight  and  center-of-gravity  breakdown  of 
the  vehicle.  Although  the  results  are  presented  in  the  Datcom  for  hand  calculations,  they  are  most  expeditiously  pro- 
gramed for  a small-capacity  computer.  The  hand  computations  may  be  long  and  tedious,  but  they  are  not  complicated. 

The  second  method  presents  the  procedure,  based  on  estimates  of  gross  stage  weight  and  profile,  for  determining  the 
order  of  magnitude  of  pitch  and  roll  moments  of  inertia  of  a vehicle. 

DATCOM  METHODS 


Method  1 

This  method  assumes  that  the  basic  body  being  analysed  is  symmetrical  about  one  axis,  as  illustrated  in  the  axis-system 
diagram  of  sketch. (a  I . This  leads  to  the  assumption  that  the  center  of  gravity  of  the  body  lies  on  the  longitudinal  axis 
of  the  vehicle.  However,  this  assumption  does  not  eliminate  handling  of  missile  components  that  ere  not  symmetrical. 


A second  assumption  is  that  the  moment  of  inertia  with  respect  to  the  a,  axis  is  equal  to  the  moment  of  inertia  with 
rrs|iect  to  the  y„  axis,  (yaw  moment  of  inertia  = pitch  moment  of  inertia).  This  assumption  is  reasonable  for  most 
missile  bodies  and  will  be  in  the  range  of  accuracy  desired  for  momenl-of-inertia  values  of  vehicles  in  the  preliminary- 
design  phase. 

A third  assumption  is  that  all  components  can  be  approximated  by  a linear  mass  distribution  along  the  longitudinal  axis 
as  shown  in  sketch  thl.  This  assumption  forces  the  following  limitation : 1/3  < Ic.g.  < 21/3,  where  'i  is  the  length  of 
the  component  and  lrt  is  the  center  of  gravity  of  the  component  measured  from  the  beginning  station  of  the  com- 
ponent. The  weight  per  unit  length  of  element  is  denoted  by  w. 


SKETCH  (b) 
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SKETCH  <«) 


!t  will  be  assumed  that  W,1  St,  i„  ih,  d,  and  d„  are  given  or  can  be  estimated  and  tabulated  for  each  sym- 
metrical component  of  the  missile,  where  W is  the  weight  of  a given  component  and  x is  the  longitudinal  station 
of  the  center  of  gravity  of  that  component  with  respect  to  the  missile  nose  apex. 

The  values  w,  and  w„  are  then  estimated  for  each  component  from  the  equations 


wk  = 


w r,  6(s-f.n 

*H-la  L ls~f.  J 

w [~6  (x  — i„)  _ 1 

ivl.L  J 
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The  pitch  and  yaw  moments  of  inertia  (I,/  and  I,/)  of  each  solid  (nonliquid)  component  can  then  be  estimated  from 


where 


= I,,'  - (I 
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K = 


for  elements  symmetrical  about  the  longitudinal  axis 
(use  figure  8.2-5) 


G-v+m' 


for  unsymmetrical  solid  elements  in  pitch 
(use  figure  8.2-6) 


for  unsymmetrical  solid  elements  in  yaw 


(!.)%(-)’  ( usefigure  &2-6) 

x,  y,  i are  measured  to  the  c.g.  of  the  element  as  shown  in  sketch  (d) 
are  the  radii  of  gyration  of  the  element 
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The  corresponding  roll  moment  of  inertia  of  a given  solid  dement  is 


I„'  = *£-[(l»4  - V)  + (V  - la#)  (2mTN3-bP) 

’] 


+ (Is*  - I.*)  mN,-taTN-  + (ffc  - |.)  bN» 


where 


C = 


■ i,  for  symmetrical  dements  (same  as  K,  use  figure  8.2-5) 

RfT 


for  unsymmetrical  dements  (use  figure  8.2-  7 ) 


T + )* 

and  the  other  symbols  are  as  defined  for  equation  8.2-c. 

For  liquid  components,  the  pitch  and  yaw  moments  of  inertia  are 

in'  = i..'  = kl  [(v  - 1,4)  ^ + (i,»  - 1.*) 

+ (is*  - I.*)  ”N,-"-TN-  + (Is  - I.)  - Wx*J 


where 


Ki.  is  given  by  figure  8.2-8  as  a function  of  the  fineness  ratio  of  the  element 
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The  corresponding  roll  moment  of  inertia  of  a liquid  element  is  assumed  to  be  xero. 
I ' = 0 
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The  pitch  and  yaw  moments  of  inertia  of  the  complete  vehicle  are  obtained  by  using  the  parallel-axis  theorem  to  sum  the 
contribution  of  each  element.  Thus 


i„  = i«  = 2V  + 2Wi*  - (2W)X5 
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where  the  sums  are  taken  over  the  entire  set  of  elements  comprising  the  configuration  and  X is  the  longitudinal  posi- 
tion of  the  vehicle  center  of  gravity.  This  latter  term  is  obtained  from  the  equation 


X = 


2*w 

2W 
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The  corresponding  roll  moment  of  inertia  for  the  complete  vehicle  is 

= 2I«'  8.2-i 

where  again  the  sum  extends  over  all  components. 

Certain  common  vehicle  components  not  satisfying  the  basic  assumptions  can  be  handled  exactly  by  replacing  them  by 
equivalent  shapes  that  do  satisfy  the  assumptions. 

The  spherical  segment  shell,  which  does  not  have  a linear  diameter  variation,  can  be  replaced  by  an  equivalent 
cylindrical  shell  as  illustrated  in  figure  8.2-9.  The  moment  of  inertia  of  the  cylindrical  shell  can  be  computed  by 
vhe  derived  equations. 

The  dimensions  of  an  equivalent  solid  cylinder  for  a hemispherical  solid  are  given  as 
d = 0.894  D L = x - 0.2105  D 

L = 0.421  D lh  = x 4-  0.2105  D 

where  the  symbols  are  defined  in  sketch  (e). 


Method  2 

For  order-of-magnitude  determinations,  figures  8.2-J0  and  8.2-11  summarize  the  pitch  (and  yaw)  and  roll  radii  of  gyra- 
tion, respectively,  of  a number  of  actual  missile  configurations.  This  information  will  allow  a determination  of  these 
parameters  within  perhaps  ±20  percent.  The  moments  of  inertia  are  then 


I«V.0.  = lrr  = I«=Pl>ISW 

by  r,  ~ I*i 


8.2- j 

8.2- k 


where  2^  is  the  total  weight  of  the  vehicle 

p and  p are  obtained  from  figures  8.2-10  and  8.2-11,  respectively. 
P K 
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FIGURE  8.2-8  LIQUID  MASS  COMPONENT 
PITCH  MOMENT  OF  INERTIA  CORRECTION  FACTOR  K, 


STACE  DIAMETER,  D (inches) 


FIGURE  8.211  LIQUID  PROPELLANT  STACE 
ROLL  RADIUS  OF  GYRATION 
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9.  CHARACTERISTICS  OF  VTOL-STOL  AIRCRAFT 

The  interest  in  a wide  variety  of  aircraft  having  VTOL-STOL  capability  has  created  the  need  for 
establishing  preliminary -design  methods  for  the  prediction  of  the  aerodynamic  characteristics  of 
such  vehicles. 

The  terms  VTOL,  STOL,  and  V/STOL  appear  many  times  in  the  literature.  VTOL  means  “vertical 
take-off  and  landing.”  STOL  means  “short  take-off  and  landing,”  and  vehicles  of  this  classification 
do  not  have  vertical  take-off  and  landing  capability.  V/STOL  means  the  capability  to  perform  both 
vertical  and  short  take-offs  and  landings.  The  many  ways  of  achieving  VTOL-STOL  capability  are 
exhibited  in  the  proposed  and  existing  vehicles  of  this  family.  There  are  four  basic  VTOL-STOL 
principles  involved  for  accomplishing  the  conversion  from  hovering  to  cruise  flight;  namely,  aircraft 
tilting,  thrust  tilting,  thrust  deflection,  and  dual  propulsion.  These  four  conversion  principles  are 
coupled  with  four  different  propulsion  methods;  namely,  rotor,  propeller,  fan,  and  jet,  to  give  the 
family  of  basic  V/STOL  types.  In  the  broad  sense  the  material  presented  in  this  section  does  not 
include  all  V/STOL  concepts.  Specifically,  the  methods  presented  in  Section  9 are  applicable  to 
predicting  the  forces  and  moments  on  free  propellers  (Section  9.1),  power-on  lift  and  drag  forces  of 
propeller-wing  combinations  (Section  9.2),  and  the  forces  and  moments  on  isolated  ducted 
propellers  as  functions  of  power  and  angle  of  attack  (Section  9.3).  No  discussion  or  methodology  is 
presented  for  rotor-type  V/STOL  aircraft.  In  addition  to  the  material  presented  in  this  section, 
there  are  additional  methods  pertaining  to  STOL  aircraft  given  in  Section  6.  Specifically,  these 
methods  pertain  to  jet-flap  configurations;  i.e.,  both  internally-blown  flaps  (IBF)  and  externally- 
blown  flaps  (EBF). 

Because  of  the  unusual  low-speed  configurations  and  the  effects  of  power  and  high  angles  of  attack 
in  the  low-speed  flight  regime,  which  are  typical  of  VTOL-STOL  vehicles,  conventional  methods  of 
predicting  aerodynamic  characteristics  at  low  speeds  are  not  applicable  in  most  cases.  In  cruise 
flight,  VTOL-STOL  vehicles  can  usually  be  analyzed  by  conventional  methods.  Therefore,  the 
primary  problem  is  the  prediction  of  characteristics  that  exist  as  a result  of  high-velocity 
slipstreams,  high  angles  of  attack,  and  geometry  variations  in  the  hover  and  transition  flight  regimes. 

Because  of  the  scope  of  VTOL-STOL  aerodynamics  and  the  scarcity  of  verified  theoretical  methods 
and  design  charts,  a literature  summary  is  presented  as  Table  9-A,  accompanied  by  a subject  index 
on  page  9-34,  a “key"  to  the  summary  table  on  page  9-35,  and  a bibliography  on  pages  9-3  through 
9-33. 


V/STOL  aircraft  are  characterized  by  the  following  four  basic  and  unique  characteristics: 

1.  High  power  requirements  in  hover  and  transition 

2.  High-velocity  slipstreams  in  hover  and  transition 

3.  Inherent'  deficiencies  in  aerodynamic  stability  and  control  in  hover  and  low-speed  flight 

4.  Special  provisions  for  performing  the  conversion  from  the  hovering  io  the  cruise 
configuration 

The  high  power  required  in  hovering  and  transition  is  not  of  primary  concern  to  the  stability  and 
control  engineer  and  is  not  considered  in  the  Datcom.  However,  it  should  be  noted  that  the 
engine-operation  problems  are  extremely  significant  in  the  design  of  a V/STOL  vehicle.  The  high 
power  required  in  hovering  and  transition  results  in  both  higher  fuel  consumption  and  greater  noise. 
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The  magnitude  of  these  increases  depends  on  the  type  of  propulsion  system  used,  Both  fuel 
consumption  and  noise  level  progressively  increase  from  the  rotor  to  the  propeller,  the  fan,  and  the 
jet. 

The  high-velocity  slipstream  required  in  hovering  and  transition  flight  introduces  problems  due  to 
surface  erosion,  recirculation  of  dust  and  debris,  ingestion  of  foreign  objects,  and  slipstream 
recirculation,  which  can  result  in  adverse  aerodynamic  effects  and  ingestion  of  hot  gases  into  the 
engine,  resulting  in  a serious  reduction  in  engine  thrust.  Only  the  aerodynamic  effects  of  the 
slipstream  are  considered  in  this  section.  Slipstream  recirculation  can  affect  the  pressure  on  the 
airframe,  which  can  cause  significant  changes  in  the  vertical  lift.  When  a single  high-velocity 
slipstream  exhausts  in  still  air,  suctions  are  generated  on  the  surrounding  surface  bee:  use  of  the 
entrainment  into  the  high-velocity  slipstream.  This  “suckdown”  effect  is  a pressure  reduction  and 
reduces  the  vertical  lift.  This  lift  loss  is  evident  during  hovering  near  the  ground  for  a 
configuration  with  a single  vertical  slipstream  or  a close  cluster  of  vertical  slipstreams.  On  the 
other  hand,  when  several  vertical  slipstreams  are  dispersed  over  the  planform,  the  high-velocity 
slipstreams  tend  to  meet  on  the  ground  between  the  exits,  and  the  consequent  upflow  can 
produce  positive-pressure  regions  between  the  exits  to  counterbalance  the  “suckdown”  generated 
by  the  entrainment.  Unfortunately,  this  upward  flow  of  air  is  not  very  steady  or  symmetrical 
and  can  result  in  random  upsetting  motions.  In  addition,  for  configurations  with  a tail  behind 
the  slipstreams,  additional  interference  effects  on  longitudinal  trim  and  stability  can  occur  during 
transition  flight.  (Strong  downwash  and  sidewash  fields  can  develop  in  the  region  aft  of  the  exits 
as  a result  of  the  rearward  deflection  and  distortion  of  the  slipstreams  together  with  the 
entrainment  of  the  free-stream  flow.)  References  pertaining  to  the  aerodynamic  effects  of 
high-velocity  slipstreams  are  listed  under  one  or  more  of  the  following  specialized  categories  in 
table  9- A: 

5.5  Ground  Effects 

5.10  Jet-Wake  or  Propeller-Slipstream  Effects 

5.1 1 Jet-Induced  Effects 

An  important  aspect  of  V/STOL  hovering  and  low-speed  flight  is  the  inherently  low  level  of 
aerodynamic  stability  and  control.  Aerodynamic  control  and  static  and  dynamic  stability  vary 
with  dynamic  pressure  in  the  free  stream,  and  they  all  drop  off  rapidly  as  the  flight  speed  is 
decreased.  In  hovering  there  is  no  aerodynamic  control  effectiveness  (unless  the  control  surface  is 
in  a high-velocity  slipstream),  and  it  is  usually  necessary  to  provide  an  additional  control  system 
for  hovering  and  low-speed  flight.  In  hovering  flight  the  static  stability  is  neutral  (no  stability  of 
attitude)  for  all  V/STOL  types.  The  dynamic  stability  in  hover  is  about  neutral  for  jet-V/STOL 
types,  but  other  types  are  usually  dynamically  unstable  in  the  form  of  unstable  pitching  and 
rolling  oscillations.  Almost  any  system  that  will  provide  control  for  the  pilot  under  these 
conditions  can  also  be  used  to  augment  stability.  However,  the  way  in  which  this  should  be 
accomplished  has  not  been  clearly  settled  for  any  V/STOL  type.  The  cost,  complexity, 
reliability,  and  maintainability  of  any  augmentation  system  must  be  weighed  against  the  improve- 
ments in  handling  qualities  and  the  potential  reductions  in  control  requirements.  The  problem 
immediately  becomes  more  complex,  since  there  is  still  a great  deal  of  controversy  regarding 
control-system  requirements  and  handling-quality  criteria.  References  pertaining  to  the 
aerodynamic  stability  and  control  deficiencfcs.in  hovering  and  low-speed  flight  may  be  found 


under  one  or  more  of  the  following  specialized  categories  in  table  9-A: 

5.1  General  Static  Stability  and  Control 

5.2  Dynamic  Stability 

5.3  Handling  Criteria 

5.4  Handling  Qualities 

5.7  Stabilization 

5.8  Zero  or  Low-Airspeed  Control  and/or  Control  Systems 

Although  wind-tunnel  tests  cover  a wide  variety  of  V/STOL  configurations,  they  are  often  of 
questionable  accuracy  because  of  wall  interference  effects  and/or  data-accuracy  limitations  at  the 
low  tunnel  velocities  required  to  simulate  low-speed  flight.  Large  flow-deflection  angles  are 
required  for  flight  at  very  low  speeds,  and  when  these  conditions  are  duplicated  by  a powered 
model  in  a wind  tunnel,  the  presence  of  the  tunnel  walls  have  a first-order  effect  on  tunnel  flow 
conditions.  Most  existing  low-speed  wind  tunnels  are  inadequate  for  the  simulation  of  powered- 
lift  low-speed  flight  because  of  their  size  limitations.  The  test  section  must  be  large  compared  to 
model  dimensions  to  minimize  the  adverse  effects  of  the  wind-tunnel  walls  on  the  flow  field. 
Simply  testing  models  of  smaller  scale  in  an  effort  to  avoid  wall-interference  effects  often  has 
not  proved  satisfactory,  because  of  the  significant  errors  in  test  data  associated  with  low 
Reynolds  number  and  the  problems  encountered  in  the  design  and  manufacture  of  a powered 
model  to  a small  scale.  There  appears  to  be  a limit,  which  is  a function  of  the  tunnel  test-section 
size  and  shape,  model  size,  flow  deflection  angle,  and  model  configuration,  at  which  the 
tunnel-wall  constraint  causes  a complete  flow  breakdown.  The  effects  of  all  these  variables  on 
the  accuracy  of  the  wind-tunnel  data  are  quite  complex  and  some  are  not  yet  clearly  understood. 
However,  one  fact  has  become  very  clear,  and  that  is  that  most  existing  wind  tunnels  are  simply 
too  small  for  simulation  of  V/STOL  flight.*  References  pertaining  to  wind-tunnel  test  techniques 
are  listed  under  category  5.12  in  table  9-A. 
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RESEARCH  AND  RECOMME  NO  AT  I QMS  QN  V/STQL  AERODYNAMICS 


AREAS  Of  INVESTIGATION  OR  ANAIYSIS 


9.1  FREE-PROPELLER  CHARACTERISTICS 


The  methods  of  this  Section  arc  for  estimating  forces  and  moments  on  propellers. 

The  primary  purpose  of  this  work  is  to  provide  information  for  analysis  of  direct 
propeller  effects  during  the  transition  flight  phase  of  V/STOL  aircraft. 

Operation  of  a propeller  in  an  unsyimnetrical  flov  field  results  in  unsymmetrical 
loading  on  the  blades  as  a function  of  their  rotational  position,  which,  in  turn, 
produces  forces  normal  to  the  thrust  axis  resulting  in  pitching  and  yawing  moments. 
Flow  field  asymmetries  result  from  either  thrust-axis  tilt  or  from  flow  angles  induced 
by  the  airplane  lifting  surfaces.  The  propellers  on  V/STOL  aircraft  will  encounter 
greater  asymmetries  than  those  of  conventional  aircraft  because  of  the  greater  thrust- 
axis  tilt  and  greater  induced  upwash  of  more  effective  high-lift  devices. 

Methods  for  the  prediction  of  forces  and  moments  on  propellers  inclined  with  respect 
to  the  free  stream  are  developed  by  DeYoung  in  reference  1.  DeYoung  has  generalized 
existing  small-incidence  theory  (references  2 and  3)  using  a propeller  solidity 
based  on  average  blade  chord.  Simple  expressions  are  thuB  developed  for  propeller  normal 
(or  side)  force  and  some  of  the  principal  derivatives.  DeYoung  develops  these 
expressions  by  first  determining  approximate  equations  of  propeller  geometry  and 
operating  parameters  from  the  theory  presented  by  Ribner  in  references  2 and  3,  and 
then  establishing  by  statistical  means  the  equation  constants  and  slightly  altered 
functions  from  computed  data  of  given  blade  shapes. 

DeYoung  also  derives  expressions  for  the  ratio  of  normal  force  at  high  incidence  to 
normal-force  derivative  at  zero  incidence,  and  the  ratios  of  thrust,  torque,  and 
power  at  high  Incidence  to  the  zero-incidence  values. 

R*T*P*nce  5 presents  results  of  a propeller  test  for  three  full  -scale  propellers  of 
different  design  at  nine  angles  of  incidence  ranging  from  0 to  85  degrees.  The 
operating  conditions  were  selected  to  simulate  the  take-off,  landing,  and  transition 
regimes  of  V/STOL  aircraft.  From  the  data  of  this  reference  certain  generalizations 
can  be  made  regarding  propeller  characteristics  likely  to  be  encountered  in  transition 
flight.  It  is  shown  that  the  thrust  coefficients  for  given  values  of  blade  angle 
and  advance  ratio  are  nearly  constant  over  a large  range  of  thrust-axis  angles  of 
attack  and  that  this  range  decreases  with  increasing  advance  ratio.  Furthermore,  it 
is  shown  that,  over  the  same  range  of  thrust-axis  angles,  the  variations  of  propeller 
normal  force  and  pitching  moment  are  nearly  linear.  Using  these  generalizations  it 
is  possible  to  present  approximate  methods  for  the  estimation  of  propeller  forces 
and  moments  at  large  angles  of  inclination  from  experimental  data  at  small  angles 
of  inclination  for  certain  transition  programs. 

A general  notation  list  is  included  in  this  Section  for  all  free-propeller  Sections. 

The  positive  direction  of  forces  and  moments  is  shown  in  figure  9. 1-1*. 

Rotation  List 


A wing  aspect  ratio 

®o  blade  section  lift-curve  slope,  per  rad 

B number  of  blades 
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.25,  *50, 


Notation  List  (continued) 
propeller  blade  chord,  ft 

aver* "©  blade  chord,  ft 

blade  chord  at  £ » .25,  .50,  •••,  ft 
R 

normal-force  coefficient  based  on  free-etream  velocity  and 

N 

propeller  disk  area,  ~ jr* 

°p 

normal-force  coefficient,  5 — r • —■  Cjj' 

p n D 8 

m — 

thrust  coefficient,  — ^ ■ -g—  Tc 

p n D 

wing  root  chord,  ft 
propeller  diameter,  ft 

J . Vco 

advance  ra;io,  

nD 

modified  advance  ratio,  J cos  a 
advance  ratio  at  zero  thrust 

advance  ratio  at  zero  power 

propeller  normal  force,  lb 
propeller  rotational  speed,  rps 

free -stream  dynamic  pressure,  lb/sq  ft 
propeller  radius,  ft 

maximum  fuselage  radius  forward  of  propeller  plane 
radial  distance  to  blade  element,  ft 
propeller  disk  area,  ~ D2,  sq  ft 
propeller  thrust,  lb 

thrust  coefficient  based  on  free-stream  velocity  and  propeller 
T 8 

disk  area,  =—  » — 5 Cm 

<ko  sp 

longitudinal  coordinate  measured  positive  forward  from  wing 
leading  edge,  ft 

lateral  coordinate  measured  positive  to  right  of  plane  of  syasnetry,  f 

lateral  distance  from  thrust  axis  of  one  propeller  blade  to  element 
of  another,  ft 
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dotation  List  (continued) 


voo 

a 

ain 

e 

tr*iip 


(* 

e 

6r 

Subscripts 

“in 

L.75 

r.75 

fus 


free-stream  velocity,  ft/sec 

wing  anrle  of  attack  measured  from  zero  lift,  deg 
inflow  angle  at  propeller  disk,  deg 
blade  angle  at  .75R  blade  station,  deg 

upwash  Induced  by  propeller  slipstream,  positive  downward,  deg 

propeller  solidity,  ratio  of  blade  element  area  to  annulus 
area  at  .75R 

effective  propeller  solidity  (propeller  solidity  based  on 
average  blade  chord) 

force  phase  angle,  deg 

differentiation  with  respect  to  inflow  angle,  aln 
left  blade  position  at  three-quarters  radius  point 
right  blade  position  at  three-quarters  radius  point 

fuselage 
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FIGURE  9.1-4  CONVENTIONS  USED  TO  DEFINE  POSITIVE 
SENSE  OF  FORCES  AND  MOMENTS 
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0.1.1  PROPELLER  THRPST  VARIATION  WITH  ANGLE  OF  ATTACK 


Two  methods  are  presented  in  this  Section  for  estimating  the  thrust  of  a propeller 
at  high  angles  of  Incidence.  The  first  method  is  that  of  reference  1 and  provides 
thrust  relative  to  the  zero -incidence  value.  This  ratio  is  approximately  proportional 
to  the  square  of  the  tangent  of  the  angle  of  incidence  with  a constant  advance  ratio, 
determined  from  the  velocity  normal  to  the  propeller  disk.  In  the  theory  the  thrust 
is  represented  by  the  phase-angle  change  of  the  resultant  velocity  at  the  blade  and 
takes  into  account  both  the  angle -of -attack  changes  and  the  dynamic-pressure  changes. 

A 90-degree  incidence  level  is  formulated  from  helicopter  theory  to  provide  a rela- 
tively small  correction  to  the  propeller  theory.  This  thrust  ratio  is  dependent  on 
blade  angle  and  advance  ratio  but,  except  for  a small  dependence  on  solidity,  is 
independent  of  propeller  geometry. 

In  the  absence  of  complete  data  on  a particular  propeller,  a second  method  is  given 
that  can  be  used  to  approximate  the  thrust  at  large  Incidence  angles  from  experi- 
mental data  at  small  incidence  angles.  This  approach  is  formulated  in  reference  2, 
wherein  it  is  demonstrated  that  certain  VTOL  transition  programs  can  lie  within  the 
region  of  linear  slope  of  the  propeller  forces  and  moments. 

The  methods  presented  herein  are  for  an  isolated  propeller  where  the  thrust-axis 
angle  of  attack  is  the  angle  between  the  free-stream  velocity  and  the  propeller 
thrust  axis.  Pbr  airplane  installations  this  angle  is  often  affected  by  flow  Induced 
by  the  wJng,  fuselage,  and  other  propellers;  however,  the  results  of  references  3 and  4 
indicate  that  the  major  effects  of  Induced  flow  on  propeller  thrust  occur  under  con- 
ditions that  are  not  likely  to  be  of  practical  interest  (high  forward  speed  at  high 
angles  of  attack). 


Method  1 


DATCOH  METHODS 


The  variation  of  propeller  thrust  with  angle  of  attack  is  given  relative  to  the  value 
at  zero  angle  of  attack,  provided  equal  advance  ratios  exist  as  determined  from  the 
velocity  normal  to  the  propeller  disk.  This  thrust  ratio  is  given  in  reference  1 as 

' T1»  - 1 ♦ — -T . »in(e  ♦ 5)  [ tan  (0  ♦ 5) 

♦ (l  *yl  ♦ ^ tin  (p  + 5)  )(1  - eo.  a)  ] tta2  a 9*1-1-. 


where  all  parameters  are  defined  In  the  general  notation  list  of  Section  9.1  and 
the  positive  direction  of  forces  and  angles  is  shown  in  figure  9*1-4. 

The  procedure  to  be  followed  in  evaluating  equation  9.1.1-a  is  outlined  in  the 
following  steps. 
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Step  1.  Determine  the  propeller  effective  solidity  ae  by 
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b'  dx',  which  may  be  approximated  by 


16  (l  ”'.25 
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9.1.1-c 


b 1 are  obtained  from  the  propeller  blade  planfona  curve 

at  - • 0.25,  0.50,... 

R 

Step  2.  The  advance  ratio  at  zero -thrust  is  obtained  from  figure  9*1 .1-7 

as  a function  of  p.  This  functional  relationship  Is  given  In  reference  1 as 

J ’ « 2.2  tan(p  + 5)  9-1-1-d 

Ct  (a,J’> 

Step  3.  Using  equation  9.1.1-a  obtain  ” — ; T with  the  & and  J_  values 

Oj  (0,J*)  ® **! 

obtained  in  Steps  1 and  2.  With  this  result  values  of  the  thrust  ratio  can 
be  computed  for  a range  of  angles  of  attack  and  modified  advance  ratios. 

Step  k.  Determine  the  propeller  thrust  coefficient  at  selected  angles  of  attack  end 
modified  advance  ratios  by 

CL  (a.J') 

0r(t,"r) ' 01  (0"r) 

where  Cy(0,J')  is  the  propeller  thrust  coefficient  at  zero  angle  of  attack, 
but  vith  the  velocity  equal  to  *00  cos  a.  This  parameter  will  normally  be  a 
known  quantity. 

Figures  9.1.1-8a-g  and  9.1.1-lla-d  present  a comparison  of  experimental  data  from 
reference  2 with  the  Datcom  method  as  computed  from  equation  9 

Method  2 

This  method  is  suggested  in  reference  2 for  estimating  propeller  thmst  at  high  angles 
of  attack  when  experimental  data  at  zero  angle  of  attack  are  available. 
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The  experimental  data  of  reference  2 show  that  the  thrust  coefficient  for  given 
values  of  blade  angle  and  advance  ratio  is  practically  constant  over  a vide  angle- 
of-attack  range  at  low  advance  ratios,  and  that  this  range  diminishes  with  increasing 
advance  ratio.  Using  these  observations,  it  is  possible  to  identify  these  ranges  in 
VTOL  transition  programs. 

The  boundary  of  this  region,  presented  in  figure  9.1.1-13,  has  been  determined 
on  the  basis  of  five-percent  thrust -coefficient  increases  from  the  zero-angle-of- 
attack  values  for  two  propellers  at  a constant  blade  angle,  tested  in  reference  2. 

The  region  varies  with  blade  angle.  The  boundary  curve  of  figure  9*1.1-13  is 
defined  for  a 12-degree  blade  angle,  typical  for  maximum  propeller  efficiency  in 
very  low-speed  flight.  The  characteristics  of  the  two  test  propellers  are  presented 
in  table  9-1-1-A. 

As  a simple  rule  of  thumb,  the  propeller  thrust  at  high  angles  of  attack  may  be 
assumed  to  equal  the  value  at  zero  angle  of  attack  if  the  modified  advance  ratio 
falls  below  the  boundary  of  figure  9. 1.1- 13. 

A 1-g  transition  program  for  a hypothetical  airplane  described  in  reference  3 is  also 
shown  in  figure  9 .1.1- 13  • This  program  is  based  on  the  data  obtained  for  propeller  1 
of  reference  2.  The  modified  advance  ratio  lies  well  below  the  boundary  curve.  How- 
ever, for  conditions  of  steep  descent  or  rapidly  decelerating  transition  the  boundary 
could  be  exceeded. 


Samp  I • Problem 

Method  1 

Given:  The  three-bladed  propeller  designated  as  propeller  number  1 of  reference  2. 

The  following  example  is  based  on  four  values  of  the  modified  advance  ratio 
over  a thrust-axis  angle-of-attaek  range  from  0 to  85°. 

B *=  3 D « 12  ft  p = 12° 


r/R 

0.25 

0.50 

0.75 

0.95 

b\ft 

O.89 

1.115 

1.175 

1.18 

J' 

0.1 

0.2 

0.4 

0.6 

Gr(o,j') 

0.132 

0.121 

O.O83 

0.032 

Compute: 

Step  1.  Determine  the  effective  propeller  solidity  a 


b'  - 0.16  £|b'  >25  + 2^.50  + £*>'  + *>’.95]  (equation  9.1.1-c) 

- 0.16  (O.89)  ♦ <2)(1.115)  + (2)(1.175)  + 1.18] 

* 0.16  (6.87)  - 1.10 
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‘UJO 


0.117  (equation  9*l*l-*>) 


'7«  ° 3*D  “ (3)(1^)k 

Step  2.  Determine  the  advance  ratio  at  zero-thrust  OL  from  figure  9. 1.1- 7 
at  p . 12°.  °* 

\ * "•«» 


Solution; 

Determine  the  ratio  of  the  thrust  coefficient  at  inclination  to  the  thrust 
coefficient  at  zero  angle  of  incidence. 


CT  (a,  J'  ) 
CT  (6,JrT 


1 + 


4(1  - 


JL) 

Joec1 


sin(S  + 5)[tan(0  + 5) 


+ °e  1: 


2 (equation  9*1" l-») 

x ♦ .lcU7)|t»(X7) 

&(6t'55) 


+ 0 . 117 ^1  +^1  +q-~7,  tan(l7)  )(.l-coaa)  j tan2a 
1 + 4 -,^955t  <0'2^)  |°*3057  + 0.»409(l-co8a)]tan2a 


1.939J'2  1 1 o 

" 1 + ~ , j O.3057  + 0.409  (l-cosa)  | tan  a 


5.95J' 


Using  this  result  obtain  — as  a function  of  J'  and  a.  This  is  calculated 

% ’ ’ , CL(a,J') 

belov  for  teven  angles  of  attack*  Note  that  at  J » 0,  — — = 1*0;  and  at 


CT(a,J') 


CT(0,J’) 


0D 


|cr(ct,  j * )/Or(c,  j 1 )] 


0 

4-5* 95J' 

.05 

3.7025 

.10 

3.405 

.15 

3.1075 

.20 

2.810 

•30 

2.215 

.40 

1.620 

• 50 

1.025  , 

.60 

0.430 

.65 

O.I325 

.02760 

.07879 

•1915 

A729 

1.6233 

6.1829 


0=85° 

79-5° 

88.68® 

I&63© 

.1152 

.0244 

.505 

.1062 

1.245 

.2619 

2.447 

.5142 

6.987 

1.468 

16.983 

3.568 

41.934 

8.811 

143.95 

30.24 

548.30 

115.19 

.0111 

.0482 

.1190 

.2336 

.6669 

1.621 

4.003 


.0042 

.OI85 

.0456 

.0898 

.2562 

.6228 

1.538 


13.740  5.279 


.2931 

.7239 

2.485 


.4255  © 


.00056 

.0024 

.0060 

.0117 

.0335 

.0815 

.2012 

.6907 

2.631 


30 


.1206© 


.00016 

.00069 

.0017 

.0033 

.OO95 

.0231 

.0570 

.1958 

.7457 


The  calculated  values  of  the  thrust  ratio  are  compared  with  the  experimental 
results  from  reference  1 in  figure  9.1.1-14. 

The  thrust  coefficient  at  angle  of  inclination  and  given  advance  ratio  is  then 


ctfcJ' ) . Crfo.j- ) Sggj 


Ct(cc,  J'  ) 


.121 
.1214 
.1224  O.O898 

.1261  0.1073 
.1319  0.1347 

.1493  0.2175 

.1832  0.3791 

1.4926 


-5 


The  calculated  values  of  the  thrust  coefficients  are  compared  with  the  experimental 
results  from  reference  1 In  figure  9.I.I-15.  The  results  may  be  converted  to  throat 
In  pounds  by 


-T(a,J') 


8 

Tiry 


Pr(a, J')  Sp 
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TABLE  9. 1.l-A 
Reference  2 


Propeller 

No.  1 

Curtiss  C6345-C5OO 

No.  2 

Curtiss  C6345-C300 

Diameter 

12.0  ft 

10.0  ft 

No.  of  blades 

3 

3 

Airfoil  section 

NACA  16  series 

NACA  64  series 

Blade  designation 

858-7C4-36 

X100188 

Activity  factor/blade 

150 

188 

Solidity 

0.124 

O.I83 

T ( OL  JCOS  CL) 


T ( 0 , Jcos  a) 
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FIGURE  9.1.1-13  BOUNDARY  CURVE  FOR  5-PERCENT  INCREASE  OF 
COEFFICIENT  OVER  VALUE  AT  ZERO  THRUST- 
AXIS  AfIGLE  OF  ATTACK 


i?.  1.2  FROFELLKR  FITCH1N G-MOMENT  VARIATION  WITH  POWER  AND 
ANGLE  OF  ATTACK 

At  the  present  there  are  no  theoretical  or  semi-empirical  methods  available  in  the 
literature  for  the  prediction  of  propeller  pitching  moments  at  high  angles  of  attack. 
The  method  presented  herein  is  empirical  and  requires  experimental  data  at  two  moder- 
ate angles  of  attack. 

experimental  data  indicate  that  there  is  an  appreciable  direct  pitching  moment  on  the 
propeller  during  operation  at  angle  of  attack.  This  pitching  moment  may  be  regarded 
as  being  due  to  the  fact  that  the  center  of  thrust  is  some  distance  away  from  the 
center  of  rotation.  Figures  9*l*2-3  and  9. 1.2-4  show  the  direct  propeller  pitching 
moment  expressed  as  an  effective  thrust -axis  shift  for  the  propeller  and  the  propeller- 
vlng  combination  of  reference  1 and  for  propeller  1 of  reference  2,  respectively. 

These  data  indicate  an  increase  in  propeller  pitching  moment  with  Increasing  angle  of 
attack  and  a more  pronounced  shift  of  the  effective  thrust  axis  at  the  lower  thrust 
coefficients.  The  data  of  figure  9. 1.2-3  further  show  that  the  propeller  pitching 
moment  was  approximately  doubled  when  the  propeller  was  operated  in  the  presence  of 
the  wing  because  of  the  upwash  induced  by  the  wing. 

The  Datcom  method  which  follows  is  based  on  observations  of  the  large  body  of  test 
data  presented  in  reference  2. 


DATCOM  METHOD 

This  method  is  suggested  in  reference  2 for  estimating  propeller  pitching  moment 
at  high  thrust -axis  angles  of  attack  when  experimental  data  are  available  at  two 
angles  of  attack,  such  as  zero  and  15  degrees. 

The  experimental  data  of  reference  2 show  that  the  propeller  pitching  moment  for 
given  values  of  blade  angle  and  advance  ratio  have  nearly  a constant  slope  over 
vide  angle -of -at tack  ranges  at  low  advance  ratio  and  that  the  width  of  these  ranges 
diminishes  with  increasing  advance  ratio. 

It  is  not  possible  to  define  the  limits  of  the  regions  of  linearity  of  propeller 
pitching  moments  from  the  experimental  data  as  was  done  for  the  propeller  thrust 
in  Section  9.1.1.  However,  in  view  of  the  fact  that  the  angle-of -attack  ranges  of 
pitching-moment  linearity  are  essentially  tnose  over  which  the  thrust  is  constant, 
it  is  assumed  that,  to  a first  approximation,  the  boundary,  defined  in  figure  9.1.1-13, 
also  applies  to  pitching  moments.  As  noted  in  Section  9. 1.1,  this  boundary  varies 
with  blade  angle.  It  is  defined  for  a blade  angle  typical  of  maximum  propeller 
efficiency  in  very  low-speed  flight . 

An  a simple  rule  of  thumb,  the  propeller  pitching  moment  at  high  angles  of  attack 
may  be  obtained  with  accuracy  acceptable  for  preliminary  design  analysis  by  a linear 
extrapolation  of  experimental  data  at  moderate  angles  of  attack,  provided  the  modified 
advance  ratio  falls  below  the  boundary  of  figure  9*1  .1-1  3 • 
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9.1.:j  PROPELLER  NORMAL-FORCE  VARIATION 
WITH  POWER  AND  ANGLE  OF  ATTACK 


Two  methods  are  presented  in  this  Section  for  estimating  the  propeller  normal  force 
at  high  angles  of  attack  . 


The  first  method,  developed  by  DeYoung  in  reference  1,  provides  the  normal-force 
coefficient  at  high  angles  of  attack  relative  to  the  linear  relation 

\dn  /jpo 

This  ratio  is  equal  to  the  tangent  of  the  angle  of  attack,  provided  equal  advance 
ratios,  as  determined  from  the  velocity  normal  to  the  propeller  disk,  exist.  In 
theory,  the  normal  force  is  considered  to  be  proportional  to  the  torque  difference 
due  to  angle  of  incidence  between  the  down-going  blade  and  the  up-going  blade. 


The  essential  part  of  Datcom  method  1 is  the  estimation  of 
determining  the  normal-force  derivative  with  respect  to  the  loci 
the  local  angle-of-attack  gradient,  and  a correction  for  phase-angle  shift. 


This  involves 


x/ct=o* 

al  angle  of  attack. 


DeYoung,  in  reference  1,  has  obtained  a simple  relationship  for  the  normal-force 
derivative  with  respect  to  local  angle  of  attack  in  the  manner  described  in  Section 
9.1.  A general  expression  for  this  derivative  as  a function  of  propeller  geometry 
and  operating  parameters  is  obtained  from  the  analysis  of  Ribner  in  references  2 and  3 
and  the  assumption  of  a blade  section  lift-curve  slope  of  c f « 0.95(2x)  per  radian. 

The  constants  of  the  resulting  expression  are  evaluated  by  statistical  means  from  the 
computed  data  of  the  given  blade  shapes  of  reference  4. 


The  normal-force  derivative  with  respect  to  wing  angle  of  attack  is  given  as  the 
product  of  the  normal-force  derivative  with  respect  to  the  local  propeller  angle  of 

attack  and  the  local  angle-of-attack  gradient  obtained  in  reference  1 by  an 

da 

analysis  of  the  upwash  due  to  the  wing,  fuselage,  and  other  propellers. 

Propellers  operating  at  high  angles  of  attack  experience  appreciable  angle-of-attack 
variation  on  the  blades.  Lift  increases  and  decreases  in  a harmonic  fashion.  As  the 
angle  of  attack  is  increased,  circulation  increases,  and  a starting  vortex  is  shed 
which  induces  a downwash  and  changes  the  buildup  of  circulation.  This  unsteady  notion 
causes  the  lift  cycle  to  be  out  of  phase  with  the  angle-of-attack  cycle;  consequently, 
the  propeller  forces  and  moments  have  components  in  both  the  lateral  and  vertical 
directions.  The  normal  force  at  incidence  is  then  the  product  of  the  normal  force 
computed  for  zero  phase  angle  and  the  cosine  of  the  phase  angle.  In  Datcom  method  1 
the  effect  of  this  phase-angle  shift  is  applied  to  the  computed  linear  relation 

MA 

In  the  theory  of  reference  1 the  propeller  phase  angle  is  approximated  by  an  analogous 
wing  unsteady  solution,  assuming  that  the  propeller  forces  and  blade  angle  of  attack 
are  analogous  to  those  of  a wing  that  is  harmonically  pitching  about  its  quarter-chord 
line. 


A second  method  is  given  which,  in  the  absence  of  complete  data  on  a particular  pro- 
peller, can  be  used  to  approximate  the  normal  force  at  large  angles  of  attack  from 
experimental  data  at  small  angles  of  attack.  This  approach  is  iormulated  in  refer- 
ence 5,  wherein  it  is  demonstrated  that  certain  VTOL  transition  programs  can  lie 
within  the  region  of  linear  slope  of  the  propeller  forces  and  moments. 


DAT COM  METHODS 


Method  1 


The  variation  of  propeller  normal  force  with  angle  of  attack  is  given  relative  to 
provided  equal  advance  ratios,  as  determined  from  the  velocity  normal  to 
the  propeller  disk,  exist.  This  ratio  is  given  in  reference  1 as 


CN  (a,J') 
% (o,J') 


tan  a 


9.1. 3-a 


The  positive  normal-force  and  angle-of-.it tack  senses  are  shown  in  figure  9.1-4,  and 
the  required  parameters  are  defined  in  the  general  notation  list  of  Section  9.1. 

This  method  is  essentially  one  of  determining  the  denominator  values  in  the  form 
of  where 

c*b  ” ci^ln  ~&r  per  rad  9.1.3-* 


In  computing  these  values  the  J or  thrust  in  the  relation  for  Cm*  must  be  taken 

^in 

at  J'  and  velocity  at  cos  a. 


The  derivatives  Cj^  and  are  related  by 


% < °>J ')  - | (J*)2  Cj^  (0,J')  per  rad 


9.1.3-c 


The  procedure  to  be  followed  in  evaluating  the  normal  force  is  outlined  in  the 
following  steps. 

Step  1.  Determine  at  zero  phase  angle  the  propeller  normal-force  derivative  with 
respect  to  the  local  angle  of  attack  at  the  propeller  disk  by 


4.25 

1 + 2 o- 


sin  (p  + 8) 


(1.  -=& 

\ 8/1  + < 


2/3)Tl 


per  rad 


9.1. 3-d 


for  single-rotation  propellers,  and  by 


3.66 


sin  (p  + 14)  ( 1 + 


3TC  \ 

1 + (2/3)T«  / 


ptr  rad 


9.1. 3-d' 


i*.  1 .1-2 


for  counter- rotat in/;  propellers; 


where  ° t is  obtained  as  outlined  in  Step  1 of  Datcom  method  1 of 

Section  9.1.1  and  the  thrust  values  are  taken  at  J',  with  velocity  equal 
to  Vgj, cos  a.  The  thrust  values  will  normally  be  known. 

Step  2.  Determine  the  local  angle-of-attack  gradient  by 

da 


where  the  first  two  terms  in  the  numerator  are  the  average  upwash  at  the 
propeller  .75R  station  due  to  the  wing,  and  the  third  term  in  the  numerator 
is  the  average  upwash  at  the  propeller  .75R  station  due  to  the  fuselage. 


The  sanation  term  in  the  denominator  is  the  average  downvash  in  the  pro- 
peller slipstream  at  the  propeller  .75R  station.  For  propellers  operating 
near  each  other  this  downvash  must  be  considered  in  predicting  the  local 
angle-of- attack  gradient.  This  downvash  may  be  neglected  if  a fuselage 
separates  the  propellers  or  if  adjacent  propellers  are  sufficiently  far 
apart  so  that  Ay  > 2R-  The  slipstream  gradient  is  given  by 


dU_ 

«SllP 

toin 


V1  * 1-3  Tc 


k + 2TC 
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Step  3.  Determine  the  propeller  normal-force  derivative  with  respect  to  wing  angle 
of  attack  at  zero  phase  angle  using  the  terms  obtained  in  Steps  1 and  2 
and  equation  9.1. 3-b 


Cm*  » Cm*  ■ per  rad 
“in  to 

Step  k.  Correct  the  Cj^  value  obtained  for  zero  phase  angle  (Step  3)  for  phase- 
angle  shift  by 

Cj£(6)  * cos  6f  per  rad  9*l«3-g 


9. 1.3-3 


The  phase  angle  is  determined  by 


5f  ■ 0.825  tan' 


-1 


*5 


B/2-Joj  J'  -(J'F 


9.1.3-b 


where 


16 


- (aV 

+ 5>W 


9.1.3-i 


Jn  * Jo™  + j 

* sin  (p  + 5)  cos4  (p  + 5) 

and  is  obtained  as  a function  of  p from  Figure  9. 1.1-7. 

Step  5-  Convert  the  Cj^  results  of  Step  4 to  Cj^  using  equation  9.1.3-c. 

% (0,J')  - | (J')2  % (0,J')  per  rad 

Step  6.  Determine  the  normal  force  at  selected  wing  angles  of  attack  and  modified 
advance  ratios  using 


CN  (q,J')  - Cj^  (0,J')  tan  a 

A comparison  of  normal-force  derivative  at  zero  thrust,  computtd  using  equations 
9.1. 3-d  and  9.1-3-d',  with  the  theory  of  reference  4 is  presented  in  Table  9.1. 3-A. 

The  percentage  difference  shown  has  been  taken  with  respect  to  the  values  of 
reference  4.  The  comparison  includes  data  with  two  blade  shapes  and  wide  variations 
of  solidity,  blade  pitch  angles,  and  number  of  blades.  The  percentage  difference  is 
considered  to  he  within  the  accuracy  of  detailed  propeller  theory. 

The  normal-force  ratio  given  by  equation  9 *1 • 3-&  is  compared  with  experimental  data 
from  reference  5 in  figure  9.1.3-14. 

Method  2 

This  method  is  suggested  in  reference  5 Dcr  estimating  the  propeller  normal  force  at 
high  angles  of  attack  when  experimental  data  are  available  at  two  angles  of  attack, 
such  as  zero  and  15  degrees.  This  is  an  empirical  method  based  on  observations  of 
a large  body  of  test  data  in  reference  5.  The  method  is  analogous  to  the  method 
of  Section  9*1.2  for  estimating  propeller  pitching  moments  and  provides  acceptable 
accuracy  for  preliminary-design  analysis.  The  method  merely  states  that  rhe  propeller 
normal  force  at  high  angles  of  attack  may  be  obtained  by  linear  extrapolaticr  of 
experimental  data,  provided  the  modified  advance  ratio  falls  below  the  bound  = ry  of 
figure  9.1.1-13* 


Samp  It  Probltm 


Method  1 

Given:  The  hypothetical  four-propeller,  tilt -wing  airplane  of  reference  6 with  linear 
dimensions  six  times  those  of  the  model.  The  propellers  are  those  designated 
as  propeller  1 of  reference  5 • The  following  example  is  computed  for  four 
values  of  the  modified  advance  ratio  over  an  angle -of -attack  range  from  0 to 
80  degrees. 


Propeller  Characteristics 

The  propellers  are  the  same  as  those  of  the  sample  problem  of  Section  9.1.1. 
B - 3 D - 12  ft  p « 12°  cre  - 0.117  Joq.  - 0.6725 


J' 

0.1 

0.2 

O.b 

0.6 

Tc  (0,  J') 

33.61 

7.703 

1.321 

0.2267 

These  Te  (0,J')  values  have  been  obtained  from  the  0j  (0,J')  values  given  in  the 
se^le  problem  of  Section  9.1. 1 by 

Tc  (o,J')  . Cj  (o,J’) 

* (J') 
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Airplane  Characteristics 

cr  = 10.0  ft  A * 4.89  Rfus  = 1.25  ft 
Propeller  1 (inboard) 

XL  .75  - 5.25  ft  yL  .75  * 3.25  ft 
XR  .75  “ 5«60  ft  yR  75  «=  12.25  ft 


Propeller  2 (Outboard) 

XL  .75  = 4.50  ft  yL  <?5  « 11.75  ft 
XR  .75  * 4.80  ft  yp  ^ * 20.75  ft 


A7L  .75  ■ 4.0  ft 

.75  m 13.0  ft 


Compute: 


Step  1.  Determine  the  propelle . • normal-force  derivatives  at  zero  phase  angle  with 
respect  to  the  local  ai  gle  of  attack  at  the  propeller  disk  Cjji 


Cj.  - - ■ sin  (p  + 8)  /l  + ~j==t. 

ain  1 + 2 ae  \ 8/TT 


(2/3)T. 


I per  rad 


(equation  9.1. 3-d) 


1+2  (0.117) 


sin  (12  + 8) 


(l  + ^ 

\ 8 7l  + (2 


(2/3)^ 


« 0.138  + — 

>4  + (2/3)Tc 


TABLE  I 


33.61 
7.703 
1.323. 
0.6  0.2267 


0.0517Tc 
0.0517  d 


/i”T  (2/3)  Tc 


v/l  + (2/3)  d> 


-0.138  Cr*  (l/rad) 


4.84 

2.48 

1.371 

1.072 


0.0498 

0.0109 


0.138  + © 


.498 

.298 

.1878 

.1489 


For  this  configuration  < PR  and  the  propeller  downwash  effect  on  the  locaj 
angle -of -attack  gradient  must  be  considered. 


9(A+10)| 


XL  .7?  . 1 XH  .75  + J_)  2 \yL  -75/  \yR  .75 

i cT  * To  cr  10/  LX  ' 


1 / Rfue  \ l Rfua 


prop  2 


(equation  9- 1.3-0 


Propeller  1 (Inboard) 


l + — / 1 + 1 \ + k\(hg\2  /j^25\2 

9(4.89  ♦ 10)  I 5.25  + J_  5.60  + J_  ) 2 \3-25/  \ 12.25/ 

\ 10  10  10  10/  J 

! . i f/U5  , / <S-o\gl 

4 |\4.o/  yi3.oy  J <iain 

1 * °-073  (di?  * d«0 ) 4 (0-1W  * °-010,‘) 


1 - 0.25  (2.25  + 0.213)  


1 ->-  0.073  (3.11?)  + 0.075 
de  - 

1 - 0.25  (2.463)  --s-1^ 
^in 

1.3067 

. - dezslip 

1 - (0.616) 


Propeller  2 (Outboard) 


1 . 0.073  / 1 , 1 -V  — f/j^Y  . /-i2\2 

\il50+J_  U0+1  +2  \U.75/  ^20.75/ 

^ 10  * 10 10  10  / *■ 


1 - (0.616) 


!U..W7 


% 


i! 

. 


* °-073(di5  4 skill (0-0113  * °'003l5) 


1 - (0.616)  — 


da 


in 


1 + 0.073  (3-542)  + 0.00745 

dt 

1 - (0.616)  — 


% 


..  . 1.^66 

d<2 

1 - (0.616)  SiiE 

da.„ 


m 

if 


(%,  \ 

\ ™ ln/Tc-0 


« 0.138  ( step  1 with  T *0) 


d< 


da. 


^ii£  „ 


Tc 


in 


8 

7 


4 + ^ Tc 


4 + 2 T- 


( equation  9.1-3-f) 


Tn  0.138  y/l  + 1.3  Te 


8 

7 


4 + - Tc 


4 + 2 Tr 


TABLE  II 


r^n 

© 



© 

© 

© 

© 

© 

4 + - »r 

Tc 

0.138  (5) 

^siip/tom 

j' 

Tc 

7 Tc 

© 

,/!  + 1-3  Tc 

4 + 2 Tc 

<|) 

© + © 

0.1 

33.61 

42.41 

0.7925 

6.69 

71.22 

0.0130 

0.8055 

0.2 

7-703 

12.80 

0.6018 

3.32 

19. 4l 

0.0236 

0.6254 

0.4 

1.321 

5.51 

0.2397 

1.65 

6.642 

O.0343 

0.2740 

0.6 

0.2267 

4.259 

0.0532 

1.14 

4.453 

0.0353 

0.0885 

VAC  2 <»  . yjfy 

Using  the  —7-^ — ^ values  from  Table  II  calculate  ---■—  for  propellers  1 and  2. 
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TABLE  III 


1 - (0.616) (D 


0.5038  2.594 
0.6148  2.125 
0.3312  I.572 
0.9455  1.382 


L«)J 


2.513 

2.059 

1.523 

1.339 


Step  3.  Determine  the  propeller  normal-force  derivatives  at  zero  phase  angle 
with  respect  to  wing  angle  of  attack  Cjf'a 


C»i  • * 0= , 


S'a^  per  rad  (equation  9*1. 3-b) 


TABLE  IV 


Cj|,  (l/r*d) 

«in 


^1/rad) 


J'  I Col.©,  Table  I | Col.©,  Table  III  x ©|  Co 


.498 

.298 

.1878 

.1489 


0.295 

0.206 


1.251 

0.614 

0.286 

0.199 


Step  4,  Correct  the  Cjji  values  obtained  in  step  3 for  phase-angle  shift. 

a 


s-s* 


■ 0.6725  ♦ 


(aY 

(p  + 5)  COS4  (p  + 5)  ' B' 
16  / 0.117V 

sin  (17)  cos11  (17)  \ 3 / 


(equation  9.1. 3-1) 


0.6725  ♦ 


(0.2924) (0.9563)* 


(0.00152) 


■ 0.6725  + 0.0995 


9.1.34) 


..  ..U 


0.825  tan 


0.825  tan' 


B/2  J J'  - (j')p 

p 

15(0.117) 

3 ^2(0.772) (J>)  - (J7)2 


(equation  9.1. 3-h) 


0.825  tan'  


0.585 


'l,5^  J’  - (J')‘ 


TABLE  V 


(J1)2 

<D2 


.1  0.01 

.2  0.0U 

.4  0.16 

.6  0.36 


1.5W  J'  - (J') 

O - (D 


.1444  0.3800 

.2688  0.5180 

.4576  0.6760 

.5664  0.7530 


0.585  tan-1© 
(2)  (deg) 


.8 


47.0 

40.0 


values  are  corrected  for  phase-angle  shift  by 


cH'a  (6)  " CN<a  cos  6f  per  rad  (equation  9.1. 3-g) 


TABLE  VI 


(cN’a)l  (l/rad)  (Cfl^)  (l/rad) 


Col.  O , Table  IV  j Col.  ©,  Table  IV  J cos  6f  j (5)  © 


(CN^)]  cos  6f  (CH.a)2  cos  5f 


©© 


.292 

'.633 

0.295 

0.206 


1.251 
0.6l  4 
0.286 
0.199 


Step  5.  Convert  the  Cw  1 values  obtained  in  Ster  4 to  C«  . 

a ‘ 1xt 

% 2 

% (0,  J')  - g (J')  C„,  (0,  J')  per  rad  (equation  9.1. 3-c) 
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I 


TABLE  VII 


G> 

<D 

O 

© 

n 

(j*)2 

*!&  ( J ’)* 

% (0,  J')!  (l/rad) 

% (o>  M™*'* 

O 

Gf 

0 x Col.  0 , Table  VI 

©x  Col.  ©,  Table  VI 

0.1 

0.01 

0.00393 

0.00346 

0.00335 

0.2 

0.04 

0.0157 

0.00761 

0.00738 

0.4 

0.16 

0.0628 

0.0154 

0.0149 

0.6 

0.36 

0.1414 

0.0249 

0.0240 

Solution: 

Th<*  variation  of  propeller  normal-force  coefficient  with  angle  of  attack 
at  the  chosen  values  of  J1  is  tabulated  below  using 


Cg  (a,  J')  - Cj^  (0,  J')  tan  a (equation  9.1. 3-a) 
for  both  the  inboard  and  outboard  propellers. 


Cf  (a,  J') 


Propeller  1 (inboard) 

Propeller  2 (Outboard) 

a 

tan  a 

■a 

OB 

0.6 

mm 

1 on 

IB 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

10 

0.1763 

O.OOObl 

0.00134 

0.00272 

0.00439 

0.00059 

c. 00130 

0.00263 

0.00423 

20 

0.3640 

0.00126 

0.00 277 

0.00561 

0.00906 

0.0012? 

0.00269 

0.00542 

0.00674 

30 

0.5774 

0.00200 

0.00439 

0.00689 

0.01438 

0.00193 

0.00426 

0.00860 

0.01386 

40 

0.8391 

0.00290 

O.OO639 

c. 01292 

0.02089 

0.00281 

0.00619 

0.01250 

0.02014 

50 

1.1918 

0.00412 

0.00907 

0.01835 

0.0297 

0.00399 

0.00880 

0.0178 

0.0286 

60 

1.7321 

0.00599 

0.0132 

0.0267 

0.0431 

0.00580 

0.0128 

0.0258 

0.0416 

70 

2.7475 

0.00951 

0.0209 

0.0423 

0.0684 

0.00920 

0.0203 

0.0409 

0.0659 

60 

5.6713 

0.0196 

0.0432 

0.0873 

0.1412 

0.0190 

0.0419 

0.0845 

0.1361 

The  calculated  values  of  the  noraal-force  coefficients  for  both  the  inboard 
and  outboard  propellers  are  plotted  in  figure  9.1.3-15. 
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COMPARISON  OF  NORMAL-FORCE  DERIVATIVE  AT  ZERO  THRUST 
COMPUTED  BY  DATCOM  METHOD  I WITH  THEORY  OF  REFERENCE  4 


Hamilton  Standard  3155-6  HACA  10-3062-0^5 


r 

R 

.25 

• 50 

.75 

• 95 

] 

mm 

.25 

.50  .75 

•95 

” b'1 

mm 

II'  - 

FT 

mm 

b'.75 

HI 

1.00 

1 

BHS 

iHB 

BBS 

Hi 

\m 

0 

Datcan 

* 

& 

Dateon 

Hr# 

CT  ’ °e 

(deg) 

ref.  * 

Method  1 

Diff. 

O . O 

e 

(Aeg) 

ret  4 

Method  1 

Om  .061 

25 

.079 

.079 

0 

a-  .083 

20 

.1*3 

-2.8 

e - -0527 

25 

.111 

.109 

-1.8 

\ - .081 

25 

.162 

-0.6 

2 

35 
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.137 

2.2 

2 

35 

.204 

.202 

-1.0 

Blades 

.158 

.160 

1.3 

Blades 

45 

.235 

.236 

0.4 

55 

.177 

.179 

1.1 

55 

.26c 

.263 

1.1 

crm  .091 

15 

.112 

.112 

0 

o--  .124 

20 

.196 

.194 

-1.0 

e - .079 

25 

.155 

.156 

0.6 

m .122 

25 

.226 

.225 

-0.4 

3 

35 

.194 

.196 

1.0 

3 

35 

.284 

.281 
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Blades 

45 

.229 

0.4 

Blades 

45 

•333 

.330 

-0.9 

55 

.258 

-0.8 
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.372 
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-1.1 

c-  .121 

15 
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Om  .165 

20 
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.244 

0.4 

°e  - .1054 

25 
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.200 

1.0 

- .162 

25 

.280 

.282 

0.7 

4 

35 
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0.4 

4 

35 

.352 

• 353 

0.3 
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45 
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.414 

-0.5 

55 
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.328 
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55 

.471 

.462 

-1.9 

Om  .182 

15 

.192 

.197 

2.6 

Counter-Rotation  f 

e - -158 

25 

.271 

.276 

1.8 

crm  ,248 

15 

.363 

.364 

0.4 

6 

35 

.31*6 

.346 

0 

ce  ■ .244 

.478 

.473 

-1.0 

Blades 

45 

•M3 

.406 

6 

.567 

.5  66 

-0.2 

55 

.471 

.452 

SHI 

Blades 

45 

.634 

.642 

1-3 

Coun 

ter-Ro 

tat ion 

55 

.689 

.699 

1.4 

<7-  .182 

15 

.250 

.253 

1.2 

% - .158 

25 

•332 

.329 

-0.9 

6 

35 

.393 

.392 

-0.3 

Blades 

*5 

.446 

.448 

0.4 

55 

.490 

.490 

0 
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a (deg) 

FIGURE  9.1.3-14  COMPARISON  OF  CALCULATED  AND  EXPERIMENTAL  NORMAL-FORCE  RATIO  WITH 

PROPELLER  THRUST-AXIS  ANGLE  OF  ATTACK  FOR  PROPELLER  1 OF  REFERENCE  S 
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0.14 


ANGLE  OF  ATTACK,  a (def) 

FIGURE  9.1.J-15  VARIATION  OF  PROPELLER  NORMAL-FORCE  COEFFICIENT  WITH 

ANGLE  OF  ATTACK  AND  MOOIFIED  ADVANCE  RATIO  FOR  INBOARD 
AND  OUTBOARO  PROPELLERS  OF  A HYPOTHETICAL  4-PROPELLER 
TILT-WING  AIRPLANE.  SAMPLE  PROBLEM,  METHOD  1 


Revised  September  1970 


9.2  PROPELLER-WING  CHARACTERISTICS 


The  methods  of  this  section  are  for  prediction  of  the  power-on  lift  and  drag  forces  of 
propeller-wing  combinations  of  V/STOL  aircraft  and  deal  primarily  with  the  low-speed,  high- 
power  flight  regime  where  wing  stalling  tendencies  at  high  angles  of  attack  are  delayed  by  power 
effects. 

The  usual  approach  to  attaining  V/STOL  capabilities  is  to  use  power  plant  thrust  to  obtain  lift  at 
low  speeds.  Propeller-driven  V/STOL  configurations,  other  than  those  employing  ducted  propel- 
lers, consist  basically  of  three  types: 

1 . Deflected  slipstream 

2.  Tilt  wing 

3.  Combination  tilt  wing -deflected  slipstream 

These  configurations  differ  in  detail,  but  each  employs  interacting  wing  and  thrust  systems.  In 
treating  such  configurations  in  the  low-speed,  high-power  flight  regime  we  must  abandon  the 
familiar  distinction  between  lifting  and  thrusting  systems  and  combine  them. 

Several  factors  dealing  with  propeller  slipstream  flow  over  a wing  are  of  special  significance.  The 
local  angles  of  attack  of  a propeller-wing  combination  in  transition  are  determined  by  vector 
addition  of  the  free-stream  and  propeller  slipstream  velocities.  The  propeller  slipstream  is  a strong 
factor  in  reducing  the  local  angles  of  attack  and  thereby  minimizing  the  tendency  of  wing  stall. 
Stalls  may  occur  even  in  the  presence  of  the  slipstream  if  the  slipstream  velocity  is  low. 

Since  the  velocity  of  the  slipstream  relative  to  that  of  the  free  stream  is  increased  by  increased 
disk  loading,  stalling  tendencies  are  decreased  by  increasing  the  propeller  disk  loading.  Wing  stall 
can  be  avoided  entirely  by  immersing  the  entire  wing  in  the  propeller  slipstream,  provided 
sufficient  thrust  is  generated  by  the  propellers. 

Experimental  studies  have  been  conducted  to  determine  the  spanwise  distribution  of  the  lift 
increase  due  to  the  slipstream  at  different  angles  of  attack  with  various  free-stream-to-slipstream 
velocity  ratios.  The  results  of  these  tests,  reported  in  reference  7,  indicate  that  the  lift  increment 
due  to  the  passage  of  a slipstream  over  a wing  consists  of  two  parts: 

1.  A direct  lift  gain  which  can  be  accurately  predicted  by  potential  flow  theory. 

2.  A lift  increment  due  to  a “destalling”  or  boundary-layer-  control  effect.  This 
“destalling”  effect  extends  to  portions  of  the  wing  outside  the  propeller  slipstream  and 
improves  the  wing  stalling  behavior. 

The  results  also  indicate  that  the  limits  of  the  direct  slipstream  influence  are  sharply  defined  and 
do  not  vary  with  wing  angle  of.  attack  and  slipstream  strength. 
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Both  references  7 and  6i  indicate  that  the  rotation  of  the  propeller  slipstream  causes  an  upwash 
over  the  wing  behind  the  upward  moving  blade.  This  area  will  generally  be  the  first  to  stall  on  a 
wing  that  is  fully  immersed  in  propeller  slipstreams.  The  effect  of  propeller  rotation  on 
maximum  lift  w.as  investigated  in  reference  20,  wherein  it  is  concluded  that  slightly  larger  values 
of  maximum  lift  can  be  generated  when  propellers  rotate  with  the  inboard  tips  moving  up.  This 
lift  increase  is  attributed  to  a reduction  in  tip  losses  resulting  from  the  propeller  rotating  in  such 
a manner  as  to  oppose  the  wing-tip  vortex  and  to  the  fact  that  the  upwash  behind  the  upward 
moving  blade  is  not  entirely  cancelled  by  the  downflow  at  the  wing  tip. 

Propeller-wing  combinations  in  the  transition  region  do  not  lend  themselves  to  theoretical 
analysis.  The  Datcom  methods  for  the  prediction  of  lift  and  drag  forces  at  forward  speed  with 
power  on  comprise  semiempirical  expressions  from  reference  52.  These  methods  employ  momen- 
tum theory  as  a starting  point.  They  are  based  on  power-off  data  and  a correlation  of 
slipstream-deflection  data  at  zero  forward  speed.  The  correlation  of  slipstream-deflection  data  is 
based  on  numerous  static  investigations  of  a limited  number  of  wing-flap  systems.  Effects  of 
various  parameters  on  the  slipstream-deflection  characteristics  are  summarized  in  reference  52. 

The  methods  are  applicable  only  in  the  unstalled  flight  regime.  Comparison  of  experimental 
results  with  calculations  made  using  the  Datcom  methods  indicate  that,  in  general,  the  estimation 
procedures  give  reasonably  good  results  for  steady  level  flight  and  for  climbing  flight.  Through 
judicious  use  of  the  Datcom  methods  the  lift  and  drag  forces  can  be  estimated  for  deflected- 
slipstream  tilt-wing,  and  combination  tilt-wing- deflected-slipstream  configurations.  At  the 
present  time  there  are  no  methods  available  for  the  prediction  of  the  pitching  moment  of  a 
propeller-wing  configuration  in  the  transition  flight  regime. 


Numerous  static  and  forward  speed  investigations  have  been  conducted  on  propeller-driven 
V/STOL  configurations.  However,  the  number  of  specific  designs  tested  has  been  so  limited  that 
the  substantiation  of  any  semiempirical  method  developed  for  the  prediction  of  forces  and 
moments  has  not  been  possible.  Furthermore,  excessive  wind-tunnel  wall  effects  during  simulated 
low-speed,  high-power  flight  conditions  invalidate  many  investigations. 

A comprehensive  tabulation  of  pertinent  propeller-wing  experimental  data  is  presented  as  table 
9.2-A,  This  table  provides  a brief  outline  of  the  test  data  contained  in  each  report  and  indicates 
the  basic  parametric  changes  made.  Additional  reports,  dealing  with  complete  configurations,  can 
be  found  in  the  VTOL-STOL  summary  table  of  Section  9. 

A general  notation  list  is  included  in  this  section  for  all  propeller-wing  combination  sections. 
Coefficients  are  based  on  the  dynamic  pressure  in  the  propeller  slipstream  unless  otherwise 
noted,  The  conversion  from  coefficients  based  on  siipstream  dynamic  pressure  to  coefficients 
based  on  free-stream  dynamic  pressure  is  presented  at  the  end  of  the  notation  list. 

The  positive  direction  of  forces  and  angles  is  shown  in  figure  9.2-9. 
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NOTATION 


c average  wing  chord,  ft 


ACd  zero-lift  drag  increment  due  to  flap  deflection  based  on  free-stream  velocity 
CDf  power-off  zero-lift  drag  coefficient  bailed  on  free-stream  velocity 


CL  power-off  drag  coefficient  based  on  free-stream  velocity, ~ 

uo  q S 


cf  average  flap  chord,  ft 


CP  negative-drag  coefficient  based  on  free-stream  velocity, 


CP  " negative-drag  coefficient  based  on  slipstream  velocity, 
rx  q S 


C,  power-off  lift  coefficient  based  on  free-stream  velocity 

•a 


’ q s 


lift  coefficient  based  on  slipstream  velocity,  — — 

q S 

propeller  diameter,  ft 
span  efficiency  factor 
resultant  force,  ib 


horizontal  force,  lb 


— thrust-recovery  factor 


iw  wing  incidence  measured  between  thrust  axis  and  wing  chord  plane,  deg 


J advance  ratio, 


K number  of  propellers 
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L lift,  lb 

q free-stream  dynamic  pressure,  lb/sq  ft 


q"  slipstream  dynamic  pressure,  q^  + — , lb/sq  ft 

SP 

S wing  area,  sq  ft 

ff  , 

Sp  propeller  disk  area,  D , sq  ft 


thrust  per  propeller  or  total  thrust  when  used  in  thrust-recovery  factor,  lb 


propeller  thrust  coefficient  based  on  free-stream  velocity  and  wing  area, 


KT 

q s 

no© 


propeller  thrust  coefficient  based  on  slipstream  velocity  and  propeller  disk  area,  — 


q sc 


a angle  of  attack  measured  between  free  stream  and  thrust  axis,  deg 
6 flap  deflection,  deg 

Se  equivalent  flap  defection  due  to  wing  camber  and  incidence,  deg 

6 slipstream  turning  angle  measured  from  thrust  axis,  deg 

slipstream  turning  angle  adjusted  to  the  condition  of  zero  camber  and  zero  incidence,  deg 

A0  increment  of  slipstream  turning  angle  due  to  wing  camber  and  incidence,  deg 
Conversion  between  systems: 

(Unprimed  coefficients  are  based  on  free-stream  dynamic  pressure.) 

-C„ 


-C 

'-'F 

x 


C°  I — T " 


ff  

Fx  , ’ s 

1 + T 

c KS„ 


V KS 

T = — - 

0 1 - T ” S 


C = 

L j _ j . 


= q"(l  — Tc") 


c" 


1 + T 


KS„ 


T ft 
C 


KS_ 


Tc  + 
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TABU  P-2-A  KOKTOt 


9.2.1  PROPELLER-WING-FLAP  LIFT  VARIATION 
WITH  POWER  AND  ANGLE  OF  ATTACK 

The  methods  for  calculating  power-on  lift  and  drag  forces  of  tilt-wing  and  deflected- 
slipstream  configurations  are  those  developed  by  Kuhn  in  reference  1.  The  methods 
treat  the  flow  system  of  a propeller-wing-flap  configuration  as  two  separate  mass 
flows,  each  deflected  through  a different  angle  by  the  wing.  The  two  mass  flows  are 

(1)  the  .nass  flow  deflected  downward  by  the  wing  through  small  to  moderate  angles  and 

(2)  the  mass  flow  in  slipstreams  created  by  the  action  of  the  propellers  and  deflected 
downward  through  large  angles  by  either  tilting  the  thrust  axis  or  deflecting  the 
flaps.  These  flov  systems  are  illustrated  in  sketch  (a). 


SKETCH  (a) 

The  forces  generated  in  deflection  of  these  mass  flows  are  the  familiar  lift,  induced 
drag,  and  profile  drag  of  a wing  in  a free  stream;  the  propeller  thrust  which  acceler- 
ates the  propeller  slipstream;  and  a force  which  accounts  for  deflection  of  the 
propeller  slipstream  by  the  wing.  Kuhn  has  analyzed  the  forces  arising  from  the 
deflection  of  each  mass  flow  separately  and  combined  them  to  arrive  at  a semiempiricel 
method  based  on  simple  momentum  theory  to  estimate  the  lift  and  drag  forces  of  pro- 
peller-wing-flfcp  configurations.  The  method  USCS  Gwt.  tic  slipstream  deflection  data 
and  power-off  wing-flap  data  as  the  basis  for  the  calculations. 

Kuhn  develops  expressions  for  both  the  lift  and  drag  forces  in  cruising  and  high-speed 
flight  by  neglecting  the  forces  due  to  the  propeller  slipstream  and  treating  the 
deflection  of  the  mass  flow  affected  by  the  wing  within  the  assumption  of  simple 
momentum  thoery.  Using  this  assumption  at  very  low  cruising  speeds  requires  that 
the  stream  tube  be  deflected  through  large  angles  with  a minimum  loss  in  order-  to 
produce  enough  lift  to  support  the  airplane.  Although  the  validity  of  extrapolation 
of  simple  momentum  theory  to  large  angles  appears  to  be  a rather  gross  assumption, 
the  theory  gives  reasonable  results  an  long  as  stall  can  be  avoided. 

At  zero  forward  speed,  only  the  propeller  slipstreams  are  available  to  produce  thrust 
and  lift.  At  this  end  of  the  speed  range  Kuhn  develops  expressions  fox;  the  lift  and 
drag  forces  from  available  static  experimental  data  on  the  effectiveness  of  wing-flap 
systems  in  deflecting  propeller  slipstreams.  These  expressions  are  presented  in  terms 
of  propeller  thrust,  slipstream  characteristics,  and  the  turning  effectiveness  para- 
meters 0 and  £.  The  slipstream  characteristics  are  obtained  using  simple  momentum 

theory  as  applied  to  propellers. 
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At  transition  speeds  both  flow  regions  art  considered.  The  resulting  expressions 
approach  the  power-off  wing  expressions  as  velocity  is  increased  and  thrust,  reduced 
to  zero,  and  approach  the  zero-forward-speed  expressions  as  the  speed  is  reduced  to 
zero.  The  method  thus  provides  a logical  means  of  interpolating  between  these  end 
points . 

In  treating  the  flow  in  the  two  systems,  the  fact  that  the  propeller  slipstreams 
occupy  space  within  the  large  wing  stream  tube  is  compensated  for  by  assuming  the 
propeller  slipstream  to  be  fully  contracted  at  the  wing  and  that  the  contraction  does 
not  alter  the  diameter  of  the  stream  tube  affected  by  the  wing. 

To  determine  the  velocity  increments  necessary  to  calculate  momentum  changes,  Kuhn 
assumes  that  the  propeller  slipstreams  are  deflected  through  the  turning  angle  6 
obtained  at  zero  forward  speed,  that  the  stream  tube  affected  by  the  wing  is  deflected 
through  the  downwash  angle  t obtained  under  power-off  conditions,  and  that  both  0 
and  « remain  constant  with  changes  in  speed  and  power. 

In  order  to  apply  the  Datcom  methods,  it  is  necessary  to  have  experimental  results 
for  or  to  be  able  to  estimate  power-off  lift  and  drag-force  characteristics  of  the 
wing,  as  well  as  slipstream  deflection  characteristics  of  the  propeller-wing- flap 
configuration  at  zero  forward  speed.  The  slipstream  deflection  characteristics  for 
a given  propeller-wing-flap  configuration  require  experimental  static-thrust  data, 
which  will  more  than  likely  not  be  available  during  the  preliminary  design  phase. 
Therefore  design  charts,  taken  from  reference  1,  for  the  slipstream  deflection 
characteristics  are  provided. 

The  method  presented  in  this  Section  is  for  estimation  of  the  lift  of  propeller-wing- 
flap  configurations  at  combined  forward  speed  and  power-on  conditions.  The  method 
is  applicable  only  in  the  unstalled  region  of  flight, 

DATCOM  METHOD 

The  lift  of  a propeller-wing-flap  configuration  at  combined  forward  speed  and  power-on 
conditions  is  given  in  reference  1 as 

CL"  » (1  - Tc")  + | Tc"  ^ sin  (0  + a)  [ 1 + 1.6  (1  - Tc")l/2  j 9.2. 1-a 

where  a3.i  the  parameters  are  defined  in  this  general  notation  list  of  Section  9-2.  The 
coefficients,  except  for  Cx^j  are  based  on  the  dynamic  pressure  in  the  propeller  slip- 
stream, and  the  positive  direction  of  forces  and  angles  is  shown  in  Figure  9.2-6. 

The  first  term  of  equation  9. 2. 1-a  represents  the  power-off  lift  contribution.  The 
last  term  represents  both  the  direct  propeller  thrust  contribution  and  the  lift 
augmentation  of  the  wing  due  to  the  propeller  slipstream.  The  significance  of  these 
terms  is  illustrated  in  sketch  (b) . 
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Lift  augmentation 


1.6-£  r _2sin<£  + a)(l  - 
T c S 


Direct  thrust  contribution 
F/T  T"  KS  /S  sin  (8  * a) 

C p 


r>H 

c 


SKETCH  (b) 


The  procedure  to  be  followed  in  evaluating  equation  9-2. 1-a  is  outlined  in  the 
following  steps . 

Step  1.  Determine  the  slipstream  turning  angle  0 by 

0 - 0f  + £0  9*2. 1-b 


where 

0^  is  the  slipstream  turning  angle  under  conditions  of  zero 
incidence  and  zero  camber 

£6  is  the  slipstream  turning-angle  increment  due  to  wing  camber 
and  incidence  between  the  wing-chord  plane  and  the  thrust 
axis 

0f  is  obtained  by 


A 

where  is  obtained  from  figure  9-2.1-l8a  as  a function  of  the  ratio  of 
o 

the  total  extended  flap  chord  to  the  propeller  diameter  !Z£,  and  6 is 
the  total  flap  deflection.  For  a multiple -flapped  configuration  the  total 
flap  deflection  is  the  sum  of  the  flap  deflection  of  each  individual  flap. 

£0  is  obtained  by 

££  « | 6e  9.2.1-d 

where  4 is  obtained  from  Figure  9.2.1-18®  as  a function  of  the  ratio 

^ (* 
of  the  wing  chord  to  the  propeller  diameter  and  6e  is  an  equivalent 

flap  deflection  angle  defined  as  the  angle  between  the  thrust  axis  and  the 

mean  camber  line  at  the  wing  trailing  edge  (see  sketch  (c)). 
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Mean  camber  line 


Thrust  axis 


SKETCH  <c> 


In  using  this  procedure  to  determine  the  slipstream  turning  angle,  it  is 
necessary  that  the  value  be  obtained  over  the  linear  part  of  the  curve  of 
variation  of  turning  angle  with  flap  deflection. 

In  order  to  define  the  region  of  linearity  for  a given  flap  configuration, 
a curve  of  the  variation  of  the  maximum  turning  angle  0max  with  the  ratio 

of  the  total  flap  chord  to  the  propeller  diameter  is  given  as  figure 

9.2.1-l8b.  A comparison  of  Figures  9*2.1-l8a  an,i  9*2.1-l8b  indicates  that 
the  slope  - is  dependent  only  on  the  total  flap  chord;  whereas  the  maximum 
turning  angle  is  dependent  upon  both  the  total  flap  chord  and  the  type  of 

flap.  The  slope  ^ will  become  nonlinear  as  ©max  a given  flap  con- 

figuration is  approached.  For  the  purpose  of  the  Datcom  the  range  of  the 
linear  variation  of  6 with  6 is  defined  as 


Step  2.  Determine  the  thrust-recovery  factor  ^ from  figure  9.2.1-19  as  a function 

of  the  turning  angle  6 (obtained  in  Step  l),  the  flap  configuration,  and 
the  propeller  arrangement. 


Step  3.  Determine  the  power-off  lift  coefficient  C^. 

A wing  which  is  stalled  in  the  power-off  condition  would  frequently  be 
unstalled  at  some  moderate  to  high  propeller  thrust  coefficient.  In  order 
to  estimate  the  power-on  data  in  this  region,  it  is  necessary  to  use  the 
lift  values  that  would  exist  if  the  wing  were  unstalled  In  the  power-off 
condition.  Where  possible,  experimental  power-off  data  should  be  used  and 
extrapolated  for  this  purpose.  Under  these  conditions  the  power-off  lift 
coefficient  can  be  estimated  by 

CLq  >=  Ci^  57-3  sin  (a  - a*,)  9.2.1-e 


where  i-3  the  extrapolated  power-off  lift-curve  slope  of  the  wing-flap 

configuration,  per  degree,  and  aQ  is  the  extrapolated  power-off  zero-lift 
angle  of  attack. 
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I 


If  power-off  data  for  the  given  configuration  are  not  available  or  if  the 
power-off  data  do  not  exhibit  any  region  of  unstalled  flow,  the  following 
procedure  can  be  used: 

i 

(a)  Determine  the  unflapped  wing  zero-lift  angle  of  attack  from 
Section  U. 1.3.1. 

(b)  Determine  the  wing-flap  incremental  lift  from  Section  6. 1.4.1. 

(c)  Determine  the  power-off  lift-curve  slope  of  the  flapped  wing 
from  Section  6.I.U.2. 

(d)  Using  the  parameters  determined  in  (a),  (b),  and  (c)  construct 
the  power-off  lift  curve  of  the  flapped  wing  to  obtain  Oq. 

(e)  The  power-off  lift  coefficient  of  the  flapped  wing  at  angle  of 
attack  is  then  obtained  using  equation  9.2.1-e. 

Step  U.  The  propeller  thrust  coefficient  Tc"  will  usually  be  specified;  however, 
if  necessary  this  parameter  can  be  estimated  using  the  method  of  Section 

9.1.1.  (Note  that  TCq  , - TCq  . . and  T"  = 

V =9-2.1  =9.1.1  s c Tert  . , + K / 

Step  5.  The  lift  coefficient  is  then  obtained  from  equation  9.2.1-a. 

The  sample  problems  illustrate  the  use  of  the  Datcom  method  in  estimating  the  lift 
coefficients  of  both  deflected-slipstream  and  tilt-wing  configurations. 

Comparison  of  experimental  data,  in  the  unstalled  flight  regime,  with  calculations 
made  using  the  Datcom  method  is  presented  for  deflected-slipstream  and  tilt-wing 
configurations  in  Table  9.2.1-A. 

Samp/e  P rob  1 9ms 

1.  Deflected-Slipstream  Configuration 

Given:  A propeller-wing-flap  deflected-slipstream  configuration  of  reference  2. 
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Wing  Characteristics 
S * 10.96  sq  ft 


A = 7 .66 


NACA  4415  airfoil  section 


iw  = 0°  c « 1.2  ft  (flap  retracted)  c «=  1.68  ft  (Fowler  flap  extended) 

Flap  .Characteristics 

Ftowler  flap  — ■ 0.286  (flap  extended)  6 * 50° 

c 

Propeller  Characteristics 

K - 4 (2  propellers  per  semispan,  no  overlap)  D » 2.0  ft 
Sp  - 3-14  sq  ft 
Additional  Characteristics 
Tc"  - 0.90  6e  - 7.4° 

Compute: 

Step  1.  Determine  the  slipstream  turning  angle  6. 


r cf  C , / 1.68  \ 

"D  * T B “ (0-28b)  \2A~) 

- 0.24 


O 

a 


0.50  (figure  9.2.1-18*  at  ^ - 0.24) 


0-  - - 8 ■ (0,50)(50)  (equation  9-2. 1-c) 


25 


Assuming  the  wing  to  he  a large-chord  flap 

£ - Id.  - o.6o 

D 2.0 

® « 0.803  (figure  9.2.1-l8a  at  ~ - 0.6) 

6 u 

60  - - Be  - (0.803)(7.4)  (equation  9.2.1-d) 

- 5.94 

G * + 60  « 25  + 5.94  (equation  9.2.1-b) 


9 


Determine  if  the 


9 

6 


value  for  this  wing-flap  configuration  is  in  the  linear  range. 


9raax  ■ 26-5°  (figure  9.2.1-l8b  at  ^ = 0.2^) 


2*>  i - 

q * rrr  * 0.9**3  which  is  within  the  range  of  the  linear  variation 
max  0,5  of  6 with  6 as  defined  by  the  Datcom. 

Step  2.  Determine  the  thrust -recovery 

T 

| - 0.96  (figure  9.2.1-19) 


Step  3. 


Determine  the  power-off  lift  coefficient 


<V 


The  experimental  power-off  lift  curve  is  extrapolated  to  obtain 


a,,  - -20° 

- 0.145  per  deg 

The  lift  curve  that  would  exist  if  the 
wing  were  unstalled  in  the  power-off 
condition  is  estimated  by 

3 ^1^  57.3  sin  (a  - Oq)  (equation  9-2. 1-e) 


a 

deg 

(cr  - Oq) 
deg 

sin  (a  - Q^) 

% 

-20 

0 

0 

0 

-10 

10 

0.1736 

1.442 

0 

20 

0.32*20 

2.842 

10 

30 

0.5000 

4.154 

20 

4C 

- 

0.6428 

5-31*! 

Solution: 

Cl"  » Ci^  (1  - Tc")  + | Tc"  -g*  sin  (0  + a)  [l  + 1.6(1  - Tc")l/2]( equation  9.2.1-a) 

• CLq  (1  - 0.9)  + (0.96K0.9)  '^0^96)^  8in  (°  + a)  (l  + 1.6(1  - O^)1^2] 

- 0.10  ♦ 1 .**91  Bln  (0  + a) 
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s 

• 

(e  + a) 

deg 


sin  (©  + a)  0.10  Cr  1.1*91  © 


0 

1.41*2 

2.842 

4.154 

5.341 


.in  Q) 


.1898 

.3574 

.5141 

.6553 

•7764 


0 

0.1442 

0.2842 

0.4154 

0.5341 


.2830 
.5329 
.7665 
• 9771 
.1576 


© «■  © 


0.2830 
0.6771 
1 .0507 
1.3925 
1.6917 


These  results  are  compared  with  experimental  data  in  table  9.2.1-A. 

2.  Deflected -Slipstream  Configuration 

Given:  A propeller-wing-flap  deflected- slipstream  configuration  of  reference  2. 


V* 


Wing  Characteristics 

S « 10.96  sq  ft  A - 7.66  MACA  4415  airfoil  section 

iu"0  c ■ 1.2  ft  (flaps  retracted) 

c - 1.68  ft  (sliding  flap  and  Fowler  flap  extended) 

Flap  Characteristics 
Combination  sliding  and  Fowler  flap 

— - O.566  (sliding  flap  and  Fouler  flap  extended;  effective  chord  of  sliding 
c flap  measured  to  flap  knee) 


^sliding  * 30c 
'Wler  “ 


6 * ^sliding  + bowler  K 600 


s 


Propeller  Characteristics 

K * U (2  propellers  per  semispan,  no  overlap)  D * 2.0  ft 
Sp  - 3-11*  sq  ft 
Additional  Characteristics 
Tc"  - 0.90  6e  - 7*1*0 
Compute : 

Step  1.  Determine  the  slipstream  turning  angle  6. 

3- (?)(«)■  (••*>(  I#) 

- 0.U75 

| - 0.72  (figure  9-2.1-l8a  at  ^ - O.U75) 
ef  “ § 6 “ (0-72)(6o)  (equation  9-2. 1-c) 


Assuming  the  wing  to  he  a large-chord  flap 

£ » « 0.60 

D 2.0 

| » 0.803  (figure  9.2.1-l8a  at  | - O.60) 

£&  • | 6„  (0.803)(7.U)  (equation  9.2.1-d) 
o c 

- 5.9U0 

0 ■ 9f  + £B  ■ U3.2  + 5*9^  (equation  9-2. 1-b) 

- 1*9.1^° 

0 

Determine  if  the  — value  for  this  wing-flap  configuration  is  in  the  linear  range, 
o 

emax  “ 53‘5°  (upper  curve  of  figure  9-2.1-l8b  at  ^ » 0.475) 


9f  _ 1*3^2  . Q 


807  which  is  within  the  range  of  linear  variation  ^jf  0 with 
6 as  defined  by  the  Datcom. 


Step  2.  Determine  the  thrust-recovery  factor  ~. 

| = 0.90  (figure  9.2.1-19) 

Step  3-  Determine  the  power-off  lift,  coefficient  C^* 

The  experimental  power-off  lift  curve  is  extrapolated  to  obtain 

Oq  = -35° 

Ct  = O.lSO  per  deg 

% 

The  lift  curve  that  would  exist  if 
the  wing  were  unstalled  in  the  power- 
off  condition  is  estimated  by 

CL_  * CL,  57.3  sin  (a  - crQ) 

(equation  9.2.1-e) 


CL"  = Ci^  (l  - Tc")  + ^ Tc"  sin  (9  + a)  1 1 + 1.6(1  - T^')1^2]  (equation  9.2.1-a) 
= (1  - 0.9)  + (0.90) (0.90)  sin  (®  + a)  |l  + 1.6(1  - 0.9)1/,2| 


= 0.10  + 1.3978  sin  (6  + a) 

© © 0 <£>  © © © 


a 

deg 

(e  + a) 
deg 

sin  (e  + a) 
sin  O 

0.10 

0.10  0 

1.3978  ® 

Cl" 

© + © 

-1*0 

-0.8990 

9.1** 

0.1588 

-0.0899 

0.2220 

0.1321 

-35 

0 

14.14 

0.2443 

0 

0.3415 

0.3415 

-20 

2.669^ 

29-14 

0.4869 

0.2669 

O.6806 

0.947 

-10 

■♦.3587  ' 

39-14 

0.6312 

0.4359 

0.8823 

1.318 

0 

5.9161 

49.14 

0.7563 

0.5916 

1.0571 

1.649 

10 

7.2930 

59-14 

O.8585 

0.7293 

1.2000 

1.929 

8.1*1*92 

69.14 

0.9344 

0.8449 

1.3061 

2.151 

These  results  are  compared  with  experimental  data  in  table  9.2.1-A. 


a 

deg 

a - a 
deg  0 

sin  (a  - aQ) 

\ 

-40 

-5 

-0.0872 

-O.899O 

-35 

0 

0 

0 

-20 

15 

0.2588 

2.6693 

-10 

25 

0.4226 

4.3587 

0 

35 

0.5736 

5.9161 

10 

45 

0.7071 

7.2930 

20 

55 

0.8192 

8.4492 

Solution: 
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3.  Ti]t-Wir.,<;  Komiguration 

Given:  The  propeller-wing  configuration  of  reference  5. 


Wing  Characteristics 

S * 11.0  sq  ft  A = 4 .89  iw  = 5°  NACA  4415  airfoil  section 

c = 1.5  ft 

Propeller  Characteristics 

K = 4 (2  propellers  per  semispan,  overlapped)  D » 2.0  ft 
Sp  ■ 3*14  sq  ft 
Additional  Characteristics 
Tc"  = O.69  6e  = 12.4° 

Compute : 

Step  1.  Determine  the  slipstream  turning  angle  0. 

9f  = 0 

§ - to  - °‘75 

^ = 0.89  (figure  9.2,l-l8a  at  ^ * O.75) 

*=  f 6e  = (0.89)(l2.4)  (equation  9.2.1-d) 

6 

■=  11.0° 

0 ■ 9f  + £6  (equation  9.2. 1-b) 

- 11.0° 
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ft 

k : 


Step  2.  Determine  the  thrust-recovery  factor  ;p 
{-1.0  (figure  9-2.1-19) 

Step  3*  Determine  the  power-off  lift  coefficient  C^. 

The  experimental  power-off  lift  curve  is  extrapolated  to  obtain 

ao  - -6.5° 


0.075  per  deg 


The  lift  curve  that  would  exist  if  the  wing 
were  unstalled  in  the  power-off  condition  is 
estimated  by 

CI0  * CIq  57.3  sin  (a  - aQ)  (equation  9.2.1- 


a 

deg 

(a  - aQ) 
deg 

sin  (a  - Oq) 

-10 

-3.5 

-0.06ll 

-0.2624 

-6.5 

0 

0 

0 

0 

6.5 

0.1132 

0.4865 

10 

16.5 

0.2840 

1.2205 

20 

26.5 

0.4462 

1.9175 

Solution: 

CL"  - Ct  (1  - Tc")  + | Tc"  ^ sin  (6  + a)  1 + 1.6(1  - Tc") 


1/2 


(equation  9.2.1-a 


Cl,  (1  - 0.69)  + (I.0K0.69)  Sin  (a  + a)  1 + 1. 6(1-0. 69) ^ 


0.31  Cr  + 1.4897  sin  (e  + a) 


f * 


© 

© 

<3>  v 

© 

© 

© 

© 

a 

(e  + a) 

sin  (0  + a) 

°.31  Ct 

0.31  <gP 

1.4897  © 

deg 

deg 

sin  (J) 

© + © 

-10 

-0.2624 

1.0 

0.0175 

-0.08l3 

0.0261 

-0.0552 

-6.5 

0 

4.5 

0.0785 

0 

O.II69 

0 . 1169 

0 

0.4865 

11.0 

0.1908 

0.1500 

0,2842 

0.4350 

10 

1.2205 

21.0 

0.3584 

0.3784 

0.5339 

0.9123 

20 

1.9175 

31.0 

0.5150 

0.5944 

0.7672 

1.3616 

These  results  are  compared  with  experimental  data  in  table  9.2.I-A. 
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TABLE  9.2. 1-A 

DATA  SUMMARY  AND  SUBSTANTIATION 
PROPELLER-WING-FLAP  LIFT  COEFFICIENT 


a 

r " 

cl" 

acl" 

Ref, 

Configuration  Characteristics 

Tc" 

deg 

K 

Calc 

Test 

(Calc -Test) 

2 

Deflected-slipstream  configuration 

-20 

0 

0.2520 

Brel 

-0.09 

Wing 

|fl 

-10 

1.442 

1.0514 

l&l 

-0.20 

S - 10.96  84  ft 

0 

2.842 

1.8195 

1.90 

-0.08 

A » 7 ,66 

10 

4.154 

2.5318 

2.41 

-0.12 

Airfoil:  KACA  4415 

-20 

0 

0.2330 

0.28 

0 

iw  - 0 

-10 

1.442 

0.6771 

0.71 

-0.03 

£ „ 0.60 

0 

2.842 

1.0507 

1.07 

-0.02 

D 

10 

4.154 

1.3925 

1.39 

0 

Se  “ 7.4° 

20 

5.341 

1.6917 

1.62 

0.07  ! 

Propeller 

0.95 

-20 

0. 

O.2693 

0.26 

0.01 

K - 4 (no  overlap) 

-10 

1.442 

0.5792 

0.59 

-0.01 

D - 2.0  ft 

0 

2.842 

O.8716 

0.87 

0 

flap 

10 

4.154 

1.1375 

1.14 

0 

Fowler  flap 

20 

5.341 

I.3687 

1.35 

0.02 

— - 0.24  (flap  extended) 

6-50° 

Additional 

^ " O.96 
e « 30.96° 

2 

Deflected-slipstream  configuration 

-40 

-0.8990 

-O.I62 

-0.20 

0.04 

Wing 

| 

-20 

2.6693 

1.674 

1.56 

0.11 

S - IO.96  sq  ft 

fl 

-10 

4.3587 

2.529 

2.21 

0.32 

A - 7.66 

EB9 

-40 

-0.8990 

0.132 

-0.05 

0.18 

Airfoil:  NACA  4415 

-20 

2.6693 

0.947 

0.91 

0.04 

iw  - 0 

-10 

4.3587 

1.318 

1.28 

0.04 

— - O.60 

0 

5.9161 

1.649 

1.56 

0.09 

D * 

10 

7.2930 

1.929 

1.71 

0.22 

6e  - 7.4° 

20 

8. 4492 

2.151 

1.70 

0.45 

Propeller 

0.95 

-40 

-0.8990 

0.166 

0.02 

0.15 

K = 4 (no  overlap) 

-20 

2.6693 

0.781 

0.68 

0.10 

D - 2.0  ft 

-10 

4.3587 

1.004 

1.0 

0 

Flap 

0 

5.9161 

1.302 

1.  >6 

0.04 

Sliding  + Fowler  flap 

10 

7.2930 

1.506 

1.46 

0.05 

cf 

20 

8.4492 

I.665 

1.53 

0.13 

■ 0.475  (flaps  extended) 

6 sliding  = 30° 

8 Fowler  * 30° 

30 

9.3476 

1.773 

1.48 

0.2Q 

Additional 

F 

| - 0.90 

0 = 49.14° 

TABLE  9.2.1-A  (CONTD) 


Ref. | Configuration  Characteristics 


Deflected-slipstream  configuration 
Wing 

S « 10.25  sq  ft 
A « 4.55 

Airfoil:  HACA  0015 
iw  - 0 

§ - 0.755 


ft*  - 0 
Propeller 
K - 2 

D - 2.0  ft 

nap 

Slotted  flap 

Y - 0.226 
6-60° 
Additional 

J -0.96 
e • 28.2° 


Deflected-slipstream  configuration  0.5 
Wing 

S • 10.25  aq  ft 
A - 4.55 

Airfoil:  HACA  0015 


10 

20 

30 

0.71  -20 


10 

20 

30 

0.91  -20 


0.71  -20 
-10 
0 
10 
20 

0.91  -20 


iw  - 0 
I - 0.755 
« 0 

Propeller 
K « 4 (overlapped) 

D - 2.0  ft 

nap 

TSro  plain  flaps  (60 -percent - 
chord  flap  and  30-percent- 
chord  flap) 

- 0.453 
860-30° 

630-20° 

Additional 
| - 0.94 


* Estimated  unstalled  pover-off  lift  coefficient 


3.4064 

-0.1600 

0.6380 

1.4165 

2.1522 

2.8224 

3.4064 

-0.1600 

0.6380 

1.4165 

2.1522 

2.8224 

3.4064 


'•43 

1.81 

.162 

1.482 

1.755 

0.43 

0.8l 

1.162 

1.482 

1.755 

0.43 

0.8l 

1.162 

1.482 

1.755 


cl" 

cL" 

Calc 

Test 

0.009 

0 

0.515 

0.50 

1.004 

1.075 

1.464 

1.575 

I.878 

1.775 

2.236 

- 

0.064 

0.10 

0.4a8 

0.47 

0.778 

0.95 

1.105 

1.24 

1.398 

1.375 

1.649 

- 

0.099 

0.12 

0.305 

0.325 

0.502 

0.55 

0.684 

0.75 

0.845 

0.875 

0.980 

0.895 

0.536 

0.655 

0.929 

0.93 

1.293 

1.30 

I.618 

1.52 

1.894 

1.65 

0.522 

0.600 

0.855 

1.07 

1.220 

1.23 

1.518 

1.565 

1.769 

1.515 

0.444 

0.420 

0.735 

0.70 

1.004 

0.935 

1.242 

1.175 

1.442 

1.38 

-0.12 

0 

-0.01 

0.10 

0.24 

-0.08 

-0.18 

-0.01 

-0.05 

0.25 

0.02 

0.04 

0.07 

0.07 

0.06 
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TABLE  9.2. 1-A  (CONTD) 


Configuration  Characteristics 


Test  (Calc-Test) 


Tilt-wing  configuration 
Wing 

S « 10.25  sq  ft 
A - 4.55 

Airfoil:  NACA  0015 


§ " 

6e  * 0 
Propeller 
K * 4 (overlapped) 
D * 2.0  ft 
Additional 
F 

£ - 1-0 


Tilt-wing  configuration 
Wing 

3 - 10.96  sq  ft 
A - 7.66 

Airfoil:  NACA  4415 

iu  « 0 


£-0.60 

Be  « 7.4° 
Propeller 

K = 4 (no  overlap) 
D **  2.0  ft 
Additional 

5-w 

9 - 5.94° 


10 

20 

30 

40 

0.95  -20 


♦Estimated  unatalled  power-off  lift  coefficient 


-0.6217 

0 

0.6217 

1.2248 

1.7906 

-0.6217 

0 

0.6217 

1.2248 

1.7906 


-0.538 

0 

0.538 

1.059 

1.548 

-0.461 

0 

0.461 

0.909 

1.329 

1.709 


0.08 

0.A2 

0.73 

1.00 

1.21 

1.27 


-1.102 

-0.7760 

_ 

- 

-0.4i8 

-0.2651 

- 

- 

0.279 

0.2548 

0.17 

0.08 

0.9676 

O.7669 

0.78 

-0.01 

1.627 

I.256 

1.23 

0.03 

2.237 

1.707 

1.44 

0.27 

-1.102 

-0 . 4865 

-0.56 

0.07 

-.418 

-0.1518 

-0.28 

0.13 

0.279 

0.1886 

0.08 

0.11 

O.9676 

0.5233 

0.45 

0.07 

1.627 

0.8421 

0.78 

0.06 

2.237 

1.135 

1.05 

0.09 

2.779 

1.394 

1.20 

0.19 

-1.102 

-0.4133 

- 

- 

-.418 

-0.1256 

- 

- 

0.279 

0.1669 

0.07 

0.10 

0.9676 

0.4543 

0.34 

0.11 

1.627 

0.7279 

0.59 

0.14 

2.237 

0.9796 

0.80 

0.18 

2.779 

1.201 

0.97 

0.23 
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total  flap-chord -PROPELLER-DIAMETER  RATIO 
OR 

TOTAL  WING-CHORD -PROPELLER-DIAMETER  RATIO 


I 

FIGURE  9 .2.1-18  VARIATION  OF  TURNING  ANGLE  WITH  THE  RATIO  OF  TOTAL  FLAP 


CHORD  TO  PROPELLER  DIAMETER  FOR  VARIOUS  CONFIGURATIONS 


9.2.1-18 


ONE  PROPELLER  PER  SEMISPAN 

TWO  PROPELLERS  PER  SEMISPAN,  OVERLAPPED 

TWO  PROPELLERS  PER  SEMISPAN,  NOT  OVERLAPPED 


THRUST  - 
RECOVERY 
FACTOR  0.6 
F/T 


TURNING  ANGLE,  6 ~ de* 

FIGURE  9.2.1-19  VARIATION  OF  THE  AVERAGE  THRUS+- 
RECOVERY  FACTOR  FOR  VARIOUS  FLAP 
AND  PROPELLER  CONFIGURATIONS 
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9.2.3  PROPELLER-WING-FLAP  DRAG  VARIATION 
WITH  POWER  AND  ANGLE  OF  ATTACK 

This  Section  presents  a method  for  estimating  the  drag  force  of  propeller-wing- 
flap  configurations  at  combined  forward  speed  and  power-on  conditions.  The  method 
is  applicable  only  in  the  unstalled  region  of  flight.  The  discussion  in  Section 
9.2.1  is  directly  applicable  to  this  Section,  and  the  reader  is  referred  to  that 
discussion  for  a general  description  of  the  fundamental  phenomena. 

DATCOM  METHOD 

The  negative  drag  force  of  a propeller-wing-flap  configuration  at  combined  forward 
speed  and  power-on  conditions  is  given  in  reference  1 as 

CFX"  " _cD^j  (1  - Tc")  + | Tc”  eos(9  + a) 

-1*6  £ Tc"  “s^  I1  - CO8(0  + <*)  J (1  - Tc")  9.2.3-a 

where  all  the  parameters  are  defined  in  the  general  notation  list  of  Section  9.2.  The 
coefficients,  except  for  CD  , are  based  on  the  dynamic  pressure  in  the  propeller  slip 

stream,  and  the  positive  direction  of  forces  and  angles  is  shown  in  Figure  9.2-Ow 

The  first  term  of  equation  9.2.3-a  represents  the  power-off  drag  contribution,  the 
second  term  represents  the  component  of  thrust  opposing  the  drag,  and  the  third 
term  represents  the  drag  resulting  from  the  lift  augmentation  due  to  the  propeller 
slipstream.  The  significance  of  these  terms  is  illustrated  in  sketch  (a). 


The  procedure  to  be  followed  in  evaluating  equation  9.2.3-a  is  outlined  in  the 
following  steps. 

Step  1.  Determine  the  slipstream  turning  angle  C as  in  Step  1 of  the  method 
outline  of  Section  9*2.1. 


9.2.3-1 


In  using  this  procedure  U let ermine  the  slipstream  turning  angle  It  Is 
necessary  that  the  value  be  obtained  over  the  linear  part  or  the  curve  of 
variation  of  turning  angle  with  flap  deflection.  The  range  of  linear 
variation  is  defined  in  Step  1 of  the  method  outline  of  Section  9 .2.1. 

F 

Step  2.  Determine  the  thrust -recovery  factor  - as  in  Step  2 of  the  method  outline 
of  Section  9*2.1. 


Step  3«  Determine  the  pover-off  drag  coefficient  Cp^. 

A ving  which  is  stalled  in  the  pover-off  condition  would  frequently  be 
unstalled  at  some  moderate  to  high  propeller  thrust  coefficient.  In  order 
to  estimate  the  pover-on  data  in  this  region,  it  is  necessary  to  use  the 
drag  values  that  would  exist  if  the  wing  were  unatalled  in  the  power-off 
condition.  Where  possible,  experimental  power-off  data  should  be  used  for 
this  purpose.  Under  these  conditions  the  power-off  drag  coefficient  can  be 
estimated  by 


9.2.3-b 


where 

Cq  is  the  power-off  zero-lift  drag  coefficient.  (For  the  purpose  of 
f the  Datcom  this  coefficient  is  taken  as  the  minimum  experimental 
power-off  drag  coefficient  in  order  to  simplify  the  definition  of 
the  drag  polar.) 

Cr  is  the  power-off  lift  coefficient  obtained  as  in  Step  3 of  the  method 
outline  of  Section  9*2.1 

e is  the  span  efficiency  factor  for  the  configuration-  For  the  purpose 
of  the  Datcom  e - O.85. 

If  power-off  data  for  the  given  configuration  are  not  available  or  if  power- 
off  test  data  do  not  exhibit  any  region  of  unstalled  flow,  the  following 
procedure  should  be  used: 

(a)  Determine  the  pover-off  lift  variation  and  c^,  as  in  Step  3 
of  the  method  outline  of  Section  9-2.1. 

(b)  Determine  the  power-off  zero-lift  drag  coefficient  for  the 
unflapped  wing  from  Section  k, 1.5.1. 

(c)  Determine  the  zero-lift  drag  increment  due  to  flap  deflection 
from  Section  6.1.7* 

then 

°Df  * ®®f(4. 1.5.1)  + (flCo)(6, 1.7)  9’2’3‘C 

(d)  The  power-off  drag  coefficient  of  the  flapped  wing  at  angle  of 
attack  is  then  obtained  from  equation  9.2.3-b. 


Step  4. 


The  propeller  thrust  coefficient  Tc"  will  usually  be  specified;  however, 
if  necessary  this  parameter  can  be  estimated  using  the  method  of  Section  9.1.1. 


( Rote  that  T_ 

' c9.2.1 


.1.1 


and  TCB 


T*9.1.J-  + K ' 


Step  5 • The  drag  force  coefficient  is  then  obtained  from  equation  9.2.3-a. 


The  sample  problems  illustrate  the  use  of  the  Datcom  method  in  estimating  the 
horizontal-force  coefficients  of  both  deflected-slipstream  and  tilt-wing  configurations. 

Comparison  of  experimental  data,  in  the  unstalled  flight  regime,  with  calculations  made 
using  the  Datcom  method  is  presented  for  deflected-slipstream  and  tilt-wing  configura- 
tions in  Table  9.2.3-A. 


SmmpU  Problem* 

1.  Deflected-Slipstream  Configuration 

Oiven:  A propeller-wlng-flap  deflected-slipstream  configuration  of  reference  2.  This 
is  the  same  configuration  as  that  of  sample  problem  1 of  Section  9.2.1.  The 
characteristics  are  repeated  below. 

Wing  Characteristics 

S - 10.96  sq  ft  A - 7 .66  HACA  M15  airfoil  section 

iy  “ 0 c - 1.2  ft  (flap  retracted)  c - 1.68  ft  (fowler  flap  extended) 

Flap  Characteristics 

Fowler  flap  — ■ 0.286  (flap  extended)  6 «■  50° 
c 

Propeller  Characteristics 

K » h (2  propellers  per  semi span,  no  overlap)  D » 2.0  ft 
Sp  ■ 3*1^  aq  ft 
Additional  Characteristics 
Te"  « 0.90  6e  - 7.U0 
Compute: 

Step  1.  Determine  the  slipstream  turning  angle  0. 

0 » 30.9**°  (sample  problem  1,  Section  9.2.1) 

Also  note  that  the  variation  of  0 with  & for  this  wing-flap  configuration 
was  shown  to  be  within  the  range  of  linear  variation  as  defined  by  the  Datcom. 


•AM 


y 

Step  2.  Determine  the  thrust -recovery  factor 

e 

- - 0.96  (sample  problem  1,  Section  9.2.l) 

Step  3.  Determine  the  power-off  drag  coefficient  Cn  . 

c 

The  power-off  drag  coefficient  is  obtained  using  the  experimental  zero-lift  drag 
coefficient,  and  the  power-off  lift  coefficient  at  angle  of  attack  as  determined 
in  sample  problem  1 of  Section  9.2.1. 


c 

Do 


Solution: 


Cdj.  = 0.19  (minimum  experimental  power-off 
drag  coefficient) 


The  drag  polar  that  would  exist  if  the  wing 
were  un stalled  in  the  power-off  condition  is 
estimated  by 

Cjk>2 

(equation  9.2.3-b) 


a 

deg 

CL 

0 

Problem  1 
9.2.1 

2s* 

xAe 

^0 

-20 

0 

0 

0.1900 

-10 

1.422 

0.1017 

O.2917 

0 

2.842 

0.3949 

0.5849 

10 

4.154 

0.8436 

1.0336 

20 

5.341 

1.3946 

1.5846 

F KSp 

V - -cDo  (1  - tc")  + rf  Tc”  -f-  cos(e  + a) 

F KSp  . , 1/2 

- 1.6  ^ Tc"  -g*  Jl  - cos(e  + a)  | (1  - Tc")  (equation  9.2.3- 

E * °'9)  + (0.96K0.9)  cos  (0  + a) 

-1.6  (096)  (0.9)  |l  - co«(e  + a)]  (1  - 0.9)1/2 

* -0.\0  Cpo  + 0.990  cos(e  +•  a)  -0.501  jl  - cos(e  + a)j 


9. 2.3-4 


r 


CD 

© 

© 

<S> 

© 

© 

0 

© 

a 

°D 

(8  ♦ a) 

cos(e  + a) 

0.990  © 

Cp  it 

f x _ 

deg 

0 

deg 

cos  0 

0.10  <D 

■HI 

-0  + © * 0 

-20 

0.1900 

10. 9* 

O.9618 

0.0190 

0.9720 

0.0091 

0.9439 

-10 

0.2917 

20.94 

0.93*10 

0.0292 

0.9247 

0.0331 

0.8624 

0 

0.5049 

30.9* 

0.0578 

0.0585 

0.0492 

0.0712 

0.7195 

10 

1.0336 

40.9* 

0.7555 

0.1034 

0.7479 

0.1225 

0.5220 

20 

1.5046 

50.94 

0.6302 

0.1585 

0.6239 

0.1053 

0.2001 

These  results  ere  coopered  with  experimental  date  in  table  9.2.3-A. 

2;  Deflected -Sllpstreaa  Configuration 

Given:  A propeller-wing-flap  deflected-slipstream  configuration  of  reference  2. 

This  is  the  sane  configuration  as  that  of  saaple  problem  2 of  Section  9.2.1. 
The  characteristics  are  repeated  below. 

Wing  Characteristics 

S - IO.96  sq  ft  A - 7.66  MCA  44l 5 airfoil  section 

W iy  ■ 0 c • 1.2  ft  (flaps  retracted)  c - 1.68  ft  (sliding  flap  and  Fowler 

flap  extended) 

Flap  Characteristics 

Cf 

~ ■ O.566  (sliding  flap  and  Fowler  flap  extended;  effective  chord  of 
sliding  flap  measured  to  flap  knee) 

6 * ^sliding  ♦ ^Fowler  * 600 
Propeller  Characteristics 

K - 4 (2  propellers  per  seal span,  no  overlap)  D • 2.0  ft 
Sp  • 3.14  sq  ft 
Additional  Characteristics 
Tc"  - 0.90  8e  - 7.4° 

Compute: 

Step  1.  Determine  the  sllpstreaa  turning  angle  6. 

8 » 49.14°  (saaple  problem  2,  Section  9*2. l)  Also  note  that  the  variation  of  6 
with  5 for  this  wing-flap  configuration  vas  shown  to  be  within  the  range  of 
linear  variation  as  defined  by  the  Datcom. 


^sliding  * 300 

w - 300 


9.2.S-5 


Step  2 . Determine  the  thrust -rt'.-jV ny  factor 

p 

— = 0.90  (satnple  pnobisan  Section  9.2.1) 

Step  3.  Determine  the  i>;»er-ol'f  drag  coefficient  Cn  • 

uc 

The  pover-off  drag  coefficient  is  obtained  using  the  experimental  zero-lift  drag 
coefficient,  and  the  ;,)over-off  lift  coefficient  at  angle  of  attack  determined  in 
sataple  problem  2 of  Section  9.2.1. 


Cof  ■ 0.14  (minimum  experimental  power-off 
drag  coefficient) 

The  drag  polar  that  would  exist  if  the  wing 
were  unstalled  in  the  power-off  condition  is 
estimated  by 

Cn  *»  Cn  + — — (equation  9.2.3-b) 

o f xAe 


a 

deg 

% 

Problem  2 
9.2.1 

5*! 

xAe 

CD 

0 

-Uo 

-O.899O 

0.0395 

0.1795 

-35 

0 

0 

0.1400 

-20 

2.6693 

0.3483 

0.4883 

-10 

4.3587 

0.9288 

1.0688 

0 

5.9161 

1.7111 

1.8511 

10 

7.2930 

2.6002 

2.7402 

20 

8.4492 

3.4900 

3.6301 

Solution: 


Cp  " 
"x 


”)  + ^ T„"  cos(e  + a) 


-%  (1  - V>  ■ T -c  S 

- 1.6  | Tc"  j 1 - co.Ce  + a)]  <1  - T,.")1^2 

(equation  9.2. 3-0) 

-CDq  (1  - 0.9)  + (0.90X0.90)  cos(e  + a) 

- 1.6  (0.90)(0.90)  [l  - cos(9  + a)]  (1  - 0.9)1/2 

-0.10  + 0.9282  cos(e  + at)  -0.^697  1 1 - cos(6  + a)| 


rV 

r - 
f • 

^ . • 

^1  i'i  * ■■ 
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. 1 

•'1 

’-1 

j 

i 


1 

i 

1 


A 
■ ^ 


•1 


i'T* 

0 

© 

© 

© 

© 

0 

© 

a 

deg 

C°o 

(0  a) 
deg 

cos(0  + 0) 
COS  (2) 

0.10  © 

0.9282  © 

O.Mfc-7 

I1*®! 

Cp" 

rx 

-©♦©-© 

-4o 

0.1795 

9.14 

0.9873 

0.018C 

0.9164 

0.0060 

0.8924 

-35 

0.1400 

14.14 

0.9697 

0.0140 

0.9001 

0.0142 

0.8719 

-20 

0.4883 

29.1* 

0.8734 

0.0488 

0.8107 

0.0595 

0.7024 

-10 

1.0688 

39-1^ 

0.7756 

O.IO69 

0.7199 

0.1054 

0.5076 

0 

1.8511 

49.1k 

0.6542 

0.1B51 

0.6072 

0.1624 

0.2597 

10 

2.?402 

59.14 

0.5129 

0.2740 

0.4761 

0.2288 

-0.0267 

20 

3.6301 

69.14 

0.3561 

0.3630 

0.3305 

0.3024 

-0.3349 

These  results  sire  compared  with  experiments!  data  In  table  9-2 -3-A 
3 • Tilt -Wing  Configuration 

Given:  The  propeller-wing  configuration  of  reference  5*  This  Is  the  same 
configuration  as  that  of  sanple  problem  3 of  Section  9.2.1.  The 
characteristics  are  repeated  below. 

Wing  Characteristics 

S - 11.0  sq  ft  A - 4.89  iy  - 5°  MCA  4415  airfoil  section 

c - 1.5  ft 

Propeller  Characteristics 

K » 4 (2  propellers  per  scad. span,  overlapped)  D ■ 2.0  ft 
Sp  - 3.1b  sq  ft 
Additional  Characteristics 
Tc"  - O.69  % - 12. 4° 

Compute: 

Step  1.  Determine  the  slipstream  turning  angle  0. 

0 - 11.0°  (sample  problem  3,  Section  9.2.1) 

Step  2.  Determine  the  thrust -recovery  factor 

j « 1.0  (sa^ile  problem  3,  Section  9.2.1) 

Step  3.  Determine  the  power-off  drag  coefficient  Cn 

o 

The  power-off  drag  coefficient  Is  obtained  using  the  experimental  rero-lift  drag 
coefficient,  and  the  power-off  lift  coefficient  at  angle  of  attack  determined  In 
sa^le  problem  3 of  Section  9.2.1. 
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- Estimated 
v yf*  . ! unstjlied 
^ I drag  polar 

. ; 

y~- Vl"0 1 

. ^i-r.Expenmeotal 

drag  polar 

Ref  5,'  " ' j ’ ' 

Wing  alone,; ! , 

propellers  off 


C[)f  - 0.035 

The  drag  polar  that  would  exist  if  the  wing 
were  unstalled  in  the  power-off  condition  is 
estimated  by 


°Df  + wAe 


(equation  9.2.3-b) 


Solution: 


C7  " - 
*x 


0.0350 


-Cdo  (l  ” Tc")  + ^ Tc"  £ cos(6  + a) 

- 16  f V "Jp  [l  - cos(©  + a)]  (1  - V’)1/2 


(equation  9. 2. 3 -a) 


* ”^D0  Cl  “ O.69)  + (l.O) (0.-69)  008  + ° ^ 

-(l.6)(l,o)(o.69)  [1  - cos(e  + a)]  (1  ••  o.69)] 

- -0.31  CDo  + 0.7879  coe(6  + a)  -0.7018  |l  - cos(©  + a)] 


(e  + a)|cos(e  + a) 
deg 


0.0403 

0.0350 

0.0531 

0.1491 

0.3166 


0.31  © 0.7879  © 


0.0125  0.7877  0.0001 
0.0109  0.7855  0.0022 
O.OI65  0.7734  0.0129 
0.0462  0.7356  0.0466 
O.O98I  0.6754  0.1002 


© + © -© 


These  results  are  compared  with  experimental  data  in  table  9.2.3-A, 
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♦Estimated  unstalled  pover-off  di*ag  coefficient 
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TABLE  9.2.3-A  (CONTD) 


Ref 

Configuration  Characteristics 

If 

TC 

a 

deg 

B 

Cp  " 
rx 

Calc 

Cp  " 
*x 

Test 

EB 

3 

Deflected-slipstream  configuration 

0.5 

-20 

0.1521 

0.212 

0.17 

0.04 

(See  reference  3>  table  9.2.1-A) 

-10 

0.1835 

0.171 

0.15 

0.02 

KJ 

0.3151 

0.062 

0.045 

0.02 

10 

0.5312 

-0.106 

-0.145 

0.04 

20 

0.8056 

-0.318 

-0.37 

0.05 

30 

1.1050 

-0-555 

-0.49 

-0.06 

0.71 

-20 

0.1521 

0.366 

0.285 

0.08 

-10 

O.I835 

0.326 

0.275 

0.05 

0 

0.3151 

0.23*4 

0.19 

0.04 

10 

0.5312 

0.097 

0.025 

0.07 

20 

0.8056 

-0.075 

-0.15 

0.07 

30 

1.1050 

-0.271 

-0.25 

-0.02 

0.91 

-20 

0.1521 

0.513 

0.425 

0.09 

-10 

0.1835 

O.I479 

0.40 

0.08 

0 

0.3151 

0.413 

0.345 

0.07 

10 

0.5312 

0.318 

0.23 

0.09 

20 

0.8051 

0.199 

0.08 

0.12 

BSE 

30 

1.1050 

0.061 

-0.02 

0.08 

D 

Deflected-slipstream  configuration 

0.5 

-20 

0.1652 

0.4571 

0.46 

0 

(See  reference  4,  table  9.2.1-A) 

-10 

0.20*40 

0.3638 

O.36 

0 

0 

0.2611 

0.2272 

0.23 

0 

ft--' 

10 

0.3308 

0.0532 

0.08 

-0.03 

20 

0.4035 

-0.1487 

-0.21 

0.06 

■ 

0.71 

-20 

0.1652 

0.7261 

0.72 

0.01 

-10 

0.20*40 

0.6232 

0.65 

-0.03 

■ 

0.2611 

0.4726 

0.50 

-0.03 

ft 

10 

0.3308 

0.2799 

0.275 

0 

20 

0.4035 

0. 053*4 

0.18 

-0.13 

■ 

0.91 

-20 

O.I652 

0.9910 

0.97 

0.02 

-10 

0.20*40 

0.8941 

0.885 

0.01 

• ft 

KJ 

0.2611 

0.7524 

0.76 

-0.01 

■ 

10 

0.3308 

0.5703 

0.60 

-0.03 

20 

0.*4035 

0.3545 

0.38 

-0.03 

*Est  lasted  unstalleu.  power-off  drag  coefficient 
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Ref 

Configuration  Characteristics 

V 

c 

a 

deg 

n * 

CD 

O 

II 

Cp 

Calc 

C j?  " 
rx 

Test 

11 

* X 

Calc -Test) 

4 

Tilt -wing  configuration 

0.5 

-10 

0.04181 

0.572 

0.57 

0 

(See  reference  4,  table  9*2. 1-A) 

0 

0.01 

0.508 

0.62 

-0.01 

10 

0.04181 

0.572 

0.58 

-0.01 

20 

0.1335 

0 . 467 

0.41 

0.06 

30 

0.2739 

0.301 

0.1 

0.20 

0.71 

-10 

0.04l8l 

0.333 

0.80 

0.03  ! 

0 

0.01 

0.867 

0.82 

0.05 

20 

0.1335 

0.734 

0.b6 

0.07 

30 

0.2739 

0.574 

0.42 

0.15 

4o 

0.4461 

0.362 

0.14 

6.22 

0.91 

-10 

0.04l8l 

1.086 

1.08 

0.01 

0 

0.01 

1.114 

I.08 

0.03 

10 

0.04181 

1.086 

I.05 

0.04 

20 

0.1335 

1.004 

0.94 

0.06 

30 

0.2739 

O.869 

0.76 

0.11 

40 

0.4461 

O.689 

0.55 

0.14 

0.6294 

0.469 

0.32 

0.15 

2 

Tilt-wing  configuration 

6.6 

-20 

0.079** 

O.6145 

(See  reference  2,  Table  9.2.1-A) 

-10 

0.0285 

0.6727 

0.56 

0.11 

0 

0.0238 

0.6706 

0.57 

0,10 

10 

O.0658 

0.6080 

0.46 

0.15 

20 

0.1494 

0.4885 

0.21 

0.28 

30 

0.2647 

0.3183 

-0.11 

0.43 

0.9 

-20 

0.079** 

0.9770 

O.76 

0.22 

-10 

0.0285 

1.0247 

0.86 

0.16 

0 

0.0238 

1.0206 

0.92 

0.10 

10 

0.0658 

0.9650 

0.86 

0.11 

20 

0.1494 

0.8601 

0.71 

0.15 

30 

0.2647 

O.7092 

0.50 

0.21 

4o 

0.3976 

0.5185 

0.26 

0.26 

0.95 

-20 

0.079** 

1.0405 

«- 

- 

-10 

0.0285 

I.O836 

• 

- 

0 

0.0238 

1.0795 

0.93 

0.15 

10 

0.0658 

1.0285 

0.88 

0.15 

20 

0.1494 

0.9324 

0.79 

| 0.14 

30 

0.2647 

0.7940 

0.65 

0.14 

40 

0.3976 

O.6186 

0.46 

0.16 

♦Estimated  unatalled  power-off  drag  coefficient 
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TAtLE  9.2.3-A  (CONTD) 


Ref 

Configuration  Characteristics 

B 

i 

H 

V 

Calc 

<v 

Test 

**x" 

(Calc -Test) 

5 

Tilt -wing  configuration 

-10 

0.0403 

0.539 

0.54 

0 

(See  reference  5,  table  9.2.1-A) 

i 

0.0531 

0.510 

0.52 

-0.01 

10 

0.1491 

0.40 

0 

20 

0.3166 

0.225 

0.16 

0.06 

Ha 

-10 

0.OU03 

0.775 

0.75 

0.02 

8 

IK1 

0.0531 

0.744 

0.71 

0.03 

■ 

10 

0.1491 

0.643 

0.64 

0 

■ 

20 

0.3166 

0.477 

0.43 

0.05 

♦Estimated  unstalled  power-off  dreg  coefficient 


Av.  Error 


0.082 
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9.3  DUCTED-PROPELLER  CHARACTERISTICS 


The  estimation  of  ducted-propeller  aerodynamics  can  be  approached  in  three  phases,  each 
representing  a VTOL  aircraft  flight  regime.  These  are  static  operation  (hovering),  axial  flow 
(approximately  zero  duct  angle  of  attack  as  in  cruise  or  vertical  climb),  and  nonaxial  flow  (high 
duct  angles  of  attack  as  in  transition).  The  most  important  and  most  difficult  problem  is  the 
prediction  of  the  aerodynamic  characteristics  in  the  presence  of  strong  power  effects  at  high 
angles  of  attack  and  low  speeds  during  transition. 

The  methods  presented  in  this  section  are  for  predicting  forces  and  moments  on  isolated  ducted 
propellers  as  functions  of  power  and  angle  of  attack.  The  static  and  axial-flow  regimes  are  trivial, 
and  no  attempt  is  made  to  deal  with  the  characteristics  in  these  regimes.  It  is  virtually  impossible 
to  present  quantitative  information  on  the  effects  of  the  various  geometric  and  aerodynamic 
variables  involved  because  of  the  complexity  of  the  problem  and  the  general  lack  of  appropriate 
data.  However,  a qualitative  discussion  of  the  ducted-propeller  problem  is  given  with  primary 
emphasis  on  the  nonaxial  flow  regime. 

A ducted  propeller  consists  of  a propeller  enclosed  in  an  axially  symmetric  duct  as  shown  in 
figure  9.3-12.  The  purpose  of  the  duct  is  to  increase  the  thrust-generating  capability  of  the 
entire  unit  in  the  static  and  low  subsonic  speed  regimes  for  a given  propeller  diameter  and  power 
input.  If  the  chordwise  cross  section  of  the  duct  is  reasonably  faired,  the  unit  can  function  as  a 
ring  wing  as  well  as  a thrusting  propeller. 

Differing  from  flying  platforms  or  “flying  jeeps,”  ducted-propeller  units  are  typically  mounted 
on  the  tips  of  low-aspect-ratio  wings  with  the  capability  of  rotating  from  0 to  90  degrees.  Since 
much  of  the  ducted-propeller  work  has  been  the  application  to  particular  vehicle  designs,  the 
emphasis  has  been  on  propeller  design  and  development  of  auxiliary  devices  to  augment  thrust 
and  to  provide  control  moments.  This  work  is  thus  of  little  interest  here  because  the  lift  and 
pitching  moments  are  not  affected  significantly.  The  development  of  various  auxiliary  devices  is 
reported  in  reference  84,  and  additional  information  pertaining  to  experimental  investigations  is 
given  in  table  9.3-A. 

The  duct  complicates  the  problem  of  predicting  the  aerodynamic  characteristics  because  of  the 
strong  mutual  interference  effects  and  the  increased  number  of  geometric  variables.  A prelimi- 
nary list  of  geometric  variables  includes  duct  aspect  ratio,  duct  section  parameters  (thickness 
ratio,  camber,  leading-edge  radius,  etc.),  diffuser  angle,  propeller  activity  factor,  propeller  pitch 
setting,  propeller  solidity,  propeller  section  parameters  (twist,  camber,  taper,  thickness,  etc.), 
blad*.  tip  clearance,  center-body,  location  relative  to  the  duct,  center-body  shape,  ratio  of  hub 
diameter  to  propeOer  diameter,  and  propeller  location  within  the  duct.  Aside  from  this  seemingly 
endless  list  of  geometric  variables,  there  are  the  aerodynamic  variables  of  angle  of  attack, 
Reynolds  number,  advance  ratio,  and  Mach  number. 

The  ducted  propeller  in  the  nonaxial  flow  regime  has  received  very  little  theoretical  attention  in 
comparison  to  that  given  to  the  static  and  axial-flow  regimes.  The  theoretical  work  available  in 
the  literature  is  generally  classified  under  one  of  three  general  categories  of  analysis:  (1)  method 
of  singularities,  (2)  momentum  considerations,  and  (3)  methods  which  seek  to  avoid  the 
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mathematical  complexities  of  the  method  of  singularities  and  yet  yield  more  detailed  results  thiyi 
simple  momentum  theory.  The  method  of  singularities  is  relatively  complex,  and  almost  all 
solutions  in  the  literature  are  restricted  to  special  classes  of  duct  profiles.  The  method  involves 
replacing  the  annular  airfoil  by  a vortex  distribution  on  its  camber  line,  determining  the  axial 
and  radial  velocity  components  induced  by  this  vortex  distribution,  and  relating  these  velocity 
components  to  the  shape  of  vhe  airfoil  by  satisfying  the  potential  flow  streamline  condition.  Two 
approaches  to  the  pioblem  can  be  defined:  (1)  given  the  vortex  distribution,  find  the  correspond- 
ing shape  and  determine  its  aerodynamic  characteristics,  and  (2)  given  the  shape,  find  the 
corresponding  vortex  distribution,  from  which  the  aerodynamic  characteristics  can  be  deter- 
mined. In  either  case,  an  iteration  process  is  required  if  other  than  a first  approximation  is 
desired.  The  effects  of  geometric  parameters  and  propellers  are  induced  by  the  use  of  additional 
distributed  singularities.  The  theoretical  basis  on  which  the  method  of  singularities  rests  is 
developed  and  discussed  in  reference  57. 


An  approximate  theory  for  nonaxial  flow,  based  on  the  method  of  singularities,  is  developed  by 
Burggraf  in  teference  1.  Burggraf  represents  the  ducted  propeller  as  a short,  thin,  cylindrical  duct 
with  a uniformly  loaded  actuator  disk  across  its  exit  plane.  Each  section  of  the  duct  is  treated  as 
a thin  two-dimensional  airfoil,  and  solutions  are  obtained  by  means  of  conformal  transforma- 
tions. An  analysis  with  less  restricted  geometry  has  been  made  by  Kriebel  and  summarized  in 
reference  55.  Kriebel  treats  the  duct  as  a thin  cylinder  (but  not  necessarily  short)  and  represents 
the  propeller  as  a uniformly  loaded  actuator  disk  located  at  the  duct  inlet.  The  vorticity 
distribution  bound  to  the  duct  and  trailing  from  it  is  found  in  terms  of  a Fourier  series  by  the 
method  of  singularities.  The  results  are  obtained  by  solving  for  the  coefficients  of  the  Fourier 
series  representing  the  duct-bound  voriicity  distribution.  Both  Burggraf  and  Kriebtl  include  the 
nonaxial  flow  case  by  rssuming  the  vorticity  shed  by  both  the  actuator  disk  and  the  duct  to  be 
concentrated  on  a circular  cylinder  which  extends  axially  downstream,  even  at  angles  of  attack. 
Because  of  this  assumption,  the  exit  velocity  must  be  large  relative  to  the  cross-flow  component, 
of  the  free-stream  velocity,  i.e., 
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a restriction  which  requires  high  actuator  disk  loadings  at  high  angles  of  attack. 


Momentum  theory  in  itself  is  not  sufficient  to.  predict  the  performance  of  a ducted  propeller, 
since  the  relationships  between  thrust  and  power  are  in  terms  of  the  area  and  velocity  of  the 
final  wake.  At  the  present  time,  there  appears  to  be  no  available  way  of  relating  wake 
characteristics  to  duct  design  without  using  the  method  of  singularities.  To  avoid  this  difficulty 
some  assumption  must  be  made  which  relates  the  duct  exit  characteristics  to  the  final  wake.  T he 
most  common  assumption,  forming  what  is  generally  termed  “simple  momentum  theory,"  is  that 
the  final  wake  area  is  equal  to  the  duct  exit  area.  This  implies  that  the  exit  velocity  profile  is 
uniform  and  the  static  pressure  at  the  exit  is  cqua>  to  that  at  infinity.  The  nonaxial  flow  case  is 
generally  based  on  the  additional  assumption  that  the  internal  mass  flow  exits  parallel  to  the 
duct  axis,  an  assumption  which  is  valid  only  for  low  duct  aspect  ratios  and  high  exit-velocity 
ratios.  Examples  of  simple  momentum  theory  as  applied  to  nona.ual  flow  are  given  in  references 
85  and  58. 
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Moser  and  Livingston,  in  reference  70,  develop  semiempirical  expressions  for  the  aerodynamic 
characteristics  of  ducted  propellers  in  nonaxial  flow  by  adapting  blade  element  theory  and 
modifications  to  it  to  take  some  account  of  duct  influence.  This  method  is  shown  to  be 
reasonable  for  analyzing  ducted-propeller  characteristics  where  the  deflection  of  the  airstream  is 
relatively  small. 

Minassian,  in  reference  65,  treats  the  ducted  propeller  in  nonaxial  flow  as  a ring  wing.  He 
assumes  that  the  propeller  causes  the  internal  pressures  on  the  duct  to  cancel  one  another  and 
then  applies  two-dimensional  airfoil  characteristics  to  predict  normal-force  variation  with  angle  of 
attack.  This  work  is  restricted  to  'ough  approximations  at  low  angles  of  attack  and  high  advance 
ratios. 


Wind-tunnel  tests  cover  a wide  variety  of  ducted  propellers  in  the  nonaxial  flow  regime;  however, 
the  data  are  often  of  questionable  accuracy  because  of  wall-interference  effects  and  data 
accuracy  limitations  at  the  tunnel  speeds  required  to  simulate  low-speed  flight.  Testing  small 
models  in  an  effort  to  avoid  wall-interference  effects  has  not  proved  satisfactory  because  of  the 
errors  associated  with  low  Reynolds  numbers  and  balance-system  sensitivity.  The  uncertainties  of 
wind-tunnel  test  data,  coupled  with  the  geometric  and  aerodynamic  variables  involved,  preclude 
generalization  and  verification  of  any  valid  prediction  methods.  Although  a large  number  of 
experimental  investigations  have  been  conducted,  it  is  still  difficult  to  draw  any  general  conclu- 
sions pertaining  to  the  effects  of  geometric  or  aerodynamic  variations.  However,  the  results  that 
are  available  can  serve  at  least  to  give  a practical  orientation  to  some  aspects  of  the  ducted 
piopeller  problem.  Accordingly,  a qualitative  discussion  of  the  effects  of  a number  of  the 
important  variables  is  given. 


Duct  Landing-Edfp  Radius 

The  duct  leading-edge  radius  is  critical  in  that  it  must  be  large  enough  tc  prevent  inlet 
flow  separation  at  high  power  and/or  angle  of  attack  and  yet  not  so  large  as  to 
produce  an  excessive  drag  penalty  in  cruise  flight.  Leading-edge  lip  stall  reduces  lift  and 
pitching  moment  and  increases  the  power  required. 


Diffusar 

A properly  designed  diffuser  increases  the  diameter  of  the  fully  developed  stream  tube, 
thereby  increasing  the  static  thrust  and  efficiency  of  a given  ducted  propeller.  Tests  of 
two  unpowered  ducts  (reference  36)  in  nonaxial  flow  indicate  that  diffusion  of  the 
duct  afterbody  results  in  an  appreciable  increase  in  lift-curve  slope  end  maximum-lift 
stall  angle  of  attack.  Reference  36  also  indicates  that  diffusion  causes  the  center  of 
pressure  to  move  forward.  These  effects  can  be  attributed  to  the  increased  internal 
mass  flow  through  the  duct  resulting  from  increased  positive  circulation. 

Although  substantial  diffusion  may  be  beneficial  in  the  static  flow  regime,  it  can  lead 
to  internal  flow  separation  during  rsjentiaUy  axial  flow  with  an  attendant  drag 
increase. 
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Exit  Stators 


In  addition  to  providing  r . .-.^tural  tie  between  the  center  body  and  the  duct,  ex  it 
stators,  because  of  twist  and  camber,  also  serve  as  guide  vanes  to  eliminate  the 
slipstream  rotation  resulting  from  the  high  thrust  loading  of  the  ducted  propeller.  This 
flow  straightening  converts  the  rotational  kinetic  energy  to  pressure  and  increased  axial 
velocity.  If  flow  straightening  is  not  provided,  the  propeller  efficiency  is  severely 
reduced. 


Propeller  Twist 

The  effect  of  propeller  twist  on  static  performance  has  been  a source  of  controversy. 
The  results  repo:  ted  in  references  12  and  64  indicate  that  a relatively  flat,  untwisted 
blade  is  best  for  static  and  low-speed  operation,  because  of  the  better  match  with  the 
theoretical  ring  vortex  circulation  abrut  the  duct,  resulting  in  gains  in  static  efficiency. 
However,  these  reports  make  no  statement  regarding  blade  pitch  optimization,  and  it  is 
difficult  to  distinguish  between  the  effects  of  blade  twist  and  those  of  blade  pitch.  On 
the  other  hand,  the  results  reported  in  references  19  and  56,  which  did  use  blade  pitch 
optimization,  show  no  such  corresponding  improvement  and  indicate  that  blade  twist  is 
relatively  unimportant.  Moser  and  Liw  igston,  in  reference  70,  also  indicate  that  the 
effects  of  blade  twist  are  relatively  unimportant  except  at  the  highest  collective  pitch 
tested. 


Propeller  Tip  Clearance 

Ducted-propeller  efficiency  increases  with  decreasing  tip  clearance.  Excessive  tip  clear- 
ance will  aggravate  a condition  of  flow  reversal  that  occurs  on  the  duct  in  the  propeller 
plane  even  for  small  tip  clearances.  At  moderate  to  high  angles  of  attack,  the  flow 
reversal  condition  on  the  lower  inside  surface  of  the  duel  can  cause  premature  inlet  lip 
separation,  resulting  in  reductions  in  both  lift  and  pitching  moment  accompanied  by 
increased  power  requirements. 


Propeller  Position 

The  effect  of  propeller  position  on  ducted-nropeller  forces  and  moments  in  nonaxial 
flow  is  relatively  undefined.  Reference  19  indicates  that  at  a given  thrust  level,  moving 
the  propeller  forward  reduces  the  lift  and  pitching-moment  coefficients.  However,  data 
of  reference  57  indicate  that  forward  movement  of  the  propeller  plane  increases  the 
radial  variation  in  duct  velocity  distribution  (greater  velocities  near  the  duct),  which 
would  be  expected  to  increase  the  pitching  moments  in  nonaxial  flow. 

It  is  stated  in  reference  55  that  analytical  results  indicate  that  in  axia1’  flow  the 
pressure  jump  acting  upon  the  internal  duct  surface  downstream  of  the  propeller  plane 
is  maximum  when  the  propeller  plane  is  located  at  the  minimum  duct  internal 
cross-sectional  area.  For  this  location  of  the  propeller  in  axial  flow,  the  disk  area  and 
disk  thrust  are  minimum  for  a given  disk  loading,  and  the  duct-to-disk  thrust  ratio  and 
the  propulsive  efficiency  are  maximum. 
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Exit-Velocity  Ratio  and  Angle  of  Attack 


The  exit-velocity  ratio  and  angle  of  attack  d ermine  the  basic  flow  p,  .1  tor  a given 
ducted  propeller.  As  the  duct  angle  of  atta  is  increased  beyond  the  unpowered  stall 
angle,  the  exit-velocity  ratio  must  be  inc’  »sed  to  prevent  stalling  of  the  duct  lower 
leading  edge.  Because  of  the  predominant  of  power  effects  as  duct  angle  of  attack  is 
increased,  the  separation  that  occurs  on  tue  top  aft  portion  of  the  duct  usually  has  a 
minor  effect  on  force  and  moment  data. 

Reynolds  Number 

Reynolds-number  effects  are  of  extreme  importance  in  ducted-propeller  design  because 
of  the  low  airspeed  of  operation  and  the  short  streamwise  lengths  of  ducted-propeller 
elements.  The  separation  that  occurs  on  the  lower  inside  surface  of  the  duct  leading 
edge  at  high  angles  of  attack  and  low  exit-velocity  ratios  is  a low  Reynolds-number 
characteristic.  At  low  Reynolds  number,  laminar  flow  is  followed  by  separation  rather 
than  by  attached  turbulent  flow,  resulting  in  substantial  losses  in  both  lift  and  pitching 
moment  at  a given  power  setting. 

A comprehensive  tabulation  of  pertinent  ducted-propeller  experimental  data  in  the  nonaxial  flow 
regime  is  presented  as  table  9.3-A.  This  table  provides  a brief  outline  of  the  test  data  contained 
in  each  report  and  indicates  the  basic  parametric  changes.  Similar  tables  pertaining  to  the  static- 
and  axial-flow  regimes  are  given  in  reference  84.  It  should  be  recognized  that  the  ducted 
propeller  problem  cannot  be  satisfactorily  handled  by  treating  isolated  effects  with  all  other 
variables  fixed.  The  effect  of  a geometric  or  aerodynamic  variation  on  the  characteristics  of  a 
ducted  propeller  of  different  design  will  very  likely  be  quite  different  from  that  indicated  by  the 
test  results  of  available  reports. 

A general  notation  list  is  included  in  this  section  for  all  ducted  propeller  sections.  Figures 
9.3-12  and  9.3-13  illustrate  the  geometric  data  required  by  the  methods  of  these  sections. 
Figure  9.3-13  also  illustrates  the  positive  sense  of  forces,  moments,  and  angles. 


NOTATION 


Ad  duct  aspect  ratio,  — 

c 


c duct  chord,  ft 


-F. 


Cn  external  duct  drag  coefficient. 


9oo  Sd 


A 

CL  duct  negative-drag  coefficient,  - 

<*oo  SD 


Cp.  external  auct  negative-drag  coefficient, 

SD 


C,  duct  lift  coefficient,  — 

L q Sn 

M 

Cm  duct  pitching-moment  coefficient,  

m a Sr.  c 

noo  D 

dCB  duct  center-body  diameter  at  the  exit  plane,  ft 
de  duct  exit  diameter,  ft 

dp  propeller  diameter,  ft 

Fx  duct  negative-drag  force,  lb  ^Fx  = CF  q^  SDj 

V 

oo 

J advance  ratio,  — - — 

ndp 

L duct  lift  force,  lb  (L  = Cr  q ) 

Lf  OC  [j  ' 

M duct  pitching  moment,  ft-lb  (M  = Cm  q^  SD  c) 

, . „ slugs 

m.  duct  internal  mass  flow, 

1 sec 

N ducted -propeller  normal  force,  lb 

n propeller  rotational  speed,  rps 

lb 

q free-stream  dynamic  pressure,  — 

sq  tt 

Sp  duct  planform  area,  sq  ft  (SD  = de  c) 

T ducted-propeller  thrust,  lb 

T.  total  internal  thrust,  lb 

Tnet  t0tal  net  thrUSt-  ,b  <Tne,  = Ti  ~CDe  * « SD  > 
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V duct  exit  velocity,  

sec 

ft 

V.  velocity  increment  of  internal  mass  flow  due  to  power, 

1 sec 

V;  internal  mass-flow  velocity  with  power  off,  — — 

'o  sec 


V free-stream  velocity,  

sec 


exit-velocity  ratio 


x chordwise  distance  from  the  reference  center  to  the  unstalled  duct  center  of  pressure, 
positive  for  the  center  of  pressure  ahead  of  the  reference  center,  ft 

xcp  chordwise  distance  from  the  duct  leading  edge  to  the  center  of  pressure  of  the  unstalled 
duct,  positive  aft  of  the  duct  leading  edge,  ft 

xm  chordwise  distance  from  the  duct  leading  edge  tc  the  reference  center,  positive  aft  of  the 
duct  leading  edge,  ft 

aD  angle  of  attack  between  duct  axis  and  free-stream  direction,  deg 

5^  net  turning  angle  of  the  internal  flow  including  power  effects,  deg 

5r  turning  angle  of  the  internal  flow  with  power  off,  deg 
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9.3.1  DUCTED-PROPELLER  LIFT  VARIATION  WITH 
POWER  AND  ANGLE  OF  ATTACK 

The  primary  purpose  of  enclosing  a propeller  in  a duct  is  to  increa £>e  the  thrust- 
generating capability  in  the  static  and  low  subsonic  speed  regimes  for  a given 
propeller  diaamter  and  power  input.  Because  of  strong  mutual  interference  effects, 
the  ducted- propeller  aerodynamic  characteristics  are  vastly  different  from  those  of 
• free  propeller  and  an  annular  airfoil.  The  forces  and  moments  acting  on  a ducted 
propeller  may  be  considered  as  arising  from  the  propeller  forces,  the  duct  forces, 
and  the  mutual  interference  of  the  duct  and  propeller. 

As  a consequence  of  the  input  of  mechanical  energy  to  a propeller  delivering  positive 
thrust,  there  is  a pressure  rise  at  the  propeller  disk,  which  is  subsequently  trans- 
formed into  kinetic  energy  in  the  slipstream.  If  the  propeller  is  enclosed  within 
a fairing,  a further  velocity  Increment  is  produced  at  the  propeller,  which  must  be 
superimposed  on  the  propeller  flow.  If  this  velocity  increment  is  positive,  the  mass 
flow  and  consequently  the  total  thrust  are  increased.  This  Increase  in  force  acts  on 
the  duct,  and  its  magnitude  depends  upon  the  velocity  increment  due  to  the  duct  and 
the  propeller  loading.  In  addition,  the  mutual  interference  of  the  duct  and  pro- 
peller and  other  bodies  which  may  be  present  results  in  an  induced  circulation,  which 
may  either  increase  or  decrease  the  internal  mass  flow. 

The  Datcom  methods  presented  for  estimating  forces  and  moments  on  ducted-propeller 
configurations  require  knowledge  of  only  the  total  internal  axial  thrust  rather  than 
the  thrust  due  to  the  propeller  and  to  the  duct  at  angle  of  attack.  However,  the 
fundamental  phenomenon  of  ducted-propeller  aerodynamics  may  be  clarified  somewhat  by 
an  analysis  of  the  division  of  loads  between  the  duct  and  the  propeller. 

The  results  of  an  investigation  of  the  division  of  the  forces  and  moments  between  a 
duct  and  a propeller  of  a ducted  propeller  are  reported  in  reference  6.  The  investi- 
gation covered  an  angle -of -attack  range  and  an  advance-ratio  range  typical  of  the 
transition  of  a tilt-duct  VTOL  aircraft. 

Figures  9-3 -1 -10a and  9-3-l-10b,  reproduced  from  reference  6,  present  a comparison 
of  the  normal  force,  thrust  force,  and  pitching  moment  on  the  propeller  with  the 
total  model  forces  and  moments,  for  an  unstalled  and  a stalled  duct,  respectively. 

The  unstalled  configuration  is  the  basic  symmetrical  duct  shape  modified  by  the 
addition  of  leading-edge  fairings.  These  results  show  that  the  normal  force  and 
pitching  moment  acting  on  the  propeller  and  spinner  are  relatively  small  in  compari- 
son with  the  total  normal  force  and  pitching  moment  of  either  the  stalled  or  unstalle 
unit  and  that  the  duct  is  the  primary  source  of  normal  force  and  pitching  moment. 

Figure  9-3-1-12,  reproduced  from  reference  6,  presents  the  variation  of  propeller 
thrust  relative  to  total  thrust  with  angle  of  attack  for  both  the  unstalled  and  the 
stalled  duct  configurations.  In  hovering  (v/ndp  * 0),  the  propeller  carries  approxi- 
mately ko  percent  of  the  total  thrust.  At  the  highest  value  of  the  advance  ratio 
tested,  the  propeller  carries  approximately  70  percent  of  the  total  thrust  when  a 
is  near  0°.  For  the  unstalled  operation,  the  propeller  thrust  ratio  generally 
decreases  with  increasing  angle  of  attack  at  a constant  advance  ratio.  Beyond  the 
stall  the  propeller  thrust  ratio  increases  with  increasing  angle  of  attack  at  a con- 
stant advance  ratio.  The  increase  can  be  attributed  to  the  reduction  in  duct  thrust 
caused  by  the  lip  stall. 
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Unpowered  conditions  correspond  to  « duct  exit-velocity  ratio  of  approximately  1.0. 

The  exact  valu?  depends  on  the  circulation  ab.ut  the  duct.  Annular  wing  reports 
such  as  reference  2,  may  be  used  to  estimate  the  forces  and  moments  on  an  unpovered 
ducted  propeller  at  angle  of  attack. 

Tor  convenience,  the  methods  presented  In  subsequent  Sections  provide  wind-axis  aero- 
dynamic force  coefficients:  conventional  lift  and  drag  coefficients  normal  and  parallel 
to  the  free  stream.  The  aerodynamic  force  and  moment  coefficients  are  referred  to 
free-stream  dynamic  pressure. 


Ducted  propeller  forces  and  moments  are  compared  with  those  predicted  by  the  Dateom 
methods  in  this  and  the  following  Sections.  The  experimental  data  represent  a wide 
variation  of  duct  and  propeller  variables  over  angle-of-attack  and  advance-ratio 
ranges  typical  of  the  transition  range  of  a tilting  duet  VTOL  aircraft.  Experimental 
axial -thrust  values  have  been  used  in  the  Dateom  method  calculations.  A comparison 
or  some  of  the  pertinent  geometric  and  aerodynamic  parameter  variations  of  the  test 
configurations  can  he  made  by  referring  to  the  reference  list  of  this  Section  and  the 
reference  list  and  table  9-3-A  of  Section  9.3.  The  Dateom  methods  are  based  on  modi- 
fications to  simple  momentum  theory  and  do  not  account  for  the  possible  wide  variation 
in  design  parameters. 


ThC  P™*ict*d  by  the  Dateom  method  of  this  Section  compares  favorably  with  test 
results  throughout  the  range  of  the  investigation.  On  the  other  hand,  the  pitching 
moment  aijd  drag  predicted  by  the  Dateom  methods  of  Sections  9.3.2  and  9.3.3 
respectively,  vary  noticeably  from  experimental  results.' 

The  method  presented  in  this  Section  for  the  estimation  of  the  lift  of  a ducted 
propeller  is  expressed  as  the  sum  of  the  lift  components  resulting  from  the  internal 
and  external  mass  flows.  The  internal -mass-flow  component  is  estimated  on  the  basis 
of  simple  momentum  theory  with  empirical  flow-turning  corrections  as  a function  of 
the  duct  »»P*ct  ratio  and  the  duct  exit-velocity  ratio.  The  external -mass -flow 
component  is  estimated  on  the  basis  of  empirical  modifications  of  the  data  of 
references  1 and  2. 


DATCOM  METHOD 

The  method  presented  for  the  estimation  of  ducted-propeller  lift  coefficient  is 
expressed  as  the  sum  of  the  components  resulting  from  the  internal  and  external 
mass  flows.  This  approach  is  summarised  by 
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where 
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’the  lift  coefficient  resulting  from  the  internal  mass  flow 


is  the  lift  coefficient  resulting  from  the  external  mass  flow.  It  is 
e obtained  from  figure  9. 3. 1-13  as  a function  of  duct  aspect  ratio  and  angle 
of  attack.  Figure  9-3.1-13  is  based  on  empirical  modifications  of  the 
data  of  references  1 and  2. 

is  the  net  turning  angle  of  the  internal  flow  including  power  effects. 

The  basic  approach  to  the  solution  of  equation  9*3>l-a  is  m follows: 

1.  Determine  the  turning  angle  of  the  internal  flow  neglecting  the 
effects  of  power. 

2.  Determine  the  exit-velocity  ratio  Vg/V^ . 

3.  Determine  the  net  turning  angle  of  the  internal  flow  including  power  effects. 

4.  Evaluate  the  internal-flow  lift  contribution  using  the  terms  obtained  in 
steps  2 and  3 above. 

The  results  of  reference  2 indicate  that  the  lift-curve  slope  of  annular  wings  is 
twice  that  of  plane  unswept  wings  of  the  sane  aspect  ratio.  Based  on  simple  momentum 
theory,  the  usual  small-angle  approximation,  and  the  assumption  of  no  lip  separation, 
the  turning  angle  of  the  internal  flow,  neglecting  power  effects,  is 


The  unpowered,  internal-flow  turning  angle  relative  to  duct  angle  of  attack  is 
presented  in  figure  9.3.1-14  as  a function  of  duct  aspect  ratio.  Figure  9*3. 1-14 
is  based  on  the  unstalled  test  data  of  reference  2 and  equation  9*3 .1-b. 

Addition  of  power  causes  further  turning  of  the  internal  flow.  This  turning  occurs 
forward  of  the  propeller  plane  because  of  the  closed  boundaries  of  the  duct.  The 
flow  is  assumed  to  pass  through  the  duct  normal  to  the  propeller  plane,  and  the  total 
velocity  increase  imparted  to  the  internal  flow  (V^)  is  assumed  to  be  the  difference 
between  the  duct  exit  velocity  and  the  free-stream  velocity.  This  results  in  the 
following  expression  for  the  net  turning  angle  of  the  internal  flow,  including  power 
effects  (see  figure  9.3-llb). 
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The  total  lift  contribution  of  a ducted  propeller  is  obtained  from  the  procedure 
outlined  in  the  following  steps: 

Step  1.  Determine  the  turning  angle  of  the  internal  flow,  neglecting  power 
effects,  by 
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where  £ is  obtained  from  figure  9.3.1-lV  as  a function  of  duct 

aspect  ratio. 


Step  2.  Determine  the  exit-velocity  ratio  — using 
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where 


is  the  flow  area  at  the  duct  exit  plane 


is  the  total  internal  axial  thrust  (qcjj  = 0),  obtained  as  the  sum  of  the 
net  axial  thrust  Tnet  and  the  external  duct  drag. 


®i  * ^net  + ®De  9<oSjj  >.3.1-f 

Estimation  of  the  net  axial  thrust  is  a ducted-propeller  performance  problem 
and  is  consequently  outside  the  scope  of  the  Datcom.  A propulsion  engineer 
should  be  consulted  for  this  parameter. 

The  external  duct  drag  CD  is  obtained  from  figure  9- 3- 3-^  at  aD  « 0°, 
where  Cft  - -CF  "e 

e Ve 

Step  3>  Using  equation  9-3.1-c,  obtain  with  the  8j_  and  y~  values 

from  Steps  1 and  2 above. 

Step  4.  Determine  the  internal -mass-flow  lift-coefficient  contribution  by 

Step  5.  Obtain  the  lift  coefficient  from  figure  9.3,1-13  as  a function  of 

the  duct  aspect  ratio  and  angle  of  attack. 

Step  6.  The  total  lift  coefficient  is  given  by  equation  9.3-1-a 


CL  “ CLi  + °Le 

A comparison  of  test  data  with  due ted -propeller  lift  coefficients  computed  by  this 
method  is  shown  in  Table  9.3.I-A. 
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Sample  Problem 


Given:  The  ducted  propeller  configuration  of  reference  1 
de  « 4.525  ft  - 1.208  ft  e ■ 2.75  ft  Sd  - 12.45  sq  ft 

Additional  Characteristics 

v®«  93.5  ft/sec  Op  • 30°  Tnet  - 635  lb  Sea  level  q®  • 10.4  lb/sq  ft 
Compute: 

Step  1.  Determine  the  turning  angle  of  the  internal  mass  flow  without  power  effects. 
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c 2.75 


1.645 
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« 0.030  (figure  9*3«l-l4) 
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(equation  9.3.1-d) 


• (30)(0.830) 

« 24.9  deg 

Step  2.  Determine  the  exit -velocity  ratio 

cDe  * * 0.022  (figure  9. 3. 3-4,  at  oD  - 0) 

Ti  * Tnet  + cDe  %x>  SD  (equation  9.3.1-f) 

- 635  ♦ (0.022)(10.4)(12.45) 

- 637.7  lb 

[-(^l 

- 16.10  (0.9295) 

■ 14.97  sq  ft 


1 -777 
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(equation  9<3.1-e) 
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TABLE  9.3. I-A 

DATA  SUMMARY  AND  SUBSTANTIATION 
DUCTED  PROPELLER  LIFT  COEFFICIENT 


2.75  ft 
4.525  ft 

1.645 
1.208  ft 


CL  $ 
Test  Error 


.8 

-.6 

-14.2 

-12.2 

-3-3 

-7.3 

-21.3 

-11.6 

-14.6 

-8.2 

-24.2 


c - 0.58  ft 
d.  - 1.246  ft 
Aj,  - 2.15 
• 0.348  ft 


•Test  results  Include  wing-duet  interference  effects. 
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TABLE  9.3. 1-A  (CONTO) 


Average  error  • 


7. 1^ 
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FIGURE  9.3.1-13  EXTERNAL  M'SS  FLOW  LIFT  COEFFICIENT 
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9.3.2  DUCTED-PROPELLER  PITCHING-MOMENT  VARIATION 
WITH  POWER  .AN!)  ANGLE  OP  AIT ACK 


This  Section  presents  a method  for  estimating  ducted-propeller  pitching  moments 
as  functions  of  power  and  angle  of  attack.  The  basic  discussion  in  Section  9*3*1 
is  directly  applicable  to  this  Section,  and  the  reader  is  referred  to  that  discussion 
for  a general  description  of  the  fundamental  phenomenon. 

DATCOM  METHOD 

The  method  presented  for  estimating  ducted-propeller  pitching  moments  is  based 
on  ring  vortex  and  simple  momentum  theories  with  empirical  modifications. 

The  pitching  moment  consists  of  three  component  parts: 

(1)  A circulation-induced  moment  which  in  effect  causes  a shift 
in  axial  duct  forces  (essentially  a shift  in  thrust  axis.) 

(2)  A moment  due  to  tlje  lift  component 

(3)  A moment  due  to  the  negative  drag  component 

The  circulation- Induced  moment  is  always  positive  (nose-up)  and  Increases  with 
increasing  power.  The  last  two  components  also  increase  in  magnitude  with  power 
but  may  be  positive  or  negative  depending  upon  the  location  of  the  ducted- propeller 
center  of  pressure.  This  method  assumes  the  eenter-of-pressure  location  to  be 
independent  of  power  and  angle  of  attack  and  to  be  on  the  duet  axis  at  the  unstalled 
center-of -pressure  location  of  the  undlffused  annular  wings  of  reference  2. 

The  pitching-moment  contribution  of  a ducted- propeller  configuration, based  on  the 
duct  plan  form  area  and  duct  chord  and  referred  to  an  arbitrary  moment  center,  is 
given  by 

°a  - - cos  sin  Od  + |(CL  cos  op  - Cyx  sin  00  j 9- 3- 2 -a 

where  the  first  term  on  the  right-hand  side  is  the  circulation-induced  moment  as 
derived  by  Sacks  in  reference  1,  modified  by  tbe  empirical  relation  for  the  net 
turning  angle  of  the  internal  flow,  discussed  in  Section  9. 3.1.  Tbe  last  two  terms 
are  tbe  components  due  to  lift  and  drag. 


Is  the  exit-velocity  ratio,  obtained  from  equation  9.3.1-e 

is  the  internal-flow  turning  angle,  including  tbe  effects  of  power, 
obtained  from  equation  9.3.1-c 

is  tbe  total  lift  coefficient  of  tbe  ducted  propeller,  obtained  from 
Section  9.3.I 

is  tbe  total  negative  drag  coefficient  of  the  ducted  propeller,  obtained 
from  Section  9.3.3 


V. 

voo 

*lf 

Cl 

<*x 
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**  / V ^ V 

— * (~ S£).  the  chordwlse  distance,  in  duct  chords,  from  the  reference  center. 

c ' c c ’ 

to  the  unstalled  duct  center  of  pressure,  positive  for  the  center  of  pressure 
ahead  of  the  reference  center 


— • is  the  chordwlse  distance,  in  duct  chords,  from  the  duct  leading  edge  to  the 
reference  center,  positive  aft  of  the  duct  leading  edge 

S£.  is  the  chordwlse  distance,  in  duct  chords,  from  the  duct  leading  edge  to  the 
c center  of  pressure  of  the  unstalled  duct,  positive  aft  of  the  duct  leading  edge. 
It  i ..otained  as  a function  of  duct,  aspect  ratio  from  figure  9. 3. 2-6. 

A comparison  of  test  data  with  ducted  propeller  pitching-moment  coefficients  computed 
by  this  method  is  shown  in  table  9.3.2-A. 

Because  of  the  number  of  variables  involved  in  the  ducted  propeller  problem  and  the 
design  parameters  not  considered  in  the  Datcora  method,  the  comparison  between  theory 
and  experiment  cannot  be  analyzed  by  examining  the  Isolated  effect  of  one  variable. 
Howe’er,  it  is  felt  that  one  important  factor  pertaining  to  the  test  conditions  of 
the  available  data,  namely  scale  effect,  should  be  considered  before  assessing  the 
accuracy  of  this  method.  The  data  presented  in  reference  1 of  table  9.3.2-A  are  the 
only  available  test  results  of  a large-scale  ducted  propeller  in  the  non-axial  flow 
regime.  Although  experimental  data  on  similar  models  of  different  scale  are  needed 
for  the  proper  evaluation  of  the  scale  effect,  it  is  felt  that  the  low  Reynolds  numbers 
of  small  scale  tests  will  appreciably  affect  the  stalling  characteristics  of  the  duct. 
Therefore,  comparison  of  calculated  and  large-scale  experimental  results  of  reference  1 
in  table  0.3.2-A  is  more  indicative  of  the  accuracy  of  the  method  than  comparison  with 
the  other  reference  data. 


Sompl*  Prt>blum 

Given:  Same  ducted  propeller  configuration  as  sample  problem  of  Section  9. 3.1.  Some 
of  the  characteristics  are  repeated  below. 

de  « 4.525  ft  dCB  = l.pop,  ft.  c - 2.75  ft 

Ajq  » 1.645  Sp  « 12.45  sq  ft 

Additional  Characteristics 
- 93.5  ft /sec 
Moment  reference  cent« 

Compute; 

Ve 

V~  * 2*02 

<x> 

6if  - 27.45° 

CL  * Cl*  + CLe  " 5.22 


aD  - 30 
sr  at  0.49c 


Sea  level 

■ 10.4  lb/sq  ft 


(sample  problem  Section  9.3.1) 


8.3.  a-z 


Cp  ■ '..1.55  (sample  problem  Section  9 00) 

-■p  * 0.266  (figure  9. 3. 2-6) 

x.  xcp 

c e " c 

- (0.1*9  - 0.266) 

- 0.224 
Solution: 

CB  » "cos  ®if^  B*,n  ®D  + c (®I*  eo*  °D  " ®FX  <2d)  («9uati°n  9»3«2-a) 

■ (2.02  - 0.8874) (0.50)  ♦ 0.224  [ (5.22)(0.866)  - (3 -455) (0 . 50) ] 

- (2. 58) (1.1326) (0.50)  ♦ 0.224  (2.792) 

- 2.085 

This  corresponds  to  an  experimental  value  of  1.899  obtained  from  reference  1. 
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9.3.3  DUCTED-PROPELLER  DRAG  VARIATION 
WITH  POWER  AND  ANGLE  OF  ATTACK 


lhis  Section  presents  a method  for  estimating  ducted-propeller  drag  as  a function 
of  power  and  angle  of  attack,  lhe  basic  discussion  in  Section  9*3*1  is  directly 
applicable  to  this  Section,  and  the  reader  is  referred  to  that  discussion  for  a 
general  description  of  the  fundamental  phenomenon. 

DAT COM  METHOD 

Hie  method  presented  for  estimating  ducted-propeller  drag  is  expressed  as  the  sum 
of  the  components  resulting  from  the  internal  and  external  mass  flows.  Hie  theoretical 
basis  of  this  method  is  the  same  as  that  of  the  Datcom  lift-estimation  method  of 
Section  9.3*1* 

Hie  negative  drag  coefficient  of  a ducted  propeller  is  given  by 


where  the  first  term  on  the  right-hand  side  is  due  to  internal  flow  and  is  estimated 
on  the  basis  of  simple  momentum  theory  modified  by  the  empirical  relation  for  the  net 
Interoal'flow  turning  angle,  discussed  in  Section  9*3*1* 

vc  is  the  exit-velocity  ratio,  obtained  from  equation  9.3*l-e 

V® 

is  the  net  turning  angle  of  the  internal  flow,  obtained  from 
equation  9*3*l-c 

Cfy.  Is  the  external  negative  drag  coefficient , resulting  from  the  external 
^ flow,  obtained  from  figure  9.3-3-^  as  a function  of  duct  aspect  ratio  and 
angle  of  attack.  Figure  9* 3 *3- 4 is  based  on  empirical  modifications  of 
the  data  of  references  1 and  2, 

A comparison  of  test  data  with  ducted-propeller  drag  coefficients  computed  by  this 
method  is  shown  in  table  9*3*3-A.  Hie  measurement  of  drag  involves  the  difference 
between  the  components  of  the  thrust  force  and  the  normal  force  and  is  inherently 
less  accurate  than  the  measurenieat  of  the  lift  force.  At  a tunnel  velocity  near 
that  for  steady  level  flight  (Cyx  *0),  slight  errors  in  drag  measurement  can  result 
in  test  values  with  an  opposite  sign  than  that  predicted  by  theory;  and  percent 
error  becomes  incalculable,  although  the  actual  magnitude  of  the  difference  may  be 
less  than  that  for  lift.  Consequently,  a comparison  of  theory  and  experiment  in 
this  area  may  be  misleading  when  presented  in  terms  of  percent  error.  Therefore,  a 
summary  of  the  results  presented  in  table  9*3*3-A  is  presented  as  a weighted  error. 


Sample  Problem 

Given:  Same  ducted-propeller  configuration  as  sample  problem  of  Section  9*3*1* 
Some  of  the  characteristics  are  repeated  below. 


de  * 4.525  ft 
Ad  - 1*645 


dCB  = 1.208  ft  c * 2.75  ft 

Sp  * 12.45  sq  ft 


9.3.3- 1 


Additional  Characteristics 


Coapute: 


(sample  problem  Section  9*3*1) 


Vod  - 93*5  ft/ sec 
■ 30° 

v~  - 2.02 

voo 

&if  - 27.45° 

I*  •(«)']■ 

Cf  - -0.395  (figure  9-3. 3-4) 
*e 


Sea  level 

Om-  10  ' lb/sq  ft 


0.9295 


Solutions 


°rxmir[ ‘^f  - ^Xe  (wtiM  9.3.3-a) 


- (0.9295)  [ (2. 02)^(0.8674) -(2 .02)  j + (-0.395) 

- (2.41)(1.60)  -0.395 

- (3.455) 

Ti:. . : ■orresponds  to  an  experimental  value  of  3*785  obtained  from  reference  1. 
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TABLE  9.3.3-A* 

DATA  SUMMARY  AND  SUBSTANTIATION 
DUCTED-PROPELLER  DRAG  COEFFICIENT 


Refb 

«D 

deg 

■ 

B 

<** 

Calc 

1 

e 

* 

Error 

°D 

deg 

■ 

I 

1 

Calc 

m 

e 

* 

Error 

c 

1 

15 

0.62 

1.21 

0.38 

0.40 

-5.0 

n 

60 

0.40 

2.80 

1.98 

1.02 

94.1 

0.48 

1.52 

1.6l 

1.70 

-5-3 

■ 

E m 

0.20 

5-59 

5.89 

2.40 

1*5.4 

0 

0.62 

1.21 

-0.135 

0.10 

- 

■ 

If 

0.30 

3.72 

0.435 

-0.63 

- 

0.48 

1.52 

0.915 

1.30 

-29.6 

0.40 

2.80 

-1.205 

-2.22 

-45.7 

0.35 

2.02 

3.46 

3.80 

-9.1 

TM 

0.20 

5.57 

-6.22 

-12. 3* 

-49.6 

0.28 

2. *9 

6.79 

7.50 

-10.6 

1 

■ 

II 

0.30 

3.72 

-4.82 

-7.91 

-29.I 

*5 

0.48 

1.52 

-0.01 

0.20 

w 

■■ 

0.40 

2.80 

-4.08 

-6.35 

-3WL 

0.35 

2.02 

1.91 

2.10 

-9.0 

5 

20 

0.39 

2.26 

7.79 

6.70 

0.28 

2.*9 

4.49 

5.30 

-15.3 

I 

0.292 

2.86 

15.17 

13.50 

12.4 

0.22 

3-13 

9.22 

11.20 

-17.7 

1 

0.25 

3.25 

20.76 

19.09 

8.7 

60 

0.42 

1.70 

-0.724 

-0.50 

44.8 

30 

0.39 

2.26 

6.69 

4.66 

43.6 

0.28 

2.49 

1.69 

1.40 

20.7 

j 

0.292 

2.86 

13.19 

10.80 

22.1 

3-13 

4.75 

5.90 

-19.5 

1 

0.25 

3.25 

18.53 

15.30 

21.1 

0.17 

4.03 

10.72 

10.40 

3.1 

20 

0.39 

2.37 

8.20 

5-87 

39.7 

7 

5 

0-35 

2.02 

-1.90 

-2.40 

-20.8 

1 

0.292 

2.96 

15.01 

12.10 

24.0 

r 

0.22 

3.13 

-0.237 

-0.60 

-60.5 

1 

0.25 

3-33 

20.23 

16.94 

19-4 



90 

0.22 

-4. 60 

dS3 

30 

0.39 

2.37 

7.05 

4.38 

61.0 

- 

30 

0.35 

3.18 

12.70 

10.90 

16.5 

0.292 

2.96 

13.25 

9-73 

36.2 

0.50 

3.85 

20.60 

16.90 

21.9 

1 

0.25  . 

3.33 

18.02 

13-73 

31.2 

2.11 

3.80 

2.69 

41.3 

4o 

0.39 

2.37 

5.58 

2.70 

106.7 

k 

« 

0 

0.35 

3-93 

17.33 

17-39 

-0.3 

I 

0.242 

2.96 

IO.96 

7-03 

55.9 

0.50 

2.80 

7.18 

6.94 

3.5 

1 

15.11 

8.66 

0.70 

1-99 

2.42 

2.63 

-8.0 

10 

0.595 

1.39 

1.19 

-1.2 

4 

p 

0.25 

5-55 

30.2 

28.65 

5.4 

15 

1.05 

1.126 

-6.7 

0-35 

3-93 

12.50 

2.9 

20 

O.87 

1.00 

-13.0 

0.50 

2.80 

4.84 

4.58 

5.7 

30 

0.43 

0.704 

39.8 

0.20 

5.59 

19.H 

18.36 

4.2 

40 

-0.90 

0.188 

L_ 

0.30 

3.72 

6.04 

5.19 

16.4 

45 

-0.37 

-0.303 

18.2 

Weighted  error 


a Refer  to  Table  9.3 .1-A  for  additional  characteristics 
b These  references  ere  found  In  Section  9*3.1 
c Test  results  contain  sing-duct  interference  effects 
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